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PREFACE 


The  first  USAF  Symposium  on  Fatigue  of  Aircraft  Structures,  sponsored 
by  the  Air  Research  and  Development  Command,  was  held  under  the  auspices  of 
the  Wright  Air  Development  Center  in  Dayton,  Ohiojll  -  13  August  1959.  The 
purpose  of  the  symposium  was  to  emphasize  the  importance  of  structural  fatigue 
in  current  aircraft  and  future  aerospace  vehicles  to  management  and  technical 
personnel  of  the  airlines,  airframe  and  metal  industries,  universities,  non¬ 
profit  institutions,  and  Government  agencies. 

The  proceedings  are  set  forth  in  this  report  in  the  same  order  of  presenta¬ 
tion  followed  during  the  course  of  the  symposium.  They  consist  of  twelve 
addresses  by  outstanding  men  in  the  field  of  technical  management  and  thirty-five 
technical  papers  by  well-known  experts  in  the  engineering  and  research  areas. 

The  latter  are  grouped  by  subject  into  five  basic  categories.  The  affiliation  of 
the  speaker  with  his  organization  is  given  in  the  head  of  each  paper.  Postal 
addresses  of  speakers,  authors,  and  session  chairmen  may  be  found  in  the  back 
of  this  report. 

Open  forum  discussions  were  held  following  each  session.  Session 
chairmen  and  speakers  answered  both  written  and  oral  questions  originating 
from  the  floor.  The  forum  discussions  and  impromptu  questions  and  answers 
were  recorded  by  a  court  stenographer  and  are  included  at  the  end  of  each 
session.  They  were  edited  by  the  Technical  Editing  Committee  only  to  the  extent 
necessary  to  present  the  material  in  a  clear  and  concise  form. 

During  the  course  of  the  symposium  it  was  announced,  that  the  proceedings 
would  be  published  within  thirty  to  sixty  days.  This  short  period  allowed  no  time 
for  individuals  concerned  to  proofread  the  final  copy  pf  speeches,  impromptu 
questions  and  answers  and  forum  discussions.  Every  effort  has  been  made  to  'A 
keep  errors  and  omissions  to  a  minimum  and  still  allow  publishing  within  the 
specified  time  period.  If  serious  errors  or  omissions  are  noted,  they  should  be 
brought  to  the  attention  of  Mr.  A.  E.  Muhlhauser,  Wright  Air  Development 
Center,  WCLSym,  Wright-Patter son  Air  Force  Base,  Ohio,  by  1  November  1959. 
Necessary  errata  sheets  will  be  prepared  and  distributed. 

The  success  of  the  symposium  is  primarily  due  to  the  fine  contributions 
of  the  speakers,  session  chairmen,  and  authors  of  technical  paper s.  The 
Symposium  Committees  gratefully  acknowledge  these  contributions  and  express 
their  appreciation.  The  Symposium  Technical  Committee  likewise  expresses  its 
appreciation  to  the  fatigue  specialists  of  the  Aeronautical  Research,  Materials, 
and  Aircraft  Laboratories  for  their  invaluable  assistance  in  selecting  speakers 
and  technical  papers,  and  for  the  work  leading  to  the  successful  Symposium -Tour 
of  typical  Wright  Air  Development  Center  facilities. 


[N  P.  TAYtfOJ 
Lionel,  USi 
Symposium  Deputy  Chairman 
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Abstract 


.0-  Symposium  Proceedings  on  Fatigue  of  Aircraft  Structures  are  presented 
in  this  report.  The  General  Session  speeches  point  out  the  impact  of  fatigue  on 
Air  Force  operations  and  present  in  detail  the  aircraft  and  personnel  losses  and 
related  costs  due  to  fatigue  failures;  the  resulting  supply,  maintenance  and  logistic 
difficulties  associated  with  fatigue  problems  ;  the  effects  of  fatigue  on  the  retalia¬ 
tory  potential  of  the  military  commands;  and  the  philosophies  and  approaches  of 
the  military,  government  agencies  and  trade  associations  toward  solving  the 
fatigue  problem*!"^ 

0-  papers  of  the  technical  sessions  present  the  detailed  aspects  of  the 
fatigue  pictureV(The  seven  papers  of  the  first  session  deal  with  the  analytical 
approach  to  the  fatigue  problem  discussing  all  phases  of  analysis  from  statistical 
aspects  of  a  load  spectrum  to  stress  concentration  factors.  The  nine  papers  of 
Session  IJ-A  center  about  the  problems  of  recognizing,  measuring,  and  analyzing 
the  aircraft  loadings  which  produce  critical  fatigue  damage.  Papers  of  Session  II-B 
delve  into  the  material  aspects  of  fatigue,  covering  such  topics  as  the  proper  selec¬ 
tion  of  materials  for  fatigue  resistance,  the  importance  of  process  control,  high 
temperature  considerations,  and  progressive  damage  theories.  Session  III  papers 
expand  on  criteria  to  be  used  in  the  design  of  air  and  space  vehicle  and  research 
objectives.  The  problems  associated  with  simulation  of  fatigue  load  conditions  in 
the  laboratory  are  discussed  in  the  papers  of  Session  IV.  Some  of  the  problems 
included  are:  complete  vehicle  testing,  sonic  fatigue  testing,  fail  safe  test  methods, 
elevated  temperature  testing  and  equivalent  test  spectrums. 


The  six  forum  discussions,  impromptu. questions  and  answers  and  a  general 
summary  on  the  results  of  a  questionnaire  are  also  presented  in  the  Proceedings. 
The  summary  explains  the  use  of  the  questionnaire,  its  background,  purpose  and 
results. 


Publication  Review 

The  publication  of  this  report  does  not  constitute  approval  by  the  Air  Force 
of  the  findings  or  conclusion?  contained  herein.  It  is  published  only  for  the  exchange 
and  stimulation  of  ideas. 

FOR  THE  COMMANDER: 


TTaRV^Y  P.  HU^LIN 
Colonel,  USAF 
Deputy  Commander 
for  Development 
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INTRODUCTION  TO  FATIGUE  OF  AIRCRAFT  STRUCTURES  SYMPOSIUM. 


General  Curtis  E.  LeMay,  Air  Force  Vice  Chief  of  Staff  stated,  on  November  19, 

1958,  "The  successful  accomplishment  of  this  program  (the  Aircraft  Structural  Integrity 
Program)  is  vital  to  the  assigned  mission  of  the  Air  Force  and  requires  the  complete  and 
active  support  and  cooperation  of  all  Staff  and  Command  levels.  The  total  aircraft  struc¬ 
tural  integrity  program  encompasses  all  first  line  aircraft  and  therefore,  warrants  support 
at  a  priority  level  higher  than  that  established  for  any  other  aircraft  involved, "  Publica¬ 
tion  of  this  statement  was  the  result  of  a  concerted  six  months  assault  on  the  fatigue  problem 
and  cleared  the  field  for  an  all-out  Air  Force  wide  attack  on  the  problem  of  metal  fatigue. 

The  opening  assault  was  generated  earlier  by  General  Thomas  S.  Power,  Commander- 
in-Chief,  Strategic  Air  Command,  in  April  1958  when  he  stated,  "I  believe  it  absolutely 
essential  that  we  learn  what  we  bought,  in  terms  of  service  life,  in  the  B-47  and  B-52  and 
what  we  will  buy  in  the  B-58  and  B-70. "  An  immediate  check  by  the  Air  Research  and 
Development  Command  with  the  manufacturers  of  these  aircraft  types  indicated  that  fleet 
service  life  estimates  made  within  a  period  of  six  months  varied  by  as  much  as  100  percent. 
In  other  words,  the  state  of  the  art  did  not  permit  accurate  aircraft  service  life  estimates 
at  that  time. 

Serious  structural  fatigue  incidents  in  high  performance  aircraft  had  been  occurring 
for  more  than  a  decade.  The  Martin  202  in  1948,  the  F-89  and  B-36  in  1952,  the  F-84  in 
1953,  the  Comet  in  1954,  the  F-86  in  1955,  and  the  F-101  in  1958  are  typical  examples. 

Quick  action  in  the  form  of  expedited  investigation  and  retrofit  programs  usually  sufficed 
to  correct  the  situation  in  each  type  of  aircraft.  Then,  just  as  it  began  to  appear  that  the 
situation  was  under  control  and  that  a  degree  of  compatibility  had  been  reached  between 
aircraft  structural  dependability  and  metal  fatigue,  the  problem  was  again  brought  into 
sharp  focus.  This  time  the  critical  factor  was  a  series  of  catastrophic  fatigue  failures  in 
the  B-47  fleet  early  in  1958. 

Because  of  the  urgent  necessity  for  an  operational  B-47  fleet  in  national  defense 
planning,  an  accelerated  B-47  rehabilitation  program  was  instituted  immediately  by  the 
Air  Materiel  Command.  As  a  result  of  a  series  of  full  scale  cyclic -fatigue  tests,  addi¬ 
tional  retrofixes  were  designed  and  installed  and  an  estimated  service  life  for  the  B-47 
fleet  as  a  whole  was  established.  Through  the  extensive  cooperation  of  all  interested 
organizations,  the  B-47  fatigue  situation  appears  to  be  under  control  at  this  time. 

General  LeMay' s  remarks,  quoted  earlier,  have  resulted  in  increased  support  of 
the  Air  Force  wide  multi-million  dollar  effort  already  under  way.  The  Air  Research  and 
Development  Command  _nd  the  Air  Materiel  Command  in  particular  have  drawn  all  elements 
of  this  effort  into  one  major  program  and  published  a  suitable  document  entitled  "ARDC/ 
AMC  Program  Requirements  for  the  Structural  Integrity  Program  for  High  Performance 
Aircraft. "  This  document  has  received  not  only  the  approval  of  the  Commanders  of  the  two 
Commands  but  also  of  the  Vice  Chief  of  Staff,  USAF. 
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In  general  the  joint  program  comprised  a  series  of  inter-related  steps  which  broadly 
accomplishes  the  following  objectives: 

1*.  Improved  understanding  of  typical  operational  environments  on  high  performance 
aircraft  structures, 

2.  Improved  analytical  and  test  methods  for  predicting  fatigue  life  of  materials  and 
service  life  of  airframe  structures, 

3.  Improved  structural  fatigue  criteria  reflecting  extensive  theoretical,  laboratory, 
and  field  experimentation  to  include  temperature  and  sonic  effects. 

In  support  of  this  laboratory,  flight,  and  analytical  effort,  an  initial  basic  research 
program  was  deemed  necessary  to  get  at  the  fundamental  nature  of  the  fatigue  mechanism 
in  vehicle  structure.  In  order  that  such  a  program  have  maximum  flexibility  to  provide 
greater  insight  into  the  fundamental  causes  of  the  fatigue  phenomena,  it  was  suggested  that 
the  next  logical  step  would  be  the  mobilization  of  national  effort  in  this  area. 

To  accomplish  this  goal  and  to  expedite  efforts  leading  to  structural  fatigue  preven¬ 
tion,  a  Symposium  on  Fatigue  of  Aircraft  Structures  was  planned  for  11-13  August  1959, 
in  Dayton,  Ohio,  of  interested  industrial,  educational,  research,  and  Government  repre¬ 
sentatives,  for  the  purpose  of  accomplishing  the  following  specific  objectives: 

« 

1.  To  acquaint  interested  agencies  with  the  current  aircraft  structural  fatigue 
problem, 

2.  To  promote  increased  interest  in  the  technological  field  of  structural  fatigue 
prevention, 

3.  To  stimulate  thinking  on  potential  fatigue  problems  of  future  aero-space  vehicles, 

4.  To  foster  exchange  of  technical  information  between  experts  in  specific  critical 
areas  of  fatigue, 

5.  To  encourage  coordination  of  related  technical  efforts  by  interested  groups  in 
the  national  and  international  scientific  engineering  community. 

Just  how  long  it  will'  take  to  solve  the  fatigue  problem  depends  to  a  large  extent  on 
the  degree  to  which  the  symposium  attendees  are  able  to  accomplish  the  indicated  objectives. 
Judging  from  the  enthusiasm  indicated  by  the  number  and  the  reaction  of  the  attendees,  this 
symposium  represents  a  major  stride  in  the  right  direction. 


WADC  TR  59-507 


xi 


INTRODUCTORY  REMARKS 


BY 

COLONEL  HARVEY  P.  HUGLIN 

Deputy  Commander  for  Development 
Wright  Air  Development  Center 

As  of  now,  the  first  symposium  on  "Fatigue  of  Aircraft  Structures"  is  officially  open. 
I  am  your  chairman  for  this  meeting.  Before  proceeding  further,  I  would  like  to  intro¬ 
duce  some  WADC  people  who  do  not  appear  in  the  program.  These  persons  have  been 
very  instrumental  in  forwarding  the  WADC  part  of  the  Air  Force  program  to  determine 
a  solution  to  the  problem  of  preventing  fatigue  in  aircraft  structures. 

First,  I  would  like  to  introduce  Colonel  Fred  Ascani,  Director  of  Laboratories  at 
WADC.  Through  his  excellent  efforts,  this  program  was  planned  and  coordinated  with 
our  various  laboratories.  Next,  Colonel  Randall  Keator,  Chief  of  the  Aircraft  Labora¬ 
tory,  without  whose  support,  Colonel  John  Taylor  and  the  rest  of  us  could  never  have  set 
up  this  symposium  in  the  short  period  of  three  months.  Next,  Mr.  Hugh  Lippman,  Tech¬ 
nical  Director  of  the  Aircraft  Laboratory,  an  old  timer  at  WADC,  and  Mr.  Bill  Miller 
of  the  Aircraft  Laboratory  Structures  Branch;  both  of  these  gentlemen  are  well  known  to 
most  of  you  for  their  association  with  Air  Force  fatigue  problems.  These  men  acted  in 
an  advisory  capacity  on  formulating  this  symposium. 

Finally,  I  would  like  to  introduce  Colonel  Wes  Anderson,  our  new  Chief  of  the 
Materials  Laboratory,  and  Colonel  E.  C.  Mallary,  Chief  of  the  Aeronautical  Research 
Laboratory;  these  men  play  an  important  part  in  the  fatigue  picture  by  heading  the  labora¬ 
tories  also  deeply  involved  in  the  structural  fatigue  problem. 

Now,  gentlemen,  without  further  ado,  I  give  you  Major  General  Stanley  T.  Wray, 
Commander  of  the  Wright  Air  Development  Center. 
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WELCOME  ADDRESS 


By 

Major  General  Stanley  T.  Wray,  Commander 
Wright  Air  Development  Center 

Most  of  you  will  remember  from  your  early  boyhood  a  poem  by  Oliver  Wendell  Holmes 
about  a  one  horse  shay: 

-"The  wonderful  one-hoss  shay 
Built  in  such  a  logical  way 
It  ran  100  years  to  the  day. " 

The  wheels  were  just  as  strong  as  the  spokes  and  the  spokes  were  just  as  strong  as  the 
yoke  and  the  sills  were  just  as  strong  as  the  yoke.  In  fact,  this  wonderful  contrivance  was 
built  to  last.  Its  design  was  such  that  one  hundred  years  to  the  day  the  old  one  horse  shay 
...  (At  this  point  General  Wray  collapsed  a  2/3  scale  model  of  the  one-hoss  shay  located 
on  the  speaker's  platform). 

Now  no  military  weapon  system  can  be  expected  to  last  "a  hundred  years  to  a  day, " 

-  but  the  basic  principle  of  having  sufficient  structural  integrity  built  into  all  of  its  parts 
to  permit  it  to  just  live  out  its  useful  operational  life  is  a  goal  that  I  think  all  of  us  must 
strive  to  achieve. 

It  is  on  this  note  that  I  welcome  you  to  our  first  Fatigue  Symposium. 

Out  latest  effort  in  connection  with  improving  structural  integrity  of  aircraft,  which 
has  been  intense,  results  from  the  series  of  fatal  crashes  which  occurred  early  in  1958. 
However,  the  roots  of  this  problem  go  so  deeply  into  the  basics  of  airpower  and  spacepower 
that  we  felt  it  mutually  valuable  to  survey  the  total  problem  with  you.  As  you  know,  within 
the  last  three  years  there  has  been  a  series  of  world-wide  technical  symposia  in  which 
various  technical  aspects  of  high  temperature,  fatigue,  and  materials  have  been  extensively 
discussed.  However,  to  my  knowledge,  this  is  the  first  time  that  a  group  such  as  this, 
composed  of  management  and  technical  experts,  has  assembled  from  the  academic  world 
and  from  interested  airlines,  airframe  manufacturers,  metal  companies,  and  various 
government  agencies  to  discuss  how  we  are  to  meet  the  total  challenge  of  these  fields  in 
relation  to  practical  flight  vehicles  of  the  future. 

The  prevention  of  catastrophic  failure  due  to  fatigue,  during  the  useful  life  span  of 
flight  vehicles,  is  a  goal  that  must  be  recognized  as  one  of  prime  importance  to  the  Air 
Force  mission.  As  an  arch  enemy  of  flight  safety  and  national  security,  the  fatigue  problem 
must  be  attacked  on  all  fronts,  from  the  basic  and  applied  research  areas  to  those  of  design, 
manufacturing,  maintenance,  inspection,  and  ultimately,  to  the  operational  utilization  of 
the  flight  vehicle. 

Our  national  effort  in  fatigue  has  lacked  unity  of  purpose  and  direction.  I  would  like 
to  emphasize  that  our  past  concepts  in  this  field  are  not  sacrosanct.  We  must  extend  our 


thinking  to  find  new  methods  of  approach  to  the  problem.  In  short,  gentlemen,  we  must 
figuratively  redesign  our  one-hoss  shay,  take  up  its  new  shafts  and  pull  together  in  the 
direction  of  our  goal,  seeking  out  and  crossing  new  frontiers,  as  necessary,  to  accomplish 
our  objective. 

At  the  end  of  today’s  session,-  Colonel  John  P.  Taylor  will  present  you  with  a 
questionnaire  which  will  give  each  of  you  an  opportunity  to  express  your  thoughts  on  what, 
needs  to  be  done  in  your  specialized  field  of  activity.  This  simple  questionnaire,  which 
will  not  take  much  of  your  time  to  complete,  will  be  collected  tomorrow  morning  at  the 
start  of  the  session.  These  questionnaires  will  be  studied  by  a  team  of  experts  from  this 
assembly  in  order  to  present  to  you,  prior  to  your  adjournment,  the  results  of  what  you 
think  should  be  done,  on  a  combined  basis,  for  resolving  the  structural  integrity  research 
problem. 

We  have  already  informally  discussed,  with  some  of  the  representatives  of  government 
agencies  present  here  and  with  the  representatives  of  Aerospace  Industries  Association  and 
Air  Transport  Association,  how  your  suggestions  can  best  be  used  so  that  each  sponsoring 
group  from  government,  industry,  and  the  academic  world  can  contribute  its  effort  to  the 
over-all  program.  In  giving  us  your  best  estimate  of  the  situation  in  your  own  technical 
speciality  you  will  provide  us  with  the  guidance  necessary  to  proceed  so  that  structural 
integrity  will  not  become  a  seriously  limiting  factor  in  the  future  design  of  flight  vehicle 
structure.  Should  you  wish  to  extend  your  comments  after  this  symposium  we  would  be 
glad  to  give  them  careful  consideration  and  share  them  with  the  other  agencies  that  are 
represented  here. 

Now,  we  must  recognize  that  the  solutions  to  the  structural  integrity  problems  we 
face  will  cost  us  much  time  and  energy,  particularly  in  the  fields  of  basic  and  applied 
research.  Further,  the  research  accomplished  will  be  vital  not  only  to  aircraft  but  also  to 
guided  missiles  and  aerospace  vehicles.  It  is  essential  therefore  that  the  fatigue  problem 
be  studied  and  resolved  on  a  wide  front  so  that  we  can  prevent  unnecessary  duplication  in 
effort. 

Today's  program  has  been  designed  to  review  the  philosophy,  policies  and  future 
planning  of  those  groups  most  directly  involved  in  the  fatigue  area.  I  am  particularly  pleased 
to  have  here  such  outstanding  speakers  from  the  management  and  technical  sides  of  the 
house.  I  would  like  to  exhort  these  people  to  speak  frankly.  Let's  have  discussion  that  is 
frank  and  easy,  but  let's  not  have  arguments -in  other  words,  let's  not  harass  the  speaker. 

Everybody  does  not  agree  that  there  is  a  fatigue  problem,  but  I  am  sure  in  my  own 
mind  that  there  is;  and  I  think  we're  going  to  have  some  very  strong  statements  made  on 
the  platform.  I  hope  that  you  will  take  them  as  being  objective  remarks.  Take  them  home 
with  you  and  think  about  them. 

Our  first  speaker  is  familiar  with  the  problems  of  fatigue  and  structural  integrity  in 
their  many  aspects.  He  learned  a  lot  of  this  when  he  was  here  at  Wright  Field  a  long  time 
ago,  and  even  more  in  his  recent  activities  as  Air  Force  Ballistic  Missile  expert.  His 
current  position  as  Commander,  Air  Research  and  Development  Command,  I  am  sure,  will 
make  him  acquainted  with  many  more  of  them.  I  have  the  honor  and  pleasure  of  presenting 
to  you,  Lieutenant  General  Bernard  A.  Schriever,  Commander  of  the  Air  Research  and 
Development  Command. 


3 


KEYNOTE  ADDRESS 


By 

Lieutenant  General  Bernard  A.  Schriever,  Commander 
Air  Research  and  Development  Command 

General  Wray,  Colonel  Taylor,  all  the  people  who  are  responsible  for  setting 
up  this  symposium,  and  the  guests  here  today,  I  am  glad  to  be  here.  I  would  like 
to  say  just  a  few  words  about  the  fatigue  problem  because  it  certainly  is,  in  my 
opinion,  a  very  vital  one  to  the  Air  Force  -  not  only  the  Air  Force,  but  I  think 
commercial  aviation  may  be  benefited  as  well  by  this  meeting. 

Structural  fatigue  in  aircraft  and  missiles  is  a  dull  subject  to  laymen,  but  the 
engineers,  scientists  and  technicians  who  deal  with  it  daily  realize  the  importance 
of  the  subject.  We  also  realize  that  we  must  solve  mc.ny  of  the  problems  associ¬ 
ated  with  aircraft  and  missile  fatigue,  if  we  are  to  maintain  a  posture  of  positive 
military  security. 

We  first  encountered  the  problem  in  a  big  way  in  the  B-47.  We  were  faced 
with  a  new  era  in  aircraft  design.  Here  was  the  backbone  of  the  Air  Force  retali¬ 
atory  power  growing  old  long  before  its  time.  All  the  usual  precautions  had  been 
taken  to  insure  a  dependable  weapons  system.  Yet,  the  airplane  fell  far  short  of 
its  expectations. 

Data  gathered  during  the  early  phase  of  the  airplane's  life  supported  theoret¬ 
ical  analyses  that  the  aircraft's  structure  was  adequate  for  its  intended  use.  How¬ 
ever,  when  the  plane's  mission  changed  for  the  purpose  of  maintaining  maximum, 
operational  flexibility,  structural  failures  followed.  In  all  fairness  to  the  design 
engineers,  I  must  mention  that  it  is  not  always  feasible  to  restrict  a  military  air¬ 
craft  to  design  use  only.  We  know  the  importance  of  new  low  altitude  missions 
which  come  along,  and  the  problem  of  loading  the  aircraft  for  longer  ranges.  It 
was  following  the  establishment  that  the  B-47's  failures  were  due  to  fatigue  that  a 
complete  fatigue  analysis  was  conducted.  Results  revealed  that  the  low  altitude 
maneuvers  -  low  altitude  missions  and  long  range  missions  had  aged  the  structure 
much  faster  than  had  been  anticipated.  Two  obvious  steps  then  had  to  be  taken  - 
first,  rehabilitate  the  B-47,  and  second,  insure  that  nothing  like  this  could  happen 
again. 

In  keeping  with  the  first  objective,  the  Air  Force  initiated  a  full-scale  labora¬ 
tory  test  program  on  the  B-47.  Three  specimens  were  tested  at  three  separate 
facilities.  As  a  result,  retrofixes  were  designed  and  installed  and  an  estimated 
service  life  was  established. 
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We  anticipate  that  the  installation  of  this  modification,  plus  a  specially- 
designed  inspection  procedure,  will  eliminate  the  serious  B-47  fatigue  problem. 
When  the  final  cost  is  tallied,  it  will  vividly  illustrate  the  advantage  of  foresight 
over  hindsight  as  an  approach  to  the  solution  of  fatigue  problems. 

In  this  regard,  we  are  pursuing  our  second  objective  in  which  we  inaugurated 
a  flight  load  survey  project  to  provide  comprehensive  information  about  gust 
environment  below  1,  000  feet.  The  information  thus  gathered  will  aid  materially 
in  preventing  any  recurrence  of  the  B-47  type  of  problem  on  other  aircraft. 

In  addition  to  this  laboratory  and  flight  effort,  a  preliminary  fatigue  research 
program  was  started.  This  particular  program  may  not  result  in  complete  solu¬ 
tion  of  the  fatigue  problem,  but  its  design  as  a  basic  program  with  maximum  flex¬ 
ibility  should  provide  greater  insight  for  further  research  work. 

We  all  know  that  fatigue  in  aircraft  was  a  problem  as  early  as  the  days  at 
Kitty  Hawk.  Failure  of  a  strut  fitting  and  warping-wire  pulley  bracket  on  a 
Wright  brothers'  airplane  at  Fort  Meyer,  Virginia,  in  1908,  was  attributed  to 
what  was  then  referred  to  as  "crystallization.  "  I  remember  that  we  used  to 
refer  to  it  as  that  here  at  Wright  Field  in  the  late  '30's.  Now  this  is  fatigue  as 
we  know  it  today.  Nuisance  failures  of  lift  and  landing  wires  and  wire  fittings 
on  early  aircraft  such  as  the  Curtiss  NBS-4  and  the  JN-4  were  chargeable  to 
repeated  stress  and  vibration.  Aside  from  engine  components  and  propellers, 
however,  fatigue  did  not  become  a  major  problem  until  after  World  War  II.  And 
no  doubt  this  was  because  aircraft  structural  design  up  to  that  time  was  generally 
conservative. 

Performance  of  today's  aircraft,  of  course,  has  made  fatigue  a  very  major 
problem.  Unlike  aircraft,  missiles  are  usually  thought  to  be  designed  and  fabri¬ 
cated  to  fulfill  their  own  basic  design  criteria  with  no  subsequent  changes  in 
structural  load  factors  or  design  application.  Thus  we  might  be  inclined  to  mini¬ 
mize  structural  fatigue  factors  in  missiles  but  here,  too,  they  are  ever  present. 

Structural  components  of  missiles  are  subjected  to  repeated  stresses  during 
transportation  and  erection.  I  might  point  out  here  that  in  some  of  our  failures 
at  Cape  Canaveral  we've  worried  much  about  the  transportation  problem,  and  we 
have  made  very  detailed  analyses  of  all  the  parts  that  were  subjected  to  vibration 
during  transportation.  I  can't  say  to  date  that  we  have  attributed  any  failures  to 
this,  but  it  is  something  that  we  certainly  worry  about.  We  are  also  concerned 
about  the  captive  and  flight  testing  phases  as  a  result  of  cryogenic  and  pressuri¬ 
zation  effects  from  loading  and  unloading  propellants.  From  the  information 
available,  there  has  been  no  direct  case  of  structural  failure  in  flight  of  Atlas, 
Titan,  and  Thor  missiles  due  to  fatigue.  But  were  there  such  failures,  it  would 
not  be  surprising  if  they  could  all  be  traced  to  damage  incurred  on  the  ground. 


Now,  I  would  like  to  look  back  just  a  little  bit  and  also  to  look  ahead.  Much 
work  has  been  done  in  recent  years.  As  early  as  1953  we  established  require¬ 
ments  for  spectrum  type  fatigue  testing  of  aircraft  under  carriage  subsystems, 
and  since  then,  we  have  been  slowly  working  toward  fatigue  testing  of  complete 
aircraft.  Considerable  progress  also  was  recorded  in  solving  temperature  and 
sonic  problems  and  in  the  investigation  of  material  properties.  Yet,  in  spite  of 
a  gradually  intensified  effort  during  the  last  30  years,  it  is  obvious  that  a  com¬ 
pletely  satisfactory  solution  has  not  yet  been  found. 

Gentlemen,  as  you  have  shown  by  your  enthusiastic  attendance,  fatigue  is  of 
increasing  general  interest.  The  B-47  incident  illustrated  that  fatigue  is  of  grave 
importance.  Success  or  failure  of  our  nation's  defense  effort  may  very  well  de¬ 
pend  on  the  progress  we  make  in  solving  this  problem  completely.  Structural 
fatigue,  admittedly  bad,  can  be  expected  to  worsen  unless  steps  are  taken  immedi¬ 
ately  to  eliminate  the  problem. 

In  the  past,  fatigue  problems  centered  in  aerodynamic  vehicles.  Today,  as 
we  contemplate  aerospace  operations,  we  are  confronted  with  structural  consid¬ 
erations  of  a  completely  new  variety,  such  as  cosmic  ray  and  meteorite  bombard¬ 
ment  and  oxygen-free  environment.  Very  high  strength-to-weight  ratios  will  be 
required  in  conjunction  with  almost  complete  elimination  or  containment  of  ad¬ 
verse  temperature  and  creep  effects.  In  other  words,  future  air  and  spacecraft 
will  encounter  increasingly  severe  environmental  conditions  and  will  necessarily 
be  more  stringently  designed. 

It  would  be  unfair  to  those  who  have  labored  long  and  hard  in  this  area  to  say 
that  our  present  problems  result  from  lack  of  foresight  by  those  involved.  If  it 
weren't  for  the  many  contributions  made  by  dedicated  persons  and  organizations, 
our  present  problems  would  be  immeasurably  greater.  The  big  question  now  is: 
What  must  be  done  to  quickly  and  finally  solve  this  fatigue  riddle?  That,  in  a  sense, 
is  why  we  are  here  today. 

We  can  be  sure  of  one  thing.  Our  past  efforts,  though  good,  are  not  good 
enough.  As  the  first  step  in  remedying  this  situation,  the  Air  Force  has  given 
fatigue  investigation  a  very  high  priority.  In  fact,  the  structural  fatigue  problem 
was  considered  sufficiently  serious  by  General  LeMay  that  he  stated  on  19 
November  1958  (and  I  quote),  "The  successful  accomplishment  of  this  program 
is  vital  to  the  Air  Force's  capability  to  perform  its  assigned  mission,  and 
requires  complete  and  active  support  and  cooperation  of  all  staff  and  command 
levels  of  the  Air  Force  organization.  The  total  aircraft  structural  integrity 
program  encompasses  all  first-line  aircraft,  and,  therefore,  warrants  support 
at  a  priority  level  higher  than  that  established  for  any  individual  aircraft 
involved.  " 

I  think  it  is  obvious  that  this  program  will  receive  extensive  high  level 
management  attention. 
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Some  of  our  research  has  already  been  redirected.  Our  working  force  has 
been  reoriented  and  consolidated.  Sufficient  money  has  been  provided  to  start 
the  research  considered  to  be  of  basic  necessity. 

The  need  for  new  structural  fatigue  design  criteria  is  critical.  The  impor¬ 
tance  of  this  effort  and  the  teamwork  necessary  to  pursue  it  to  a  successful  con¬ 
clusion  cannot  be  overemphasized. 

In  closing,  I  should  like  to  impress  upon  you  gentlemen  that  the  Air  Force 
alone  cannot  hope  to  solve  the  problem  of  fatigue  nor  sponsor  all  the  research 
required  to  attain  that  goal.  Private  industry's  assistance  and  participation  are 
urgently  needed.  What  we  seek  are  major  breakthroughs  all  along  the  line. 
Dramatic  and  revolutionary  progress  will  insure  us  positive  military  superiority 
and  national  security.  I  am  quite  confident  that  we  in  the  Air  Force  can  count  on 
your  cooperation.  Thank  you. 
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THE  IMPACT  OF  METAL  FATIGUE  MISHAPS 
IN  THE  U.  S.  AIR  FORCE 

By 

Major  General  Joseph  D.  Caldara 
Deputy  Inspector  General  for  Safety 

I  had  a  lot  of  clever  stories  I  will  not  be  able  to  tell  you  because  they  are  dirty  and 
there  is  a  lady  in  the  house.  That  is  not  part  of  the  written  speech;  I  really  didn't  have  any, 
but  I  always  take  advantage  of  a  gal  when  I  can. 

But  let  us  proceed  to  a  discussion  of  aircraft  accidents  -  like  everything  else,  the 
cost  of  these  accidents  has  been  steadily  increasing.  A  year  ago  the  average  aircraft 
accident  cost  the  Air  Force  and  you  people  as  taxpayers  (I  am  a  taxpayer  too,  of  course) 
somewhere  in  the  neighborhood  of  $400, 000,  For  the  first  six  months  of  1959,  the  average 
aircraft  accident  cost  you  and  me  537,000  bucks.  It  would  be  all  right  if  these  were  only 
beans,  but  they  are  dollars  and  most  of  the  cost  is  unnecessary.  Let  us  take  a  look  at  some 
pictures  for  a  couple  of  minutes. 

In  Figure  1,  I'm  taking  the  period  of  1947  to  1959.  The  reason  for  this  is  that  it  is 
tne  period  when  the  Air  Force  changed  over  to  jets.  First,  we  changed  to  jets  in  tactical 
units.  Then  we  went  into  all  supersonic  jets  in  the  fighter  units.  The  accident  rate  dropped 
in  this  time  period  from  44  to  9. 3  -  I'm  talking  about  major  accidents  per  hundred  thousand 
flying  hours. 

There  is  a  grim  paradox  to  the  total  number  of  accidents  we've  had  this  year.  We 
see  from  Figure  2  that  in  1947,  some  35%  or  about  a  third  of  the  aircraft  involved  in  major 
accidents  were  destroyed.  Eleven  years  later  or  now,  69%  of  the  aircraft  involved  in  major 
accidents  are  being  destroyed  -  almost  double  the  figure  for  1947. 

If  that  wasn't  shocking  enough,  let  us  get  to  the  humanities  of  this  thing.  As  Figure  3 
shows,  in  1947,  17%  or  one  out  of  every  six  pilots  involved  in  an  accident  was  killed.  Twenty- 
five  years  ago,  one  out  of  every  thirteen  involved  in  an  accident  was  killed.  Last  year  28% 
or  just  about  one  out  of  every  four  pilots  involved  in  an  accident  was  killed.  These  figures 
mean  that,  while  we  have  been  successful  in  reducing  the  total  number  of  aircraft  accidents 
each  year,  we  have  not  been  as  successful  in  saving  the  aircraft  or  saving  the  pilots  in¬ 
volved.  In  other  words,  as  the  equipment  performance  increased,  the  requirements  on  the 
pilot  and  crews  went  up  with  the  result  that  accidents  are  more  costly  in  blood  and  treasure. 

Now  let  us  translate  this  to  combat  potential  because  that  is  what  we  deal  with  in  the 
Air  Force  (Figure  4).  In  the  fiist  six  months  of  1959  we  graduated  1,444  pilots.  While  we 
did  this  we  were  busily  engaged  in  killing  110  and  another  55  suffered  major  injuries.  Most 
of  the  latter  will  never  go  back  to  flying,  so  that  one  out  of  every  nine  of  the  new  graduates 
replaced  someone  who  had  been  killed  or  injured.  Thus,  11%  of  these  new  graduates  can  be 
considered  lost.  Now  the  significance  of  this,  and  I'm  not  mad  at  the  new  graduates,  good¬ 
ness  knows,  is  that  they  don't  have  the  combat  potential  of  the  bomb  wing  commander  who 
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was  killed  last  year  or  of  the  fighter  wing  commander  who  was  killed  in  the  first  half  of  this 
year.  Both  of  these  commanders  had  World  War  n  experience.  A  new  pilot  cannot  possibly 
get  to  this  combat  potential  prior  to  the  next  conflict.  This  should  impress  upon  you 
gentlemen  the  importance  of  accident  prevention. 

Next,  we  shall  look  at  the  number  of  aircraft  affected.  In  the  first  six  months  of 
1959,  the  Air  Force  accepted  705  aircraft.  We  destroyed  269,  of  which  153  were  jet 
fighters,  the  equivalent  of  6  squadrons^  26  were  bombers,  the  equivalent  of  1.7  squadrons; 
and  90  were  miscellaneous  type  aircraft.  We  destroyed  38%  as  many  aircraft  as  were 
produced.  This  means  that  the  aircraft  industry  was  only  62%  effective  because  of  our 
accidents.  Four  out  of  every  ten  aircraft  we  received  in  the  Air  Force  last  year  went  to 
replace  those  that  we  rolled  up  in  a  ball.  Since  1950  we  have  killed  3, 474  pilots  and  we 
have  destroyed  7, 062  aircraft.  That  is  a  bigger  Air  Force  than  any  country  in  the  world 
has  except  the  United  States  or  the  Soviet  Union  and  we  have  thrown  1c  away.  Two-thirds 
of  it  should  never  have  happened.  In  fact,  none  of  it  ever  should  have  happened.  Getting 
back  to  the  economics  of  accidents  for  a  moment,  three  billion,  one  hundred  and  forty- 
eight  million,  four  hundred  and  twenty-eight  thousand  dollars  worth  of  equipment  was  lost, 
and  no  personnel  training  costs  are  included.  I  am  talking  about  hardware.  Three  billion 
dollars  worth!  What  would  three  billion  dollars  do  for  ARDC  in  its  research  program  on 
metal  fatigue?  They  would  have  contracts  coming  out  of  their  ears. 

Now  we  should  have  some  causes  before  we  get  to  the  effects  (Figure  5).  Here  I'm 
talking  about  "all  causes"  of  a  major  accident.  The  reason  I  am  using  "all  causes"  is 
that  an  aircraft  accident  is  never  the  result  of  a  single  dramatic  or  catastrophic  event.  It 
results  from  a  series  of  unhappy  coincidences  that,  collectively,  result  in  a  major  accident. 
Pilot  factors  over  the  period  of  time  from  1954  to  1957  decreased  from  57%  to  53%,  and 
in  the  first  six  months  of  1959,  this  factor  is  up  to  56%,  The  materiel  factor  increased 
from  28%  in  1954  to  40%  in  1957,  and  to  47%  in  1959.  This  is  what  I  want  to  talk  about! 

When  I  speak  of  materiel  failure,  I  am  not  implying  that  our  materiel  has  suddenly 
gone  to  pot  (Figure  6).  I  am  saying  that  the  same  reliability  today  that  we  had  ten  years 
ago  brings  about  more  accidents  because  of  the  higher  performance  of  the  aircraft.  Power 
plants  accounted  for  75%  of  materiel  failures  in  1958.  This  is  up  to  76%  in  1959.  Landing 
gears  -  21%  in  1958,  22%  in  1959,  Airframes  -  4%  in  1958  to  5%  in  1959. 

Next,  I  will  give  you  a  picture  of  the  broadness  of  metal  fatigue  type  accidents  in  the 
Air  Force.  We  will  start  with  early  jet  fighter  mishaps  (Figure  7).  I  shall  skip  most  of 
the  data  and  point  out  that  we  had  67  major  accidents,  13  minor  accidents,  and  39  incidents. 
Of  the  67  major  accidents,  the  power  plant  accounted  for  56. 

Airframes  did  not  account  for  many  of  the  accidents  mentioned  above,  but  we  have  a 
shining  example  of  the  airframe  problem  in  the  early  jets  in  Figure  8,  This  is  the  attach¬ 
ment  bar  for  the  outer  wing  of  the  F-89.  It  was  originally  designed  in  such  a  manner  that 
we  had  very  small  radii  in  the  attachment  area  adjacent  to  the  bolt  hole.  The  grain  of  the 
metal  ran  in  such  a  direction  that,  when  a  fatigue  failure  started,  it  ran  with  the  grain. 

The  correction  for  this  was  very  simple  -  enlarge  the  radii  around  the  bolt  hole  to  reduce 
the  stress  and  change  grain  direction.  This  is  no  secret  to  design  engineers,  but  they  still 
do  it.  The  F-89  was  designed,  goodness  knows  how  many  years  ago,  and  we  still  have  air¬ 
craft  coming  out  in  the  Century  series  with  the  same  type  design.  What  did  we  do  to  correct 
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the  condition?  We  enlarged  the  radii,  changed  the  grain  direction  in  the  material  and  solved 
the  problem.  This  is  one  job  where  I  have  developed  perfect  eyesight  -  and  even  better  - 
after  four  and  a  half  years  in  accident  investigation,  I  have  20-20  hindsight!  This,  L  highly 
recommend! 

Now  let  us  proceed  to  the  Century  series  aircraft.  So  far  as  shown  in  Figure  9,  we 
have  6  major  accidents,  1  minor  accident  and  16  incidents  that  are  attributable  to  metal 
fatigue  accidents.  Remember  our  Century  series  inventory  is  not  as  large  as  some  of  the 
earlier  inventories. 

Another  category  of  aircraft  I  want  to  discuss  is  the  non-jet  bomber  (Figure  10).  The 
reason  is  that  people  in  our  Air  Force  have  a  tendency  to  ignore  them.  In  non- jet  bomber 
mishaps,  we  have  as  a  result  of  metal  fatigue,  12  major  accidents,  2  minor  accidents,  and 
12  incidents.  This  is  something  we  found  out  in  the  B-36  -  may  it  rest  in  peace  -  for  that 
airplane  was  a  flying  machine  of  the  first  order.  In  the  landing  gear,  tnere  was  a  main 
tension  section  which  was  threaded  -  a  very  sharp  angle  thread  -  and  failure  due  to  metal 
fatigue  occurred  after  only  19  landings  on  one  B-36,  and  after  29  landings  on  another 
(Figure  11).  The  fatigue  occurred  in  the  last  thread.  The  only  fix  on  this  whole  assembly 
was  to  redesign  the  screw  threads  in  this  area  to  relieve  the  high  concentration  of  stress. 

Yet  we  have  a  Century  series  fighter  with  a  landing  gear  that  is  failing  today  due  to  this  same 
design  mishap,  the  same  lack  of  consideration  of  stress  concentration  in  an  area  of  basic 
design. 

Now  you've  heard  General  Schriever  and  General  Wray  refer  earlier  today  to  the 
B-47.  So  far,  in  our  jet  bombers,  we  have  had  10  major  accidents,  3  minor  ones,  and  41 
incidents  attributable  to  metal  fatigue  (Figure  12).  These  were  disastrous  type  accidents, 
not  only  from  a  cost  standpoint,  but  from  the  crew  loss  standpoint.  Now  let  us  get  back  to 
the  B-47.  There  was  fatigue  failure  of  the  lower  skin  aluminum  alloy  plate,  through  the  bolt 
holes  in  the  vicinity  of  the  wing  body  attachments,  as  shown  in  Figure  13.  We  had  the  Tulsa, 
Homestead  and  MacDill  accidents.  The  conclusion  that  metal  fatigue  caused  these  accidents 
was  not  easily  arrived  at.  There  are  still  certain  dissenting  voices  debating  whether  this  was 
a  bona  fide  case  of  metal  fatigue.  Nevertheless,  the  condition  seriously  compromised  the 
combat  potential  of  your  Air  Force,  and  thus  it  had  a  definite  impact  on  the  free  western 
world's  capabilities  in  defense. 

Lest  you  think  that  only  jets  have  problems  from  metal  fatigue,  I  have  summarized 
cargo  mishaps  in  Figure  14  -  18  major  accidents,  2  minor  ones,  and  11  incidents  have  occurred 
in  our  cargo  aircraft.  Few  people  recognize  this  as  a  metal  fatigue  problem.  The  power 
plant  was  responsible  for  12  out  of  the  18  accidents.  These  plants  suffer  fatigue  in  jet  turbines 
•  as  well  as  the  jet  engines.  These  accidents  are  serious. 

The  picture  on  trainer  mishaps  is  shown  in  Figure  15.  Even  the  trainers  have  accidents  - 
I  say  "even"-  good  heavens'.  Look  at  the  T-birds  -  24  out  of  the  38  accidents  were  in  a 
T-bird;  20  out  of  the  24  were  traceable  to  power  plant  failure  in  the  T-bird  -  what  happened? 

We  had  blade  and  bucket  failure  problems  in  the  early  engines  in  the  T-bird.  We  resolved 
it.  We  resolved  it  so  well  that  the^ngineers  said,  "Well,  this  turned  out  so  good,  why  not 
fix  it  a  little  better  by  adding  one  little  thing. "  With  this  little  fix,  they  managed  to  restore 
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to  the  engine  the  same  lousy  condition  that  it  had  in  the  first  place.  We  had  more  engine 
failures  in  T-birds  last  year  than  we  had  in  the  first  year  we  had  the  bird  in  the  air.  Now, 
what  was  involved?  The  design  was  good.  The  prototype  of  the  particular  piece  of  equip¬ 
ment  was  excellent.  But  in  the  process  of  manufacturing  this  thing,  and  we’re  talking  about 
blades  and  buckets,  something  as  well  as  somebody  let  go.  There  is  more  than  one  phase 
of  this  metal  fatigue  problem  that  affects  you  people  as  engineers.  It  is  not  all  design. 

Statistics  on  the  Whirlybird  and  our  light  "off  the  shelf"  aircraft  are  summarized  in 
Figure  16.  No  one  thinks  of  these  as  involving  metal  fatigue.  Yet,  we  have  had  9  major 
accidents  and  5  incidents  in  our  Whirlybird.  Let  that  whiiiy  thing  get  loose  and  there  is, 
generally,  a  100%  catastrophe.  This  is  very  discouraging  to  whirlybird  crews  and  I  can 
understand  why. 

A  summary  of  all  the  accident  data  is  given  Figure  17.  The  data  shows  that  160 
major  accidents,  27  minor  accidents  and  140  incidents  were  attributable  to  metal  fatigue 
only.  Now  obviously,  there  were  other  factors  involved  in  these  accidents.  Perhaps  the 
pilot  properly  executing  a  flame-out  landing  could  have  avoided  an  accident  from  a  power 
plant  failure.  Perhaps  an  auto-rotation  in  a  Whirlybird  would  have  avoided  anything  but 
an  incident.  Still,  there  have  been  160  mishaps. 

In  the  outline  I  had  for  this  talk,  I  was  requested  to  present  some  "impact. "  This  is 
the  impact.  Remember,  in  the  first  six  months  of  1959  we  have  killed  or  have  had  major 
injuries  to  165  pilots.  This  is  impact.  It  is  a  particularly  forceful  impact  on  the  pilots' 
immediate  families.  The  impact,  money-wise,  has  become  more  important  since  we  must 
operate  within  a  tight  budget. 

What  is  the  philosophy  on  improvement  of  aircraft  potential  that  has  been  developed 
from  all  the  accidents  including  metal  fatigue  accidents?  We  have  decided  over  the  last 
four  and  a  half  years  that  the  only  thing  we  can  do  is  educate  the  manufacturer  including 
the  design  engineer;  educate  the  commander,  and  educate  the  operator  on  maintenance. 

Now  when  you  talk  about  a  philosophy  of  education,  a  lot  of  people,  particularly  in  the 
flying  end  of  the  business,  and  I  happen  to  be  in  this  business,  sort  of  bow  their  necks  and 
say,  "Well,  we  just  do  not  have  the  time  for  propaganda. "  Goodness  knows  this  is  true. 

No  one  has  less  time  for  propaganda  than  I  have  in  this  job.  But,  we  must  educate  people 
on  the  situations  and  the  requirements  that  exist.  We  must  learn  that  one  can’t  take  a 
piece  of  equipment  which  is  stressed  to  the  absolute  maximum  of  the  materiel,  change  the 
environment,  and  then  escape  being  forced  to  pay  a  price. 

I've  talked  a  lot  about  the  design  factor,  the  basic  design  problems,  this  business  of 
small  radii  and  stress  concentration,  design  consideration  of  the  grain  material,  and 
importance  of  design  and  engineering  supervision.  The  philosophy  of  developing  flight  safety 
objectives  requires  everyone  to  take  the  step  for  which  they  are  responsible.  This  must  be 
done.  The  first  great  step  of  good  detail  design,  as  well  as  design  engineering  and  design 
and  engineering  supervision  is  vested  in  you  people.  WADC  is  the  responsible  agency  for 
the  monitoring  of  the  development  of  this  equipment;  and  in  turn,  you  people  from  industry 
are  the  responsible  agency  for  the  design  of  the  equipment.  #  I  am  not  implying  that  people 
miss  the  mark  deliberately,  but,  whether  the  mark  is  missed  deliberately  or  accidentally, 
the  point  is  that  it  is  missed  with  the  result  that  we  have  aircraft  failure.  So  much  then  for 
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education  on  the  engineering  side  of  the  problem.  This  first  step  of  good  design  engi¬ 
neering  and  of  proper  engineering  supervision  must  be  taken  home  by  you  people  here  and 
discussed  with  your  co-workers,  whether  you  be  military  or  civilian,  whether  you  are 
part  of  the  Air  Force,  the  transportation  industry,  or  part  of  the  aircraft  industry.  This 
first  step  is  your  step. 

There  is  another  step  which  we  must  take  within  the  Air  Force,  and  when  I  say  "we", 
I  mean  the  entire  safety  organization.  This  step  is  the  education  of  the  commander.  We 
can  and  must  face  up,  in  the  Air  Force,  to  several  things.  If  we  demand  that  an  aircraft 
be  designed  light  enough  to  give  us  maximum  speed  and  a  high  degree  of  performance  at  a 
maximum  altitude,  we  must  realize  that  the  weight  reductions  and  the  power  increases 
with  the  resultant  vibration  necessary  to  obtain  this  performance  at  altitude,  are  not 
necessarily  compatible  with  maximum  performance  on  the  deck.  I  do  not  say  that  we 
won’t  bring  that  piece  of  equipment  down  and  fly  it  on  the  deck.  But  I  do  say  that  if  we 
do,  and  if  we  design  a  piece  of  equipment  for  performance  in  certain  areas  and  then 
change  the  ground  rules,  it  doesn't  do  us  a  darn  bit  of  good  to  drop  on  the  deck  when  you 
pull  off  the  tail.  This  is  called  calculated  risk  in  the  military  life,  and  somehow,  we 
must  face  it. 

We  are  interested  in  the  Air  Force  only  in  the  combat  potential  of  the  equipment 
whether  it  be  aircraft  or  missile.  I  now  find  that  I  am  an  expert  in  the  missile  business 
according  to  a  General  Order  published  on  the  first  day  of  July,  which  told  me  sol  For 
four  and  a  half  years,  I've  been  asking  questions  of  aeronautical  engineers  strictly  from 
the  aircraft  maintenance  viewpoint.  I  am  now  going  to  do  it  in  the  missile  business.  It 
is  surprising  the  number  of  answers  I  have  been  given  which  don't  seem  to  gee  with  each 
other;  but,  it  is  interesting. 

This  job  of  mine  is  the  most  exciting  one  I  have  ever  had.  But  no,  it  is  not.  The 
most  exciting  job  I  ever  had  was  playing  the  piano,  and  you  will  just  have  to  excuse  this 
story  ma'am,  for  it  is  true.  The  most  exciting  job  I  ever  had  was  playing  a  piano  in  a 
house  of  ill-repute.  I  had  to  work  my  way  through  school  at  the  University  of  Maryland, 
and  this  was  the  job  that  I  had  in  the  evenings.  But  I  was  very  young  then;  I  never  knew 
what  went  on  upstairs.  Now  I'm  older,  I  know  what  goes  on  upstairs,  and  it  wouldn't  do 
me  a  bit  of  good  to  go  back  to  the  house  l 

This  story  wasn't  told  just  to  lighten  the  mood.  The  point  that  I  am  trying  to  make 
here  is  that  you  may  find  out  what  goes  on  upstairs,  but,  as  in  my  case,  it  may  not  do  you 
any  good.  If  we  are  talking  about  a  missile  or  some  high  altitude  aircraft  that  has  come 
unglued,  it  will  not  do  us  any  good  unless  we  can  do  something  about  it.  It  doesn't  do  us 
any  good  to  know  what  goes  on  upstairs,  if  we  can't  do  something  about  it,  gentlemen,  and 
this  is  your  job  today.  It  is  your  number  one  problem. 

The  third  educational  area  is  the  education  of  the  pilot  and  the  crew.  We  continue  to 
have  these  bright  young  fellows  who  every  now  and  then  go  out  and  pull  something  apart 
just  to  prove  that  no  matter  how  tough  you  make  it,  somebody  can  be  tougher  and  fly  it  to 
pieces.  These  accidents  are  rapidly  dwindling,  and  are  a  minority.  Commanders  are  at 
times  forced  by  national  or  international  complications  to  commit  the  equipment,  which  you 
have  designed  and  built,  into  an  area  for  which  it  was  not  intended.  We  cannot  help  this. 


Basically,  the  problem  of  licking  accidents  due  to  metal  fatigue  must  be  solved  by  you 
people  and  your  co-workers,  whatever  office  you  are  in.  Let  me  assure  you  now  that  you 
will  have  the  maximum  cooperation  from  the  Directorate  For  Safety’s  Office,  whether  it 
be  at  Norton  or  in  Washington,  and  certainly  from  me. 


MAJOR  AIRCRAFT  ACCIDENT  RATE 

1947  -  1959  (6  MOS.) 


Figure  1 


1947  1959  (6  MOS.) 


PILOT  FATALITIES,  AIRCRAFT  DESTROYED, 
&  MAJOR  ACCIDENT  TRENDS 
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1947  1959  (6  MOS.) 


LOSS  OF  COMBAT  POTENTIAL 

_ 1959  ( 6  MOS.) _ 

PILOT  GRADUATES  705  AIRCRAFT  ACCEPTED 


O 

CO 


Q  O 

3  • 

I—  m  z- 
(0  Sq 
LU  O  O 
Q  CD  CO 

CD  N. 
h“  OJ  — 

Li-  i 

<  CO 

tr  * 

o  t5 
£  £§ 

<  “8 

0)  ro  3 
U5  iQ 
CSJ  *"■ - 


Q  ” 
Ui  K 
~J  O 


CO  . 

f- 

£  §  g 

lu  z:  = 
Z  Q.  0. 

^  o  in 
-  m 
^  — 


17 


SINCE  1950 - 3474  PILOTS  KILLED - 7062  AIRCRAFT  DESTROYED 


CAUSES  OF  MATERIEL  FAILURE  ACCIDENTS 

ALL  CAUSES 
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ET  BOMBER  MISHAPS  RESULTING  FROM  METAL  FATIGUE 


Figure  15 


MISCELLANEOUS  MISHAPS  RESULTING  FROM  METAL  FATIGUE 
1  Jan  53  -  31  Mar  59  ( Major  Acdt  -  Minor  Acdt  ■  Incident ) 
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Figure  16 


TOTALS  8-1-  14  5-1-3  1  2  -  0  -  5  27  -  6  -  42  113-  19  -  52  5  -  0  -  24  160  -  27  -1 


AIRCRAFT  STRUCTURAL  FATIGUE 
PROBLEMS  IN  SAC 


By 


H.  E.  WATKINS 
Colonel,  USAF 


Headquarters  Strategic  Air  Command 
Offutt  Air  Force  Base,  Nebraska 


Just  to  set  the  stage  for  this  discussion,  let  me  review  the  SAC  mission  — 

Be  prepared  to  conduct  Strategic  Air  Operations  on  a  global  basis  so  that  in  the 
event  of  sudden  aggression,  SAC  could  immediately  mount  simultaneous  attacks. 

This,  in  itself,  identifies  the  command  as  an  operational  combat  command. 

It  is  mobilized  and  in  its  battle  position  with  its  weapons  and  people.  If  you 
were  to  grant  us  72  hours'  warning,  we  still  would  have  no  more  aircraft  with 
which  to  fight  than  we  now  have.  This  is  obvious  —  so  Strategic  Air  Command 
will  use  only  that  equipment  it  has  at  hand  when  the  whistle  blows.  If  we  con¬ 
tract  the  warning  time  to  48  hours  or  to  15  minutes,  those  weapons  systems  in 
heavy  repair  drop  out  like  gold  —  the  heaviest  maintenance  first;  the  lightest 
maintenance  last  --  but  the  droppings  are  still  as  in  gold.  This  is  why  we  are 
pushing  the  day-to-day  availability  higher  and  higher  as  our  reaction  time  grows 
shorter.  Structural  modifications  to  fix  skin,  longerons  and  other  cracks  are 
generally  heavy  maintenance  and  eliminate  the  aircraft  from  the  SAC  inventory. 

Basically,  a  flying  machine  is  designed  and  built  to  satisfy  a  specific  require¬ 
ment.  The  requirement,  of  course,  is  a  composite  of  existing  tactics  and  a  pro¬ 
jection  of  future  needs  tempered  by  "state  of  the  art"  (if  you  will)  design  cap¬ 
abilities.  Our  projection  of  future  needs  cannot  be  100%  accurate  without  com¬ 
plete  stagnation  of  planning  and  tactical  studies.  Obviously,  a  weapon  system 
must  incorporate  a  high  degree  of  versatility  to  provide  for  growth  and  economi¬ 
cal  use  over  a  period  of  years.  In  this  regard,  the  state  of  the  art  begins  to 
throw  up  a  barrier  to  the  degree  of  versatility  that  can  be  achieved.  As  I  see 
it,  this  barrier  can  be  separated  into  two  categories,  only  one  of  which  is  real. 
That  one  is  simply  an  absolute  lack  of  know-how.  The  other  seems  to  be  real 
but  is  not.  It  consists  of  structural  weaknesses  that  could  have  been  designed 


out  of  the  weapon  if  full  advantage  had  been  taken  of  the  many  scattered  clues 
awaiting  correlation  and  application. 

This  latter  comment  is  not  a  finger-pointing  exercise  because  we  are  all 
tarred  with  the  same  brush.  In-service  aircraft  have  failed  and  been  modified 
without  the  experience  so  gained  getting  beyond  a  tight  little  group  of  directly 
responsible  individuals.  Even  our  security  system  works  to  our  disadvantage 
when  new  materials,  designs  and  techniques  are  not  made  widely  available  at 
an  early  date  because  they  have  been  developed  within  a  classified  project.  It 
would  seem  that  we  could  use  some  sort  of  a  machine  that  would  take  UR's, 
maintenance  staff  studies,  engineering  development  reports,  accident  reports 
and  flight  test  data,  integrate  the  lot  and  print  out  revisions  to  the  HIAD.  It 
is  reasonable  to  assume  that  comprehensive  gathering  and  integration  into  de¬ 
sign  of  all  available  experience  would  produce  the  same  result  as  a  major  break¬ 
through  in  technology.  Suffice  to  say  that  everything  that  we  in  the  using  com¬ 
mand  attempt  to  get  out  of  our  aircraft  in  the  way  of  additional  tactics  imposes 
an  additional  fatigue  factor  that  is  inherent  with  use.  This  is  also  true  of  some 
of  the  things  that  we  put  into  the  aircraft  such  as  uprated  engines  with  their  high 
sonic  noise  levels. 

In  closing,  I  will  briefly  review  SAC's  participation  in  the  Air  F orce  Struc¬ 
tural  Integrity  program  as  applied  to  the  VGH  program. 

After  installation  in  the  aircraft  is  complete,  SAC  will  be  responsible  for 
making  periodic  operational  checks  of  the  system  with  a  go/no-go  type  of  tester. 
In  the  event  that  a  component  malfunctions,  local  maintenance  will  consist  only 
of  "remove  and  replace"  with  a  like  item.  The  reparable  item  will  then  be  re¬ 
turned  to  a  central  point  for  repair. 

It  is  proposed  that  the  maintenance  man  will  be  held  responsible  to  check  the 
recorder  magazine  time.  As  magazines  are  used  and  replaced  they  will  be 
routed  to  a  central  point  on  the  base  where  correlative  flight  crew  data  will  be 
packed  with  them  for  shipment  to  the  data  reduction  agency. 

It  is  at  this  point  in  the  cycle  that  the  over-all  program  becomes  obscure  to 
the  SAC  observer  and  we  are  quite  concerned.  It  is  a  safe  assumption  that  the 
data  will  be  compiled  and  reduced  to  some  usable  form  that  will  be  quite  ade¬ 
quate  for  broad  scale  structural  load  analysis  —  and  I  hasten  to  add  that  this  is 
a  valid  endeavor.  Defining  the  exact  environment  encountered  by  aircraft  in 
flight  has  been  accomplished  on  only  a  very  limited  basis  to  date  and  the  VGH 
program  should  improve  this  situation.  Using  information  thus  gathered,  air¬ 
craft  designers  will  be  able  to  provide  us  with  much  safer  and  more  reliable 
machines  at  some  future  date;  however,  we  feel  that  an  additional  capability 
should  be  realized.  Namely,  specific  load  analyses  of  the  individual  aircraft 
should  be  fed  back  to  the  SAC  maintenance  people  for  direct  comparison  to  the 
actual  condition  of  critical  structures  during  maintenance  and  inspection.  It  is 
obvious  that  furnishing  them  with  this  additional  parameter  of  measurement 


would  greatly  enhance  the  validity  of  their  endeavors.  I  am  not  prepared  to 
specify  exactly  what  type  of  feedback  information  should  be  provided  to  SAC 
because  we  are  not  cognizant  at  this  time  of  how  comprehensive  a  presentation 
can  be  made  from  the  data  to  be  recorded  with  the  data  reduction  facilities 
available.  However,  to  be  meaningful,  this  information  should  point  to  areas 
of  the  aircraft  likely  to  be  affected  and  the  magnitude  and  direction  of  stresses 
applied.  The  presentation  might  be  provided  as  a  life  factor  index  that  would 
contain  an  integration  of  stress  magnitude  and  frequency  with  the  design  limits. 
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STRUCTURAL  INTEGRITY  PROGRAM  FOR  HIGH  PERFORMANCE  AIRCRAFT 


By 

Colonel  John  P.  Taylor 

*  Air  Research  and  Development  Command 

Aircraft  Laboratory,  Wright  Air  Development  Center 

INTRODUCTION 

The  serious  problems  of  structural  integrity  that  have  recently  become 
apparent  in  our  first-line  military  aircraft  emphasize  the  fact  that  frontier  and 
state  of  the  art  type  knowledge  in  this  area  must  advance  more  rapidly  than  at 
present.  This  is  particularly  true  if  this  nation  is  to  proceed  with  its  future  pro¬ 
gram  for  higher  performance  aero-space  vehicles,  without  incurring  grave  delays 
and  excessive  costs,  due  to  the  lack  of  enough  basic  structural  integrity  informa¬ 
tion. 


Some  eighteen  months  ago,  a  considerable  but  diverse  effort  was  underway 
at  the  working  level  of  the  military  services  to  resolve  the  varied  problems  of 
structural  fatigue.  The  program  was  sound  as  far  as  it  went,  but  it  lacked  the 
essential  and  basic  elements  of:  a  point  of  focus,  a  coordinated  effort,  adequate 
recognition  by  higher  authorities  and  a  suitable  priority.  These  basic  deficiencies 
had  to  be  met  -  and  were  -  principally  by  the  creation  and  approval  of  a  joint  Air 
Materiel  Command  -  Air  Research  and  Development  Command  plan  and  program. 

It  is  the  ARDC  part  of  the  program  which  I  wish  now  to  highlight  briefly  for  you. 

First,  we  needed  a  point  of  focus.  The  B-47  was  it. 

At  about  the  same  time  and  due  to  the  series  of  B-47  structural  fatigue 
accidents  early  in  1958,  General  Power,  Commander-in-Chief,  Strategic  Air  Com¬ 
mand,  sent  a  letter  in  late  April  to  the  U.  S.  Air  Force  Chief  of  Staff,  General 
White,  stating:  "I  believe  it  absolutely  essential  that  we  learn  what  we  bought  in 
terms  of  service  life  in  the  B-47  and  B-52,  and  what  we  will  buy  in  the  B-58  and 
B-70".  This  question  and  its  resolution  then  became  one  of  the  early  bases  for 
our  program. 

However,  even  before  this  letter  had  been  signed,  the  Air  Research  and 
Development  Command  had  approached  the  contractors  manufacturing  first-line 
aircraft  for  the  Strategic  Air  Command  and  had  asked  them  for  their  best  estimate 
of  service  life,  based  on  the  parameters  shown  in  Figure  1.  Several  types  of 
missions  are  plotted  therein  against  the  original  design,  current  use  and  desired 
ultimate  gross  weight  of  an  aircraft.  The  missions  selected  were  those  which  were 
believed  to  result  in  an  increasing  incidence  of  fatigue  and  consequent  potentially 
shortened  airframe  service  life.  It  is.  interesting  to  note  that  contractor  estimates 
of  service  life,  submitted  in  reply  to  our  question,  in  some  cases,  varied  as  much 
as  100%  with  those  which  had  been  submitted  voluntarily  by  them  within  the  previ¬ 
ous  six  months’  period.  This  study  in  itself  made  it  clear  that  the  state  of  the  art 
did  not  then  permit  accurate  estimates  of  expected  service  life  of  our  first-line 
Strategic  Air  Command  type  aircraft.  In  fact  the  shortened  life  estimates  sub¬ 
mitted  for  desired  ultimate  gross  weight  and  low  level-alert  type  operational  work 
were  generally  shocking. 


With  this  data  firmly  in  mind,  we  decided  to  see  how  to  improve  aircraft 
service  life  by  setting  up  a  series  of  "Steps  to  Improve  Structural  Integrity  of 
Hi-Performance  Aircraft". 


STATIC  TEST 

The  first  step  was  a  re-evaluation  of  the  traditional  "Static  Test,  "  initiated 
in  1918.  As  you  know,  one  of  the  first  aircraft  to  be  assembled  in  each  new  wea¬ 
pon  system  series  is  subjected  to  a  complete  laboratory  static  test.  Until  a 
decade  ago,  sand  and  lead  shot  bags  were  in  common  use  to  simulate  flight  loads, 
as  indicated  in  Figure  2,  a  photograph  of  an  F-84  undergoing  static  test.  How 
complicated  the  art  has  become  is  shown  by  Figure  3,  a  photograph  of  a  B-58  re¬ 
cently  taken  while  the  aircraft  was  undergoing  the  vertical  stabilizer  portion  of  the 
static  test.  You  will  note  the  myriad  of  high  intensity  heat  lamps  which  are  used 
to  simulate  the  effects  of  aerodynamic  heating  at  the  high  speeds  to  which  the  air¬ 
craft  can  go.  Almost  without  exception,  since  static  test  was  first  initiated, 
every  new  type  of  vehicle  submitted  to  this  test  has  failed,  in  some  way,  before 
ultimate  load. has  been  reached  in  all  parts  of  the  structure.  Static  test  work  is 
performed,  in  effect,  to  see  whether  or  not  the  complicated  structure  of  the  air¬ 
craft  will  actually  sustain  loads  up  to  and  including  the  ultimate  loads  it  is  ex¬ 
pected  to  encounter  in  the  normal  operational  maneuvers  for  which  it  has  been 
designed  and  constructed  by  the  airframe  manufacturer  (Figure  4). 

A  complete  static  test  results  in  the  destruction  and  scrapping  of  the  vehicle 
undergoing  test.  The  tests  have  more  than  paid  their  way  down  through  the  years. 
They  have,  for  example,  pointed  out  critical  areas  of  structure  which  needed  to  be 
re-designed  and  replaced  prior  to  the  actual  operational  utilization  of  the  aircraft 
up  to  its  load  limits.  In  addition,  they  have  resulted,  as  shown  in  Figure  5,  in  a 
material  improvement  of  design  criteria,  which,  as  you  know,  is  one  of  the  funda¬ 
mental  tools  with  which  the  flight  vehicle  designer  creates  future  weapons  system. 
Our  re-evaluation  of  the  static  test  process  not  only  convinced  us  that  it  was  and 
would  continue  to  be  a  necessary  part  of  the  structural  integrity  program  but  also 
that  considerable  research  and  development  work  was  necessary  to  insure  that  the 
static  test  process  would  meet  the  more  demanding  requirements  of  future  weapons 
systems.  Such  work  is  under  way. 

FLIGHT  LOADS  SURVEY 

The  next  step  in  our  joint  AMC-ARDC  program  involves  that  of  a  "Flight 
Loads  Survey".  Since  there  has  been  some  question  as  to  what  the  term  "Flight 
Loads  Survey"  involves,  the  following  is  a  comprehensive  definition  of  the  term: 

A  "Flight  Load  Survey"  is  a  flight  test  maneuver  program  performed  by  the  air¬ 
plane  contractor  on  a  well  instrumented  and  representative  airplane  model  to 
substantiate  the  structural  integrity  of  the  airplane  for  limit  load  service  opera¬ 
tion’.  The  dynamic  response  portion  of  the  flight  loads  survey  is  a  recent  extension 
which  includes  gust  loads  and  landing-taxi  tests  to  determine  elastic  response 
characteristics  of  the  structure  to  these  dynamic  load  inputs. 

The  curve  in  Figure  6  represents  a  generalized  flight  envelope  of  a  typical 
high  performance  aircraft  of  today.  Since  1952  one  of  the  early  aircraft  in  each 
new  weapons  system  series  has  been  thoroughly  instrumented  and  flown  at  critical 
flight  load  points,  typically  shown  by  the  small  circles,  in  selected  manuevers  in 
order  to  check,  experimentally,  the  theoretical  calculations  of  loads  which  the  air¬ 
craft  designer  has  expected  his  aircraft  would  encounter  in  flight  maneuvers  for 


which  the  aircraft  was  designed.  The  process  of  instrumentation  of  such  a  test 
may  cost  several  million  dollars  per  vehicle,  and  flight  test  programs,  on 
occasion,  may  last  up  to  two  years  or  more.  A  flight  load  survey  will  continue 
to  be  made  on  each  new  type  of  future  weapon  system,  concurrently  with  the  static 
test. 


The  flight  test  aircraft  can  be  placed  in  the  active  operational  inventory  as 
soon  as  the  flight  load  survey  has  been  completed  and  the  special  instrumentation 
has  been  removed.  As  indicated  in  Figure  7,  flight  load  test  data  feeds  back  into 
and  checks  out  the  theoretical  static  test  loads  data,  submitted  by  the  designer, 
thereby  not  only  improving  the  static  test,  but  also  resulting  in  the  improvement 
of  design  criteria. 


FATIGUE  TEST 

The  next  step  in  our  joint  AMC-ARDC  program  involves  that  of  "Fatigue 
Test". 

Fatigue  is  not  a  recent  problem  with  the  Air  Force.  These  few  incidents 
will  emphasize  its  recurrence.  The  disastrous  F-89  accident  at  the  1952  Detroit 
Air  Show  resulted  from  the  fatigue  failure  of  wing-attach  fittings.  Those  of  you 
who  worked  with  the  F-84  will  remember  the  serious  problems  the  Tactical  Air 
Command  had  with  this  aircraft  type  during  the  1953,  -54,  and  -55  time  period. 

In  1958,  the  F-101-A,  undergoing  laboratory  cyclic  fatigue  tests  at  McDonnell 
Aircraft  Corporation  in  St.  Louis,  suffered  a  catastrophic  wing  failure,  which, 
if  it  had  occurred  after  the  aircraft  had  been  placed  in  operational  use,  would  have 
resulted  not  only  in  the  loss  of  aircraft  and  crews,  but  also  in  an  expensive  retro¬ 
fit  program. 

The  Air  Force  is  not  alone  in  its  encounters  with  the  problem  of  fatigue. 

Many  of  you  will  remember  the  Martin  202  problem  in  1948  and  the  Comet  inci¬ 
dent  in  1954. 

Since  the  B-47  fleet  required  extensive  special  attention  in  1958,  let  us  di¬ 
gress  from  our  program  discussion,  for  a  moment,  to  point  out  several  interest¬ 
ing  events  that  occurred  in  the  accelerated  cyclic  fatigue  tests  of  this  one  parti¬ 
cular  type  of  aircraft.  Figure  8  shows  the  B-47  wing  structure  and  points  out 
severed,  of  the  critical  areas  where  fatigue  resulted  in  fatal  accidents  in  operational 
aircraft.  These  included:  Butt- Line  45,  Body  Station  515,  and  Wing  Station  354, 
Through  the  cooperation  of  the  Strategic  Air  Command,  the  Air  Training  Command 
and  the  Air  Materiel  Command,  three  low-time  B-47  aircraft  were  made  available 
for  comprehensive  fatigue-cycHc  test  purposes.  Working  jointly  with  the  Strategic 
Air  Command  and  the  contractor,  ARDC  and  AMC  developed  a  typical  composite 
SAC  mission  and  a  suitable  flight  spectrum  to  simulate  the  bending  moments  at 
two  of  these  most  crtical  points--WS  354  and  BL  45. 

Half-way  through  one  of  the  tests  at  the  Boeing-Wichita  plant,  one  of  three 
B-47’s  undergoing  test  broke  in  two.  This  event  was  totally  unexpected  at  the 
initiation  of  the  test  and  would  have  resulted  in  an  extremely  serious  problem  if 
it  had  occurred  in  the  operational  fleet.  In  order  to  determine  if  this  were  a 
laboratory  phenomenon  only,  an  immediate  examination  was  made  of  high  time 
fleet  aircraft,  A  similar  condition  was  found  to  be  incipient  in  these  high  time 
aircraft. 


This  one  event  alone  more  than  paid  for  the  cost  of  the  three  test  aircraft 
and  the  entire  series  of  laboratory  tests,  since  it  permitted  a  relatively  simple 
retro-fit  to  be  made  long  before  a  majority  of  the  operational  B-47  fleet  had  ac¬ 
quired  an  equivalent  amount  of  actual  flight  time. 

Another  thing  that  the  tests  showed  us  was  that  the  three  aircraft  undergoing 
exactly  comparable  tests  at  the  Boeing-Wichita  plant,  the  Douglas -Tulsa  plant, 
and  the  NASA- Langley  Laboratory,  did  not  necessarily  develop  cracks  at  similar 
locations  nor  at  similar  test  times.  Cracks  shown  in  Figure  9  are  typical  of  those 
which  could  have  ended  catastrophically  in  operational  service  if  they  had  gone  un¬ 
detected  for  a  long  enough  period  of  time.  On  the  other  hand,  an  amazing  degree 
of  similarity  occurred  in  the  time  of  final  failure  of  these  three  vehicles,  at  least, 
in  terms  of  what  the  structures  expert  might  have  expected  (Figure  9). 

One  of  the  things  which  was  accomplished,  as  a  result  of  the  1958  inspection 
of  every  B-47  in  the  entire  fleet,  was  a  detailed  analysis  of  the  incipient  fatigue 
cracks  to  be  found  in  the  joints  at  WS  354  and  BL  45,  The  results  are  revealing 
and  clearly  show  that  fatigue  cracks  occurred  in  a  majority  of  bolt  holes  at  these 
two  locations,  as  shown  in  Figure  10.  This  statistical  analysis  also  clearly  pointed 
out  certain  critical  areas  in  the  structure  which  henceforth  will  be  inspected  with 
great  care.  To  my  knowledge,  this  is  the  first  time  an  intensive  survey  of  this 
type  has  been  made  of  such  a  large  statistical  sampling  of  operational  aircraft. 

It  should  prove  of  value  to  the  structures  and  criteria  expert. 

In  an  effort  to  comply  with  General  Power's  desire  to  forecast  B-47  fleet 
service  life  as  soon  as  possible,  a  series  of  steps  were  set  in  motion  early  in 
1958,  of  which  the  cyclic  load  test  just  described  was  only  one.  In  May  of  this 
year,  personnel  from  all  interested  Air  Force  Commands  and  the  contractor  sat 
together  to  come  up  with  an  improved  service  life  estimate.  This  current  esti¬ 
mate  is  felt  to  have  a  70%  -  80%  degree  of  reliability.  By  January,  I960,  it  is 
hoped  that  this  estimate  can  be  improved  to  approximately  an  80%  -  90%  basis  on 
careful  analysis  of  all  the  work  accomplished  to  that  time.  It  should  be  noted  that 
a  completely  accurate  100%  service  life  estimate  cannot  be  made  until  the  last 
B-47  has  been  phased  out  of  active  inventory. 

Let  us  now  return  to  the  basic  problem  of  fatigue,  as  a  part  of  our  total  AMC- 
ARDC  program.  Fatigue  or  cyclic  testing  results  in  the  complete  destruction  of 
the  vehicle  involved.  This  can  be  a  costly  item.  The  state  of  the  art  at  present, 
however,  does  not  permit  the  use  of  one  airframe  for  both  static  and  fatigue  test 
purposes.  The  Air  Force  will  complete  a  fatigue  test  on  each  new  aircraft  weapon 
system  henceforth.  The  cases  of  the  F-101  and  the  B-47  convinced  us  of  the  real 
need  for  such  a  test  and  proved,  beyond  a  shadow  of  a  doubt,  that  such  tests  pay 
their  way  in  ultimate  savings  of  life  and  property  (Figure  11). 

LOW  ALTITUDE  GUST  ENVIRONMENT 

The  next  step  in  our  program  was  that  of  determining  what  a  low  altitude 
gust  profile  actually  looks  like.  Even  though  aircraft  have  been  flying  for  over 
fifty  years,  there  is  only  the  most  limited  literature  available  which  clearly  out¬ 
lines  for  the  designer,  the  exact  characteristics  of  typical  gusts  through  which  his 
vehicle  must  fly  at  low  altitude. 


Low  altitude  gust  environment,  as  you  all  know,  is  caused  by  differences  in 
local  air  flow  over  different  types  of  terrain.  The  object  of  the  program  which  was 
already  in  effect  was  to  fly  at  altitudes  below  one  thousand  feet,  and  preferably  at 
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The  B-66  used  for  this  work  had  been  thoroughly  instrumented  for  one  of  the 
Pacific  tests  in  order  to  record  air  loads  resulting  from  blast  waves.  For  this 
new  work,  incorporated  in  it  was  a  "  boom” ,  sticking  out  of  the  nose,  which  could 
sense  and  measure  a  gust  prior  to  the  time  its  effect  could  be  felt  by  the  rest  of 
the  aircraft.  This  "boom"  is  instrumented  to  determine  gust  load  input,  strength, 
differential  rate  of  change  of  gust  loading,  and  frequency  and  direction  of  occur¬ 
rence,  and,  to  correlate  this  information  with  bending  and  shear  moments,  and 
accelerations;  pitch,  yaw,  and  roll  rates  are  also  measured  in  other  parts  of  the 
aircraft,  as  shown  in  Figure  12.  For  the  first  time,  also,  a  definite  effort  was 
made  to  correlate  this  data  with  terrain  photographs  and  pilot  reaction. 

At  the  present  time,  we  are  getting  some  two  and  one-half  million  data 
points  for  each  five  minute  record  run. 

The  B-66  is  flown  out  of  Edwards  Air  Force  Base,  Kirtland  Air  Force  Base, 
Shaw  Air  Force  Base,  Wright-Patterson  Air  Force  Base,  plus  a  yet-to-be- selected 
northern  base,  in  order  to  fly  over  areas  which  duplicate  terrains  typical  in  all 
parts  of  the  world.  Since  the  program  will  extend*over  a  year’s  period,  the  air¬ 
craft  will  also  fly  in  all  types  cf  climatological  and  meteorological  conditions. 

Since  the  degree  of  instrumentation  required  is  extremely  expensive,  only 
one  aircraft  is  being  used  for  this  project.  However,  two  B-47’s,  one  flying  out 
of  the  Wright  Air  Development  Center  and  the  other  flying  out  of  Boeing-Wichita, 
are  also  developing  much  useful  information  on  the  effect  of  low  altitude  environ¬ 
ment  on  B-47’s  which  will  feed  back  into  improved  design  and  fatigue  spectra  for 
use  in  other  weapon  systems  still  to  be  cyclic  load  tested. 

The  low  altitude  gust  program  (Figure  13),  whose  results  will  be  made  widely 
available,  will  materially  improve  spectra  used  in  future  fatigue  tests  and  will 
certainly  be  of  great  value  particularly  to  the  designer  of  low  altitude  weapon 
systems. 

MISSION  PROFILE  DATA 

Through  the  years,  the  design  criteria  and  fatigue  expert  has  felt  an  in¬ 
creasing  need  for  up-to-date  "Mission  Profile  Data"  from  the  Operational  Com¬ 
mands. 

Due  to  the  recent  intensive  cooperation  of  the  senior  commanders  and  staffs 
of  major  Air  Force  field  commands,  the  designer  now  has  available  to  him  an  im¬ 
portant  tool.  "Decks"  of  cards  in  a  typical  format,  as  shown  in  Figure  14,  have 
been  forwarded  from  each  Field  Command  in  the  Zone  of  the  Interior,  to  the  Air 
Research  and  Development  Command,  so  that  our  engineers  can  determine  to  what 
loads  the  weapons  systems  in-being  will  probably  be  exposed  during  their  future 
operational  life. 

Mission  profile  data  will  most  assuredly  help  in  the  development  of  improved 
fatigue  spectra  and  will  further  result  in  the  improvement  of  design  criteria  (Figure 
15). 
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CONTINUING  FLIGHT  LOADS  PROGRAM 

Early  in  the  development  of  a  total  AMC-ARDC  joint  program,  General 
Anderson,  then  Commander  of  the  Air  Research  and  Development  Command,  sent 
a  message  to  General  Rawlings,  then  Commander  of  the  Air  Materiel  Command,  and 
to  General  Wray,  the  Commander  of  the  Wright  Air  Development  Center,  stating: 

"I  request  a  joint  AMC-ARDC  proposal  for  an  adequate  flight  loads  survey  program 
for  all  type  of  aircraft  on  a  continuing  basis  to  pinpoint  critical  failure  areas, 
develop  adequate  engineering  fixes,  determine  effects  of  operational  missions  and 
techniques  on  service  life,  improve  fatigue  data,  and  develop  better  design  criter¬ 
ia"  .  The  Wright  Air  Development  Center  had  been  accomplishing  such  work  for 
many  years,  but  on  a  low  priority  and  a  limited  basis.  This  instruinentation  pro¬ 
gram  is  divided  into  three  major  sub-programs.  The  first  one  to  consider  is  the 
immediate  "Interim  Service  Load  Program". 

INTERIM  SERVICE  LOADS 

This  program,  initiated  in  selected  SAC  aircraft  to  measure  airspeed, 
acceleration  and  altitude  against  time,  as  shown  in  Figure  16,  has  resulted  in  the 
acquisition  of  over  2000  hours  of  actual  flying  time,  on  typical  service  missions 
performed  at  selected  SAC  bases.  This  data  is  now  being  reduced  and  analyzed. 

In  effect,  if  we  look  at  a  plot  of  acceleration,  both  positive  and  negative, 
versus  aircraft  speed  in  knots,  many  of  you  will  recognize  the  typical  VG  type 
diagram,  shown  in  Figure  17,  which  results  from  the  measurement  of  flight  loads 
encountered  during  a  normal  mission.  The  curve  in  Figure  20  is,  in  effect,  the 
straight  line  portion  of  the  curve  in  Figure  4.  The  points  of  particular  interest 
to  the  criteria  expert  and  the  maintenance  engineer  are  those  which  fall  well  out-, 
side  the  limit  load  envelope. 

This  Interim  Service  Load  Program  will  be  continued  for  several  months. 

Its  results  have  already  helped  to  improve  criteria  for  fatigue  test  work  and  will, 
in  due  course,  be  reflected  in  overall  design  criteria  as  shown  in  Figure  18. 

LIFE  HISTORY  PROGRAM 


As  a  result  of  the  directive  from  General  Anderson,  the  Air  Materiel  Com¬ 
mand  and  the' Air  Research  and  Development  Command,  working  jointly  with  the 
Operational  Commands,  developed  a  "Life  History  Program",  as  the  second  phase 
of  the  special  instrumentation  program.  The  heart  of  this  phase  is  a  light  weight 
flight  data  recording  instrument,  officially  described  as  the  Signal  Data  Recording 
Set  A/A24U-3,  which  will  be  placed  on  selected  firstline  aircraft  for  the  remainder 
of  the  life  of  that  aircraft.  This  instrument  will  be  capable  of  recording  50  hours 
of  flight  time  before  the  tape  is  replaced.  This  program  involves  extensive  team¬ 
work  between  the  Operational  Commands  at  the  squadron  level  and  the  interested 
Air  Materiel  Areas  of  AMC.  The  groundwork  is  now  laid  for  a  large  scale  pro¬ 
gram  which  will  be  of  considerable  value  in  aircraft  maintenance  work.  This  pro¬ 
gram  also  gives  airspeed,  acceleration  and  altitude  versus  time  or  one  degree  of 
freedom  type  information  as  shown  in  Figure  16.  The  results  of  this  program  feed 
back,  once  again,  into  the  fatigue  tests  and  design  criteria  areas. 
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EIGHT  CHANNEL  SERVICE  LOADS 


The  third  part  of  the  special  instrumentation  sub-program  has  been  referred 
to  as  the  "8  Channel  Service  Loads”  program.  Instead  of  acquiring  VGH  informa¬ 
tion  alone  (Figure  16),  additional  data  is  obtained,  as  shown  in  Figure  19,  which 
will  give  us,  in  terms  of  six  degrees  of  freedom,  the  exact  load  history  which  will 
be  encountered  by  an  aircraft  from  the  point  of  take-off  roll  to  the  point  of  touch¬ 
down  following  completion  of  the  flight  mission.  The  amount  of  data  which  will 
result  from  this  program  is  large.  At  the  present  time  the  Air  Force  expects  to 
instrument  only  a  10%  sample  of  those  aircraft  involved  in  the  life  history  program. 

As  Figure  20  clearly  indicates,  this  new  8-channel  recorder  program  is,  and 
has  been,  a  jointly  cooperative  one  with  the  Navy  and  National  Aeronautics  and 
Space  Administration.  In  fact,  the  8-channel  recorder  program  dates  back  to  1954. 
At  the  present  time  it  is  expected  that  large  quantity  production  of  this  instrument 
will  start  in  the  near  future. 

Insofar  as  ARDC  is  concerned  all  three  phases  of  this  instrumention  pro¬ 
gram,  as  shown  in  Figure  21,  will  be  vital  to  improving  both  fatigue  and  static 
test  work  and  these  efforts  will  certainly  result  in  the  improvement  of  design 
criteria. 


SONIC  FATIGUE 

Many  of  you  have  heard  of  the  problem  of  "Sonic  Fatigue.”  This  is  the  next 
phase  of  our  program  which  I  want  to  describe.  It  is  an  increasingly  serious  one 
as  performance  limits  of  modern  aircraft  are  moved  upward  and  engine  powers  are 
increased. 


The  decibel  limits  reached  in  current  aircraft  from  jet  engine  sources  are 
high.  Limits  of  164-170  decibels  are  typical  on  B-52,  B-58  and  KC-135  type  air 
craft. 


To  ref  resh  your  memories  from  engineering  school  days  let  me  point  out, 
as  shown  in  Figure  22,  that  for  each  increase  of  20  db  the  actual  pressure  level  is 
increased  by  a  factor  of  10  in  pounds  per  square  inch.  160  db  is  close  to  jet  engine 
take-off  power.  180  db  is  in  the  area  of  noise  emanating  from  large  boost  rocket 
sources.  Note  that  somewhere  between  180  and  200  db  the  pressure  level  appears 
to  increase  beyond  a  possible  14,7  pounds  per  square  inch  at  sea  level.  What 
happens  to  noise,  in  its  traditional  sense,  at  that  point  is  not  clear,  except  that  the 
wave  peaks  appear  to  crumble  into  the  wave  troughs.  To  date  and  to  my  knowledge 
such  sound  levels  have  not  been  achieved  experimentally  for  laboratory  examina¬ 
tion. 


The  second  factor  important  in  acoustic  fatigue  is  the  amount  of  acoustic 
power  available  to  react  on  airframe  structure.  In  the  last  decade,  acoustic  power 
output  has  increased  by  a  factor  of  100  -  from  the  days  of  the  F-80  to  those  of  the 
B-70. 
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The  cost  to  the  Air  Force  of  Engineering  Change  Procurement  Orders  to 
correct  sonic  fatigue  difficulties  has  risen  rapidly  in  the  last  several  years.  For 
example,  the  3-52  first  encountered  this  problem  in  its  early  days.  Structural 
changes  to  correct  this  sonic  fatigue  problem  were  time  consuming  and  costly. 

The  problem  was  considered  solved;  however  on  increasing  the  take-off  thrust 
in  the  later  models  of  the  airplane,  new  sonic  fatigue  problems  were  encountered 
which  had  to  be  corrected.  The  same  type  of  annual  cost  increase  curve  is  true 
for  the  B-66.  Even  our  new  KC-135  aircraft  are  not  immune  and  have  already 
required  expensive  maintenance  due  to  sonic  fatigue. 

Of  increasing  interest  to  the  designer  is  the  fact  that,  if  one  plots  rocket 
engine  thrust  against  sound  pressure  level  in  db,  as  shown  in  Figure  23,  it  is 
already  clear  that,  as  rocket  engine  thrust  continues  to  increase,  extremely  high 
noise  levels  will  be  reached.  Even  current  rockets  yield  average  sound  pressure 
levels  near  the  nozzle  of  around  170  db.  If  it  is  possible  to  continue  the  linear 
extrapolation  of  the  lines  shown  in  Figure  23,  it  is  interesting  to  note  that  sound 
pressure  levels,  near  the  nozzles  of  large  size  rockets  now  under  development, 
should  result  in  the  immediate  failure  of  traditional  structural  configurations. 

Even  fifty  feet  forward  of  the  nozzle,  sound  levels  will  be  encountered  which  could 
result  in  all  types  of  structural  and  equipment  failures  unless  the  effects  of  sonic 
noise  sources  are  taken  into  consideration  by  the  designer  in  the  development  of 
future  equipment  and  structure. 

Another  type  of  noise,  commonly  called  "Boundary- Layer  Noise"  is  one 
with  which  the  future  designer  must  cope.  The  plot  of  altitude  versqs  velocity 
(Figure  24),  includes  the  familar  missile  reentry  and  continuous  flight  corridor 
paths.  The  plot  has  superimposed  on  it  the  db  levels  which  will  be  encountered 
due  to  boundary  layer  noise.  Note  the  high  levels  involved. 

In  over  simplified  form,  boundary  layer  noise  results  from  the  turbulent 
flow  which  occurs  after  the  point  of  flow  discontinuity  has  been  reached  on  any 
flight  vehicle  surface  as  shown  in  Figure  25.  The  pressure  variations  between 
adjacent  vortices  of  air,  flowing  over  the  flight  vehicle  surface  at  approximately 
0.  8  the  velocity  of  flight  speed,  have  the  same  general  effect  on  structure  as  more 
traditional  sources  of  noise. 

In  the  case  of  one  current  high  performance  aircraft,  the  principal  frequency 
encountered,  from  a  point  ten  feet  behind  the  point  of  airflow  discontinuity  to  one 
sixteen  feet  aft,  may  vary  as  much  as  a  thousand  cycles  per  second. 

If  one  considers  that  future  structures  may  be  exposed  to  pressure  level 
variations  of  up  to  five  pounds  per  square  inch  or  more  and  thousands  of  times  per 
second  it  is  not  difficult  to  see  why  the  Air  Force  is  concerned  about  sonic  fatigue 
in  future  weapons  systems. 

In  order  to  study  sonic  fatigue  type  phenomena  the  Air  Research  and  Develop¬ 
ment  Command  plans  a  large  scale  sonic  test  facility  which  will  include  a  test 
chamber  approximately  80  x  80  x  40  feet  in  size,  with  a  siren  bank  noise  source 
capable  of  producing  up  to  one  million  watts  of  acoustic  energy  at  a  pressure 
level  up  to  175  db. 

In  order  to  reduce  construction  costs  to  a  minimum  the  20  foot,  sub- sonic 
Massie  Wind  Tunnel  at  Wright  Air  Development  Center  is  being  dismantled  and. 


wherever  possible,  existing  bricks,  mortar  and  equipment  are  being  used  in  the 
new  construction  program.  This  facility  has  recently  received  House  and  Senate 
Appropriations  Committee  approval. 

A  great  deal  of  high  priority  effort  must  be  forthcoming  in  this  field  in  years 
to  come  if  the  sonic  fatigue  problem  is  not  to  prove  a  bottleneck  in  future  flight 
vehicle  operation.  Figure  26  outlines  how  the  sonic  fatigue  area  reflects  back  into 
the  total  structural  integrity  program. 

HIGH  TEMPERATURE 

You  are  all  familiar  with  the  problem  of  high  temperature.  It  is  included  in 
our  program  because  of  its  impact  on  the  fatigue  problem. 

Figure  27  is  a  chart  of  temperature  in  degrees  F  plotted  against  what,  in 
effect,  is  the  "efficiency"  of  the  material  shown.  Included  are  several  of  the  dif¬ 
ferent  types  of  materials  which  were  considered  for  use  in  the  B-70.  Note  in 
particular  how  the  traditional  24  ST  and  75  ST  materials  drop  in  usefulness  for 
aircraft  structure  after  a  temperature  of  200  degrees  F  has  been  reached.  AM350 
was  selected  for  certain  portions  of  the  structure  of  the  B-70.  It  is  interesting 
to  note,  in  Figure  28,  how  rapidly  even  AM350  decreases  in  usefulness  at  the 
temperatures  which  will  be  encountered  in  future  flight  vehicles. 

It  is  currently  felt  that  a  10  hour  life  for  leading  edge  structure  in  a  boost- 
glide  type  vehicle  is  about  all  that  the  designer  can  expect.  Materials  for  such  use 
are  shown  in  Figure  29. 

In  order  to  remedy  this  situation  a  great  deal  of  materials  research  is  under 
way  throughout  the  country.  It  is  hoped  that  practical  material  operating  tempera¬ 
ture  limits  available  to  structural  component  designers  can  be  increased  in  the  5 
year  time  period  as  outlined  in  Figure  30. 

Design  criteria  which  result  from  high  temperature  studies,  (Figure  31), 
of  both  material  and  structural  configurations  must  be  considered  by  the  flight 
vehicle  designer  in  future. 


DESIGN  CRITERIA 

The  extensive  and  expensive  program  already  described  does  not  achieve 
optimum  value  unless  the  results  are  made  available  at  the  earliest  possible  date 
to  the  aircraft  designer.  The  Air  Research  and  Development  Command  is  making 
special  efforts  in  this  connection  to  insure  that  the  lessons  learned  from  the  total 
Structural  Integrity  Program  described  will  be  published  as  soon  as  possible. 

It  may  interest  you  to  note  that  the  Wright  Air  Development  Center  is  not 
satisfied  with  developing  design  criteria  in  the  traditional  sense.  As  shown  in 
Figure  32,  research  efforts  are  under  way  in  various  phases  of  design  criteria 
work  to  improve  their  validity  and  to  get  them  to  you  at  the  earliest  possible  date. 

As  a  result  of  recent  cooperative  effort  between  the  National  Aeronautics  and 
Space  Administration,  the  Department  of  Navy  and  the  Department  of  Air  Force 
criteria  experts  working  together  have  evolved  proposed  engineering  service  life 
values  for  different  types  of  aircraft.  It  is  clearly  realized  that  service  life  de¬ 
sired  in  any  class  of  vehicle  is  dependent  on  many  other  factors  such  as  actual 


operational  life  required  by  the  Operating  Command  involved.  The  times  listed 
in  Figure  33  have  been  made  available  to  Air  Force  Headquarters  as  engineering 
estimates.  In  due  course  the  Air  Force  will  make  available  to  industry  desired 
aircraft  service  life  values  in  order  that  the  industrial  designer  will  know  better 
how  to  design  future  weapon  systems. 

This  joint  AMC-ARDC  program  to  improve  service  life  estimates,  reduce 
fatigue  incidence,  develop  better  design  criteria,  etc.,  as  just  described,  has 
been  presented  to  higher  authority  and  has  received  the  personal  approval  of  the 
Vice  Chief  of  Staff,  USAF,  General  Curtis  E.  LeMay.  The  General  has  assigned 
the  program  an  extremely  high  priority.  Thus,  the  basic  program  deficiencies 
originally  mentioned  have  been  corrected 

In  funding  a  part  of  this  program,  the  Air  Force  is  protecting  the  invest¬ 
ment  in  SAC  aircraft  with  a  research  and  development  type  insurance  policy. 

This  will  not  only  assist  in  protecting  our  first  line  fleet  of  today  and  tomorrow 
but  will  also  aid  in  reducing  the  expensive  "Fixit"  program  which  could  evolve 
over  the  next  several  years. 

MATERIALS  FATIGUE  PROBLEMS 

To  be  certain  that  flight  vehicles  of  the  future,  using  the  typical  double  wall 
structural  configurations  in  Figure  34,  do  not  run  into  the  same  or  similar  struc¬ 
tural  integrity  problems  that  exist  in  our  high  performance  aircraft  fleets  of  today, 
it  became  necessary  to  delve  ever  deeper  into  the  basic  causes  of  fatigue.  This 
seaxoh  made  it  clear  that  we  do  not  know  enough  about  the  fundamentals  of  fatigue 
in  materials  and  structure,  both  research  and  engineering  wise.  For  example, 
the  few  application  theories  that  do  exist  are  challenged  by  experts  in  the  field 
and  sources  of  environmental  materials  fatigue  have  increased  rapidly  in  terms 
of  aero-space  vehicle  designs  of  tomorrow.  It  is  clear  that  henceforth  the  fatigue 
problem  must  become  not  only  an  integral  part  of  the  structural  design  problem  but 
also  a  part  of  operational  utilization  planning. 

Let  us  look  for  a  moment  at  the  basic  materials  fatigue  problem.  As  shown 
in  outline  sketch  form  in  Figure  35  the  mechanism  of  crack  nucleation  has  re¬ 
ceived  detailed  study  at  the  visual  and  microscopic  levels.  It  has  also  been  in¬ 
vestigated  at  the  atomic  level.  We  may  find  it  necessary  to  investigate  fatigue 
at  the  sub-atomic  level.  We  must  have  a  better  understanding  of  the  process  of 
crack  nucleation.  There  is  no  completely  satisfactory  explanation  of  this  mechan¬ 
ism  today. 

In  another  way  we  must  now  consider  the  relation  of  crack  nucleation  to  the 
types  of  applied  loading  and  environment  to  which  future  flight  vehicles  will  be 
subjected  (Figure  36).  Certainly,  the  factors  of  radiation,  particle  bombardment, 
vacuum  and  corrosive  atmospheres  must  be  studied  individually  and  collectively 
with  that  of  increasing  higher  and  lower  temperature  limits.  Although  some  iri- 
dividual  empirical  relationships  are  available,  we  do  not  have  a  unified  under¬ 
standing  of  all  the  principles  and  fundamentals  involved. 

Further,  such  material  properties,  as  outlined  in  Figure  37,  affect  the 
mechanism  of  crack  nucleation.  We  are  familiar  td  some  extent  with  the  effect 
of  impurities  encountered  in  large  production  runs  of  materials.  We  know  much 
about  the  mechanical  and  magnetic  properties  of  materials.  But,  if  we  combine 
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these  with  increasingly  severe  thermal  limits,  the  effects  of  chemical  environ¬ 
ment,  etc. ,  we  see  an  increasing  need  for  a  unified  understanding  of  all  these 
interactions  that  will  work  concurrently  on  materials  and  structure. 

Further,  we  must  be  able  to  take  the  results  of  precisely  controlled  labora¬ 
tory  sine  wave  loading  conditions  on  selected  specimens  and  extrapolate  these  to 
the- random  loadings  which  occur  in  practice,  as  shown  in  Figure  38. 

FUTURE  GOALS 

You  have  heard  in  brief  form  the  ARDC  portion  of  the  joint  AMC-ARDC  pro¬ 
gram  of  "Structural  Integrity  for  High  Performance  Aircraft"  and  have  seen  a 
glimpse  of  our  future  planning.  But  this  in  itself  is  not  enough,  we  must  also  have 
a  set  of  goals  toward  which  to  strive.  Here  then  are  several  such  goals  we  must 
reach  at  the  earliest  possible  date. 

We  must  learn  how  to  emphasize  and  integrate  the  concept  of  structural 
integrity  into  the  design  mission  of  the  flight  vehicle.  Structural  integrity  re¬ 
quirements  must  receive  equal  consideration  with  performance  parameters  as  the 
military  mission  of  the  flight  vehicle  is  evolved  or  changed. 

We  must  learn  how  to  profit  more  quickly  from  the  structural  knowledge 
gained  in  the  design,  fabrication,  inspection  and  service  operation  of  aircraft 
and  missiles,  if  these  data  are  to  be  made  available  to  the  aerospace  vehicle 
designer  in  time  to  do  him  any  real  good. 

We  must  learn  how  to  obtain  sufficient  information  from  one  test  article 
which  when  supplemented  with  improved  fatigue  analysis  methods  will  provide 
substantiation  of  structural  strength  and  fatigue  life  of  the  flight  article. 

We  must  learn  how  to  extend  the  application  and  interpretation  of  static  and 
fatigue  component  tests  through  improved  analysis  methods  to  provide  reliable 
indications  of  structural  integrity  of  the  full  scale  article. 

We  must  learn  in  a  technical  as  well  as  in  a  management  sense  how  to  speed 
the  transition  and  control  of  the  instrumentation  and  data  handling  phases  of  our 
program  in  the  research  and  development  areas  to  that  of  service  engineering 
and  maintenance. 

We  must  learn  how  to  compress  the  time  it  takes  to  acquire,  reduce  and 
release  flight  load  data  in  final  design  criteria  form  as  well  as  to  rework  it  in 
a  form  useful  to  service  engineering  and  maintenance  managers  and  the  operational 
planner. 

We  must  learn  how  to  attain  increased  selectivity  in  the  application  of  in¬ 
strumentation  for  recording  flight  load  experience  of  all  types  without  sacrificing 
the  statistical  reliability  of  the  data  obtained. 

These  seven  goals  can  be,  in  my  opinion,  seven  league  boots  to  a  success¬ 
ful  resolution  of  our  mutual  structural  integrity  problem  -  now  and  in  future. 

My  time  is  up  so  let  me  summarize  by  saying  that: 


The  impact  of  fatigue  on  aircraft  service  life  is  a  problem  now  and  will 
continue  to  be  in  the  foreseeable  future.  No  modern  high  performance  flight 
vehicle  is  immune.  The  technical  approach  recommended  is  mandatory  if  a 
rational  basis  for  developing  adequate  structural  integrity  in  current  and  future 
aerospace  vehicles  is  to  be  achieved  --in  time. 

To  do  so. state  of  the  art  and  frontiers  of  knowledge  in  this  area  must 
advance  more  rapidly  than  at  present.  Your  support  is  urgently  recommended. 
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ACCELERATIONS  •  TERRAIN  PHOTOS 

PITCH,  ROLL,  YAW  RATES 
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EXTERNAL  NOISE  LEVELS  OF  MISSILE 

DURING  LAUNCH 
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SPECIFIC  STRENGTH  vs  TEMPERATURE 
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THERMAL  ELECTRICAL  8 

PROPERTIES  MAGNETIC  PROPERTIES 

EMPIRICAL  RELATIONSHIPS  HAVE  BEEN  DEVISED  BY  ENGINEERING  AD-HOC 
TESTING,  BUT  NO  UNIFIED  UNDERSTANDING  IS  AVAILABLE 


A  BASIC  PROBLEM: 

WHAT  IS  THE  CUMULATIVE  EFFECTS  OF  RANDOM 
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MAINTENANCE  AND  LOGISTIC  ASPECTS 
OF  STRUCTURAL  FATIGUE  PROBLEMS 


By 

MAJOR  GENERAL  T.  P.  GERRITY,  COMMANDER 
OKLAHOMA  CITY  AIR  MATERIEL  AREA 


As  I  was  listening  to  this  story  unfold  this  morning,  it  occurred  to  me  that, 
as  in  most  symposiums  or  meetings  of  this  type,  we  tend  to  beat  the  problem  to 
death  before  we  get  around  to  talking  about  the  solution.  So,  as  I  listened  to  each 
speaker  unfold  his  story,  I  gradually  threw  pages  of  my  speech  away.  As  you 
heard  other  speakers  say,  the  Oklahoma  City  Air  Materiel  Area,  or  OCAMA 
for  short,  is  involved  in  the  B-47  program.  We're  involved  very  deeply,  not 
only  in  the  B-47  program  but  in  the  B-52  and  KC-135  programs  as  well.  Since 
we  were  so  deeply  involved  in  the  B-47  program  which  kicked  off  the  large  ef¬ 
fort  that  we  are  discussing  today,  I  hope  you'll  forgive  me  if  I  beat  this  subject 
to  death  just  a  little  bit  more. 

After  the  learned  discussions  you  have  heard  here,  I  am  sure  that  I  can't 
add  to  the  technical  studies  that  have  been  made.  I  can,  however,  give  you  some 
insight  from  the  service  support  viewpoint.  First,  let  me  explain  our  mission 
very  simply.  OCAMA,  as  a  sub-command  of  Air  Materiel  Command,  provides 
logistic  support  for  the  weapons  for  which  we  are  responsible.  It's  an  over- 
simplication  to  say  our  mission,  basically,  is  to  support  SAC,  but  this  will 
serve  well  for  this  discussion.  Actually,  we're  supposed  to  get  the  supplies  to 
the  customer  when  they're  needed.  We're  supposed  to  provide  technical  data  as 
part  of  the  Air  Force  team  working  with  the  contractor  and  ARDC  on  the  main¬ 
tenance  and  servicing  of  the  products,  both  in  the  field  and  in  the  depot.  We  are 
also  supposed  to  contract  for  that  repair  or  modification  in  the  depot  or  the 
contractor's  plants.  Occasionally  we  have  the  problem  of  providing  area  support. 
In  these  cases  we  send  our  people  into  the  field  to  work  on  a  technical  basis, 
providing  assistance  to  take  care  of  problems  that  are  beyond  the  manpower  and 
know-how  capabilities  of  the  bases.  This,  very  simply  stated,  is  our  mission. 

Before  I  get  into  the  story  of  the  B-47,  I  would  like  to  generalize  for  a 
moment.  Do  you  know  that  approximately  90%  of  our  logistic  difficulties  in 
supporting  the  customer  involve  engineering  problems?  Very  few  of  our  customer 
support  headaches  in  the  field  stem  from  simple  supply  and  maintenance  problems. 
The  basic  difficulties  are  engineering  deficiencies  across  the  multitude  of  equip¬ 
ment  that  we  support  -  not  just  aircraft  -  but  their  many  thousands  of  components. 
At  the  base  of  practically  any  logistic  support  problem  or  supply  shortage  in  the 
field,  I  can  show  you  an  engineering  deficiency.  Now  why  is  this  important  to 
bring  out  in  a  session  such  as  this?  It  is  important  simply  because  most  of  these 
engineering  deficiencies  involve  fatigue  or  failure  of  components  and  of  equipment. 
Many  of  these  are  metal  or  electronic  components.  These  engineering  deficien¬ 
cies  cause  unpredictable  failures  which  prevent  the  equipment  in  the  field  from 
achieving  reliability.  This  creates  terrific  problems  in  the  support  area  because 
we  cannot  provision,  gentlemen,  to  support  equipment  that  doesn't  live  out  a 
reasonably  predicted  life  between  overhauls.  Hence,  the  problem  of  vibration 
fatigue  goes  well  beyond  the  B-47,  or  the  B-52,  or  other  major  weapons  that  we 
are  discussing.  It  goes  right  into  the  vitals  of  the  equipment  we  use  in  these 
weapons  and  constitutes  today's  biggest  AMC  headache  in  obtaining  the  proper 
posture  to  support  the  customer. 
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Most  of  you  in  the  audience  who  are  contractors  are  very  keenly  aware  of 
this  point.  But  I  am  not  so  sure  that  all  of  the  folks  who  are  involved  in  this 
symposium  are  as  aware  of  this  as  they  might  be.  Therefore,  I  would  like  to 
ask  you  to  bear  in  mind  this  basic  problem  as  you  labor  to  find  solutions  to  these 
problems  of  structural  fatigue  and  vibration  failure.  Here  is  an  example  of  what 
we  are  facing  in  obtaining  good  equipment  service  life.  For  years  we  have  been 
trying  to  determine  a  way  of  predicting  the  service  life  of  turbine  wheels  for  jet 
engines.  We  have  not  found  a  way  yet  except  through  destructive  testing.  When 
a  jet  engine  comes  back  for  overhaul,  ordinarily,  the  wheels  are  condemned  if 
there  is  any  suspicion  that  they  have  been  subject  to  over-temperature  operation 
because  we  lack  a  method  of  non-destructive  testing.  Now  this  used  to  be  a 
small  cost  --  about  $1500.  00  in  a  J  —  3 3  engine  --  but  in  a  J-79  we’re  talking  about 
$15,000.00.  These  are  important  dollars  and  involve  logistic  support  of  the  Air 
Force  as  well  as  funds  for  research  and  development  leading  to  future  weapons. 

Now,  the  sonic  fatigue  problem  which  has  been  mentioned  here  several  times 
this  morning  has  been  a  source  of  difficulty  ever  since  we  got  into  high  perform¬ 
ance  jet  aircraft.  We  have  had  failure  after  failure  of  this  type  on  the  B-47  and 
the  B-52.  Fortunately,  practically  none  of  these  resulted  in  a  loss  of  aircraft, 
but  they  were  catastrophic  in  the  sense  that  we  had  to  go  into  all-out  modification 
problems  to  cure  the  source  of  the  trouble.  In  most  cases  this  has  been  a  patch- 
work  affair.  We  have  not  found,  as  yet,  good  cures  for  sonic  vibration  failures. 

Towards  the  goal  of  doing  a  better  job  as  a  member  of  the  team  ~~  the  Air 
Force-Industry  Team  responsible  for  the  task  of  supporting  combat  aircraft  in 
the  field  --  we  have  recently  in  the  AMA's  of  AMC  taken  over  what  ig  known  as 
in-service  engineering  responsibilities.  Through  building  up  the  engineering 
capability  to  fix  the  weapons  in  the  field  today,  we  are  developing  better  data  to 
feed  back  to  industry  tomorrow.  This,  in  turn,  will  help  you  in  establishing 
future  design  criteria. 

Before  I  discuss  the  B-47,  I  think  I  should  say  that  the  stratojet  problems  in 
my  opinion,  and  in  the  opinion  of  the  Air  Force,  were  clearly  not  Boeing's 
responsibility.  They  were  created  by  using  an  airplane  far  beyond  the  original 
design  for  which  it  was  built.  I'd  like  to  turn  this  needle  around  a  little  bit 
(because  it  appears  to  have  been  a  needle)  and  commend  Boeing  for  having  done 
an  outstanding  job,  not  only  in  providing  a  fix  for  the  B-47  when  these  catastro¬ 
phic  failures  occurred,  but  in  carrying  through  a  cyclic  test  program  to  develop 
criteria  which  is  helping  to  pierce  the  frontiers  of  this  very  difficult  fatigue  prob¬ 
lem. 


Let  me  go,  then,  to  the  B-47  story.  We  know  from  what  has  been  said  here 
previously  where  the  failures  occurred  on  this  aircraft.  We  also  know  that  they, 
occurred  because  the  aircraft  was  used  beyond  its  original  design  concepts.  We 
in  the  AMA's  of  AMC  found  out,  through  these  B-47  failures,  that  we  could  no 
longer  rely  on  older  methods  of  maintenance  and  inspection  to  find  structural 
deterioriation  of  this  type.  Fatigue  failures  such  as  occurred  were  not  evident, 
in  the  incipient  stages,  to  our  normal  visual  inspection  systems.  Furthermore, 
these  could  occur  in  portions  of  aircraft  which  were  inaccessible  visually.  It 
became  apparent  to  us  that  we  had  to  develop  a  much  more  precise  method  of 
determining  and  fixing  weak  points  in  structures  caused  by  fatigue,  and  to  do 
this  early  in  the  service  life  of  high  performance  aircraft,  that  is,  in  sufficient 
time  to  permit  correction  through  modification  without  encountering  catastrophic 
service  failure  and  the  bad  effects  that  are  created  by  these  failures:  loss  of 
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life,  loss  of  confidence  in  a  weapon,  and  the  terrific  impact  upon  the  logistics 
system  throughout  the  nation.  When  we  had  to  go  into  Project  "Milk  Bottle,  " 
which  was  the  B-47  structural  repair  effort,  overnight  we  involved  some  five 
agencies;  three  contractors,  and  two  Air  Materiel  Areas.  Headquarters  USAF 
wanted  an  all  out  effort.  We  worked  on  this  'effort  for  a  period  of  six  months 
modifying  some  1800  B-47  airplanes.  Some  of  the  first  were  fixed  on  an  interim 
basis  because  we  didn't  know  what  the  final  fix  was  --or  what  we  hoped  the  final 
fix  was  --  but  the  Strategic  Air  Command’s  urgent  need  for  these  aircraft  pre¬ 
cluded  a  wait. 

This  was  just  a  part  of  the  impact.  Of  course,  whenever  you  work  all-out, 
seven  days  a  week,  twenty-four  hours  a  day,  you  realize  that  you  are  somewhat 
wasteful  of  money  and  resources,  yet  we  had  no  alternative  in  this  case.  Another 
impact  which  was  less  evident,  but  nevertheless  real,  was  the  curtailment  of 
other  projects  of  importance  in  order  to  put  our  whole  energy  and  limited  re¬ 
sources  into  the  B-47  project.  As  a  matter  of  fact,  we  have  a  problem  in  SAC 
today  because  we  stopped  repairing  the  KC-97  tankers  during  this  period. 

Now,  there  are  a  couple  of  things  that  we  encountered  in  the  "Milk  Bottle" 
modification  at  all  facilities  that  bear  brief  mention.  First,  we  found  out  that 
our  inspection  processes  were  inadequate  to  the  task  of  examining  this  high  per¬ 
formance,  complex  jet  airplane.  We  found  that  we  needed  to  develop  new  tools 
such  as  borescopes  of  a  special  design  to  allow  examination  of  the  bolt  holes  of 
the  highly  stressed  center  section  of  the  wing  of  the  airplane.  Once  we  got  the 
scopes,  we  were  not  exactly  sure  of  what  we  were  looking  for  or  how  to  find  it, 
so  we  had  to  develop  techniques  to  help  us  do  that.  Now,  gentlemen,  it’s  one 
thing  to  look  at  a  "clean"  structure  and  determine  whether  it  is  deteriorating  down 
to  the  point  of  being  unsound,  but  it  is  another  thing  to  look  at  a  structure  that 
has  been  out  in  the  field  subject  to  a  certain  amount  of  dirt  and  corrosion.  You 
cannot  examine  this  sort  of  structure  very  clearly  nor  can  you  determine  if  there 
are  cracks  in  it  without  first  etching  it  with  acid.  However,  we  found  out  in 
some  of  our  inspections  that  the  etching  with  acid  led  to  a  question  of  whether  we 
were  doing  good  by  making  the  inspection.  It  led  to  some  doubt  as  to  the  quality 
of  our'  job.  To  be  very  frank  with  you,  gentlemen,  although  I  think  on  the  whole 
our  job  was  done  very  well,  we're  not  certain  whether  or  not  we  have  left  a 
condition  which,  combined  with  moisture,  may  produce  corrosion  under  stiess 
conditions  in  the  future.  This  makes  it  mandatory  that  we  watch  closely  the 
continued  operation  of  these  airplanes  and  perform  sample  tear-downs  as  they 
age  further. 

Another  thing  we  discovered  during  Project  "Milk  Bottle"  was  that  we  needed 
much  better  equipment  than  the  old  hand  tools  and  drills  to  re-drill  and  ream 
holes  in  this  highly  stressed  structural  area.  We  needed  better  tools  all  around 
to  do  the  job  with  repetitive  quality.  We've  learned  this  in  the  production  pro¬ 
cesses  of  some  of  our  newer  airplanes  too.  I  think  we  have  still  more  to  learn 
because  one  of  our  most  serious  problems  in  some  of  our  high’-y  stressed  and 
highly  complex  equipment  today  is  the  problem  of  obtaining  repetitive  quality. 

Of  course  we  want  to  avoid  more  project  "Milk  Bottles,  "  Therefore, 
based  on  what  we  have  learned,  we  have  embarked  on  the  program  which  Colonel 
Taylor  described  to  you  of  extensive  cyclic  testing  of  B-47  aircraft,  the  cyclic 
testing  of  B-52's,  and  we  intend  also  to  go  into  the  cyclic  testing  of  the  KC-135, 
This  latter  program  will  enable  us  to  find  out  early  in  the  service  life  of  an  air¬ 
plane  what  its  life  expectancy  might  be.  This  can  be  done  by  timing  the  flight 
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load  surveys  with  the  cyclic  test  spectrum,  correlating  the  two  together,  and  ' 
thus  predicting  a  life  based  on  actually  cycling  through  an  estimated  life  period. 
Using  this  method  on  the  B-47,  as  Colonel  Taylor  mentioned  to  you  earlier,  we 
solved  the  longeron  problem  before  we  had  catastrophic  failures  in  the  field. 

This  was  of  utmost  importance.  It  didn’t  preclude  an  expensive  retrofix,  but 
it  did  avoid  sudden  failure  and  the  loss  of  aircraft  and  life. 

Looking  ahead,  what  we  need  to  know  more  clearly  is  the  expected  life  of 
an  airplane  with  inspection  and  repair,  and  its  ultimate  life  without  repair. 

We  hope  that  through  the  efforts  of  this  group  and  others,  we  will  find  some  good 
answers  to  this  question.  We  need  to  correlate  our  flight  test  and  load  spectrum 
programs  with  actual  flight  experience.  We  will  do  this  through  the  VGH  recorder 
program.  Colonel  Watkins  mentioned  that  this  program,  once  it  got  to  OCAMA, 
was  somewhat  obscure.  I  don't  believe  there’s  anything  obscure  about  it  except 
that  we  still  haven't  been  able  to  start.  However,  we  intend  to  work  closely  with 
SAC  and  with  ARDC  to  provide  data  reduction  information  which  will  be  useful 
for  design  purposes,  as  well  as  useful  for  SAC  operational  purposes.  We  intend 
also  to  use  the  data,  correlated  with  information  based  on  the  cyclic  tests,  to 
schedule  the  amount  of  IRAN  needed. 

Now,  in  addition  to  rescheduling  and  refining  our  aircraft  inspection  program, 
we  have  decided  that  we  need  complete  structural  tear -down  of  sample  quantities 
of  aircraft,  in  spite  of  the  fact  that  we  are  learning  much  from  these  cyclic 
tests.  Through  these  actions,  I'm  satisfied  that  on  aircraft  like  the  B-47,  the 
B-52,  and  the  KC-135,  we  will  be  able  to  counter  most  of  our  structural  prob¬ 
lems  before  they  becotne  catastrophic.  I  don't  think  we  will  be  able  to  avoid 
emergency  type  repairs  to  prevent  structural  deficiencies  from  becoming  cata¬ 
strophic  in  the  future,  but  I  think  we'll  be  able  to  catch  them  in  time.  But  it  is  a 
very  great  disappointment  to  me  that  our  lack  of  know-how  is  so  great  that  the 
only  way  I  can  assure  myself,  or  my  people  can  assure  me  at  OCAMA,  that  the 
B-47  or  the  B-  52  continues  to  be  sound  structurally  is  by  a  complete  tear-down 
examination.  I  believe  that  this  lack  of  information  should  spur  us  on  to  try  to 
learn  more  about  the  fundamental  characteristics  of  metals  and  materials, 
vibration,  and  stress  corrosion  so  that  we  can,  with  much  more  accuracy,  pre¬ 
dict  the  structural  life  of  equipment  or  weapons  without  encountering  catastrophic 
failures,  I  think  this  is  very  important  not  only  for  major  weapons  like  the 
B-52  and  the  KC-135,  but  also  for  the  less  dramatic  areas  of  aircraft  equipment 
and  components.  Because  we  have  no  sound,  predictable  life  for  these,  we  are 
faced  today  with  serious  problems  of  support. 

If  we  can  solve  some  of  these  problems,  then  indeed  we  will  have  reliable 
equipment  in  the  future.  Reliability  is  an  absolute  essential  to  the  success  of 
hypersonic  aircraft,  missiles,  and  the  spacecraft  of  the  future.  We  talked 
about  the  money  we  spent  on  the  KC-135,  the  B-52  and  the  B-47  and  what  we 
expect  to  spend  on  the  SAC  fleet  in  the  next  five  years  or  so.  I  think  this  is 
small  potatoes  when  you  consider  what  we  might  have  to  spend  in  the  future  if 
we  don't  find  some  fundamental  answers  to  the  problem  of  fatigue  and  stress 
corrosion.  From  my  point  of  view,  the  Air  Force,  the  aircraft  industry,  and 
the  research  industries  which  have  made  such  a  great  contribution  to  the  advance 
of  aerospace  science  have  failed  miserably  in  this  one  area.  I  think  we  have 
contributed  to  that  failure  by  failing  to  foresee  the  need  for  a  research  and  de¬ 
velopment  money  to  enable  industry  to  solve  this  problem  in  the  immediate 
future.  In  addition,  I  urge  the  colleges  and  universities  in  their  research  not  to 
wait  for  us  to  finance  all  of  it  but  to  get  after  the  problem  themselves. 


*  O 
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PROBLEMS  AND  PROGRESS  IN  MATERIALS 
RESEARCH  AND  DEVELOPMENT 


By 

Richard  R.  Kennedy 
Materials  Laboratory 
Wright  Air  Development  Center 

Fatigue  is  defined  in  the  1948  edition  of  the  Metals  Handbook  as  the  tendency 
for  a  metal  to  break  under  conditions  of  repeated  cyclic  stressing  considerably  be¬ 
low  the  ultimate  tensile  strength.  That  is  a  clear  and  simple  definition,  but  the 
details  of  the  "conditions"  leading  to  fatigue  failure  are  difficult  to  describe  or 
determine.  I-’,  has  long  been  recognized  that  conditions  leading  to  the  fatigue  fail¬ 
ure  of  a  structure  are  often  extremely  complex  and  include  many  variables.  There¬ 
fore  we  must  differentiate  between  the  study  of  structural  fatigue  failure  and  the 
study  of  the  phenomenon  of  fatigue  where  variables  can  be  isolated  and  controlled. 

One  of  the  early  investigators  in  the  field  of  fatigue  was  Woehler,  the 
German  scientist.  He  worked  on  the  subject  around  1840,  and  discovered  many 
things  which  are  useful  today*  He  devised  a  fatigue  machine  so  good  that  it  was 
used  well  into  the  present  century.  I  will  not  attempt,  however,  to  trace  the  long 
history  of  fatigue  down  to  more  recent  times. 

When  the  airplane  was  invented,  it  soon  became  evident  that,  due  to  its  very 
nature,  all  parts  were  highly  stressed  and  were  subjected  to  cyclic  loading.  It 
was  also  recognized  that  failure  of  an  important  part  was  disastrous,  so  fatigue 
was  a  subject  of  primary  importance.  For  more  than  forty  years,  the  Materials 
Laboratory  has  had  an  active  program  on  both  the  phenomenon  of  fatigue  and  struc¬ 
tural  fatigue  failure. 

R.  R.  Moore  was  a  member  of  the  Materials  Laboratory  staff  when  he 
developed  the  rotating  beam  fatigue  machine  which  bears  his  name.  It  has  been 
the  most  widely  used  fatigue  machine  in  this  country. 

The  work  of  Johnson  and  Oberg,  carried  out  over  a  period  of  many  years, 
won  national  recognition  and  contributed  much  to  our  knowledge  of  fatigue. 

One  of  the  older  problem  areas  is  that  of  the  endurance  limit.  The  endurance 
limit  is  defined  by  the  Handbook  as  the  maximum  stress  that  a  metal  will  with¬ 
stand  without  failure  during  a  large  number  of  cycles  of  stress.  On  a  S-N  curve, 
it  is  the  point  where  the  curve  approaches  the  horizontal,  so  it  would  be  expected 
that  no  very  great  change  in  load  carrying  ability  would  take  place  as  the  number 
of  cycle 8  is  extended. 

It  is  generally  considered  that  non-ferrous  metals  do  not  have  a  true  endur¬ 
ance  limit,  so,  in  fatigue  testing,  they  are  subjected  to,  say,  100  million  or  500 
million  cycles,  and  the  endurance  limit  is  reported  as  the  stress  which  that  partic¬ 
ular  alloy  will  withstand  at  that  number  of  cycles.  It  is  assumed  that  the  endurance 
will  continue  to  drop  slowly  as  the  number  of  cycles  increases.  For  the  strong 
aluminum  alloys,  the  endurance  limit  at  500  million  cycles  is  frequently  reported. 
To  determine  the  effect  of  much  longer  periods  of  cycling,  it  was  demonstrated, 
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in  a  9  billion  cycles  test  program,  that  there  is  no  significant  change  in  the  endur¬ 
ance  limit  beyond  500  million  cycles,  indicating  that  current  practice  gives  a  safe 
figure  for  such  alloys. 

It  has  been  postulated  that  steel  has  a  true  endurance  limit  of  about'  50%  of 
its  ultimate  tensile  strength.  The  endurance  limit  at  10  million  cycles  is  con¬ 
sidered  to  be  adequate  for  any  number  of  cycles.  This  has  been  supported  by 
many  years  of  service  experience  with  steels  heat-treated  to  180,  000  psi  or  less. 

When  the  ultra-high- strength  steels  were  introduced,  it  was  discovered  that, 
at  these  high  strength  levels,  the  endurance  limit  was  much  lower  than  50%  of  the 
ultimate  tensile  strength.  A  long  and  careful  stud-y,  conducted  on  both  internal 
and  sponsored  bases,  showed  that  the  endurance  limit  in  ultra-high- strength  steels 
is  influenced  by  the  number,  size  and  distribution  of  inclusions.  Steels  have  been 
produced  during  the  course  of  the  investigation,  usually  by  vacuum  melting  and 
using  sophisticated  deoxidation  methods,  in  which  the  endurance  limit  is  50%  or 
more  of  the  tensile  strength  at  strength  levels  as  high  as  280,  000  psi.  These 
steels  are  substantially  free  from  large  inclusions,  and  the  inclusions  present  are 
below  a  certain  critical  size. 

Work  was  conducted  by  the  Materials  Laboratory  to  determine  whether  the 
ten  million  cycle  endurance  limit  is  safe  for  these  pure,  ultr a -high-  strength  stee Is. 
In  this  investigation,  specimens  failed  after  as  many  as  485  million  cycles,  demon¬ 
strating  that  the  10  million  cycle  endurance  limit  is  not  reliable  if  a  part  is  to  be 
subjected  to  a  very  large  number  of  cycles. 

One  of  the  variables  which  can  be  controlled  in  a  fatigue  test  is  surface 
finish;  so  fatigue  specimens  are  finished  with  great  precision.  Aircraft  parts 
cannot  be  finished  to  the  same  degree  of  perfection.  It  is  known  that  notches  and 
other  surface  irregularities  have  an  important  influence  on  the  fatigue  life  of  a 
part.  This  makes  it  difficult  to  apply  the  results  of  laboratory  tests  to  the  design 
of  parts  and  components.  A  study  of  the  role  of  notches  in  fatigue  has  been  con¬ 
ducted  over  a  period  of  years.  It  has  been  shown  that  the  geometry  and  sharpness 
of  a  notch  have  a  profound  effect  on  specimen  life.  We  now  have  a  much  clearer 
understanding  of  notch  behavior  to  aid  designers  in  arriving  at  safe  configurations 
for  aircraft  and  missile  parts. 

Inspection  of  a  typical  S-N  curve  will  show  that  a  metal  will  withstand  a 
relatively  high  stress,  above  the  endurance  limit,  for  a  limited  number  of  cycles 
without  failure.  The  behavior  of  materials,  under  repeated  application  of  loads 
of  varying  amplitude,  is  an  important  problem  in  materials  application  to  air¬ 
craft  and  missiles.  Most  structures  and  components  are  subjected  to  a  random 
fluctuation  of  loads,  whereas  conventional  fatigue  tests  are  conducted  under  con¬ 
stant  load.  In  order  to  take  the  effect  of  such  load  spectra  into  consideration,  a 
linear  cumulative  damage  theory  has  been  widely  used  for  years  which  does  not 
present  a  sufficiently  close  approximation  of  the  real,  complex  process  of 
fatigue  damage  under  varying  stress  amplitudes. 

Theoretical  and  experimental  efforts  to  improve  the  cumulative  damage  rule 
have  led  to  the  development  of  a  semi-empirical,  non-linear  cumulative  damage 
rule.  The  validity  of  this  new  rule  has  been  proved  by  random  spectrum  loading 
experiments,  based  on  actual  flight  records,  for  several  structural  materials, 
demonstrating  a  considerable  improvement,  which  will  allow  more  efficient  de¬ 
sign  in  respect  to  fatigue  considerations. 
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The  final  goal  of  this  work  is  to  design  a  constant  stress  or  simple  spectrum 
fatigue  experiment  which  will,  with  sufficient  accuracy,  generate  representative 
cumulative  damage  initiated  by  a  complex  exponential  or  other  type  spectrum  en¬ 
countered  in  actual  service. 

Efforts  are  made,  also,  to  make  possible  the  translation  of  cumulative 
damage  fatigue  information,  gathered  on  materials  specimens,  into  design  cri¬ 
teria  of  structural  components,  for  the  purpose  of  simplifying  and  improving  de¬ 
sign  procedures. 

In  the  course  of  this  work  on  cumulative  damage,  equipment  has  been 
developed  which  allows  the  simulation  of  actual  service  load  spectra  with  random 
distribution,  including  ground -air -ground  cycle  and  single  overloads  on  axial 
loading  materials  specimens. 

A  cumulative  damage  theory  has  been  formulated,  by  Prof.  Freudenthal  of 
Columbia  University,  in  which  heat  flashes  and  associated  thermal  gradients, 
resulting  from  the  conversion  into  heat  of  the  work  in  slip  of  the  resolved 
shear  stresses,  are  found  to  be  of  sufficient  severity  to  account  for  the  initiation 
of  microcracks,  as  found  in  fatigue.  This  theory  has  contributed  greatly  to 
the  understanding  of  fatigue  mechanisms. 

It  is  well  known  that  there  is  often  a  wide  variation  in  the  number  of  cycles 
to  failure  of  apparently  identical  specimens  subjected  to  the  same  stress.  Various 
statistical  methods  for  evaluation  of  fatigue  data  are  in  existence,  but  a  relatively 
large. number  of  samples  is  always  necessary.  In  order  to  satisfy  a  great  need, 
especially  in  the  fatigue  evaluation  of  structures,  a  method  has  been  developed 
which  allows  the  statistical  evaluation  of  fatigue  data  from  small  test  series.  This 
method  which  is  based  on  regression  theory,  yields  a  reliable  statistical  evalu¬ 
ation  in  cases  where  small  populations  are  distributed  over  a  wide  range  of  the 
stress-cycle  diagram  and  where  only  a  few  samples  are,  or  even  one  sample  is, 
available  at  the  individual  stress  levels.  The  method  has  been  proved  sufficiently 
reliable  by  experimenting  with  a  large  number  of  different  test  series.  It  appears 
particularly  valuable  for  fatigue  tests  on  flight  vehicle  components  which  are  not 
easily  available  in  sufficient  numbers  to  conduct  a  conventional  large  sample 
statistical  evaluation. 

The  effect  of  finishing  processes  has  been  studied.  Repeated  tensile  loads 
are  necessary  to  produce  fatigue  failure.  Any  finishing  or  other  manufacturing 
process,  which  leaves  the  surface  in  tension,  tends  to  lower  the  fatigue  strength. 
Conversely,  a  process  which  leaves  the  surface  in  compression  raises  the  fatigue 
strength.  Sh'ot  peening  appears  to  be  especially  effective  in  this  respect. 

Under  a  basic  research  program  with  the  Midwest  Research  Institute,  the 
micro-physical  changes  under  cyclic  loading  are  investigated  by  small  angle  X- 
ray  scattering,  electronmicroscope  and  other  microphysical  techniques  for  the 
purpose  of  determining  mechanism  of  fatigue.  The  mechanism  of  crack  initiation 
and  propagation,  atmospheric  effects,  subgrain  formation  and  polygonization,  and 
dislocation  movement  are  studied.  Valuable  information  has  been  found,  and  it  is 
anticipated  that  this  work  will  contribute  greatly  to  an  improvement  of  fatigue  pro¬ 
perties  in  bulk  material  and  structures  in  the  future. 

Other  efforts  in  the  Air  Force,  on  the  fundamentals  oi  fatigue,  are  being 
expended  by  the  Aeronautical  Research  Laboratory,  WADC,  and  the  Office  of 
Scientific  Research.  The  Aeronautical  Research  Laboratory  is  conducting  research 
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programs  concerned  with  the  atomic  mechanism  of  the  fatigue  limit,  the  mech¬ 
anisms  of  fatigue  crack  propagation  and  the  effects  of  neutron  radiation  on  the 
fatigue  behavior  of  metals.  The  latter  work  is  being  conducted  in  a  coopers  rive 
program  with  the  Materials  Laboratory.  The  Office  of  Scientific  Research  is 
sponsoring  work  on  the  effects  of  vibration  on  the  movement  of  atomic  lattice 
imperfections  and  on  early  detection  of  fatigup  microcracks. 

Formerly,  materials,  which  were  cyclically  loaded  in  service,  operated 
in  a  fairly  narrow  temperature  range.  This  range,  in  which  fatigue  information  is 
needed,  has  been  rapidly  expanding  and  now  extends  from  the  very  low  temperature 
of  certain  liquified  gases  to  the  highest  temperatures  a  material  will  withstand. 
Other  environmental  conditions,  such  as  vacuum,  gases  other  than  air  and  cor¬ 
rosive  conditions,  are  receiving  attention. 

The  work  of  Dr.  Lazan,  of  the  University  of  Minnesota,  in  the  field  cf  high 
temperature  fatigue  is  noteworthy.  He  demonstrated  that,  under  axial  loading, 
a  metal  may  fail  either  in  creep  or  fatigue  according  to  the  temperature  and  the 
magnitude  of  the  tensile  pre-load  component  of  the  cyclic  stress.  Work,  at  the 
Materials  Laboratory,  on  superalloys  at  engine  operating  temperatures,  is  being 
conducted.  Increasing  service  life  of  engines  has  made  it  important  to  determine 
any  change  which  may  take  place  in  endurance  limit  with  an  increasing  number  of 
cycles. 

One  of  the  newer  and  more  perplexing  problems  is  that  of  sonic  fatigue; 
failure  of  a  part  due  to  cyclic  stresses  generated  by  high  intensity  sound.  The 
Materials  Laboratory  has  realized  the  importance  of  this  problem  and  has  initiated 
an  active  and  comprehensive  program. 

Work  has  been  sponsored  at  the  University  of  Minnesota  for  many  years. 
Certain  phases  of  this  work  are  subcontracted  in  order  to  insure  that  the  best 
qualified  people  in  each  area  are  working  on  our  problems.  Theories  have  been 
developed  for  predicting  large  deflection  flutter  behavior  of  structural  panels. 

The  theory  is  being  extended  to  include  structural  damping,  as  well  as,  high 
tension  stresses,  which  are  responsible  for  the  nonlinear  behavior  of  panels. 

* 

Theories  have  been  developed  for  the  application  of  interface  damping  to 
structural  panels.  Designs  have  been  conceived,  on  the  basis  of  these  theories, 
which  introduce  practical  viscoelastic  interface  damping  as  a  means  of  sound 
energy  dissipation.  Panels  have  been  constructed,  and  are  under  investigation, 
which  exhibit  a  very  high  energy  dissipation  capability, 

A  theory  has  been  developed,  for  the  energy  dissipation  caused  by  slip  of 
rounded  contacts,  for  the  purpose  of  introducing  dynamic  damping  devices  into 
honeycomb  panels. 

Response,  damping  and  correlation  studies  of  structural  panels  and  other 
configurations  are  being  made  which  are  essential  for  the  solution  of  the  acoustic 
fatigue  problem. 

A  mathematical  analysis  of  cumulative  damage,  under  various  acoustic 
loading  conditions,  is  being  made  by  the  University  of  Southampton,  and  the  theory 
is  being  collated  with  the  latest  test  results  obtained  by  the  RAE  Farnborough. 
Fractographic  examination  of  crack  propagation  is  being  carried  out  to  interpret 
the  program  load  sequence  in  terms  of  deformation  bands  and  laminations. 
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Damping,  stiffness  and  fatigue  investigations  are  being  conducted  on  riveted 
joints  with  viscoelastic  interfaces  under  harmonic  and  random  loading.  Studies  of 
panel  vibrations  and  response  are  being  carried  out  jointly  with  the  British 
Ministry  of  Supply  and  RAE  Farnborough.  Here  the  auto-correlation  technique  is 
being  used  to  give  an  effective  narrow  band  frequency  analysis  of  the  strain  in 
panels  subjected  to  jet  noise.  The  panels  are  part  of  a  representative  section  of 
an  aircraft  structure. 
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Cyclic  thermal  stresses  and,  therewith,  thermal  fatigue  play  an  important 
role,  in  flight  vehicle  components  and  propulsion  systems.  The  difficulty  of 
assessing  actual  stresses,  and  predicting  thermal  fatigue  damage,  lies  in  the 
complex  elastic -plastic  action  taking  place.  Relatively  little  attention  has  been 
paid  in  the  past  to  this  low  cycle  fatigue  phenomenon  merely  due  to  the  lack  of  a 
reliable  stress  analysis  method.  Work  is  being  performed  by  Neuber,  for  the 
Materials  Laboratory,  to  develop  a  thermal  stress  analysis  for  the  determination 
of  a  thermal  fatigue  criterion. 

An  important  and  unending  task  is  the  determination  of  the  behavior  of  the 
vast  number  of  materials  in  cyclic  stressing  under 'most,  or  all,  of  the  conditions 
I  have  mentioned.  Reliable  design  data  are  essential,  in  order  to  use  materials 
efficiently. 

As  an  aid  in  data  collection,  the  Parsons  Corporation  has  developed  a 
system  for  coding  materials  property  information  on  IBM  cards  for  subsequent 
automatic  processing  of  the  data.  The  card  system  will  permit  coding  not  only 
the  property  information  (stress  vs.  lifetime  for  fatigue  information,  stress  and 
time.-deformation  data  for  creep,  etc. )  but  also  pertinent  information  describing: 
(1)  the  basic  material  and  fabrication;  (2)  short  time  mechanical  properties  of 
the  material;  (3)  specimen  design  and  methods  of  preparation;  and  (4)  type  of  test 
and  associated  testing  procedure. 

The  data  coding  system  has  been  completely  developed  for  fatigue  informa¬ 
tion.  The  system  is  useful  in  coding  information  from  basic  fatigue  studies  of 
materials,  as  well  as,  component  and  structural  fatigue  studies.  Approximately 
30,  000  fatigue  data  points  have  been  entered  on  cards  up  to  the  present  time.  A 
data  coding  system  for  creep  data  is  being  developed  currently. 

In  order  to  make  the  results  of  any  work  program  available  to  the  scientific 
community,  it  is  necessary  to  communicate  with  others.  During  the  calendar  year 
1958,  some  19  technical  reports,  covering  various  phases  of  the  fatigue  problem, 
were  printed  and  distributed. 

An  International  Conference  on  Small  Angle  X-Ray  Scattering,  sponsored  by 
the  National  Science  Foundation,  the  Air  Force  Office  of  Scientific  Research,  and 
the  Materials  Laboratory,  WADC,  was  held  in  September  1958.  International 
authorities  were  gathered  to  discuss  the  use  of  X-ray  techniques  for  subrnicro-- 
scopic  research  on  dislocation  rr  ovement,  subgrain  formation  and  similar  micro 
physical  phenomena.  The  proceedings  of  this  conference  were  published  in  the 
May  1959  issue  of  the  Journal  of  Applied  Physics. 

An  International  Air  Force  Conference  on  Acoustic  Fatigue,  sponsored  by 
the  Materials  .laboratory,  WADC,  at  the  University  of  Minnesota,  will  be  held  in 
October  1959.  The  principal  purpose  of  the  conference  is  to  assemble  scientists 
in  the  fields  of  acoustics,  applied  mechanics  and  field  engineering,  and  discuss 
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problems  of  common  interest  as  related  to  the  acoustic  fatigue  problem.  Papers 
will  be  presented  by  authors  from  the  United  States,  and  other  NATO  nations, 
and  panel  discussions  will  be  conducted. 

I  have  thus  far  discussed  work  on  the  phenomenon  of  fatigue.  The  Materials 
Laboratory  has  also  been  very  active  in  the  field  of  structural  fatigue  failure. 

Over  the  years  we  have  examined  thousands  of  parts  and  structures  which  have 
failed  in  service.  The  majority  of  these  failures  have  been  due  to  fatigue.  Years 
of  work  in  this  field  has  enabled  the  Laboratory  to  contribute  materially  to  the 
solution  of  many  difficult  problems. 

I  have  tried  to  show  that  fatigue  is  a  big  problem.  We  have  learned,  and 
continue  to  learn  a  lot  about  it,  but  much  work  remains  to  be  done  in  many  areas. 
As  the  understanding  of  the  phenomenon  of  fatigue  increases,  designers  must 
utilize  the  latest  advances,  so  that  parts  and  components  can  be  constructed  which 
will  withstand  the  highest  possible  stresses  with  the  required  safety. 

In  conclusion  the  most  important  areas  in  which  more  work  is  needed  are 
believed  to  be  those  listed  below. 

1.  Continuation,  to  a  logical  conclusion,  of  work  now  in  progress. 

2.  Translation  of  basic  and  state-of-the-art  results  into  terms  more 
useful  to  designers. 

3.  Continued  development  of  design  criteria  for  new  operating  conditions. 

4.  Expansion  of  non-linear  cumulative  damage  rules  to  apply,  first,  to 
simple  components  and  then  to  complicated  structural  configurations. 

5.  Development  of  analytical  methods  for  determining  thermal- 
mechanical  interactions. 

The  assistance  of  Mr.  W.  J,  Trapp  and  Mr.  D.  M.  Forney  of  the  Materials 
Laboratory  in  preparing  this  paper  is  gratefully' acknowledged. 


AN  APPROACH  TO  IMPROVEMENT 
OF  THE  FATIGUE  SITUATION 


By 

Richard  V.  Rhode 

National  Aeronautics  and  Space 
Administration 

INTRODUCTION 

For  a  long  time,  now,  the  literature  on  fatigue  has  grown  by  some  300 
papers  per  year.  Most  of  these  papers  have  been  thoroughly  discussed.  Liter¬ 
ally  millions  of  words  have,  therefore,  been  written  and  spoken  on  the  subject 
in  recent  years.  Now  here  we  are  again.  Why  are  we  here  and  what  do  we  hope 
to  accomplish? 

The  answer  to  this  question  is,  of  course,  obvious.  Despite  the  millions  of 
words  that  have  been  written  and  spoken,  the  fatigue  problem  still  remains  a 
most  important  unsolved  problem  in  aircraft  structures.  We  are  here  to  try 
again  to  find  a  solution  to  it.  But  what  is  the  problem?  There  are  actually 
several  of  them  and  they  may,  I  think,  be  put  this  way  in  order  of  urgency: 

1.  How  to  live  with  today's  airplanes  that  were  built  on  yesterday's 
state  of  the  art; 

2.  How  to  build  tomorrow's  aircraft  and  other  flight  vehicles  on 
today's  state  of  the  art;  and 

3.  How  to  improve  the  state  of  the  art. 

As  a  research  administrator,  I  suppose  that  I  should  concern  myself  here 
with  the  business  of  improving  the  state  of  the  art.  I  shall  not,  however,  do  so. 
The  relative  urgency  of  the  first  two  parts  of  the  fatigue  problem  lead  me  to  step 
somewhat  out  of  character  and  to  assume  the  role  of  observer  and  commentator 
on  matters  which  do  not  come  strictly  within  my  own  professional  and  organiza¬ 
tional  area  of  responsibility.  I  shall,  therefore,  concern  myself  with  the  appli¬ 
cation  of  the  state  of  the  art.  In  particular,  I  want  to  talk  about  what  I  think  has 
been  and  still  is  one  of  the  weakest  points  in  the  fatigue  situation.  That  weak 
point  is  the  lack  of  adequate  control  of  design  stress,  or,  more  specifically,  the 
lack  of  adequate  requirements  for  selection  of  design  stress  in  the  light  of  known 
fatigue  phenomena. 

In  talking  about  this  matter,  I  am  under  no  illusions  about  the  difficulty  of 
the  problem.  It  is  a  difficult  one.  Whether  it  can  be  solved  will  remain  to  be 
established  by  others.  Nevertheless,  I  shall  make  so  bold  as  to  suggest  a  course 
of  action. 
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Let  us  first,  however,  consider  briefly  some  of  the  past  approaches  to  con¬ 
trol  of  the  fatigue  problem  and  some  germane  aspects  of  the  present  situation. 

PAST  APPROACHES 


*- 


For  many  years,  airplanes  were  designed  solely  for  static  strength,  with 
generally  satisfactory  results.  The  most  elementary  knowledge  of  fatigue  and 
obedience  to  a  few  simple  qualitative  rules  relating  to  detail  design  served  ade¬ 
quately  to  prevent  fatigue  difficulties.  In  short,  with  the  earlier  airplanes  there 
really  was  no  fatigue  problem,  and  if  a  fatigue  failure  occurred,  it  was  a  sign  of 
someone's  gross  ignorance  or  carelessness. 


As  time  went  on,  fatigue  failures  of  airplane  structures  cropped  up  with  in¬ 
creasing  frequency- -even  when  the  old  rules  were  obeyed.  Gradually,  a  general 
awareness  of  the  existence  of  a  fatigue  problem  developed. 

Stimulated  by  large  quantities  of  research  results  on  notch  fatigue  in  machine 
design  and  by  advances  in  the  theory  of  stress  concentration,  concerted  efforts 
were  started  to  establish  a  basis  for  the  prediction  of  fatigue  life  of  airplane  parts 
and  structures.  There  were  some  who  were  bold  enough  to  say,  "Give  us  the 
repeated  loads  and  we  will  give  you  the  fatigue  life.  "  In  the  United  States  and  in 
other  countries,  over  a  period  of  many  years,  massive  quantities  of  data  on  re¬ 
peated  loads  were  collected,  materials  and  structures  laboratories  tested  thou¬ 
sands  of  specimens,  theories  of  fatigue  were  pursued,  and  schemes  for  predict¬ 
ing  fatigue  life  were  devised.  The  concept  of  prediction  of  fatigue  life  reached  a 
noteworthy  point  in  the  writing  of  specific  fatigue  life  requirements  in  England. 
Under  these  requirements,  a  crack-free  or  so-called  "safe  life"  is  established 
for  a  given  specific  structure  or  structural  component  by  a  few  laboratory  tests, 
and  the  structure  is  retired  from  service  v/hen  the  service  life  becomes  equal  to 
the  safe-life. 

The  considerable  experience  with  fatigue  that  many  workers  eventually  ac¬ 
quired  caused  some  to  have  grave  doubts  about  the  validity  of  these  safe-life  pre¬ 
dictions.  These  doubts  were  based  i.n  part  on  difficulties  in  forecasting  repeated 
load  spectra,  on  large  scatter  in  fatigue  test  data,  and  on  differences  of  environ¬ 
ment  between  the  structural  laboratory  and  the  service  arena.  It  was  also  recog¬ 
nized  that  not  all  fatigue  cracks  were  equally  lethal.  Some  were  highly  malignant- - 
small  and  virtually  undetectable  cracks  resulting  in  large  loss  in  static  strength. 
Others  were  more  benign,  showing  themselves  plainly  before  serious  loss  in 
strength  occurred. 

Recognition  of  these  facts  and  difficulties  led  to  application  of  the  principle  of 
fail-safe  design.  Under  this  principle,  the  designer  recognizes  that  fatigue 
cracks  and  other  damage  are  practically  unavoidable,  but  he  minimizes  the  dan¬ 
ger  of  catastrophic  failure  by  providing  alternate  load  paths  and  choosing  materi¬ 
als  and  configurations  that  result  in  a  minimum  rate  of  crack  propagation  and  in 
maximum  inspectability. 
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The  oldest,  purely  qualitative  approach  of  using  only  a  few  simple  rules 
governing  the  detail  design  is  adequate  if  the  design  stresses  are  very  low.  How¬ 
ever,  in  the  quest  for  improved  structural  efficiency,  engineers  have  pushed  the 
design ’stresses  to  their  physical  limits.  Thus,  the  simple  qualitative  approach 
has  been  outmoded  by  progress  in  design  for  static  strength. 

The  safe -life  approach  is  fully  rational  in  principle.  In  practice,  however, 
its  efficacy  is  very  severely  limited.  There  are  too  many  facets  of  the  problem 
on  which  our  present  knowledge  is  too  scanty  to  obtain  reliable  results  for  the 
complete  structure  by  a  combination  of  component  testing  and  analysis.  On  the 
other  hand,  to  obtain  reliable  results  by  full-scale  tests  on  the  complete  struc¬ 
ture  would  be  economically  prohibitive  because  of  the  large  number  of  specimens 
required  to  obtain  a  modicum  of  statistical  confidence. 

Fail-safe  design,  if  adequately  executed,  gives  a  high  degree  of  assurance 
against  catastrophic  failure.  But,  by  itself,  it  gives  no  guarantee  against  costly 
maintenance.  Therefore,  even  in  a  fail-safe  design,  adequate  attention  must  be 
given  to  the  question  of  fatigue  life. 

THE  PRESENT  SITUATION 

Let  us  now  take  a  brief  look  at  the  present  situation  and  how  it  came  about. 

Figure  taken  from  a  paper  I  gave  in  1953,  shows  how  the  design  stress 
for  aluminum  alloy  structures  of  transport  airplanes  increased  over  a  period  of 
about  12  years.  In  this  period,  the  design  stress  increased  from  20,  000  psi  to 
60,  000  psi,  that  is,  by  a  factor  of  three.  The  increase  was  due  largely  to  im¬ 
proved  knowledge  of  static  design,  except  that  a  part  of  the  last  jump  was  due  to 
the  introduction  of  higher -strength  alloys.  Although  the  figure  does  not  show  it, 
this  curve  has  not  continued  to  rise  in  the  ensuing  years,  but  has  reached  a  pla¬ 
teau  as  a  consequence  of  recognition  of  the  fatigue  problem. 

Figure  2  shows  the  estimated  reduction  in  fatigue  life  for  transport  type  air¬ 
planes  that  results  from  the  increase  in  design  stress  shown  in  the  previous  fig¬ 
ure.  As  can  be  seen,  the  fatigue  life  was  reduced  by  several  orders  of  magni¬ 
tude,  or  by  a  factor  of  about  10  thousand,  resulting  in  fatigue  lives  that  were  in¬ 
adequate,  in  some  cases  grossly  inadequate.  To  put  it  bluntly,  the  state  of  the 
art  had  been  pushed  too  hard.  Serious  trouble  was  experienced  first  on  trans¬ 
ports,  then  a  few  years  later  on  fighters  By  now,  it  has  become  an  open  secret 
that  all  types  of  airplane  (but  not  necessarily  all  airplanes)  may  have  serious 
trouble  with  fatigue,  and  that  fatigue  must  be  a  dominant  consideration  in  all 
stages  of  design  for  all  types  of  aircraft. 

It  is  true,  of  course,  that  some  types  of  airplane  flying  now- -and  experi¬ 
encing  troubles --were  designed  at  a  time  when  relatively  little  attention  was  given 
to  fatigue  in  the  design  stage.  However,  even  very  late  airplanes  which  have  had 
the  benefit  of  very  careful  attention  to  fatigue  in  the  design  stage  as  well  as  the 
benefit  of  extensive  development  testing  appear  to  have  a  disconcerting  amount  of 
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fatigue  troubles,  often  beginning  soon  after  the  airplane  is  put  into  service.  It 
appears  that  the  state  of  the  art  is  still  being  pushed  too  hard. 

Who  is  doing  this  pushing?  Who  owns  the  state  of  the  art?  The  answer  is 
that  all  of  us  are  doing  some  pushing,  all  of  us  own  the  state  of  the  art.  The  re¬ 
search  scientist  or  engineer  becomes  enthusiastic  about  the  importance  of  his 
findings  and  may  seek,  for  example,  to  see  them  employed  in  a  safe -life  analysis 
The  operator  of  aircraft,  whether  military  or  civilian,  continually  presses  for 
higher  performance  and  efficiency.  He  often  also  seeks  to  use  the  airplane  be¬ 
yond  the  conditions  for  which  it  was  designed.  The  builder  of  aircraft  in  our  free 
enterprise  system  shaves  weight  to  the  utmost  in  an  effort  to  win  the  contract. 

All  of  this  pushing  is  designed,  of  course,  to  achieve  new  pinnacles  of  success, 
but  it  can  easily  result  in  toppling  over  the  brink  of  disaster. 

Obviously,  all  of  us --research  scientist,  operator,  designer,  whether  in  in¬ 
dustry  or  in  government,  have  a  grave  joint  responsibility  to  minimize  this  risk 
of  toppling  over  the  brink. 

RESEARCH  VERSUS  SPECIFICATION 

In  the  field  we  are  considering  here,  government  plays  two  roles--it  conducts 
research  and  it  promulgates  design  and  safety  requirements. 

Research  in  fatigue  is  being  conducted  by  the  government  on  an  extensive 
scale  in  its  own  laboratories,  and  through  contract,  in  others.  This  research 
must  be  continued  in  order  to  improve  the  efficiency  of  design  and  to  increase  our 
ability  to  control  fatigue.  It  is  important  to  recognize,  however,  that  the  results 
of  research  do  not,  in  general,  guarantee  freedom  from  fatigue  difficulties.  To 
the  extent  that  fatigue  strength  can  be  improved  by  research,  advantage  may  be 
taken  of  these  gains  to  justify  higher  allowable  stress,  in  which  case  there  is  no 
increase  in  fatigue  resistance  or  life,  but  only  the  ever  desirable  reduction  in 
structural  weight.  The  only  conceivable  product  of  research  that  will  solve  the 
fatigue  problem  once  and  for  all  is  knowledge  of  how  to  design  an  otherwise  suit¬ 
able  structural  material  with  an  endurance  limit  approaching  the  static  strength. 
There  is  no  basis,  at  present,  for  believing  that  such  a  result  is  possible.  Never¬ 
theless,  research  in  appropriate  branches  of  physics  of  solids  must  be  pursued, 
as  herein  lies  the  only  hope  of  a  truly  satisfactory  solution  of  the  fatigue  problem. 

The  second  role  of  government  is  to  promulgate  airworthiness  requirements, 
including  specifications  relating  to  structural  fatigue.  The  establishment  of  such 
specifications  has  been  and  continues  to  be  a  most  difficult  problem.  Early  at¬ 
tempts  to  do  so  resulted  in  vague  stipulations  that  had  little  meaning.  For  exam¬ 
ple:  "The  effects  of  repeated  loads  upon  the  strength  of  the  material  shall  be  con¬ 
sidered  in  selecting  allowable  strengths  for  design.  "  Or  again:  "The  design  shall 
be  such  as  to  minimize  the  probability  of  disastrous  fatigue  failure.  "  Such  speci¬ 
fications  probably  accomplished  little  that  would  have  been  accomplished  without 
them,  although  I  say  this  in  no  spirit  of  criticism  of  their  authors  who  were  sim¬ 
ply  stuck  with  a  state  of  the  art  that  was  characterized  by  little  or  no  theory  and 


large  masses  of  undigested  data,  much  of  which  seemingly  contradicted  the  rest. 
These  early  specifications  did  have  the  merit  of  requiring  some  review  of  the 
design  for  fatigue.  A  major  difficulty  here,  however,  resides  in  the  fact  that  very 
few  people  have  the  broad  familiarity  with  the  state  of  the  art  required  to  assess 
designs  adequately. 

The  proposed  new  Military  Specifications  represent  a  determined  and  very 
commendable  effort  to  establish  meaningful  basic  rules  for  fatigue  design.  They 
specify  the  service  life  required  of  each  type  of  airplane,  and  they  specify  in  fair 
detail  the  load  history  that  each  type  of  aircraft  shall  be  capable  of  withstanding. 
Thus,  in  contrast  with  the  generalities  of  previous  specifications,  the  proposed 
specifications  contain  numbers  which  impart  a  definite  meaning  to  them. 

However,  the  proposed  specifications  still  fall  short  of  what  is  done  in  the 
specifications  for  static  strength  design.  For  the  static  strength  requirements, 
the  allowable  design  stresses  are  laid  down  in  such  documents  as  the  ANC-5 
volume.  The  allowable  stresses  given  in  this  document  are  based  on  comprehen¬ 
sive  tests,  checked  and  cross-checked,  reviewed  in  detail  by  the  entire  industry 
as  well  as  by  the  procuring  agencies,  and  finally  become  a  uniform  code  binding 
on  all.  By  contrast,  the  fatigue  requirements  leave  the  door  wide  open  for  estab¬ 
lishing  allowable  stresses  in  specific  cases  by  a  small  number  of  tests,  without 
requirement  of  cross-checks  and  reviews. 

Demonstration  of  the  weakness  of  this  procedure  would  require  that  we  in¬ 
volve  ourselves  in  lengthy,  complex  and  abstruse  considerations  of  probability 
theory  as  well  as  in  masses  of  test  data.  I  shall  content  myself,  therefore,  with 
two  relatively  simple  statements  followed  by  a  brief  discussion  of  them. 

1.  Neither  a  safe  life  nor  a  safe  design  stress  can  be  adequately 
determined  from  the  results  of  a  few  laboratory  tests  of  structural 
components,  including  tests  of  complete  structures,  even  if  the 
laboratory  environment  is  identical  with  the  service  environment. 

2.  Neither  a  safe  life,  nor  a  safe  design  stress  can  be  adequately 
determined  from  a  statistically  satisfactory  large  number  of 
structural  fatigue  tests,  if  the  tests  are  made  under  ordinary, 
practicable  laboratory  test  conditions. 

These  sound  like  strong  statements  but  they  are  true.  The  truth  of  the  first 
one  follows  from  the  facts  that  fatigue  test  data  are  statistical  in  nature  (i.  e.  , 
they  always  display  large  scatter  with  indefinite  boundaries)  and  that  statistical 
methods  are  incapable  of  defining  probability  curves  with  reasonable  certainty 
when  only  a  few  test  data  are  available.  The  author  of  a  British  paper  on  fatigue, 
having  examined  this  question  in  some  detail,  commented  wryly,  "This  is  very 
discouraging." 


The  truth  of  the  second  statement  follows  from  a  great  many  considerations 
only  sofne  of  which  are  listed  here: 

1.  The  service  loads  are  imperfectly  known. 


2.  The  stress  distribution  in  the  structure  is  imperfectly  known. 

3.  The  test  loading  conditions  are  simplified  approximations  of 
the  assumed  actual  loading  conditions. 

4.  The  test  specimens  usually  represent  the  actual  structure  only 
nominally  as  to  material  and  geometry  and  do  not  represent 
service  or  production-line  structures  adequately;  that  is,  imper¬ 
fections  in  machining,  workmanship  and  other  processing  effects, 
some  of  which  occur  in  service,  often  alter  the  material  proper¬ 
ties  or  structural  geometry  in  small,  but  critical  respects. 

5.  The  usual,  practical,  accelerated  laboratory  fatigue  test  does 
not  account  for  time-dependent  effects,  such  as  corrosion, 
found  in  service. 


In  view  of  all  of  these  matters,  it  is  felt  that  something  better  than  reliance 
on  a  few  laboratory  tests  is  needed  to  control  the  choice  of  design  stress. 


AN  APPROACH  TO  CONTROL  OF  DESIGN  STRESS 


Aircraft  engineers  have  always  relied  heavily  on  past  experience.  If  this 
experience  is  sufficient  and  germane  to  a  new  design,  it  can  be  used  as  a  basis  or 
starting  point  for  the  new  design.  For  example,  the  design  stress  used  on  an  air¬ 
craft  with  ample  service  experience  might  be  established.  Comparative  fatigue 
life  calculations  might  then  be  made  for  the  old  aircraft  and  the  new  one  to  account 


for  changes  in  certain  design  and  operating  parameters  such  as  external  configura¬ 
tion,  weight,  speed  and  flight  altitude,  and  these  comparative  calculations  then  be 
used  to  establish  the  design  stress  for  the  new  case  under  consideration. 

The  approach  has  some  rather  major  and  obvious  limitations:  the  material 
used  in  both  design's  would  have  to  be  the  same;  manufacturing  processes  would 
have  to  be  essentially  identical;  the  load  experiences  and  structural  geometry 
would  have  to  be  reasonably  similar,  et  cetera.  Nevertheless,  if  such  essential 
conditions  are  met,  the  use  of  a  suitable  datum  stress  based  on  experience  cou¬ 
pled  with  analysis  of  the  effects  of  the  changed  parameters  is  about  as  sound  a 
procedure  as  can  be.  New  designs,  however,  often  involve  such  pronounced 
changes  in  material,  configuration  and  environment,  that  previous  experience  on 
a  single  machine  or  on  a  series  of  similar  machines,  cannot  be  considered  as  ap¬ 
plicable.  Consequently,  more  basic  procedures  must  be  used  and  means  must  be 
found  for  employing  a  broader  range  of  experience  including  available  and  appli¬ 
cable  laboratory  test  data. 

One  way  in  which  this  might  be  done  will  now  be  outlined.  There  is  no  inten¬ 
tion  here  of  recommending  a  specific  procedure,  but  only  to  illustrate  in  a  general 
way*  how  the  problem  might  be  approached. 

The  object  is  to  establish  the  design  stress  for  a  certain  region  or  component 
of  the  structure,  say  a  transverse  splice  in  a  wing  cover.  Specimens  are  manu¬ 
factured  which  represent  the  region  in  question.  A  load  schedule  is  prepared 
which  gives,  in  accordance  with  the  proposed  Military  Specifications,  the  loads 
for  a  100-hour  block.  Two  arbitrary  stress  levels  are  chosen,  one  higher  than 
the  expected  design  stress,  one  lower,  and  the  corresponding  test  loading  sched¬ 
ules  are  prepared, as  shown  in  figure  3.  The  abscissa  is  the  number  of  individual 
load  cycles  in  each  "step".  A  repeated-block  fatigue  test  is  run  on  one  specimen 
at  each  of  the  two  stress  levels  chosen,  resulting  in  failure  after  Ng  repetitions 
of  the  load  block  (or  100-hr.  unit). 

The  two  values  of  Ng  are  now  plotted  on  a  diagram  of  design  stress  vs  Ng 
(Figure  4),  and  a  line  1-2  is  drawn  between  the  two  points.  From  this  line,  a 
first  rough  approximation  (S  to  the  design  stress  can  now  be  read  for  the  re¬ 
quired  fife  Ngreq. 

At  this  first-approximation  design  stress  level,  several  more  specimens  are 
tested.  The  lives  of  these  specimens  are  plotted  on  the  diagram  of  Figure  4  and 
a  line  parallel  to  the  line  1-2  is  drawn  through  the  point  representing  the  mean  of 
the  additional  test  points.  From  this  line,  a  second- approximation  design  stress 
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S  2  is  read  at  the  required  life  Ngreq. 


As  an  alternative  to  these  first  two  steps  of  this  procedure,  each  of  the  total 


number  of  specimens  might  be  tested  at  different  stress  levels  between  the  origi¬ 
nally  selected  high  and  low  values.  The  mean  line  through  these  test  points  would 
then,  in  effect,  establish  S2  directly. 

The  next  diagram  (Figure  5)  is  a  plot  of  probability  of  failure  vs  design  stress. 
The  stress  S2  is  indicated  on  the  right;  only  the  central  portion  of  the  associated 
probability  curve  is  shown  in  dashed  form,  because  the  limited  number  of  tests 
made  is  sufficient  to  establish  only  an  approximate  mean  value,  but  not  other  pro¬ 
perties  of  the  probability  curve. 

The  design  stress  is  now  lov'ered  or  shifted  to  the  left  from  the  value  S2  to 
the  value  S3  to  account  for  effects  present  on  the  airplane,  but  not  in  the  labora¬ 
tory  tests  made.  The  main  effects  considered  in  this  shift  are  exposure  to  atmos¬ 
pheric  corrosion  and  imperfections  in  machining  and  workmanship. 

The  "true"  probability  curve  of  the  laboratory  specimens  is  not  well  estab¬ 
lished,  as  mentioned;  it  might  look  like  curve  A  in  Figure  5.  Due  to  the  small 
number  of  specimens,  it  is  likely  that  all  the  material  used  was  from  one  heat, 
all  the  machining  was  done  by  one  man,  the  heat  treatment  was  made  simultane¬ 
ously- -in  other  words,  a  considerable  degree  of  consistency  and  a  consequently 
low  scatter  probably  existed.  In  the  full-scale  production,  more  scatter,  due  to 
all  the  reasons  mentioned  and  others,  is  likely;  therefore,  a  broader  probability 
curve  B  is  used.  This  curve,  together  with  an  appropriately  chosen  percentage  n 
of  tolerable  failures,  establishes  the  final  design  stress  S4. 

Two  key  items  in  the  approach  just  outlined  are  the  shift  from  S2  to  S3  and 
the  flattening  of  the  probability  curve.  These  items  are  so  important  that  they 
should  not  be  left  to  the  arbitrary  discretion  of  a  single  man,  actually  or  effec¬ 
tively.  The  best  experts  available  should  be  rounded  up  to  combine  their  experi¬ 
ence,  weigh  the  evidence  and  decide.  The  decision  on  the  tolerable  percentage  of 
failures,  the  third  key  item,  is  obviously  a  matter  to  be  decided  by  regulatory 
authority  in  consultation  with  experts. 

Those  who  have  lived  with  the  fatigue  problem  for  many  years  may  under¬ 
standably  feel  that  there  is  nothing  really  new  here.  Basically  there  is  not.  The 
only  essential  procedural  difference  between  this  and  other  similar -looking  ap¬ 
proaches  is  that  it  attempts  to  bring  to  bear  the  whole  state  of  the  art  in  a  simple 
workable  way  in  contrast  to  relying  completely  on  a  few  tests  or  else  attempting 
to  bring  the  state  of  the  art  to  bear  in  a  complex,  unworkable  way.  Further,  it 
takes  away  from  designers  of  varied  experience  the  responsibility  for  setting 
maximum  limits  on  design  stress  and  places  this  responsibility  on  the  regulatory 
agencies  working  through  the  collective  experience  and  judgment  of  the  nation's 
best  fatigue  experts  in  industrial,  governmental  and  academic  circles. 

CONCLUDING  REMARKS 

In  conclusion,  I  should  like  to  restate  in  summary  form  some  of  the  points  I 
have  attempted  to  develop. 
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NASA  FIGURE 


1.  One  of  the  weakest  points  in  the  present  fatigue  situation  appears 
to  me  to  be  the  lack  of  adequate  control  of  design  stress. 

2.  A  safe  design  stress  cannot  be  adequately  determined  solely  from 
the  results  of  a  few  laboratory  tests  of  structural  components  or 
even  of  complete  structures. 

3.  Structural  fatigue  t«.sts  of  components  of  particular  designs  are 
necessary,  but  the  results  of  such  tests  have  to  be  supplemented 
by  other  inputs  derived  from  the  whole  state  of  the  art. 

4.  In  order  for  this  process  to  be  practicable,  there  must  exist  a 
simple,  clearly  defined  framework  of  action  or  procedure. 

5.  Because  individuals  have  limited  experience,  knowledge  and 
freedom  of  action,  the  whole  state  of  the  art  can  be  brought 

to  bear  only  by  making  use  of  the  collective  experience,  know¬ 
ledge  and  judgment  of  a  representative  group  of  the  nation's 
best  fatigue  experts. 

6.  The  responsibility  for  such  course  of  action  resides  in  the 
regulatory  agencies. 
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FAA  PHILOSOPHY  ON  THE  PROBLEMS  OF 
FATIGUE  IN  RELATION  TO  CIVIL  AIRCRAFT 

By 

A.  A.  Vollmecke 
Federal  Aviation  Agency 
Washington,  D.  C. 

My  objective  today  is  to  reflect  briefly  on  the  matter  of  structural  fatigue  as 
viewed  by  the  Federal  Aviation  Agency.  Our  interests  in  this  matter  involve  pre¬ 
scribing  minimum  safety  standards  applicable  to  the  design  of  civil  aircraft  as 
well  as  insuring  that  aircraft  designs  actually  meet  such  standards.  This  activ¬ 
ity  encompasses  a  wide  variety  of  aircraft  configurations  classified  as  transports, 
personal  aircraft,  and  rotorcraft.  The  uses  and  missions  of  these  aircraft  vary 
and  therefore  the  means  of  demonstrating  compliance  with  the  fatigue  standards 
will  also  vary.  At  this  session  I  will  direct  most  of  the  observations  to  the  trans¬ 
port  category  field. 


THE  CIVIL  AIR  REGULATIONS 

As  you  may  know,  all  civil  aircraft  of  U.  S.  registry  are  required  by  law  to 
be  certificated  by  the  Federal  Government  as  airworthy.  The  Federal  Aviation 
Agency,  by  Act  of  Congress  in  1958,  (and  the  predecessor  agency,  the  Civil 
Aeronautics  Administration,  by  Act  of  Congress  in  1938)  is  required  to  establish 
minimum  safety  standards  governing  the  design  of  aircraft.  The  Administrator 
is  empowered  to  grant  type  certificates  on  aircraft  designs  only  after  he  finds 
compliance  to  exist  with  such  standards.  Qne  such  standard  would  obviously  in¬ 
volve  fatigue;  present  CAR'4b.  270(b),  reference  1,  applicable  to  commercial 
transports  is  a  most  important  example  of  a  standard  in  this  area.  However, 
the  mere  fact  that  a  regulation  exists  on  the  subject  is  hardly  sufficient  since 
many  questions  are  raised  thereby  requiring  attention. 

A  reading  of  CAR  4b.  270  is  indeed  thought  provoking.  Quoting  from  4b.  270(a) 
Fatigue  Strength,  "the  structure  shall  be  capable  of  .withstanding  repeated  loads 
of  variable  magnitude  expected  in  service"  and  paraphrasing  4b.  270(b)  Fail-Safe 
Strength,  "Catastrophic  failures  are  not  possible,  "  how  is  it  possible  for  one  to 
translate  such  scientific  phraseology  in  terms  of  human  life  values  In  this  re¬ 
spect  is  it  reasonable  to  expect  any  one  individual  to  specify  "an  acceptable  fail¬ 
ure  probability  rate"  as  a  criterion  governing  aircraft  structural  failures?  \.nd 
yet  these  are  common  terms,  the  pros  and  cons  of  which  are  universally  debated 
today  wherever  discussions  are  held  relative  to  aircraft  structural  fatigue.  The 
FAA  is  in  the  position  of  having  to  find  that  an  aircraft  to  be  type  certificated 
complies  with  standards  couched  in  just  these  terms.  Wisely,  the  Act  permits 
the  use  of  such  elements  as  judgment,  experience,  and  "state  of  the  art"  by  the 
Administrator  in  exercising  his  powers  and  duties. 
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DEVELOPMENT  OF  STANDARDS 


Until  late  in  1947,  structural  fatigue  was  not  regarded  as  a  major  problem  in 
the  design  of  fixed  wing  aircraft.  Catastrophic  fatigue  failures  in  civil  aircraft 
rarely  occurred  without  the  contributing  cause  being  a  disregard  of  the  classic 
design  and  manufacturing  rules  governing  good  design  for  fatigue  prevention. 

Those  fatigue  failures  which  did  occur  were  of  such  a  nature  as  to  be  easily  detect¬ 
ed.  They  generally  were  amenable  to  control  by  inspection  and  replacement  or 
repair.  An  excellent  example  of  this  technique  is  that  old  aerial  work  horse,  the 
Douglas  DC- 3. 

In  1948,  a  major  fatal  accident  occurred  to  a  newly  introduced  transport  air¬ 
craft  on  an  important  domestic  airline  in  the  United  States,  caused  by  fatigue  fail¬ 
ure  in  the  wing  splice  attachment  fitting.  Shortly  prior  to  this  case  another  newly 
introduced  U.  S.  transport  aircraft  suffered  a  fatal  accident  due  to  fatigue  in  t  r 
vicinity  of  a  fitting  of  its  single  spar  wing.  Other  failures  occurred  on  foreigr. 
aircraft.  Further,  in  1952,  there  developed  a  rash  of  fatigue  difficulties  on  a 
number  of  U.  S.  transport  aircraft.  We  are  ail,  of  course,  aware  of  the  much 
publicized  events  surrounding  the  two  foreign  jet  transport  accidents  which  occ  -- 
red  in  1954. 

In  approximately  this  same  period,  the  aviation  industry  was  entering  into 
world-wide  race  for  turbine-powered,  high  altitude  transport  aircraft  develop¬ 
ment.  There  was  much  pressure  for  a  "rationalization"  of  civil  requirements  to 
eliminate  hidden  and  overlapping  factors  of  safety  and  to  permit  the  use  of  more 
refined  and  analytical  approaches  to  the  problem  of  airplane  design.  Higher 
strength  materials  with  little  or  no  increase  in  fatigue  resistance  properties  and 
somewhat  more  critical  notch  sensitivity  were  being  introduced.  The  net  result  of 
these  developments  was  in  the  direction  of  use  of  higher  working  stress  levels  in 
aircraft  structures. 

Realizing  the  seriousness  and  immediate  nature  of  the  rising  problem  of 
fatigue,  our  predecessor  organization,  the  CAA,  took  its  first  official  step  in 
the  form  of  a  report  which  specifically  highlighted  concern  for  needed  new  fatigue 
safeguards,  particularly  for  pressurized  cabins.  The  report  outlined  the  need  for 
cyclic  testing  of  pressurized  cabin  components,  suggesting  10,  000  cycles  as  a 
minimum  criterion  at  that  time.  This  proposal  was  followed,  in  the  fall  of  1954, 
by  the  first  release  for  public  consideration,  prior  to  adoption  in  law,  of  the  fa¬ 
tigue  standards  as  now  contained  in  Civil  Air  Regulation  4b.  270.  In  their  evolu¬ 
tion  it  was  only  logical  that  complete  coordination  with  interested  industry  and 
government  segments  be  undertaken.  This  was  done. 

In  April,  1957,  the  CAA  released  its  proposed  Appendix  H  to  CAM  4 b  enti¬ 
tled  "Fatigue  Evaluation  of  Flight  Structure.  "  This  contained  guidance  material 
of  a  non-regulatory  nature  to  assist  the  applicant  in  establishing  compliance  with 
the  objective  regulations.  After  coordination  with  industry  groups  it  was  published 
in  August  1958.  Although  somewhat  brief  and  concise  the  regulations,  coupled 

with  Appendix  H,  provide  a  framework  of  minimum  criteria  for  the  guidance  of 
aircraft  designers  today. 
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TRANSPORT  AIRCRAFT  FATIGUE  STANDARDS 


The  current  regulations  allow  applicants  for  type  certificates  the  choice  of 
either  of  two  basic  approaches  to  the  problem  of  fatigue,  concerning  which  you 
will  hear  much  discussion  during  the  next  few  days.  These  are:  "Fatigue  Life11 
(or  "fatigue  strength"  method  as  it  is  called  in  the  regulations)  and  the  "Fail- 
Safe  Strength  Method.  "  Both  approaches  are  intended  to  ensure  freedom  from 
catastrophic  fatigue  failure. 

The  fatigue  life  method  requires  that  by  analysis  and/or  test  the  flight  struc¬ 
ture  shall  be  shown  capable  of  withstanding  the  repeated  loads  of  variable  magni¬ 
tude  expected  in  service.  Finite  lives  are  established  for  important  structural 
elements  requiring  replacement  thereof  in  accordance  with  established  schedules. 
This  determination  necessitates  the  development  of: 

1.  Typical  loading  spectra  expected  in  service, 

2.  Identification  of  the  principal  structural  elements  and  detail  design 
points  the  fatigue  failure  of  which  could  cause  catastrophic  failure 
of  the  aircraft;  and 

3.  An  analysis  and/or  repeated  load  tests  of  principal  structural 
elements. 

The  fail-safe  method  provides  for  the  possibility  of  occurrence  of  a  fatigue 
failure  of  a  structural  element.  This  concept  requires  that  it  be  shown  by  analy¬ 
sis  and/or  test  that  catastrophic  failure  or  excessive  structural  deformation, 
which  could  adversely  affect  the  flight  characteristics  of  the  airplane,  are  not 
probable  after  fatigue  failure  or  obvious  partial  failure  of  a  single  principal  struc¬ 
tural  element.  Following  such  a  failure,  the  remaining  structure  must  be  capable 
of  withstanding  essentially  80%. of  the  limit  design  loads  multiplied  by  a  factor 
of  1.15  unless  the  dynamic  effect  of  failure  under  this  static  load  is  determined. 

Among  several  considerations,  two  main  factors  were  taken  into  account  in 
arriving  at  this  value  of  80%of  limit  design  load.  These  were:  (1)  The  actual- 
failure  experiences  with  U.  S.  transport  type  designs  which  had  experienced  major 
component  failure  in  flight  and  yet  had  retained  sufficient  strength  and  rigidity  to 
continue  safe  flight  and  landing  at  scheduled  destinations,  and  (2)  The  probability 
of  occurrence  of  accelerations  of  sufficient  magnitude  to  cause  catastrophic  fail¬ 
ure  of  the  fatigue  damaged  member  prior  to  detection  of  the  initial  fatigue  damage. 

RECENT  EXPERIENCE 

Most  new  U.  S.  transports  have  been  certificated  under  the  fail-safe  method. 
This  does  not  imply  that  fatigue  testing  is  not  being  accomplished-  -  -  -far  from 
it.  Fatigue  testing  is  still  quite  necessary  to  develop  the  design  information  on 
the  structure  and  for  the  development  of  inspection  procedures  and  programs  to 
insure  that  cracks  can  be  detected  before  they  become  catastrophic  in  nature. 


The  success  of  the  fail-safe  design  method  in  avoiding  catastrophic  failure  de¬ 
pends  largely  on  the  effectiveness  of  inspection  and  its  frequency  in  relation  to 
the  rate  of  growth  of  the  fracture  and  also  in  relation  to  the  operational  conditions. 
Inspection  programs  must  be  such  that  any  failure  which  could  eventually  become 
catastrophic  must  be  found  before  it  can  propagate  beyond  safe  limits  and  thus 
impair  the  structural  integrity  of  the  airplane. 

The  determination  of  the  "principal  structural  elements"  required  by  the  fail¬ 
safe  method  is  one  of  the  key  factors  to  the  success  of  the  method.  This  would 
seem  most  simple  but  in  practice  it  is  not.  If  one  considers  that  all  of  the  struc¬ 
ture  has  some  degree  of  importance  in  the  over -all  picture,  the  problem  appears 
in  its  proper  perspective.  The  type  of  damage  expected  and  the  means  of  testing 
presents  further  problems. 

Certain  of  the  foreign  manufacturers  of  U.  S.  certificated  imported  transport 
aircraft  have  utilized  the  fatigue -life  method.  Also,  some  U.  S.  manufacturers 
have  applied  it  to  specific  components.  Necessary  conservatism  inherent  in  the 
method  frequently  dictates  low  initial  life  assessments  which  represents  a  seri¬ 
ous  drawback.  The  use  of  the  fatigue -life  method  has  not  yet  resulted  in  any  re¬ 
duction  of  aircraft  inspection  requirements,  which  one  would  think  would  be  the 
case  if  one  could  truly  rely  upon  this  method  of  fatigue  evaluation.  Continuous 
monitoring  by  means  of  strain  recorders  has  been  necessary  to  obtain  rational 
load  data. 

The  choice  of  scatter  factors  in  fatigue  testing  has  been  a  problem.  Values 
ranging  from  three  to  eight  have  been  found  acceptable  when  applied  to  various 
test  programs.  No  hard  and  fast  rules  have  been  established  for  either  load  spec¬ 
tra  or  scatter  factors.  Each  has  been  handled  on  more  or  less  an  "ad  hoc"  basis. 

The  use  of  either  the  fail-safe  principle  or  the  fatigue-life  concept  results  in 
lengthy,  laborious  and  expensive  test  programs  to  substantiate  the  design.  The 
skeleton  framework  of  the  present  CARs  leaves  much  to  be  filled  in  by  the  design¬ 
ers  and  the  FAA  engineer  who  must  certify  to  the  results.  The  FAA  has  accepted 
both  full  scale  testing  and  component  testing  in  the  various  programs  thus  far. 
Analysis  alone  has  not  met  with  any  great  degree  of  acceptance  in  civil  aircraft. 

Civil  experience  in  the  U.  S.  is  now  unfolding  as  regards  the  application  of 
the  fatigue  standards  to  transport  aircraft.  The  indications  to  date  speak  in  favor 
primarily  of  the  fail-safe  approach.  Service  experiences  are  being  carefully  fol¬ 
lowed  by  both  FAA  as  well  as  the  aviation  industry.  As  experiences  may  dictate, 
adjustment  of  details  of  the  methods  and  inspection  programs  for  aircraft  involved 
v/ill  be  accomplished. 

ROrf’ORCRAFT  AND  PERSONAL  AIRCRAFT 

Up  until  now,  this  paper  has  been  concerned  primarily  with  transport  cate¬ 
gory  aircraft.  As  you  know,  the  FAA  is  also  concerned  with  the  airworthiness 
of  rotorcra/t  and  personal  type  aircraft.  The  applicable  regulations,  Parts  3,  6 
and  7  warrant  every  bit  as  much  attention  as  do  our  transport  requirements 


contained  in  CAR  4b.  Some  brief  generalized  remarks  regarding  the  pertinent 
Civil  Air  Regulations  seem  appropriate  at  this  point. 

Rotorcraft 

Since  fatigue  failures  on  rotor  systems  and  controls  of  rotorcraft  are  not 
likely  to  be  forgiving  and  since  fail-safe  design  is  difficult  to  achieve,  fatigue- 
life  concepts  have  been  long  recognized  as  a  necessary  and  fundamental  approach 
to  s.olving  the  fatigue  problems  of  rotorcraft.  The  regulations  specify  that  hubs, 
blades,  blade  attachments,  and  blade  controls  which  are  subject  to  alternating 
stresses  shall  be  designed  to  withstand  repeated  loading  conditions.  For  trans¬ 
port  category  rotorcraft  the  regulations  are  extended  to  include  fuselage  and 
rotor  pylon  structural  components  the  sudden  failure  of  which  would  threaten 
the  structural  integrity  of  the  rotorcraft.  The  stresses  for  the  critical  parts 
shall  be  determined  in  flight  at  all  altitudes  appropriate  to  the  type  of  rotorcraft 
and  the  service  life  of  these  parts  shall  be  determined  by  fatigue  tests  or  by  other 
methods  found  acceptable  to  the  Administrator.  Recommended  retirement  lives 
of  components  are  enforced  by  FAA  as  a  mandatory  requirement  for  airworthi¬ 
ness  certification. 

Personal  Aircraft 

In  personal  fixed-wing  aircraft,  fatigue  failures  have  been  predominantly  of 
the.  nuisance  type  and  have  rarely ’shown  up  in  the  basic  primary  flight  structure. 
No  doubt  this  situation  is  the  result  of  the  relatively  high  design  load  factors  em¬ 
ployed  with  the  resultant  low  effective  normal  operating  stresses.  However,  vio¬ 
lations  of  the  classic  design  rules  governing  good  detail  design  practice  are  still 
occurring.  This  situation  cannot  be  ascribed  to  be  a  fault  of  CAR  3  because  the 
standards  presently  contain  provisions  apropos  of  such  practices.  With  the  pres¬ 
ent  trend  towards  higher  speeds  and  pressurized  cabins,  these  requirements  will 
certainly  require  some  amplification  regarding  fatigue,  although  pressurized 
cabins  are  already  covered  in  a  manner  similar  to  transport  aircraft. 

FUTURE  PROSPECTS  -  -  SUMMARY 

Drawing  from  the  background  of  civil  experience  in  fatigue  of  aircraft  struc¬ 
tures  as  just  presented,  the  FAA  must  view  the  present  situation  as  somewhat 
transitory.  Recent  surveys  have  shown  that  approximately  one -half  of  all  air¬ 
worthiness  directives  issued  to  correct  service  problems  in  the  area  of  airframe 
structures  for  aircraft  are  on  the  subject  of  fatigue.  Changes  and  improvements 
of  the  Civil  Air  Regulations  are  in  order,  as  the  state  of  the  art  advances.  In 
many  aspects  we  are  not  yet  in  position  to  assess  with  positiveness  their  full'  de¬ 
gree  of  success;  however,  present  indications  are  that  some  changes  to  the  pres¬ 
ent  civil  codes  may  be  warranted  as  follows: 
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A.  Part  4b  Transport  Aircraft,  Including  Projected  Supersonic 
Transports 


1.  There  is  a  need  to  fill-in  the  present  framework  of  regulations 
with  enabling  standards  to  give  substantive  meaning  to  general¬ 
ized  and  objective  terms  now  freely  employed.  For  example: 
What  constitutes  the, idealized  loading  spectrum  or  what  is  a 
single  principle  structural  element  etc. ,  are  typical  criteria 
in  need  of  defining  in  the  standards. 

2.  -Some  indications  to  date  support  a  need  for  expansions  of  the 
fatigue  investigations  to  include  other  structure  than  flight 
structure,  as  now  specified, 

3.  There  is  a  need  to  introduce  consideration  of  all  essential 
environmental  conditions  as  are  of  importance  to  proper 
evaluation  of  fatigue  characteristics.  The  high  temperature 
effects  and  stresses  and  sonic  phenomena  particularly  for 
supersonic  transports  are  definite  considerations. 

4.  By  carefully  following  service  experiences  of  new  transports, 
we  may  need  to  require  improvements  in  methods  and  pro¬ 
cedures  now  employed  in  the  type  design  approval  process 

as  may  be  clearly  necessary  and  proper. 

B.  Part  3  Personal  Aircraft 


1.  We  need  to  expand  the  present  standards  for  fatigue  prevention 
to  provide  for  advanced  airplane  designs,  particularly  high¬ 
speed  altitude  personal  aircraft  designs. 

2.  For  low  speed  airplanes,  we  may  need  to  consider  including 
in  the  standards  provisions  for  a  comparatively  simple 
approach  to  fatigue  substantiation;  this  approach  would  accept 
sufficiently  low  normal  operating  stress  levels  as  a  means 
for  ensuring  that  the  lives  of  important  structural  components 
are  well  beyond  the  airplane's  operational  life. 

3.  Appropriate  steps  should  be  taken  to  emphasize  to  airplane 
designers,  (particularly  the  young  engineers  who  may  lack 
an  appreciation  of  lessons  learned  from  the  past)  the 
importance  of  good  detail  design  practice.  A  designer's 
good  practice  handbook  as  an  adjunct  to  the  Civil  Air 
Regulations  would  be  of  great  help. 


C.  Parts  6  and  7  Rotor  craft 


1.  There  seems  to  be  a  need  for  more  specific  regulatory- 
criteria  in  lieu  of  the  present  objective  regulations 
and  the  more  comprehensive  guidance  material  of  a 
non-mandatory  nature. 

2.  Changes  in  standards  are  needed  consistent  with  the 
present  state  of  the  art  and  to  reflect  service  experience 
to  date.  This  experience  is  reaching  a  point  where  more 
definite  conclusions  can  be  reached  in  relation  to  fatigue 
requirements  as  they  apply  to  rotorcraft. 

CONCLUDING  REMARKS  -  In  behalf  of  the  Federal  Aviation  Agency  I  wish  to 
express  our  appreciation  for  having  been  invited  by  the  United  States  Air  Force 
to  address  this  important  gathering  on  our  Philosophy  on  the  Problems  of  Fatigue 
in  Relation  to  Civil  Aircraft.  There  is  no  question  in  our  mind  that  the  problems 
of  fatigue  are  serious  and  demand  our  all-out  effort.  Much  remains  to  be  done  in 
their  peculiar  solution  to  aircraft  and  missile  construction.  The  FAA  is  looking 
forward  to  working  together  with  the  U.S.  Air  Force  on  this  vital  structural  integ¬ 
rity  problem  by  contributing  its  knowledge  and  experience.  We  believe  that  we  are 
on  the  right  track  so  to  speak  with  our  current  designs.  With  the  combined  ef¬ 
forts  of  the  designer,  the  operator  and  the  government  bodies,  the  FAA  looks  for¬ 
ward  with  confidence  to  the  JET  AGE. 
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THE  AIRCRAFT  FATIGUE  PROBLEM:  BARELY  UNDER  CONTROL 


By 

Captain  W.  H.  Keen,  USN 
Bureau  of  Aeronautics 

The  title  of  this  paper  is  not  an  inept  attempt  at  frivolity.  The  fatigue  problem  is  much 
too  serious  for  anyone  to  treat  it  with  any  levity.  Nor  is  it  an  indication  that  I  shall  spend 
the  next  twenty  minutes  "viewing  with  alarm. "  The  situation  that  I  shall  describe  is  under 
control,  but  only  through  continuous  vigilance  and  determined  effort  of  everyone  concerned. 
More  than  this  will  be  needed  in  the  future .  Only  by  far  better  understanding  of  the  nature 
of  fatigue  and  methods  of  coping  with  it  from  design  through  test,  evaluation  and  service 
use  can  we  prevent  this  situation  from  getting  out  of  hand.  The  cooperative  effort  repre¬ 
sented  by  this  symposium  is  one  of  the  reasons  I  am  not  alarmed  although  gravely  concerned 
by  the  difficulties  ahead. 

The  examples  I  shall  present  of  the  operational  threat  of  fatigue  problems  are  all 
concerned  with  major  structure  of  piloted  airplanes .  Individually  these  present  the  most 
immediate  operational  problems,  but  this  should  not  be  construed  as  minimizing  the 
seriousness  of  the  aggregate  effect  of  difficulties  with  fatigue  in  other  aircraft  components. 
We  currently  have  fatigue  problems  with  power  plants  that  are  just  as  troublesome 
operationally  as  the  structural  "headaches"  I  shall  cite.  This  discussion  could  also  include 
a  wide  variety  of  circumstances  where  time -temperature  effects  add  new  dimensions  to  the 
consideration  of  repeated  loads  in  the  design  of  unmanned  vehicles.  Rather  than  survey 
the  entire  field,  however,  my  remarks  will  be  limited  to  the  airplane  airframe  structural 
problem. 

Every  single  one  of  the  Navy’s  first  line  carrier  aircraft  has  a  fatigue  or  repeat  load 
problem.  On  earn,  our  attention  may  not  relax  a  moment  lest  an  unacceptable  operational 
situation  develop.  One  example  that  I  shall  elaborate  on  illustrates  particularly  well  the 
unfortunate  consequences  of  assuming  that  we  could  take  a  short  breathing  spell.  As  we  go 
through  the  list  of  some  of  these  aircraft,  the  nature  of  the  principal  difficulties  with  each, 
and  the  narrow  margin  of  control  we  have  over  each  situation,  you  will  share  I  am  certain 
the  sense  of  urgency  which  must  be  behind  the  structural  integrity  program.  If  I  devote 
more  attention  to  some  aircraft  than  others,  it  is  not  to  criticize  their  engineering  develop¬ 
ment  more  than  that  of  others.  These  cases  either  illustrate  the  operational  effects  of  the 
problem  more  dramatically  or  Che  benefits  of  an  intelligent  determined  attack  on  the 
problem  when  it  occurs . 

As  I  mentioned  every  single  model  of  carrier  aircraft  is  involved  in  this  problem.  I 
shall  describe  briefly  the  nature  of  the  particular  difficulty  with  the  F8U,  F3H,  F4D,  F11F, 
FJ4,  A4D,  and  A3D.  Other  models  of  carrier  aircraft  in  service  and  patrol  aircraft  could 
be  added  to  the  list.  The  major  emphasis,  however,  will  be  on  the  influence  on  the  attack 
potential  of  carrier  forces,  if  the  problem  got  out  of  control.  There  will  be  no  attempt 
to  go  into  technical  details  of  the  nature  of  failure  involved.  I  shall  not,  in  fact,  try  to 
distinguish  between  true  fatigue  and  what  might  be  better  described  generally  as  ytructural 
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fatigue  under  repeated  loads.  Our  design  requirements  for  structural  integrity  lump  these 
together,  for  practical  purposes,  so  we  shall  do  the  same  in  considering  the  operational 
implications  of  the  problems . 

The  F8U  problem  affords  an  example  that  could  have  had  very  serious  implications  on 
the  aircraft  program,  but  fortunately  has  been  scaled  down  to  the  level  of  a  major  scheduling 
nuisance  with  far  less  cost  than  earlier  expected.  In  early  repeated  load  tests  of  the  F8U-1 
wing,  results  indicated  a  threat  of  catastrophic  in-flight  failure  close  to  the  end  of  the  first 
service  tour.  This  situation  would  have  required  periodic  replacement  of  complete  center 
wing  panels  at  a  cost  of  about  $50, 000  per  airplane  and  serious  extra  workload.  Viewed 
pessimistically,  this  addition,  on  the  order  of  $20,000,000  to  the  F8U  program  could  only 
be  met  by  buying  fewer  airplanes  with  a  consequent  reduction  in  fleet  aircraft  inventory. 

A  successful  fix,  the  usual  external  doubler,  was  evolved  in  time  to  avoid  the  necessity  of 
ordering  hundreds  of  extra  wing  panels.  Installation  of  the  change  is  now  in  process, 
eliminating  the  worst  of  the  threat  to  the  F8U  program.  It  should  be  emphasized,  however, 
that  the  wing  with  the  doubler  does  not  have  an  indefinite  life;  it  is  only  sufficient  for  the 
currently  planned  service  life  of  the  airplane .  The  big  uncertainty  still  confronting  us  is 
whether  the  repeated  load  test  program  has  adequate  correlation  with  service  load  experi¬ 
ence.  There  is  some  evidence  that  the  results  of  the  laboratory  program  are  conservative, 
but  we  must  never  relax  our  vigilance  in  keeping  track  of  the  service  usage  of  the  model. 

The  history  of  our  difficulties  with  the  F3H  is  probably  well  known  to  most  structural 
engineers  in  the  industry.  The  most  urgent  fatigue  problems,  with  major  wing  fittings, 
were  discovered  almost  accidentally.  In  the  course  of  a  general  program  of  research  in 
fatigue  at  the  Aeronautical  Structures  Laboratory  at  the  Naval  Air  Materiel  Center,  a 
dangerous  fatigue  life  deficiency  was  discovered  in  the  wing  hinge  fittings  of  some  surplus 
F3H  airframes  being  used  in  the  research  program.  Other  major  deficiencies  in  wing 
carry -through  structure  were  found.  In  spite  of  a  determined  cooperative  effort  of  the 
contractor  and  the  Structures  Laboratory,  the  airplane  went  through  a  period  of  several 
years  of  service  operation  with  operating  restrictions  that  made  it  barely  capable  of  per¬ 
forming  its  primary  mission  and  severely  limited  its  operational  flexibility . 

The  wing  fatigue  problem  of  the  F4D  affords  a  good  example  of  a  situation  that  has  not 
severely  threatened  the  operational  effectiveness  of  the  airplane,  but  keeps  the  structures 
engineers  from  sleeping  too  soundly.  The  fatigue  deficiencies  that  showed  up  during  early 
repeated  load  tests  appear  to  be  of  the  type  that  will  give  some  warning  through  simple 
inspections  before  the  failure  progresses  far  enough  to  be  catastrophic.  A  fix  is  required, 
nevertheless,  because  a  life  less  than  the  service  tour  is  indicated.  As  long  as  the  airplane 
is  operated  in  high  altitude  missions,  the  load  spectrum  used  for  laboratory  test  is  con¬ 
sidered  conservative.  The  principal  effect  of  the  fatigue  problem  with  this  model  is  then 
to  add  a  maintenance  burden  --  and,  of  course,  the  cost  of  a  change.  One  of  the  fatigue 
problems  of  this  model  had  its  lighter  side.  The  wing  hinge  fitting,  thought  to  have  a  good 
fatigue  life,  turned  out  to  be  susceptible  to  damage  from  unexpected  load  components 
resulting  from  manufacturing  misalignment.  An  F4D  showed  up  at  Marine  Corps  Air 
Station,  El  Toro,  after  a  cross  country  flight  with  one  of  the  two  lugs  of  the  fitting  missing. 
The  lug  was  nowhere  to  be  found.  It  must  have  dropped  out  when  the  wings  were  folded  at 
some  stop  enroute.  Naturally  proper  alignment  of  this  fitting  received  immediate  attention. 
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The  F11F  has  had  a  repeated  load  problem  of  a  different  nature .  As  the  weight  of  the, 
airplane  grew  (weight  growth  is  like  death  and  taxes),  the  landing  gear  proved  inadequate 
for  repeated  carrier  landings.  As  you  know,  these  involve  sinking  speeds  way  in  excess  of 
those  for  land  operations .  At  first  it  appeared  that  a  program  to  develop  adequate  strength 
for  repeated  carrier  landings  would  involve  millions  of  dollars  and  over  a  year  in  lime. 

This  posed  a  serious  operational  dilemma  when  considered  with  the  projected  program  of 
the  model.  The  major  difficulty,  fortunately,  turned  out  to  be  the  result  of  progressive 
deformation  of  the  landing  gear.  A  satisfactory  solution  was  developed  without  the  long 
expensive  engineering  program  that  had  originally  been  expected.  We  still  must  watch 
the  landing  incident  history  of  the  F11F  very  closely. 

The  FJ-4  represents  the  typical  airplane  fatigue  problem  more  completely  than  any 
other  model.  First,  the  operational  history  of  the  model  exemplifies  a  principal  cause  of 
getting  into  fatigue  troubles.  The  FJ-4  was  considered  to  have  adequate  fatigue  life  for  its 
original  fighter  mission.  When  it  was  converted  into  a  fighter-bomber,  or  attack  aircraft, 
'’all  bets  were  off. "  The  extra  operational  weight  plus  the  increase  in  severity  of  loads  at 
low  altitude  changed  the  fatigue  situation  for  the  FJ-4  drastically.  The  most  serious  effect, 
however,  turned  out  to  be  the  increased  difficulty  in  staying  within  the  "v-g"  envelope  in 
low-level  training  exercises.  After  a  fatal  accident,  conclusively  determined  to  be  caused 
by  a  major  wing  fatigue  failure,  it  was  evident  that  the  service  usage  of  the  airplane  had 
reduced  the  wing  fatigue  life  from  thousands  (in  its  original  mission)  to  only  a  few  hundred 
hours.  A  crash  program  ensued.  This  occurred  when  the  world  situation  was  especially 
tense  on  both  sides  of  the  globe.  For  efficiency  in  maintenance  and  support,  almost  all  of 
the  FJ-4's  were  in  one  ocean.  But  this  meant  that  a  major  part  of  the  naval  aircraft  attack 
potential  in  that  ocean  was  involved  in  the  FJ-4,  so  the  dire  consequences  of  grounding  or 
severe  restriction  of  them  was  obvious.  Good  fortune  prevailed  again,  because  it  turned 
out  that  incipient  fatigue  damage  could  be  found  by  a  borescope  inspection  of  certain  bolt 
holes.  Reaming  and  bushing  the  holes  restored  the  wing  to  its  original  fatigue  integrity. 
This  still  left  the  serious  problem  of  improving  the  fatigue  life  of  the  wings  before  the 
situation  again  became  acute.  Here  another  example  of  the  necessity  for  eternal  vigilance 
transpired.  We  were  confident  that  we  had  a  year  to  develop  and  get  a  fix  into  service 
based  on  expected  usage  of  the  airplanes.  At  the  end  of  about  six  months,  much  to  our 
consternation,  we  learned  that  some  FJ-4's  were  being  operated  at  about  twice  the  hourly 
rate  expected.  Others  were  being  flown  hardly  at  all,  it  is  true,  so  the  average  was  about 
that  planned.  It  was  the  old  story  of  being  trapped  by  statistics.  There  was  no  alternative 
but  to  set  a  limit  on  operating  hours  and  try  to  accelerate  the  program  to  incorporate  the 
fix.  This  is  now  going  into  the  airplanes  without  too  serious  a  reduction  in  availability,  I 
hope.  Once  again,  though,  I  must  emphasize  that  the  fix  does  not  give  us  an  indefinite 
fatigue  life  for  the  wing,  but  only  enough  for  limited  service  life . 

The  A4D  is  included  in  this  history  primarily  to  illustrate  the  assertion  that  no  airplane 
is  free  of  some  structural  fatigue  trouble .  I  must  admit  in  this  case  that  the  troubles  are 
of  the  variety  that  have  been  familiar  to  engineers  since  long  before  the  current  problems 
with  relatively  brittle  materials  used  in  critical  single  load-path  members.  The  A4D 
problems  have  been  confined  to  the  fuselage  and  engine  support  structure . 

The  A3D,  on  the  other  hand,  has  been  afflicted  by  a  distinctly  modern  ailment,  sonic 
fatigue .  The  primary  operational  effect  has  been  the  increase  in  maintenance  effort 


caused  by  cracks  in  the  tail  and  aft  part  of  the  fuselage .  The  effect  of  sonic  fatigue  on  the 
tail  structure  has  presented  a  dilemma  similar  to  that  which  may  face  the  missile  designer. 
Relatively  short  periods  of  ground  operation  at  high  power  causes  damage  to  the  stabilizer 
structure .  This  has  been  very  difficult  to  cope  v/ith  even  though  the  initial  effect  is  not 
dangerous.  The  A3D  has  also  encountered  the  problem  involved  in  a  change  of  mission. 

It  has  been  necessary  to  develop  changes  to  improve  the  fatigue  life  of  the  wing  for  loads 
encountered  at  low  altitude .  The  A3D  has  not  presented  more  serious  difficulties  to 
operating  commands  in  this  connection  because  information  on  the  planned  change  in  mission 
enabled  responsible  activities  to  program  required  service  changes.  It  was  necessary, 
however,  to  impose  a  requirement  for  periodic  inspections  prior  to  installation  of  these 
changes  and  to  recommend  to  fleet  commands  that  the  amount  of  low  altitude  flying  done  be 
monitored  to  avoid  accumulating  excessive  time  on  individual  aircraft  at  low  altitude. 

While  the  foregoing  recital  has  not  been  intended  to  paint  a  gloomy  picture,  the  over-all 
effect  should  dispell  any  complacency.  To  return  to  my  original  figure  of  speech,  a  machine 
barely  under  control,  there  is  a  parallel  to  a  very  complicated  dynamic  system.  It  is  known 
empirically  to  be  unstable,  but  otherwise  has  unknown  physical  characteristics.  The 
engineers  have  devised  controls  by  trial  and  error  that  operate  successfully  but  inefficiently 
within  limited  dynamic  boundaries.  They  know  that  any  change  in  environment  or  major 
disturbance  to  the  system  is  likely  to  produce  divergence .  So  eternal  vigilance  to  keep  all 
disturbances  small  is  the  only  way  to  keep  under  control.  Meanwhile  a  major  program  of 
research  and  study  is  essential  to  find  out  more  about  the  mechanisms  of  the  system  and  to 
be  prepared  for  the  changes  in  operating  environment  that  must  be  anticipated. 

In  summary  the  operational  aspects  of  the  fatigue  problem  with  Navy  aircraft  may  be 
categorized  as  follows: 

1.  We  have  had  to  recommend  or  impose  flight  restrictions  on  some  models  which  have 
hampered  operating  commands  in  training  pilots  for  the  intended  missions  of  the  airplane . 

2.  We  have  had  to  fund  and  schedule  unanticipated  modification  programs  on  a  priority 
basis. 

3.  We  have  been  confronted  with  actual  or  probable  usage  of  expensive  spares  at  rates 
far  in  excess  of  normal  or  reasonable  provisioning. 

4.  We  have  had  to  impose  special,  periodic,  structural  inspections  on  operating 
squadrons . 

5 .  We  have  had  to  impose  additional  administrative  workload  on  operating  units  in 
connection  with  timing  the  installation  of  changes  in  individual  aircraft. 

What  is  a  sound  approach  to  long  term  solutions  to  the  fatigue  problem?  Solutions  are 
certainly  not  satisfactory  which  impose  operational  burdens  such  as: 

a.  Replacing  major  structural  sub-assemblies  periodically,  or 

b.  Establishing  elaborate  administrative  procedures  to  monitor  the  operation  of  fleet 


aircraft  and  rotate  their  assignment  so  as  to  achieve  uniform  usage,  or 

c .  Requiring  adherence  to  maximum  flight  operating  restrictions  which  provide 
essentially  no  margin  with  respect  to  the  minimum  flight  envelopes  necessary  for  the 
airplane’s  missions. 

In  the  long  run  fatigue  must  be  handled  as  any  other  engineering  problem.  Attainment 
of  adequate  fatigue  life  requires  recognition  of  this  as  a  design  objective  just  as  performance, 
weapon  compatibility,  maintainability,  and  mission  versatility  are  so  recognized. 

It  is  an  obligation  of  the  Navy  to  define  this  design  objective  adequately.  We  cannot 
expect  a  contractor  to  guarantee  a  minimum  life  for  an  aircraft,  but  we  do  expect  contractors 
to  agree  to  a  design  fatigue  life.  The  Navy  must  produce  a  design  fatigue  life  based  on  the 
relation  of  expected  operational  missions  and  associated  loading  spectra  to  the  probable 
operational  life  desired. 

Such  a  design  fatigue  life  must  then  be  introduced  as  a  part  of  the  requirements  governing 
design  proposals ,  We  can  see  no  way  at  present  to  accomplish  proof-of-design  other  than 
by  laboratory  fatigue  testing  of  articles  as  representative  of  production  aircraft  as  possible. 

A  great  deal  remains  to  be  done  to  achieve  a  satisfactory  state  of  affairs  in  handling 
fatigue  as  an  engineering  design  problem,  reducing  the  operational  complications  to  an 
acceptable  level.  The  services  in  cooperation  with  the  National  Aeronautics  and  Space 
Administration  and  the  Federal  Aviation  Agency  are  approaching  their  share  of  the  responsi¬ 
bility  by  a  joint  effort.  This  cooperation  is  particularly  important  in  applied  research  on 
flight  loads  and  development  of  design  requirements  for  structural  integrity.  A  broad  basic 
research  program  on  the  nature  of  fatigue  is  essential .  The  interim  measures  of  an 
operational  nature  for  coping  with  the  fatigue  problems  of  airplanes,  barely  satisfactory  as 
they  are,  fail  completely  in  application  to  engineering  for  missiles  and  space  vehicles. 

The  cooperative  effort  required  for  real  solutions  to  the  engineering  fatigue  difficulties 
with  airplanes  has  potential  value  throughout  the  whole  space  of  transportation  from  the 
ground  to  the  stars .  This  gives  me  confidence  that  we  will  not  lose  the  motivation  now 
behind  our  united  attack  on  the  problem. 
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PROBLEMS  OF  BALLISTIC  MISSILE  WEAR-OUT 
AND  STRUCTURAL  SERVICE  LIFE 


By 

Millard  V.  Barton 
Space  Technology  Laboratories,  Inc, 

I.  INTRODUCTION 

Operational  requirements  for  ballistic  missiles  to  date  have  not  attempted  to  specify 
precise  requirements  for  service  life  or  wear-out  period.  The  complicated  relationships 
among  factors  which  have  bear'  lg  on  the  question,  such  as  component  maintenance  and 
replacements,  facilities  and  personnel  requirements,  logistics  and  supply,  operational 
doctrines,  and  costs  have  not  been  satisfactorily  evaluated;  and  since  ballistic  missiles 
are  just  now  entering  into  operational  capability,  experience  is  lacking.  No  doubt  some 
of  the  important  issues  related  to  the  entire  question  have  not  yet  been  recognized. 

The  term  "service  life"  applied  to  the  current  concept  of  a  ballistic  missile  obviously 
does  not  imply  an  ability  to  perform  a  number  of  operational  missions,  for  the  number  of 
missions  possible  per  missile  clearly  is  one.  Service  life  in  this  respect  must  imply  the 
ground  experiences  which  must  eventually  require  the  retirement  of  the  missile  as  an  opera¬ 
tional  item  without  being  fired. 

Even  though  precise  requirements  may  not  exist  initially,  it  would  be  foolhardy  to 
ignore  the  problem  of  service  life  until  such  time  that  all  requirements  have  been  stated 
precisely.  Common  sense  would  indicate  that  a  complicated  and  costly  ballistic  missile 
must  be  capable  of  surviving  the  operations  which  must  be  performed  on  the  ground  for 
many  months,  and  perhaps  years,  before  being  launched.  Clearly,  the  pre-launch  history 
must  not  be  allowed  to  lower  the  probability  of  success  of  the  mission  below  acceptable 
limits.  However,  it  is  probably  less  important  to  be  worried  initially  about  the  exact 
service  life  or  wear-out  period  for  a  ballistic  missile  than  it  is  to  attempt  to  insure, 
through  systematic  design,  development,  and  testing,  that  a  certain  minimum  service 
life  can  reasonably  be  anticipated.  If  later  experience  or  military  doctrine  should  require 
a  change  in  the  assumed  life  requirement,  the  design  studies,  development,  and  testing 
already  undertaken  in  this  area  will  provide  the  simplest  and  surest  guides  for  effecting 
the  necessary  changes. 

Although  the  foregoing  concept  applies  generally  to  the  entire  missile  system,  in¬ 
cluding  ground  support  facilities  as  well  as  all  subsystems  of  the  vehicle,  only  the  area 
of  airframe  structural  design  will  be  considered  in  the  following  remarks.  Further, 
major  consideration  here  will  be  limited  to  strictures  for  liquid  propellant  ballistic 
missiles,  which  have  achieved  a  more  advanced  stage  of  development  than  solid  propellant 
ballistic  missiles.  Factors  which  must  be  considered  in  connection  with  structural  service 
life  include: 

1.  Susceptibility  to  structural  fatigue  for  various  repeated  loading  conditions 
expected  in  the  air  and  on  the  ground; 
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2.  Vulnerability  of  the  structure  to  accidents,  sabotage,  or  enemy  action  on  the 
ground; 

3.  Resistance  to  atmospheric  environmental  factors,  primarily  corrosion. 

H.  DESIGN  ENVIRONMENTS  AND  SERVICE  LIFE 

An  extremely  important  objective  of  ballistic  missile  structural  design  is  to  achieve 
the  lightest  weight  structure  within  practical  limitations  that  is  consistent  with  over-all 
system  objectives.  Clearly  it  is  not  desirable  to  penalize  the  structure  size  and  weight  by 
designing  for  non-flight  conditions  except  in  the  over-all  best  interests  of  the  system,  and 
only  then  when  it  can  be  determined  that  the  chances  for  the  structure's  successful  survival 
of  the  flight  environment  will  not  have  been  impaired  by  its  earthbound  experiences. 

The  first  and  most  important  step  in  design  -  as  well  as  one  of  the  most  difficult 
problems  -  is  to  decide  which  environments  must  be  considered  as  design  conditions,  and 
how  long  a  lifetime  must  be  provided  for  exposure  to  or  repetition  of  these  environments. 
Having  decided  these  things,  it  then  would  be  desirable,  ideally,  to  be  able  to  predict 
exactly  when  any  specific  missile  must  be  retired  from  service,  or  the  last  moment  it 
may  safely  be  launched,  just  by  knowing  its  entire  history  of  transportation,  handling, 
training  and  operational  exercising,  exposure  to  the  elements  and  damage  by  personnel. 
Actually,  such  an  accomplishment  is  extremely  unlikely,  but  one  may  approach  this  goal 
by  careful  consideration  of  environmental  factors,  proper  design  procedures,  and  adequate 
test  programs,  along  with  the  application  of  information  and  judgment  accumulated  during 
the  development  of  the  weapon  system. 

It  is  convenient  to  consider  the  design  environment  in  two  parts:  post-launch,  or 
flight,  and  pre-launch. 

Flight  Environment.  In  the  flight  environment  are  a  great  number  of  conditions. 

After  the  missile  leaves  the  laimch  pad,  it  is  subjected  to  acoustic  noise  from  the  engines, 
engine  thrust  forces  and  vibration,  aerodynamic  heating,  aerodynamic  forces,  engine 
swiveling  control  forces  and  vibration,  propellant  sloshing  motions  in  the  case  of  liquid 
propellant  missiles,  internal  pressures  and  their  fluctuations,  and  possibly  panel  flutter. 

If  the  missile  is  launched  from  an  underground  enclosure  or  "silo"  a  severe  and  concen¬ 
trated  transient  environment  will  also  develop,  including  acoustic  pressures,  aerodynamic 
forces,  and  exposure  to  the  hot  products  of  combustion  from  the  rocket  engine  jets. 

Considering  the  fatigue  life  of  the  structure,  it  is  frequently  remarked  that  since  the 
powered  flight  duration  is  in  the  order  of  five  minutes  there  should  be  no  fatigue  problem. 
True,  it  is  generally  believed  at  this  time  that  the  flight  environment  considered  by  itself 
has  not  been  a  governing  factor  in  establishing  service  life,  and  that  one  does  not  consider 
fatigue  in  the  most  usual  sense,  i.e. ,  many  cycles  of  repeated  stress  at  relatively  low 
levels  superimposed  on  moderate  steady  state  stresses.  However,  in  spite  of  the  short 
duration  and  possible  low  cyclic  stress  levels,  the  in-flight  environments  must  not  be 
dismissed  as  unimportant  from  the  fatigue  standpoint.  Conditions  in  flight  most  likely  to  ' 
induce  fatigue  are  the  vibratory  stresses  produced  by  aero  dynamic  ally  excited  panel  flutter, 
by  acoustic  pressures,  and  by  engine  vibration,  particularly  in  the  thrust  transmission  path 


and  at  equicr  f'nt  attachments.  Frequencies  in  each  case  may  be  several  hundreds  of 
cycles  per  second,  so  large  numbers  of  cycles  can  occur  even  in  a  le  v  minutes  of  flight. 
Furthermore,  since  low  design  safety  factors  are  employed,  and  smce  design  conditions 
may  be  expected  to  occur  in  each  flight,  the  cyclic  stresses  mentioned  are  in  some  cases 
superimposed  on  high  static  stress  fields.  In  certain  areas  the  same  structure  has  also 
survived  many  stress  cycles  on  the  ground  and  may  have  accumulated  considerable  fatigue 
damage. 


To  date  the  flight  conditions  have  been  accounted  for  in  design  by  using  static  stress 
allowables,  making  allowances  for  high  temperature-short  time  properties  when  appropri¬ 
ate,  but  to  my  knowledge  the  repeated  stresses  from  the  flight  environment  for  current 
ballistic  missiles  have  not  required  fatigue  life  reductions  of  allowables.  The  degree  of 
over-design  present  in  existing  structures  is  frequently  unknown.  It  is  fair  to  conclude, 
however,  that  with  every  effort  made  toward  design  improvements  leading  to  structural 
weight  reductions,  conditions  which  may  not  now  be  critical  will  become  increasingly 
important.  Refinements  in  loads  determination  and  statistical  prediction,  and  better 
understanding  of  detailed  structural  capabilities  will  inevitably  lead  to  this  conclusion. 

Pre-Launch  Environment.  For  the  pre-launch  environment,  it  is  more  difficult  to 
define  either  all  the  environmental  factors  or  their  durations  and  numbers  of  occurrences. 
Typical  conditions  to  be  accounted  for  include  the  following  events: 

.  1.  Fabrication  and  acceptance  proofing; 

2.  Transportation; 

3.  Handling  to  and  from  storage; 

4.  Erection  for  captive  firing  or  launching; 

5.  Thermal  and  pressurization  cycling  of  propellant  tanks; 

6.  Captive  firing; 

7.  Accidental  damage  due  to  personnel  errors  and  equipment  malfunctions; 

8.  Exposure  to  the  elements  while  on  an  outside  launcher,  including  wind  induced 
oscillations; 

9.  Ground  shock  from  earthquake  or  enemy  attack. 

Circumstances  under  which  these  events  may  occur  include  crew  training  exercises,  opera¬ 
tional  checkouts,  readiness  alerts  and  holds,  and  enemy  action.  Static  and  dynamic  loads, 
mechanical  and  acoustical  vibrations,  repeated  temperature  cycling,  and  repeated  internal 
pressure  cycling  are  variously  encountered  during  the  conditions  described.  Decisions 
must  be  made  which  govern  the  extent  to  which  a  missile  is  to  be  protected  and  to  what 
extent  it  must  be  able  to  sustain  all  these  conditions  without  seriously  endangering  the 
success  of  its  mission  or  needlessly  compromising  the  entire  system.  For  this  reason, 
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interaction  studies  must  be  undertaken  to  determine  the  over-all  effects  on  the  entire  system 
which  result  from  different  basic  missile  capabilities  and  limitations  imposed  by  environ¬ 
mental  factors. 

Even  though  in  the  interests  of  weight  reductions  it  is  desired  to  protect  the  missile 
airframe  whenever  feasible  from  the  pre -launch  environment,  it  has  nevertheless  developed 
that  the  pre-launch  experiences  of  the  missile  are  those  which  most  strongly  influence  and 
limit  service  life.  The  various  ground  environments  believed  most  significant  in  affecting 
structural  service  life  are  those  which  could  induce  structural  fatigue  failures.  These 
include  acoustic  excitations  due  to  static  firing,  vibratory  inputs  due  to  transportation, 
propellant  tank  pressurization  and  thermal  cycling  during  repeated  filling  and  draining 
operations  conducted  for  many  reasons,  and  bending  excitations  due  to  repeated  exposure 
to  ground  winds.  Additionally,  of  course,  the  general  susceptibility  to  structural  damage 
due  to  sabotage,  accident,  and  corrosion,  as  well  as  the  relative  repairability  of  the  air¬ 
frame  must  always  be  limiting  factors. 

HI.  DESIGN  CONSIDERATIONS 

It  should  be  recalled  that  fatigue  is  almost  always  a  detail  design  problem.  In  order 
that  fatigue  damages  be  minimized  three  basic  concepts  must  be  followed,  namely: 

1.  Use  materials  which  have  a  long  fatigue  life,  particularly  at  the  low  cycle-high 
stress  end  of  the  S-N  diagram.  Fatigue  life  must  be  determined  under  the  ambient 
conditions  present  in  the  particular  part  of  the  missile,  and  include  all  important 
interactions; 

2.  Use  detail  design  procedures  for  all  structural  components  which  minimize 
steep  stress  gradients  and  stress  concentrations  since  these  are  inherent  fatigue 
initiators; 

3.  Protect  against  stress  corrosion  by  proper  techniques. 

Probably  the  most  important  of  the  items  mentioned  above  is  the  second,  since  local  stress 
raisers  can  initiate  fatigue  failures  in  even  the  best  of  materials  and,  once  a  fatigue  crack 
starts,  it  is  self -propagating  with  additional  stress  cycles  due  to  the  induced  high  stress 
concentration  at  the  ends  of  the  crack.  It  maybe  well  to  interpolate  at  this  point  that, 
whereas  in  aircraft  design,  fail-safe  and  crack-stopping  concepts  can  be  built  into  the 
structure  so  as  to  avoid,  or  minimize,  the  propagation  of  fatigue  cracks,  these  techniques 
always  lead  to  structural  weight  penalties.  Such  weight  penalties  while  costly  may  be 
permissible  in  both  military  and  commercial  aircraft.  On  the  other  hand,  similar 
excesses  in  weight  might  jeopardize  the  entire  mission  of  a  ballistic  missile  and  could  not 
therefore  be  tolerated.  For  example,  in  the  case  of  the  pressurized  integral  propellant 
tanks  (which  constitute  much  of  the  primary  structure  in  large  ballistic  missiles)  a  leak 
which  becomes  a  crack  is  in  effect  nearly  always  catastrophic,  for  not  only  are  propellants 
lost  that  are  vital  to  the  mission,  but  also  pressurization  is  lost  which  is  vital  to  structural 
integrity.  Crack  stopper  design  techniques  in  the  tankage  cannot  be  substituted  for  crack 
prevention  design  features. 


Three  environmental  problems  may  be  mentioned  as  requiring  special  attention  in 
design.  They  are  the  effect  of  acoustic  pressure,  the  degradation  of  service  life  by  trans¬ 
portation,  and  the  ground  exercising  of  missiles. 

Acoustic  Excitation.  The  acoustic  field  around  a  large  rocket  engine  contains  large 
amounts  of  pressure  energy  which  can  exceed  values  of  170  decibels  and  provide  pressure 
levels  of  one  pound  per  square  inch.  Careful  consideration  must  be  made  during  the  design 
of  the  structure  and  components  to  provide  a  sufficient  number  of  attachment  points  for 
hydraulic  lines  and  canles  as  well  as  to  provide  sufficient  strength  and  stiffness  in  panels 
particularly  in  the  region  of  the  engine  compartment.  It  may  be  well  to  subject  typical 
structural  sections  to  comparable  noise  levels  to  establish  failure  criteria  although  the 
captive  firing  test  of  the  complete  system  may  frequently  be  considered  adequate  confirma¬ 
tion  of  the  structure.  It  is  interesting  to  note  that  during  the  development  of  the  Atlas, 

Thor  and  Titan  missiles,  no  failures  have  occurred  which  could  be  specifically  attributed 
to  acoustic  effects. 

Transportation  Effects.  Concurrent  with  the  detail  design  of  the  missile,  the  method 
of  support  of  the  device  in  its  transtainer  must  be  considered.  Certain  structural  elements 
while  sufficiently  strong  for  flight  and  launching  pad  loads,  may  be  subjected  to  stresses 
during  transportation  that  may  lead  to  fatigue  damage.  In  many  cases,  minor  redesign  of 
the  missile  structure  can  eliminate  these  potential  trouble  spots  without  weight  increase. 
This  should  be  done  whenever  possible  since  it  tends  to  make  the  missile  more  foolproof. 
V/here  changes  in  the  missile  structure  cannot  be  made  without  serious  weight  penalties, 
it  is  then  necessary  to  incorporate  in  the  transtainer  additional  support  or  shock  absorbing 
devices  to  prevent  damaging  vibratory  loads  occurring  in  the  missile  structure. 

Ground  Exercise.  Perhaps  of  most  concern,  from  the  standpoint  of  service  life,  are 
ground  operations  which  may  apply  design  loads  a  number  of  times  prior  to  flight.  Such 
operations  are  introduced,  for  example,  by  the  fueling  and  defueling  of  the  propellant  tanks 
during  captive  tests,  training  exercises,  operational  check  outs  and  ready  alerts.  The 
filling  and  pressurization  of  these  tanks  with  the  attendant  thermal  shock  and  pressure 
effects  produce  high  stresses.  Unless  the  design  conditions  allow  for  repeated  operations 
of  this  sort,  there  would  always  be  concern  that  the  missile  would  fail  at  the  next  pressuri¬ 
zation,  As  the  worry  about  the  availability  of  the  missile  as  a  weapon  increased,  there 
would  arise  a  demand  to  take  it  out  of  service  and  replace  it  with  a  new  missile,  possibly 
before  the  useful  life  of  the  missile  had,  in  fact,  been  reached.  Thorough  fatigue  analyses 
and  suitable  fatigue  development  and  demonstration  test  programs  are  required  to  give  the 
desired  assurance  of  service  life. 

IV.  DEVELOPMENT  AND  TEST  PROGRAMS  FOR  STRUCTURAL  FATIGUE  RESISTANCE 

In  order  that  a  reasonable  service  life  expectancy  be  achieved,  development  of  fatigue 
resistant  design  and  demonstrations  of  this  accomplishment  are  required  by  suitable  testing 
programs  for  materials,  components,  and  entire  structural  assemblies.  The  captive  firing 
programs  for  the  R  and  D  versions  provide  the  basis  for  most  of  the  fatigue  resistant  design 
confirmation  demonstrations,  for  they  subject  the  structure  repeatedly  to  acoustic  and 
mechanical  vibrations  from  engine  firing,  and  to  repeated  propellant  tanking  and  detanking 
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operations  which  include  cryogenic  and  pressure  cycling.  Certain  additional  development 
testing  programs  are  required,  however,  in  addition  to  the  captive  tests.  Some  of  the  more 
important  ones  will  be  discussed  briefly. 

Transportation  Effects  Tests.  In  order  to  determine  the  effect  of  the  loads  trans¬ 
mitted  to  the  structure  during  transportation,  hundreds  of  miles  of  actual  instrumented 
transtainer  trips  may  be  required  in  order  to  obtain  the  possible  load  spectra  caused  by 
various  types  of  road  surface,  velocity  of  motion  and  other  variables  involved  in  moving 
the  device  from  one  part  of  the  country  to  another.  Finally,  complete  missile  stages  are 
installed  in  the  transtainer  and  given  (typically)  a  500-mile  road  test.  Transportation  by 
air  involves  similar  problems  as  well  as  certain  environmental  conditions  peculiar  to  air 
operations. 
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Structural  Component  Development  Testing.  In  order  that  a  reasonable  number  of 
pre-flight  operational  exercises  can  be  assured  a  series  of  fatigue  tests  in  materials, 
structural  components,  and  complete  assemblies  must  be  made.  The  list  below  gives  the 
usua!  sequence  of  testing  although  several  of  these  tests  may  be  run  simultaneously: 

1.  Coupon  tests  on  simple  material  samples.  These  are  run  at  a  range  of  stress 
levels  which  bracket  the  expected  operational  stress  levels  In  the  actual  missile. 
The  tests  must  be  run  under  the  proper  environmental  conditions  since  a  material 
which  has  a  high  fatigue  life  at  one  temperature  (for  example)  may  be  poor  at  a 
higher  or  lower  temperature.  This  series  of  tests  is  used  to  choose  the  most 
promising  materials  from  the  standpoint  of  static  and  fatigue  strength/weight 
ratios. 


2.  Coupon  tests  on  simple  structural  elements.  Small  scale  tests  may  be  run  on 
such  structural  details  as  joints  and  may  involve  such  variables  as  spot-weld 
spacing  and  types  of  joints  (lap  or  butt).  Again  these  tests  should  be  carried 
out  for  the  complete  range  of  expected  stress  and  environmental  conditions. 


3.  Small  scale  tests  of  major  configuration  assemblies.  For  example,  scale  tests 
of  pressure  vessel  assemblies  may  be  carried  out  to  determine  the  effect  of  such 
variables  as  methods  of  construction,  stress  concentrations  due  to  changes  in 
cross  section,  effects  of  constructional  tolerances,  biaxial  stress  fields,  etc. 

4.  Full  scale  tests  on  critical  assemblies.  Items  which  may  require  full  scale 
testing  could  be  the  engine  mounts,  the  main  propellant  tanks,  the  pressuriza¬ 
tion  gas  storage  bottles,  etc. ,  any  one  of  which  might  cause  serious  damage  if 
failure  occurred  during  operation. 

5.  Lastly,  but  not  least  important,  is  the  fatigue  testing  of  the  complete  missile. 
This  should  be  carried  out  for  the  full  range  of  loadings  expected  during  pre¬ 
launch  environmental  conditions  that  are  expected  to  be  considered  satisfactory 
for  such  operations. 


Due  to  the  statistical  nature  of  fatigue  failure,  one  must  have  many  data  points  in 
order  to  employ  statistical  methods  of  analysis,  and  thus  obtain  a  figure  for  fatigue  life 
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with  a  high  degree  of  probability.  Such  a  technique  is  possible  for  the  coupon  tests  of 
materials  and  simple  structural  elements  but  becomes  economically  unsound  for  full  scale 
testing  of  major  components  and  complete  missile  assemblies.  Obviously,  as  more  and 
more  missiles  of  one  type  are  ground  and  flight  tested,  a  body  of  data  will  become  available 
for  use'  in  predicting  future  missile  life  expectancies.  Until  that  time,  it  will  be  necessary 
to  carry  out  the  full  scale  testing  using  many  more  cycles  than  would  be  expected  in  actual 
use  in  order  to  have  a  reasonable  probability  that  the  required  number  of  cycles  could  be 
utilized.  For  example,  if  30  operational  cycles  were  required,  a  test  of  two  or  three 
missiles  to  300  cycles  would  give  a  reasonable  probability  that  the  complete  family  could 
meet  the  operational  specifications. 

At  the  present  state  of  missile  development,  complete  test  programs  appear  essential 
in  order  to  establish  a  background  of  knowledge  on  the  effects  of  cyclic  stresses  super¬ 
imposed  upon  an  already  very  high  stress  field.  Once  the  critical  areas  have  been  estab¬ 
lished  by  both  tests  and  operations,  the  test  programs  can  be  modified  to  cover  those  areas 
which  have  been  changed  by  redesign  or  by  new  performance  requirements.  At  no  time, 
however,  can  the  basic  requirement  of  designing  for  fatigue  as  well  as  static  strength  be 
ignored  since  a  failure  is  still  properly  designated  as  fatigue  whenever  it  occurs  after  one 
cycle  of  operation. 

V.  SUMMARY 

A  few  of  the  technical  problems  associated  with  missile  service  life  as  affected  by 
structure,  have  been  discussed.  Most  of  the  critical  conditions  have  thus  far  been  pro¬ 
duced  by  the  non-flight  environment.  The  difficulties  encountered  that  are  somewhat 
different  from  conventional  aircraft  considerations  .are  those  associated  with  the  specifica¬ 
tion  of  the  environment,  the  generally  high  stress  levels  to  which  the  structure  is  designed 
due  to  low  safety  factors,  and  the  complexity  and  cost  of  test  programs.  In  addition  to 
these  technical  problems  is  a  psychological  one  of  lack  of  awareness  that  a  device  which 
is  only  to  fly  for  two  to  five  minutes  can  have  fatigue  problems  and  that  suitable  design 
development  and  test  programs  are  necessary. 
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COMBATING  STRUCTURAL  FATIGUE  IN  AIRLINE  OPERATIONS 


By 

A.  W.  DALLAS 

Air  Transport  Association  of  America 
Washington,  D.  C. 

Colonel  Taylor  asked  for  a  paper  on  the  Air  Transport  Association.  He  said 
he'd  like  the  general  outlook  of  the  airlines  on  fatigue  and  I  can  preface  my  re¬ 
marks  by  saying  that  the  airlines  are  definitely  "agin  it"!  The  primary  purpose 
of  this  talk  is  to  present  a  brief  outline  of  the  cooperative  effort  which  exists 
between  the  airlines,  the  manufacturers  and  the  government  in  combating  struc¬ 
tural  fatigue  in  airline  operations.  Included  is  a  brief  resume  of  the  accident 
record  as  it  has  been  affected  by  structural  fatigue.  Progress  in  aircraft 
design  has  been  very. rapid  during  the  last  thirty  years.  The  judicious  use  of 
better  materials  has  increased  the  efficiency  of  the  structures,  but  at  the  same 
time  the  structural  engineers'  problems  have  become  more  complicated.  Each 
new  type  airplane  presents  different  aspects  of  fatigue,  requiring  constant 
vigilance  on  the  part  of  the  manufacturers  and  the  operators.  The  literature  on 
this  subject  reveals  structural  fatigue  problems  in  axles  of  railroad  cars  more 
than  a  half  century  ago.  These  were  investigated  and  solved  at  that  time,  and, 
therefore,  a  railroad  engineer  must  feel  pretty  sure  of  himself  today  when 
designing  a  new  model,  since  the  configuration  of  railroad  car  axles  looks  to  a 
bystander  to  be  pretty  much  the  same  now  as  then.  In  aircraft  design,  however, 
the  forward  pace  has  been  terrific  and  the  aircraft  designer  must  use  all  his 
ingenuity  to  produce  the  efficient  structures  required  by  modern  air  transpor¬ 
tation  and,  at  the  same  time,  reduce  to  a  minimum  the  numbers  of  fatigue  cracks 
which  continually  appear  to  plague  him  and  the  aircraft  operator.  Before  we 
start  being  critical  indirectly  of  the  aircraft  structural  engineer  (by  the  nature 
of  this  assignment),  we  should  in  all  fairness  recognize  his  tremendous  accom¬ 
plishments.  Where,  outside  of  aviation,  do  we  find  such  demanding  structural 
design  requirements  dictated  by  the  everlasting  battle  against  weight  and  space. 
Many  DC- 3  airplanes  have  accumulated  over  50,  000  hours  of  flight  and  are  still 
going  strong.  More  modern  aircraft  have  accumulated  over  30,  000  hours  of  flight 
with  the  same  excellent  results.  That  these  vehicles  have  accomplished  their 

purpose  is  obvious - they  have  been  good  enough  to  serve  as  the  foundation  for 

the  present  huge  air  transport  industry  which,  by  comparison,  was  non-existent 
thirty  to  thirty-five  years  ago.  However,  unlike  the  case  of  the  railroad  car 
axle,  the  problems  get  more  complicated  with  each  new  design.  A  glance  at  the 
subjects  listed  on  the  agenda  for  this  symposium  will  attest  to  this  fact. 

At  the  present  state-of-the-art,  it  is  obviously  impractical  to  say  the  least, 
to  reduce  all  allowable  working  stresses  in  all  the  elements  of  an  aircraft  struc¬ 
ture  to  values  which  would  absolutely  guarantee  no  fatigue  cracks  for  operating 


lives  up  to  and  exceeding  50,  000  hours.  Since  this  cannot  be  done,  a  certain 
incidence  of  fatigue  cracks  is  inevitable,  and  it  is,  therefore,  essential  that 
the  operators  of  the  aircraft  employ  maintenance  methods  and  procedures  de¬ 
signed  to  find  and  correct  actual  or  incipient  fatigue  failures  before  they  begin 
to  have  a  significant  effect  on  safety.  The  scheduled  airline  operators  have  had 
a  lot  of  experience  and  are  now  expert  in  this  field  of  endeavor. 

Before  going  on  as  to  how  the  industry  works  on  this  problem,'  it  might  be 
interesting  to  spend  a  few  moments  on  the  safety  aspects  of  fatigue  in  scheduled 
airline  operations.  It  is  our  business  in  airline  maintenance  to  deal  with  the 
things  that  are  wrong  with  airplanes  and,  therefore,  we  hear  about,  and  come  in 
contact  with,  a  large  number  of  structural  fatigue  problems  in  aircraft  struc¬ 
tures.  Subconsciously,  our  minds  are  apt  to  contain  a  fairly  dark  picture  of 
such  fatigue  as  a  contributor  to  airplane  accidents.  With  this  thought  in  mind 
then,  let  us  as  they  say,  "take  a  look  at  the  record.  " 

The  modern,  all-metal  transport  airplane,  in  this  country,  dates  back  about 
thirty  years.  It  was  in  the  early  thirties  when  the  Douglas  DC-2  and  the  Boeing 
247D  all-metal  airplanes  were  put  into  intensive  airline  service.  Accurate  rec¬ 
ords  back  that  far  are  difficult  to  come  by,  so  we  confined  our  examination  to  the 
last  eleven  years -  1947  through  1958.  We  believe  this  will  give  a  representa¬ 

tive  picture,  since  it  took  a  few  years  after  the  war  for  the  larger,  faster  air¬ 
planes,  such  as  the  DC- 4,  DC-6's  and  Constellations'  to  acquire  substantial 
flying  time. 

The  CAB  defines  an  accident  as: 

"An  occurrence  that  results  in  serious  or  fatal  injury  to  one  or 
more  persons,  or  in  substantial  damage  to  any  aircraft  between 
the  time  an  engine  or  engines  are  started  for  the  purpose  of 
commencing  flight  until  the  aircraft  comes  to  rest  with  all  engines 
stopped  for  complete  or  partial  deplaning  or  unloading.  " 

During  the  period  1948  through  1957,  the  CAB  reported  and/or  investigated  815 
accidents  in  air  carrier  operations,  excluding  Alaskan  Carriers  and  Helicopter 
Operators.  Forty-seven  of  these  815  accidents  were  classified  as  airframe- 
failure  accidents,  with  any  fatigue  failures  of  course  included.  Of  these  47 
accidents,  11  involved  small  aircraft  or  were  caused  by  conditions  other  than 
actual  structural  failures  according  to  the  CAB  classification.  However,  there 
are  12  more  which  might  be  excluded  as  structural  failures  for  purposes  of  this 
discussion  on  fatigue.  These  are:  5  cases  of  doors  coming  off,  1  case  of  ailer¬ 
ons  connected  in  reverse,  2  cases  of  tank  buckling  due  to  vent  trouble,  1  case 
where  taps  on  T.E.  of  the  elevator  loosened,  1  case  of  porpoising  on  the  ground, 
1  case  of  jammed  nose  gear  against  doors  and  1  case  of  damage  from  separated 
tire  tread.  This  adds  up  to  a  total  of  2  3  which  might  be  excluded  as  structural 
failures,  leaving  a  total  of  24  (or  3%)  which  may  be  properly  classified  as  air¬ 
frame-failure  accidents.  Included  in  "airframe"  however,  are  landing  gear 


failures,  and  of  the  24  accidents  mentioned  above,  11  were  due  to  landing  gear 
causes  which  occurred  on  the  ground  and  are  usually  of  less  serious  conse¬ 
quences,  We  now  have  13  accidents  left  (out  of  815)  which  are  classified  as 
caused  by  failure  of  the  airframe  in  flight.  Eight  of  these  can  be  deleted  from 
this  analysis,  since  it  is  very  nearly  certain  that  they  were  not  caused  by  fatigue. 
This  leaves  a  total  of  five,  three  caused  by  fatigue  (of  the  airframe  in  flight)  and 
2  in  doubt,  since  their  causes  were  never  determined.  The  three  fatigue  cases 
were  one  on  a  twin-engine  transport  in  1948  which  lost  its  wing  in  flight,  and  2 
on  a  four-engine  transport  in  1952,  both  of  which  landed  safely. 

This  brief  analysis  of  the  accident  record  might  lead  one  to  believe  that  air¬ 
frame  structural  fatigue  in  airline  operations  is  really  not  much  of  a  safety 
problem  after  all.  Actually,  however,  we  all  know  that  it  could  be  a  serious 
safety  problem  and,  therefore,  it  demands  constant  attention.  Why  is  the  safety 
record  so  good  when  we  all  know  that  fatigue  is  a  good-sized  airframe  mainte¬ 
nance  problem?  One  reason  is  that,  by  and  large,  present  critical  structures 
are  "fail  safe,  "  although  it  is  only  fairly  recently  that  this  term  has  become 
popular  to  non-engineers.  The  wing  structure  of  our  oldest  airline  workhorse, 
the  DC- 3,  is  extremely  fail  safe.  We  have  been  repairing  fatigue  cracks  in  the 
DC-3  wing  attach  doublers  for  many  years,  and  no  one  would  call  the  DG-3  wing 
structure  unsafe.  To  be  sure,  there  have  been  a  couple  of  exceptions  of  non¬ 
fail  safe  structures,  but  once  these  were  recognized,  and  corrective  measures 
taken,  the  structures  became  perfectly  safe.  Although  this  fail-safe  feature  has 
contributed  to  the  excellent  safety  record,  it  is,  undoubtedly,  secondary  to  the 
most  important  reason,  and  that  is  the  exacting  and  comprehensive  inspection 
procedures  used  by  all  the  airlines.  As  is  well  known,  each  airline  utilizes  an 
elaborate  system  of  inspection  checks  for  all  critical  structure  for  all  type  air¬ 
planes  operated,  and,  as  previously  stated,  from  their  years  of  experience 
airline  maintenance  people  have  become  experts  in  this  field. 

Methods  of  conducting  aircraft  maintenance  have  improved  considerably  over 
the  years.  The  original  practice  was  a  major  overhaul  in  the  neighborhood  of 
8,  000  to  10,  000  hours,  together  with  repeating  short  time  inspections  to  insure 
continued  airworthiness.  The  modern  practice,  which  is  usually  referred  to  as 
progressive  maintenance,  consists  of  periodic  minor  and  major  checks,  involving 
sampling  to  some  extent,  and  which  amounts  to  continuous  overhaul.  This  system 
is  greatly  superior,  safety-wise,  to  the  major  overhaul  idea,  since  it  permits 
more  thorough  inspection  of  more  structural  areas  immediately  after  a  new  type 
airplane  has  been  put  into  service,  and  it  continues  according  to  the  cycles  es¬ 
tablished  during  the  life  of  the  airplane.  When  a  new  type  airplane  is  put  into 
service,  these  continuous  maintenance  programs  are  developed  for  the  whole 
airplane  with  the  cooperation  of  the  manufacturer,  and  after  finalization,  they 
are  approved  by  the  FAA.  With  regard  to  structural  items  in  particular,  the 
cycle  times,  the  areas  to  be  inspected  an^  the  details  of  the  inspection,  for  all 
operators,  are  based  on  the  fatigue  testing  program  of  the  manufacturer,  aug¬ 
mented  by  the  expert  knowledge  of  the  manufacturers'  and  airlines'  engineers. 


The  airlines  have  adopted  modern  methods  of  inspection,  requiring  a  minimum 
amount  of  disassembly  and  designed  to  probe  into  the  hard-to-get-at  areas.  An 
airline  standing. committee,  composed  of  experts  from  large  and  small  airlines 
alike,  continually  trades  experiences  on  techniques  and  methods  for  probing  into 
these  hard-to-get-at  areas  that  are  difficult  to  inspect.  This  committee,  which 
works  with  the  manufacturers  of  airplanes  and  inspection  equipment,  was  orig¬ 
inally  concerned  primarily  with  X-ray  methods  and  techniques,  but  recently  has 
expanded  its  activity  to  include  all  types  of  so-called  non-destructuve  testing. 

By  working  together,  the  airlines  have  become  expert  in  X-ray  inspection  in  a 
much  shorter  period  of  time  than  otherwise  would  be  possible.  An  airline  which, 
by  experimental  methods,  hits  upon  a  successful  X-ray  technique  for  a  particular 
part  of  the  structure,  transmits  this  information,  through  procedures  developed 
by  the  committee,  to  other  operators  of  the  same  type  of  equipment.  By  sharing 
experiences  in  this  fashion,  it  becomes  possible  quickly  to  establish  successful 
inspections  in  the  hidden  areas  of  new  model  airplanes.  On  one  of  the  new  jets, 
radiography  manuals  are  already  being  developed  in  cooperation  with  the  manu¬ 
facturers.  In  this  effort  the  operators  work  together,  each  taking  on  a  certain 
percentage  of  the  aircraft  and  reporting  his  findings  and  techniques  developed. 

Another  activity,  which  contributes  to  the  airlines  success  in  avoiding  serious 
trouble  due  to  structural  fatigue,  is  an  industry  reporting  system  commonly 
known  within  the  industry  as  the  DMR's  or  the  Daily  Mechanical  Reports.  These 
reports  are  required  by  Part  40.  508  of  the  Civil  Air  Regulations  which  reads: 

"(a)  Whenever  a  failure,  malfunctioning,  or  other  defect  is  detected 
in  flight  or  on  the  ground  in  an  airplane  or  airplane  component  which 
may  reasonably  be  expected  by  the  air  carrier  to  cause  a  serious 
hazard  in  the  operation  of  any  airplane,  a  report  shall  be  made  of 
such  failure,  malfunctioning,  or  other  defect  to  the  Administrator, 

This  report  shall  coyer  a  24-hour  period  beginning  and  ending  at 
midnight,  shall  be  submitted  by  12  o'clock  midnight  of  the  following 
working  day,  or  sooner  if  the  seriousness  of  the  malfunction  or 
difficulty  so  warrants,  and  shall  include  as  much  of  the  following 
information  as  is  available  on  the  first  daily  report  following  such 
incidents 

The  "following  information"  refers  to  the  ground  rules.  This  system  of  reporting 
was  established  in  1948  and  of  course,  covers  all  types  of  defects,  along  with 
items  of  structural  fatigue.  There  are  two  salient  elements  in  this  reporting 
system  which  should  not  go  unnoticed,  and  these  are:  (1)  the  words  "which  may 
reasonably  be  expected  by  the  air  carrier  to  cause  a  serious  hazard,  etc.  ,  "  and 
(2)  its  daily  character.  With  regard  to  the  first  element,  this  permits  a  one 
agency  decision  each  day  as  to  what  should  be  reported.  Without  this  feature, 
there  could  be  considerable  disagreement  each  day  between  the  FAA  field  agents 
and  airline  personnel  as  to  what  items  should  be  reported,  with  the  result  that 
the  reports  would  very  likely  be  cluttered  up  with  items  of  “useless  or  very  doubt¬ 
ful  value  to  other  operators  of  the  same  equipment.  This  could  increase  their 
volume  to  the  point  of  delaying  the  reports  and  seriously  jeopardizing  their  "news" 
value.  This  "news"  value  is  the  second  element  mentioned  above.  Obviously,  if 
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the  system  is  to  have  value,  operators  of  like  equipment  must  be  advised  rapidly 
of  each  other's  serious  problems  so  that  suitable  corrective  measures  may  be 
put  into  effect  as  soon  as  possible.  Another  element  of  this  reporting  system 
(implicit  in  1  above)  is  the  absence  of  specific  definitions  as  to  what  items 
should  or  should  not  be  reported,  and  to  what  extent.  At  first  it  was  attempted 
to  develop  such  definitions,  but  the  task  force  assigned  to  this  job  could  not  find 
the  place  to  draw  the  line  and  the  effort  was  abandoned.  Further  attempts  at 
definition  have  been  made  from  time  to  time,  but  it  was  not  until  recently  that 
any  semblance  of  the  objective  was  accomplished.  Unofficial  guide  lines  for  the 
use  of  the  airlines  and  the  FAA  field  agents  were  established  about  the  first  of 
1959  by  mutual  agreement  between  the  airlines  and  the  FAA.  These  cover  all 
components  of  the  airplanes  but  the  one  pertaining  tp  structure  reads  as  follows: 

"8.  All  serious  failures,  permanent  deformation  or  corrosion 
of  critical  structure,  including  the  pressure  vessel,  (must 
be  reported) 

Comment:  (also  included)  Due  to  the  complexity  and  redun¬ 
dancy  of  aircraft  structure,  it  is  intended  that  common  sense 
be  used  in  reporting  in  accordance  with  this  item.  The  intent 
is  to  report  serious  cracks,  deformations,  and  corrosion 
in  critical  structure,  and  not  report  the  many  unimportant 
cracks,  deformations  and  corrosion  which  occur  routinely 
as  airplanes  age  or  which  are  covered  by  manufacturers' 
instructions.  With  respect  to  the  new  high  altitude  jets 
it  should  be  remembered  that  fail  safe  and  safe  life  design 
concepts  do  not  preclude  c racks  due  to  fatigue.  Until  ade¬ 
quate  service  experience  is  accumulated  on  the  new  jets 
it  is  recommended  that  all  cracks  in  the  primary  structure 
including  the  pressure  vessel  be  reported  under  this  item.  " 

Obviously,  the  reporting  of  all  cracks  as  the  airplanes  gain  service  time 
would  needlessly  clutter  up  any  reporting  system,  and  further,  there  would  be 
no  useful  purpose  served  in  continually  reporting  serious  items  that  are  already 
included  in  the  airlines'  inspection  programs  and  covered  by  the  manufacturers' 
service  bulletins.  It  is  interesting  to  note  what  the  system  produces  with  re¬ 
spect  to  fatigue  items.  During  the  three  years  of  1954,  1955  and  1956  (in  all 
probability  a  representative  period)  this  system  produced  3785  reports  covering 
all  components  of  the  airplane.  Of  these,  approximately  325  or  8%  indicated 
that  fatigue  was  the  predominant  factor  involved.  These  items  covered  airframe 
and  landing  gear  but  excluded  powerplant  failures.  Of  the  individual  items, 
landing  gears,  including  wheels,  were  the  worst  offenders,  contributing  25%  of 
the  325  items.  Next  caxne  wing  spars  with  13%  of  the  total.  The  lesser  im¬ 
portant  stringers  and  frames  combined  contributed  19%.  Attach  fittings  ac¬ 
counted  for  7.  5%.  In  summary,  the  wings  accounted  for  40%,  fuselages  25%, 
landing  gear  25%,  empennage  57%,  and  miscellaneous  5%.  These  proportions 
appear  to  be  what  one  would  expect  when  it  is  recalled  that,  under  the  rules  of 
the  reporting  system,  only  defects  which  might  be  serious  hazards  need  to  be 
reported.  However,  these  same  proportions  would  not  necessarily  apply  to  the 
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total  maintenance  workload  resulting  from  the  total  number  of  defects  which 
would  include  the  non- serious  as  well  as  the  serious. 

Of  course  the  extra  assurance  of  safety  provided  by  an  industry-wise  re¬ 
porting  system  of  this  kind  can  only  be  estimated.  However,  it  appears  to 

have  considerable  value - at  least  it  has  withstood  the  test  of  time  and  to 

date  nobody  in  industry  or  government  has  been  able  to  come  forth  with  an 
alternate  system  of  industry  reporting  which  promises  to  do  as  well. 

The  incidence  of  fatigue  cracks  in  airframe  structures  represents  costly 
headaches  to  the  airlines.  Obviously,  inspection  procedures  must  be  thorough, 
and  these  consume  a  large  number  of  man  hours.  In  addition,  the  repair  bills 
can  be  tremendous,  especially  after  the  airplanes  become  older.  Reskinning 
of  lower  wing  structures  can  become  million-dollar  items  for  a  fleet  of  air¬ 
planes.  A  good  chunk  of  the  cost  of  heavy  maintenance  checks  is  attributed  to 
"repairing  the  metal.  "  In  addition,  the  more  serious  defects  result  in  cam¬ 
paign  repair  programs  which  are  extremely  expensive  because  they  may 
remove  airplanes  from  service  temporarily  and  can  seriously  disrupt  the  pre¬ 
planned  man  hour  and  floor  space  programs  in  the  maintenance  shops.  In¬ 
volved  in  these  programs  are  the  mandatory  directives  issued  by  the  FA  A. 
Naturally,  these  cover  the  most  serious  items  and  are  almost  always  acceler¬ 
ated  programs,  and  many  of  them  are  concerned  with  fatigue  type  failures. 

In  keej>ing  with  progress  in  this  field  of  activity,  the  Civil  Air  Regulations, 
as  they  pertain  to  fatigue,  were  modernized  about  three  or  four  years  ago.  The 
regulations  now  require  that  the  structure  for  a  new  design  be  evaluated  on  the 
basis  of  "fatigue  strength"  or  "fail-safe  strength.  "  The  "fatigue  strength" 
concept  states  that  the  structure  shall  be  shown  to  be  capable  of  withstanding  the 
repeated  loads  of  variable  magnitude  expected  in  service.  The  "fail-safe, 
strength"  concept  states  that  it  shall  be  shown  that  catastrophic  failure  or  ex¬ 
cessive  structural  deformation,  which  could  adversely  affect  the  flight  charac¬ 
teristics  of  the  airpldne,  are  not  probable  after  fatigue  failure,  or  obvious 
partial  failure,  of  a  single  principal  structural  element.  After  such  failure, 
the  remaining  structure  shall  be  capable  of  withstanding  certain  static  loads 
corresponding  with  certain  flight  loading  conditions  which  are  specified.  In 
other  words,  a  "fail-safe"  structure  is  one  that  can  continue  to  carry  all  or  part 
of  its  design  load  even  though  a  failure  has  occurred.  Of  course,  all  the  new 
turbine-powered  airplanes  are  designed  in  accordance  with  these  concepts,  but 
it  should  be  emphasized  that  they  are  not  at  all  new  and  have  been  used  by  engi¬ 
neers  since  fatigue  problems  began  to  be  understood. 

During  the  past  years,  the  manufacturers  have  given  more  and  more  attention 
to  the  fatigue  design  problem,  and  there  is  every  reason  to  believe  that  the  new 
turbine-powered  airplanes  will  be  better  than  ever  in  this  respect.  Extensive 
fatigue  testing  has  been  done  on  many  of  the  complete  sections  and  joints  of  the 
primary  structure.  Also,  elaborate  and  expensive  test  programs  have  been 


conducted  to  assure  the  integrity  of  the  airplane  cabins  in  case  of  a  sudden 
decompression  caused  by  the  failure  of  a  particular  section  or  part  of  the 
structure.  As  a  result  of  this  ever-increasing  attention  to  fatigue,  it  is 
reasonable  to  expect,  and  it  is  fondly  hoped  by  the  industry,  that  the  inci¬ 
dence  of  fatigue  cracks  will  decrease  proportionally  on  the  new  aircraft  in 
the  years  to  come. 
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For  you  to  properly  understand  and  appreciate  the  industry  philosophy  on  struc¬ 
tural  fatigue,  review  is  desirable  of  some  of  the  background  and  history  which  have 
led  to  the  development  of  this  philosophy.  Further,  I  will  briefly  touch  on  the 
recent  industry  activities  to  indicate  the  scope  of  the  effort  on  the  fatigue 
problem  and  attempt  to  assess  the  relative  significance  of  several  of  the  factors 
which  contribute  in  a  substantial  way  to  the  fatigue  experience  with  an  aircraft. 

The  fatigue  problem  is  not  new  to  the  aircraft  industry,  but  its  emergence  as  a 
critical  problem  in  aircraft  design  has  only  been  within  the  past  decade  or  so. 

Figure  1  gives  a  chronology  of  some  of  the  fatigue  incidents  and  accidents  in  the 
past  decade.  The  problem  has  become  increasingly  critical  in  recent  years  for 
several  reasons.  A  greater  utilization  of  both  commercial  and  military  aircraft 
combined  with  the  newer  materials  and  configurations  with  increased  static  struc¬ 
tural  efficiency,  plus  changes  in  the  applications  of  the  aircraft,  have  in  many 
cases  resulted  in  the  development  of  fatigue  problems  in  service.  The  long  useful 
calendar  life  of  modern  military  airplanes  often  results  in  adaptation  to  new 
tactical  requirements  transcending  their  original  design  objectives.  All  segments 
of  the  industry  have  a  part  to  play  in  resolving  this  problem.  The  manufacturing 
segment  is  well  aware  of  the  varied  and  complex  factors  affecting  fatigue  perform¬ 
ance.  However,  there  is  no  reason  to  believe  that  this  problem  will  be  any  greater 
than  many  equally  complex  problems  encountered  and  solved  in  the  past.  The  techni¬ 
cal  tools  to  cope  with  this  problem,  testing  facilities  and  trained  personnel  are 
generally  available.  Great  strides  have  been  made  in  recent  years  and  are  already 
reflected  in  the  designs  of  today. 

Testing  is  at  present  the  designer's  best  tool  in  analyzing  fatigue  performance. 
This  testing  can  be  broadly  divided  into  three  categories:  (1)  basic  materials 
tests,  (2)  component  tests,  and  (3)  full  scale  or  "complete"  airplane  tests.  Basic 
materials  tests  on  smooth  and  notched  specimens  provide  comparative  data  on  the 
service  potential  of  various  types  of  material  and  alloys.  Tests  on  small 
components  representative  of  airplane  joints  or  structural  details  can  be  done  early 
in  the  design  stages  and  thus  can  greatly  influence  the  detail  design.  These  small 
component  tests  are  relatively  inexpensive  compared  with  full  scale  tests.  Thus 
more  specimens  of  a  particular  detail  can  be  tested,  including  progressive  improve¬ 
ments  determined  from  earlier  test  results,  thereby  reducing  statistical  uncertain¬ 
ties  and  improving  the  design.  Full  scale  tests  are  usually  too  late  to  influence 
detail  design,  although  they  can  result  in  production  modifications  when  critical 
fatigue  areas  are  highlighted.  Improvements  of  a  less  critical  nature  can  also  be 
programmed  into  later  production  airplanes  of  a  long  production  series,  but  can 
seldom  be  economically  justified  on  a  retrofit  basis  fleet-wise.  Probably  the  two 
most  important  technical  benefits  derived  from  full  scale  tests  are  the  more  exact 
stress  distributions  and  the  assurance  that  no  fatigue  critical  areas  have  been 


overlooked  during  the  component  development  testing  and  analysis.  Despite  the 
limited  number  of  specimens  in  full  scale  testing,  for  obvious  economical  reasons, 
much  information  useful  in  setting  up  inspection  and  maintenance  schedules  and 
methods  of  repair  is  obtained.  In  addition,  this  type  of  testing  sometimes  allows  a 
better  study  of  crack  propagation  and  resulting  load  redistribution  in  statically 
indeterminate  structures  after  the  start  of  a  fatigue  crack. 

The  general  complexity  of  the  fatigue  problem  and  the  high  dependence  of 
fatigue  experience  on  factors  outside  the  direct  control  of  the  designer  make  it 
impractical  to  attempt  to  guarantee  fatigue  life  of  aircraft  structures.  The 
factors  influencing  fatigue  performance  might  well  be  divided  into  two  broad  . 
categories:  those  which  determine  the  structural  capability  of  the  airplane  and  are 
substantially  directly  controlled  by  the  manufacturer,  and  those  which  result  from 
operational  use  over  which  the  manufacturer  has  little  control.  These  two  broad 
categories  are  here  subdivided  to  illustrate  their  relative  importance  and  the 
potential  variability  as  they  affect  fatigue  performance. 

By  a  very  limited  presentation  of  data  on  each  element  I  will  attempt  to 
establish  a  very  approximate  variability  factor  for  each  significant  element  of  the 
fatigue  problem  in  order  that  they  can  be  examined  in  relation  to  each  other  on  a 
relatively  quantitative  basis.  I  am  sure  each  structures  engineer  would  establish  a 
somewhat  different  number  for  each  of  these  factors  but  the  differences  would 
probably  not  affect  the  major  conclusions  I  wish  to  emphasize. 

Considering  first  those  elements  of  the  fatigue  problem  affecting  structural 
capability  of  the  airplane,  there  are  such  things  as  overall  vehicle  configuration 
and  detail  design.  Detail  design  encompasses  the  choosing  of  materials,  the  detail 
configuration,  processes  and  manufacturing  techniques.  Herein  lies  the  greatest 
variability  of  fatigue  performance.  Fortunately,  it  is  the  element  over  which  the 
designer  has  greatest  control  and  is  most  susceptible  to  early  laboratory  evaluation 
Materials  show  variations  due  to  grain  structure,  chemistry,  heat  treatment,  etc. 
Tests  show  such  subtle  effects  that  significant  variations  exist  between  lots  of  a 
particular  material  and  between  specimens  within  the  same  lot,  as  well  as  the  basic 
differences  between  materials. 

Figure  2  is  a  bar  chart  showing  the  comparative  results  of  one  series  of 
fatigue  tests  on  typical  structural  joints  of  two  high  strength  aluminum  alloys. 

The  ratio  of  the  life  of  alloy  X  to  that  of  alloy  Y  is  shown  for  various  stress 
levels.  Excluding  the  lower  stress  levels,  an  endurance  ratio  of  2  could  be 
assigned  to  materials  on  the  basis  of  this  data.  Detail  structural  configuration  is 
by  far  the  most  important  detail  design  consideration.  The  same  test  series 
utilized  for  material  comparison  in  Figure  2  included  joints  of  six  different  con¬ 
figurations.  Figure  3  shows  the  ratio  of  the  lives  of  the  highest  and  lowest  life 
configurations  for  one  of  the  alloys.  Again,  excluding  the  low  stress  level  data, 
an  endurance  ratio  of  18  might  be  considered  representative  for  detail  configuration 

Turning  to  processes  and  manufacturing  techniques,  the  potential  variations  are 
almost  infinite.  For  example,  proper  methods  of  working  or  heat  treating  materials 
can  induce  internal  stresses  that  are  beneficial  to  fatigue  performance  or  prevent 
internal  stresses  that  may  be  detrimental.  Internal  or  residual  stresses  can  also 
be  introduced  by  the  build-up  of  tolerances  in  complex  structures.  These  stresses 
can  be  controlled  to  a  significant  extent  by  proper  design  and  manufacturing  tech¬ 
niques.  Control  of  corrosion  by  finishes  or  corrosion  inhibitors  also  falls  in  the 
category  of  processes  and  manufacturing  techniques. 


Selecting  only  one  aspect  of  the  materials  problem  for  illustration,  Figure  4 
shows  results  of  a  test  program  designed  to  determine  the  effect  of  material  con¬ 
dition  at  one  stage  in  processing  on  its  later  resistance  to  crack  propagation.  Data 
are  shown  as  crack  growth  versus  cycles  of  alternating  load  for  the  same  material 
subjected  to  two  different  processes.  In  one  instance  the  material  was  prestretched 
6%  prior  to  introducing  the  starting  crack.  In  the  other  instance  there  was  no  pre¬ 
stretching.  It  is  seen  that  the  prestretching  decreased  the  number  of  cycles  to  what 
might  be  considered  a  critical  crack  length  by  about  a  factor  of  4.  This  factor  of  4 
has  been  arbitrarily  chosen  as  a  conservative  estimate  of  the  potential  variation  in 
fatigue  performance  due  to  materials  and  processing. 

The  other  factor  mentioned  as  under  the  designer's  control  is  general  vehicle 
configuration.  Load  experience  due  to  gusts  and  thus  fatigue  performance  is  affected 
by  sweep  angle,  aeroelastic  characteristics,  wing  loading,  aspect  ratio,  as  well  as 
disbursement  and  management  of  fuel.  Our  studies  have  indicated  that  an  approximate 
endurance  factor  of  4  could  be  presumed  for  these  effects. 

I  have  purposely  omitted  the  general  stress  level  as  a  separate  element  because 
reduction  of  general  stress  level  is  a  poor  approach  to  solution  of  fatigue  problems. 
Fatigue  is  a  local  problem  and  is  therefore  most  responsive  to  local  attack.  In 
addition,  test  data  shows  that  a  general  reduction  of  stress  level  by  50  percent  will 
usually  result  in  a  life  improvement  of  only  5  or  10  to  1.  Doubling  the  structural 
weight  to  achieve  such  modest  gains  is  obviously  impractical,  and  the  gains  from 
lesser  general  stress  level  changes  are  not  large  enough  to  provide  a  solution  to  the 
problem. 

Turning  now  to  those  items  over  which  the  designer  has  little  control;  these  can 
be  further  subdivided  also.  Operational  use  as  to  geographic  location,  the  type  of 
mission  assignment,  whether  short  or  long  flights,  dominantly  high  altitude  or  low 
altitude  flying,  the  severity  of  the  maneuvering,  etc.,  are  all  very  significant  to 
the.  ultimate  fatigue  performance  of  a  design  of  any  given  structural  capability. 

Load  experience  due  to  gusts  varies  considerably,  as  can  be  seen  from  Figure  5» 
However,  since  the  gust  experience  is  only  a  part  of  the  load  experience  of  the  air¬ 
plane,  it  is  not  possible  to  directly  read  an  endurance  factor  from  this  figure. 

These  curves  were  obtained  from  published  VG  and  VGH  data.  Geographical  assignment 
can  also  significantly  affect  the  gust  and  corrosion  environment  experienced  by  the 
aircraft. 

Figure  6  gives  an  indication  of  the  effect  of  flight  length  on  fatigue  damage. 
Note  that  the  fatigue  damage  accumulation  seems  to  be  more  directly  a  function  of 
flights  rathex'  than  hours.  The  curves  shown  are  representative  of  wing  structure  on 
a  commercial  airplane. 

Even  the  sequence  of  loadings  experienced  by  an  airplane  can  affect  fatigue 
performance.  An  example  of  load  sequence  effect  is  shown  on  Figure  ?•  This  data  is 
from  some  programmed  fatigue  testing  recently  reported  from  the  Netherlands  (2). 

Each  spectrum  contains  the  same  total  number  of  peak  load  experiences,  but  the 
relative  test  life  varies  greatly  depending  on  the  order  of  load  application.  This 
broad  variation  would  be  expected  to  decrease  at  increased  stress  levels. 

The  elements  affecting  fatigue  performance  selected  for  discussion  here  are 
summarized  on  Figure  8.  The  previously  selected  endurance  ratios  are  shown  in  con¬ 
junction  with  the  various  elements.  As  mentioned  previously,  they  are  subject  to 
considerable  debate,  but  the  point  to  be  made  here  is  that  through  design  and 
processing  control  very  significant  improvements  in  fatigue  performance  are 
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potentially  available.  Furthermore,  even  given  a  particular  structure  with  its 
inherent  potential  fatigue  performance,  a  broad  variation  in  the  resulting  perform¬ 
ance  is  possible  due  to  factors  beyond  the  control  of  the  manufacturer. 

Turning  now- to  some  design  concepts  that  have  developed,  it  is  unfortunate  that 
a  sharp  line  of  distinction  has  emerged  between  two  apparently  contradictory 
philosophies.  In  reality  the  philosophies  are  not  entirely  contradictory  and  a 
successful  structure  generally  incorporates  a  substantial  element  of  each  philosophy 
even  though  the  designer  may  choose  one  or  the  other  basis  to  demonstrate  its  accept¬ 
ability.  The  two  philosophies  are  the  fail  safe  and  the  safe  life  design  concepts. 
The  safe  life  concept  in  its  purest  form  visualizes  a  structure  designed  to  such  a 
high  level  of  fatigue  performance  that  it  can  be  economically  replaced  as  this  life 
is  reached,  whether  or  not  actual  evidence  of  critical  fatigue  damage  is  apparent. 
Accordingly  then,  no  specific  tolerance  for  partial  failure  or  cracking  is  required. 
The  fail  safe  concept  in  its  purest  form  implies  design  to  tolerate  a  large  degree 
of  fatigue  damage  to  assure  a  level  of  safety  such  that  the  problem  is  converted  from 
a  safety  problem  to  one  of  economics.  No  specific  life  to  first  crack  is  required  as 
the  crack  will  be  caught  by  inspection  before  reaching  catastrophic  proportions.  On 
closer  examination,  each  concept  is  really  somewhat  dependent  on  the  other. 

I  believe  it  is  apparent,  from  the  earlier  remarks  on  the  tremendous  potential 
variability  in  fatigue  performance,  that  absolute  dependence  on  the  safe  life 
philosophy  requires  a  very  conservative  selection  of  structural  replacement  time  if 
no  tolerance  to  fatigue  potential  failure  exists,  if  a  satisfactory  level  of  safety 
is  to  obtain.  To  achieve  safety  then,  substantially  premature  replacement  is 
necessary.  Reliance  on  the  fail  safe  concept,  on  the  other  hand,  permits  the  use  of 
inspection  to  control  the  fatigue  damage  within  non-catastrophic  bounds,  and  thereby 
utilizes  more  nearly  the  full  fatigue  potential  of  the  structure.  To  be  economic¬ 
ally  feasible,  a  substantial  useful  life  must  exist. 

I  have  attempted  to  indicate,  in  Figure  9»  my  general  feelings  regarding  the 
structural  acceptability  in  terms  of  the  degree  of  mixing  of  the  two  philosophies. 

The  ordinate  is  intended  to  indicate  the  degree  of  safety  and  economy,  and  the 
abscissa  the  degree  of  mixing  of  the  two  philosophies.  As  long  as  there  is  a  sub¬ 
stantial  element  of  both  philosophies  in  the  design,  no  matter  which  philosophy  is 
dominant,  a  high  degree  of  safety  and  economy  of  operation  should  be  attainable. 
Either  philosophy  in  its  pure  form  can  result  in  serious  compromise  of  safety  and 
economy. 

Turning  now  to  some  of  the  activities  in  the  industry  to  meet  the  challenge  of 
fatigue,  these  are  occurring  on  a  broad  front  of  both  individual  and  collective 
action.  Collective!’  ,  the  Aerospace  Industries  Association  serves  as  both  a  spokes¬ 
man  and  industry  clearing  house  of  opinion  for  the  whole  range  of  industrial  problems 
from  management  to  technical  phases.  Figure  10  shows  an  abbreviated  organizational 
chart  designed  to  give  an  indication  of  the  area  in  which  fatigue  problems  are  con¬ 
sidered.  The  Association  is  ruled  by  a  Board  of  Governors  composed  of  executives 
from  member  companies.  Of  the  various  services  performed  by  the  AIA,  the  technical 
services,  and  specifically  the  Aircraft  Technical  Committee,  are  responsible  for 
engineering  phases.  Of  the  specialized  groups  supporting  the  ATC,  the  three  groups 
most  directly  interested  in  the  fatigue  problem  are: 

(1)  ARC  -  The  Airworthiness  Requirements  Committee.  This  committee  considers 
problems  associated  with  airworthiness  and  design  specifications. 


fed 


141 


(2)  ARTC  -  The  Aircraft  Research  and  Testing  Committee.  In  general  this 
committee  concerns  itself  with  industry  problems  in  research,  testing, 
and  dynamics  in  aircraft  and  missiles.  Such  projects  as  standards  for 
testing  and  advisory  work  on  materials  or  design  practices  are  part  of 
this  committee's  work.  Technical  review  of  specifications. for  the  ARC 
is  often  accomplished  also. 

(3)  NASC  -  The  National  Aircraft  Standards  Committee.  This  committee  has 
interests  concerned  with  standardization  and  specification  problems 
related  to  aircraft  and  guided  missile  parts,  systems,  installations, 
components,  materials  and  processes. 


Panels  or  projects  are  created  to  review  certain  aspects  of  fatigue  as  well  as 
other  problems.  The  W-76  Fatigue  Panel,  created  to  provide  a  summary  of  the  status 
of  fatigue  knowledge,  is  an  example.  As  illustrated  in  Figure  11,  this  panel 
studied  the  areas  of  environment,  design  and  analysis  procedures,  material  fatigue 
properties,  and  operational  control  of  fatigue  damage.  Much  of  the  data  collected 
or  developed  by  this  panel  is  contained  in  the  three  volumes  of  the  AIA  fatigue 
handbook.  Various  other  panels  and  projects  are  in  existence  or  will  be  formed  from 
the  technical  specialists  in  the  industry  when  the  need  arises. 


In  addition  to  the  AIA  activities  there  is  continuous  informal  liaison  between 
the  manufacturers,  even  internationally.  Various  other  societies,  such  as  the 
Institute  of  The  Aerospace  Sciences,  American  Society  for  Testing  Materials,  the 
Society  of  Automotive  Engineers,  to  name  a  few,  provide  an  interchange  of  ideas 
through  meetings  and  published  data.  There  is  also  continuous  exchange  of  ideas 
with  qualified  members  of  the  university,  college  and  research  institute  technical 
staffs.  There  has  been  a  trend  by  industry  to  utilize  the  full  time  services  of 
university  or  college  professional  staffs  for  summer  employment  as  well  as  in  con¬ 
sulting  capacities.  While  not  of  immediate  gain,  this  provides  a  better  understand¬ 
ing  of  industry  problems  to  a  research  and  educational  area  of  technical  society, 
hence  long-range  gains  can  be  expected  through  knowledge  of  these  problems  being 
passed  on  to  the  future  technical  personnel. 

Some  mention  of  the  scope  of  testing  facilities  within  the  industry  appears 
appropriate.  The  following  photographs  give  a  brief  pictorial  review  of  some  of  the 
facilities  and  activities  of  the  Boeing  Airplane  Company  as  a  representative  manu¬ 
facturer.  Figure  12  shows  a  portion  of  the  Sonic  Laboratory  in  which  acoustical 
fatigue  tests  on  structural  panels  are  made.  Figure  13  shows  testing  of  a  control 
system  bracket  installation  in  the  Vibration  Laboratory.  A  special  area  in  our  new 
Developmental  Center  has  been  set  aside  for  fatigue  testing.  A  portion  of  this  area 
showing  a  250,000  pound  capacity  fatigue  machine  with  several  smaller  SF-10-U 
machines  in  the  background  is  seen  in  Figure  14.  Figure  15  shows  a  larger  500,000 
pound  capacity  machine  developed  primarily  for  testing  the  dog-leg  wing  joints  at  the 
wing-body  intersection  of  swept  wing  airplanes  or  other  structures  requiring  loads  in 
more  than  one  plane.  A  full  scale  fatigue  test  of  the  B-52  airplane  is  now  in 
progress.  Figure  16  is  a  photograph  taken  during  the  early  stages  in  this  testing 
and  shows  some  of  the  loading  structure  used.  Figure  17  is  a  composite  photo  taken 
during  the  cycling  of  the  wing  to  more  closely  illustrate  the  motions  involved.  A 
model  KC-135  fuselage  has  been  tested  in  the  hydrostatic  fatigue  facility,  as  shown 
in  Figure  18. 


Summarizing  the  industry  philosophy  or  attitude  towards  structural  fatigue,  it 
might  be  stated  approximately  this  way: 


142 


r?i 


m 


*  <. 
t:'-' 


|l 

$5 

v/\’ 

•X>: 


$ 
k  V  "  H 


(1)  Although  fatigue  is  a  complex  phenomenon,  we  believe  we  are  capable  of 
solving  the  problems  involved. 

(2)  Because  many  of  the  factors  of  great  significance  in  the  final  fatigue 
performance  of  a  structure  are  b  vond  the  manufacturer’s  control,  industry 
cannot  guarantee  specified  lives  with  absolutely  no  fatigue  failures. 

(3)  Of  the  many  factors  affecting  fatigue  performance,  detail  design  and 
processing  display  the  greatest  variability  and  fortunately  are  most 
available  for  control  by  the  designer. 

(4)  Testing  is  an  essential  design  tool  in  determining  fatigue  performance. 

(5)  There  should  be  no  sharp  line  of  distinction  between  the  safe -life  and 
fail-safe  concepts.  To  realize  the  greatest  safety  and  economy,  the 
design  should  incorporate  consideration  of  both  concepts. 

(6)  Because  of  certain  basic  conflicts  between  high  static  structural 
efficiency  and  long  fatigue  life,  costs  of  achieving  a  satisfactory  level 
of  each  in  combination  will  be  higher  than  achieving  either  alone. 

Continued  emphasis  on  basic  understanding  of  the  fatigue  behavior  of 
structures  and  materials  may  lead  to  a  technological  breakthrough  and 
should  be  continued  to  advance  our  knowledge.  However,  until  that  time, 
the  present  state  of  the  art  permits  attainment  of  the  objective,  albeit 
at  some  increased  cost. 

Some  of  my  colleagues  in  reading  this  paper  felt  that  it  might  convey  an 
attitude  of  complacency.  If  such  is  the  case,  I  have  done  the  industry  a  disservice. 
I  had  hoped  to  convey  cautious  optimism  for  the  future  and  the  feeling  that  the 
solutions  are  within  our  grasp  if  we  set  realistic  goals  and  pursue  the  attack. 
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oho  wing  Horn  Test  Room 


atigue  Test 


IMPROMPTU  DISCUSSIONS  -  GENERAL  SESSION 


Editorial  Note:  Attention  is  directed  to  the  editorial  policies  presented 
in  the  Preface  which  were  followed  in  editing  the  impromptu  questions  and 
answers  of  the  session. 


DISCUSSION  FOLLOWING  MR.  RHODE'S  SPEECH: 

MR.  McGUIRE,  EASTERN  AIRLINES: 

Was  that  a  1946  airplane  you  were  talking  about,  Mr.  Rhode? 

MR.  RHODE: 

If  you  mean  the  one  with  the  scatter,  yes  --  it  was  one  of  the  older 

ones. 


DISCUSSION  FOLLOWING  MR.  KENNEDY'S  SPEECH: 

MR.  SIERADZKI,  ROHR  AIRCRAFT: 

You  spoke  of  designs  being  conceived  which  introduce  visco-elastic 
interface  damping  as  a  means  of  sound  energy  dissipation.  Could  you  elaborate 
a  little  bit? 

MR.  KENNEDY: 

Mr.  Trapp,  WADC,  is  here  this  morning  and  can  answer  questions  in 
this  area  much  better  than  I.  Would  you  comment  on  this,  Mr.  Trapp? 

MR.  TRAPP: 

Most  of  our  work  on  damping  and  methods  of  utilizing  it  in  structures 
to  maximize  structural  resistance  to  acoustic  energy  is  being  done  under  con¬ 
tract  with  the  University  of  Minnesota.  They  have  contracted  for  some  of  this 
work  with  other  organizations.  There  are  several  reports  already  out  on  some 
phases  of  these  studies.  We  would  be  glad  to  include  you  on  the  distribution  list 
for  reports. 

DISCUSSION  FOLLOWING  MR.  VOLLMECKE'S  SPEECH: 

MR.  DALLAS: 

I  noticed,  Mr.  Vollmecke,  that  you  mentioned  cooperation  with  the  mili¬ 
tary.  I  wonder  whether  you  have  studied  the  philosophy  used  by  the  military  in 
proving  their  aircraft  in  regard,  let  us  say,  to  the  specifications  or  regulations, 
and  in  regard  to  how  that  compares  with  the  civil  philosophy.  In  other  words,  is 
the  military  operation  so  different  that  the  same  kind  of  regulations  can  not 
apply  ? 


MR.  VOLLMECKE: 


We  have  of  course  cooperated  with  the  Armed  Services  in  exchanging 
views  on  all  important  design  criteria  matters.  This  has  been  the  case  in  the 
fatigue  area.  We  have  had  contacts  with  the  Air  Force  on  this  expanding  pro¬ 
gram  of  theirs,  and  I  believe  at  this  point,  it  probably  would  be  rather  im¬ 
mature  to  consider  Air  Force  criteria  as  being  final.  We  are  -  to  answer  your 
question  -  actually  and  continuously  cooperating  with  all  government  agencies  to 
make  use  of  the  best  know-how  available  in  this  particular  field. 

DISCUSSION  FOLLOWING  CAPTAIN  KEEN'S  SPEECH: 

VOICE: 

What  do  you  mean  by  design  life  as  opposed  to  a  say,  specification  life 
of  an  airplane  ? 

CAPTAIN  KEEN: 

It  seems  to  us  that  it  is  unreasonable  to  expect  anyone  to  sign  a  con¬ 
tract  guaranteeing  that  each  individual  airplane  will  survive  some  specified  life 
either  in  time  or  operating  hours.  I  don't  know  how  you  could  enforce  such  a 
contract.  On  the  other  hand,  we  feel  that  the  Navy  should  specify,  in  terms 
of  numbers,  the  hours  of  service  operation  that  we  expect  to  put  on  an  airplane, 
and  the  loading  spectra  associated  with  such  hours  of  operation.  This  would  re¬ 
quire  that  the  contractor  design  for  that  life  and  loading  spectra  specified  numeri¬ 
cally  in  the  contractual  document.  This  further  implies  an  obligation  to  prove 
by  some  satisfactory  method  that  he  has  actually  designed  for  this  life  as  speci¬ 
fied.  But  this  can  only  be  done  at  present  by  means  of  some  sort  of  a  laboratory 
repeat  load  program  which  we  can  only  hope  is  representative.  If  an  airplane 
goes  into  service  and  fails  at  some  life  less  than  the  design  life,  a  contractual 
obligation  would  exist  only  if  the  failure  was  the  result,  for  example,  of  some 
deficiency  in  manufacturing  or  of  failure  to  make  the  final  article  equivalent, 
life- wise,  to  the  one  which  satisfactorily  passed  the  repeat  load  test.  Has  this 
answered  your  question? 

VOICE: 

I'd  like  to  make  one  remark,  I  think  the  procedure  is  a  very  sensible 
one  -  one  of  the  most  sensible  I  have  heard  so  far,  but  I  wonder  on  what  basis 
you  dare  to  specify  fatigue  life  when  you  don’t  know  what  the  life  may  be?  How¬ 
ever,  I  do  think  that  the  procedure  is  the  most  objective  one  that  can  be  found. 

CAPTAIN  KEEN: 

This  is  sort  of  like  the  following  question:  How  can  you  use  operational 
analyses  to  decide  on  the  proper  division  of  the  budget  for  offensive  and  defensive 
capabilities?  You  can’t,  but  you  must  do  it  anyway.  You  could  draw  it  out  of 
the  air,  use  some  random,  yet  incomplete  process,  or  try  to  rationalize  the 
problem  as  best  you  can  on  the  basis  of  experience.  We  do  have  past  history  and 
we  are  continuing  to  collect  history  on  the  number  of  hours  of  operation  in  certain 
models  of  aircraft  in  various  programs,  many  of  which  have  been  described  here 
today.  We  are  getting  load  histories  for  aircraft,  and  thus,  we  will  have  data  to 


improve  our  specification  of  load  history  for  a  desired  design  life.  We  do  not 
pretend  that  this  is  ideal.  Morever,  we  cannot  question  the  operator's  need  to 
change  the  mission  of  an  aircraft  half-way  through  its  service  life.  Under  such 
circumstances,  our  only  choice  is  to  use  what  we  know  about  its  design  life  in 
determining  its  new  life  for  the  new  mission  it  has  been  assigned.  This  leads 
us  into  another  subject  which  I  think  is  more  properly  a  discussion  for  later 
papers  during  the  Symposium. 


DISCUSSION  FOLLOWING  MR.  DALLAS'  SPEECH: 

VOICE: 

Are  airline  maintenance  inspection  reports  available  to  the  Air  Force? 
MR.  DALLAS: 

My  answer  to  that  question  is  yes.  The  daily  mechanical  reports  go  to 
several  divisions  of  the  military  services,  as  well  as  to  several  manufacturers. 
They  are  used  by  most  of  these  agencies  judging  from  what  I  hear. 

MR.  McGUIRE,  EASTERN  AIRLINES: 

What  contacts  and  activities  do  the  airlines  maintain  at  the  manufacturing 
end  in  order  to  preclude  fatigue  problems  and  expedite  inspection? 

MR.  DALLAS: 


I  know  that  the  airlines  do  a  lot  in  this  area.  Manufacturers,  of  course, 
have  representatives  at  the  airline  shops  to  keep  track  of  difficulties  and  pro¬ 
blems  so  that  they  can  anticipate  and  carry  out  fixes.  The  airlines  also  have 
representatives  at  the  manufacturers  plants.  In  the  process  of  buying  new  air¬ 
planes,  the  airlines  monitor  the  aircraft  design  to  assure  that  inspection  can  be 
carried  out  in  the  simplest  possible  manner.  I  think  that  the  airlines  also  encour¬ 
age  some  fatigue  testing  on  airplane  parts. 


DISCUSSION  FOLLOWING  MR.  SMITH'S  SPEECH: 

MR.  McGUIRE,  EASTERN  AIRLINES: 

It  appears  as  if  I'm  hogging  this  "mike,  "  but  I  do  have  a  question  on  an 
important  aspect  of  design  and  operation  of  transport  airplanes.  I  have  noticed 
that  the  lighter  the  aircraft  become,  the  more  frequently  they  fail.  Although  you 
mentioned  this  and  also  some  methods  for  control  of  fatigue,  it  seems  that  you 
failed  to  mention  that  one  of  the  ways  you  can  contro..  fatigue  is  by  making  the 
parts  a  little  bit  heavier.  I  wonder  why  that  item  is  missing  on  your  list? 

MR.  SMITH: 

I  did  not  mean  to  4vnply  that  by  good  detail  design,  the  part  necessarily 
becomes  lighter.  The  point  I  was  trying  to  make  is  that  I  don't  feel  that  an 
arbitrary  reduction  of  stress  level  is  necessary  as  a  solution  to  the  problem.  I 
think  that  fatigue  is  a  local  problem  --  not  a  general  problem.  All  fatigue  cracks 
originate  from  stress,  pressures,  etc.  ,  and  later  attack  the  structure  in  a 
local  area.  Does  that  answer  your  question? 
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Chairman: 

Colonel  John  P.  Taylor,  Wright  Air  Development  Center 
Panel  Members: 

Colonel  Harvey  P.  Huglin,  Wright  Air  Development  Center 

Mr.  William  B.  Miller,  Wright  Air  Development  Center 

Mr.  Sidney  Berman,  Office  of  the  Inspector  General,  Norton  AFB 

Col.  Howard  E.  Watkins,  Strategic  Air  Command 

Mr.  Richard  V.  Rhode,  National  Aeronautics  &  Space  Adm. 

Captain  W.  H.  Keen,  Bureau  of  Aeronautics,  United  States  Navy 

Dr.  Millard  V.  Barton,  Air  Force  Ballistic  Missile  Division 

Mr.  R.  R.  Kennedy,  Wright  Air  Development  Center 

Mr.  A.  A.  Vollmecke,  Federal  Aviation  Agency 

Mr.  Allen  W.  Dallas,  Air  Transport  Association 

Mr.  Howard  Smith,  Aerospace  Industries  Association 

Editorial  Note:  Attention  is  directed  to  the  editorial  policies  presented 
in  the  Preface  which  were  followed  in  editing  the  discussions  of  the  Forum. 

OPENING  REMARKS  BY  COLONEL  TAYLOR: 

Gentlemen,  I  would  like  to  express  General  Schriever's  regrets  for  not  be¬ 
ing  able  to  remain  with  us  all  day;  Colonel  Huglin,  Deputy  Commander  for  Devel¬ 
opment,  WADC  will  act  for  General  Schriever  in  speaking  for  the  Air  Research 
and  Development  Command.  General  Wray  is  involved  in  a  series  of  conferences 
Mr.  William  B.  Miller,  Asst.  Chief,  Structures  Branch,  Aircraft  Laboratory, 
WADC,  will  act  in  place  of  General  Wray.  General  Caldara  was  called  back  to 
Washington  and  Mr.  Sid  Berman  will  take  his  place.  We  expected  General 
Gerrity  to  be  here  with  us  and  hadn't  arranged  for  an  alternate,  so  the  questions 
that  are  directed  to  General  Gerrity  will  be  covered  by  the  panel  as  a  whole. 

We  have  microphones  \yhich  will  be  passed  to  the  speakers,  and  to  those  of  you 
in  the  audience  who  have  additional  questions.  We  will  take  the  questions  you 
have  asked,  scuffle  them,  and  take  them  in  the  order  that  they  come  up. 

MR.  O'BRIEN,  WADC,  TO  MR.  KENNEDY: 

Can  there  be  a  structural  brittle  fracture  as  well  as  a  fatigue  ductile 
failure  ? 

MR.  KENNEDY: 

I  would  say  yes.  I  think  there  is  quite  a  bit  of  fundamental  evidence  which 
indicates  crack  initiation  can  take,  place  in  a  ductile  manner,  when  you  are 
speaking  of  an  ordinary  metalurgical  examination  of  fatigue  failure;  however,  the 
crack  appears  to  initiate  in  a  brittle  manner  and  the  crack  becomes  ductile  as 
the  crack  progresses  in  final  failure. 


COL.  TAYLOR: 


Let  me  add  that  if  anyone  in  the  audience  wishes  to  amplify  any  answer  or 
ask  additional  questions,  please  feel  free  to  do  so. 

MR.  GLASSER,  BUDP  COMPANY  TO  MR.  RHODE: 

Would  your  recommended  procedure  require  testing  of  every  major 
structural  area  of  the  aircraft  involved?  If  this  procedure  were  applied  to  the 
transport  aircraft  mentioned  with  the  failure  scatter  you  have  illustrated, 
would  the  stress  levels  arrived  at  be  prohibitively  low?  How  would  you  handle 
this  ? 

MR.  RHODE: 

I'm  not  quite  sure  what  you  mean  by  "major  structural  area".  If  you're 
talking  about  large  pieces  of  structure,  that's  one  thing.  If  you're  talking  about 
critical  area  structure,  that’s  something  else  again.  Now  I  would  say  to  the 
first  part  of  your  question  -  yes,  if  we  define  the  term  "major  structural  area" 
as  critical  area.  I’m  not  at  all  sure  that  the  stress  levels  arrived  at  would  be 
prohibitively  low,  if  we  tested  all  major  areas  of  structure.  In  fact,  I’m  inclined 
to  feel  that  this  would  not  be  the  case.  This  question  reminds  me  of  the  situation 
with  an  airplane  some  years  ago  where  they  designed  using  high  stress  levels 
with  consequent  trouble.  We  went  through  a  series  of  fixes  or  so-called  fixes. 
First,  joint  design  details  were  improved  and  verified  by  tests.  Then  we  went 
into  a  second  phase  which  involved  swelling  out  the  joint  and  reducing  the  stress 
level.  These  fixes  proved  to  be  inadequate.  We  found  that  other  parts  of  the 
structure  failed.  Consequently  we  had  to  strengthen  the  entire  spar,  reduce  the 
stresses,  and  this  yielded  a  satisfactory  fix.  The  airplane  went  back  into  ser¬ 
vice  with  no  further  trouble.  This  example  appears  to  furnish  fairly  strong 
evidence  that  realistic  stresses  are  not  prohibitive. 

VOICE  FROM  THE  FLOOR  TO  MR.  RHODE: 

In  the  same  area  which  was  brought  up  by  the  last  question,  we  heard 
General  Gerrity  mention  this  morning  that  the  only  way  that  he  could  get  assur¬ 
ance  of  sound  structure  was  by  complete  disassembly  to  the  point  of  eliminating 
the  airplane  from  service  permanently.  If  you  had  your  choice  of  pulling  it 
apart  and  inspecting  it  as  against  subjecting  the  airplane  to  some  test  to  see, 
after  it  had  accumulated  this  service,  whether  any,  all,  or  none  of  the  structure 
was  good  for  additional  service,  what  would  be  your  choice?  That  is,  would  you 
disassemble  to  the  point  where  you  have  no  airplane  or  use  up  the  airplane  in  a 
complete  load  test  with  a  suitable  spectrum  ?  Which  do  you  feel  might  be  the 
more  profitable  way  to  expend  the  airplane  ? 

MR.  RHODE: 

That's  a  real  humdinger,  Al.  The  fact  of  the  matter  is  that  I  haven’t 
thought  through  that  particular  possibility.  I'm  afraid  I  don't  have  a  ready  answer 
to  it.  I’d  want  to  ponder  that  for  a  long  time  before  trying  to  give  a  reply. 

COL.  TAYLOR: 

I  don't  think  that  General  Gerrity  really  meant  that  he  wanted  to  tear  down 
all  his  aircraft.  One  chart  I  used  during  my  presentation  showing  the  distribution 


of  cracks  throughout  a  large  sample  of  the  B-47,  was  an  indication  that  fatigue 
or  incipient  fatigue  can  occur  in  many  different  places;  for  example,  in  practi¬ 
cally  all  the  bolt  holes  of  the  critical  sections.  What  I  believe  General  Gerrity 
said  is  that  in  these  critical  areas  -  to  be  certain  that  you  are  turning  something 
back  to  the  operational  fleet  with  full  confidence  that  it  can  carry  out  its  mission  - 
you  almost  have  to  look  at  each  bolt  -  bolt  by  bolt.  This  is  not  a  complete  answer, 
but  in  talking  with  General  Gerrity  at  other  times,  I  believe  this  is  his  feeling. 

MR.  VALENTINE,  ARDC,  FROM  THE  FLOOR: 


Question  was  lost  --  not  recorded. 
MR.  MILLER: 


I  think  what  General  Gerrity  was  talking  about  primarily  is  the  problem  of 
stress  corrosion,  the  inter -granular  corrosion  that  we  experienced  in  some  of 
the  B-47  forgings.  Really  there  isn't  any  way  to  find  inter -granular  corrosion 
except  to  dig  in  and  look  for  it.  On  this  other  problem  that  you  mentioned,  Val, 
certainly  if  you  look  into  an  airplane  and  you  don't  find  a  crack,  the  crack  may 
start  within  a  short  period  of  time  or  just  a  few  cycles  after  you  put  the  airplane 
back  together.  But  we  hope  that  after  a  certain  amount  of  testing  has  gone  on 
that  we  will  know  where  cracks  are  likely  to  start  and  at  least  where  the  cracks 
that  do  start  are  likely  to  progress  so  rapidly  that  you  will  have  a  dangerous 
condition  before  the  next  inspection. 

VOICE  FROM  THE  FLOOR: 


Permit  me  to  rebut  just  slightly  here.  The  program  that  was  laid  out 
today  was  very  comprehensive  and  I  think  it  shows  an  excellent  desire  to  get 
on  top  of  various  aspects  of  the  problem,  but  there  was  this  gap  of  really 
knowing  how  much  aircraft  you  had  left  at  any  particular  time.  One  of  the  ways 
that  I  think  you  could  get  the  assurance  you  need  is  to  take  and  impound  several 
airplanes  coming  out  of  service  using  those  that  either  have  unusual  histories 
or  high  time  in  service  and  find  out  what  you  have  left.  In  this  manner,  you 
will  have  integrated  all  the  factors  that  you  are  going  to  be  exploring  in  that 
airplane's  history. 

COL.  TAYLOR: 


This  is  correct  in  part.  We  expect  to  take  the  high  time  aircraft  in  the 
B-52  fleet  and  the  KC-135  fleet,  for  example,  and  conduct  thorough  examina¬ 
tion  of  at  least  one  complete  vehicle.  We  will  be  able  to  use  the  VGH  recorder 
we  discussed  earlier  and  place  some  of  them  in  selected  aircraft  as  they  leave 
the  factory.  We  will  have  a  complete  life  history  on  these  aircraft,  and  know  what 
loads  they  have  been  subjected  to.  We  don't  have  the  instruments  available  in 
quantity  today,  but  we  hope  to  have  them  available  in  the  very  near  future.  The 
suggestion  is  a  good  one  and  we  expect  to  accomplish  the  general  type  of  inspec¬ 
tion  mentioned  in  our  critical  first  line  weapons  systems. 

MR.  BROWN,  HUGHES  AIRCRAFT  TO  DR.  BARTON: 


What  do  you  think  of  marrying  static  and  fatigue  test  programs  by  putting 
on  cyclic  loads  whether  there  is  one  cycle  or  nine  cycles  to  determine  the 
cumulative  effects? 
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DR.  BARTON: 

fatigued  slr^neously  iZ^T  ™king  a  Static  ‘aa‘  “d  - 

ultimate  loads.  In  this  cas'e  v™ ZZl  I  ,stf?c ‘ests  are  to  limit  and  then  to 
cations  are  that-  it  might  not  then  be  satfsf°  f  ^  amage  your  structure  and  indi- 
are  also  probably  ‘  sf  ’ 

hand  opinion  would  be  that  it  might  be  difficult  to  a^rangi^ch  f  combined  Ss't. 


|  MR.  SMITH,  CONY  AIR.  FROM  THE  FLOOR  ■ 


MR.  RHODE: 

the  load  hco?dWonrslcfflcIlhlvtyh°at  lo°k*n*.for-  “  7““  can  actually  define 
and  this  involves  a  p^ltadtal  rf  j' ?y“g  to  mak*  a  Scmonstrltion  of, 

to  do.  But  I  think  yZi  should  fry'to  dupUcarethZactualZo^-t  '1'1'1  U  thiag 
possible.  y  QUPJ-icate  the  actual  conditions  as  closely  as 

MR.  BROWN.  HUGHES,  FROM  THE  FLOOR; 

static  load sZau^sing  failure ^^WeZenaraf  Zd*  Ca“*n*  failures  a"d  we  talk  about 
what  dangerous.  You  are  fjced  with ?W°  thlngs'  1  th“k'  this  is  some- 
loads,  as  well  as  I  thousand  or'  tZf  ftoustnd UehlrT  5°“  “7  haVe  ten  limit 

one  out  and  where  do  you  start  considering  the  o  her  rethink  that  ^  T  b?*A 
gram,  these  two  things  ought  to  be  meshed  together.  a  pr°‘ 

DR.  BARTON: 

simultaneously,  do  so.  1  was  ,rtil  to 3  ^'  3  “t  ?he  dynamic  requirements, 
actually  been  the  concept  of  any  of  the  tests  #fahk'lv  T  ouf  Pro6ram,  this  has 
However,  I  don't  see  anPy  reason  w£V ^  ““3" 

CAPTAIN  KEEN: 

was  ^d3  Pr0P°Jal  fr0”  a  contractor  who 

static  and  fatigue  testing  «’  exactly  that  “  to  combin*  the 

intelligently  thought  out.  We  gave  it  auit-J16  ^r°g^an1, .  Tbe  Pr°posal  was  very 
eventually  decided  against  it  beranQ*  ^  °f  serious  consideration  and 

itmneed tt *?£ Sfe-  iXtttnlh^0 

Plane  will  fail,  and  if^  SS  “  ^t ^ •-££«.  of  the.r- 
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you  don't  get  that  information.  Ultimately,  some  day,  when  we  know  enough 
about  the  expected  loading  history  and  the  expected  life  that  we  would  have  in  an 
airplane,  to  interpret  them  in  terms  of  a  peak  load  test,  then  we  might  eliminate 
the  static  test  for  failure  entirely.  Have  I  represented  this  correctly,  Mr.  Creel? 

MR.  CREEL,  BU  AER: 


Yes,  I  believe  so.  There  is  one  point  that  has  been  mentioned  here  this 
morning  and  from  our  point  of  view  it  is  important.  An  article  can  be  made 
available  earlier  for  static  testing  than  for  fatigue  testing  because  almost  in¬ 
variably  there  are  fundamental  changes  in  an  airplane  in  the  production  line  such 
that  it  takes  a  while  to  settle  down  into  the  actual  production  article.  We  can't 
wait  until  then  to  perform  the  static  test.  We  need  to  build  the  static  test 
article  early  in  the  game  to  prove  that  the  airplane  is  safe  to  operate.  I  find  that 
the  pilots  are  interested  in  a  factor  of  safety  of  one  and  a  half  for  flight  condi¬ 
tions.  Even  though  the  fatigue  designer  may  not  be  interested  in  it,  I  find  that 
the  pilots  are  still  enthusiastic  about  the  one  and  a  half  factor.  How  do  you  find 
this  out?  You  do  it  by  analysis  only.  But  let's  not  forget  about  the  history  of 
flagrant  fallacies  in  analytical  procedures  that  have  been  brought  out.  So  we  need 
the  static  test.  We  must  build  the  static  test  article  and  wait  for  a  more  com¬ 
plete  article  for  the  fatigue  test. 

MR.  RHODE: 


I  want  to  make  one  comment  on  this  question.  It  seems  to  me  that  there  is 
a  fundamental  point  which  has  to  be  considered.  While  we  hear  a  great  deal 
about  fatigue  life,  we  hear  little  about  the  life  that  is  associated  with  the  proba¬ 
bility  of  static  failure.  It  is  statistically  true  that  there  is  from  the  static  view¬ 
point,  a  certain  life  time  and  probability  of  failure  -  a  number  of  failures  per 
hundred  thousand  hours  ,i  •'Tying,  Thus,  we  are  involved  with  two  life  times, 
fatigue  life  being  the  othwr.  If  the  areas  of  failure  are  about  the  same  or  are  pre¬ 
cisely  the  same,  1  would  say  that  the  marriage  of  static  and  fatigue  tests  might 
make  sense.  But  I  think  we  are  stuck  with  a  situation  where  the  fatigue  life  is 
less  than  the  life  due  to  the  probability  of  static  failure  and  under  these  condi¬ 
tions,  I  don't  think  it  can  be  done  in  principle. 

MT,  WARD,  NASA,  FROM  THE  FLOOR: 


By  conducting  the  fatigue  test  and  then  the  static  test  on  the  same  article, 
and  presuming  you  detected  no  cracks,  you  would  have  an  indication  of  any 
effects  that  fatigue  had  upon  the  static  strength  of  the  aircraft.  These  results 
might  turn  out  to  be  quite  different  than  had  you  run  a  static  test  at  the  beginning 
of  the  program. 

VOICE  FROM  THE  FLOOR: 

The  question  was  asked  by  a  missile  man.  Both  of  the  answers  have  been 
given  by  airplane  men.  There  is  a  fundamental  difference  in  attitude  on  missiles 
and  airplanes  and  I  think  it  needs  to  be  considered. 

COL.  TAYLOR: 

Do  any  missile  men  present  wish  to  make  a  contribution?  There  being  none, 
we  will  try  it  new  question. 
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MR.  CARLSON,  HILLER  AIRCRAFT,  TO  GENERAL  CALDARA: 


Since  military  superiority  is  a  relative  situation,  it  seems  pertinent  to 
ask  whether  the  U.  S.  Air  Force  has  knowledge  concerning  the  statistics  of 
metal  fatigue  mishaps  in  the  Air  Forces  of  the  Soviet  Union?  If  so,  how  do  they 
compare  with  those  presented  in  your  paper  ? 

MR.  BERMAN: 

I  would  like  to  say  that  I  personally  don’t  know  of  any  statistics  that  the 
Soviets  have  concerning  metal  fatigue.  But  I  do  hope  and  believe  that  our 
espionage  system  in  Russia  is  as  good  as  they  have  over  here  and  I  hope  we  have 
the  right  information  in  the  proper  place  in  Washington. 

MR.  CREEL,  BU  AER,  TO  GENERAL  GERRITY: 

Have  ARDC  studies  isolated  the  fundamental  reasons  for  USAF  stress 
corrosion  problems  ?  If  so,  will  you  please  brief  them  for  us? 

MR.  KENNEDY: 

Stress  corrosion  is  something  that  we  run  into  occasionally.  It  is  a  combi- 
nation  of  stress  and  corrosion  occuring  to  a  point  where  a  crack  occurs.  It  may 
be  due  to  a  variety  of  causes.  If  the  stress  is  very  high,  it  doesn't  take  very 
much  corrosion  to  start  a  crack  and  vice  versa.  Extensive  work  has  been  done 
in  the  laboratory  on  this  problem.  Unless  you  have  such  an  environment  that  you 
get  no  corrosion,  which  would  be  an  ideal  condition,  you  can  expect  stress 
corrosion  to  occur  in  airplanes. 

COL.  TAYLOR: 

Is  there  anyone  here  from  the  metals  and  materials  end  of  the  business  who 
would  like  to  add  a  few  thoughts  along  this  vein?  It  is  a  very  important  one.  As 
General  Gerrity  mentioned  this  morning,  the  one  thing  that  we  really  can’t  fore¬ 
cast  for  the  B-47  fleet  is  the  effect  of  intergranular  corrosion.  We  just  do  not 
know  enough  about  it.  Since  there  are  no  comments,  we  will  proceed  to  the  next 
question. 

COL.  STONE,  ARDC,  TO  COL.  TAYLOR: 

To  what  extent  would  placing  aerodynamic  weapons  systems  inside  a  pro¬ 
tective  shelter  accelerate  sonic  jcatigue  effects  ? 

DR.  BARTON: 

The  indications  are  that  if  one  were  to  fire  a  missile  from  a  silo,  the 
acoustic  noise  level  would  be  vastly  increased  unless  special  precautions  were, 
taken  to  reduce  it.  The  various  tests  that  have  been  made  in  this  country  and 
England  indicate  that  it  is  possible,  however,  to  put  on  an  acoustic  awning  which 
will  bring  the  level  down  to  about  that  of  free  shielding. 

MR.  MILLER: 

In  the  case  of  aircraft,  I  don’t  believe  it  is  practical  to  insulate  an  airplane 
from  its  own  power  plants.  However,  there  is  a  probability  that  we  could  reduce 
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some  of  the  effects  caused  by  ground  run-up,  because,  certainly,  in  some  of 
our  newer  weapons  sytems  with  the  amount  of  sound  that  is  being  generated  by 
the  power  plants,  a  mechanic  can  do  a  considerable  amount  of  fatigue  damage 
in  running  up  the  engines  on  the  ground  while  he  is  working  on  the  engines. 

It  could  be  that  some  type  of  shield  to  keep  the  sound  levels  from  becoming  quite 
so  high  in  the  case  of  ground  run-up  would  be  useful.  However,  I  don’t  believe 
that  there  is  any  way  I  can  think  of  right  now  to  build  a  shield  like  this  around  an 
airplane  that  is  taxiing  out  and  making  a  take-off  run  or  flying  in  the  air. 

MR.  BERDAHL,  SAC,  TO  COL.  TAYLOR: 

Don't  we  need  an  expanded  VGH  recorder  program  on  all  medium  and 
heavy  military  aircraft? 

COL.  TAYLOR: 

Let  me  state,  gentlemen,  that  our  original  intent  was  to  place  recorders  in 
all  of  our  first  line  aircraft  as  a  safety  of  flight  item.  However,  in  looking  at 
the  problem  objectively,  we  felt  that  we  could  learn  a  great  deal  -  certainly 
initially  -  through  a  statistical  analysis  of  a  reasonable  statistical  sample  and 
this  is  what  we  are  attempting  to  do.  Later  on,  depending  upon  the  results,  we 
will  take  further  steps  either  to  reduce  the  statistical  sample  or  to  increase 
it.  We  first  must  find  out  what  this  mass  of  information  will  mean  to  us,  What 
we  are  attempting  to  do  is  to  learn  to  reduce  all  data  automatically,  having  the 
information  flow  from  the  operational  squadrons  to  the  AMA's,  study  the  results, 
and  pass  the  vital  data  on  to  the  engineers.  When  we  learn  how  to  best  utilize 
this  vital  data,  we  will  then  pass  the  essence  of  it  on  to  you  through  the  medium 
of  Tech  Orders,  Technical  Reports,  memoranda,  etc.  We  will  try  to  get  this 
information  to  you  just  as  rapidly  as  possible.  It  would  be  useful  in  certain  ways 
to  instrument  all  first  line  aircraft  but  it  would  also  be  an  extremely  expensive 
program  so  we  must  try  to  find  a  reasonable  compromise. 

MR.  Me  GUIRE,  EASTERN  AIR, LINES,  FROM  THE  FLOOR: 

Just  a  few  days  ago  I  had  a  discussion  with  a  flight  recorder  company  on 
just  that  particular  aspect  and  we  were  talking  about  using  various  information  - 
flight  recorder  information.  We  found  out  it  would  have  cost  us  somewhere 
around  a  hundred  thousand  dollars  for  the  piece  of  equipment  which  would 
actually  edit  this  information  picked  up  by  the  flight  recorder.  It  is  a  very  ex¬ 
pensive  proposition. 

COL.  TAYLOR: 

Yes,  it  is  an  expensive  proposition  when  you  look  at  it  from  the  viewpoint 
of  putting  the  recorder  on  every  aircraft.  What  we  are  trying  to  do  is  to  temper 
engineering  conservatism  with  statistical  theory  so  as  to  come  up  with  the  degree 
of  accuracy  we  feel  we  must  have.  The  results  of  this  work  will  be  made  avail¬ 
able  to  the  industry.  We  hope  it  will  be  useful  to  you  as  an  airline  operator. 

MR.  WACHS,  SIKORSKY,  TO  MESSRS.  RHODE  AND  KENNEDY; 

Will  you  please  elaborate  on  the  extrapolation  of  small  population  fatigue 
data  on  structure  to  yield  satisfactory  life  estimates? 
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MR.  RHODE: 


I'd  like  to  preface  my  answer  to  that  question  with  the  statement  that  I'm 
no  statistician.  I  can't  speak  as  a  technical  expert  in  this  area.  But,  from  where 
I  sit,  it  certainly  appears  to  me  that  the  comments  I  made  in  my  discussion  this 
morning  are  strictly  correct.  Walter  Tye  gave  a  paper  in  England  a  couple  of 
years  ago  in  which  this  question  was  dealt  with  rather  extensively.  He  required 
a  sample  consisting  of  six  components  to  apply  his  method  of  analysis.  We  as¬ 
sume  that  he  used  a  very  large  statistical  sample  to  arrive  at  the  appropriate 
probability  distribution  -  a  frequency  distribution  -  for  the  particular  picture  he 
displayed.  With  six  specimens  as  a  basis  for  an  estimate,  it  was  found  possible 
to  determine  the  sample  mean  value,  and  also  through  statistical  procedures,  to 
estimate  that  the  safe  life  (population  mean)  was  located  at  a  level  .  32  times  the 
mean  value  of  the  test  for  most  of  the  specimens.  Mr.  Tye  went  one  step  further 
and  examined  the  reliability  of  this  estimate  of  the  mean  on  a  Silly  Curve  (trans¬ 
lation  of  this  transcription  is  left  as  an  exercise  for  the  reader  -  Ed.  Note).  To 
do  this,  he  determined  the  set  of  limits  cr  interval  which  would  contain  the 
safe  life  with  a  high  degree  of  probability  or  confidence,  say  90%.  He  was  able 
to  establish  that  if  an  interval  .  32  times  the  mean  value  of  the  test  was  assumed 
to  contain  the  safe  life,  a  90%  confidence  level  could  not  be  reached.  Since  for  a 
given  sample  size,  as  the  degree  of  confidence  increases,  the  length  of  the  con¬ 
fidence  interval  must  increase.  He  found  that  to  provide  an  interval  which  would 
contain  the  safe  life  with  90%  confidence  -  one  in  ten  chance  of  failure  -  the  mean 
value  of  the  test  would  have  to  be  multiplied  by  1.4  instead  of  .  32.  Mr.  Press  is 
in  the  audience  and  he  may  have  a  comment  on  this  question. 

MR.  PRESS: 

There  seems  to  be  a  habit  of  throwing  hot  potatoes  around  here!  I  think 
the  question  is  this  --  we  are  trying  to  arrive  at  a  series  of  airplanes  that  will 
have  an  average  life  of  so  much,  and  beyond  that,  have  only  one  out  of  a  hundred, 
for  example,  that  will  fail  within  a  certain  minimum  lifetime.  No  one  is  really 
concerned  about  the  average  life;  what  we  are  really  concerned  about  is  the  life 
of  the  first  airplane  that  fails,  and  failure  is  something  we  want  to  avoid.  We 
are  talking  about  estimating  from  some  part  of  a  probability  curve  that  is  way 
out  in  the  neighborhood  of  one-hundredth.  To  be  90%  confident  of  this  lifetime  in 
which  only  one  failure  will  occur  in  a  hundred  airplanes,  something  like  a  thou¬ 
sand  samples  would  be  required.  This,  of  course,  gets  beyond  the  question, 
but  it  is  the  kind  of  thing  that  people  are  talking  about,  I  think  that  a  sample  of 
six  components  would  not  give  a  satisfactory  statistical  solution  using  Mr.  Tye's 
method  of  analysis.  A  sample  size  of  one  thousand  would  be  required  and  this, 
of  course,  is  typically  unsatisfactory  from  an  economics  point  of  view.  So 
statistics  do  not  appear  to  offer  a  solution.  Perhaps  the  solution  lies  in  designing 
materials  that  don't  have  the  scatter. 

COL,  TAYLOR: 

Mr.  Kennedy,  do  you  have  any  comments  on  the  question? 

MR.  KENNEDY: 

Personally,  I  can't  say  too  much  on  it.  I  received  a  great  deal  of  help  from 
Mr.  Trapp  and  from  Mr.  Forney  in  preparing  my  paper,  so  I’m  going  to  ask 
Mr.  Trapp  if  he  cares  to  comment  on  the  question. 


MR.  TRAPP: 


The  work  Mr.  Kennedy  was  referring  to  this  morning,  was  done  by 
Dr.  Weibull,  Sweden.  It  was  based  mainly  on  the  regression  theory.  To  explain 
very  simply,  it  concerns  the  development  of  an  equation  which  fits  the  SN  curve 
or  any  other  curve  of  this  kind.  This  gives  us  the  possibility  of  using  all  data 
points,  which  are  distributed  over  the  whole  SN  curve,  to  obtain  a  statistical 
evaluation  at  any  stress  level  which  we  select. 

MR.  JAMES  TO  MR.  SMITH: 

Would  you  please  comment  on  the  status  of  the  fatigue  problem  regarding 
composite  sandwich  structure  both  as  individual  test  panels  and  relative  to 
edge  connection  of  panels? 

MR.  SMITH: 

I’ll  have  to  confine  my  remarks  to  sandwich  panels  as  typically  used  in 
trailing  edge  structure  of  subsonic  transports  and  airplanes  in  that  general 
class.  I'm  not  qualified  to  speak  on  missile  use  or  high  supersonic  airplanes. 

If  1  understand  the  question  correctly,  any  sandwich  panel  presents  the  jproblem 
of  attaching  or  joining  it  to  another  panel  or  the  substructure.  This  is  one  of  the 
most  critical  problems  in  the  sandwich  panel  design  area.  It  is  usually  not  too 
difficult,  for  the  noise  environments  that  we  find  in  the  trailing  edges  of  the 
KC-135  or  the  B-52,  to  design  a  sandwich  panel  which  does  not  fail  except  at  its 
attachments.  The  critical  area  is  local  and  requires  a  great  deal  of  test  work 
and  a  great  deal  of  attention  to  detailed  designs  if  the  attachments  are  to  attain 
anywhere  near  the  full  benefit  that  is  inherent  in  the  sandwich  design.  I  don’t 
know  whether  I  caught  the  point  of  the  question  or  not. 

COL.  TAYLOR: 

If  not,  will  Mr.  James  please  clarify? 


MR.  JAMES: 


My  question  was  directed  toward  .the  problem  of  sandwich  structures  in 
general.  We  seem  to  be  dealing  more  with  bolted  attachments.  This  seems  to 
be  a  fundamental  question,  that's  going  to  disappear.  I  might  have  addressed 
the  question  to  any  one  of  you  here.  I  just  happened  to  pick  Mr.  Smith.  Perhaps 
you,  Colonel  Taylor,  might' have  a  comment. 

COL.  TAYLOR: 


In  the  more  modern  airplanes  of  today  that  we’re  contemplating,  it  becomes 
a  real  problem.  Let  me  say  that  we  have  had  some  experience  on  sandwich  con¬ 
struction  and  more  recently  on  double  wall  sandwich  construction  in  which  we’ve 
tried  to  simulate  the  static  conditions  which  one  will  encounter  later  on.  We've 
also  added  aerodynamic  heating  effects.  We  are  beginning  to  learn  something 
about  the  effect  of  crumpling  loads  on  this  kind  of  structure.  Mr.  Miller  has 
been  working  in  this  area  and  may  have  a  comment. 
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MR.  MILLER: 


Of  course,  when  we  have  a  piece  of  structure  with  a  relatively  soft  core 
and  hard  faces  on  it,  we  do  have  a  problem  of  the  edge  attachment.  It  is  some¬ 
thing  that  is  the  subject  of  a  considerable  amount  of  thought  and  research  right 
at  the.presenr  time,  so  I  can’t  solve  the  problem  now. 

MR.  SCHULER,  LOCKHEED,  TO  COL.  TAYLOR: 

When  and  in  what  form  will  the  results  of  the  B-66  low  altitude  data  be 
made  available  ? 

COL.  TAYLOR: 

When  we  started  the  B-66  program  on  an  expedited  basis  about  a  year  ago, 
we  didn’t  realize  how  difficult  it  would  be  to  separate  the  background  noise 
problem  from  the  data  we  were  trying  to  get  nor  did  we  realize  the  amount  of 
data  that  we  would  have  for  reduction  purposes.  At  the  present  time  we  are 
getting  about  two  and  a  half  million  data  points  for  each  five  minute  run.  We 
wanted  to  try  to  shoot  for  a  hundred  hours  actual  flight  time  in  every  part  of  the 
country  and  seek  out  different  climatological  and  meteorological  conditions. 

The  contractor  has  been  carrying  on  and  now  expects  to  make  the  following  re¬ 
leases.  First  progress  report  is  due  in  about  six  weeks  and  will  cover  gust 
values  between  0.6  and  2-1/2  cycles  per  second.  Follow-up  reports  will  be 
issued  every  two  months.  The  final  report  is  due  in  October  1961  and  will  cover 
a  complete  spectrum  from  0.  1  to  12  cycles  per  sfecond.  When  we  started  to  get 
this  information,  we  were  not  completely  familiar  with  the  cyclic  range  which 
would  be  involved.  This  too  has  required  an  extension  of  the  state  of  the  art. 

We  have  been  discussing  this  problem  with  the  contractor  recently  and  have 
been  assured  that  their  program  will  be  adhered  to  and  reports  will  be  issued 
in  the  time  periods  mentioned.  We  are  most  anxious  to  make  it  available  to  all 
of  you. 

MR.  BROWN,  HUGHES,  TO  COL.  TAYLOR: 

Were  you  gathering  strength  data  from  the  test  on  the  B-66  or  environmental 
data?  Your  chart  shows  strength  data. 

COL.  TAYLOR: 

Mr.  Miller,  would  you  like  to  answer  that  question? 

MR.  MILLER: 

We  were  looking  for  two  things  --  the  nature  of  turbulence  below  a  thousand 
feet  above  the  terrain,  and  the  kind  of  response  we  get  from  the  relatively  stiff 
type  airplane  that  we're  using.  If  you're  referring  to  the  statement  on  the  chart 
which  referred  to  strength  -  we  are  talking  about  the  gust  strength  rather  than 
some  other  type  of  strength.  The  airplane  we  have  is  one  which  was  used  in  an 
operation  in  the  Pacific  to  measure  loads  resulting  from  a  nuclear  explosion.  We 
had  the  airplane  thoroughly  instrumented  to  determine  loads  on  the  airplane  from 
certain  inputs.  New  equipment  was  built  into  the  front  end  of  the  airplane, 
which  enters  a  gust  before  the  airplane  responds.  The  instrumented  boom  will 
tell  us  what  type  of  turbulence  the  airplane  is  entering.  We  will  also  obtain 
the  response  of  that  vehicle  to  this  type-  of  turbulence  as  well  as  the  pilot's  re¬ 
action  at  the  time.  At  the  same  time,  we  are  taking  terrain  photographs  to 
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establish  the  type  of  terrain  we  are  over  while  recording  the  turbulence  data. 


MR.  BYLER,  OCAMA,  TO  MR.  VOLLMECKE: 


What  procedure  does  the  FAA  have  for  recording  flight  data  on  commercial 
jet  aircraft?  Will  the  data  from  the  many  different  airlines  be  collected  and 
evaluated  ? 


MR.  VOLLMECKE: 


The  FAA  has  no  data  collection  program.  The  airlines  are  engaging  in  a 
voluntary  data  collection  effort  in  cooperation  with  NASA,  and  VGH  recorder s-are 
being  carried  on  various  fleets  of  jet  airliners.  NASA,  I  am  sure,  will  publish 
the  results  when  sufficient  information  has  been  collected.  A  second  program  is 
also  under  way.  It  involves  both  airplanes  which  have  been  imported  --  the 
Viscount,  and  the  Fairchild  manufactured  F-27,  Both  types  of  airplanes  are 
equipped  with  fatigue  meters.  Relative  to  the  Viscount,  Capitol  Airlines  and 
Continental  Airlines  report  they  they  send  recorder  strips  direct  to  Vickers  in 
England  for  their  use  as  well  as  the  ARB  in  possibly  resolving  fatigue  life  figures. 
The  F-27  program  is  just  getting  under  way  and  the  results  will  also  be  sent 
back  to  the  aircraft  manufacturer  -  in  this  case  Fairchild.  I  am  sure  that  Fair- 
child  could  make  the  results  available  to  anyone  who  is  interested. 


COL.  TAYLOR: 


Would  Mr.  Dallas  care  to  make  any  comment  on  that? 


MR.  DALLAS: 


That  is  substantially  correct. 


MR.  GLASSER,  BUDD  COMPANY,  TO  DR.  BARTON: 


Should  ground  handling  loads  be  allowed  to  influence  the  live  missile  con¬ 
figuration?  It  would  seem  that  enough  shock  absorbers  could  be  placed  in  the 
ground  handling  equipment  to  relieve  this  condition. 


DR.  BARTON: 


I  don't  believe  that  the  configuration  should  be  compromised  with  ground 
handling  loads  in  the  large  sense.  However,  it  is  possible  to  make  minor  re¬ 
designs  of  local  areas  without  weight  penalty,  which  benefit  the  whole  system. 


COL.  TAYLOR: 


Thank  you  very  much,  Dr.  Barton.  Just  before  I  came  in  here,  Mr. 
Schleicher  of  North  American  brought  up  an  interesting  point.  Perhaps  it  would 
be  well  to  cover  this  point  he  was  making  with  the  entire  group.  Would  you  give 
us  your  comments,  Mr.  Schleicher? 


MR.  SCHLEICHER: 


Mr,  Chairman,  gentlemen.  As 'one  who  has  been  interested  in  fatigue  for 
a  good  many  years,  I  couldn't  help  but  make  an  observation  at  the  meeting  today 
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which  I  would  like  to  pass  on  to  you.  It  is  simply  this.  If  we  go  back  approxi¬ 
mately  ten  or  twelve  years,  and  my  memory  doesn't  tell  me  exactly  when  this 
happened,  but  there  were  about  fifteen  of  us  who  met  in  New  York  City  at  that 
time  under  the  banner  of  the  ALA  to  discuss  fatigue  problems.  I  think  it  was  the 
forerunner  of  the  W76  Committee  mentioned  by  Howard  Smith  in  his  presentation. 
We  discussed  the  various  aspects  of  fatigue  and  went  through  the  old  routine. 

We  referred  back  to  practically  every  heading  on  this  subject;  i.  e. ,  we  divided 
the  fatigue  problem  into  basic  elements  --  solid  state  physics,  materials  re¬ 
search,  crack  propagation,  design,  accurate  stress  analysis,  and  lastly  load  in¬ 
formation,  load  spectra,  and  the  combining  of  these  two  in  statistical  analyses  of 
the  data.  Finally,  at  long  last,  we  got  to  the  crack  or  failure  --  what  caused  it 
and  so  forth. 
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We  know  that  each  one  of  these  aspects  of  fatigue  is  highly  related  to  pro¬ 
bability  analysis  and  all  the  assumptions  that  go  with  it.  But  the  one  fundamental 
thing  that  we  did  discuss  at  that  time,  which  we  thought  was  most  important, 
was  the  careful  analysis  of  case  histories.  In  this  area,  we  drew  a  lesson  from 
the  medical  profession.  When  an  unknown  disease  makes  its  appearance,  the 
doctors  don't  start  out  with  a  microscope  and  all  the  fundamentals,  trying  to 
snythesize  the  cause  of  the  disease,  and  immediately  come  forth  with  an  answer. 
They  study  each  case  history  as  it  comes  up,  extremely  carefully,  going  into  a 
lot  of  detail  study  of  each  factor,  looking  for  its  recurrence  in  hope  of  coming  up 
eventually  with  some  basic  answers  as  to  what  caused  the  disease  and  what  will 
cure  it.  In  our  discussion,  we  applied  this  principle  to  the  fatigue  problem. 

Among  the  many  recommendations  that  we  made  at  that  time  was  one  in  which  we 
went  on  record  stating  that  we  were  in  favor  of  better  load  data  acquisition,  better 
load  information,  a  more  refined  method  of  analysis,  more  accurate  stress  analy¬ 
sis,  and  development  of  instrumentation.  But  we  felt  this  wasn't  enough.  We 
needed  something  over  and  above  this,  namely,  a  careful  review  and  analysis  of 
each  live  case  history  as  it  came  up  and  studying  it  under  the  full  knowledge  of 
the  state  of  the  art  to  se<e  what  recurring  pattern  we  could  find  -  this  we  thought 
might  lead  to  the  solution,  at  least  in  part,  of  this  big  question  of  fatigue. 

I  would  like  to  leave  with  you  the  thought  that  out  of  that  meeting  in  New 
York  came  the  idea  that  we  needed  to  put  together  all  of  the  information  that  we 
could  accumulate  on  live  case  histories.  This  does  not  mean  that  you  have  to  go 
out  into  an  open  corn  field  and  analyze  a  crashed  airplane.  You  could  take  a 
case  history  of  a  major  fatigue  failure  which  you  might  get  in  the  laboratory,  and 
break  it  out  into  separate  studies,  the  results  of  which  might  build  up  and  add  a 
little  credence  to  one  method  of  analysis  of  fatigue  over  another. 

We  have  misused  the  term,  I  think,  of  "designing  for  fatigue".  There  is 
nothing  more  contradictory  on  the  face  of  the  earth.  We  are  all  designing  against 
fatigue  as  A1  Dower  said,  and  let's  hot  forget  that. 

I  believe  that  what  we  need  to  do,  as  a  result  of  studying  each  case  history 
that  comes  before  us,  is  to  devote  more  time  to  making  an  analysis  of  that  situa¬ 
tion  with  the  idea  of  seeing  how  much  more  accurately  we  can  now  predict  certain 
phenomena  than  we  could  ten  years  ago.  I  believe  that  this  job  is  over  and  beyond 
the  problem  of  licking  any  particular  fatigue  problem  that  arises.  I  know  how 
these  problems  are  handled  -  something  happens,  the  telephone  rings,  you  get 
on  a  hot  program,  you  work  night  and  day,  you  get  a  fix  which  you  think  will 
work,  you  make  a  recommendation  and  then  you  go  on  a  vacation.  But,  there  is 
a  step  beyond  this  point.  One  needs  to  put  together  more  of  the  fundamental  in¬ 
formation,  apply  it  to  the  case  at  hand,  make  up  a  full  case  history,  and  then 
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try  to  learn  from  it.  Otherwise,  I*m  afraid  we  will  meet  here  ten  years  from 
now  without  having  synthesized  enough  basic  data  to  enable  a  full  prediction  of 
airplane  life.  So  I  highly  recommend  this  once  more  to  you. 

COL,  TAYLOR: 

Thank  you  very  much.  I  suggest  this  thought  as  an  example  of  what  might 
be  put  into  our  questionnaire. 

We  only  have  time  to  read  one  more  question.  The  question  is:  "The 
simplest  analysis  that  could  be  made  of  the  results  obtained  from  such  individual 
fatigue  analyses  would  be  a  percentage  of  how  many  times  was  the  trouble  due  to 
insufficient  knowledge  and  how  often  was  it  due  to  inadequate  stress  analysis.  I 
should  like  very  much  to  get  an  answer  from  Mr.  Schleicher  on  what  his  figures 
show  on  his  analysis  of  his  case  histories?" 

This  is  an  interesting  question,  but  our  adjournment  time  is  here.  I  hope 
it  will  be  discussed  during  the  social  hour  coming  up!  I  am  sure  that  some  of  us 
are  suffering  a  little  bit  from  sonic  fatigue  by  this  time  and  other  forms  of  physi¬ 
cal  fatigue.  If  you  had  one  of  the  many  excellent  questions  not  yet  answered, 
our  speakers  will  be  available  generally  at  the  cocktail  hour.  You  might  negoti¬ 
ate  proper  answers  at  that  time.  Thank  you  all  very  much.  Today’s  meeting  is 
adjourned! 


INTRODUCTION  TO  SESSION  I 


COLONEL  HARVEY  P.  HUGLIN 
WRIGHT  AIR  DEVELOPMENT  CENTER 


In  this  morning’s  session  on  the  "Analytical  Approach  to  Fatigue  Design", 
your  chairman  will  be  Professor  A.  M.  Freudenthal  of  Columbia  University. 
Professor  Freudenthal  has  been  a  member  of  the  Civil  Engineering  Department 
of  Columbia  University  since  1949,  where  his  efforts  in  the  field  of  structural 
fatigue  have  gained  him  national  recognition.  He  was  awarded  the  Norman  Medal 
in  1948  and  1957  by  the  American  Society  of  Civil  Engineers  and  in  1956  was 
honored  by  the  Swedish  Aeronautical  Society.  He  has  authored  numerous  papers 
and  several  books  including  "Inelastic  Behavior  of  Engineering  Materials"  and 
"Fatigue  in  Aircraft  Structures".  His  30  years  of  professional  experience  include 
engineering  consultant  and  teaching  duties  with  the  Port  of  Tel  Aviv,  Palestine; 
the  British  Army  of  Trans  Jordan,  the  Hebrew  Institute  of  Technology  and  the 
University  of  Illinois.  He  is  a  native  of  Poland  and  completed  his  formal  educa¬ 
tion  leading  to  a  Doctorate  of  Science  in  Civil  Engineering  in  Prague,  Czecho¬ 
slovakia.  He  is  a  member  of  several  engineering  and  honorary  societies  such  as 
the  American  Society  of  Civil  Engineers,  the  Institute  of  Aeronautical  Sciences 
and  Sigma  Chi . 
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DISCUSSION  OF  METHODS  OF  FATIGUE  ANALYSIS 


By 

F.  R.  Shanley 

Consultant,  The  RAND  Corporation,  Santa  Monica,  California 
Professor  of  Engineering,  University  of  California,  Los  Angeles 

A  mathematical  theory  of  fatigue  is  presented  from  which 
stress  analysis  and  design  methods  can  be  developed.  The 
basic  physical  principles  are,  (l)  that  rate  of  crack  growth 
(or  damage)  is  controlled  primarily  by  the  amplitude  of  cyclic 
plastic  strain,  (2)  the  rate  is  also  affected,  in  a  secondary 
manner,  by  the  magnitude  of  the  normal  stress  acting  on  the 
slip  plane.  The  theory  includes  the  effects  of  endurance 
limit,  mean  stress,  combined  stresses,  stress  concentrations, 
variable  amplitude  strain  or  stress,  and  thermal  fatigue.  A 
conparison  is  made  between  the  prediction  of  fatigue  life  and 
the  prevention  of  fatigue  failures.  It  is  shown  that  the 
latter  procedure  can  be  placed  on  a  satisfactory  engineering 
basis. 


1.  INTRODUCTION 

Historically,  the  first  engineering  approach  to  the 
fatigue  problem  was  from  the  viewpoint  of  design  for  preven¬ 
tion  of  failure,  rather  than  prediction  of  fatigue  life. 

(See  Timoshenko's  History  of  Strength  of  Materials,  (Ref.  l), 
pp.  162-173*)  The  object  was  to  find  a  "safe  working  stress" 
for  repeated  loading.  W&hler,  who  introduced  the  S-N  diagram, 
used  the  endurance  limit  as  a  working  stress,  with  a  factor 
of  safety  of  2. 

As  we  well  know,  this  simple  method  cannot  be  used  for 
aircraft  and  missile  structures.  Even  if  there  were  a  definite 
endurance  limit  it  would  be  out  of  the  question  to  provide 
sufficient  structure],  material  to  insure  that  the  applied 
stresses  remained  below  this  limit  at  all  times.  Another 
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complicating  factor  is  that  the  applied  loads  have  variable  amplitude . 

In  our  efforts  to  solve  this  problem  we  have  developed  methods  that  are 
expressed  in  terms  of  cycles ,  or  "life,”  rather  than  stress.  Fatigue 
tests  also  give  results  in  terms  of  life.  For  these  reasons  the  enphasis 
has  shifted  from  determination  of  allowable  stresses  to  the  prediction  of 
life.  This  is  unfortunate,  because  fatigue  life  cannot  be  predicted 
accurately. 

The  object  of  this  paper  is  to  develop  a  system  of  stress-analysis 
and  design  for  repeated  loading  of  variable  amplitude,  using  basic 
physical  principles.  Because  of  the  wide  range  of  subjects  covered,  the 
treatment  of  each  cannot  be  taken  up  in  great  detail,  nor  can  an  exhaustive 
list  of  references  be  given.  The  paper  is  intended  to  serve  as  a  basis 
for  coordinating  the  various  aspects  of  fatigue  that  will  be  covered  in 
greater  detail  in  other  papers  to  be  presented. 

2.  MATHEMATICAL  THEORY  CF  FATIGUE 
FOR  CONSTANT  CYCLIC  STRAIN  AMPLITUDE 

We  begin  with  the  case  of  cyclic  plastic  strain  of  constant  amplitude. 
The  physical  postulates  (conceptual  model)  to  be  used  are  as  follows. 

(a)  Cyclic  plastic  strain  is  controlled  so  that  the  amplitude 
is  constant. 

(b)  A  fatigue  crack  starts  at  the  beginning  of  loading,  i.e. 
the  "nucleation"  period  is  considered  to  be  negligibly 
short . 

(c)  Rate  of  growth  of  a  crack  is  a  function  of  cyclic  plastic 
strain  amplitude. 

(d)  Rate  of  growth  of  a  crack  is  affected  in  a  secondary  manner 
by  the  normal  stress  on  the  slip  plane  in  which  the  crack 
is  growing. 

(e)  Fatigue  "failure’1  is  arbitrarily  defined  as  the  attainment 
of  a  certain  critical  crack  area  (not  necessarily  that  at 
which  actual  failure  occurs). 

No  specific  assumptions  are  made  regarding  the  detailed  mechanism  of 
crack  growth.  Various  hypotheses  have  been  advanced,  nearly  all  of  which 
are  covered  in  a  general  way  by  postulates  (b),  (c)  and  (a). 

Many  investigators  (Refs.  2,  3,  4,  5,  6,  7)  have  found  that  when 
cyclic  strains  of  constant  amplitude  are  applied  in  a  test  the  6-N  diagram 
plots  as  a  straight  line  on  log-log  paper,  over  a  large  range  of  strains. 
Even  more  remarkable  is  the  fact  that  the  curves  for  widely  different 
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materials  and  testing  temperatures  fall  within  a  fairly  narrow  hand  and 
have  approximately  the  same  slope.  This  is  shown  on  Fig.  1,  from  Ref.  2. 
In  general,  there  seems  to  he  a  unifying  principle  that  virtually  elimi¬ 
nates  "material  properties"  as  such.  A  single  line  has  been  drawn  on 
Fig.  1  to  indicate  that  the  average  slope  of  the  e-N  lines  (in  terms  of 
logs)  is  about 

As  stated  by  Coffin  (Ref.  3)*  the  use  of  plastic  strain  as  a  basis 
for  fatigue  theory  is  strongly  supported  by  recent  investigations  of  the 
physical  nature  of  fatigue.  It  is  therefore  important  to  develop  a 
mathematical  theory  for  controlled  strain  of  constant  amplitude. 

In  accordance  with  postulate  (c)  we  assume  that  rate  of  crack  growth 
is  a  function  of  the  cyclic  plastic  strain.  For  the  moment,  we  ignore 
postulate  (d). 

Since  the  cyclic  plastic  strain  is  assumed  to  remain  constant,  we 
assume  that  the  rate  of  crack  growth  is  also  constant.  This  gives 


dh 

dn 


Cn  Ae 
1  P 


(1) 


where 


h  =  crack  depth 
n  =  number  of  cycles 

Ae  =  plastic  strain  increment  (half  width 
^  of  hysteresis  loop) 

C1  =  constant 

In  Refs.  8  and  9  the  author  defined  "failure"  as  the  attainment  of  a 
critical  crack  depth.  If  this  criterion  is  used  with  Eq.  (l)  the  failure 
equation  becomes 


N  Aep 


(2) 


where  N  =  number  of  cycles  to  failure,  under  constant  strain  increment  t  Ae 


The  slope  of  the  corresponding  Ae-N  curve  is  -1,  which  does  not  agree 
with  the  experimental  value  of  approximately  ,  from  Fig.  1.  A  possible 
explanation  was  suggested  by  W.  R.  Micks,  of  The  RAND  Corporation,  who 
proposed  that  the  criterion  for  failure  be  changed  from  crack  depth  to 
crack  area. 


Fatigue  cracks  grow  in  depth  and  width  at  the  same  time.  Furthermore, 
during  most  of  the  fatigue  life  of  a  properly  designed  part  the  cracks 
remain  small  and  have  a  circular  or  elliptical  shape.  Vie  therefore  express 
crack  area  as 
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where 


a  =  area  of  crack 
h  =  crack  depth 


The  rate  of  growth  of  crack  area,,  per  cycle,  is  given  by 


i  -  ck  w 

The  constant  C,  can  be  thought  of  pi  representing  the  degree  of 
unbonding  in  terms  of  crack  area.  This  constant  is  actually  a  function 
of  normal  stress,  spacing  of  slip  planes,  environmental  conditions,  etc. 

For  constant  rate  of  growth 

a  =  C4  (Afip)2n  (5) 

We  now  define  fatigue  "failure”  as  the  attainment  of  a  critical 
crack  depth  a  ,  and  fatigue  "life"  as  the  number  of  cycles,  N,  at  which 

this  occurs.  For  the  present  we  assume  that  a  is  a  constant.  Then 

cr 

v  *  °4  <AV2 "  (6) 

Combining  constants,  we  obtain  the  fatigue  failure  equation 


N  = 


K 


(7) 


This  gives  a  slope  of  -  ~  when  log  (a#  )  is  plotted  against  log  N, 
as  on  Fig.  1.  A  line  having  this  slope  has-been  drawn  through  the  point 
At  »  0.006  and  N  =  10v.  The  corresponding  value  of  K  in  Eg,.  (7)  is  0 .56. 

Equation  (7)  represents  a  theory  of  fatigue  that  is  independent  of 
material  properties.  It  can  be  used  directly  for  situations  in  which 
plastic  strains  of  constant  amplitude  are  cyclically  applied.  Coffin 
(Ref.  3)  has  used  such  an  equation  for  the  analysis  of  thermal  fatigue. 


3.  THEORY  OF  FATIGUE  FOR  CONSTANT  CYCLIC  STRESS  AMPLITUDE 


In  the  conventional  fatigue  test  the  applied  cyclic  force  (or  moment) 
remains  at  constant  amplitude.  For  a  given  loading  condition  the  stress 
can  be  calculated  by  the  usual  engineering  methods.  The  question  is:  how 
is  cyclic  plastic  strain  related  to  cyclic  stress? 

Fatigue  cracks  usually  start  within  single  crystals  and  in  many  cases 
remain  within  the  crystal  boundaries  for  a  substantial  portion  of  the 
fatigue  life.  We  therefore  ask:  how  is  the  cyclic  plastic  strain  in  a 
single  crystal  affected  by  the  state  of  stress?  For  polycrystalline  ~ 
materials  a  single  crystal  may  be  regarded  as  a  tiny  "test  specimen”  em¬ 
bedded  in  an  aggregate  of  other  crystals .  This  aggregate  may  be  thougbtof 
as  a  "testing  machine"  which  imposes  a  controlled  cyclic  strain  on  the 
individual  crystal.  In  other  words,  the  cyclic  strain  in  the  single  crystal 
must  conform  with  the  cyclic  strains  of  the  aggregate  in  the  vicinity  of  the 
crystal.  These  strains  are  controlled  by  the  integrated  behavior  of  the 
aggregate,  not  by  the  stresses  in  the  crystal  alone .  This  concept  permits 
the  cyclic  strain  theory  of  fatigue  to  be  used  in  conjunction  with  conven¬ 
tional  stress  formulas,  theories  of  plasticity,  etc. 

As  a  first  step  in  introducing  stress  into  the  theory  we  can  determine 
how  the  stress  varies  in  a  test  conducted  at  constant  strain  amplitude . 

Fig.  2,  from  Johansson’s  tests  (Ref.  4)  indicates  how  the  applied  bending 
moment  -varied  with  cycles,  for  a  certain  constant  cyclic  strain.  For  one 
material  the  stress  increases  with  increasing  cycles,  during  the  first  part 
of  the  test.  This  is  a  "strain -hardening"  effect.  The  other  material  shows 
a  "strain-softening"  effect.  We  see  that  the  relationship  given  by  the  con¬ 
ventional  "static"  stress -strain  diagram  does  not  provide  an  accurate  basis 
for  converting  the  € -N  diagram  into  the  S-N  diagram. 

For  a  strain-hardening  material  under  cyclic  stress  of  constant  ampli¬ 
tude  the  cyclic  plastic  strain  decreases  as  the  number  of  cycles  increases. 
For  a  strain-softening  material  the  width  of  the  hysteresis  loop  would 
become  larger  with  increasing  cycles. 

To  convert  Eq.  (7)  to  a  stress  basis  we  need  to  know  how  the  cyclic 
plastic  strain  varies  with  stress  and  with  cycles.  If  the  strain-hardening 
or  strain-softening  is  completed  during  a  small  fraction  of  the  fatigue 
life  the  stabilized  plastic  strain  can  be  used.  It  is  assumed  to  be  a 
function  of  the  cyclic  stress. 

Afp  =  f  (Ac)  (8) 

where  Acr  =  half  amplitude  of  cyclic  stress. 

In  Refs.  8  and  9  the  author  used  a  power  function  for  this  relationship. 

Substituting  such  a  function  in  Eq.  (7)  gives 
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(9) 


This  failure  equation  plots  as  a  straight  line  on  log-log  paper. 

If  an  exponential  function  i6  vised  the  resulting  equation  plots  as  a 
straight  line  on  semi -log  paper .  Both  equations  underestimate  the  plastic 
strain  at  high  stresses.  This  can  he  empirically  corrected  in  various 
ways. 


Although  Eq.  (9)  was  derived  hy  assuming  a  linear  rate  of  crack  growth 
(in  terms  of  depth)  it  can  he  shown  that  the  same  equation  will  he  obtained 
regardless  of  the  shape  of  the  crack  growth  curve,  provided  that  the  curves 
are  affine .  (in  Refs.  8  and  9  the  author  derived  the  equation  hy  using 
an  exponential  function  of  cycles . )  This  point  will  he  treated  more  fully 
in  connection  with  variable-amplitude  loading. 

A  modified  (non-affine)  theory  developed  in  Ref.  Q  can  he  used  to 
provide  a  good  fit  up  to  the  ultimate  tensile  stress.  The  failure  equation 
is 


N  =  -fe.S-  (10) 

(A O? 


4.  THE  ENDURANCE  LIMIT  EFFECT 

If  a  value  of  cyclic  stress  exists  below  which  no  cyclic  plastic 
strain  occurs,  the  theory  equation  can  he  modified  in  either  of  two  ways. 
Fig.  3  shows  a  case  in  which  the  cyclic  plastic  strain  is  assumed  to  he  a 
function  of  (An  -  Ac  ),  where  A a  is  the  endurance  limit.  Eq.  (9)  then 
becomes  0  u 

N  - - - - r  (11) 

(A a  -  A oQ) 

Fig.  4  shows  the  behavior  of  a  material  which  has  a  sharp  yield 
point,  such  as  found  in  low-carbon  steels.  In  this  case  Eq.  9  is  used  for 

stress  increments  greater  than  Ac  ;  The  S-N  diagram  is  cut  off  at  Act  . 

0  o 

5.  EFFECTS  OF  MEAN  STRESS 

It  is  known  that  a  compressive  mean  stress  tends  to  increase  fatigue 
life  at  a  given  cyclic  stress,  while  a  tensile  mean  stress  tends  to  lower 
it..  This  suggests  that  the  primary  phyrical  action  is  connected  with  the 
unhonding  mechanism.  With  this  interpretation,  mean  stress  may  he  thought 
of  as  changing  the  value  of  C^  in  the  rate-of -crack-growth  equation  (Eq.(4). 
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Cut-off"  type  of  endurance  limit 


Let  k  represent  a  multiplying  factor  for  C,  such  that  k  =1.0 

m  4  IQ 

when  cr^  =  0.  Then  the  crack  growth  equation  becomes 


where  k  =  f  (c  ). 
m  '  m' 


da 

dn 


=  k  C,  A€ 
m  4  p 


(12) 


Then  Eq.  (7)  becomes 


N  = 


Equation  (9)  becomes 


N  = 


km«2 

W)x 


(13) 


(U) 


If  k  is  linear  with  mean  stress,  the  effect  on  the  S-N  diagram  will 

be  to  displace  it  parallel  with  itself,  on  the  log-log  graph.  The  amount 
of  displacement  will  be  proportioned  to  a  .  Thi6  is  approximately  confirmed 
by  experiment  as  shown  in  Fig.  5,  except  St  very  high  values  of  mean  stress. 
At  such  high  values  the  maximum  stress  in  the  cycle  exceeds  the  value  for 
which  the  power  law  is  valid;  consequently  the  equations  cannot  be  expected 
to  apply. 

Findley  (Ref.  10)  has  derived  formulas  by  assuming  a  linear  function 
for  kffi  and  solving  for  the  orientation  of  the  slip  plane  on  which  the  com¬ 
bined  effects  of  shear  stress  and  mean  stress  are  a  maximum.  For  design 
work,  the  effects  of  mean  stress  are  usuaxly  found  from  tests. 


6.  EFFECTS  CF  COMBINED  STRESSES 

For  combined  stresses  we  apply  the  previously  stated  concept  that  the 
cyclic  plastic  strain  in  a  crystal  is  controlled  by  the  state  of  cyclic 
plastic  strain  in  its  general  vicinity.  This  permits  the  use  of  theories 
of  plasticity  in  which  the  effects  of  shear  stresses  are  integrated  over 
the  volume  of  material.  Virtually  all  such  theories  are  based  on  the 
premise  that  plastic  strain  is  caused  by  shear  stresses. 

Equation  8  can  now  be  written,  for  combined  stresses,  as 

a<i  *  f  Kff>  («) 

where  ATg^  =  an  effective  cyclic  shear  stress  representing  the  combined 
effects  of  all  cyclic  shear  stresses  in  the  aggregate. 
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If  the  octahedral  shear  stress  is  used  as  the  effective  stress, 
the  effective  cyclic  shear  stress  can  he  expressed  as  an  equivalent 
uniaxial  stress,  in  the  form 


As  *y  (Aa1  -  Acr2)2  +  (Aj2  -  Acfj)2  +  (Acr^  -  Ac^)2  (16) 

where  Ao^  =  principal  cyclic  stress,  etc. 

The  effects  of  normal  stress  can  be  included  by  using  the  octahedral 
mean  normal  stress  as  basis.  This  is  the  average  of  the  three  principal 
mean  stresses: 


OCT 


tfl  +  a2  +  °3 


(17) 


An  "equivalent  mean  stress"  can  be  introduced  such  that  it  will  have 
the  correct  value  for  simple  uniaxial  loading: 
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(18) 


These  values  of  Ac?  and  a  can  be  used  in  place  of  A a  and  a  in  the  fore- 

m  m 

going  equations,  to  provide  for  combined  stresses. 

Sines  (ll)  has  made  a  thorough  study  of  experimental  data  for  many 
types  of  combined  loading.  He  proposed  a  failure  formula  that  can  be 
expressed  in  terms  of  the  above  parameters  as  follows 

Aa  =  As  -  a  a  (19) 

a  m 

where  An  =  equivalent  failure  stress  in  combined  loading  (Eq.  1 6) 

Aar  =  failure  stress  for  completely  reversed  uniaxial  loading, 
a  at  a  given  value  of  N 
_a  =  influence  factor  for  mean  stress 
o  =  equivalent  mean  stress  (Eq.  18) 


In  this  equation  the  effects  (of  combined  stresses)  on  the  cyclic 
plastic  strain  are  contained  in  the  term  As  and  the  effects  of  normal 
stresses  are  given  by  the  term  aa^. 

The  work  of  Findley,  Sines,  and  others  indicates  that  practical 
methods  of  sufficient  accuracy  can  be  developed  along  these  lines.  The 
differences .in  the  various  methods  are  of  a  minor  nature. 
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7.  STRESS  CONCENTRATION  EFFECTS 

Notch  effects  in  fatigue  should  he  interpreted  in  terms  of  strain 
instead  of  stress.  Using  the  foregoing  methods,  ve  can  investigate  the 
cyclic  plastic  strain  at  the  root  of  a  notch,  as  affected  by  the  nominal 
stress  level,  notch  geometry,  etc.  Plan  and  D'Amato  (Ref.  2)  have  done 
some  interesting  experimental  work  along  these. lines.  Some  of  their  con¬ 
clusions  are  quoted  below. 

A  series  of  notched  specimens  were  fatigue -tested  by  cycling 
between  zero  and  a  maximum  load.  Three  specimen  types  were  con¬ 
sidered  with  elastic  stress  concentration  factors  of  2.0,  2.5,  and 
4.0.  From  the  results  of  these  tests  the  following  observations 
and  conclusions  are  given: 

(1)  A  linear  relationship  exists  between  the  cyclic  range 
of  strain  measured  at  the  edge  of  the  notch  and  the  number  of 
cycles  to  failure  when  these  two  variables  are  plotted  using 
log-log  scales. 

(2)  When  compared  on  the  basis  of  range,  of  strain  at  the 

edge  of  the  notch,  the  specimens  with  the  notch  factor  of  2.0  had  no 
significant  difference  in  fatigue  behavior  from  the  specimens  with 
a  2.5  notch  factor. 

(3)  The  strain  range  and  the  maximum  strain  at  the  edge  6f 
the  notch  did  not  change  during  cyclic  loading  until  a  relatively 
few  cycles  before  failure  when  a  marked  increase  in  the  strain 
range  was  noted  in  most  specimens. 

Item  (l)  appears  to  justify  the  use  of  the  foregoing  basic  theory  of 
controlled  cyclic  strain  in  cases  having  stress-concentration  effects. 

Item  (2)  indicates  that  the  elastic  stress  concentration  factor  is  not 
the  proper  parameter  to  use  in  dealing  with  fatigue.  We  need,  Instead,  a 
"strain  concentration  factor,"  which  Includes  the  effects  of  combined  load¬ 
ing  at  the  root  of  the  notch.  The  depth  of  notch  probably  plays  a  more  im¬ 
portant  part  than  the  root  radius,  in  fatigue.  "Size  effect"  (as  measured 
by  Peterson’s  notch  sensitivity  factor)  is  an  indication  that  we  sre  not 
using  the  proper  parameters  in  evaluating  the  notch  factor.  The  strain 
gradient  at  the  root  of  the  notch  is  important  in  size  effects. 

Fortunately,  it  is  often  possible  to  make  fatigue  tests  of  parts  con¬ 
taining  particular  notch  effects.  This  is  the  best  way  to  obtain  reliable 
engineering  information,  provided  that  the  models  are  full-scale. 

Another  factor  in  the  fatigue  of  notched  specimens  is  the  possibility 
of  inducing  residual  stresses.  The  main  concern  of  the  designer  should  be 
to  make  sure  that  unfavorable  (tensile)  residual  stresses  are  not  present. 
The  improvement  of  fatigue  strength  by  the  deliberate  production  of  com¬ 
pressive  residual  stresses  is  utilized  in  various  surface  treatments  (e.g. 
shot-peening) .  The  designer  must  be  sure  that  tiuch  effects  are  not- 
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"washed  out"  during  service,  if  he  is  to  utilize  them  to  obtain  .higher 
allowable  stresses. 


8.  EFFECTS  OF  VARIABLE  AMPLITUDE  LOADING 

The  method  often  referred  to  as  Miner's  method  was  first  proposes  by 
Palmgren  (Ref.  12)  in  192^.  In  1937  Langer  (Ref.  13)  derived  the  basic 
cumulative  damage  equation.  In  19^5  Miner  (Ref.  l4)  conducted  tests  which 
gave  a  reasonably  good  verification  of  the  method.  Although  several  other 
methods  have  been  proposed,  .the  cumulative  damage  equation  remains  our  :,.cst 
useful  tool  in  dealing  with  loading  of  variable  amplitude.  It  is  therefore 
of  interest  to  supply  a  theoretical  basis  for  the  method  and  to  clear  up 
some  of  the  misconceptions  that  appear  to  have  developed.  It  will  be  sho-m 
that  the  method  is  more  general  and  more  accurate  than  commonly  supposed. 

Following  Langer,  we  first  assume  that  the  crack  growth  curves  for 
different  stress  levels  of  constant  amplitude  are  affine,  i.e.  they  all  have 
the  same  shape.  This  can  be  expressed  by  the  dimensionless  "damage"  equation 


where 

a  =  crack  area  (or  "damage") 

a  =  critical  crack  area,  defining  failure 
cr 

n^  =  number  of  cycles  at  Aa^  (constant  amplitude) 
a  cycles  required  to  produce  at  Ao^. 

Figure  6  shows  assumed  crack  growth  curves  for  three  different  stress 
amplitudes.  N 

Figure  7  shows  the  same  curves  reduced  to  a  dimensionless  ( "one-one") 
basis  by  means  of  Eq„  20.  This  approach  was  used  by  Newmark  (Ref.  15),  who 
plotted  "damage"  against  n^/^.  He  also  included  non-affine  curves  and  dis¬ 
cussed  overstressing  and  understressing  effects.  His  use  of  an  arbitrary 
linear  curve  as  a  basin  might  have  added  to  the  popular  misconception  that 
the  cumulative  damage  equation  requires  a  linear  rate  of  damage;  however, 
he  did  not  intend  to  imply  this,  as  his  paper  clearly  shows. 


For  variable  amplitude  loading  the  stress  levels  are  changed  during 
the  test.  Equation  20  must  then  be  written  as  follows: 


at  failure  a/a_  =  1. 
'  cr 


Then,  on  Fig.  7, 


(21) 


(22) 
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-Effects  of  mean  stress  (NACA  TN  2389) 
(notched  7075  -T6  alum  alloy,  K,  =4.0) 


Affine  crack  growth  curves  (schematic) 


This  is  the  familiar  cumulative  damage  equation.  It  can  he  used  either 
for  controlled  stress  or  controlled  strain.  In  the  latter  case  the  values 
of  N.  are  determined  from  the  £  -N-  diagram,  or  froraEqs.  (6)  or  (7).  (See 
discussion  of  Coffin’s  paper  (Ref.  3)  hy  Murphy.) 

The  emulative  damage  equation  (22)  is  not  restricted  to  linear  crack 
growth  (or  damage)  curves^  This  was  shown  by  Langer  in  his  derivation  of  the 
equation.  However,  Miner  used  a  different  derivation  which  incorrectly  implied 
that  the  damage  curve  must  be  linear.  Many  writers  incorrectly  refer  to  this 
feature  as  a  limitation  of  the  method.  Although  the  ’’cycle  ratios’’  are  added 
linearly,  the  accumulation  of  damage  need  not  be  linear. 

Equation  (22)  also  does  not  place  any  restrictions  on  the  order  in  which 
the  various  stress  (or  strain)  levels  are  applied.  It  is  well  known,  however, 
that  order  does  in  some  cases -have  an  appreciable  effect  on  life.  These 
effects  can  be  explained  by  strain-hardening  or  strain-softening  phenomena, 
and  probably  involve  the  pinning  or  generation  of  dislocations. 

Two  important  and  related  questions  arise  in  applying  the  cumulative 
damage  theory: 

(a)  Can  the  S-N  diagram  (for  stresses  of  constant  amplitude)  be 
vised  directly  in  determining  values  of  N^? 

(b)  What  endurance  limit  effects  can  be  expected  under  loading 
of  variable  anplitude? 

Langer  suggested  that  the  values  of  N.  be  obtained  from  a  "damage  curve," 
instead  of  from  the  conventional  S-N  diagram.  Freudenthal  (Ref.  16)  discusses 
this  matter  in  detail  and  concludes  that  the  conventional  S-N  diagram  "cannot 
provide  the  basis  for  the  prediction  of  fatigue  life  under  randomly-applied 
amplitudes,  no  matter  what  type  of  damage  accumulation  law  is  used."  He 
suggests  that  a  fictitious  S-N  diagram  be  established  for  use  in  connection 
with  random  loading.  This  diagram  would  have  lower  values  of  Act  than  those 
found  in  conventional  tests. 

The  lowering  of  the  S-N  diagram,  for  random  loading,  can  be  explained  by 
dislocation  theory.  Under  constant  stress  amplitudes  the  density  of  "free" 
(reversible)  dislocations  tends  to  decrease  (i.e.  some  dislocations  become 
"pinned").  This  reduces  the  cyclic  plastic  strain  and  thereby  increases 
fatigue  life.  This  is  reflected  in  the  conventional  S-N  diagram.  When  inter¬ 
mittent  high  stresses  are  applied,  some  of  the  pinned  dislocations  may  be 
released  and  even  more  free  dislocations  may  be  generated,  thereby  increasing 
the  cyclic  plastic  strain  and  reducing  life. 

These  arguments  apply  with  greatest  force  to  the  high  cycle  and  of  the 
S-N  diagram.  In  this  region  we  can  expect  to  obtain  the  greatest  benefit  from 
strain-hardening  effects,  under  constant  amplitude  loading.  The  effects  of 
random  loading  will  therefore  be  to  lower  this  end  of  the  diagram,  involving 
the  endurance  limit. 
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In  using  cumulative  damage  theory,  the  endurance  limit  should  be  defined 
as  the  limiting  value  of  cyclic  stress  below  which  no  crack  growth  (or  damage) 
is  produced  in  random  loading".  Its  value  will  usually  be  lover  than  the 
endurance  limit  found  in  conventional  tests.  For  analysis  and  design  purposes 
the  above  factors  can  be  taken  into  account  by  modifying  the  conventional  S-N 
diagram  along  the  lines  suggested  by  Freudenthal  (Ref.  l6),  as  shovn  in  Fig.  8. 
The  reduction  factor  is  arbitrarily  increased  as  the  stress  decreases.  The 
endurance  limit  is  lowered.  A  sharp  "cut-off”  at  the  endurance  limit  should 
be  used. 

In  using  Eq.  (22)  the  value  of  N.  for  stress  increments  less  than  the 
endurance  limit  (do  ) -is  taken  as  infinity,  i.e.  the  cycle  ratio  n./N.  becomes 
zero  for  these  stresses. 

The  effects  of  mean  stress,  combined  stresses,  etc.  can  be  provided  for 
by  applying  the  principles  and  methods  discussed  in  earlier  sections.  If  the 
mean  stress  changes  during  a  flight  mission  (for  exanple,  when  bombs  are 
dropped),  the  effect  on  rate  of  crack  growth  is  revealed  by  the  displacement 
of  the  S-N  diagram,  as  previously  shown  (Fig.  5)«  This  changes  the  values  of 
N..  Using  the  modified  value  of  N.  has  the  same  effect  as  dianging  the  crack 
growth  rate  by  the  factor  in  Eq.  (14). 

It  has  been  found  that  notched  specimens  sometimes  have  a  higher  life 
under  random  loading  than  that  predicted  by  the  cumulative  damage  theory. 

This  is  undoubtedly  caused  by  the  building  up  of  favorable  residual  stresses 
in  the  critical  regions,  thereby  reducing  the  cyclic  plastic  strain.  For 
design  purposes,  such  effects  should  generally  be  ignored,  because  of  the 
possibility  that  a  particular  structure  might  experience  a  less  favorable 
loading  history. 

Fig.  9  summarizes  some  recent  tests  of  notched  specimens  under  random 
loading,  by  Fralich  (Ref.  17).  'The  above-mentioned  influences  can  be  observed. 
The  cumulative  damage  equation  was  used  in  the  theory  which  was  developed  by 
Miles  (See  Ref.  17 ). 


9.  PREDICTION  CF  FATIGUE  LIFE 


In  using  the  cumulative  damage  theory  to  predict  fatigue  life  it  is 
necessary  to  have  a  typical  loading  spectrum,  such  as  shown  in  Fig.  10.  This 
may  represent  the  entire  ejected  life  or  it  may  be  a  small  "block"  of  cycles. 
In  any  case,  we  can  determine  the  corresponding  value  of  JV .  The  predicted 
life  can  be  found  from  the  equation 
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Fig. 10  —  Stress  spectrum  (schematic) 


Fig.  10  shows  two  "inactive'*  class  Intervals  of  Ac.,  representing  stresses 
helov  the  endurance  limit.  The  crack  growth  curve  for  these  stresses 
(a/a  =  0)  does  not  belong  to  the  affine  family  and  it  is  therefore  theoreti¬ 
cally  incorrect  (but  mathematically  satisfactory)  to  include  the  ineffective 
values  of  n.  in  Eq.  (23).  The  correct  procedure  is  to  calculate  the  predicted 
life  in  terms  of  "active"  cycles,  then  increase  this  life  in  the  proper  ratio 
to  determine  the  total  value  of  N^.  (If  a  time  basis  is  used  there  is  no  problem. 

In  comparing  theory  with  test  results,  the  total  number  of  cycles  must  be 
used.  In  calculating  the  theoretical  life  it  is  necessary  to  select  some  value 
for  the  endurance  limit  and  to  eliminate  the  values  of  n.  for  all  stress  incre¬ 
ments  below  this  limit.  Since  the  smaller  stress  Increments  usually  appear  in 
very  large  numbers,  in  the  spectrum,  the  choice  of  the  endurance  limit  can 
have  a  strong  effect  on  the  comparison  between  theory  and  experiment .  All 
such  comparisons  should  be  carefully  examined  to  see  if  proper  evaluation  of 
endurance  limit  effects  has  been  made. 

To  obtain  information  on  endurance  limit  effects  it  is  highly  desirable 
to  make  spectrum  teste  in  which  one  or  more  of  the  lowest  class  materials  of 
Acj.  are  omitted,  along  with  control  specimens  subjected  to  the  full  spectrum 
loading. 


10.  ALLOWABLE  STRESS  FOR  VARIABLE  AMPLITUDE  LOADING 


In  the  issue  of  the  Journal  of  Applied  Mechanics  in  which  Langer's  theory 
(Ref.  13)  appeared  there  appeared  also  a  paper  by  Clinedinst  (Ref.  18)  which 
contains  an  expression  for  the  effective  stress  for  variable  aaplitude  loading. 
This  was  based  on  the  power  formula  for  the  S-N  diagram,  given  by  Eq.  (10). 

A  similar  equation  was  derived  by  the  author  from  the  theory  of  Ref.  8. 


The  effective  stress  (Ac  )  is  defined  as  that  value  of  stress  increment 
which,  if  applied  at  constant  aaplitude,  will  give  the  same  life  (n  )  as  the 
variable -anplitude  loading.  ® 

For  affine  crack-growth  cyves ,  the  effective  stress’  may  be  obtained  by 
predicting  the  life  (N  j  from  Eq.  (23)  and  entering  the  S-N  diagram  at  this 
Wlue.  (The  modified  5  diagram  for  variable-amplitude  loading  should  be  used. ) 

As  an  illustration,  the  formula  for  effective  stress  will  be  derived  by 
this  method,  using  Eq.  (10)  as  a  basis  for  the  S-N  diagram. 


By  definition,  we  may  write  Eq.  (10)  in  terms  of  the  effective  stress 
Increment  (Aae)  and  the  predicted  life  (N^). 
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From  Eg..  (23 ) 
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Equating,  these  two  expressions  for  and  solving  for  giveB 
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This  agress  with  Clinedinst's  method  and  with  the  author's  derivation  of 
Ref.  8.  The  advantage  of  determining  the  effective  stress  from  the  predicted 
life  (Eq.  23)  is  that  the  S-N  curve  can  be  UBed  directly,  regardless  of  its 
shape.  Furthermore,  it  is  not  necessary  to  know  anything  about  the  shape  of 
the  crack-growth  curves,  except  that  they  must  be  affine. 

Since  all  stress  increments  below  the  endurance  limit  (Acr  )  are  considered 
to  be  inactive,  the  method  of  computing  the  effective  stress  b$  entering  the 
S-N  diagram  at  N  requires  that  N  correspond  to  the  active  stress  increments 
only.  Otherwise15  there  is  a  violation  of  the  assumption  that  the  values  of 
N.^  are  reached  through  affine  crack-growth  curves. 

It  can  easily  be  shown  that  the  use  of  the  total  predicted  life,  N  ,  is 
erroneous  in  calculating  the  effective  stress,  if  there  are  any  inactivS 
stress  increments  in  the  spectrum.  For  example,  an  elementary  two-load  spectrum 
can  be  assumed,  in  which  one  of  the  stress  increments  is  above  the  endurance 
limit,  the  other  below  it.  Using  the  active  cycles  only,  the  effective  stress 
will  be  found  to  be  the  higher  of  the  two  stress  increments,  which  is  correct. 
Using  total  cycles,  the  predicted  life  may  fall  in  the  endurance  limit  region. 

In  this  case  the  effective  stress  is  erroneously  found  to  be  the  endurance 
limit. 

By  working  with  effective  stress,  instead  of  life,  it  is  possible  to 
specify  a  factor  of  safety  on  stress.  The  method  is  illustrated  in  Fig.  U. 

The  "allowable  stress"  is  found  by  entering  the  S-N  diagram  at  the  required 
value  of  life.  (This  must  contain  "active"  cycles  only.)  The  "applied  stress" 
is  the  effective  stress  found  by  entering  the  S-N  diagram  at  the  predicted  life, 
N  .  The  "factor  of  safety"  is,  as  usual,  the  ratio  of  allowable  to  applied 
5 stress.  In  this  method  (proposed  in  Ref .  19)  the  factor  of  safety  for  fatigue 
is  based  on  the  stress  increment,  da,  rather  than  on  maximum  stress.  This 
appears  logical  in  view  of  the  relatively  small  influence  of  mean  stress  on  the 
allowable  stress  increment. 
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One  ii4>ortant  advantage  of  working  with  effective  stress  based  on  active 
stress  increments  is  that  fche  effective  stress  and  the  allowable  stress  both 
occur  at  stress  levels  considerably  above  the  endurance  limit,  where  scatter 
is  much  less  than  in  the  endurance  limit  region. 


11.  STATISTICAL  EFFECTS  AND  DESIGN  CRITERIA 

The  well-known  scatter  in  fatigue  life,  as  obtained  from  teste,  has  been 
a  discouraging  factor  in  attempts  to  predict  fatigue  life.  For  structures 
that  must  have  very  long  life,  it  is  virtually  impossible  to  predict  the 
fatigue  life  with  reasonable  accuracy.  For  example,  it  is  entirely  meaning¬ 
less  to  speak  of  life  prediction  for  a  rotating  shaft  that  operates  under 
constant  amplitude  loading  and  which  has  been  designed  by  using  the  endurance 
limit  as  the  allowable  stress,  together  with  a  factor  of  safety.  Yet  it  is 
easy  to  determine  the  allowable  cyclic  stress  for  such  a  shaft.  The  very 
thing  that  makes  life  prediction  meaningless  (flat  S-N  diagram)  also  makes 
the  stress  analysis  simple. 

Although  this  reasoning  cannot  be  applied  directly  to  an  aircraft 
structure  the  fact  is  that  for  "long-life"  structures  we  are  much  closer  to 
the  rotating-shaft  example  than  is  generally  realized.  However,  instead  of 
designing  for  "infinite"  life  it  is  necessary  to  design  for  a  "very  long" 
finite  life.  Just  how  long  this  life  should  be  is  a  matter  for  detailed 
study.  Involving  the  service  or  mission  of  the  aircraft,  availability  of  data 
on  applied  loadings,  etc.  It  will  only  be  noted  here  that  a  high  degree  of 
conservatism  can  be  used,  with  little  weight  penalty,  in  establishing  life 
requirements . 

Assuming  that  the  required  life  has  been  established  and  reduced  to 
"active"  cycles,  the  only  remaining  question  is  the  selection  of  a  factor 
of  safety,  or  alternatively,  the  reduction  of  the  allowable  fatigue  stress 
to  provide  for  scatter  in  material  properties,  dimensional  tolerances,  etc. 
Here  the  problem  becomes  similar  to  that  for  "static"  design.  There  is 
scatter  in  yield  stress,  ultimate  stress,  column  stresses,  etc.  In  fact  the 
scatter  in  the  buckling  stress  of  a  thin-walled  shell  is  far  greater  than  that 
found  in  fatigue  stress  (at  a  given  life).  For  this  reason  the  author  believes 
that  the  rational  establishment  of  factors  of  safety,  based  on  probability 
theory  and  statistical  data,  is  a  matter  that  should  be  studied  for  all 
loading  conditions,  including  both  static  and  "spectrum"  loads. 

Fig.  11  indicates  schematically  how  the  factor  of  safety  is  related  to 
scatter.  Lines  of  constant  probability  (P -lines)  are  shown.  If  these  are 
well  established  for  the  material  and  shape  of  a  party  by  spectrum  tests,  the 
factor  of  safety  can  be  adjusted  accordingly,  using  probability  theory. 

However,  the  factor  of  safety  also  covers  other  types  of  scatter  such  as 
dimensional  tolerances,  surface  conditions,  etc.  (See  Freudenthal’s  remarks 
in  Ref.  20.) 

In  Ref.  21,  Lundberg  proposed  methods  of  fatigue  analysis  based  on  the 
concept  of  an  arbitrary  (very  small)  probability  of  fatigue  failures.  In 
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Applied  and  allowable  fatigue  stresses 


Ref.  22  he  made  specific  suggestions  of  a  practical  nature  on  how  such 
fatl’gue  analyses  could  he  carried  out.  In  general  the  author  agrees  with 
the  objectives  and  methods  proposed  by  Lundberg,  with  the  exception  that 
it  may  not  be  necessary  or  practical  to  work  with  probability  theory 
directly  in  designing  for  fatigue.  (Some  of  the  differences  in  approach 
are  sunsnarized  in  Ref.  2J.) 


12.  CONCLUSIONS  AND  RECOMMENDATIONS 

In  evaluating  methods  of  analysis  it  is  most  important  to  decide 
whether  the  immediate  objective  is  to  prevent  fatigue  failures  or  to  predict 
fatigue  life.  Methods  that  are  entirely  satisfactory  in  the  first  case  are 
likely  to  be  quite  inadequate  in  the  second  case.  Much  of  the  pessimism  that 
one  encounters  in  discussions  of  fatigue  analysis  is  the  result  of  looking 
at  the  picture  from  the  wrong  direction. 

For  example,  nearly  all  the  tests  mads  to  evaluate  the  cumulative 
damage  theory  have  been  reported  in  terms  of  life  only.  Comparing  pre¬ 
dicted  life  with  test  life  often  gives  discouraging  results.  But  if  the 
same  results  are  compared  on  tbe  basis  of  effective  stress,  the  picture  is 
much  more  encouraging.  This  was  demonstrated  in  Ref .  8  (Supplement),  using 
some  of  the  earliest  results  from  variable  amplitude  tests  (Ref.  24).  In 
coirparing  test  results  with  the  "linear"  cumulative  damage  theory  it  was 
found  that  the  life  ratios  ranged  from  O.38  to  9.27.  But  the  corresponding 
range  in  stress  ratios  was  from  0.77  to  1.12  (for  sinusoidal  variation  of 
amplitude).  Applying  the  techniques  of  the  present  paper  to  more  recent 
tests  made  by  Rey  (Ref .  25 )  gives  similar  results .  Variations  between  the 
predicted  equivalent  stress  and  that  found  in  tests  were  less  than  -3  percent 
in  almost  all  cases. 

It  would  be  difficult  to  find  any  other  mode  of  structural  failure  in 
which  the  agreement  between  theory  and  tests  is  much  better  than  this.  We 
can  conclude,  therefore,  that  the  cumulative  damage  theory  ("Miner  method") 
is  satisfactory  for  design  purposes .  The  only  refinement  needed  appears  to 
lie  in  the  modification  of  the  S-N  curve  to  be  used  as  a  basis,  particularly 
in  the  .endurance  limit  region  (See  Sec.  8).  Even  this  is  likely  to  be  rela¬ 
tively  small  in  terms  of  stress. 

The  major  problem  in  setting  up  criteria  seems  to  lie  in  the  philosophy 
of  safety,  or  airworthiness.  Various  interpretations  have  been  proposed  by 
Freudenthal  (Ref.  20),  Lundberg  (Ref.  21  and  22),  Tye  (Ref.  26),  Hoff 
(Ref.  27),  Van  der  Neut  (Ref,  28),  to  mention  only  a  few.  Studies  of  this 
type  should  include  static  loading  criteria  as  well  as  fatigue.  For  exanple, 
the  overall  efficiency  of  a  wing  structure  might  be  improved  by  transferring 
some  of  the  structural  material  from  the  compression  to  the  tension  side, 
i.e.,  by  providing  less  material  for  static  buckling  strength  and  more  for 
fatigue  strength,  at  no  overall  increase  in  weight. 

The  theory  presented  in  this  paper  suggests  that  safety  in  fatigue 
should  be  obtained  by  designing  in  such  a  way  that  fatigue  cracks  will 
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remain  in  the  slow  growth  stage  during  the  entire  service  life  of  the 
structure.  It  follows  that  all  static  strength  requirements  should  he 
fulfilled  at  the  end  of  the  service  life,  as  well  as  at  the  beginning, 
since  very  smali  fatigue  cracks  have  no  appreciable  effect  on  static 
strength. 

Nothing  /ery  encouraging  can  be  said  about  the  prediction  of  fatigue 
life.  Although  the  "average"  life  might  be  roughly  predicted  for  an  entire 
class  of  vehicles,  this  is  not  satisfactory  for  a  particular  vehicle.  The 
ultimate  objective  should  be  to  design  structures  so  that  there  is  no  need 
to  predict  their  life.  When  such  a  need  arises  it  will  be  necessary  to 
take  into  account  the  large  scatter  in  life  that  is  a  characteristic  of 
fatigue  failures .  The  uncertainty  can  be  reduced  somewhat  by  the  use  of 
monitoring  devices,  warning  devices,  etc.,  the  discussion  of  which  is 
beyond  the  scope  of  this  paper. 

The  following  detailed  recommendations  are  made: 

(a)  Tests  should  be  made  in  which  specimens  are  subjected  to 
spectrum  loadings  that  are  identical  except  for  the  omission  of  one  or 
more  of  the  smallest  stress  levels.  This  will  establish  the  endurance 
limit  values  for  variable  amplitude  loading. 

(b)  Test  data  for  variable  amplitude  loading  should  be  analyzed 
in  terms  of  effective  stress,  as  well  as  life.  Existing  data  should  be 
reviewed  on  this  basis. 

(c)  Systematic  studies  should  be  made  to  determine  the  relative 
amounts  of  additional  structural  weight  corresponding  to  different  criteria, 
different  lives,  different  materials,  etc.  (See  Ref,  19  for  example.)  Such 
analyses  should  be  extended  to  include  the  effects  on  overall  performance, 
economics,  payoff,  etc.,  for  various  classes  of  vehicles. 
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CUMULATIVE  DAMAGE  THEORIES 


by 

Horace  J.  Grover 

Battelle  Memorial  Institute 
Columbus  1,  O'.iio 

Aircraft  structural  components  are  subjected  to 
repeated  loads  of  varying  amplitudes  and  frequencies. 
Accordingly,  fatigue-life  estimates  must  be  based  on 
some  criterion  for  cumulative  damage. 

Theories  for  cumulative  fatigue  damage  have  been 
sought  for  more  than  30  years.  An  early  suggestion,  the 
summation-of-cycle  ratio,  has  been  widely  used  in  design. 
Since  numerous  experiments  have  shown  this  summation 
inadequate  for  many  situations,  more  elaborate  methods 
have  been  suggested.  Several  of  these  will  be  discussed 
briefly. 

Most  relations  so  far  advanced  have  one  or  more  of 
the  following  limitations:  (1)  no  physical  mechanism  is 
clearly  defined  so  the  relation  contains  factors  identi¬ 
fiable  with  concepts  useful  in  design;  (2)  too  many 
experimental  data  are  required  for  engineering  applica¬ 
tion;  (3)  mathematical  calculations  are  cumbersome. 

Presently  available  methods  are,  for  many  applica¬ 
tions,  as  accurate  as  warranted— in  view  of  other 
uncertainties  in  the  fatigue  problem.  As  these  other 
uncertainties  are  resolved,  a  better  theory  of  cumula¬ 
tive  damage  will  be  needed.  It  is  suggested  that  such 
a  better  theory  should  be  based  upon  a  realistic  ac¬ 
count  of  the  physical  mechanism  or  mechanisms  involved. 
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INTRODUCTION 


An  important  objective  in  design  evaluation  of  an  airframe  is 
to  insure  no  failure  within  a  scheduled  service  lifetime.  Allow¬ 
ance  for  uncertainties  in  several  areas  of  information  make  this 
objective  a  high  challenge. 

The  designer  of  an  airframe  component  usually  has  available 
some  information  about  the  missions  for  which  the  vehicle  is 
scheduled  and  corresponding  estimates  of  load  spectra  to  be  antic¬ 
ipated  for  the  component.  There  may  be  considerable  uncertainties 
in  these  estimates.  He  also  has,  from  theory  or  experiment,  esti¬ 
mated  values  of  critical  stresses.  Since  fatigue  is  responsive  to 
localized  stresses,  he  requires  stress-concentration  factors  or 
fatigue  test  data  on  the  component.  For  either,  the  best  values 
that  can  be  obtained  usually  have  further  uncertainties.  Thus  in 
the  stress  spectrum  available  for  analysis  of  fatigue  lifetime, 
there  may  be  a  very  significant  total  margin  of  uncertainty. 

Then,  there  is  needed  information  about  the  fatigue  proper¬ 
ties  to  be  expected  in  the  material  of  which  the  part  is  to  be 
made.  Fatigue  data  usually  show  considerable  scatter,  so  the 
available  estimates  contain  further  uncertainties  in  design  in¬ 
formation.  Moreover,  the  usual  fatigue  data  are  from  laboratory 
tests  at  various  constant-stress  amplitudes.  For  estimation  of 
lifetime  under  varying-stress  amplitudes,  some  theory  of  cumula¬ 
tive  damage  is  necessary  to  re.late  these  to  the  design  stress 
spectra. 

The  need  for  design  allowance  for  ^cumulative  fatigue  damage 
was  recognized  at  .least  35  years  ago.  Since  then,  a  great  deal  of 
effort  has  been  expended-  and-  progress  has  been  made  toward  under¬ 
standing  the  behavior  of  materials  in  this  respect,  A  major  ob¬ 
jective  of  this  paper  is  to  review  damage  theories  which  have  been 
proposed  and  to  indicate  the  present  understanding  of  cumulative 
damage  in  structural  materials. 

However,  application  of  theories  of  fatigue-damage  behavior 
of  materials  should  be  viewed  in  the  light  of  all  uncertainties 
in  the  whole  problem  of  evaluating  the  expected  lifetime  of  a 
structural  component.  Accordingly  some  factors  in  design  applica¬ 
tion  of  available  theories  will  also  be  discussed  with  the  objec¬ 
tive  of  providing  an  over-all  appraisal  of  the  status  of  knowledge 
of  cumulative  damage  in  fatigue. 
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THE  SUMMATION-OF-CYCLE  RATIOS 


Palmgren  (Ref  1)  suggested  a  simple  approach  which  Miner 
(Ref  2)  discovered  independently  and  applied  to  aircraft  problems. 
This  method,  and  some  of  the  nomenclature  useful  in  subsequent  dis¬ 
cussion,  may  be  described  with  reference  to  Figure  1.  Suppose  a 
specimen  (a  material  test  piece  or  a  structural  part)  has  been  sub¬ 
jected  to  ni  cycles  of  stress  (or  load)  amplitude  at  which  it  could 
last  %  cycles.  Then  the  Palmgren-Miner  hypothesis  is  that  the 
damage  incurred  is 


D. 

l 


=  n./N. 

i  i 


(1) 


The  quantity  ni/Ni  is  called  the  "cycle  ratio  at  stress  Si".  If 
the  repeated  load  is  continued  at  constant-stress  amplitude,,  until 
ni  = 

D.  =  1 

i 

and  failure  occurs.  Now,  it  is  supposed  that  when  the  stressing 
involves  many  levels  of  stress  amplitude,  the  total  damage  is 

°T  -  5  Dt  =2:  Vi  ■  (2> 

1  1 

and  that  failure  will  still  occur  when 


Dt  =  1  .  (3) 

In  this  case,  the  total  number  of  cycles  of  stress  (of  all  levels) 
is 


Nt  =  £  ni  .  W 

i 

This  theory  of  the  suramation-of-cycle  ratios  has  not  been 
justified  by  any  detailed  mechanism  of  the  fatigue  process.  It  is 
rather  a  heuristic  speculation  that  a  single,  simple  parameter 
(the  cycle  ratio)  characterizes  accumulating  fatigue  damage.  How¬ 
ever,  this  simplicity  is  a  major  virtue.  No  information  about 
material  beyond  the  S-N  curve  (with  proper  statistical  considera¬ 
tions)  is  needed  for  design  by  this  method.  Moreover,  in  many 
situations,  the  method  affords  conclusions  as  accurate  as  warranted 
in  view  of  uncertainties  in  the  S-N  curve,  in  load  spectra  antici¬ 
pated,  and  in  detailed  stress  analysis. 
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EXPERIMENTS  AND  EMPIRICAL  DEVELOPMENTS 


A  number  of  investigations  (Refs  2  through  17)  have  shown  re¬ 
sults  of  specific  tests  incompatible  with  the  summation-of-cycle 
ratios.  Figure  2  showns,  as  an  example,  results  of  some  two-level 
rotating-bending  tests  on  specimens  of  SAE  4130  steel.  Damage  may 
be  defined  as  the  fractional  decrease  of  life  at  the  second  test 
level  on  account  of  previous  running  at  the  first  level.  Hence, 
on  this  graph,  Equation  2  predicts  observed  points  should  fall  on 
the  indicated  straight  line.  Not  only  do  the  points  deviate  from 
this  line,  but  there  appears  to  be  an  effect  of  the  order  of  stress¬ 
ing.  If  the  high  stress  is  applied  first,  points  tend  to  fall 
above  the  line;  if  the  low  stress  is  first,  points  tend  to  be  below 
the  line.  Other  tests  at  two  or  more  levels  have  shown  similar 
disagreement  with  the  summation-of-cycle-ratio  hypothesis i  and  load- 
spectrum  tests  have  also  indicated  the  inadequacy  of  Equation  2  to 
predict  total  lifetimes. 

Richart  and  Newmark  (Refs  5  and  6)  outlined  empirical  formula¬ 
tions  based  upon  the  damage  rate  (in  terms  of  cycle  ratio)  being 
considered  stress  dependent.  Figure  3  shows  hypothetical  curves  of 
this  nature  and  Figure  4  indicates  "predictions*'  from  these  curves 
in  comparison  with  data  presented  previously  in  Figure  2.  The  pos¬ 
sibility  of  such  a  procedure  providing  better  fit  to  data,  includ¬ 
ing  effects  of  the  order  of  load  application,  is  clear.  A  major 
difficulty  with  this  procedure  is  the  need  for  a  very  large  amount 
of  experimental  data  for  each  structural  material  (and,  possibly, 
for  several  types  of  stressing  and  for  several  types  of, stress 
concentration) . 

Marco  and  Star-key  (Ref  7)  suggested  for  damage  at  stress  am¬ 
plitude,  S^, 

Di  =  (ni/Ni)ai  *  (5) 

Moreover,  they  noted  appearance  of  fatigue  fractures  and  suggested 
"a  correlation  between  stress  level  and  the  number  of  fatigue 
nuclei  which  result  in  independent  cracks"  as  a  possible  explana¬ 
tion  of  the  variation  of  ai  with  Sj,.  They  further  emphasized  that 
an  individual  specimen  used  in  sequential  loading  for  damage  studies 
has  its  own  S-N  curve,  which  may  differ  from  the  average  curve  from 
which  the  Nf  are  evaluated;  thus,  in  design,  a  theory  of  damage 
must  take  into  account  the  statistical  nature  of  fatigue  data. 

These  ideas  have  been  used  in  most  recent  fatigue-damage  theories. 
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SOME  RECENT  THEORIES  OF 
CUMULATIVE  DAMAGE  IN  MATERIALS 


Within  the  past  5  years,  several  "theories”  for  cumulative 
damage  in  structural  materials  have  been  suggested.  These  all 
include  damage  rate  (in  terms  of  cycle  ratio)  being  stress  depend¬ 
ent  and  generally  being  higher  at  higher  stress  levels.  Strength¬ 
ening  by  understressing,  often  ascribed  to  strain  hardening,  is 
considered  an  additional  effect  to  be  added,  if  pertinent. 

Since  the  approaches  and  usually  the  nomenclature  of  differ¬ 
ent  investigators  differ  widely,  the  following  brief  reviews  can 
only  indicate  a  few  features  of  each  suggested  theory;  references 
to  available  papers  will  permit  those  interested  to  obtain  more 
complete  information. 


Corten  and  Dolan  (Ref  11)  have  suggested,  for  damage  at  a 
fixed-stress  amplitude,, 


D.  =  m.r.n. 
♦  1  i  i  i 


where  *  number  of  damage  nuclei  at  the  stress  level  S^ 

r^  a  coefficient  of  damage  propagation  at  stress  level 


ni  =  number  of  cycles  at 


To  obtain  a  useful  expression  for  evaluation  of  damage,  some  addi¬ 
tional  assumptions  were  made:  that  damage  nuclei,  once  introduced 
at  any  stress  level,  remain  and  subsequently  propagate  at  any  other 
stress  level,  arid  that  the  rate  of  propagation  is  determined  solely 
by  the  stress  level.  These  assumptions  lead  to  an  expression  for 
the  total  number  of  cycles  in  a  test  at  varied  stress  amplitudes, 
namely 


N 


T 


(7) 


The  quantity  N.  is  the  number  of  cycles  a  specimen  would  run  con¬ 
tinuously  at  stress  level  S.  (the  highest  in  the  spectrum).  The 
quantity  pi  is 

pi  =  n±/NT  .  (8) 

Experiments  on  the  fatigue  of  wires  (of  2024-T4  and  of  7075-^6 
aluminum  alloys,  and  of  hard-drawn  steel)  implied  that,  for  any 


(9) 


one  of  these  materials, 

(r./r^0  =  (S±/S1)-d  . 


Then,  Equation  7  can  be  written: 


N, 


4  VV‘ 


(10) 


This  can  be  used  for  design  if  the  exppnent  d  is  determined  experi¬ 
mentally;  it  "may  be  obtained  most  simply  from  a  two-stress-level 
repeated-block- fatigue  experiment  of  the  component  or  full-sise 
structure". 


Henry  (Ref  9)  suggested  for  steels  having  fatigue  limits  the 
.  following  relation  for  damage  at  stress  amplitude  level  S-j.. 


Vi 


-  VBi 


1  + 


(11) 


where  9^  =  (S^  -  E)/E  (12) 

and  E  is  the  fatigue  limit.  Figure  5  shows,  for- the  same  data  as 
in  Figure  2,  a  comparison  of  observed  results  with  calculations 
from  Equations  11  and  12.  For  some  data  on  a  steel  at  elevated 
temperatures,  the  agreement  is  less  good  (Ref  17)  and,  in  its 
present  form,  this  theory  is  inapplicable  to  materials  not  having 
fatigue  limits.  A  virtue  of  Henry's  approach  is  that  no  informa¬ 
tion  beyond  the  3-N  curve  and  the  stress  spectrum  is  required. 


Freudenthal  (Refs  15  and  20)  suggests,  on  the  basis  of  ob¬ 
served  development  of  slip  striations  in  fatigue,  the  need  for 
greater  allowance  for  damage  at  high  stress  levels.  He  suggests 
a  formulation  which  can  be  expressed  in  the  following  notation. 


In  the  terms  of  Equation  8,  the  summation-of-cycle  ratios 
can  be  written 


(13) 


Freudenthal  would  obtain  a  reduced  total  number  of  cycles,  NR,  on 
account  of  the  greater  damaging  effect  of  some  of  the  high  stress 
amplitudes.  He  suggests 
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Here,Wi(>l)  reduces  the  cycle  ratio  remaining  at  any  stress  S. , 
on  account  of  the  relatively  greater  damage  by  cycle  ratios  at1 
all  stress  levels  where  S  >  S^.  Unfortunately,  this  approach  re¬ 
quires  either  much  extra  experimental  information  to  evaluate  the 
i*)±  or  additional  analysis  involving  approximations.  However, 
Freudenthal  shows,  by  additional  assumptions  and  analysis,  reason¬ 
able  fit  to  data  from  stress-spectrum  tests. 

In  a  paper  to  be  presented  (Ref  21),  the  present  author  has 
considered  a  somewhat  different  .approach.  Suppose  that  the  fatigue 
process  involves  two  steps  (for  example,  damage  to  a  stage  of  crack 
initiation  followed  by  crack  propagation  to  visible  failure). 

Let  N^  =  number  of  cycles  to  failure  at  stress  and 
a^  *  number  of  cycles  to  cracking  at  Si,  where  a^  1. 

Now,  assume  two  conditions: 


.  1  ,  and 

1  ai"i 

(15) 

f  ,  .  l  . 

(16) 

i  N.(l  -  aA> 

where  ^*(b.  +  n . )  =  N_  . 

1  1  1  T 

(17) 

At  least  for  some  instances  (Ref  21),  test  results  appear  com¬ 
patible  with  Equations  15  and  16,  providing  ai  varies  with  Si  in  a 
manner  suggested  by  recent  experiments  on  fatigue  crack  propagation. 
In  general,  if  S-N  curves  for  cracking  and  for  failure  are  parallel, 
or  if  loading  is  suitably  randomized,  Equations  15  and  16  reduce  to 
the  Palmgren-Miner  summation;  otherwise,  these  equations  imply 
departures  from  the  cycle-ratio  summation  and  effects  of  order  of 
loading.  At  present,  this  approach  should  be  considered  specula¬ 
tive.  It  has  the  disadvantage  of  requiring,  for  design  use,  more 
information  than  the  S-N  curve.  However,  information  about  crack- 
propagation  dependence  on  stress  may  be  of  particular  interest  in 
regard  to  structural  components. 
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Some  general  comments  may  be  made  concerning  the  various  sug¬ 
gested  theories  in  which  damage  rate  is  considered  stress  dependent. 
All  involve  calculations  significantly  more  complex  than  the  summa- 
tion-of-cycle  ratios.  Nearly  all  (that  by  Henry  being  an  exception) 
involve  appreciable  experimental  work  to  evaluate  the  stress  depend¬ 
ence.  Most  of  these  have  been  justified  by  some  plausible  mechanism 
sometimes,  however  (compare  Corten  and  Dolan’s  relations  with  Freu- 
denthal’s),  similar  analytical  expressions  can  result  on  the  basis 
of  rather  different  assumed  mechanisms.  Most  of  the  proposed  mech¬ 
anisms  (with  a  possible  exception  for  speculations  concerning  crack 
propagation)  are  difficult  to  visualize  in  terms  of  engineering 
data  readily  obtainable  on  structural  components. 

Most  of  these  theories  make  allowance  for  damage  rates  higher 
at  higher  stresses,  but  require  additional  development  to  include 
strengthening  by  understressing  or  by  a  few  cycles  of  overstress. 

In  every  instance,  a  proposed  theory  has  been  shown  to  fit 
some  data  more  closely  than  a  non-stress-dependent  theory.  None 
has  been  shown  to  fit  all  data  within  significant  error.  (In  some 
cases,  this  is  rather  hopeless---in  view  of  the  paucity  of  informa¬ 
tion  concerning  statistical  significance.) 


CUMULATIVE  DAMAGE  IN  STRUCTURES 


There  are,  understandably,  few  reported  results  of  fatigue- 
damage  tests  upon  reasonably  complex  structural  components  under 
conditions  such  that  data  have  statistical  significance.  Figure  6 
shows  the  percentage  of  loss  of  life  of  some  components  after  vari¬ 
ous  periods  of  service.-  These  results  indicate  the  existence  of 
damage  that  is  probably  nonlinear  in  hours  of  service;  they  also 
show  rather  wide  scatter.  It  is  somewhat  unreasonable  to  attempt 
conclusions  from  such  evidence  as  to  the  relative  merits  of  material 
damage  theories.  However,  as  indicated  by  Christensen  (Ref  22), 
there  is  a  good  deal  of  total  evidence  of  the  existence  of  cumula¬ 
tive  damage  in  structural  parts. 

There  are  relatively  more  data  on  less  complex  elements,  such 
as  joints  (see,  for  some  examples,  Refs  23,  24,  and  2-5).  Ranges 
of JEn/N,  reported  by  Plantema,  for  specimens  of  2024-T  Alclad  are 
6hown  in  the  following  tabulation.  Other  instances  might  be  quoted, 
but  general  results  are:  structural  joints  show  similar  ranges  of 
SXn/N)  to  material  coupons,  including  wide  scatter  and  some  trends 
for  order  of  loading  in  tests  at  a  few  levels.  In  some  instances, 
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there  appears  to  be  a  trend  that,  "for- random  load  spectra",  the 
summatioh-of-cycie  ratios  gives  a  value  fairly  close  to  unity. 


Specimen  Type 


Total  Number  (-SEn/N)  Mean 


Unnotched 
Riveted  joint 


98  0.75  :-o  2.36 

90  0.86  to  1.31  (5.8?) 


(a)  High  value,  unexplained,  from  one  group 
of  nine  specimens. 


At  this  time,  there  seem  to  be  two  somewhat  divergent  opin¬ 
ions: 

(1)  After  a  great  deal  of  study,  it  appears  that  for 
well-mixed'  loading  the  summation-o.f-cycle  ratios 
fits  observed  data  fairly  well  (say,  within  a 
factor  of  2  for  prediction  of  lifetimes).  There 
may  be  other  uncertainties  (in  load  spectra,  in 
stress-concentration  factors,  and  in  fatigue 
scatter)  amounting  tomore  than  this  (say,  a  factor 
of  10).  Therefore,  the  later  material  damage 
theories,  which  are  more  complicated  in  applica¬ 
tion  and  usually  require  much  additional  experi¬ 
mental  data,  are  scarcely  justified  in  design. 

(2)  The  more  complex  damage  theories  sjrw  trends  which 
should  be  taken  into  account  in  design.  In  par¬ 
ticular  cases  (especially  some  types  of  loading), 
these  trends  may  have  significance  and,  in  some, 
instances,  may  help  avert  unconservative  design. 

As  suggested  in  this  brief  review,  quantitative  information  to 
judge  between  these  opinions  is  not  only  lacking  but  very  diffi¬ 
cult  to  obtain. 

A  somewhat  different  approach  deserves  consideration.  The 
more  recent  theories,  despite  their  complexities,  appear  to  fit 
data  on  small  coupons  better  than  the  summation-of-cycle  ratios. 

If  the  small  coupon  behavior  were  better  understood  in  respect  to 
behavior  of  complex  structures,  these  improved  damage  theories 
could  sometimes  be  used  to  consider  whether  a  particular  load 
spectrum  (for  example,  with  a  very  few  high  loads  early  in  service 
life)  would  be  such  that  the  cycle-ratio  sum  would  be  exception- 
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•ally  far  from  unity.  The  important  missing  item  here  is  certainty 
of  knowledge  about  the  behavior  of  local  stresses  in  a  complex  and 
possibly  redundant  structure.  As  an  example,  Smith  (Ref  26)  quotes 
values  of  lifetime  for  a  riveted  joint  which,  at  the  same  amplitude 
of  gross  stress,  varied  about  as  follows: 

No  prestress  40,000  cycles 

l8,000-psi  prestress  30,000  " 

42,000-psi  prestress  400,000  " 

Note  that  this  implies  a  slight  weakening  by  one  cycle  of  a  moder¬ 
ate  prestress,  but  very  significant  strengthening  by  one  cycle  of 
a  high  prestress.  There  have  been,  in  numerous  specific  instances, 
obs£ v-.'- tions  of  strengthening  a  part  by  preloading.  The  possibil¬ 
ity  thr.t  a  few  high  cycles  may  strengthen  a  structure,  in  contrast 
to  high-stress-damage  effects  in  material  coupons,  raises  questions 
as  to  the  applicability  of  some  of  the  recent  theories  of  material 
damage  behavior  in  situations  where  load  spectra  are  known  but 
detailed  stresses  are  not  well  known.  Until  such  strengthening  and 
damaging  factors  are  isolated,  the  often  smaller  effects  resulting 
from  more  refined  theories  of  material  damage  may  be  insignificant 
in  design  application  to  complex  structures. 


CONCLUDING  REMARKS 


The  problem  of  cumulative  fatigue  damage  was  recognized  many 
years  ago.  The  use  of  the  summation-of-cycle  ratios  then  suggested 
still  provides,  in  many  instances,  predictions  of  lifetime  within 
scatter  in  fatigue  data  and  other  uncertainties  in  structural  de¬ 
sign  problems. 

Within  the  past  few  years,  however,  other  theories  have  been 
advanced.  These  usually  alow  for  higher  damage,  for  a  specified 
cycle  ratio,  at  higher  stress  amplitudes.  With  some  adjustment  of 
empirical  parameters,  these  theories  provide  somewhat  better  agree¬ 
ment  with  data  on  small  coupons  tested  in  the  laboratory.  They 
are  also  more  compatible  with  accumulating  knowledge  of  the  forma¬ 
tion  and  propagation  of  fatigue  cracks. 

At  present,  the  more  refined  theories  are  difficult  to  use  in 
engineering  design.  More  important,  there  is  evidence  of  factors 
in  structural  components  which  can  contribute  load-level  effects  in 
damage  greater  than  the  stress-level  effects  evident  in  material 
coupons.  Enumeration  and  analysis  of  these  factors  seems  necessary 
for  a  major  advance  in  a  cumulative  damage  theory  for  airframe 
structural  evaluation. 
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FATIGUE  SCATTER  AND;  A  STATISTICAL  APPROACH 
TO  FATIGUE  LIFE  PREDICTION 

By 

J.  P.  Butler 

Boeing  Airplane  Company 
Transport  Division 
Renton,  Washington 

Without  question  the  fatigue  performance  of  materials  and  these  same 
materials  in  structure  have  some  confounding  aspects.  Neither  testing  nor 
analysis  demonstrates  the  consistency  in  results  found  in  the  usual  ultimate 
strength  determination  problem.  However,  it  is  believed  that  there  are 
reasonable  engineering  solutions  to  fatigue  questions.  The  primary  hurdle  is 
the  fact  that  fatigue  performance  is  far  more  complex  than  the  Btatic  strength 
problem.  While  maximum  loading,  its  direction  and  structural  member  con¬ 
figuration  are  sufficient  for  static  strength  estimates,  fatigue  performance 
not  only  includes  these  effects  but  also  reflects  the  influence  of  the 
multitude  of  far  lesser  loads  of  ox'dinary  usage.  Local  change  in  load- 
magnitude  rather  than  average  or  maximum  magnitude  itself  is  more  important 
to  fatigue  response.  Furthermore,  sequence  and  frequency  of  all  the  loads 
may  have  a  significant  influence  on  the  particular  structure. 

Figure  1  outlines  the  main  areas  contributing  to  the  complexity  of  the 
fatigue  problem.  Physical  environment ,  such  as  corrosion,  temperature,  etc. 
is  an  added  complication  to  determining  fatigue  performance.  Even  detail 
design  can  mask  intended  improvements  or  controls  of  some  of  the  variables. 
Material  variables,  such  as  their  type,  chemistry  or  manufacture  and  their 
thermal  or  mechanical  treatment  during  fabrication,  and  other  details  are 
significant  factors  in  the  fatigue  performance  of  structure. 

Fatigue  performance  or  fatigue-worthiness  is  not  an  everpresent  quality 
like  structural  strength  butis  something  that  is  expendable.  On  the  other 
hand  fatigue  damage  initial  appearance  in  structure  is  not  necessarily 
catastrophic.  In  the  usual  aircraft  composite,  semi-monocoque  structures, 
the  initial  fatigue  damage  is  local  in  nature.  Repair  and  rework  procedures 
can  extend  the  service  potential  of  structure  (Reference  1). 

Present  day  design  solutions  for  fatigue  critical  structures  are  advancing 
along  two  possible  paths  of  solution.  These  provide  either  a  basic  safe 
fatigue  performance  period  or  a  structural  capability  to  contain  safely  the 
growth  of  fatigue  damage  under  normal  loads  until  detected  and  repairs  are 
made.  Now,  both  crack  propagation  and  the  strength  of  materials  in  the 
presence  of  a  crack  in  addition  to  fatigue  crack  initiation  receive  attention 
from  the  fatigue  conscious  structures  engineer.  Whether  fatigue  performance 
or  this  fail-safe  philosophy  are  really  independent  solutions  is  not  obvious. 
Maintenance  economies  encourage  the  judicious  combination  of  these 
philosophies.  However,  the  degree  and  manner  of  exploitation  is  influenced 
by  the  particular  design  objectives  of  the  aircraft.  With  the  increasing 
emphasis  on  fatigue  problems,  it  is  possible  to  overlook  that  the  successful 
fatigue  performance  of  many  of  today's  aircraft  is  developed  capability. 
Continued  usage  under  reasonable  structural  surveillance  procedures  locates 
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the  initiating  fatigue  damage  while  it  still  is  in  an  incident  rather  than 
an  accident  stage.  With  this  positive  knowledge,  improvements  in  the  fatigue 
performance  of  the  structure  may  be  made.  With  given  material  controls, 
causes  of  fatigue  damage  may  be  divided  into  about  three  main  areas;  (a)  the 
.  environment  is  different  than  that  anticipated;  (b)  the  discovered  critical 
local-  stress  concentrations  were  neither  obvious  or  susceptible  to  analysis 
or  (c)  the  fatigue  performance  of  actual  detail  is  different  than  that 
estimated.  Although  solution  of  the  first  two  problem  areas  is  aided  by 
experience,  proving  tests  minimize  the  extent  of  unknown  failures.  The  last 
area  is  resolved  by  either  reference  or  the  performance  of  laboratory 
controlled  proving  tests.  However,  consistent  fatigue  performance  under 
either  laboratory  or  actual  service  conditions  is  not  always  found.  Hence, 
the  following  remarks  are  directed  towards  the  resolution  of  the  variability 
found  in  the  actual  fatigue  performance  of  materials  and  their  structural 
applications. 


FATIGUE  DESIGN  DATA 

The  structural  designer,  if  not  already  aware  of  the  problem,  becomes 
acquainted  with  the  problem  of  scatter  in  his  reference  to  his  ,,biblen,  the 
ANC-5  (Reference  2).  Here  the  ultimate  strength  of  materials  are  given  in 
terms  of  either  guaranteed  minimum  properties  or  a  probable  performance  level. 
The  latter  properties  are  equalled  or  exceeded  in  90  percent  of  the  time. 
Furthermore,  there  is  generally  a  relatively  small  difference  in  performance 
between  the  minimum  or  guaranteed  and  these  probable  mechanical  properties. 
Only  a  few  percent  difference  is  found.  On  the  other  hand,  fatigue  per¬ 
formance  shows  considerable  more  uncertainty.  First,  there  is  no  guaranteed 
fatigue  performance  of  the  basic  material  and  secondly,  there  is  a  wide 
variation  in  the  available  data.  Both  notched  and  unnotched  specimens  show 
this  large  variation  which  may  vary  from  one  to  several  orders  of  10  between 
maximum  and  minimum  fatigue  performance. 

In  figure  2,  there  is  transcribed  some  ANC-5  data  for  2024-T4,  7075-T6  and 
2014-T6  notched  specimen  materials.  In  the  endurance  or  long  life  range  it 
is  difficult  to  even  assess  the  variation.  The  relative  life  of  the  high 
performance  material  is  no  longer  numerically  comparable  with  the  low 
performance  material  in  terms  of  life  ratios.  Relative  stress  levels  have 
more  significance.  Another  distressing  fact  is  that  there  is  apparently  no 
really  obvious  difference  in  fatigue  performance  in  these  three  alloys.  This 
is  somewhat  confusing  since  inspection  of  some  specific  laboratory  test  data 
indicates  that  there  iB  an  apparent  difference  in  their  fatigue  performance 
in  terms  of  crack  initiation,  crack  propagation  and  residual  strength  or  tear 
resistance* 


RANGE  OF  MAXIMUM  TO  MINIMUM  LIFE 

To  explore  this  variation  in  fatigue  performance,  data  on  the  scatter 
found  between  maximum  and  minimum  life  of  laboratory  test  specimens  varying 
in  alloys  and  design  is  studied.  In  Figure  3*  357  groups  of  data  tested  at 
constant  repeated  load  conditions  have  been  summarized.  These  groups  of  data 
represent  2  to  5  specimens  in  each  group  and  reflect  both  joint  and  basic 
material  notched  and  unnotched  specimens.  Both  aluminum  and  steel  alloys  are 
included  in  this  group.  While  there  i6  considerable  scatter  shown,  it  is 
evident  that  there  is  a  centralizing  effect.  The  median  or  50  percent  of  the 
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data  has  a  ratio  of  1.6  while  95  percent  of  the  data  has  a  scatter  factor  of 
4.2  or  less. 

Extending  this  same  sort  of  comparison  to  60  test  groups  containing  6  to 
15  specimens,  similar  evidence  is  found  in  Figure  4  to  show  a  median  ratio  of 
1.9  while  95  percent  of  this  data  has  a  ratio  of  5.0  or  less. 

Likewise,  groups  of  data  varying  from  16  or  more  test  specimens  were 
examined.  Figure  "5.  based  on  groups  of  data,  shows  a  median  ratio  less 
than  2.6  and  95  percent  of  the  data  has  a  ratio  of  maximum  to  .minimum  test 
life  of  9*5  or  less.  These  latter  tests  reflect  mostly  base  material  tests 
rather'  than  joints.  Gathering  all  of  this  multiple  test  specimen  data  into 
one  collection  of  460  test  groups  the  centralizing  tendency  of  this  maximum 
to  minimum  life  ratio  is  again  evident.  From  Figure  6,  the  median  scatter 
factor  is  1.?  and  95  percent  of  the  data  has  less  than  a  4;5  to  one  scatter. 

From  this  inspection  of  diverse  types  of  test  specimens  two  principle 
observations  are  made.  First,  maximum  scatter  in  materials  can  be  great  with 
one  group  showing  over  a  270:1  variation  between  maximum  and  minimum. 
Secondly,  in  spite  of  this  wide  variation  there  is  a  tendency  towards  an 
average  or  50  percent  probable  value  of  scatter  ratio.  A  third  observation 
is  that  the  greater  the  test  group  the  greater  the  range  between  maximum  and 
minimum  test  becomes.  Hence,  it  appears  that  there  is  a  reasonable 
expectation  of  assigning  some  degree  of  reliability  in  fatigue  performance 
even  though  absolute  extremes  of  performance  levels  may  not  be  readily 
resolved.  Nevertheless,  this  collected  data  has  some  usefulness  as  a  means 
of  evaluating  the  fatigue  performance  likely  to  be  obtained  from  single 
specimen  testing. 


RANGE  OF  AVERAGE  TO  MINIMUM  LIFE 

With  multiple  specimen  test  data,  another  natural  measure  of  fatigue 
performance  is  the  average  life  of  the  test  lot.  For  purposes  of  this 
comparison,  the  logarithmic  average  cycle  life1  (i.e.,  the  cycle  life  for  the 
average  for  the  logarithms  of  the  test  lives)  has  been  selected.  In  a  way, 
this  reflects  the  usual  semi-log  graphical  presentation  of  S-N  data.  Figure 
7  shows  a  comparison  of  fatigue  scatter  in  terms  of  the  ratio  of  i;he 
logarithmic  average  test  life  to  the  minimum  test  life  for  test  groups  of  2 
to  5  specimens.  The  median  or  50  percent  performance  point  shows  only  a 
ratio  of  1.25  while  95  percent  of  the  data  has  a  ratio  of  2.1. 

A  somewhat  similar  magnitude  of  scatter  is  shown  by  the  test  data  with  6 
to  15  specimens  per  test  group  as  shown  in  Figure  8.  The  median  point  has  a 
1.4  scatter  ratio  while  95  percent  of  the  data  is  calculated  to  have  a 
variation  of  mean  to  minimum  of  2.4  to  1  or  less.  Figure  9  shows  that  the 
43  groups  of  16  or  more  test  specimens  have  median  and  95  percent  equal-o.r- 
less  ratios  of  1.7  and  2.7  respectively.  Furthermore,  with  collecting  of  all 
460  groupr  -«f  the  data  together,  the  ratio  of  test  logarithmic  average  life 
to  minimum  life  has  a  median  value  of  1.3  and  a  .-3  percent  equal  or  less 
value  of  2.2,  as  shown  in  Figure  10.  A  summary  of  all  these  scatter  ratios 
is  shown  in  Table  1.  Here  it  can  be  noted  again  that  there  are  obvious 
central  tendencies  for  measured  fatigue  performance.  Furthermore  it  is 
likely  that  there  is  some  probability  of  obtaining  a  certain  level  of  fatigue 
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performance.  However,  the  specifiying  of  an  absolute  or  guaranteed  minimum 
performance  is  not  a  clear-cut  possibility  with  the  inspection  of  this 
particular  group  of  tests. 

ESTIMATT  N  OF  POTENTIAL  FATIGUE  PERFORMANCE 

In  order  to  use  fatigue  test  data  to  analyze  potential  fatigue 
performance  of  a  particular  structural  detail,  some  rational  method  of 
analysis  is  obviously  necessary.  The  method  must  be  able  to  compare  the 
severity  of  the  applied  variable  load  history  with  the  allowable  or  potential 
fatigue  performance  of  the  structural  detail.  Considerable  research  effort 
has  been  pointed  towards  developing  such  a  method  of  analysis,  but  with 
uncertain  success.  Of  all  the  methods  of  fatigue  analysis  developed  (for 
example,  see  Reference  8),  the  linear  cumulative  damage  or  cycle  ratio  method 
is  believed  to  have  some  advantages  as  an  engineering  tool.  Figure  11 
illustrates  the  general  principles  of  this  theory.  It  can  account  for  the 
variable  magnitude  of  the  mean  and  the  alternating  stress  experience  of 
aircraft  structures.  Furthermore,  the  method  is  simple  in  nature.  However, 
it  doesn't  account  for  loading  sequence  and  its  accuracy  is  subject  to 
question.  Considerable  laboratory  testing  has  been  done  to  check  its 
accuracy  with  negative  results  in  many  cases.  But  in  spite  of  this  apparent¬ 
ly  discouraging  evidence,  it  does  merit  some  consideration.  Figure  12 
summarizes  222  axial  load  ordered  spectrum  or  programmed  loadings.  Two  or 
more  stress  levels  have  been  used  in  each  of  these  tests.  It  is  found  that 
the  median  measure  of  performance  has  a  cycle-ratio  summation  of  1.10  while 
the  arithmetic  average  or  mean  life-ratio  summation  is  1.28.  Furthermore, 

97  percent  of  these  data  fall  above  a  level  made  safe  by  factor  of  safety  of 

2. 

Supplementing  these  data  are  the  results  of  testing  described  in 
Reference  3  and  shown  in  Figure  13.  These  tests  include  26  groups  of  pro¬ 
grammed  loads  tests  of  2024  and  7075  riveted  lap  joints.  Each  group 
represents  seven  test  specimens  tested  to  the  same  spectrum.  It  is  observed 
that  the  median  life-ratio  summation  is  about  1.1  and  the  average  is  over  2. 
There  is  also  an  indication  that  the  method  has  some  degree  of  reliability 
for  life  estimation  even  yith  tjie  variety  of  loading  spectrums  in  this 
research  program. 

Another  set  of  programraed-load  fatigue  tests,  not  included  in  Figure  12, 
are  shown  in  Figure  14.  While  these  380  rotating-beam  tests  do  not  indicate 
a  consistent  degree  of  accuracy  for  each  specific  load  program,  collectively 
the  tests  do  show  some  central  tendencies.  Hence  it  appears  likely  that  the 
method  has  some  potential  to  predict  fatigue  performance  with  a  degree  of 
reliability. 


The  need  for  some  assurance  of  a  given  fatigue  performance  has  been 
reflected  in  the  development  of  extensive  detail  civil  airworthiness  require¬ 
ments.  Reference  ^  outlines  the  British-Civil-Air-Regulations  factors  of 
safety  proposed  for  structure  with  a  minimum  estimated  safe-life  performance. 
Here  the  solution  has  been  to  calculate  average  fatigue  life  by  the  linear 


cumulative  damage  theory  and  apply  a  factor  of  safety  to  obtain  the  safe-life. 
These  scatter  factors  were  evaluated  upon  the  basis  of  inspection  of  actual 
fatigue  test  data.  These  same  scatter  factors  have  been  considered  fo;  the 
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U„S.  Civil  Air  Regulations  but  so  far  no  specific  factors  have  been  included 
in  CAR  4b. 

Reference  6  presents  some  statistically  derived  factors  for  wing 
structure  and  were  presented  at  a  1956  International  Civil  Aviation 
Organization  meeting.  A  probability  of  failure  of  0.001  and  a  standard 
deviation  based  on  available  experimental  data  were  Used.  Table  2 
summarizes  these  factors  of  safety;  i.e.,  the  scatter  factors  by  which 
calculated  average  life  must  be  reduced  to  obtain  a  safe  life. 

By  the  above  collective  inspection  of  actual  fatigue  test  data,  it  has 
been  shown  that  there  are  overall  central  tendencies  in  the  actual  and 
estimated  fatigue  performance  of  both  single  and  multiple  load  level  tests. 

The  simple  linear  cumulative  damage  theory  appears  to  have  a  general  capa¬ 
bility  of  prediction..  Hence,  an  empirical  resolution  of  the  fatigue  scatter 
problem  and  determination  of  estimated  performance  with  a  certain  degree  of 
reliability  is  practical  with  presently  available  engineering  tools.  * 

DEFINITION  OF  THE  S-N  CURVE 

The  first  step  towards  resolution  of  this  problem  is  the  definitou  of  the 
allowable  fatigue  performance  in  the  form  of  the  S-N  curve.  Figure  15,  based 
on  data  from  Reference  7  reflects  the  scope  of  this  task.  Of  course,  an 
engineering  approach  requires  a  modicum  of  data,  but  scatter  can  provide 
hazards.  Three  characteristics  of  the  measure  of  fatigue  performance  must  be 
determined.  These  characteristics  are  the  shape,  life  orientation  and  stress 
orientation.  The  analytical  results  of  fatigue  performance  with  the  linear 
cumulative  damage  rule  are  quite  dependent  upon  the  integrated  effect  of 
these  three  factors. 

Figure  16  is  a  plot  of  the  same  data  and  shows  the  logarithmic  average  of 
the  test  groups  at  each  stress  level.  The  range  of  the  test  data  is  also 
plotted.  The  parenthetical  numbers  indicate  the  total  number  of  specimens  at 
each  test  stress.  It  is  pointed  out  that  this  data  reflects  basic  material 
performance  tested  at  a  constant  ratio  of  minimum  to  maximum  stress  (R  =0) 
rather  than  at  a  constant  mean  stress  which  is  thought  amenable  for  the  usual 
wing  fatigue  calculations.  It  is  obvious  that  the  use  of  multiple  test 
specimens  at  each  stress  level  does  provide  a  step  in  the  definition  of  the 
S-N  curve.  In  Figure  17 i  this  test  data  is  reflected  in  statistical  form,  A 
definite  central  tendency  is  observed  in  the  data.  While  the  assessment  of 
fatigue  scatter  may  seem  a  formidable  task  in  the  light  of  this  typical 
scatter  data,  an  examination  of  the  static  strength  development  of  structures 
should  be  considered.  Current  practise  for  the  development  of  static  strength 
in  military  aircraft  has  utilized  the  full-scale  static  test  to  verify  the 
analytical  evaluation.  This  testing  has  led  to  the  assurance  of  static 
strength  equivalent  to  the  design  requirements.  However,  the  developmental 
work  associated  with  this  goal  is  not  always  appreciated.  For  instance, 

Figure  18  illustrates  the  occurrence  of  first  indications  of  failure  in  terms 
of  the  design  loads.  In  one  group  of  static  tests  it  is  observed  that  an 
initial  failure  occurred  as  low  as  40  percent  of  the  design  load  before  the 
finally  developed  static  strength  goals  were  met.  Hence  it  is  suggested  that 
there  is  some  similarity  in  the  static  and  fatigue  strength  evaluation;  that 
is,  both  in  the  unproven  state  do  have  some  variability. 
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ANALYSIS  OF  FATIGUE  SCATTER 


Obviously,  the  extent  or  magnitude  of  fatigue  scatter  is  not  resolved 
by  a  single  test  or  two.  However,  since  the  state  of  knowledge  on  the  nature 
of  fatigue  performance  does  not  allow  a  fundamental  approach  to  the  problem, 
an  empirical  approach  is  the  alternate  solution.  Several  investigators  have 
performed  tests  on  a  multiplicity  of  test  specimens  that  permit  statistical 
measures  to  be  applied  to  add  meaning  to  the  available  data.  However,  it 
must  be  remembered  that  statistical  interpretation  of  such  test  data  offers 
no  miraculous  insight  to  the  nature  of  fatigue  performance,  but  instead  only 
reflects  the  actual  input  test  data.  Various  mathematical  models  have  been 
proposed  for  this  purpose  but  such  developments  naturally  add  to  the 
complication  of  analysis  over  the  simple  methods.  Figure  19,  based  on  the 
test  results  of  102  specimens,  illustrates  the  fit  of  the  simple  log-normal 
or  log-Gaussian  frequency  distribution  curve  fitted  to  a  histogram  analysis 
of  the  data.  While  not  a  precise  fit,  there  is  sufficient  apparent  correla¬ 
tion  to  use  this  method  as  a  tool  for  analysis.  The  use  of  a  distribution 
curve  is  reflected  in  Figure  20.  With  an  analytical  form  of  representing 
the  distribution  of  fatigue  failures  it  is  possible  to  extrapolate  meager 
frequency  of  occurrence  data  to  reflect  gains  in  knowledge  without  extensive 
testing  and  to  establish  likely  lower  limits  of  performance  with  some  degree 
of  reliability.  For  instance,  with  a  normal  distribution,  a  very  few 
specimens  will  provide  an  estimate  of  the  mean  and  the  standard  deviation. 

With  this  knowledge  some  estimate  of  the  likely  lower  limit  for  a  given  level 
of  confidence  can  be  made. 

SELECTION  OF  A  DISTRIBUTION  FUNCTION 

As  noted  in  the  preceding  remarks ,' resolution  of  the  distribution  of  the 
frequency  of  fatigue  damage  initiation  or  fatigue  failures  has  not  yet  been 
successfully  accomplished.  However,  some  relatively  satisfactory  approxi¬ 
mations  have  been  made.  The  use  of  the  normal  or  Gaussian  distribution  is 
the  easy  solution.  distribution  function  has  had  considerable  exploita¬ 

tion  in  various  fields  other  than  aircraft  structures  and  has  its  characteris¬ 
tics  well  tabulated  in  the  literature.  Unfortunately  it  does  have  a  behavior 
that  is  not  aesthetically  pleasing  when  applied  to  the  fatigue  problem.  As 
ne+ed  in  Figure  21(a),  the  minimum  and  maximum  values  are  defined  by  "tails" 
that  are  asymptoptic  to  zero  frequency  of  occurrence  and  hence  can  indicate 
potentially  negative  performance  as  a  minimum  at  a  high  degree  ofr  reliability. 

A  cure  for  this  feature,  as  illustrated  in  Figure  21(b),  is  to  translate 
the  variable  into  logarithms  and  obtain  the  log-normal  distribution  function. 
This  transformation  of  the  normal  curve  provides  the  normal  curve  symmetry 
with  the  logarithmic  scale  but  a  skewed  distribution  with  a  linear  variable 
scale.  In  either  form  this  relationship  at  least  provides  zero  performance 
which  is  a  bit  more  compatible  with  the  observed  nature  of  fatigue  performance. 
However,  it  is  still  obviously  conservative. 

Similar  performance  as  that  offered  by  the  log-normal  distribution 
function  can  be  gained  by  more  complex  formulation  (Reference  9)  indicated  in 
Figure  21(c).  While  probably  providing  better  theoretical  fits  to  the  data, 
two  difficulties  are  a-sociated  with  their  usage.  One  difficulty  lies  in  the 
extent  of  the  data  needed  to  define  such  a  relationship.  Another  difficulty 
is  the  associated  increased  extent  of  calculations  required. 


A  fourth  type  of  distribution,  as  summarized  in  Figure  21(d),  is  that 
usually  titled  the  extreme  value  distribution  (Reference  10).  This 
distribution  is  particularly  attractive  for  use  in  the  fatigue  field  because 
it  does  prove  finite  lower  and  upper  limits  which  just  naturally  seem  -to  be 
more  applicable  to  the  fatigue  problem. 

Another  possible  solution  to  the  reliability  problem  in  fatigue  is  that 
possible  with  the  distribution-free  or  non-parametric  forms  of  statistical 
analysis.  This  type  of  analysis  eliminates  the  need  for  assumption  of  or 
demonstration  of  the  fit  of  theoretical  distribution  function  to  the’  fatigue 
process.  Unfortunately  its  accuracy  in  the  case  of  fatigue  is  dependent 
upon  the  extent  of  the  data.  Under  normal  circumstances,  it  is  doubtful 
that  the  necessary  quantities  can  be  feasibly  obtained  to  arrive  at  high 
degrees  of  reliability.  For  the  purposes  of  this  discussion  it  is  doubtful 
whether  much  real  gains  can  be  obtained  over  the  simple  log-normal  distribu¬ 
tion  curve  without  considerably  more  developmental  work. 

APPLICATION  OF  THE  LOG-NORMAL  DISTRIBUTION  CURVE 

The  log-normal  frequency  distribution  curve  is  illustrated  in  Figure  22. 
Only  knowledge  of  the  mean  and  the  standard  deviation  are  necessary  to  define 
its  properties.  With  a  known  true  or  population  mean  and  a  standard  devia¬ 
tion,  a  specified  degree  of  reliability  can  be  estimated.  In  the  case  of 
fatigue,-  the  interest  is  in  the  lower  limit  or  the  value  which  may  be 
equalled  or  exceeded  withsa  given  level  of  reliability  or  confidence.  For 
other  practical  applications  of  the  normal  distribution  function,  it  has  been 
observed* that  limits  equal  to  about  two  or  three  standard  deviations  are 
generally  used.  However,  it  must  be  remembered  that  the  accuracy  of  the  log¬ 
normal  curve  in  representing  fatigue  performance  is  conservative  so  it  is 
likely  that  satisfactory  results  can  be  obtained  with  nominal  degrees  of 
confidence.  In  the  case  of  fail-safe  structures  it  is  suggested  that  a 
lesser  degree  of  confidence  on  the  fatigue  performance  can  be  tolerated  with¬ 
out  sacrifice  of  realism  in  the  analysis.  Inspection  controls  can  provide  a 
safe-guard  for  any  level  of  fatigue  performance  (Reference  11). 

With  limited  test  data,  the  normal  (i.e.,  log-normal)  distribution  curve 
can  be  used  to  estimate  probable  lower  limits  of  performance.  Having  no 
knowledge  of  the  true  or  population  mean  and  standard  deviation  it  is  possible 
to  use  data  from  small-size  samples  to  compute  a  sample  mean  and  a  standard 
deviation.  Then  applying  statistical  theory  which  has  been  developed  in  the 
form  of  the  well-known  (Students')  t-distribution,  knowledge  of  the  true  or 
population  mean  is  gained  from  limited  sample  sizes.  As  illustrated  in 
Figure  23,  a  tolerance  on  the  sample  mean,  computed  by  the  t-distribution, 
defines  a  band  or,  in  the  case  of  this  proposed  fatigue  application,  a  lower 
limit  which  the  true  or  population  mean  will  exceed  with  a  given  level  of 
confidence.  A  ratio,  Ks/Sli  provides  a  partial  factor  of  safety  to  reduce  the' 
average  or  median  fatigue  performance  of  the  sample  to  an  average  that  will 
be  equalled  or  exceeded  with  a  given  level  of  confidence.  Then  locating  the 
distribution  of  this  lower  limit,  a  further  tolerance,  based  on  the  form  of 
the  distribution  (i.e.,  log-normal)  can  be  calculated  to  provide  an  additional 
part  of  the  total  factor  of  safety  for  an  arbitrary  level  of  confidence.  Thus 
precise  statistical  theory  is  used  to  define  the  average  or  median  performance 
with  a  desired  reliability  or  level  of  confidence.  Then  advantage  is  taken  of 
the  assumed  distribution  shape  to  calculate  a  further  factor  of  safety 
associated  with  the  desired  reliability. 
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Upon  superficial  inspection  this  procedure  seems  reasonable  enough. 
However,  inspection  of  small  sample  sizes  of  fatigue  test  data  will  show 
quite  a  range  of  variability  in  their  scatter.  In  some  cases  it  is  practical* 
ly  nil  while  in  other  cases  it  may  be  appreciable.  Hence,  application  of 
this  method  can  provide  inconsistencies  since  chance  may  supply  a  different 
parameter  to  define  the  factor  of  safety  for  similar  joints  experiencing  the 
same  phenomenon.  This  is  not  a  satisfactory  situation  even  for  an  approxima¬ 
tion  scheme.  An  obvious  solution  for  this  difficulty  is  then  to  use  the 
averages  or  mean  of  the  data  and  an  assumed  standard  deviation.  However, 
regardless  of  the  workability  of  this  solution,  there  are  some  statistical 
objections  since  this  approach  infers  knowledge  of  the  true  or  population 
standard  deviation  and  casts  some  technical  doubts  on  the  propriety  of  using 
the  t-distribution. 

With  a  known  standard  deviation  for  a  normal  or  Gaussian  distributed 
population  the  procedure  would  be  the  same  as  described  above  except  for  the 
use  of  normal  instead  of  t-distribution  data.  As  a  result,  the  indeterminate 
characteristics  of  the  t-distribution  for  one  specimen  are  avoided.  Further¬ 
more,  use  of  the  normal  distribution  characteristics  tends  to  show  a  little 
more  effectiveness  in  the  definition  of  the  range  or  tolerance  relative  to  the 
mean  value.  Figure  24  illustrates  the  application  of  a  known  standard 
deviation.  In  establishing  the  upper  and  lower  limits  on  the  sample  mean  k 
is  the  factor  from  the  normal  distribution  curve  tabulated  properties  for  the 
relative  number  of  standard  deviations  associated  with  a  particular  level  of 
confidence  (i.e.,  k  =  1.28  when  90  percent  of  the  data  will  equal  or  exceed  a 
given  level  of  confidence  as  shown  by  Figure  22). 

Table  3  tabulates  the  median  and  several  other  levels  of  confidence  for 
which  the  minimum  life  has  been  estimated  by  various  procedures.  Because 
this  particular  lot  of  data  is  rather  well-behaved  as  far  as  scatter  is 
concerned,  there  is  no  real  difference  in  actual  lives  for  any  of  the  assumed 
distribution  function  procedures. 

SCATTER  OR  VARIABILITY  FACTORS 
FOR  LOG  NORMAL  FREQUENCY  DISTRIBUTION  CURVE 

Using  the  assumption  of  log-normality  for  the  character  of  the  fatigue 
damage  initiation  frequency  distribution  curve  with  a  known  mean  life,  the 
magnitude  of  the  variability  or  scatter  factor  can  be  computed  for  any  degree 
of  reliability.  In  Figure  25i  this  factor  is  computed  for  the  log-normal 
distribution  over  a  range  of  reliability  or  probability  from  the  median  or  50 
percent  point  to  one  part  in  100,000  parts  for  three  values  of  the  standard 
deviation.  With  a  fatigue  performance  that  will  be  equalled  or  exceeded  with 
a  probability  of  .95>  a  fatigue  variability  or  scatter  factor  of  about  2.1  is 
found  when  the  true  or  population  standard  deviation  is  0.20.  If  99»99  per¬ 
cent  of  the  parts  are  desired  to  equal  or  exceed  a  given  performance,  it  is 
seen  that  an  0.02  standard  deviation  requires  a  life  reduction  by  a  factor  of 
5.5  for  the  life  calculated  by  the  use  of  the  average  and  median  fatigue 
performance.  However,  it  should  be  remembered  that  this  scatter  or  safety 
factor  is  merely  a  calculated  one  and  does  not  have  supporting  test  evidence. 
Obviously  in  full  scale  structures  or  even  simple  specimens,  the  proof  of 
extremely  high  degrees  of  reliability  by  test  evidence  is  a  formidable  task. 
With  an  estimated  mean  life  and  assumptions  of  a  population  and  a  sample 
standard  deviation,  the  magnitude  of  the  mean  life  variability  factor  is 
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illustrated  in  Figure  26.  The  effectiveness  of  a  statistical  analysis  based 
on  log-normality  and  a  known  population  standard  deviation  is  shown  by 
comparing  the  solid  line  curves  of  Figure  26  with  the  curved  dash  lines.  The 
dashed  curves  reflect  the  use  of  the  t-distribution.  It  is  observed  that  the 
two  groups  of  curves  diverge  rapidly  as  reliabilities  over  95  percent  are 
reached.  Comparing  Figure  25  with  Figure  26  it  is  observed  that  the  mean  life 
variability  factor  is  significantly  less  than  that  for  the  "distribution" 
effects  even  for  3  specimens.  Only  with  one  test  specimen  would  the  tolerance 
for  the  same  degree  of  reliability  be  the  same  for  the1  mean  and  for  the 
distribution.  Hence,  from  limited  sample  data  it  is  supposed  that  the  average 
life  can  be  estimated  with  more  efficiency  than  a  minimum  life. 

Extending  this  statistical  analysis  to  allow  for  a  tolerance  on  the 
accuracy  of  the  mean  due  to  small  sample  sizes  and  also  to  account  for  popu¬ 
lation  scatter,  Figure  27  Illustrates  the  two  approaches  to  minimum  life 
estimation  with  the  assumption  of  log-normality  and  the  use  of  a  known  or  an 
estimated  standard  deviation.  A  reference  point  of  the  previously  noted 
safe-life  factor  is  drawn  on  the  chart.  It  is  apparent  that  the  suggested 
simplified  statistical  systems  do  not  match  the  safe-life  factors  based  on 
engineering  knowledge  of  observation  and  judgment.  Hence  some  degree  of 
conservatism  is  present  in  this  proposed  statistical  analysis  system  for 
higher  degrees  of  reliability.  In  Figure  2?  it  is  further  observed  that 
knowledge  of  both  the  log-normal  nature  of  the  distribution  and  a  population 
standard  distribution  controls  more  effectively  the  magnitude  of  the  total 
variability  factor. 

In  calculating  the  variability  factors  it  is  observed  that  the  relia¬ 
bility  of  the  mean  is  closely  associated  with  the  number  of  test  specimens. 

In  Figure  28  there  is  plotted  the  relationship  between  the  number  of  test 
specimens  and  their  effect  on  the  magnitude  of  the  scatter  factor  for  a  range 
of  probabilities  of  equalling  or  exceeding  a  given  minimum  life.  It  is 
observed  that  for  a  given  standard  deviation  the  use  of  the  t-distribution 
produces  the  expected  greater  variability.  Furthermore,  the  t-distribution 
is  not  capable  of  recognizing  a  test  sample  size  equal  to  one  specimen.  This 
of  course  suggests  that  a  multiplicity  of  specimens  be  always  tested;  however, 
the  usual  situation  finds  one  in  the  position  of  testing  one  specimen  or 
possibly  none  —  a  difficult  choice  at  best  I 

THE  STANDARD  DEVIATION 

In  the  preceding  remarks,  it  is  evident  that  the  standard  deviation  is  a 
significant  feature  of  this  proposed  statistical  analysis.  A  review  of  the 
calculated  sample  standard  deviations  of  the  460  groups  of  multiple  test 
specimens  has  been  made.  A  histogram  of  this  data  is  shown  in  Figure  29. 
Central  tendencies  for  this  parameter  are  edso  observed.  A  median  or  50  per¬ 
cent  probability  value  of  the  standard  deviation  is  found  to  be  only  0.10 
(base  10  logarithms).  The  average  deviation  is  0.12  while  over  95  percent 
of  the  deviations  were  calculated  to  be  less  than  0.25  to  0.30  interval. 

SUMMARY  OF  SCATTER  FACTORS  AND  THEIR  APPLICATION 

As  a  summary  of  the  previous  development  of  the  scatter  or  variability 
of  fatigue  performance,  Table  4  has  been  prepared.  Within  this  table 
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has  been  collected  the  factors  which  are  applied  to  reduce  the  mean  life  of 
a  structural  element  to  a  reliable  level  of  safety.  Factors  from  Reference  5 
as  well  as  the  two  conditions  of  statistical  analysis  developed  in  this  paper 
are  included.  The  two  statistical  measures  of  reliability  have  been  shown 
for  a  95  percent  reliability  and  three  values  of  the  standard  deviation. 

Again  it  is  obvious  that  knowledge  of  the  distribution  function  only  is  not 
sufficient  to  provide  a  good  feel  for  the  degree  of  reliability  in  the  one  or 
two  specimen  test  sample  size.  Conversely,  as  the  number  of  samples  increases 
beyond  three,  the  gains  in  knowledge  of  the  reliability  are  not  really  great 
as  compared  to  the  added  test  effort. 

The  development  and  extension  of  this  approach  to  the  estimation  of  the 
fatigue  performance  of  aircraft  is  graphically  illustrated  in  Figure  30. 
j  ,  The  first  step  is  the  determination  of  the  mean  fatigue  performance  and  the 
lower  limit  of  the  true  mean  with  a  given  level  of  reliability  or  confidence. 
Using  the  lower  limit  to  orient  a  frequency  of  fatigue  damage  initiation  or 
occurrence,  an  integration  of  this  curve  is  possible  to  obtain  a  cumulative 
probability  distribution  curve.  This  latter  curve  illustrates  the  probability 
of  fatigue  damage  initiation  with  time  or  cycles  for  an  individual  detail. 

With  a  multiplicity  of  details  subject  to  the  same  environment,  the  proba¬ 
bility  of  one  or  more  cases  of  fatigue  damage  existing  at  .the  same  time  should 
be  considered.  With  P(t)  taken  as  the  number  of  failures  equal  to  or  less 
than  the  maximum  failure  goal,  a  probability  relationship  for  "N"  details  is 
also  shown  in  Figure  30.  Further  remarks  on  this  subject  will  be  found  in 
Reference  11.  The  necessary  point  here  is  only  to  recognize  that  with  a 
given  "time-probability"  fatigue  damage  performance  level,  the  likelihood  of 
existence  of  one  or  more  cases  of  fatigue  damage  is  greater  than  that  set  for 
the  individual  performance.  Of  course  the  nature  of  the  individual  part 
frequency  distribution  curve  is  important  to  the  conclusions  to  be  derived 
from  this  analysis. 

In  conclusion,  Table  5  outlines  the  suggested  approach  of  this  paper  for 
the  establishment  of  the  useful  fatigue  life  with  a  given  degree  of  reliaw 
bility.  Of  the  points  enumerated  only  the  variability  due  to  basic  fatigue 
scatter  has  been  examined  in  complete  detail  in  this  paper.  The  reader  will 
recognize  the  need  for  careful  consideration  of  the  other  facets  of  the 
problem. 

In  closing  these  remarks,  it  is  desired  to  express  an  appreciation  to 
the  various  members  of  the  Fatigue  Studies  Group  who  have  performed  the 
detail  computations  and  collected  the  extensive  data  necessary  to  compile 
this  paper. 
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Figure  2  -  Fatigue  Scatter  Between  Aluminum  Alloys  (Taken  From  aNC-5) 


TEST  LIFE  6  TO  15  SPECIMENS 
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Figure  4  -  Ratio  Of  Maximum  To  Minimum  Test  Life  For  6  To  15  Test  Specimens 


TEST  LIFE  MULTIPLE  SPECIMENS 


'igure  6  -  Ratio  Of  Maximum  To  Minimum  Test  Life  For  Multiple  Test  Specimens 


LOG  AVG./  MIN.  LIFE 


Figure  1G  -  Ratio  Of  Logarithmic  Average  Life  To  Minimum  Life  For  Multiple  Test  Specimens 
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F i  jore  13  -  Correlation  Of  Program:  jd  Fatigue  Test  Data  ,rith  Analysis  Of  Fatigue  Damage 


Figure  15  -  Development  Of  S-N  Curve 


RANGE  IN  TEST  LIFE  FOR  S  N  CURVE 


Figure  16  -  Hange  In  Test  Life  For  S-N  Curve 


SCATTER  IN  STATIC  TESTS 


%  OF  DESIGN  LOAD 


Figure  21  -  Types  Of  Distribution 


PROPERTIES  OF  LOG-NORMAL  DISTRIBUTION 
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Figure  22  -  Properties  Of  Log-Nornal  Distribution 
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igure  28  -  Effect  Of  Number  Of  Test  Specimens  vJn  Total  Variability  Factor 


Figure  30  -  Use  Of  Statistical  approach  Fcr  Estimating  Fatigue  Performance  Of  Structure 


Table  1  -  ircnmar y  Of  Fabxgue  Scatter  Factors  For  Various  Groups  Of  Multiple  Specimen  Tests 


Table  2  -  Sunmary  Of  Scatter  Factors  For  Calcul-tin^  Safe-Life 
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Table  4  -  Summary  Of  Fatigue  Scatter  Factors 
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ANALYTICAL  APPROACH  TO  STRESS  CONCENTRATION  EFFECT 
IN  FATIGUE  OF  AIRCRAFT  MATERIALS 

by 

R.  E.  Peterson 

Westinghouse  Research  Laboratories 
Pittsburgh  35 >  Pennsylvania 

Available  data  on  stress  concentration  effects  in 
aluminum  alloys  and  steels  have  been  reviewed  and  com¬ 
pared  with  theoretical  stress  concentration  factors.  An 
attempt  has  been  made  to  provide  notch  sensitivity  fac¬ 
tors  which  can  be  utilized  in  design  to  estimate  the 
effect  of  geometrical  variations  for  which  specific-vdata 
do  not  exist. 

INTRODUCTION 

This  presentation  has  the  following  aims:  l)  to  bring  the  pub¬ 
lished  summaries  of  fatigue  notch  sensitivity  values  up  to  date,  2)  to 
attempt  an  analytical  interpretation  of  the  results,  and  3)  to  seek  a 
simple  formula  and  constants  which  can  be  used  in  design.  This  latter 
objective  is  being  pursued  in  a  number  of  technical  fields  as  a  phase 
of  utilization  of  computers  in  design  and  optimization  of  design. 

DEFINITIONS 

12  3 

Many  readers  will  be  sufficiently  familiar  with  the  subject  *  ’  ’ 
to  skip  this  section. 

Designers  calculate  nominal  stresses  from  given  loads,  moments 
and  torques.  These  are  the  simplest  possible  calculations,  based  on 
net  section  and  uniform  or  linear  stress  distribution.  The  presence 
of  a  hole,  groove,  or  other  geometrical  variation  introduces  a  local¬ 
ized  stress  peak  (Fig.  la).  A  measure  of- the  intensity  of  this 
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"disturbance"  of  the  simple  stress  field  is  the  stress  concentration 
factor,  which  is  defined  as  the  maximum  stress  over  the  nominal  stress, 
K\  s  S  /S  ,  where  S  is  the  average  net  stress  acting  on  the 
section  A  -ft1?  or  S  =  5/(l-2r/W).  ihis  factor  is  based  on  the  theory 
of  elasticity  and  is  therefore  determined  by  geometry  and  type  of 
loading. 

Now,  turning  to  fatigue  testing,  the  effect  of  a  geometrical  dis¬ 
turbance  (the  generic  term  is  "notch")  is  expressed  as  the  fatigue 
notch  factor,  K~  ,  defined  as  the  fatigue  strength  of  an  unnotched 
specimen  over  the  fatigue  strength  of  a  notched  specimen.  If  there  is 
no  effect  of  the  notch,  K~  =  1,  and  if  full  theoretical  effect  is  ob¬ 
tained,  =  Kj.. 

Notch  sensitivity  is  defined  as  follows:  q  =  (K„  -  l)/(lf  -  l). 

The  reason  for  subtracting  unity  is  to  provide  a  scale  where  for  no 
notch  effect,  or  for  a  notch  effect  small  compared  to  theoretical, 
q  =  0,  and  for  full  theoretical  effect,  q  =  1.  The  condition  q  =  0 
will  be  explained  in  more  detail  since  it  is  not  correct  to  say  that 
this  always  corresponds  to  no  notch  effect.  For  a  hole  or  a  notch  of 
constant  shape  (depth  to  radius  constant),  a  condition  of  no  notch 
effect  is  obviously  reached  as  r  goes  to  zero  since  the  hole  or  notch 
vanishes.  However,  where  the  notch  depth  is  constant  and  the  notch 
radius  is  decreased  a  finite  K^,  is  reached  while  at  the  same  time  K^, 
is  increasing  toward  infinity.  In  this  case  q  =  0  must  be  regarded 
as  a  limit  value  which  is  continuously  approached  with  decreasing  r. 
But,  regardless  of  geometry,  it  can  be  generally  stated  that  notch 
sensitivity  is  a  measure  of  the  degree  to  which  theoretical  stress 
concentration  effect  is  realized  in  a  corresponding  fatigue  test. 

FATIGUE  DATA 

In  Figs.  2,  3  and  U,  the  points  represent  values  of  q  for  fatigue 
tests  of  aluminum  alloy*  specimens  containing  holes,  grooves  or 
shoulder  fillets.  All  tests  were  of  completely  alternating  type, 

i.e.,  mean  stress  zero.  The  basic  fatigue  strength  used  was  that  of 
the  smallest  specimen  where  a  range  of  sizes  was  tested. Due  to 
the  considerable  inherent  scatter  of  fatigue  data,  better  accuracy 
is  obtained  for  tests  corresponding  to  higher  values  of  stress  con¬ 
centration.  In  the  present  analysis  only  the  results  of  test  speci¬ 
mens  with  K*.  of  2  or  greater  were  used.  Results  for  aluminum  alloys 
correspond  £o  values  at  500  (l0)b  cycles,  or  in  other  instances  the 
largest  number  of  cycles  available  from  the  data. 


*  The  material  designations  24  S-T  and  75  S-T,  used  in  most  of  the 
references,  have  also  been  used  in  this  paper.  The  corresponding 
present  designations  are  2024-T3,  7075-T6. 


Z75 


Figure 2- Fatigue  notch  sensitivity 

24S-T  aluminum  alloy  sheet 
Axial  test ;  zero  mean  stress 


Figure 3- Fatigue  notch  sensitivity 

75S—T  aluminum  alloy  sheet 
AxiaJ  test ;  zero  mean  stress 
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Figure  4  -  Fatigue  notch  sensitivity 

Aluminum  alloy 
Round  specimens 
(zero  mean  stress) 


For  steels  considerable  test  data  exist  for  the  lower  strength 
steels, 15  but. very  little  has  been  available  for  high  strength  steels. 
Recently,  a  very  extensive  investigation  of  the  fatigue  of  high 
strength  steels  has  been  made  by  Curtiss-Wright  for  V7ADC.1®  Data 
were  available  for  4-340  steel  at  tensile  strengths  of  l4j,  190,  230 
and  260  rsi  and  for  4350  at  300  ksi.  (typical  data  for  the  latter  case 
are  shown  in  Figs.  5  and  6* 

ANALYTICAL  INTERPRETATION 

Referring  to  Fig.  la,  from  elastic  theory  we  obtain  the  result 
that  the  maximum  stress  is  about  three  times  the  applied  stress.  What 
happens  when  we  make  a  fatigue  test?  If  the  theoretical  factor  ap¬ 
plied  we  would  expect  the  fatigue  strength  of  the  specimen  with  the 
hole  to  be  l/3  that  of  a  specimen  without  a  hole.  Usually  the  fatigue 
strength  is  higher  than  the  l/3  value.  If  we  think  about  it,  this 
result  seems  reasonable. 

In  Fig.  lb  let  us  represent  the  inherent  (unnotched)  fatigue 
strength  by  3^.  Let  us  now  imagine  that  we  have  applied  just  enough 
load  to  bring  the  peak  stress  up  to  the  inherent  fatigue  strength 
of  the  material  .  Since  we  are  dealing  with  a  material  which  has 
a  grain  structure,  it  would  be  unrealistic  to  expect  that  fatigue 
failure  would  occur  under  conditions  where  the  maximum  stress  is 
applied  only  at  a  "point"  (or  line  if  we  consider  thickness).  It 
would  seem  that  it  should  be  necessary  to  apply  more  load  so  that 
Sf  will  be  reached  at  some  depth  8  as  shown  in  Fig.  lc.  Or  viewed 
in  a  related  way,  one  might  expect  that  failure  occurs  when  the 
average  stress  over  a  distance  e  reaches  Sf  (see  Fig.  Id). 

To  put  this  idea  to  work  we  start  by  making  the  simplest  possible 
assumption,  namely  that  8  ,  or  e,  is  a  constantly, 19  for  a  particu¬ 
lar  material,*  and  then  try  this  out  to  see  how  the  relations  fit  the 
data.  The  two  above  assumptions  (Fig.  lc.  Id)  differ  mainly  near  the 
bottom  part  of  the  stress  peak,  but  it  turns  out  that  for  practical 
purposes  the  difference  is  unimportant.  Since  It  is  easier  to  use 
the  8  method  of  Fig.  lc,  this  forms  the  basis  of  the  curves  of 
Figs.  2,  3,  4  and  6.  Assuming  a  constant  S  ,  the  shape  of  these 
curves  are  not  arbitrary,  but  are  determined  by  the  actual  stress  dis¬ 
tribution.  Qhe  positions  of  the  curves  are  of  course  such  as  to  fit 
the  data. 

Considerable  information  exists  on  stress  distributions  for  in¬ 
finitely  wide  members,  1?>  19b,  25  but  for  finite  members  very  little 


*Any  heat  treatment  or  other  processing  resulting  in  different  physi¬ 
cal  properties  is  regarded  as  creating  another  material  in  the  sense 
used  herein. 
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100,000  1,000,000  10,000,000 
No.  Cycles  to  Failure  (log  scale) 


information  is  available.  The  case  of  a  tension  strip  with  a  hole 
has  been  worked  out  by  Howland. 20  From  Neuber's  work,  approximate 
distributions  can  be  worked  out  for  finite  members.  These  results  can 
also  be  expressed  as  maximum  shear  stress3  curves  and  as  octahedral 
shear  stress3  curves.  Such  curves  have  been  developed  for  the  test 
specimen  and  loading  conditions  referred  to  under  "Fatigue  Tests," 
but  it  is  not  possible  to  give  the  details  in  this  paper. 

It  will  be  noted  from  Fig.  2  for  24  S-T  sheets  that  §  =  0.014 
provides  curves  having  reasonably  good  fit.  This  is  based  on  maximum 
shear  stress;  for  octahedral  stress  (not  shown)  S  =  0.008  results  in 
best  fit  of  data.  For  75  S-T  sheets,  the  corresponding  values  are 
S  =  0.005  and-  0.004.  For  round  specimens  (FigI  4)  the  q  values  are 
somewhat  higher  than  for  the  sheets,  although  the  data  are  insuffi¬ 
cient  for  firm  quantitative  conclusions.  In  general  it  can  be  seen 
that  the  fatigue  results  are  characterized  by  considerable  scatter 
and,  therefore,  it  would  be  difficult  to  make  meaningful  comparisons 
on  the  basis  of  individual  S-N  curves.  By  looking  at  an  assemblage 
of  results,  it  is  believed  that  certain  trends  can  be  distinguished- 

An  important  point  should  be  mentioned  at  this  time.  Note  that 
for  all  tests  of  a  strip  having  a  hole  of  diameter  1/4  of  the  strip 
width  (Figs.  2  and  3)  >  the  theoretical  stress  concentration  factor  is 
the  same,  2.43.  However,  the  actual  effect  depends  on  the  absolute 
hole  diameter  (or  radius  as  shown).  This  means  that  one  cannot 
determine  a  unique  notch  sensitivity  value  by  making  tests  with 
specimens  of  only  one  given  set  of  dimensions.  Also  the  result 
may  be  unsafe  when  applied  to  a  larger  member.  Furthe. more ,  com¬ 
parisons  of  different  materials  can  be  misleading. 

The  high  strength  steels  mentioned  in  the  previous  section  con¬ 
tained  small  inclusions  of  round  cross-section  and  the  dimensions 
and  location  of  the  nucleating  inclusion  had  been  carefully  measured 
on  the  fracture  surface.  This  information*  provided  the  possibility 
of  an  analysis  of  the  f 01  agoing  type,  on  the  assumption  that  the  in¬ 
clusion  acts  primarily  as  a  cavity.  On  Figs.  5  and  6  the  top  curve 
is  for  a  deep  seated  spherical  cavity  (K'  *1.98);  the  lower  curve 
is  for  the  remaining  cavities  close  to  the  surface,  in  which  case 
K£  turns  out  to  be  2.26  for  the  same  value  of  5  =  0.00014.  Kuhn 
and  Hardrath1^  suggested  plotting  a  material  parameter  in  terms  of 
tensile  strength,  and  this  has  been  done  for  5  in  Fig.  7. 

The  third  objective  mentioned  at  the  outset  is  to  seek  a  simple 
design  formula  and  appropriate  material  constants.  In  Figs.  8  to  11 
the  formula  q  =  l/(l  +  a/r)  has  been  used, 21  with  the  values  of  "a" 
as  listed  in  Table  1. 

*The  writer  is  grateful  to  Mr.  F.  btulen  of  Curtiss -Wright  for  his 
cooperation  in  supplying  supplementary  information. 
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The  general  averages  for  steels  and  for  aluminum  alloys  (Fig.  11 ) 
are  intended  only  to  give  a  broad  comparison  of  widely  different 
materials.  The  general  averages  are  not  intended  for  design,  since 
the  more  specific  values  are  given  in  Table  1. 

DISCUSSION 

From  Fig.  12  it  can  be  seen  that  only  for  very  high  strength  steel 
could  one  expect  an  appreciable  gain  in  fatigue  strength  by  elimina¬ 
ting  all  inclusions.* 

It  is  not  certain  that  the  assumption  that  an  inclusion  can  be 
treated  the  same  as  an  empty  cavity  from  a  fatigue  standpoint  is  of 
sufficient  accuracy  to  be  used  in  developing  a  general  S  vs.  r 
curve.  Fuxther  tests  should  be  made  with  grooved  specimens  where 
the  notch  radius  is  of  the  order  of  1  to  5  mils,  with  the  groove  depth 
about  l/8  of  the  specimen  diameter.  Incidentally,  the  same  kind  of 
tests  are  needed  for  round  aluminum  alloy  specimens,  particularly 
for  75  S-T. 

From  the  "q  vs.  r"  curves  it  is  not  possible  to  compare  strengths 
of  alternative  designs  directly,  since  the  basic  fatigue  strengths 
also  are  involved.  A  direct  comparison  of  this  kind  is  shown  in 
Fig.  13  for  2k  S-T  and  75  S-T  sheet  specimens  with  a  hole  l/k  of  the 
width.**  Note  that  for  no  hole  or  a  very  large  hole  75  S-T  is  pos¬ 
sibly  slightly  stronger  in  fatigue.  For  a  hole  diameter  of  about 
l/2"  the  two  materials  are  about  the  same,  whereas  for  smaller  holes, 
2k  S-T  is  stronger  in  fatigue.  The  maximum  difference  is  at  about 
O.OV  diameter  where  2k  S-T  is  about  l/3  stronger  than  75  S-T  in 
fatigue  on' the  average .  Rivet  and  bolt  holes  are  larger  in  diameter, 
l/8"  or  greater,  and  here  the  slight  difference  in  favor  of  2k  S-T 
is  hardly  significant. 

The  main  interest  in  connection  with  the  hole  tests,  as  far  as 
aircraft  design  is  concerned,  is  their  role  in  eventually  developing 
an  analytical  procedure  for  design  of  riveted  or  bolted  joints.  It 
is  not  obvious  that  the  ratio  of  fatigue  strengths  of  riveted  joints 
of  2k  S-T  and  75  S-T  should  be  the  same  as  the  ratio  of  fatigue 
strengths  of  strips  with  a  hole  for  the  same  two  materials,  for 
example,  differences  in  fretting  corrosion  could  conceivably  affect 
the  relative  joint  strengths.  Comparative  tests  of  various  riveted 
joints  of  2k  S-T  and  75  S-T,  bare  and  Alelad,  are  shown  in  Fig.  14 

*  Since  completing  the  paper  a  report has  been  received  of  work  at 
Armour  Institute  on  processes  aimed  at  varying  or  reducing  inclu¬ 
sions.  The  results  seem  to  be  in  rather  good  agreement  with  the 
above  comment  made  with  regard  to  Fig.  12. 

**The  smooth  curves  do  not  correspond  to  those  of  Fig.  3  where  both 
holes  and  notches  were  considered. 
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Cycles  to  FailOre 

Fig. ^“Comparison  of  icp  joints  of  24S-T3  and  75S-T6 

strips  0.032“  thick. 

(Howard  and  Smith) 


22  23 

for  alternating  stress  and  in  Fig.  15  for  pulsating  stress.  -±  These 

show  no  significant  difference  between  the  two  materials  at  10 '  cycles. 
Pulsating  fatigue  tests  of  bolted  joints^4  showed  no  consistent  differ¬ 
ence  between  the  extruded  aluminum  alloys  tested.  Referring  to  Fig.  13, 
based  on  sheet  specimens  and  zero  mean  stress,  we  see  that  at  0.1285" 
diameter  ( 0.0642"  radius)  the  small  difference  of  averages  in  favor 
of  2 4  S-T  is  of  doubtful  significance,  so  that  we  can  regard  the  two 
materials  as  giving  about  the  same  result  for  this  hole  size.  Since 
the  jointed  specimens  also  show  no  significant  difference  (at  10?  cycles), 
one  therefore  reaches  the  conclusion  that  any  additional  factors  intro¬ 
duced  by  the  riveting  or  bolting  together  of  the  drilled  members,  such 
as  fretting  corrosion,  do  not  introduce  a  difference  of  any  considerable 
magnitude,  at  least  for  this  set  of  test  parameters. 

7 

The  foregoing  comments  are  based  on  10  cycles  of  constant  ampli¬ 
tude.  Aircraft  service  conditions  vary  considerably.  During  the  use¬ 
ful  life  of  an  airplane,  some  parts  are  subjected.. to  a  large  number 
of  stress  cycles,  some  parts  to  a  small  number  of  stress  cycles.  The 
ratio  of  steady  to  alternating  components  of  stress  differs.  Instead 
of  a  constant  amplitude,  spectrum  loading  is  typical.  In  taking 
account  of  these  factors,  conditions  may  favor  the  use  of  24  S-T  in 
certain  applications  and  75  S-T  in  others.  This  is  ably  discussed  in 
reference  23. 

From  Fig.  8  it  will  be  noted  that  the  sheet  specimens  are  less 
notch  sensitive  than  the  round  specimens.  This  may  be  due  mainly  to 
the  smaller  volume  of  material  exposed  to  peak  stress  (or,  say,  within 
1  percent  of  peak  stress)  in  the  sheet  specimens  as  compared  to  the 
rounds.  No  attempt  has  been  made,  in  the  present  analysis,  to  corre¬ 
late  the  results  on  a  volume  basis  since  this  would  be  very  difficult 
to  apply  to  design.  The  volume  criterion,  however,  should  be  pursued 
as  a  matter  of  scientific  interest.  Another  difference  is  the  plane 
stress  vs.  plane  strain  condition.  This  factor,  however,  is  more 
susceptible  to  analysis. 

The  top  curves  for  bar  specimens  of  Fig.  8  may  be  considered  as 
applicable  to  aluminum  alloy  elauenbs  other  than  sheets,  -  "three  di¬ 
mensional"  elements  such  as  spars,  fittings,  etc.  We  note  that  while 
there  is  not  a  large  difference  between  24  S-T  and  75  S-T,  the  maxi¬ 
mum  difference  occurs  for  quite  small  fillet  radii,  in  the  range 
l/64"  to  1/32".  It  hardly  needs  to  be  said,  at  this  date,  that  such 
small  radii  (with  their  high  Kfc  values)  should  not  be  used  in  impor¬ 
tant  joints  or  highly  stressed  regions. 

Pursuant  to  the  remarks  under  "Definitions"  one  should  not  con¬ 
clude  from  the  shape  of  the  "q  vs.  r"  curves  of  Fig.  4  that  for 
constant  notch  depth  and  decreasing  r  that  a  condition  of  no  notch 
effect  is  approached.  This  has  been  discussed  in  detail^T  and  to 
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Nominal  Stress,  kg/mm 


F1g.l5-Comparison  of  24S-T  and  75S-T  under 
conditions  of  pulsating  stress  (Otomax) 
(Lundberg  and  Wallgren) 
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try  to  prevent  the  above  conclusion  the  writer  has  either  not  shown 
the  q  vs.  r  curve  as  going  to  zero,  or  has  stated  that  the  curve  must 
not  be  used  for  ratios  of  notch  depth  to  notch  radius  greater  than 
3  or  4.  Actually,  for  constant  notch  depth  the  relation  should  be 
regarded  as  approaching  zero  as  a  limit.  The  reason  for  this  is  as 
follows. 

The  stress  distribution  curve  for  zero  radius  (K^.  =  oo  )  is  not 
much  different  from  that  of  a  deep  notch  in  the  region  where  S  gener¬ 
ally  falls,  so  that  the  type  of  analysis  used  herein  indicates  that  a 
finite  fatigue  notch  factor  should  be  approached  with  decreasing  notch 
radius.  This  is  indeed  what  actually  does  happen,  with  values  of  nhe 
order  of  2  to  4  being  reached  for  notches  with  radii  machined  as  sharp 
as  possible.  The  actual  value  depends  on  the  size  of  piece,  depth  of 
notch  and  material.  So  we  have  a  situation  where  with  decreasing  notch 
radius,  the  fatigue  notch  factor  approaches  a  finite  value  while  the 
theoretical  factor  increases  toward  infinity,  resulting  in  lower  and 
lower  notch  sensitivity  values,  approaching  zero. 

In  this  connection  Templin' s  tests  are  of  interest.  He  machined 
as  sharp  a  vee  notch  as  he  could  in  R.  R.  Moore  specimens  and  for 
aluminum  alloys  he  obtained  a  fatigue  notch  factor  of  about  2.  Later 
he  measured  the  notch  radii  and  found  an  average  of  about  0.0002". 
Having  this,  one  can  compute  the  stress  concentration  factor,  about 
16,  and  also  the  notch  sensitivity,  less  than  0.1,  as  shown  in 
Fig.  4.  Since  the  ratio  of  notch  depth  to  notch  radius  is  about  375 
in  Templin' s  tests,  it  would  seem  that  the  q  vs.  r  relation  need, 
not  be  limited,  to  ratios  of  3  or  4. 

From  Table  1,  it  is  interesting  to  note  that  the  average  notch 
sensitivity  for  steels  comes  out  to  be  the  same  as  for  aluminum 
alloys  tested  as  round  specimens  (bars).  The  steels  were  also  tested 
as  round  specimens;  in  other  words,  if  the  aluminum  alloy  sheet  tests 
are  considered  separately,  then  the  average  notch  sensitivity  for 
steels  and  aluminum  alloys  turns  out  to  be  about  the  same.  As  men¬ 
tioned  previously,  these  are  averages  of  very  wide  scatter  bands. 

The  gross  averages  of  Fig.  11  should  not  be  used  in  design,  since 
the  more  specific  values  are  also  listed  in  Table  1.  No  generaliza¬ 
tions  have  been  attempted  for  materials  other  than  those  given  in 
Table  1  but  references  to  some  tests  on  a  few  other  materials  such 
as  magnesium  alloys,  titanium,  etc.,  have  been  listed. 15 

SUMMARY 

It  seems  possible  to  obtain  a  better  understanding  of  stress  con¬ 
centration  effects  by  pursuing  the  concept  of  notch  sensitivity. 

The  analysis  also  shows  that  it  is  not  possible  to  completely 
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TABLE  1 


AVERAGE  VALUES  OP  "a" 

2k  S-T  Sheet  O.OJ 

75  S-T  Sheet  0.0 S 

Avg.  Aluminum  Alloy  Sheet  0.0: 

24  S-T  bar  0.0C 

75  S-T  bar  0.0C 

Avg.  Aluminum  Alloy  bar  0.0C 

Avg.  Aluminum  Alloy  bar  and 

sheet  0.02 

Annealed  or  Normalized  Steel  0.01 

Quenched  and  Tempered  Steel  0.00 

Avg.  Steel  0.00 


describe  notch  behavior  in  a  material  for  a  given  shape  of  notch 
(given  stress  concentration  factor)  by  testing  only  one  size  of 
specimen.  If  simple  comparisons  are  to  be  made  the  analysis  indi¬ 
cates  the  optimum  value  of  notch  radius  to  use  for  the  comparison. 

Estimates  of  the  effect  of  minor  defects  such  as  scratches, 
tool  marks,  nicks,  etc.,  turn  out  to  be  realistic  and  it  is  believed 
this  area  is  now  better  understood. 

If  these  concepts  can  be  generalized  then  it  should  be  possible 
to  estimate  the  relative  effect  of  certain  changes  in  detail  design. 

Ihe  analysis  presented  herein  is  not  regarded  by  the  writer  to 
have  yielded  results  which  are  in  "final"  form  in  anything  like  the 
sense  for  example  that  we  regard  certain  Kj.  factors.  We  need  much 
more  test  data  in  regions  where  test  specimens  are  difficult  to 
make  and  measure.  Then  there  is  the  problem  of  scatter,  making  it 
desirable  to  utilize  large  numbers  of  specimens  and  statistical 
treatment  of  results.  The  situation  can  be  improved  by  a  frontal 
attack  of  planned  type  as  proposed  by  the  opening  speakers  of  the 
symposium.  It  is  essential  that  not  only  a  large  amount  of  data  be¬ 
come  available  but  that  the  tests  be  made  in  critical  regions  where 
appreciable  effects  can  be  expected.  Accumulation  of  such  infor¬ 
mation  will  make  it  possible  to  rationalize  this  subject  with  a 
greater  degree  of  reliability.  It  is  hoped  that  in  the  interim  the 
paper  will  be  helpful  as  an  approximate  guide  to  engineers  and 
designers  in  considering  the  effects  of  stress  concentration  in 
fatigue . 
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Fatigue  analysis  at  room  temperature  is  based  upon 
some  method  of  comparison  of  S-N  curves  with  gust  and 
maneuver  load  spectrums,  where  the  S-N  curves  depend  on 
the  mean  stress  level,  the  stress  concentration  factor, 
and  the  mechanical  properties  of  the  material.  Elevated 
temperatures  can  affect  most  of  these  basic  factors  in 
the  room  temperature  problem  by  changing  the  mechanical 
properties,  by  possibly  changing  the  stress  concentration 
factor,  and  by  changing  the  mean  stress  level  so  that 
completely  new  S-N  curves  must  be  obtained.  In  certain 
cases  of  cyclic  temperatures,  a  thermal  load  spectrum  may 
be  added  to  the  gust  and  maneuver  spectrums.  Temperature 
may  also  introduce  a  new  mode  of  failure  by  producing 
large  strains  in  a  finite  life  (creep  and  cyclic  strain 
accumulation).  The  problems  associated  with  the  evalua¬ 
tion  of  these  temperature  effects  are  demonstrated  by 
attempting  to  obtain  results  for  a  simple  idealized 
skin-stringer  structural  element. 

INTRODUCTION 

The  addition  of  temperature  to  the  room  temperature  structural 
fatigue  problem  not  only  affects  the  stress  cycle  (S-N)  curve  of  the 
material  for  a  given  mean  stress  and  stress  concentration  factor  by 
changing  the  material  properties  but  also  may  affect  the  mean  stress 
and  the  stress  concentration  factor  themselves.  Also  a  new  mode  of 
failure  may  arise  —  a  large  strain  failure  in  a  finite  life  from 
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either  creep  or  strain  accumulation.  To  identify  these  various  effects  in  the 
life  problem  of  the  structure,  the  following  Table  1  has  been  prepared.  In  Table  1, 
various  combinations  of  the  five  items  of  applied  mean  stress,  applied  alternating 
stress,  thermal  stress,  creep,  and  strain  accumulation  have  been  listed  for  various 
temperature  conditions.  It  should  be  noted  that  the  problems  of  variation  in 
material  properties  and  of  the  stress  concentration  factor  arise  in  all  the  combina¬ 
tions  listed  in  Table  1. 

Problem  No.  1  in  Table  1  is  the  conventional  room  temperature  fatigue  problem 
which  is  far  from  solved.  Since  creep  at  elevated  temperatures  is  a  function  of  the 
steady  load  or  applied  mean  stress  while  fatigue  is  primarily  a  function  of  alter¬ 
nating  stress,  there  must  be  some  kind  of  interaction  between  creep  and  fatigue  when 
both  an  applied  mean  stress  and  an  applied  alternating  stress  are  acting. 

Problem  2  in  Table  1  defines  a  fatigue  reference  stress  F^  for  no  applied  mean 
load  while  Problem  3  in  Table  1  defines  a  creep  reference  stress  for  no  applied 

alternating  stress.  Both  reference  stresses  are  at  a  uniform  steady  state  tempera¬ 
ture  and  will  depend  on  the  stress  concentration  factors  for  fatigue  and  for  creep 
and  on  the  material  properties  at  the  temperature.  The  reference  creep  stress  may 
be  the  stress  for  a  certain  per  cent  strain  rather  than  a  creep  rupture  stress. 
Figure  1  shows  the  S-N  curves  for  Fa^  for  two  temperatures  for  2024-T4  aluminum 

alloy  (Ref.  2  and  4).  It  is  possible  to  approximate  F^  for  various  temp  ratures 

and  times  by  using  a  creep  parameter,  such  as  the  Larson-Miller  parameter.  Figure  2 
shows  creep  rupture  and  1%  creep  strain  stresses  against  the  Larson-Miller  parameter 
(Ref.  5)  for  2024-T3  aluminum  alloy. 


CREEP-FATIGUE 


m 


Problem  4  in  Table  1  is  the  combined  creep-fatigue  problem  at  uniform  elevated 
temperatures.  In  Ref.  2,  Padlog  and  Schnitt  have  considered  this  problem  in  some 
detail.  By  using  the  reference  stresses  Fgj^  and  F^  in  Problems  2  and  3  they  pro¬ 
pose  an  interaction  curve  between  the  mean  stress  Fm  and  the  alternating  stress  Fa 
in  the  form 


(TAq  - 


Nn 


m 


where  p  and  q  depend  on  temperature,  frequency,  time  to  failure,  and  the  material. 

At  room  temperature  p  and  q  are  approximately  one.  Test  data  must  be  used  to  obtain 
p  and  q  at  elevated  temperatures.  Creep-fatigue  tests  (Ref.  4)  have  been  performed 
using  different  stress  ratios  r  =  at  various  elevated  temperatures.  The 

S-N  curves  obtained  for  the  various  values  of  r  can  be  cross-plotted  for  a  given 
number  of  cycles  or  a  given  time  to  give  a  plot  of  alternating  stress  Fa  against 

Fm  in  a  stress  range  fatigue  diagram.  See  Fig.  3  where  each  curve  represents  a 
unique  failure  life  for  a  given  temperature.  These  curves  are  for  one  testing  fre¬ 
quency;  they  might  differ  for  another  frequency  (see  Ref.  6). 

If  Fig.  3  is  made  non-dimensional  by  using  Fap  and  F^  then  curves  represented 

by  Eq.  (l)  are  obtained.  Figure  4  shows  Fig.  3  in  non-dimensional  fom.  Each  curve 
in  Fig.  4  represents  the  allowable  strength  for  a  constant  temperature  level, 
frequency,  and  number  of  load  cycles  or  time  either  to  fracture  or  to  attain  a  pre¬ 
scribed  total  deformation.  These  curves  are  valid  for  a  uniform  sinusoidal  loading 
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FIGURE  1.  F-N  FATIGUE  DIAGRAM  AT  STRESS  RATIO  (  r  « oo)  FOR  202U-TL  ROLLED 
ALUMINUM  AUDI  AT  300°F  AND  500°F 


ratio  of  alternating  stress 

STRENGTH  FOR  SAKE  LIFE  AT 


F-n/FmR  RATIO  OF  MEAN  STRESS  TO  RUPTURE  STRESS  FOR 
SAME  UFE  AT  r  -  0 


FIGURE  lu  STRESS  RANGE  BANDS  FOR  202ljS-TU  ROLLED 
ALUMINUM  ALLOT  AT  300°F  AND  500°F  USING 
DIMENSIONLESS  RATIOS 
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cycle.  The  values  of  FaR  and  correspond  to  the  same  life  and  temperature. 
Because  of  the  complex  behavior  of  the  fracture  response  of  the  material  to  combined 
creep  and  fatigue  conditions,  the  nondimen sional  interaction  curve  in  Fig.  4  and 
the  curves  for  Fag  and  Fj^  in  Figs.  1  and  2  represent  a  basic  property  of  the 

material.  As  this  property  cannot  be  derived  from  simple  material  properties,  it 
must  be  obtained  from  tests.  Necessarily,  many  tests  are  needed  to  cover  the 
temperature  and  stress  ratio  ranges. 

In  order  to  allow  for  various  values  of  the  Fa  and  Fm  stresses  it  is  necessary 

to  use  a  cumulative  damage  procedure  to  find  the  life  of  the  structure  for  creep- 
fatigue,  In  Ref..  2,  the  life  fraction  rule  is  proposed  for  creep  in  which 

life  =  is  ,  if  jr  »  H  (2) 

H  fil  tRi 

r. 

where  L0  =  tj_,  ti  =  time  spent  at  stress  Fmi  and  temperature  and  tp_j_  =  total 
i=l 

time  to  creep-rupture  or  to  attain  a  specified  creep  deformation  at  stress  Fm^  and 
temperature  Tj[.  Miner's  cumulative  damage  rule  for  fatigue  is 

Ln  -2_  N* 

TT-  “  £  4  -  D  (3) 

where  N-j.  =  number  of  cycles  of  alternating  stress  Fa^  at.  temperature  correspond¬ 
ing  to  the  life  Lc  and  Njy_  =  number  of  cycles  that  causes  fatigue  failure  at  stress 
Fai  and  temperature  T^. 

In  order  to  find  the  interaction  between  Eqs.  (2)  and  (3)  it  is  necessary  to 
modify  either  t{^  or  by  means  of  Fig.  4  and  Eq.  (l)  to  account  for  the  creep- 

fatigue  life.  If  the  shapes  of  the  interaction  curves  in  Fig.  4  are  assumed  to  hold 
for  various  frequencies  so  that  any  combination  of  N  cycles  in  t  hours  may  be  used, 
then  Fig.  4  may  be  used  to  construct  curves  similar  to  Fig.  3  for  a  given  problem. 
From  those  curves  for  given  values  of  F^,  F^,  and  T^,  the  allowable  number  of 
cycles  or  tne  allowable  time  T^  can  be  used  for  creep-fatigue  failure.  With 
these  values  either  Eq.  (2)  or  Eq.  (3)  can  be  used  to  calculate  the  life. 

There  are  many  assumptions  in  the  above  procedure  for  creep-fatigue  life  cal¬ 
culations  that  the  material  may  not  know  about.  The  load  spectrum  is  specified  as 
various  number  of  cycles  of  various  amplitudes  occurring  in  a  random  manner  over  a 
certain  period  of  flying.  Do  all  cycles  last  the  same  time  regardless  of  amplitude 
or  when  they  occur?  Do  10^  cycles  at  stresses  F^  and  Fm^ ,  and  temperature  Tj_, 

isolated  from  each  other  with  temperature  and  stress  changes  occurring  in  between, 
damage  the  material  the  same  as  if  they  occurred  together?  If  a  total  of  10‘  cycles 
occur  in  1000  hours  of  flying  does  this  mean  that  the  10^-  cycles  at  F^,  F^,  and  T^ 

last  for  an  accumulated  time  of  one  hour?  Suppose  some  of  the  mean  stresses  are 
compression,  what  happens?  Can  stress  concentration  factors  be  included  without 
test  data? 


Problem  5,  Table  1,  is  a  creep  fatigue  problem  similar  to  Problem  4  except 
the  temperature  is  transient  or  cycles  slowly.  The  calculation  of  the  life  must 
be  based  on  accumulation  of  the  temperature  effects.  This  accumulation  can  be 
done  by  either  Eq.  (2)  or  Eq.  (3)  by  obtaining  Tp^  or  as  described  for 
Problem  4. 

Example  1.  Use  Figures  1,  2,  and  4  and  Eqs.  (2)  and  (3)  in  the  above  dis¬ 
cussion  to  find  the  life  of  a  tension  element  subjected  to  two  stress  and  tempera¬ 
ture  levels. 


Case 

F 

ra 

Fm 

T 

%  Time 

(a) 

(1) 

15,000  psi 

15,000  psi 

300°  F 

50 

(2) 

6,250  psi 

6,250  psi 

500°  F 

50 

(b) 

(1) 

10,000  psi 

30,000  psi 

300°  F 

50 

(2) 

10,000  psi 

30,000  psi 

500°F 

50 

with  equal  times  at  each  level.  Assume  the  frequency  to  be  1000  cycles  per  hour. 

From  Fig.  4  assume  the  interaction  curve  for  the  300°F  case  to  be  a  straight 
line  and  for  the  500°F  case  to  be  a  circle  so  that  from  Eq.  (l) 


=  1 


(300°F) 


(500°F) 


Faft  can  be  obtained  from  Fig.  1  for  various  assumed  number  of  cycles  while  Fj^ 
can  be  obtained  from  Fig.  2  for  the  corresponding  time 

t  (hours)  -'v'  10^t  (cycles) 

Figure  5  shows  the  graph  of  the  above  equations  for  Fa  against  Fm  for  various 
assumed  values  of  t.  For  the  given  pairs  of  values  of  Fa  and  Fm  in  cases  (a)  and 
(b),  the  time  Tr  can  be  read  by  interpolation  from  Fig.  5.  Since  t^  =  tg, 

Eq.  (2)  gives 


Life  = 


*1  +  t2 
tl  ^2 
tRl  tR2 


2t]_ 

tl(-A-  +  -A-) 

1  tRl  tR2 


2tRl  tR2 
tRl  +  tR2 


For  case  (a),  tpi  =  1000  hours  and  tR2  =  1000  hours  so  that  the  life  is  1000  hours. 
For  case  (b),  tRj_  =  300  hours  and  tR2  =  0.4  hours  so  that  the  life  is  0.8  hours. 

It  is  evident  that  Fig.  5  can  be  used  for  other  stress  levels  and  the  life 
obtained  in  Eq,  (1)  as  long  as  the  frequency  is  1000  cycles  per  hour  and  the 
temperature  is  either  300°F  or  500°F.  All  that  is  needed  is  the  per  cent  of  time 
at  each  stress  and  temperature  level. 
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In  Problem  6  the  temperature  is  uniform  on  the  cross-section  but  cycles  in 
time  —  heating  up  and  cooling  off.  If  the  structure  is  restrained  then  thermal 
stresses  are  produced 

f  =  -  KoCET(t)  (4) 

where  T(t)  is  change  in  temperature  above  datum  as  a  function  of  time  and  K  is 
restraint  coefficient.  If  the  stress-strain  curve  of  the  material  does  not  change 
with  temperature,  then  the  thermal  stress  cycles  for  various  maximum  values  of 
KoCT(t)  are  shown  in  Fig.  6.  The  cycle  may  be  elastic,  shakedown  to  an  elastic 
case,  or  have  a  hysteresis  loop.  It  should  be  noted  that  due  to  the  Bauschinger 
effect  (loading  beyond  yield  stress  in  one  direction  decreases  yield  stress  in  the 
other  direction,  Ref.  7)  the  hysteresis  loop  may  have  yield  stresses  of  the  order 
of  ten  per  cent  smaller  than  the  original  values.  The  stress  alternations  occur 
about  some  mean  stress,  although  the  mean  stress  is  not  steady  as  it  is  just  a 
point  on  the  cycle.  As  indicated  in  Ref.  2,  the  prediction  of  thermal  stress 
fatigue  from  conventional  fatigue  data  is  difficult.  Thermal  stress  fatigue  is  a 
strain  range  cycle  while  conventional  fatigue  testing  is  a  stress  range  cycle,  and 
the  two  ranges  cannot  be  simply  correlated  in  the  inelastic  range.  Also,  there  is 
variable  temperature  in  the  thermal  stress  case  while  the  temperature  is  constant 
in  the  stress  cycling.  Some  discussion  of  this  problem  with  the  use  of  total 
accumulated  plastic  strain  is  given  in  Ref.  2. 

Figures  7  and  8  show  the  thermal  stress  cycles  for  aluminum  alloy  for  which 
the  stress-strain  curves  change  on  the  first  cycle.  It  is  assumed  that  recovery 
takes  place  back  to  the  500°F  curve  in  subsequent  cycles.  Creep  effects  are  shown 
in  Fig.  8.  These  creep  effects  depend  on  the  time  of  the  temperature  cycle.  In 
both  Fig.  7  and  8  it  is  evident  that  a  hysteresis  loop  arises  unless  the  restraint 
coefficient  is  very  small. 

In  Problem  7  tht  thermal  stresses  arise  because  of  the  nonuniform  temperature. 
The  total  thermal  load  is  zero  so  that  the  creep  effects  may  be  positive  on  some 
elements  and  negative  on  some  elements  of  the  cross-section,  while  some  elements 
may  not  creep.  The  creep  should  approach  zero  over  a  period  of  time.  By  using  a 
set  of  isochronous  stress-strain  curves  (if  available)  it  is  possible  to  obtain  an 
idea  of  the  thermal  stresses  and  strain  under  creep  conditions. 

Example  2.  Consider  the  creep  of  a  two-element  structure  (skin-stringer 
element)  with  no  bowing  or  buckling  with  element  1  at  200°F  and  element  2  at  500°F. 
Use  aluminum  alloy  with  equal  areas  in  each  element. 

The  thermal  stress  equations  for  two  elements  are 


e2 


(oC2T2  -  <*lTl) 


1  + 


A2E2 

A1E1 


(5) 


el  =  e2  +  (®^2^2  -  ^l1!)  (6) 


flAl  +  f2A2  =  0 


(7) 
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T3IPERATURE,  °F 

THERMAL  STRESSES  IN  RESTRAINED  BAR  FOR  TEMPERATURE  CYCLE  TO  600°F 


where  E]_  and  E2  are  the  secant  modulus  values.  Using  oi-^  =  oC 2  =  13(10“^)  and 

using  the  curves  in  Fig,  8,  the  strains  and  stresses  are  obtained  by  trial  and 
error  from  Eqs.  (5)  -  (7).  The  results  are  plotted  in  Fig.  9  for  various  creep 
times,  where  element  1  is  in  tension  and  element  2  in  compression.  Element  1 
is  assumed  not  to  creep. 

N0NUNIF0HM  STEADY  STATE  TEMPERATURE 

In  Problem  8  when  thermal  stresses  are  present  the  mean  stress  on  each  ele¬ 
ment  of  the  cross-section  will  be  different  and  the  magnitude  of  the  alternating 
stress  may  be  different.  See  Fig.  10.  On  some  elements  the  mean  stress  may  be 
quite  large  while  on  others  it  may  be  small.  Thus  some  elements  may  creep  or 
relax  more  than  others  so  that  the  mean  stress  on  the  elements  will  change,  de¬ 
creasing  on  the  creeping  elements  and  increasing  on  the  non-creeping  elements. 

In  Fig.  10,  element  1  is  assumed  to  creep  more  than  element  2  with  a  resultant 
decrease  in  Fml  and  increase  in  F-g.  Note  also  that  the  alternating  stress  also 
changes  and  may  affect  the  strain  by  going  further  into  the  inelastic  region  on 
some  elements.  It  appears  from  Fig.  10  that  several  possibilities  could  occur  — 
the  creep  might  stop  after  the  creeping  elements  shifted  sufficient  load  to  the 
other  elements  (if  some  elements  did  not  creep  and  did  not  overload  inelastically, 
the  creep  would  always  stop)  or  the  creep  might  continue  with  all  elements  finally 
creeping  together. 

If  the  creep  ceases  then  the  problem  becomes  a  fatigue  problem  with  each 
element  having  its  own  mean  stress  and  alternating  stresses,  which  will  differ 
from  the  other  elements.  If  the  creep  continues,  then  each  element  must  be 
checked  by  some  procedure  such  as  that  discussed  for  Problem  4,  with  each  element 
having  its  own  creep-fatigue  interaction.  Would  failure  occur  on  an  internal 
element  before  it  would  on  a  surface  element?  Would  load  shifting  continue  to 
occur  in  order  to  give  a  maximum  life  with  the  mixed  creep-fatigue  effects? 

Problem  9  is  similar  to  Problem  6  for  uniform  temperature  in  that  thermal 
stress  fatigue  aid  ses.  For  two  elements.  Fig.  11  shows  that  one  element  may  be 
elastic  while  the  other  may  be  elastic,  or  shakedown  to  elastic  state,  or  have  a 
hysteresis  loop.  There  may  be  some  creep  effects  depending  on  time  of  the  tem¬ 
perature  cycle. 


STRAIN  ACCUMULATION 

In  Problem  10,  an  applied  mean  load  is  maintained  while  the  temperature  is 
cycled,  producing  thermal  stresses.  If  some  elements  are  inelastic  on  the  heating 
cycle  while  other  elements  are  inelastic  on  the  cooling  cycle,  then  it  is  possible 
for  the  total  deformation  of  the  cross-section  to  grow  on  each  cycle.  This  strain 
accumulation  may  cease  if  elastic  shakedown  occurs  (see  Fig.  12)  or  it  may  con¬ 
tinue  to  grow  until  failure  occurs  (see  Fig.  13).  If  elastic  shakedown  occurs, 
then  the  problem  becomes  a  thermal  stress  fatigue  problem  with  a  certain  mean 
stress  and  alternating  stress  for  each  element  of  the  cross-section.  Creep  may 
also  occur  depending  on  time  of  the  cycle,  although  it  may  cease  (see  discussion 
of  creep  in  Problem  8).  If  the  strain  accumulation  diverges,  then  failure  may 
occur  before  either  fatigue  or  creep  enters  into  the  problem.  What  are  the 
criteria  for  convergence  and  divergence  of  the  strain  growth?  Is  strain  diver¬ 
gence  permissible  if  the  structure  experiences  only  a  few  temperature  cycles? 

Can  the  design  be  made  such  that  strain  divergence  is  avoided? 


STRAIN 


FIGURE  10.  STRESSES  FOR  NON -UNIFORM  STEADY-STATE  TEMPERATURE 
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In  Problem  11  the  applied  alternating  stresses  are  added  to  Problem  10. 
These  applied  alternating  stresses  may  be  superimposed  on  the  .ermal  stress 
cycle  at  any  time  so  that  each  element  vdll  have  a  varying  mean  stress.  The 
strain  accumulation  will  be  affected  if  the  alternating  stress  produces  any 
inelastic  effects.  Creep-fatigue  is  present  so  that  all  the  effects  of  creep, 
fatigue,  and  strain  growth  may  be  acting  simultaneously.  It  would  appear  that 
to  prevent  strain  divergence  elastic  shakedown  would  have  to  be  obtained  for 
the  combined  mean  stress  and  maximum  alternating  stress.  How  can  this  be  done? 
It  may  be  a  serious  limitation  in  some  cases.  Figure  14  shows  how  the  strain 
accumulates  for  mean  stress  (1)  plus  thermal  stress  (2)  plus  alternating  stress 
(3),  minus  alternating  stress  (4)  minus  themal  stress  (5)  plus  alternating 
stress  (6)  minus  alternating  stress  (7)  plus  themal  stress  (8)  plus  alternating 
stress  (9)  minus  alternating  stress  (10)  minus  themal  stress  (11)  plus  alter¬ 
nating  stress  (12),  etc. 


CONCLUSIONS 

Thermal  fatigue  analysis  is  involved  with  a  group  of  problems  affected  in 
various  ways  by  fatigue,  creep,  thermal  stress,  material  property  change,  stress 
concentration,  and  strain  accumulation.  Some  approximate  calculations  can  be 
made  for  some  of  the  problems,  but  little  can  be  done  with  the  more  complicated 
combinations.  In  some  cases  it  may  be  desirable  to  attempt  to  design  around 
the  problems  of  creep  and  strain  accumulation  so  that  the  fatigue  problem  is 
somewhat  like  the  room  temperature  case,  except  for  possible  themal  stress 
effects  and  material  property  variations. 
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ABSTRACT 

The  importance  of  detailed  design  is  emphasized  in  a 
review  of  the  general  philosophies  of  industry 'towards  struc¬ 
tural  design  for  sonic  fatigue.  The  sonic  load  and  response 
problem  is  described  and  illustrated  with  examples  of  measured 
data  obtained  from  the  RB-66  aircraft.  Load  and  structural 
response  theories  are  summarized  and  the  difficulties  in  apply¬ 
ing  these  theories  to  design  are  discussed-,  A  comparison  is 
shown  between  measured  stress  response  of  typical  aircraft 
structure  and  that  obtained  using  Miles*  single  degree  of  free¬ 
dom  analysis.  The  need  for  laboratory  fatigue  tests  is  deter¬ 
mined  by  discussion  of  such  topics  as  cumulative  damage 
theories,  differences  in  stress  amplitude  probability  produced 
l 7  different  techniques  of  data  reduction,  the  influence  ?f 
non-zero  mean  stress,  and  the  effects  of  stress  concentration. 

INTRODUCTION 

With  the  introduction  of  high-powered  propulsion  systems,  and 
paralleling  their  continued  development,  there  has  been  an  accompany¬ 
ing  increase  in  sonio  fatigue  problems.  The  degree  of  damage,  depen¬ 
dent  primarily  on  the  quality  of  the  detailed  design  as  well  as  the 
sound  intensity,  has  ranged  from  failed  hydraulic  and  electrical  line 
clamps  to  the  almost  complete  destruction  of  wing  trailing  edge  and 
control  surface  structure.  Often  when  failure  occurs  late  in  the 
development  cycle  of  an  aircraft,  costly  redesign  of  major  sub-assem¬ 
blies  is  required. 
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To  achieve  a  solution  to  this  problem  much  engineering  and  scientific  effort 
has  been  expended.  Theoretical  work  and  laboratory  testing  accomplished  both  at  the 
universities  and  by  industry^  has  yielded  much  insight  into  the  physical  nature  of 
the  forces  and  .responses  involved]  however,  a  formidable  engineering  problem  exists 
in  applying  these  theories  to  the  design  of  complex  aircraft  and  missile  components. 
•The  task  is  additionally  complicated  by  the  fact  that  rather  sizeable  errors  are 
common  in  measuring  many  of  the  important  parameters  of  the  problem.  As  in  any 
mechanical  design  problem,  the  three  phases  in  the  solution  are  to  define  the  loads, 
to  predict  the  response,  and  to  determine  whether  the  response  will  yield  the  required 
level  of  reliability.  Because  of  the  inherent  complexities  in  both  analytical  and 
testing  procedures,  a  well  coordinated  analytical  and  experimental  program  is  required 
to  achieve  these  goals.  In  fact,  the  final  judgment  of  the  reliability  of  a  design 
subjected  to  severe  sonic  loading  must  be  based  upon  a  sonic  proof  test2  of  a  full- 
scale  article. 

To  provide  a  systematic  procedure  for  the  development  of  sonic  fatigue  resistant 
structure,  the  Aircraft  Laboratory  (WADC)  has  prepared  "Detail  Requirements  for 
Structural  Fatigue  Certification  Programs^."  The  Douglas  Aircraft  Company  has  corn- 
completed  all  phases  of  the  program  in  conjunction  with  the  development  of  the 
RB-664>*.  jn  addition,  sonic  fatigue  resistant  structure  has  been  developed  and 
tested  for  the  DC-8  in  a  program®  closely  paralleling  that  proposed  by  WADC.  During 
these  development  programs,  a  constant  effort  has  been  maintained  to  monitor  test 
data  in  order  to  establish  analytical  or  empirical  design  techniques. 

The  purpose  of  this  paper,  therefore,  is  to  describe  the  sonic  fatigue  phenomena, 
to  discuss  the  analytical  phase  of  sonic  fatigue,  to  illustrate  its  present  limita¬ 
tions  based  upon  available  test  data,  and  to  indicate  where  the  emphasis  should  be 
placed  to  remove  these  limitations. 

DESCRIPTION  OF  LOAD  SPECTRUM 

Sonio  loads  result  from  the  flu  _  ousting  pressure  caused  by  the  turbulent  mixing 
of  a  high  velocity  jet  with  surrounding  air.  These  pressure  fluctuations,  having 
randomly  varying  intensity  and  covering  a  wide  range  of  frequencies,  are  defined  at 
a  particular  point  in  the  sound  field  by  both  their  power  spectral  density  and  spatial 
correlation. 

Power  spectral  density  is  of  primary  importance  to  the  structural  engineer  since 
it  is  a  measure  of  the  mean  square  pressure  available  at  each  frequency  to  excite 
resonant  dynamic  response  in  the  adjacent  structure.  Ideally,  power  spectral  density 
at  a  given  frequency  would  be  obtained  by  passing  the  random  voltage  output  of  a 
microphone  or  accelerometer  through  a  narrow  band  electrical  filter  and  measuring  the 
power  of  the  filtered  signal  with  a  wattmeter.  In  reality,  commercially  available 
power  speotral  density  analyzers  are  used. 

As  Illustrated  in  Figure  1,  the  shape  of  the  power  spectral  density  curve  changes 
radically  with  geographical  location  on  the  aircraft.  Near  the  engine  exhaust  plane 
the  noise  is  relatively  white  (constant  power  spectrum  over  all  frequencies) ,  while 
downstream  near  the  aft  fuselage  and  empennage  there  is  a  noticeable  increase  in  power 
spectral  density  in  the  frequency  range  corresponding  to  most  fundamental  structural 
resonances  (200  to  500  cps) .  A  general  awareness  of  this  phenomena  should  indicate 
■co  the  designer  the  importance  of  maintaining  high  resonant  frequencies  in  the  aft 
structure.  Similar  considerations  should  be  given  to  areas  such  as  the  elevator  lower 
surface  at  tho  root  where  reflected  sound  from  three  surfaces  is  compounded  to  cause 
a  buildup  in  the  low  frequency  range. 
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Spatial  correlation  defines  the  phase  relationship  between  pressures  at 
different  points  on  the  structure.  For  practical  design  purposes  the  pressures  can. 
be  considered  in  phase  or  well  correlated  over  distances  short  in  comparison  to  a 
wave  length.  In  general,  this  means  that  although  spatial  correlation  is  an  impor¬ 
tant  consideration  in  the  overall  dynamic  response  of  a  fuselage  or  missile  shell, 
it  has  less  importance  in  the  design  of  individual  skin  panels  between  stringers. 

A  discussion  of  spatial  correlation  is  beyond  the  scope  of  this  paper,  however  the 
dynamic  response  of  a  hypothetical  missile,  including  the  effects  of  spatial  cor¬ 
relation,  has  been  presented  by  Dyer?. 

ANALYTICAL  PREDICTION  OF  LOAD  SPECTRUM 

The  present  "state-of-the-art"  does  not  include  a  reliable  technique  for  cal¬ 
culating  power  spectra;  however,  Powell®  has  shown  that  measured  sound  spectra  can 
be  extrapolated  to  include  variations  in  jet  velocity  and  nozzle  area.  This  tech¬ 
nique  is  ordinarily  employed  to  obtain  preliminary  design  estimates,  but  sound 
reflections  from  the  ground  and  adjacent  structure  sufficiently  affect  the  predicted 
spectra  that  measurements  on  a  prototype  article  are  necessary.  To  determine  the 
rough  magnitude  of  error  involved  in  the  prediction  of  the  acoustic  loading,  com¬ 
parisons  were  made  between  measured  and  extrapolated  data  from  two  aircraft  equipped 
with  engines  of  the  10,000  pound  thrust  class  operating  over  a  wide  range  of  thrust 
conditions.  Table  1  illustrates  the  results  of  this  comparison  in  terms  of  the 
possible  errors  in  acoustical  loads.  The  need  for  a  sound  survey  of  a  prototype 
aircraft  is  clearly  indicated  in  order  to  reduce  the  margin  for  error  in  the  aonic 
fatigue  design  analysis  as  early  as  possible  in  the  development  cycle. 

When  it  is  significant  in  the  design  problem,  pressure  correlation  information 
must  be  determined  experimentally;  however,  some  experimental  evidence9  indicates 
that  small  model  jets  may  be  used  to  obtain  correlation  data. 

DESIGN  CRITERIA 

Little  design  criteria  has  thus  far  been  established  for  sonic  fatigue;  however 
it  is  certainly  an  important  consideration  in  the  overall  load  prediction  problem. 
Several  items  significant  to  design  criteria  are  summarized  in  the  following  dis¬ 
cussion. 

The  acoustic  loading  is  a  maximum  during  ground  run  and  takeoff  roll  and  hence 
is  not  generally  coupled  with  other  structural  loads.  Acoustical  loads  decrease 
rapidly  with  increasing  forward  airspeed  as  the  relative  velocity  between  the  jet 
exhaust  and  the  surrounding  air  is  reduced.  A  further  reduction  occurs  as  a  result 
of  the  decreased  air  density  at  altitude,  the  absence  of  ground  reflected  sound, 
and  the  fact  that  reduced  power  settings  are  used  for  cruise. 

Consideration  of  engine  growth  potential  is  also  essential  in  the  early  design 
stages  of  an  aircraft.  For  example,  higher  thrust  engines  were  installed  on  the 
RB-66  aircraft  late  in  the  production  program  and  the  resulting  40  percent  increase 
in  acoustical  pressure  loads  required  an  extensive  structural  modification  program. 
Similar  redesigns  have  been  required  with  other  jet  aircraft. 

Another*  important  detail  that  should  be  considered  concerns  the  design  criteria 
for  the  lightly  loaded  side  of  a  thin  shell  structure  of  small  depth.  To  aid  in  the 
solution  of  this  problem,  experiments  were  conducted^  on  skin  and  rib  type  control 
surfaces  having  depths  of  four  to  six  inches.  The  structural  response  measurements 
showed  that  the  effective  sound  attenuation  through  the  structure  was  on  the  order 
of  10  per  cent  and  that  when  both  sides  of  a  symmetrical  control  surface  were  exposed 
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to  the  same  sound  pressure  level,  the  resulting  structural  response  was  40  per  cent 
greater  than  with  only  one  side  exposed .  This  factor  would  be  especially  signifi¬ 
cant  in  extrapolating  siren  test  data  to  the  design  of  a  rudder  loaded  on  both  right 
and  left  sides. 

DESCRIPTION  OF  STRUCTURAL  RESPONSE 

Since  typical  aircraft  structure  is  very  lightly  damped,  its  response  to  a  wide 
band  of  exciting  frequencies  is  essentially  a  sharply  tuned  resonant  phenomena.  The 
peak  stress  occurring  at  any  given  time  cannot  be  predicted;  however,  the  probability 
of  occurrence  of  a  particular  peak  stress  is  well  described  by  the  Rayleigh  proba¬ 
bility  distribution  which  is  in  turn  related  to  the  overall  RMS  stress.  This  quantity 
is  easily  measured,  as  well  as  being  the  object  of  both  simple  and  complex  response 
theories. 

Examples  of  several  types  of  structural  response  are  shown  in  Figure  2,  together 
with  corresponding  sound  pressure  spectra.  As  a  general  rule  skin  and  stringer 
panels  respond  in  a  single  mode  and  multiple  mode  response  is  confined  to  skin  sup¬ 
ported  on  ribs. 

Several  studies  were  conducted  at  the  Douglas  Company  to  determine  the  origin 
of  the  observed  multi-mode  response  as  well  as  to  improve  the  technique  for  predict¬ 
ing  panel  frequencies.  The  results  indicated  that  for  simple  beams  having  various 
end  conditions,  a  negligible  response  should  be  encountered  in  modes  higher  than  the 
fundamental.^0  The  beams  were  theoretically  subjected  to  a  plane  pressure  wave 
characterized  by  a  power  spectrum  with  peak  power  at  200  cycles  per  second  and  de¬ 
creasing  power  at  higher  frequencies.  Unpublished  data  concerning  the  response  of 
a  three-span  beam  with  fixed  ends  indicated  a  similar  result.  Both  equal  and  unequal 
spans  were  considered  and  in  all  cases  higher  modes  of  response  were  negligible  com¬ 
pared  with  the  lowest  symmetrical  mode.  In  addition,  phase  checks  made  during  tests 
of  full-scale  structural  components  have  consistently  shown  that  adjacent  skin  panels 
vibrate  symmetrically  and  in  phase. 

The  previously  mentioned  results  suggested  that  the  higher  modes  of  response 
must  be  caused  by  the  dynamic  coupling  of  the  plating  and  sub-structure.  Although  no 
calculations  have  been  made  to  predict  the  higher  modes,  the  application  of  energy 
techniques  to  the  simpler  skin  and  stringer  problem  yielded  the  fundamental  coupled 
panel  frequencies  for  six  test  specimens  within  a  scatter  band  of  only  +15  cycles 
per  second.  Since  these  specimens  included  a  wide  variation  in  skin  and  stringer 
stiffnesses,  it  is  suggested  that  the  crux  of  the  modal  response  problem  lies  in 
developing  design  charts  for  simple  panels  with  flexible  supporting  structure. 

ANALYTICAL  PREDICTION  OF  STRUCTURAL  RESPONSE 

During  the  last  few  years  a  number  of  theoretical  papers  have  been  written  con¬ 
cerning  the  response  of  structure  to  jet  noise  loading.  The  complexity  of  these 
papers  varies  from  the  simple  results  of  Miles—  to  the  more  complex  results  of 
Powell^,  Thomson  and  Barton^-',  and  Eringren^.  Essentially  the  more  complex  papers 
attempt  to  compensate  for  many  degrees  of  freedom  and  the  spatial  quality  of  the 
sound  waves. 

For  preliminary  design  requirements,  Miles*  linear  single  degree  of  freedom 
approach  given  by  equation  (l)  yields  results  compatible  with  the  overall  accuracy 
of  the  problem.  However,  for  optimizing  a  design,  the  analytical  procedure  is 
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inadequate  and  a  combined, analytical  and  experimental  program  is  recommended  such 
as  that  used  for  the  DC-8  . 

O'2=^£oh(£o)  of  (l) 

where 

O'  =  Root  mean  square  stress  response  ~  psi 

S  =  System  dancing  expressed  in  terms  of  ratio  to  critical  damping 
f 0  =  Fundamental  resonant  frequency  ■ —  cp.s 

2 

0^(fo)  =  Power  spectral  density  of  the  noise  ~  (psf)  /cps 
Cro  -  Static  stress  response  to  a  unit  .'Load  ~  psi/psf 

Excellent  agreement  between  measured  stresses  and  those  predicted  by  equation 
(l)  has  been  shown  by  Lassiter  and  Hess^.  Their  results,  obtained  using  simple 
11"  x  13"  flat  and  carved  clamped  edge  panels.,  demonstrate  the  reliability  of 
Miles*  approach  for  cases  where  the  Important  parameters  are  known. 

Figure  3  shows  a  comparison  between  measured  stresses  on  the  KB-66  fuselage  and 
those  predicted  by  equation  (l) .  In  this  case  all  berms  in  the  equation  were  known 
except  the  damping.  Static  pressure  boxes  were  placed  against  the  side  of  the  fuse¬ 
lage  to  obtain  <J0.  A  narrovr  band  analysis  of  the  response  data  yielded  f0  which, 
for  the  data  analyzed,  corresponded  to  the  only  observed  mode  of  response.  No 
attempt  was  made  to  measure  the  damping  because  of  the  lengthy  data  reduction  time 
required  and  also  because  it  was  desirable  to  check  the  validity  of  the  damping 
ratios  normally  assumed  for  preliminary  design.  Sin;:e  the  damping  ratio  6  is  affected 
by  construction  techniques,  praodmity  of  joints  and  splices,  sealants,  as  well  as  the 
stress  level j  it  must  either  be  estimated  based  on  tests  of  similar  structure  or 
measured.  In  this  case  &  ~  .01  was  assumed  for  the  skin  panels  and  S  =  .02  for  the 
longerons.  The  resulting  scatter  of  data  snows.  in  Figure  3  could  easily  be  caused 
by  variations  in  S  from  the  assumed  values.  Since  these  variations  are  a  part  of 
the  overall  design  problem,,  however,  it  can  be  concluded  that  the  errors  shown  repre¬ 
sent  the  minimum  attainable  errors  with  a  stri  Aly  analytical  approach  to  the  problem. 
Since  the  analysis  would  be  subje-t  to  additional  error  in  the  calculation  of  f0  and 
Oo,  it  would  be  entirely  inadequate  for  the  purpose  of  final  design. 

To  compensate  for  these  inadequacies  in.  the  ability  to  determine  f0,  CT 0  and  & 
for  complex  structure,  a  method  was  developed,  for  the  DG-8  design  whereby  the  param¬ 
eters  fQ  and  S  were  determined  from  the  shape  of  the  measured  frequency  response 
curves.  A  conversion  was  established  between  the  sinusoidal  structural  response  to 
siren  loading  and  the  random  response  to  jet  noise  loading.  Since  CX0  is  common  to 
both  problems  it  cancels  in  the  conversion  equation  and  is  thus  eliminated  as  a  poten¬ 
tial  error.  Using  an  extension  of  the  linear  single  degree  of  freedom  approach,  this 
technique  also  permits  consideration  of  higher  modes  of  response. 

FATIGUE  ANALYSIS 

Fatigue  analysis  as  applied  to  the  sonic  fatigue  problem  requires  a  statistical 
description  and  interpretation  of  the  randomly  varying  stress  peaks,  a  cumulative 
damage  rule,  a  basic  S-N  curve  extending  into  the  high  cycle  range, and  a  knowledge 
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of  the  effective  stress  concentratiori  factors.  With  these  basic  tools  it  would  be 
possible  to  analytically  construct  random  fatigue  curves  where  the  cycles  to  failure 
are  related  to  the  RMS  stress  rather  than  the  peak  stress.  However ,  as  in  the  other 
phases  of  sonic  fatigue  design,  the  state-of-the-art  has  not  progressed  to  the  point 
where  much  dependency  can  be  placed  on  analysis.  On  the  other  hand,  random  fatigue 
curves  constructed  as  described  can  be  used  to  extrapolate  existing  test  data  as  well 
as  to  set  up  rules  for  accelerating  random  fatigue  tests.  The  construction  of  two 
random  fatigue  curves  is  described  in  the  following  discussion  to  illustrate  che 
technique  as  well  as  to  show  differences  in  result  based  upon  different  interpreta¬ 
tions  of  the  basic  data. 


For  a  given  RMS  stress  the  probable  number  of'  cycles  occurring  at  other  stress 


.Levels 

(2) , 


ihs 


well  defined  by  the  Rayleigh  probability  distribution  according  to  equation 


where  O'  is  the  peak  stress  response  and  (J  is  the  RMS  stress.  If  then  a  cumulative 
damage  theory  is  assumed,  a  random  fatigue  curve  can  be  generated  based  on  RMS  stress. 
For  the  purpose  of  this  example  consider  Miner8  s  Hypothesis  of  Cumulative  Damage^?, 
expressed  in  equation  (3),  as  valid. 

O'max 


Damage  at  failure  =1  r 


(3) 


where  n(cT)  is  the  number  of  cycles  n  at  stress  O ,  and  N(cr)  is  the  allowable 
number  of  cycles  at  stress  O'  „ 


Fatigue  curves  currently  in  use  give  the  relationship  N(gO  in  the  form  of  S-N 
diagrams,  where  the  fluctuating  stress  O'  is  plotted  against  the  number  of  cycles  to 
failure  N„  A  similar  curve  mav  be  constructed  in  terms  of  the  RMS  stress  ( O )  by 
combining  equations  (2)__and  (3j  into  equati.cn  (4)  and  solving  for  the  total  number 
of  cycles  to  failure  N(c7). 


This  technique  tacitly  assumes  that  following  each  positive  stress  peak  there 
will  be  an  equal  negative  stress  peak.  Although  the  Rayleigh  distribution  adequately 
describes  the  distribution  of  both  positive  and  negative  peaks, it  does  not  necessarily 
imply  that  equal  positive  and  negative  peaks  occur  in  the  same  cycle.  In  fact, 
examination  of  oscillograph  zecords  clearly  shows  that  adjacent  positive  and  negative 
stress  peaks  are  often  unequal  in  magnitude. 

As  an  alternative  method  for  describing  the  fluctuating  stress,  the  peaks  can 
be  considered  as  a  variable  alternating  stress  superimposed  on  a  variable  mean  stress 
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as  illustrated  in  Figure  4°  When  test  results  were  analyzed  statistically  ,  the  peak 
stresses  were  found  to  obey  the  Rayleigh  probability  distribution;  however,  both 
the  mean  and  alternating  stresses  were  more  nearly  represented  by  normal  probabil¬ 
ity  distributions.  Although  no  definite  relationship  between  the  RMS  stress  and 
the  normal  curve  could  be  established,  reasonable  correlation  was  obtained  by  con¬ 
sidering  the  RMS  stress  equal  to  the  mean  alternating  stress.  A  similar  integration 
to  that  described  in  equation  (4)  using  the  experimentally  derived  normal  distribu¬ 
tion  of  alternating  stress  yields  the  random  fatigue  curve  shown  in  Figure  5.  In 
order  to  evaluate  the  effect  of  mean  stress,  the  joint  probability  of  occurrence  of 
a  given  O' &  and  (fyL  were  considered.  The  resulting  random  fatigue  curve  compared 
with  Figure  5  showed  that  the  effect  of  mean  stress  was  negligible.  Thus  by  merely 
changing  the  interpretation  of  the  stress  spectra,  a  significantly  different  random 
fatigue  curve  has  been  generated.  A  more  detailed  discussion  of  this  subject  is 
currently  being  prepared  by  Dr.  H.  C.  Schjeldarup  for  presentation  in  the  Journal 
of  Aeronautical  Sciences. 

Additional  variations  are  introduced  by  considering  other  than  Miner* s  linear 
damage  theory.  A  summary  of  current  damage  theories  related  to  the  sonic  fatigue 
problem-*-®  indicates  that  a  more  reasonable  approach  would  be  to  concentrate  on 
experimentally  determining  the  random  fatigue  curve.  Rotating  beam  random  fatigue 
experiments  by  Freudenthal  and  Heller-*-^  have  indicated  that  Miner* s  damage  theory 
is  unconservative  and  that  a  safe  life  would  be  one  tenth  that  indicated  by  the 
linear  theory.  The  lack  of  significance  of  endurance  limit  was  also  shown  experi¬ 
mentally  for  both  aluminum  and  steel. 

The  effect  of  stress  concentration  factors  offers  an  additional  hurdle  to  the 
designer.  Since  the  sonic  loading  is  generally  in  a  plane  rotated  90  degrees  from 
the  normal  load  carrying  paths  in  an  aircraft  or  missile,  there  has  been  little  test 
data  accumulated  regarding  stress  concentration  factors.  This  lack  of  data  is  most 
unfortunate  since  nearly  all  sonic  fatigue  failures  occur  at  stress  concentration 
points.  Beside  concentrations  caused  by  rivet  and  drain  holes,  slight  amounts  of 
pre-stressing  during  assembly  operations  have  resulted  in  many  premature  failures. 

A  series  of  skin  failures  on  the  outboard  end  of  a  control  surface  was  attributed 
to  a  slight  skin  canning  which  was  well  within  normal  production  tolerances.  No 
failures  occured  in  the  inboard  section  of  the  control  surface  where  the  loading 
and  stress  level  were  1.5  times  as  great  and  the  skins  were  smooth. 

DETAIL  DESIGN  REQUIREMENTS 

Much  can  be  done  to  prevent  sonic  fatigue  by  eliminating  or  reducing  areas  of 
stress  concentration.  This  has  the  added  effect  of  shifting  the  maximum  stresses 
out  into  the  smooth  flat  area  of  the  structure  where  they  can  be  measured  and  com¬ 
puted  with  greater  accuracy,  and  where  the  fatigue  life  can  be  estimated  using  exist¬ 
ing  unnotohed  data.  An  example  of  this  concept  is  shown  in.  Figure  6  which  illustrates 
features  of  the  control  surface  design  of  the  DC-8,  The  use  of  a  bonded  scalloped 
doubler  between  the  skin  and  rib  flange  improved  the  fatigue  life  of  the  structure 
by  reinforcing  the  critical  area  and  did  so  for  less  weight  penalty  than  would 
result  from  increasing  the  skin  thickness.  In  areas  subjected  to  higher  acoustic 
loading,  an  extruded  tee  section  was  used  as  a  rib  cap.  The  advantage  of  the  tee 
section  is  three  fold:  it  allows  for  a  more  symmetrical  load  path,  it  reduces  the 
skin  panel  size,,  and  it  reduces  the  stress  concentration  in  the  flange  bend  radius. 

The  back  to  back  rib  flanges  shown  in  Figure  6  accomplish  the  same  thing  but  to  a 
.Lesser  extent. 
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STRESS  SPECTRUM  AND  PROBABILITY  DENSITY 


DETAIL  DC-8  DESIGN  OF  SKIN  TO  RIB  ATTACHMENT 


Figure 


Another  important  design  detail  concerns  properly  transmitting  shear  loads  from 
vibrating  stringers  to  the  supporting  ribs  or  .frames.  Many  failures  have  occurred 
in  existing  aircraft  where  the  shear  load  is  transmitted  as  a  tension  load  which 
results  in  bending  of  both  the  stringer  and  rib  flange .  Attempts  to  reinforce  the 
attachment  by  adding  backup  angles  on  the  rib  flange  have  generally  resulted  in 
failure.  In  some  cases  the  addition  of  intermediate  frames  only  resulted  in  addi¬ 
tional  failures  in  the  new  frames.  In  this  regard,  a  simple  application  of  equation 
(l)  to  the  calculation  of  the  shear  load  at  the  end  of  a  stringer  shows  clearly  that 
the  load  is  not  a  function  of  the  stringer  span  when  the  power  spectrum  is  relatively 
flat.  Hence,  the  proper  way  to  improve  the  design  is  to  strengthen  the  attachment 
by  transmitting  the  shear  load  through  a  shear  attachment.  Figure  7  shows  the  cruci¬ 
form  clip  which  was  developed  for  the  stringer  to  rib  attachment  on  DC-3  control 
surfaces.  The  lack  of  eccentricity  in  the  clip  permits  a  smooth  direct  load  trans¬ 
mission  path. 

Other  common  design  features  that  should  be  avoided  even  at  moderate  sound 
levels  (overall  sound  pressure  levels  of  145  to  150  decibels)  are  bend  relief  notches 
and  unsupported  web  edges, as  well  as  clips  and  tabs  that  might  be  prestressed  during 
assembly. 

CONCLUSIONS 

The  tone  of  this  paper  has  been  pessimistic  but  at  the  same  time  it  is  believed 
to  be  realistic.  The  underlying  principle  has  been  that  although  the  state-of-the- 
art  does  not  permit  reliable  analytical  results  on  an  absolute  basis,  the  available 
theories  provide  tools  with  which  the  experienced  designer  can  ratio  and  extrapolate 
from  the  known  to  the  unknown.  A  rapidly  converging  combined  analytical  and  experi¬ 
mental  design  program  can  thus  be  accomplished.  Small  panel  tests  using  siren  noise 
are  an  important  step  in  the  process,  but  the  final  design  can  only  be  proven  with 
a  sonic  fatigue  proof  test  of  a  full  scale  structure  using  a  jet  engine  as  the  noise 
source.  In  the  final  analysis,  the  quality  of  the  detailed  design  will  mean  the 
difference  between  success  and  failure  in  a  sonic  environment. 
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AN  ANALYTICAL  METHOD  FOR  PREDICTING 
AIRCRAFT  FATIGUE  LIFE 


by 

James  E.  Hayes 
Headquarters 

Oklahoma  City  Air  Materiel  Area 
United  States  Air  Force 
Tinker  Air  Force  Base,  Oklahoma 

SUMMARY 

The  paper  contains  load  information  necessary  for  a  fatigue  analysis.  Re¬ 
peated  loads  considered  are:  gust,  maneuver,  landing  impact,  taxi  loads  and 
ground -air-ground  cycle.  A  new  method  of  determining  a  single  magnitude  of 
load,  which  will  best  represent  all  load  cycles  within  a  given  load  increment  is 
presented.  This  load  is  compared  to  a  S-N  curve  to  obtain  fatigue  damage.  With 
the  exception  of  a  S-N  curve  for  the  structure  under  consideration,  this  analysis 
requires  data  which  can  be  determined  during  preliminary  design  such  as  typical 
flight  mission,  wing  area,  landing  gear  data,  dynamic  response  and  stress 
analysis  data.  Since  aircraft  companies  have  a  tendency  to  use  similar  struct¬ 
ural  design  on  later  designed  aircraft,  laboratory  test  of  previously  designed 
joints  can  be  used  during  the  preliminary  design  stages  of  analysis.  Because  the 
mean  load  level  during  taxi  is  different  than  the  mean  load  level  during  flight,  a 
new  method  of  establishing  a  family  of  S-N  curves  from  one  S-N  curve  and 
simple  specimen  data  is  also  presented.  An  actual  case  history  where  fatigue 
cracking  occurred  during  operation  is  compared  to  the  analytically  calculated 
life. 

I.  FATIGUE  LOADS 

As  in  any  structural  problem,  a  stress  analysis  cannot  be  completed  without 
the  loads.  It  is  desirable  that  the  calculated  values  of  the  repeated  load  histories 
be  at  least  as  accurate  as  the  present  methods  of  calculating  ultimate  loads. 

1.  GUST  LOADS 

The  gust  load  information  given  here  is  a  summary  of  SRG  Report  31  "Fatigus 
Loads  Due  to  Gusts".  (l)a  Numerous  articles  have  been  written  on  gust  loads 
and  the  effect  thereon  of  various  parameters  such  as  speed,  altitude,  size,  etc. 
The  articles  generally  contain  a  limited  amount  of  flight  data  to  determine  the 
effect  of  the  particular  parameter  under  investigation.  This  report  contains  all 
available  unclassified  gust  data  obtained  from  VGH  records  irrespective  of  para¬ 
meter  investigated  and  is  presented  here  according  to  altitude.  This  method  of 

a.  Numbers  in  parentheses  refer  to  references  at  the  end  of  the  paper. 


presentation  gives  a  much  larger  sample  of  flight  data  and  thus  reduces  the  proba¬ 
bility  of  a  mistaken  conclusion  being  drawn  on  the  effect  of  any  given  parameter. 


Gust  loads  have  been  used  for  a  number  of  years  to  calculate  the  ultimate 
design  gust  factors.  The  formula  generally  used  is  as  follows: 

Eq.  1  4g  m  S  Ve  Ue  K  ^ 


Where:  Agmax  =  airplane  maximum  normal  -  acceleration  increment 
m  swing  lift  -  curve  slope,  per  radian 

=  air  density  at  sea  level,  slugs  per  cu.  ft. 

=  air  density  at  given  altitude,  slugs  per  cu.  ft. 

S  swing  area,  sq.  ft.  . 

Ve  =  equivalent  airspeed,  ft.  per  sec.  V 0~z 

q-  ■=■  density  ratio  = 

Ue  =  "effective"  gust  velocity,  ft.  per  sec. 

K  -  alleviation  factor 

W  =  airplane  weight,  lb. 


The  alleviation  factor  "K"  was  modified  by  the  various  regulating  agencies 
and  resulted  in  some  confusion.  These  agencies  agreed  to  standardize  on  a  new 
"gust  facfor,  Kg".  The  new  formula  will  be  used  in  this  paper  and  is  as  follows: 


Eq.  2  Agmax  m  S  Ve  Ude  Kg  y<o 


Ref.  (2) 


Where:  U^e  =  "derived"  gust  velocity  of  a  single  (1-cosine)  gust  of  25  wing 
mean  chord  lengths,  ft.  per  sec.  \J0~z 

U  =  gust  velocity,  ft.  per  sec. 

Kg  =  dimensionless  "gust  factor"  which  accounts  for  the  alleviation 
motion  of  the  airplane  and  the  time  lag  of  the  build  up  of  aerodynamic  lift. 

For  speeds  below  the  critical  mach  number  (subsonic): 


Eq.  3  Ka  _  .  88/fo 

g'?7ipr 


Ref.  (3) 


For  speeds  above  mach  1.4  (supersonic): 


Eq.  4Ka_^gl.03 

~/o .  9  5  iyZg  1.03 

M-g  sailplane  mass  ratio  -  2  W 

/°  m  g  c  S 


Ref.  (3) 
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g  =  acceleration  due  to  gravity,  ft.  per  sec. 
c  =  mean  geometric  wing  chord,  ft. 

The  supersonic  formula,  Eq.  4,  can  be  used  with  caution  in  the  transonic 
region,  but  the  values  of  Ag  will  be  lower  than  actual. 

Until  a  few  years  ago  most  of  the  gust  load  data  came  from  NASA  V-G  record¬ 
ers  located  near  the  center  of  gravity  of  the  airplane.  This  data  was  analyzed  and 
plotted  as  maximum  effective  gust  velocity  vs.  flight  miles.  The  accuracy  of  this 
type  of  data  is  questionable  because  the  recorder  was  not  designed  for  such  mea¬ 
surements.  The  V-G  recorder  was  designed  to  record  an  envelope  of  airplane 
speed  vs.  load  factor  and  is  used  to  determine  maximum  or  ultimate  loads.  A 
method  to  obtain  frequency  from  this  data  was  derived  and  has  been  used  in  the 
past.  However,  NASA  realized  that  a  more  accurate  method  was  desirable  and 
subsequently,  data  was  obtained  using  a  VGH  recorder.  The  VGH  recorder  re¬ 
cords  time  history  of  airspeed,  acceleration,  and  altitude  of  the  airplane.  This 
data  with  the  characteristics  of  the  airplane,  W/S,  m,  c,  determines  the  gust 
velocity. 

During  the  early  stages  of  development  many  factors  were  considered  to  effect 
the  number  of  gusts  of  a  given  magnitude,  encountered  in  a  given  distance.  Among 
these  were  the  wing  chord,  wing  span,  wing  flexibility,  airplane  speed  and  alti¬ 
tude.  There  are  published  reports  that  show  all  of  these  variables  effect  the  gust 
loads.  However,  in  most  cases,  due  to  the  small  sampling  size,  these  result's 
are  misleading.  From  Figure  1  and  Table  1,  it  can  be  shown  that,  although  the 
airplanes  vary  in  size  from  a  single-engine  fighter  type  to  a  four-engine  trans¬ 
port  type,  there  is  no  size  effect  either  wing  chord  or  wing  span. 

TABLE  1 

GUST  DATA  FOR  ALTITUDES  OF  5,  000  FEET  OR  LESS 

I  Single-Engine  Jet  Fighter  of  the  F-80  type 

©  Based  on  904.  1  miles  of  flight  at  200  M.P.H. 

C  Based  on  522.  6  miles  of  flight  at  300  M.P.H. 

(?  Based  on  522. 9  miles  of  flight  at  450  M.P.H. 

•  Based  on  371.  5  miles  of  flight  at  500  M.  P.  H. 

II  Single-Engine  Swept'-Wing  Jet  Fighter  of  the  F-86  type 

□  Based  on  517.4  miles  of  flight  at  300  M.P.H. 

IS  Based  on  523.  7  miles  of  flight  at  450  M.  P.  H. 

■  Based  on  258  miles  of  flight  at  600  M.P.H. 

III  Twin-Engine  Transport  Airplane 

Design  gross  wt.  39,900#;  wing  span  93';  design  speed  256  M.P.H. 

V  Based  on  77,  600  miles  at  all  typical  flight  speeds. 


TABLE  1  (CONTD) 

GUST  DATA  FOR  ALTITUDES  OF  5,  000  FEET  OR  LESS 

IV  Twin-Engine  Transport  Airplane 

Design  gross  wt.  40,  500#;  wing  span  92';  design  speed  280  M.P.H. 
A  Based  on  59,  800  miles  at  all  typical  flight  speeds. 
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V  Four-Engine  Transport  Airplane 

Design  gross  wt.  107,  000#;  wing  span  123';  design  speed  271  M.P.H. 
A  Based  on  48,  000  miles  at  all  typical  flight  speeds. 


VI  Four-Engine  Transport  Airplane 

Design  gross  wt.  91,  550#;  wing  span  117.  5 ';  design  speed  300  M.  P.  H. 

L  Based  on  51,  000  miles  at  all  typical  flight  speeds. 

Also,  from  Figure  I,  it  can  be  seen  that  both  fighter  gust  load  data  points  are 
practically  on  top  of  each  other,  even  though  one  has  straight-wing  while  the  other 
has  a  swept  wing.  True  there  is  some  scatter  in  the  data,  but  this  is  less  than  by 
including  the  so  called  "corrections"  for  size  and  speed.  In  addition,  this  simpli¬ 
fies  the  calculations.  It  is  the  opinion  of  the  author  that  altitude  is  the  only 
parameter  which  is  not  weighed  properly  in  Eqs.  2,  3,  and  4,  so  that  the  gust 
load  history  could  be  described  by  a  single  curve. 

The  flight  data  were  plotted  according  to  altitude,  and  curves  were  drawn 
through  the  mean  values.  These  curves  are  shown  on  Figure  2  as  solid  lines. 

The  long  dash  lines  which  extend  from  the  solid  lines  are  extrapolated  values. 

The  short  dash  lines  are  from  reference  (4),  which  is  now  considered  by  the 
author  to  be  obsolete  because  the  data  in  this  reference  were  not  direct  measure¬ 
ments,  but  were  largely  derived  from  indirect  measurements  (such  as  the  air¬ 
speed  fluctuations  and  turbulence  telemeter  data)  as  described  on  pages  3,  4,  5, 
and  7  of  reference  (4). 


2.  MANEUVER  LOADS 


The  maneuvering  load  investigations  are  not  as  far  advanced  as  are  the 
investigations  of  gust  loads.  NASA  TN  3086  gives  maneuvering  load  data  from  five 
types  (two  two-engine,  three  four-engine)  commercial  transports  recoided  by 
means  of  VGH  recorders.  A  comparison  of  the  VGH  records  showed  that  maneu¬ 
vers  performed  during  airplane  or  pilot  check  flights  were  quite  different  in  both 
magnitude  and  frequency  of  occurrence  from  maneuvers  performed  during  routine 
operational  flights.  Figure  3  is  a  comparison  of  acceleration  increments  caused 
by  operational  maneuvers.  Figure  4  is  a  similar  comparison  of  check-flight 
maneuvers.  As  shown  in  TN  3086  positive  and  negative  distributions  caused  by 
operational  maneuvers  are  essentially  symmetrical,  while  the  check-flight  maneu¬ 
vers  cause  a  greater  number  of  positive  accelerations  than  negative.  The  scatter 
m  check-flight  data  is  caused  to  a  large  extent  by  the  difference  between  air-line 
and  pilot  practice  rather  than  any  aircraft  parameter.  Hence,  it  would  be  wise  to 
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average  the  check-flight  data  unless  it  was  known  which  airline  would  be  using 
the  aircraft.  To  simplify  the  calculations,  the  positive  and  negative  number  of 
accelerations  have  been  averaged  for  Figures  3  and  4.  Hence,  these  can  be  con¬ 
sidered  as  the  number  of  load  reversals  about  1  g  load.  Figure  4  is  plotted 
using  total  flight  miles  rather  than  flight  miles  spent  in  check  flight  operation. 
Thus  for  a  given  number  of  flight  miles  the  loading  due  to  check  flight  can  be 
read  direct  from  Figure  4. 


3.  GROUND  LOADS 
a.  LANDING  IMPACT 

Figure  5  shows  the  probability  of  equaling  or  exceeding  a  given  value  of 
vertical  velocity  caused  by  landing  impact.  (6)  The  generalized  curves  in 
NACA  Report  1154  provide  an  analytical  mei.hod  for  converting  the  contact  verti¬ 
cal  velocity  to  maximum  center  of  gravity  acceleration  of  the  upper-mass.  A 
brief  summary  of  that  method  is  as  follows: 

Eq.  5  Uq  =  Vv  I  A2  g\i 

"Where:  A  =•  A^  ^ 

T (CdAn)Z  Cos  J 

Vv  =  Vertical  velocity 

/°  -  Mass  density  of  hydraulic  fluid 

A^  r Hydraulic  area 

Cd  a  Orifice  discharge  coefficient 

An  =Net  Orifice  area 

3  ~  Angle  between  shock-strut  axis  and  vertical 
g  =  Gravity 

Wj  =  Weight  of  upper  mass  on  one  strut 

a  s  Slope  of  linear  approximation  to  tire  force - 
deflection  characteristics 
UQ  :=  Contact  dimensionless  velocity 

Knowing  the  landing  gear  parameters,  use  Eq.  5  to  determine  the  dimension¬ 
less  velocity  at  contact  with  the  ground  by  obtaining  vertical  velocity  from  Figure 
5.  With  the  dimensionless  velocity  thus  obtained,  determine  maximum  dimen- 

II  * ' 

sionless  upper-mass  acceleration,  Uj  by  use  of  Figure  6.  Substituting  into 
Eq.  6  the  vertical  acceleration,  Va,  is  obtained. 

Eq.  6  Va  =  U" 

To  get  V&  in  terms  of  Ag,  divide  by  g. 
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Eq.  7  Ag  -  Va 
g 


b.  TAXI  LOADS 

Figure  7  gives  ,he  taxi  load  probability  distributions  for  1000  flights.  (6) 

This  curve  is  based  on  a  detailed  analysis  of  all  the  loads  experienced  in  taxiing 
for  four  airplane  types  and  the  scatter  in  the  load  level  at  a  given  probability  was 
small.  Thus  it  may  be  assumed  that  the  combined  distribution  can  be  used  to 
represent  all  taxi  operations. 

• 

c.  GROUND-AIR -GROUND  CYCLE 

This  loading  consists  of  transfer  of  airplane  weight  from  the  landing  gear  to 
the  wing  and  back  again  once  a  flight.  Because  the  load  is  of  large  magnitude  it 
can  be  significant. 

d.  GROUND  HANDLING 

Braking,  turning,  towing,  etc.,  are  important  from  the  viewpoint  of  fatigue 
of  the  landing  gear;  however,  these  conditions  have  little  effect  on  the  aircraft 
structure  as  a  whole,  and  is  therefore  not  discussed  further  in  this  paper.  NASA 
TM  1422  is  good  reference  on  fatigue  failures  in  landing  gears. 

II  FATIGUE  ANALYSIS  EXAMPLE 

The  following  example  is  an  actual  case  where  fatigue  cracking  occurred 
during  flight  operation  of  the  aircraft.  This  actual  case  was  used  so  that  a  com¬ 
parison  of  the  actual  to  the  analytically  calculated  life  could  be  made. 

1.  REQUIRED  DATA  FOR  ANALYSIS 

a.  The  laboratory  fatigue  test  S-N  curve  for  the  wing  joint  considered, 

Figure  8. 

b.  Typical  flight  mission  plot  of  airspeed,  weight,  and  altitude  vs.  distance, 
Figure  9. 

2 

c.  Wing  Data:  Wing  area  -  1463  ft.  ;  wing  chord  =13.64  ft. ;  slope  of  lift 
curve  =  4.  699  units/rad. 

_  3 

d.  Landing  Gear  Data:  Density  of  hydraulic  fluid  —  54.1  lbs.  /ft.  ;  hydrau¬ 
lic  area  =  .1704  ft.^;  orifice  discharge  coefficient  —  .96;  angle  between  shock- 
strut  axis  and  vertical  at  time  of  initial  ground  contact  for  a  typical  landing  =0; 
net  orifice  area  —  .00278  ft .  ^ ;  slope  of  linear  approximation  to  tire  force- 
deflection  curve  =  219,  000  lbs.  /ft. 
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e.  Stress  Analysis  Data:  lg  stress  for  joint  —  13,  000  p.s.i.  Stress  in 
joint  with  aircraft  fully  loaded  on  ground  =■  -5,  500  p.  s.i.  Ultimate  allowable 
stress  =  57,  000  p.  s.i. 

f.  Dynamic  response  approximately  equal  to  1 . 0  and  can  be  omitted. 

2.  CALCULATION  OF  REPEATED  LOADS 
a.  GUST  LOADS 

Eq.  2  Agmax  =  (4.699)  (.002377)  (1463)  Ve  ude  Kg 

Eq.  3  Kg  ,88/^g  /g= _ 2_W _ _ 

5.3-Hy^g  (4.  699)  (32.17)  (13.64)  (1463)/® 

=  W  (.  672  x  10“6) 

From  0-5000  ft.  altitude,  use  2,500  ft.  00221/2  =  ,9638 
From  Figure  9  W  =  94,  000  lbs .  ;  V  = 160  knots 
Ve  =  160  (1.15)  (1.465)^1  =  260  ft.  /sec. 
y^g  =  94,000  (.672  X  10-6)  =  28. 6  Ka  .88  (28.6)-  .742 

.00221  33.9 

Agmax=  8.17  Ve  Ude  Kg  (8.17)  (260)  Ude  (.  742)  =.  0168  Ude 

W  94, 000 

For  Agmax  =  •  3  ude  .  3/ .  0168  *  17 . 9 

In  a  similar  manner,  the  rest  of  columns  2  through  13  are  determined. 

Using  Figure  2  and  Ude  obtained  in  columns  8  through  13,  record  the  miles 
required  to  encounter  gust  velocities  greater  than  Ude.  Thus  to  determine  an 
acceleration  increment  of  .  3<Ag  < .  4  at  altitudes  between  0  and  5,  000  feet  during 
take-off  Ude  equals  17.9  and  23.8.  Miles  required  to  exceed  these  values  of 
Ude  are  95  and  940  from  Figure  2.  This  means  that  for  every  95  miles  of  flight 
an  acceleration  increment  of  greater  than  .  3g  is  expected.  From  Column  4, 
the  flight  distance  for  this  altitude  range  is  35  miles.  Hence  35/95  .3684  cycles 
greater  than  ,  3g  every  35  miles.  Also  35/940  .0372  cycles  greater  than  ,4g. 

The  number  cycles  between  .  3g  and  .  4g  is  .3684  -.0372.  Finally,  the  cycles 
for  all  altitude  ranges  for  the  same  acceleration  increment  are  summed. 

b.  MANEUVER  LOADS 

Maneuvering  load  cycles  per  mile  exceeding  a  given  value  of  Ag  are  obtain¬ 
ed  from  Figure  3  and  entered  in  Column  2  of  Table  3.  To  determine  Column  3, 
start  with  the  largest  value  of  Ag  and  subtract  the  load  cycles  per  mile  exceed¬ 
ing  g  from  the  next  largest  Ag.  Column  3  now  gives  in  this  particular  case  the 
load  cycles  per  mile  between  .  3g  to  ,4g;  .  4g  to  .  5g  and  greater  than  .5g.  In  a 
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similar  manner,  Column  4  and  5  are  determined  with  the  use  of  Figure  4.  To 
obtain  the  load  cycles  per  flight,  multiply  Column  3  and  5  by  the  miles  per  flight 
which  is  560.  These  values  are  entered  in  Columns  3  and  4  of  Table  6. 


A'<V| 

&V. 

if*.'! 
jf; 


TABLE  3 

MANEUVERING  LOADS 


Routine 

Maneuvers 

Check  Flight  Maneuvers 

1 

2 

3 

4 

5 

Cycles /Mile 

Cycles /Mile 

Cycles/Mile 

Cycles/Mile 

i 

Ag 

Exceeding  Ag 

Increment  Ag 

Exceeding  Ag 

Increment  Ag 

.2 

.00550 

.00488 

.00100 

.000319 

* 

.  3 

. 000620 

.  000532 

. 000681 

.000257 

* 

i 

o  4 

. 0000877 

. 0000682 

. 000424 

. 000186 

.5 

. 0000195 

. 0000195 

. 000238 

. 000100 

u 

.  6 

. 000138 

.0000622 

\ 

.7 

. 0000755 

.0000356 

k 

.8 

. 0000399 

. 0000267 

4 

fc 

.9 

. 0000132 

. 0000090 

-• 

1  .  0 

. 00000420 

. 00000309 

t 

»' 

1  .  1 

.00000111 

. 00000111 

i 

c.  LANDING  LOADS 

S 

$ 

Solving  for  A- 

(54.  1)(.  1703) 

=  1.88  x  104 

/ 

2( 

.96)(.002377)Z  (1) 

w 

i 

w 

From  Figure  9  landing  gross  weight 

=  88,  000  lbs.  Thus  for  two  main 

landing  gears  W  j  =  44,  000  lbs. 


Uo  =  Vv  (1-88x104)2  (32.17)  =  1 .  1 9  Vv 

(414  x  104)  (2.  19  x  105) 


2. 19  x  105 _ 

(1.88  x  10*)  (32.17) 


For  Ag>.  3  Ux  =<3/„362  =.83 
From  Figure  6  for  u"  =  .  83 


=  .  362  U'i 


UQ  =s  1.65 


Vv  =s  1.65/1. 19  =  1. 39 

From  Figure  5  for  Vy  “  1. 39  n  =  .  74 

This  method  is  used  to  determine  the  other  values  of  Table  4. 
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TABLE  4 


LANDING  LOADS 
(Per  Landing) 


1 

2 

3 

4 

5 

6 

Ag 

t 

U 

Vv 

n  (cycles) 

n  for  Ag 

o 

of  Load>Ag 

Increments 

.3 

.83 

1.65 

1.39 

.  74 

.11 

.4 

1. 10 

2.00 

1.68 

.63 

.  14 

.5 

1.38 

2.43 

2.04 

.49 

.  13 

.6 

1. 66 

2.  80 

2.35 

.36 

.  13 

.7 

1.93 

3.  18 

2.67 

.23 

.090 

.8 

2.21 

3.55 

2.98 

.  14 

.  072 

.9 

2.49 

3.93 

3.30 

.068 

.  035 

1.0 

2.76 

4.25 

3.47 

.033 

.021 

1.1 

3.04 

4.  63 

3.89 

.012 

.  0076 

1.2 

3.31 

4.95 

4.16 

.0044 

.  0033 

1.3 

3.59 

5.30 

4.45 

.0011 

.  0011 

d. 

TAXI  LOADS 

Taxi  loads  are  calculated  in  Table  5  using  Figure  7  and  the  same  procedure 
for  maneuvering  loads. 

TABLE  5 

TAXI  LOADS 
(Per  Landing) 

1  2  3 

Ag  Cycles  of  Load>Ag  Cycles  for  Ag  Increments 

.3  3.30  3.115 

.4  .185  .1765 

.5  .0085  .0085 

e.  GROUND-AIR -GROUND  CYCLE 

Stress  range  for  ground -air-ground  cycles  13,000  -  (-5,  500)  =  18,  500  p.  s.i. 
Alternating  Stress  =  18,  500/2  =  9,  250  p.s.i.  Mean  Stress  =(13,  000  -  5,  500) / 2  = 
3,  250  p.s.i. 

3.  Ag  FOR  THE  AVERAGE  NUMBER  OF  CYCLES 

In  the  previous  section  the  number  of  cycles  within  a  given  load  increment 
have  been  determined.  To  calculate  the  fatigue  damage  caused  by  these  load 


<*  / .' 


cycles  it  is  necessary  to  determine  a  single  value  of  Ag  which  will  best  represent 
all  load  cycles  within  a  given  load  increment.  Consider  the  load  increment 
between  .4  and  .5  Ag  for  cycles  caused  by  gust,  maneuver  and  check  flight.  The 
average  load,  .45  Ag  should  not  be  used  because  more  cycles  are  applied  within 
the  lower  half  of  this  load  increment  than  the  higher  half.  What  should  be  used 
is  the  value  of  Ag  which  will  divide  the  cycles  in  half  so  that  as  many  cycles  occur 
at  load  levels  below  Ag  as  occur  above.  To  calculate  this  value  of  £g  it  is  neces¬ 
sary  to  know  the  variation  of  the  frequency  of  cycles  within  the  load  increment. 

As  an  approximation  to  this  variation  the  number  of  cycles  within  the  load  incre¬ 
ments  below,  above  and  the  increment  in  question  will  be  used.  The  Lagrange 
Interpolation  Formula  will  be  used  to  pass  a  curve  through  these  three  points; 
8.9452,  1.8195,  .4342. 

y  -C1  (8.9452)  (x-1)  (x-2)  +C2  (1.8195)  (x-0)  (x-2)  +C3  (.  4342)(x-0)(x-l) 

To  evaluate  Cq,  let  x  =  xj  (i.  e,  o) 

Yl  =  8.9452  =  Ci  (8.9452)  (-1)  (-2)  Cl  =.50 

y2  =1.8195  =  C2  (1.8195)  (1)  (-1)  .*.  c2  =■  -1 


Y3  —  .  4342  =C3(.4342)  (2)  (1)  .* .  C3  50 

y  =  4.4726(x2  -  3x  +  2)  -  1.8195  (x2  -  2x)  +  .2171  (x2  -  x) 


Integrating  and  evaluating  constant  gives: 

Y  =  4.4726  ^j£-  3x^4  2xj  -  i .  8195  -  xZJ  +-.  2171  ^x^_  -  x2j-f  8.9452 


Using  the  middle  one  third  of  the  curve  which  is  from  .5  to  1.5  and  solving 
for  x  which  will  divide  the  area  in  half. 


4.4726 /x-5  -  3x2  +  Zxj  -  1.8195  -  xj  +.  217 l^xf  -  jcjjf  8. 


9452 


n  3  ? 

4.  4726  /  x  -  3x  4  2x 


ij  -  1.8195  ^x_  -  x  j+.2171^x_ 


x3  -  x2\+8.9453 


-1 . 5 


Solving  for  x  gives  .  77.  Since  x  =  .  5  corresponds  to  .  4  a  g  and  x  =  1 . 5 
corresponds  to  .  5  Ag  thus  for  x  =.  77^  Zg  =  .  427. 
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4.  EFFECT  OF  MEAN  STRESS  ON  ALTERNATING  STRESS 


Because  of  the  expense  and  time  involved  in  constructing  and  fatigue  testing 
wing  joints,  usually  only  one  S-N  curve  of  a  given  mean  stress  is  obtained. 

Since  gust,  maneuver  and  check  flight  loads  all  fluctuate  about  a  one  G  load 
condition,  this  is  the  mean  load  or  mean  stress  generally  used.  The  problem  is 
to  extrapolate  this  single  S-N  curve  to  a  family  of  S-N  curves  with  mean  stresses 
corresponding  to  the  mean  stresses  shown  in  Figure  10  for  taxi,  landing  impact 
and  ground -air -ground  loading  conditions. 

The  tension  surface  of  the  wing  joint  is  .  064  inch  thick  clad  7075-T6  so  that 
the  fatigue  properties  of  notched  specimen  made  from  sheet  7075-T6  can  be  used 
to  estimate  the  fatigue  life  of  the  wing  joint.  To  take  into  consideration  such 
factors  as  secondary  bending  stresses,  which  are  difficult  to  calculate  in  com¬ 
plex  built  up  structure,  mean  stress  and  alternating  stress  will  be  plotted  as  a 
per  cent  of  ultimate  tensile  stress.  There  are  four  variables  which  are  neces¬ 
sary  for  the  extrapolation:  mean  stress,  alternating  stress,  fatigue  life,  and 
stress  concentration  factor.  To  be  able  to  plot  this  data  will  require  a  three 
dimensional  plot  or  holding  one  of  the  variables  constant.  With  fatigue  life  held 
constant  a  family  of  curves  as  shown  in  Figure  11  can  be  plotted.  The  solid 
lines  are  from  S-N  curves  of  notched  7075-T6  sheet  specimens  and  the  single 
data,  points  are  from  the  S-N  curve  of  the  wing  joint.  The  dashed  line  is  an  inter¬ 
polation  between  the  stress  concentration  factors  and  is  used  to  establish  allow¬ 
able  fatigue  cycle  curves  shown  in  Figure  12.  Note  that  for  all  fatigue  lifes  the 
wing  joint  has  the  same  stress  concentration  factor.  This  indicates  that,  for 
one  G  mean  load  at  least,  the  S-N  curve  of  the  wing  joint  has  the  same  shape  as 
the  S-N  curve  of  simple  specimen  with  the  same  stress  concentration  factor. 

5.  FATIGUE  DAMAGE 

To  calculate  fatigue  damage,  the  value  of  Ag  is  used  with  Figure  12  to 
obtain  an  allowable  number  of  cycles,  N.  Miner's  cumulative  damage  theory 
is  then  employed  to  calculate  the  life  of  the  wing  joint.  The  cumulative  damage 
theory  was  checked  by  N.A.S.  A  with  fatigue  tests  on  C-46  aircraft  wings.  The 
results  of  the  constant  amplitude  tests  are  given  in  N.A.S.  A.  TN's  2920,  3190 
and  3847.  These  results  were  used  to  establish  the  S-N  curve  for  the  C-46  wing. 
Tests  were  theri  conducted  using  a  spectrum  of  loads  derived  from  gust-frequency. 
The  results  are  given  in  N.A.S.  A  TK  4132  and  the  following  information  is  from 
that  TN.  The  first  cracks  to  appear  were  predicted  reasonably  well  by  the 
Linear- Cumulative -Damage  theory.  (Actual  value  of  Z.n/N  =  1,45)  Since  the 
example  considered  is  life  to  cracking  the  fatigue  life  is  also  calculated  using 
the  1 . 45  factor. 


TABLE  6 


Ag 

Gust  n 

Man  n. 

Check  n 

2.  n  N  ( 

n/N)10“3 

.220 

65.1116 

2. 7328 

.  1786 

68. 0220 

oc 

0 

.321 

8.5086 

.2927 

.  1439 

8.9452 

80,  000 

.11182 

.427 

1.6771 

.  0382 

.1042 

1.8195 

34, 000 

.05352 

.530 

.3673 

.  0109 

.0560 

.4342 

19, 000 

.02285 

.  636 

.1083 

.0348 

.  1431 

11, 000 

.01301 

.  720 

.  0718 

.0199 

.0917 

7,600 

. 01207 

.824 

.  0150 

.0159 

5,  000 

. 00300 

.922 

. 00186 

. 00186 

3,  650 

. 00051 

1.046 

. 00186 

.00186 

2,450 

. 00076 

1.150 

.00062 

.00062 

1,  750 

. 00056 

2n/N  = 

.21810 

Ag 

Land  n 

N 

(n/N)10“3 

Ag  Taxi  n 

N 

(n/K)10-3 

.250 

.270 

«C 

0 

.  341 

.220 

300, 000 

.00073 

.314  3.115 

0 

.439 

.  107 

110,  000 

.00097 

.413  .1765 

cC 

0 

.  531 

.0286 

66, 000 

. 00043 

.550  .0085 

33,  000 

. 00026 

.650 

.  0044 

42, 000 

. 00010 

Sn/N 

=.00223 

Ag 

G-A-G  n 

N  (: 

n/N)xl0"3 

.712 

1 

35, 000 

. 02857 

Gust,  maneuvering  and  damage  check  flight  ~  .21810  x  10-3 

Ground -air-ground  cycle  =  .02857  x  10~3 

Landing  impact  -.00223  x  10“3 

Taxi  — .  00026  x  10-3 

Total  fatigue  damage  per  flight  =  .24916  x  10"3 

Total  allowable  fatigue  damage  _  1. 0  x  10“3  =  4, 013  Flights 
Total  fatigue  damage  per  flight  .24916 

(Flights)  (Hours /flight)  —  4,  013  (2.  1)  =  8,427  hours  calculated  fatigue  life 
N.A.S.A.  factor  1.45  (8,427)  —12,219  hours 

The  summary  of  actual  service  difficulties  by  the  airlines  report  fatigue 
cracking  for  the  joint  as  occurring  between  10,  000  and  12,  200  hours. 
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Professor  A.  M.  Freudenthal,  Columbia  University- 
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Mr.  James  C.  McClymonds,  Douglas  Aircraft  Co. 

*  Mr.  James  E.  Hayes,  Oklahoma  City  Air  Materiel  Area 

Editorial  Note:  Attention  is  directed  to  the  editorial  policies  presented 
in  the  Preface  which  were  followed  in  editing  the  discussions  of  the  Forum. 

CHAIRMAN,  PROFESSOR  FREUDENTHAL: 

The  first  question  is  directed  to  Professor  Shanley,  by  Mr.  Schuette  of 
Dow  Metal  Products.  It  says:  "You  indicate  fatigue  may  be  a  function  of  plastic 
strain  amplitude  alone.  This  seems  unreasonable  if  part  or  all  of  the  strain  is 
compressive.  Would  you  please  comment  on  this?" 

MR.  SHANLEY: 

We  have  fatigue  failures  in  compression  and  the  results  -  the  type  of  failure 
that  we  see  is  usually  a  little  wedge  which  indicates  that  the  crack  did  form  along 
a  diagonal  plane  and  is  no  exception  to  the  general  idea  that  the  fatigue  failure  is 
caused  by  shear  stresses  —  shear  stresses  cause  plastic  strain.  Perhaps  the 
point  that  is  bothering  you  is  that  it  does  require  much  longer  time  to  produce 
failure  if  you  have  a  mean  compressive  stress  and  as  you  know,  they  have  pro¬ 
duced  failures  in  compression  when  the  entire  stress  range  stayed  on  the  compres¬ 
sive  side  and  this  has  puzzled  some  people.  But  what  I  didn't  have  time  to  say  in 
the  paper  is  that  in  developing  the  basic  theory,  I  not  only  assumed  that  the  funda¬ 
mental  factor  in  causing  the  crack  is  the  cyclic  plastic  strain  but  the  next  hypothe¬ 
sis  or  assumption  after  that  is  that  the  way  the  crack  grows  is  also  affected  by  the 
normal  stress  acting  across  this  plane.  In  fact  it  is  through  that  hypothesis  that 
I  get  the  correction  factor  which  moves,  the  SN  curves  up  and  down  on  the  SN  chart 
and  gives  you  the  different  curves  for  the  mean  stress.  So,  unless  I  misunderstand 
the  question,  the  answer  is  that  the  theory  does  include  compressive  stresses  and 
this  is  done  by  adding  one  more  factor  which  may  be  linear  or  may  be  some  other 
function  but  at  any  rate,  it  is  a  function  of  the  normal  stress. 

CHAIRMAN: 

Which  brings  us  immediately  into  the  next  question!  There  are  two  questions. 
The  two  questions  are  rather  similar.  One  is  by  Mr.  Schleicher  of  North  American 
who  asks:  "Please  discuss  briefly  fatigue  strength  (or  life)  involving  combined 
stress  i.  e.  biaxial  or  even  triaxial  stresses". 


*Mr.  Hayes  presented  a  summary  of  his  paper  at  the  start  of  the  forum.  Techni¬ 
cal  recording  difficulties  prevented  the  inclusion  of  his  presentation  in  the  forum 
session. 
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And  then  there  is  the  question  by  Mr.  Ades  of  Bendix  which  says:  "What  is 
£  (epsilon)  under  conditions  of  combined  stress?" 

MR.  SHANLEY: 

Again  I  had  to  skip  that  portion  of  my  paper.  There  were  no  slides  on  it 
either  but  it  seems  to  me  that  a  very  simple  concept  will  go  a  long  way  towards 
solving  the  combined  stress  problem  of  which  the  mean  stress  problem  is  just 
one  factor.  This  concept  which  I  had  in  my  early  paper  is  simply  this:  during 
the  largest  part  of  the  fatigue  life,  the  crack  is  growing  within  probably  a  single 
crystal  or  at  least  it  should  be  if  the  design  is  correct.  Now  if  we  think  of  this 
crystal  (of  course  there  may  be  thousands  of  these  that  are  trying  to  develop 
cracks,  but  let’s  pick  any  one  of  them)  this  crystal  is  completely  surrounded  ex¬ 
cept  for  the  surface  by  others  and  it  is  not  free  to  move  in  any  direction  or  slip 
merely  as  a  result  of  the  stress  on  it  itself.  You  might  say  that  the  little  crystal 
is  a  specimen  in  a  larger  testing  machine  and  the  testing  machine  is  the  fatigue 
specimen  itself.  Now  this  idea  means  that  when  we  encounter  combined  stresses 
what  we  should  do  is  apply  the  best  knowledge  we  have  on  the  theory  of  plasticity 
to  calculate  the  plastic  strain  in  the  region  of  this  crystal.  If  the  crystal  is  part 
of  the  overall  mass  cf  crystals,  it  must  accommodate  itself  to  this  strain  whether 
it  be  weak  or  strong.  That  furnishes  us  with  a  tool  by  which  we  can  apply  all  that 
we  know  about  the  theory  of  plasticity,  whether  you  want  to  use  octahedral  stress 
or  what-not.  Actually,  all  I  did  in  the  paper  was  to  take  the  same  equations,  re¬ 
place  -  instead  of  saying  that  the  delta  epsilon  sub-t  is  say  a  power  function  of 
the  axial  stress  or  whatever  you  want  to  call  it,  you  merely  say  it  is  a  function 
of  the  shear  stress  -  whatever  shear  stress  you  wish  to  use. 

CHAIRMAN: 

Thank  you,  Professor  Shanley.  Let’s  change  the  subject  for  a  moment  so 
we  get  around  and  hand  a  question  to  Mr.  Butler  -  again  two  questions  -  I’ll  read 
the  overlapping  part  first.  "What  is  industry’s  definition  of  ’first  fatigue  crack’ 
and  how  is  it  determined?’  which  is  a  question  by  Mr.  Frankel  of  the  Bureau  of 
Standards  and  the  same  question  is  put  by  Mr.  Stone  of  WADC,  who  says  "In 
general,  what  is  the  definition  of  ’first  crack’  ?" 

MR.  BUTLER: 

The  definition  of  "first  crack"  is  of  particular  application  to  structural 
component  tests  or  multiple  member  tests.  In  other  words,  it’s  an  attempt  to 
define  the  appearance  of  the  first  crack  in  either  a  stiffener  or  in  the  skin  member 
of  a  panel  that  consists  of  several  stiffeners  or  several  skin  panels  or  combina¬ 
tions  of  it.  Its  detection  is  either  by  inspection  at  repeated  intervals  or  by  the 
use  of  crack  detection  wires.  This  latter  scheme  is  merely  the  cementing  of  a 
very  fine  insulated  wire  to  the  structural  member  in  the  vicinity  of  those  areas 
which  are  suspected  of  being  critical  areas  in  the  panel.  This  is  not  always  sus- 
cessful,  I'm  sorry  to  say,  and  that  perhaps  the  panel  too  will  be  devoted  to  finding 
the  critical  locations  but  by  use  of  this  wire  which  is  cemented  adjacent  to  a  rivet 
or  a  bolt  location,  the  growth  of  fatigue  crack  from  that  particular  area  will  pass 
under  the  wire  and  cause  its  subsequent  fracture  or  cause  the  fatigue  test  machine 
to  stop,  or  lights  to  flash  or  bells  to  ring  or  whatever  you  prefer.  This  does  not 
provide  detection  of  the  crack  in  microscopic  form  but  rather  it  is  a  fatigue  crack 
which  can  by  careful  or  reasonably  careful  inspection  be  seen.  It  is  something 
that  you  would  expect  a  maintenance  man  of  an  airline  or  a  service  to  be  able  to 
detect  during  inspection  periods  on  the  aircraft  structure. 


CHAIRMAN: 


Thank  you.  The  second  part  of  Mr.  Frankel's  question  is  as  follows:  "With 
reference  to  the  factors  causing  variability,  such  as  environment,  manufacturing 
processes,  etc.  can  you  state  how  much  is  contributed  to  the  total  by  each 

of  the  components?" 

MR.  BUTLER: 

I  can  answer  that  real  quick- like!  I  can’t.  It  is  possible  to  examine  data  in 
the  literature  to  find  out  the  influence  of  these  individual  processes  and  I  think 
that  each  one  must  be  considered  in  the  light  of  the  particular  design  or  the  parti¬ 
cular  fatigue  problem  which  faces  the  individual. 

CHAIRMAN: 

There  is  another  question  to  Mr.  Butler  from  Mr.  Bernard  Simon  of  Aero¬ 
jet  which  reads:  "Have  the  specimens  which  fell  on  the  high  end  of  the  scatter 
been  investigated  to  determine  how  these  specimens  differed  from  those  which 
fell  near  the  mean  or  normal  scatter  points  and  if  so,  in  general  what  was  found?" 

MR.  BUTLER: 

In  many  of  the  specimens  which  fell  on  the  high  side  or  rather  I  should  say 
for  most  of  the  specimens  that  failed  on  the  high  side  this  data  is  obtained  through 
literature  search  and  examination  of  the  particular  material,  its  condition  and  any 
of  the  many  associated  details  important  to  fatigue  performance  were  not  detect¬ 
able  by  our  study,  hence  I  cannot  add  any  information  to  that.  Generally  though, 
those  in  the  low  scatter  band  were  those  of  typical  joints  or  bolted  or  riveted  type 
specimens. 

CHAIRMAN: 

Thank  you.  There  is  a  question  to  Mr.  McClymonds  from  Mr.  Galof, 
Radioplane  Division  of  Northrop:  "Have  you  investigated  the  results  of  white 
noise  applied  to  a  structure  which  has  significant  response  at  two  or  more  natural 
frequencies  ?" 

MR.  McCLYMONDS: 

The  answer  is  that  we  haven't  investigated  this.  I  wish  I  could.  I  wish  I 
had  a  wave-noise  generator  that  would  put  out  the  type  of  acoustical  output  that  I 
require.  If  this  were  available,  I  think  it  would  be  one  of  the  finest  tools  that  we 
could  have  in  this  problem  but  to  my  knowledge  it  is  not  available. 

CHAIRMAN: 

Thank  you.  To  Dr.  Grover  from  Mr.  Berks,  Reaction  Motors  Division, 
Thiokol  Chemical  Corporation:  "What  is  the  effect  of  cycling  rate  on  fatigue 
damage?  An  S-N  diagram,  for  example,  implies  that  the  cycles  to  failure  is  in¬ 
dependent  of  cycling  rate;  is  this  true?" 
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DR.  GROVER: 


First,  I  would  like  to  say  that  the  statement  that  the  S-N  diagram  is  inde¬ 
pendent  of  cycling  rate  certainly  has  some  limitations.  This  is  not  true  for  situ¬ 
ations  where  other  independent  processes  -  it  is  not  true  for  example  in  elevated 
temperatures  where  creep  may  exist  and  be  important.  It  is  not  true  in  the 
presence  of  corrosion  which  has  different  time  dependents.  So  these  limitations, 
of  course,  apply  to  damage  also.  So  far  as  the  damage  being  independent  of 
cycling  rate  in  circumstances  where  the  S-N  curve  appears  not  to  be,  I  don’t  know 
of  any  real  evidence  that  is  statistically  significant.  I  suspect  that  the  damage  is 
not  solidly  dependent  on  cycling  rate  except  under  situations  where  the  S-N  curve 
would  be  so  likewise.  Perhaps  someone  else  on  the  panel  has  a  better  answer  than 
this. 

CHAIRMAN: 

Thank  you,  Dr.  Grover.  There  is  a  question  by  Mr.  Marble  of  General 
Electric  to  Dr.  Grover  which  I'll  read:  "Isn’t  the  important  thing  the  reduction 
in  endurance  or  long-life  stress  to  failure  rather  than  life?  The  crack  or  incipi¬ 
ent  fracture  which  will  propagate  is  the  factor  of  danger.  "  I  hope  Dr.  Grover 
understands  the  question. 

DR.  GROVER: 

I’m  not  sure  I  understood  that  one  either.  There  are  several  ways  of  look¬ 
ing  at  calculations.  One  may  look  at  the  calculation  of  reduction  in  strength  or 
reduction  in  life  with  some  advantage  in  one  way  or  the  other  as  in  arithmetic  or 
alegbra,  I  am  not  quite  sure,  perhaps,  Mr.  Marble  could  explain  more  accurately 
what  the  question  is,  what  he  had  in  mind. 

MR.  MARBLE: 

Well,  essentially,  shouldn’t  we  have  a  damage  criteria  on  stress  rather 
than  life?  Shouldn't  we  calculate  it  all  at  constant  life  basis?  What  we  want  to 
know  is  an  aircraft  that  we  all  know  will  last  about  the  same  length  of  time,  they’re 
all  going  to  be  obsolete  at  about  the  same  time,  what  we  want  to  know  is  what  does 
it  go  through  that  causes  it  to  lose  some  load-carrying  ability  and  it  is  this  measure 
of  loss  of  load-carrying  ability  that  we  really  want  to  know  -  not  that  we  want  to 
change  the  life  ? 

DR.  GROVER: 

■» 

This  one  would  be  a  good  thing  if  I  catch  your  point.  We  might  be  able,  for 
example,  to  use  an  aircraft  longer  if  we  knew  something  more  about  the  reduction 
in  its  stress-carrying  ability  and  could  use  it  longer  under  lighter  loading  condi¬ 
tions  but  I  don't  think  that  I  know  enough  about  the  details  of  design  to  answer  that 
question  really.  Perhaps  Dr.  Shanley  would  care  to  make  a  remark  on  this  ques¬ 
tion? 

MR,  SHANLEY: 

I'd  like  to  make  a  remark  on  a  closely  related  subject  which  I  think  should 
always  be  brought  up  about  this  time  and  that  is,  that  in  all  the  discussions  of 
scatter  and  variability,  we  seem  to  deal  with  life  which  is  natural  because  it  is 
the  only  thing  you  can  measure  in  the  test.  But  many  years  ago,  in  fact,  when 


the  very  first  NACA  test  for  variable  amplitude  loading  was  published  (I  have  a 
reference  in  my  paper  -  at  least  among  my  area  papers)  it  occurred  to  me  to 
translate  this  into  the  stress  required  to  produce  a  given  life  rather  than  the  life 
which  would  be  obtained  with  a  given  stress,  and  I  was  very  much  surprised  to 
discover  two  things.  First,  that  the  very  wide  scatter  and  stress  in  life  became 
what  I  would  consider  a  perfectly  nominal  scatter  in  stress  and  secondly,  that 
the  different  methods  of  simulated  damage  tended  to  give  just  about  the  same  re¬ 
sults.  I  had  developed  a  method  at  that  time  which  I  called  the  2x  method  and  it 
was  because  of  the  publication  of  the  NACA  results  that  I  developed  the  method. 
Then  when  I  found  that  really  the  stress  -  the  designer  is  interested  in  the  stress, 
that’s  all  he  can  control.  He  cannot  control  the  life  only  through  the  stress,  so  the 
real  question  and  the  one  which  affects  the  weight  of  the  airplane  and  which  finally 
gives  us  the  payoff  on  this  thing  which  I  mentioned  before,  is  not  really  the  life. 

We  should  say  what  life  we  want  and  put  a  good  big  factor.  You  saw  factors  of 
four  or  five  I  wouldn't  mind  saying  ten.  After  all  you’re  only  moving  one  notch 
over  on  the  logarithmic  curve  to  get  a  factor  of  ten  and  why  not  do  it?  Do  you 
think  that  this  is  going  to  ruin  the  capability  of  the  airplane?  I  don't  think  so. 

Then  having  picked  this  long  life,  now  go  back  and  take  everything  that  has  been 
said  on  scatter  and  translate  it  into  stress  and  if  you'll  do  that,  you  will  be  very 
much  surprised.  I  would  be  willing  to  bet  money  that  the  scatter  is  always  going 
to  be  less  than  that  that  we  know  we  have  for  the  buckling  of  the  thin  wall  shell 
which  we  use  without  any  question.  This  I  think  must  always  be  said  that  the 
structure’s  design  and  stress  man  i3  interested  in  stress  and  much  of  the  pessi¬ 
mism  that  we've  heard  about  scatter  will  become  optimism  if  we  do  that. 

CHAIRMAN: 


I  hope  this  implies  the  realization  that  you  accept  the  scatter  band  of  one  to 
ten  as  something  normal  in  life. 

MR.  SHANLEY: 

Now  imagine  that  you  designed  a  specimen  which  is  just  barely  below  the 
endurance  limit.  It  will  have  infinite  life.  Maybe  you  slipped  up  a  little  and  the 
stress  is  one-thousand  psi  higher,  maybe  only  five  hundred  or  the  diameter  is 
just  a  little  smaller,  this  specimen  will  now  fall  over  on  the  diagonal  part  of  the 
curve.  This  scatter  is  infinite.  That's  all  I  have  to  say  on  that. 

CHAIRMAN: 


If  you’ll  keep  the  microphone  on,  we'll  have  another  question.  The  question 
is  from  Mr.  Grosskreutz  of  Midwest  Research  Institute:  "Do  you  know  of  any  data 
supporting  the  linear  log  delta  epsilon  versus  log  N  plot  for  the  values  of  delta 
epsilon  smaller  than  one -thousandth?" 

MR,  SHANLEY: 

There  are  some  in  the  references  that  were  given  there  which  as  I  said  show 
that  the  curves  start  to  branch  off  to  the  right  and  now  you  do  see  a  large  difference 
in  what  might  be  called  the  endurance  limit  and  this  is  to  be  expected  because  the 
main  difference  between  the  materials  is  that  some  materials  start  to  slip  earlier 
than  others.  After  all,  that's  all  we're  doing  in  the  heat-treated  materials.  We're 
raising  the  stress  at  which  it  starts  to  slip,  so  that  if  you  can  remember  this 
curve  rather  than  this  single  line  --if  you  now  heat-treat  this  mater;al  and  raise 
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the  yield  stress  or  the  proportional  limit  by  ten  thousand  psi,  you’re  going  to 
change  the  point  at  which  you  begin  to  get  fatigue  and  this  gets  tied  up  with  the 
question  of  whether  you're  plotting  plastic  strain  or  just  plain  cyclic  strain. 

These  details  I  didn’t  want  to  go  into.  I  didn’t  make  it  clear  on  that  diagram  be¬ 
cause  some  of  the  papers  report  plastic  cycling  strain  and  others  report  cyclic 
strain.  Unfortunately  when  you  make  the  test,  you  have  to  control  the  strain  per¬ 
iod  -  not  the  plastic  strain,  so  this  is  a  little  detail  that  needs  to  be  worked  out. 

I  hope  that  answers  the  question. 

CHAIRMAN: 


Yes,  it  answers  this  question  but  Mr.  Yorgiadis  has  one  about  the  same  type, 
so  that  you  can’t  get  out  of  it.  It  says:  "What  is  the  ’plastic  cyclic  strain'  ordinate 
of  Fig.  1  ?  What  is  the  bandwidth  beyond  one  million  cycles  and  up  to  one  hundred 
million  cycles?  Why  was  plot  limited  to  one-half  a  million  cycles?"  This  brings 
you  right  back. 

MR.  SHANLEY; 


I  merely  re-plotted  Figure  1  beyond  the  paper  I  referred  to  -  the  ordinant 
I  can't  very  well  tell  you  without  putting  the  slide  back  on  but  one  thing  I  will  say 
is  that  at  say  ten  to  the  three  cycles  to  failure,  one  thousand  cycles,  the  plastic 
strain  is  about  two  per  cent.  Now  if  you  remember  the  equation  which  has  the 
power  of  two  in  the  denominator,  that  means  that  all  you  have  to  remember  is  that 
one  point  of  the  power  of  two  and  you  can  draw  a  diagram.  As  to  the  second  part 
going  out  into  the  high  cycle  range,  I  think  I  answered  that  in  the  first  question. 

I  hope. 

CHAIRMAN: 


Thank  you.  But  keep  the  microphone  because  there  is  a  question  by  Mr. 
Frankel  of  the  Bureau  of  Standards:  "1  believe  that  you  stated  that  plastic  flow 
at  the  root  of  a  crack  causes  an  advance  in  crack  length.  Plastic  flow  implies 
dislocation  or  vacancy  movement,  however  recent  work  by  Rosenberg  in  England 
at  liquid  helium  temperatures,  seems  to  preclude  any  vacancy  motion.  Do  you 
think  that  another  mechanism  operates  at  these  low  temperatures?" 

MR.  SHANLEY: 

I  don’t  know  whether  to  say  I  don't  know  enough  about  it  or  whether  we  should 
meet  outside  but  in  any  case  I  think  we  had  better  not  try  to  go  into  that.  I’d  like 
to  discuss  it  later  though. 

CHAIRMAN: 


Thank  you,  it  is  a  rather  complicated  question.  I  just  wondered  how  you 
could  get  out  of  it! 

The  next  question  is  to  Mr.  Butler  by  Mr.  Goodling,  Olmsted  AFB:  "Have 
many  fatigue  life  tests  been  made  on  shot-peened  specimens?  If  so,  what  scatter 
characteristics  were  indicated  as  compared  with  tests  on  plain  specimens?" 
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MR.  BUTLER: 


From  personal  direct  knowledge  I  am  not  in  a  position  to  discuss  this 
question,  I  think.  I  have  observed  data  performed  by  other  people  and  shot-peening 
in  itself  does  provide  scatter  in  test  results.  There  is  data  existing  which  I  would 
like  to  call  to  your  attention  concerning  something  like  shot  fatigue,  that  it  is 
possible  in  the  long  life  cycles  to  get  tremendous  increases  in  fatigue  perform¬ 
ance  by  shot-peening.  However,  if  the  test  or  test  stress  levels  are  increased 
to  the- finite  levels  often  experienced  in  aircraft  structures,  the  advantage  of  shot- 
peening  is  negligble.  It  dwindles  out.  There  is  also  other  work  that  says  that 
repeated  load  cycles  on  materials  that  have  residual  stresses  such  as  you  would 
get  from  shot-peening  can  disappear  with  time. 

I  would  just  like  to  make  a  switch  here  -  about  a  question  a  moment  ago  and 
indicate  that  I  was  perhaps  out  of  step  with  a  good  many  people  in  the  auditorium 
here.  This  concerns  the  significance  of  stress  and  fatigue  life.  I'm  afraid  that 
if  you  use  typical  structures  and  use  stress  as  a  means  to  accomplish  increased 
life  -  that  is  the  reduction  of  stress  -  that  there  are  finite  weight  penalties 
associated  with  this  type  of  endeavor  and  I  suggest  that  any  one  interested  in  ex¬ 
ploring  this  factor  do  try  this  approach  with  developed  fatigue  curves  and  if  I  may 
be  so  bold  to  suggest  the  minor  scheme  of  the  damage  and  note  the  problems  in 
which  one  attains  or  reaches  by  attaining  fatigue  life,  by  reduction  of  stress,  it 
is  more  than  a  few  per  cent  that  Mr.  Shanley  here  has  indicated  but  again  fatigue 
is  a  many-sided  subject  and  it  is  all  from  the  point  of  view.  Thank  you. 

CHAIRMAN: 


We  have  a  few  minutes  -  not  too  many  and  since  there  have  been  no  questions 
on  stress  concentration  and  Mr.  Peterson  is  sitting  at  complete  ease,  I  will  put 
one  question  to  him:  "I  would  like  to  know  Mr.  Peterson's  view  as  to  whether 
through  stress  concentration  there  is  a  possibility  of  correlating  specimen  tests 
with  structural  parts  or  with  whole  structures  -  how  would  you  look  at  this  subject?" 

MR.  PETERSON: 


I  think  I  indicated  that  you  have  a  long  ways  to  go  from  just  a  very  simple 
test  to  complete  airplanes.  There  are  so  many  factors.  I  think  Mr.  Rhode 
brought  this  out  quite  well  yesterday.  You  have  to  consider  spectrum  loading. 
You  have  to  consider  the  relation  of  in-stress  to  alternating  stress.  You  have  to 
consider  all  these  statistical  variations,  so  that  it  is  very,  very  difficult.  I  re¬ 
gard  this  as  simply  the  first  step  in  the  whole  process. 

CHAIRMAN: 


There  have  been  proposals  from  some  quarters  saying  that  an  airplane,  for 
instance,  or  a  structure  can  be  defined  in  terms  of  its  critical  stress  concentra¬ 
tion  factor  and  then  correlated.  These  tests  were  on  specimens  with  the  same  con¬ 
centration  of  stress. 

MR.  PETERSON: 


I  doubt  whether  that  is  possible. 
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CHAIE.MAN: 

We  may  have  one  or  two  more  questions  from  the  floor.  Will  you  identify 
yourself  ? 

■MR.  BERKS: 


My  name  is  Berks  from  Reaction  Motors  Division  of  Thiokol  Chemical.  I 
have  a  question  for  Mr.  Peterson.  What  is  the  effect  of  stress  concentrations  on 
a  single  load  application  which  is  applied  at  a  very  rapid  rate?  I  know  we  ordi¬ 
narily  disregard  stress  concentration  for  a  single  load  application  but  dees  the  rate 
of  load  have  any  effect  ? 

MR.  PETERSON: 

Well,  it  certainly  must  because  you're  speaking  about  an  impact  test  and 
if  we  take  a  charpie  test  -  of  course  this  is  just  what  you  do,  you  put  a  "V"  notch 
into  the  piece  and  this  of  course  has  a  very  pronounced  effect.  But  whatever 
method  you  use  for  analyzing  that  would  be  quite  different  from  fatigue. 

MR.  BERKS: 


I  wasn't  considering  an  impact  test  as  such  but  considering  a  rocket  motor 
case  that  is  suddenly  pressurized.  With  the  pressurization  we  may  have  built  in 
stress  concentration  in  the  case  somewhere. 

MR.  PETERSON: 

Ordinarily  we  disregard  stress  concentration  and  disregard  the  rapid  load¬ 
ing  rate. 

MR.  BERKS: 

I  would  like  your  opinion  on  whether  this  is  a  reasonable  assumption  to  make 
or  whether  we  should  take  into  account  this  stress  concentration  under  this  load¬ 
ing? 

MR,  PETERSON: 

What  kind  of  material  is  this  ? 

MR.  BERKS: 

Let's  say  a  high  strength  steel. 

MR.  PETERSON: 

I  would  think  it  would  be  very  questionable  to  ignore  this,  although  I  don't 
^  have  any  information  on  this.  I  would  think  you  would  have  an  effect. 

MR.  BERKS: 

How  about  in  a  ductile  material,  such  as  the  aluminums? 
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MR.  PETERSON: 


Again  it  would  depend  upon  the  rate  of  loading.  I  don’t  think  you  can  make 
a  specific  answer  to  your  question  unless  you  put  down  all  of  the  conditions  -  the 
precise  rate  of  loading  and  so  on. 

MR.  BERKS: 

Well,  what  can  we  compare  the  loading  rate  to?  Is  it  to  the  speed  of  sound 
in  materials,  for  example?  Or  is  there  any  other  criteria  which  we  can  use? 
What  is  to  decide  whether  our  loading  rate  is  "rapid"  or  not? 

MR.  PETERSON: 

I  don’t  think  I  can  answer  that  particular  question.  I  haven’t  worked  on  that 
particular  one  myself.  Perhaps  someone  else  on  the  panel  has. 

CHAIRMAN: 


I  could  try  just  to  make  one  short  remark.  It  appears  obvious  that  any  re¬ 
duction  in  stress  concentration  effect  depends  on  the  appearance  of  plastic  forma¬ 
tion  and  if  the  loading  rate  is  high  enough  to  prevent  plastic  deformation,  then 
probably  the  full  stress  concentration  should  be  considered.  Now  tests  have  been 
made  recently  by  Campbell  and  somebody  else  in  England  on  the  effect  of  high 
loading  rate  on  plates.  I  don’t  know  to  what  extent  this  would  be  applicable  and 
they  have  indicated  that  probably  a  value  of  two  to  three  times  the  yield  limit  can 
be  supported  if  this  limit  is  applied  extremely  shortly.  It  mentioned  the  time 
range  of  microseconds.  There  is  work  on  slip  delay  which  has  been  started  at 
the  University  of  California  some  years  ago  and  there  is  a  possibility  probably  of 
correlating  loading  rates  with  the  possibility  of  slip  delay  or  slip  initiation  if  you 
are  in  a  range  where  slip  cannot  occur  before  the  load  -  at  a  time  when  the  load 
is  already  removed  then  you  probably  will  have  no  plastic  effect.  If  slip  occurs 
you  will  have  flow  or  the  partial  plastic  effect  and  here  it  would  depend  on  your 
actual  loading  rate  applied  and  the  question  can  hardly  therefore  be  answered  in  a 
general  way. 

Gentlemen,  we  are  just  on  time  for  lunch.  The  meeting  is  adjourned. 
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INTRODUCTION  TO  SESSION  IIA 


COLONEL  HARVEY  P.  HUGLIN 
WRIGHT  AIR  DEVELOPMENT  CENTER 


In  this  afternoon's  session  on  "Fatigue  Loads-Measurement  and  Prediction", 
your  session  chairman  will  be  Mr.  John  H.  Meyer.  Mr.  Meyer  at  the  present 
time  is  General  Manager  of  Atom  Apply,  a  Missouri  firm  providing  engineering 
consulting  services  in  the  structural,  mechanical  and  nuclear  fields.  He  was 
formerly  with  the  McDonnell  Aircraft  Corporation,  where  as  structural  manager, 
he  was  responsible  for  the  structural  design  and  integrity  of  fighter  and  transport 
aircraft  produced  for  the  Air  Force  and  Navy.  In  this  capacity  Mr.  Meyer  became 
intimately  acquainted  with  the  fatigue  problem  area  especially  from  the  structural 
design  and  operational  viewpoint.  He  is  a  graduate  of  the  University  of  Missouri, 
a  structural  engineer  of  that  state  and  an  Associate  Fellow  of  the  Institute  of 
Aeronautical  Sciences.  His  latest  publication  entitled:  "Thermo-elastic  Wing 
Structural  Design"  appeared  in  the  Journal  of  Aeronautical  Sciences  in  1958. 


STRUCTURAL  FATIGUE  UNDER  RANDOM  LOADING 


By 

Melvin  Stone 

Douglas  Aircraft  Company,  Inc. 

Long  Beach,  California 

ABSTRACT 

The  establishment  of  fatigue  life  due  to  random 
environment  requires  the  understanding  of  input  spectra, 
dynamic-elastic  and  aerodynamic  properties  (transfer  func¬ 
tions),  response  characteristics  and  damage  rates.  The 
general  treatise  and  problems  confronting  the  designer  in 
the  determination  of  fatigue  spectra  under  random  loadings 
are  discussed.  Comparison  is  made  of  incremental  bending 
moments  on  a  swept-wing  bomber  using  rigid  and  elastic 
transfer  functions.  The  advantages  of  power  spectral  and 
discrete  representation  are  shown  in  determining  fatigue 
input  spectra.  Information  that  can  be  gained  from  the 
structural  integrity  program  to  establish  fatigue  criteria 
is  outlined.  Additional  recommendations  are  made  to  further 
realize  the  full  potential  of  existing  programs. 

INTRODUCTION 

For  some  time  designers  have  been  engaged  in  research  involving 
fatigue  evaluation.  The  necessity  for  establishing  a  comprehensive  and 
sound  program  has  long  been  recognized.  An  increase  in  the  state-of- 
the-art  can  be  accomplished  with  the  presently  planned  governmental 
programs  if  the  interested  and  competent  persons  in  industry,  govern¬ 
ment  and  the  universities  work  together.  A  careful  analysis  of  this 
complex  problem  is  required,  as  well  as  a  thorough  knowledge  of  the 
available  information  so  that  the  overall  effort  can  be  minimized  to  a 
manageable  task. 
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The  purpose  of  this  paper  is  to  exumine  existing  methods  and  techniques. 

Sarntilo  calculations  illustrate  tho  iraportanco  of  properly  considering  the  flexibil¬ 
ity  of  tho  structure.  Tho  derivation  and  representative  form  of  the  input  spectra 
for  fatigue  criteria  is  disouaaed.  Tho  advantages  of  the  fatigue  roooarch  and 
development  studies  and  the  struotural  integrity  program  are  shown. 

Random  analysis  techniques  have  been  used  in  all  examples  throughout  tho  paper; 
howovor,  whenever  possible ,  disorote  analysis  techniques  have  also  been  included. 

Kxtromely  important  problems  oonceming  aircraft  fatigue  life  still  confront 
the  designer.  Why,  after  so  many  years  of  aircraft  design  experience,  ore  we  still 
troubled  with  aircraft  fatigue  problems? 

Tho  parameters  affecting  fatigue  life  such  as  the  atmosphere,  runway  roughness, 
and  pilot1 s  teohnique  have  not  changed.  Changes  have,  however,  taken  place  in  peav 
formance,  configurations  and  mission  requirements. 

Tho  increase  in  performance,  mainly  higher  operating  speeds,  and  the  optimiza¬ 
tion  of  structural  weight  makes  the  flexibility  of  the  airplane  important  in  pre¬ 
dicting  fatigue  life. 

The  speed,  weight  and  time  spent  during  maneuvers  are  usually  different  than 
those  assumed  during  the  original  design  and  result  in  higher  1  “g"  stress  levels, 
principally  because  many  other  uses  are  found  for  the  aircraft  in  service. 

If  one  considers  the  changes  that  have  taken  place,  then  present  analytical 
me'-iods  and  techniques  used  to  prediot  aircraft  fatigue  life  should  be  examined. 

BASIC  STEPS  IN  FATIGUE  ANALYSIS 

There  are  many  who  think  that  it  is  not  necessary  to  make  a  rigorous  analysis. 

In  fact,  single  rules  such  as  low  stress  levels  and  careful  attention  to  detail 
design  are  the  golden  rules  used  by  many  manufacturers.  Before  we  accept  any  rules 
or  establish  design  criteria,  however,  let  us  study  the  fatigue  results  of  a  awept- 
wing  bomber.  For  convenience,  the  analysis  will  be  shown  in  power  spectral  form 
rather  than  discrete  form.  An  example  of  a  swept- wing  bomber  has  been  ohosen  to 
illustrate  the  methods  of  response  to  random  atmospheric  turbulence  using  the  fol¬ 
lowing  basic  steps: 

1.  The  load  producing  input  conditions 

2„  Dynamic-elastic  and  aerodynamic  properties  ( transfer  functions) 

3.  Response  characteristics 

4.  Fatigue  analysis  (damage  rates) 

LOAD  INPUT  CONDITIONS  AND  TRANSFER  FUNCTIONS 

Figure  1  shows  the  input  spectrum  for  atmospheric  vertical  gust  velocity  typical 
of  turbulence  found  in  low  level  flights  ovor  farmlands.  It  also  shows  a  comparison 
of  rigid  and  elastic  transfer  functions  for  a  specific  weight,  altitude,  C.G.,  and 
speed  condition. 
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The  gust,  though  random,  has  been  assumed  to  be  vertical  and  symmetric  with  no 
spanwise  variations,  and  only  symmetric  rigid  and  elastic  modes  of  the  airplane  have 
been  excited.  The  penetration  effect  of  various  portions  of  the  wing  and  tail  enter¬ 
ing  the  gust  at  different  times  has  been  included  in  the  response  calculations.  The 
transfer  functions,  which  are  the  dynamic-elastic  characteristics  and  the  aerodynamic 
properties  of  the  airplane,  were  obtained  by  means  of  equations  from  flutter  analysis. 

As  a  basis  of  evaluation,  the  rigid  transfer  function  has  been  determined  by 
using  two  degrees  of  freedom  (rigid  body  vertical  translation  and  pitch  modes) 
whereby  the  elastic  transfer  functions  also  include  flexibility.  The  aerodynamic 
forces  were  computed  for  two-dimensional,  incompressible  flow  methods  with  lift- 
curve  slope  corrections  for  three-dimensional  and  Mach  number  effects.  The  actual 
shake  test  modes,  frequencies  and  dampings  were  used. 

The  first  peak  is  associated  with  the  short  period  mode  of  the  airplane  and 
the  second  peak  with  the  first  wing  bending  mode  of  the  airplane.  At  the  short 
period  mode  the  elastic  transfer  function  is  less  than  the  rigid  transfer  function 
due  to  aeroelastic  relief.  The  effect  of  first  wing  bending  mode  is  shown  at  the 
higher  frequencies. 

RESPONSE  CHARACTERISTICS 

The  frequency  characteristics  of  the  output  of  a  linear  system  subjected  to  a 
stationary  random  input  is  given  by  reference  1. 


Where 


<£>o(«>)  =  |2  ijW 

=  power  spectral  density  of  Input 

=  power  spectral  density  of  output 


|  T  (to)  I  =  modulus-square  of  frequency  response  or  admittance 

The  outputs  of  interest  are  the  sectional  accelerations  and  bending  moments  at 
various  stations  on  the  airplane  that  are  generated  as  a  result  of  the  input  to  the 
system. 

The  procedure  used  was: 

2 

a)  Compute  the  frequency  response  functions  T(cu)  for  the  various  output 
quantities. 

b)  Multiply  the  frequency  response  functions  by  the  given  gust  spectrum 
input  to  obtain  various  output  or  response  spectra. 

The  effect  of  elasticity  is  to  relieve  the  response  at  the  airplane  short 
period  mode  frequency  and  to  increase  the  response  at  the  higher  frequencies. 

The  output  spectrum  indicates  the  extent  to  which  various  frequency  components 
are  present  in  the  response  and  it  allows  the  determination  of  various  statistical 
properties  of  the  response  time  history  such  as  incremental  C.G.  acceleration  and 
incremental  bending  moment. 
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The  load  amplification  at  the  C.G.  and  wing  root  caused  by  elastic  mode  resonance 
are  offset  by  the  large  relief  obtained  in  the  short  period  mode  and,  therefore,  the 
overall  effect  of  elasticity  is  reducing  (see  Figure  2).  However,  at  the  outboard 
wing  stations  the  effect  of  elasticity  is  load  amplifying .  It  should  be  noted  that 
in  other  swept  aircraft  the  effect  of  elasticity  can  be  amplifying  even  at  the  root 
of  the  wing  (reference  2) .  All  loads  and  accelerations  obtained  are  incremental 
and  do  not  include  the  1  11  g"  steady-state  flight  conditions.  At  higher  altitudes 
where  less  aerodynamic  damping  and  static  elasticity  exists,  the  elastic  mode  reso¬ 
nance  can  overcome  the  relief  in  the  short  period  mode  and  the  effect  of  elasticity 
can  be  load  amplifying. 

The  source  of  the  larger  amplitudes  of  incremental  C.G.  accelerations  and  bend¬ 
ing  moments  are  representative  of  high  input  power  in  the  short  period  mode  and  the 
smaller  values  of  incremental  load  are  representative  of  less  input  power  at  the 
higher  frequencies.  In  fact,  the  elastic  load  curves  cross  over  the  rigid  load 
curves  because  of  the  effect  of  first  wing  bending  mode  at  the  higher  frequencies. 

The  loads  which  are  the  number  of  response  peaks  that  occur  per  second  above  a 
given  incremental  bending  moment  represented  by  the  abscissa  were  obtained  from 
Rice's  equation,  reference  3. 

FATIGUE  ANALYSIS  (DAMAGE  RATES)  v 

Once  load  spectra  is  established,  the  stress  spectra  can  be  determined  by 
analytical  fatigue  analysis.  The  relationship  between  load  and  stress  is  the 
primary  function  of  the  stress  analyst  and  many  methods  are  available  for  performing 
this  task.  Finally,  it  is  possible  to  evaluate  fatigue  life  of  the  aircraft  from 
tests  relating  load  spectra  with  damage  rates  at  various  locations  of  the  structure. 

A  thorough  treatise  of  the  damage  theory  and  testing  procedures  will  be  covered 
during  these  proceedings;  however,  based  on  present  damage  theory,  the  effect  of 
elasticity  shows  a  decrease  in  damage  for  the  swept  bomber. 

INPUT  SPECTRA 

Flexibility  is  extremely  important  whether  the  representation  is  by  a  discrete 
or  power  spectral  form.  The  discrete  approach  has  many  advantages:  l)  non-linear 
representation,  2)  good  check  on  experimental  transfer  functions,  and  3)  better 
relationship  of  maximum  stress  amplitude  to  minimum  stress  amplitude  which  is  impor¬ 
tant  to  good  fatigue  analysis.  The  power  spectral  approach  also  has  advantages. 

The  common  denominator  of  all  of  these  problems  is  that  the  time  history  of  the 
forcing  function  cannot  be  specified  in  detail  since  it  depends  on  chance.  In  the 
past,  the  difficulty  has  been  overcome  for  gust  response  by  assuming  discrete  gust 
profiles.  These  assumed  gust  shapes  do  not  really  resemble  measured  gust  shapes 
and  are  not,  therefore,  well  grounded  physically.  A  random  gust  analysis  differs 
from  a  discrete  gust  analysis  in  that  it  recognizes  at  the  outset  the  random 
features:  i.e. ,  an  airplane  has  known  characteristics  subjected  to  a  forcing  func¬ 
tion  of  gust  velocity  with  known  statistical  averages  that  determine  the  statistical 
characteristics  of  the  response.  The  statistical  characteristics  of  gust  velocities 
are  provided  by  its  power  spectral  density  function.  Figure  3  shows  a  typical  plot 
of  both  discrete  and  power  spectral  approach  for  vertical  gusts;  however,  the  taxi 
and  maneuver  spectra  can  be  shown  in  a  similar  form.  In  the  case  of  this  discrete 
approach,  an  input  shape  has  to  be  defined. 

In  the  case  shown  in  Figure  4  the  discrete  signal  for  the  runway  profile  can  be 
used  directly  with  airplane  transfer  functions  to  determine  loads  and  stresses. 
Although  the  plot  is  typical  of  runway  roughness,  it  can  be  shown  as  a  time  signal 
for  maneuver  and  gust. 
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Realizing  the  need  for  optimum  fatigue  criteria,  let  us  look  at  load  producing 
input  conditions.  The  major  load  input  conditions  are  gust,  maneuver,  t'jd  5 "id 
sinking  speed  (reference  4) .  The  runway  roughness  or  taxi  input  can  be  c;  vapletely 
divorced  from  the  airplane  and  expressed  in  its  power  spectral  or  discrete  fcvm. 

The  NASA  and  the  Air  Force  have  collected  a  large  amount  of  data  on  the  runway  rough¬ 
ness  problem  (references  5,  6  and  7) ,  and  additional  data  will  be  collected  by  the 
Air  Force  by  use  of  a  cart  equipped  with  automatic  data  handling  instrumentation. 

It  is  felt  that  the  information  collected  to  date  is  adequate  for  design 
criteria.  The  power  spectral  representation  can  probably  be  put  in  a  form  to  norma¬ 
lize  the  standard  deviation  of  the  runway  roughness  spectra.  It  is  fell  that  the 
runway  terrain  should  also  be  shown  in  discrete  form  so  that  the  analyst  can  use  non¬ 
linear  representation  of  structure. 

The  sinking  speed  probability  data  collected  to  date  is  ample  for  design  criteria,. 
The  data  collected  to  date,  however,  can  be  further  classified  according  to  charac¬ 
teristics  of  aircraft  (reference  6) . 


Besides  taxi  and  sinking  speed  data,  other  statistical  data  such  as  landing  and 
taxi  weights,  weight  distribution,  C.G.  position,  forward  landing  speed,  taxi  distance 
and  velocity,  time,  etc.,  are  extremely  important  to  define  proper  airplane  transfer 
functions. 

GUST  INPUT 


Gust  spectra  should  be  represented  in  both  discrete  and  power  spectral  form  and 
left  up  to  the  analyst  for  its  proper  usage.  The  discrete  form  is  quite  familiar 
and  has  the  advantage  of  being  able  to  use  non-linear  terms. 

Some  flight  test  data  have  been  assembled  in  power  spectra  form  whereby  the 
atmosphere  has  been  divorced  from  the  airplane  by  properly  instrumenting  the  aircraft 
and  correcting  for  the  aircraft  motion  relative  to  the  ground.  The  B-66  Low  Level 
Terrain  program  has  collected  the  three  orthogonal  components  of  the  turbulent 
velocity,  vertical,  lateral  and  head-on  gust  spectra  data  over  various  levels  of 
terrain  and  meteorological  conditions  (reference  8) .  This  program  should  yield 
valuable  information  on  spectra  and  cross-spectra  of  the  gust  velocity  components 
and  the  effects  of  spanwise  variation  of  head-on  and  vertical  components.  The  effects 
of  meteorological  conditions  such  as  mean  wind  speed,  lapse  rate,  altitude,  flight 
path  and  terrain  characteristics  will  be  determined  by  this  program.  Project  Low 
Blow,  reference  9,  has  also  collected  the  much  needed  low  level  data  in  the  atmos¬ 
phere.  However,  a  higher  degree  of  accuracy  is  still  required  at  the  extremely  low 
frequency  content  of  the  spectra.  This  .'.s  important  because  it  contains  the  highest 
power  and  tunes  more  readily  with  the  short  period  mode  of  an  aircraft.  Normally, 
the  amount  of  power  contained  in  the  spectra  above  3  cps  is  minimum  and  does  not 
require  a  complete  description  of  the  elastic  modes  beyond  this  value. 


Much  of  the  gust  input  data  has  been  derived  by  using  the  response  data,  '•-\v 

especially  at  the  higher  altitudes.  Techniques  as  shown  in  reference  3  provide  a  C>y- 
description  of  the  statistical  properties  of  the  turbulent  gust  velocities  by  using  *  - 

experimental  C.G.  acceleration  response  data  and  the  transfer  functions  of  the  air-  L_4 

plane.  This  method  of  obtaining  gust  design  criteria  depends  on  the  proper  use  of 
transfer  functions.  An  estimate  of  the  probability  density  of  vertical  gusts  is 
obtained  by  using  the  swept  bomber  elastic  and  rigid  transfer  functions.  ■.*/"*] 
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Using  a  =  .135  g*s  which  is  a  representative  B-6u  load  factor  in  flights 
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The  ratios  A£  (Elastic  Transfer  Function)  and  AR  (Rigid  Transfer  Function) 
have  been  computed  for  the  case  shown  in  Figure  1. 

Ae  =  .0238  g* s/ft/sec 

Ar  =  .0301  gls/ft/sec 

The  distribution  for  the  standard  deviation  of  vertical  gust  velocity  is 

shown  in  Figure  5  using  both  the  rigid  and  elastic  transfer  functions  for  the  swept 
bomber.  For  this  particular  case,  the  rigid  value  of  Expected  Standard  Deviation 
(bft)  is  20.6  per  cent  less  than  the  elastic  values  (bg) . 

Depending  on  dynamic  pressure,  structural  stiffness,  etc.,  these  differences 
in  elastic  effects  may  be  completely  reversed  (reference  10) . 

The  choice  of  the  correct  gust  input  is  extremely  important  for  the  specific 
type  of  airplane  because  of  the  per  cent  of  time  spent  in  clear  air  turbulence  and 
in  thunderstorms  vs.  the  total  flight  time. 

MANEUVER  INPUT 

The  present  maneuver  criteria  has  been  established  from  V-G  and  VGH  recorded 
data  collected  during  flight  (reference  4) .  In  many  instances,  these  ,.ata  have  not 
included  enough  of  the  associated  operating  conditions  to  be  able  to  verily  or 
properly  classify  design  criteria.  It  is  felt  that  it  is  not  enough  to  indicate  the 
class  of  airplane,  such  as  fighter,  bomber  ,  transport,  etc.,  or  merely  VGH  data. 

If  the  individual  characteristics  of  the  airplane  can  be  separated  on  the  basis  of 
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stability  derivatives  or  additional  parameters,  then  it  is  possible  to  standardize 
on  maneuver  spectra  that  has  more  significance  than  the  present  criteria.  As  dis¬ 
cussed  before,  the  maneuver  criteria  can  be  shown  in  power  spectral  and  discrete 
form  (reference  ll) .  To  date,  except  in  a  few  instances,  maneuver  data  for  fatigue 
analysis  have  been  used  as  steady-state  conditions.  However,  the  various  struc¬ 
tural  components  of  the  airplane  can  be  critical  for  transient  maneuvers  and 
maneuvers  plus  gust.  The  horizontal  tail  load  can  be  critical  for  first  peak  tail 
loads  with  only  a  small  load  factor  recorded  at  the  center  of  gravity  of  the  air¬ 
plane  during  a  transient  maneuver  condition.  Therefore,  the  loads  on  wing  and  tail 
surfaces  should  be  derived  from  the  measurements  of  the  dynamic  pressures,  the  three 
linear  accelerations,  the  three  angular  accelerations,  and  the  corresponding  three 
angular  velocities.  Figure  6  is  an  example  of  individual  probability  curves  that, 
if  available,  would  allow  the  analyst  to  derive  horizontal  tail  loads  for  use  in 
fatigue  damage  calculations  (reference  12) .  The  proposed  8-channel  Emerson 
recorded  data  can  supply  the  necessary  statistical  data,  including  operating  con¬ 
ditions,  so  that  realistic  maneuver  design  criteria  cap.  be  established. 

FATIGUE  SPECTRA 

A  suggested  procedure  for  the  determination  of  fatigue  life  can  be  accomplished 
as  follows: 

1.  Define  input  spectra  for  all  environments  in  power  spectra  or  discrete 
form. 

2.  Define  completely  the  mission  profile  for  taxi,  take-off,  climb, 
enroute,  descent,  landing,  and  taxi  on  landing,  including  correspond¬ 
ing  weight,  C.G.  position,  altitude,  time  and  distance  in  each  segment. 

3.  Compute  the  frequency  of  occurrence  of  C.G.  acceleration,  bending 
moments,  shear,  etc.  by  using  the  appropriate  transfer  functions  in 
each  case. 

4.  Sum  the  stress  vs.  frequency  of  occurrence  along  the  profile  for  the 
structural  component  for  a  given  number  of  mission  (layers). 

CONCLUSIONS 

Fatigue  analysis  has  been  evolved  over  many  years.  A  review  of  the  available 
literature  and  experiments  achieved  during  the  past  several  years  demonstrates  the 
need  for  a  fresh  and  integrated  approach. 

Existing  data  does  not  cover  a  sufficient  range  of  conditions  nor  a  sufficiently 
large  statistical  sample  to  establish  firm  design  criteria,  especially  with  increased 
vehicle  speed,  but  does  serve  as  a  guide  in  the  accomplishment  of  the  structural 
integrity  program. 

A  group  of  interested  persons  from  industry,  universities  and  government  working 
together  as  a  team  can  acquire  knowledge  from  these  service  loads  programs  that  can 
establish  a  firm  foundation  on  which  to  base  future  fatigue  analysis.  Although  this 
paper  deals  primarily  with  fatigue  criteria  and  proper  aircraft  representation,  it 
should  be  mentioned  that  the  fatigue  damage  of  a  vehicle  depends  largely  on  the 
proper  sequence  representative  of  service  loads. 


Therefore,  the  service  loads  program,  including  fatigue  research  and  development, 
can  provide  an  advantageous  integrated  system  for  yielding  the  following  information. 

0  Experimental  verification  of  the  input  probability  density  using  C.G0 
acceleration  data,  as  well  as  assessment  of  structural  degrees  of  freedom 
and  spanwise  averaging. 

•  Experimental  verification  of  analytical  transfer  functions. 

0  Statistical  data  such  as  weight  distribution,  C.G.  position,  time, 
velocity,  and  distance  in  each  segment  of  maneuver. 

•  Discrete  and/or  power  spectral  representation  of  gust  spectra,  maneuver 
spectra,  and  taxi  spectra. 

•  Percentage  of  time  in.  rough  and  normal  operations  such  as  storm  and  non¬ 
storm  data. 

•  Adequacy  of  present  design  criteria. 

•  The  necessity  of  a  rigorous  analysis  in  addition  to  good  design  practices. 

•  Basic  stability  and  flutter  data. 

•  Data  leading  to  the  establishment  of  logical  threshold  values. 

•  Selection  of  proper  data  forms  that  permit  a  simple  conversion  of  data 
into  fatigue  input  spectra. 

•  further  classification  of  fundamental  input  forms  for  various  types  of 
aircraft. 

•  Determination  of  the  elastic  modes  that  must  be  included,  depending  upon 
power  input. 

•  Effect  of  aircraft  capabilities  in  pitchup,  stall,  buffet  boundary  witn 
spectra  input  for  cutoff  of  An. 

RECOMMENDATIONS 

In  order  to  derive  the  maximum  benefits  from  the  structural  integrity  program 
and  other  allied  research  and  development  studies,  it  is  necessary  to  compare  ana¬ 
lytical  and  experimental  results.  The  specific  response  should  be  bending  moment 
and  stress  levels  because  this  describes  the  true  load  history  and  strain  history 
of  the  structure.  Pertinent  load  data  should  be  collected  experimentally  for  com¬ 
parison  with  analysis.  In  order  to  substantiate  the  comparison  it  is  necessary  to 
check  various  types  of  aircraft.  The  following  procedures  are  recommended: 

1.  Compute  the  output  response  for  bending  moment  and  stresses  at  various 
stations  along  the  wing  by  the  three  input  representations:  discrete 
(assumed  shape),  power  spectral,  and  discrete  time  history. 


2o  Obtain  experimental  values  of  wing  bending  moments  and  stresses  at  the 
same  stations  computed  analytically.  Calibrate  the  wing  for  a  limited 
flight  test  program.  All  pertinent  instrumentation,  including  the 
8-channel  Emerson  recorder,  should  be  recorded  simultaneously. 

3.  Check  the  accuracy  of  analytical  transfer  functions  with  experimental 
values  in  order  to  reduce  the  errors  in  the  comparison  between  analytical 
and  experimental  results. 

4.  Compare  analytical  and  experimental  values  to  help  determine  the  degree 
of  sophistication  required  for  the  method  of  input  representation  and 
fatigue  analysis. 
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PREDICTION  OF  SONIC  EXPOSURE  HISTORIES 


by 

Ken  Eldred 

Western  Electro-Acoustic  Laboratory,  Inc. 

Los  Angeles,  California  ] 

i 

Recognizing  that  the  vibration  field  in  present  and  projected  aircraft  ! 

and  missiles  is  excited  primarily  by  the  surrounding  acoustic  field,  it  is  ^ 

of  the  utmost  importance  to  be  able  to  predict  the  exposure  field  as  a 
function  of  the  flight  profile.  The  acoustic  excitation  is  caused  by  the 
propulsion  noise  and  by  turbulence  in  the  aerodynamic  boundary  layer.  jj 

This  paper  discusses  the  relationships  between  vehicle  and  engine 

parameters  and  the  resulting  acoustical  field  with  reference  to  the  <’ 

development  of  methods  of  predicting  sonic  exposure,  and  to  areas  which  '> 

require  additional  experimental  or  theoretical  work.  J. 

INTRODUCTION 


The  advances  in  aircraft  performance  since  the  introduction  of  the  turbojet 
engine,  together  with  the  more  recent  advances  in  missiles  and  space  vehicles  resulting 
from  development  of  the  rocket  motor,  have  been  accompanied  by  a  significant  increase 
in  noise.  This  increase  of  noise,  coupled  with  the  necessity  of  minimizing  vehicle  weight 
to  maximize  performance  has,  in  several  cases,  resulted  in  vehicle  malfunctions  and/or 
material  failures.  Fortunately,  the  majority  of  the  actual  material  failures  resulting  from 
acoustical  loading  have  occurred  in  aircraft  skin  where  they  could  be  discovered  by  visual 
inspection  and  corrected  prior  to  the  development  of  a  catastrophic  failure.  However, 
the  ensuing  requirement  for  extreme  thoroughness  in  inspection  and  the  concurrent  design, 
evaluation  and  application  of  modifications  which  will  successfully  withstand  the  actual 
environment  has  been  expensive.  Furthermore,  the  malfunction  of  electronic  or  other 
equipment  aboard  a  missile,  has  sometimes  resulted  in  complete  failure  of  the  missile 
system,  which  is  not  only  expensive  in  dollars,  but  also  in  time. 
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Consequently,  considerable  effort  has  been  devoted  to  the  development  of  methods 
which  will  enable  a  designer,  first  to  predict  the  sonic  loading  for  a  particular  aircraft 
and  then  to  utilize  this  prediction  in  the  design  and  proof  test  of  aircraft  skins  and 
components.  These  methods  have  resulted  in  a  considerable  advance  in  the  state  of  the 
art.  However,  they  have  been  based  necessarily  on  empirical  correlations.  Further, 
their  accuracy  is  not  of  the  same  order  of  magnitude  which  is  normally  considered  for 
structural  engineering  calculations.  Note  that  the  ±3  db  stated  by  the  acoustician  actually 
represents  a  factor  of  2  in  pressure  or  acceleration. 

This  paper  will  discuss  briefly  the  major  sources  of  sonic  loading  and  give  some 
examples  of  the  correlations  which  may  be  used  for  predictions  in  the  early  design  stage. 

MAJOR  ACOUSTICAL  SOURCES 

The  major  sources  of  sonic  exposure  for  vehicles  operating  in  the  earth's  atmosphere 
are  the  vehicle's  propulsion  system,  boundary  layer,  and  wake.  With  the  exception  of 
propeller  noise,  turbojet  compressor  noise,  and  certain  types  of  boundary  layer  phenomena, 
these  major  sources  are  all  characterized  by  pressure  and  velocity  amplitudes  which  fluctuate 
randomly  with  respect  to  both  frequency  and  time.  In  addition,  these  sources  all  result 
from  turbulent  flow,  although  the  transfer  of  turbulent  energy  from  the  flow  to  the  vehicle 
differs  for  the  various  sources. 

The  difficulties  in  developing  accurate  prediction  methods  are  directly  related  to 
our  ignorance  of  turbulent  phenomena.  Although  considerable  theoretical  and  experimental 
work  in  this  area  has  been  accomplished  in  the  past  eight  years  there  is,  as  yet,  no 
generalized  and  comprehensive  explanation  for  many  of  the  various  generating  mechanisms 
which  result  in  sonic  loading.  For  this  reason,  the  models  used  for  acoustical  prediction 
are  based  primarily  upon  empirical  fit  of  data  to  various  convenient  characteristic  flow 
parameters.  Since  the  resulting  empirical  relationships  are  not  necessarily  supported  by 
theory,  it  is  often  dangerous  to  predict  the  noise  of  sources  where  one  or  more  flow 
parameters  significantly  differ  from  those  studied  in  the  empirical  derivations. 

PROPULSION  NOISE 

The  most  powerful  acoustical  sources  developed  by  man  are  the  propulsion  systems  for 
modern  aircraft  and  missiles.  Current  propulsion  systems  at  maximum  thrust  produce 
acoustical  power  in  the  range  of  100,000  to  3,000,000  watts.  This  range  includes 
afterburning  J-57  turbojet  engines  which  produce  approximately  100,000  watts,  5000  HP 
turboprops  with  supersonic  prop  tips  which  give  the  same  order  of  acoustical  power,  and 
130,000  lb.  rockets  which  generate  approximately  3,000,000  watts  of  acoustical  power. 
Fortunately  for  the  designer,  the  sonic  loading  from  a  propeller  is  well  understood  by 
theory  and  may  be  readily  calculated  for  individual  configurations  (see  Ref.  1  for  a  review 
and  additional  references).  Consequently,  this  discussion  will  consider  only  the  less  well 
understood  area  of  turbojet  and  rocket  noise. 
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The  theoretical  relationships  between  jet  flow  parameters  and  noise  generation 
have  been  rigorously  derived  by  Lighthi  1 1  (Refs.  2  and  3).  These  relationships  indicate 
that  the  total  acoustical  power  for  subsonic  flow  should  increase  with  at  least  the  8th 
power  of  a  characteristic  jet  velocity.  Callagan  of  NASA  (Ref.  4)  and  others  have 
demonstrated  that  an  8th  power  of  velocity  is  a  valid  parameter  for  both  air  jets  and 
turbojets  and  thus  could  be  used  for  prediction.  However,  application  of  this 
relationship  to  supersonic  jets  or  rockets  leads  to  unrealistically  high  values  of  acoustic 
power.  Consequently,  the  WADC  conducted  an  extensive  survey  of  rocket  and  jet 
noise  sources  (Refs.  5  and  6)  to  obtain  the  basic  data  required  to  give  a  better  under¬ 
standing  of  the  noise  generation  for  these  important  propulsion  systems. 

Figure  1,  given  in  the  1956  Fall  Acoustical  Society  of  America  meeting,  summarizes 
the  total  acoustical  power  measured  by  several  workers  for  jet  flows  which  were  primarily 
either  sonic  or  supersonic  at  the  nozzle.  It  is  clear  that  the  rocket,  turbojet  and  model 
jet  data  all  fall  along  the  empirical  curve  given  by  the  formula  in  the  figure  whenever 
the  initial  jet  velocity  exceeds  approximately  Mach .8.  However,  when  the  initial 
velocity  is  less  than  Mach  .8  the  acoustical  power  is  less  than  indicated  by  the  curve. 

This  results  from  the  fact  that  the  noise  produced  by  the  subsonic  jets  is  related  to  approxi¬ 
mately  the  8th  power  of  velocity,  whereas  the  noise  of  the  sonic  or  supersonic  jet  appears 
to  be  related  to  a  much  lower  power  of  velocity,  approximately  the  4th.  This  is  indeed 
fortunate  for  the  development  of  lightweight  missile  structure. 

The  frequency  spectrum  of  the  power  generated  by  jet  flows  has  been  shown  to  be 
random  with  a  relatively  broad  maximum  region.  Several  reports,  including  Refs.  1,  4, 
and  6,  have  related  the  power  spectrum  to  a  non-dimensional  frequency  parameter  given 
by  the  flow  Strouhal  number.  However,  the  maximum  energy  for  the  rocket  occurs  at  a 
lower  Strouhal  number  than  the  maximum  energy  for  a  turbojet,  as  shown  in  Ref.  6. 

Recently,  a  more  general  relationship  was  found  (Ref.' 7)  which  enables  the  empirical 
comparison  of  the  frequency  spectra  for  all  jet  flows  thus  far  studied.  An  example  of  this 
relationship  is  given  in  Figure  2.  Here,  *he  spectrum  is  non-dimensionalized  by  a  modified 
Strouhal  number  (S’)  obtained  by  utilizing  a  characteristic  jet  velocity  and  diameter, 
together  with  the  ratio  of  the  critical  speed  of  sound  in  the  flow  to  that  in  the  surrounding 
atmosphere.  As  can  be  seen,  the  power  spectral  density  increases  with  the  square  of 
frequency  below  an  S'  of  approximately  .1  and  after  the  relatively  broad  maximum  region 
decreases  with  the  inverse  square  of  frequency.  The  relationship  clearly  illustrates  that 
an  increase  in  characteristic  diameter  will  lower  the  frequency  of  maximum  acoustic 
energy,  whereas  an  increase  in  velocity  will  increase  the  frequency  of  maximum  energy. 

In  order  to  predict  the  sonic  loading  for  a  particular  configuration,  it  is  necessary  to 
know  the  spacial  distribution  of  the  noise,  as  well  as  the  total  power  and  spectra.  The 
noise  produced  by  jet  flows  is  generated  by  turbulence  in  the  mixing  regions  of  the  jet. 

The  maximum  turbulent  energy  has  been  found  by  Laurance  of  NASA  (Ref.  8)  to  be  at  the 
tip  of  the  jet  core  which  is  the  region  of  maximum  momentum  transfer.  Corresponding 
detailed  near  field  noise  studies  by  Howes  and  Callagan  of  NASA  (Ref.  9)  have  demonstrated 
that  the  maximum  noise  emanates  from  the  same  region.  Further,  these  studies  with  subsonic 
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or  sonic  jets  also  indicate  that  the  high  frequency  turbulence  and  noise  are  generated 
very  close  to  the  nozzle,  whereas  the  lowest  frequency  noise  is  generated  10  to  20  jet 
diameters  downstream.  In  addition,  the  data  of  Ref.  9  show  a  good  correlation  of 
longitudinal  distribution  of  frequency  maxima  between  the  turbulence  and  noise  data 
and  enable  fairly  accurate  calculation  of  the  source  location  for  the  turbojet  noise. 

An  example  of  the  spacial  distribution  of  acoustical  energy  is  given  in  Figure  3 
where  contours  of  equal  overall  sound  pressure  level  (SPL),  obtained  from  a  detailed 
near  field  noise  survey  of  a  bare  J— 71  engine  by  the  WADC,  are  overlaid  on  a  plan 
view  of  a  B-66  aircraft.  This  example  illustrates  the  downstream  position  of  the  maximum 
sound  pressure  levels  just  discussed.  Note  that  the  measurements  did  not  extend  to  the 
boundary  of  the  jet  as  did  those  of  Ref.  9  and  therefore  do  not  give  the  absolute  maximum 
levels  at  the  boundary.  The  figure  also  shows  that  the  characteristic  tendency  of  the  jet 
to  radiate  the  greatest  proportion  of  its  sound  energy  toward  an  angle  of  140°  to  150° 
relative  to  its  intake,  again  emphasizing  the  desirability  of  placing  the  engines  at  the 
aftermost  point  on  the  vehicle  to  minimize  sonic  exposure. 

Figure  4  gives  an  example  of  the  prediction  of  noise  alongside  the  B-66  fuselage 
from  the  J— 71  data.  It  is  clear  from  the  data  that  the  levels  forward  of  the  engine  are 
greater  on  the  aircraft  than  in  the  free  field  because  of  the  multiple  reflection  surfaces 
(ground,  fuselage,  wing  and  pod).  In  addition,  some  discrepancy  is  noted  aft  of  the 
nozzle.  However,  it  is  considered  that  predictions  of  near  field  turbojet  noise  can  be 
made  within  at  least  the  accuracy  shown  here,  by  utilizing  this  type  of  data  together 
with  the  NASA  data  of  Ref.  9  with  an  appropriate  non-dimensionalized  distance  parameter 
expressed  in  exit  nozzle  diameters. 

Data  regarding  the  near  field  noise  of  rockets  is  much  more  limited  than  those  regarding 
turbojet  noise.  However,  the  available  data  (Refs.  10,  11  and  12)  clearly  illustrate  that 
the  maximum  SPLs  are  found  much  farther  downstream  than  those  of  the  turbojet.  Further, 
the  study  shows  that  these  maximum  levels  occur  at  the  tip  of  the  supersonic  core  of  the 
rocket  flow.  Since  the  flow  downstream  of  the  supersonic  core  is  similar  to  the  normal 
subsonic  or  sonic  turbojet,  the  available  near  field  data  strongly  suggest  that  the  noise 
from  a  rocket  is  generated  in  the  subsonic  turbulent  portions  of  the  flow.  This  assumption 
has  been  used  in  Ref.  7  to  derive  the  characteristic  velocity  and  diameter  of  the  rocket 
flow  where  the  characteristic  velocity  (vc)  is  taken  as  the  critical  sonic  velocity  in  ine 
flow  and  the  characteristic  diameter  (dc)  is  taken  as  the  constant  mass  flow  diameter  for 
this  velocity. 

Unfortunately,  no  study  to  date  has  given  the  distribution  of  frequency  maxima  as  a 
function  of  longitudinal  distance  along  the  flow  for  hot  rockets.  However,  because  the 
distance  for  the  maximum  overall  noise  source  is  relatively  far  downstream  and  because 
the  area  of  interest  for  sonic  exposure  !ies  forward  of  the  nozzle,  the  error  is  not  too 
great  if  the  source  location  for  all  frequencies  is  approximated  as  the  tip  of  the  supersonic 
core.  From  the  data  of  Ref.  13  the  distance  (S)  from  the  nozzle  to  the  tip  of  the  core 
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PLAN  VIEW  OF  B-66  FUSELAGE  WITH  J-71 
OVERALL  SOUND  PRESSURE  LEVEL  CONTOURS 
IN  db  re  .0002  DYNE/CM2 
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is  given  approximately  by: 

S  =  6.5  d^  j^l+(Me-l)2j  Equation  1 . 

where  de  is  the  nozzle  exit  diameter  and 
Mg  is  the  nozzle  exit  Mach  number. 

With  this  approximation,  the  overall  SPL  forward  of  the  nozzle  along  the  rocket's 
axis  (0°)  may  be  found  by: 

OA  SPLqo  =  Lp“20  log  x  -10  Equation  2. 

where  L.p  is  the  total  acoustic  power  from 
Figure  1  and  x  is  the  distance  from  the  source 
to  the  point  of  interest. 

This  result  will  be  approximately  correct  as  long  as  the  distance  x  is  large  enough  to 
assure  that  the  point  is  in  the  far  field,  where  the  SPL  decreases  in  accordance  with  the 
inverse  square  spreading  loss,  6  db  per  double  distance.  As  can  be  seen  in  Figure  5,  the 
far  field  forward  of  the  flow  is  rec,~hed  at  a  distance  of  about  10  wavelengths.  When  the 
distance  is  less  than  the  10  wavelengths,  the  SPL  decreases  at  a  greater  rate  than  6  db/ 
double  distance  and  an  appropriate  correction  must  be  added  to  Equation  2. 

The  spectrum  forward  of  the  nozzle  may  be  found  from  Figure  6,  which  applies  to 
single  nozzle  rockets.  This  spectrum,  although  similar  in  form  to  the  power  spectrum  of 
Figure  2,  includes  the  directivity  effects  for  the  0°  radial  and  is  thus  specialized  for  the 
forward  position.  It  is  noted  that  the  spectrum  for  rockets  with  multiple  nozzles  will  be 
somewhat  broader  than  that  for  the  single  nozzle.  This  results  from  the  larger  characteristic 
diameter  of  the  multiple  nozzle  (Ref.  14)  and,  in  fact,  the  function  of  multiple  rocket 
nozzles  can  be  considered  similar  to  the  multitube  noise  suppression  nozzles  in  use  on  the 
commercial  jet  airliners. 

It  should  be  noted  that  these  examples  of  predictive  methods  do  not  include  the  screech 
noise  sometimes  found  in  afterburning  engines,  or  the  results  of  reignition  aft  of  the  nozzle. 
This  latter  phenomenon,  reported  in  Ref.  6,  was  responsible  for  an  Increase  of  approximately 
10  db  for  positions  forward  of  the  nozzle  (Ref.  15)  over  the  levels  of  an  equivalent  non- 
reigniting  rocket.  The  occurance  of  these  unpredictable  phenomena  clearly  recommends 
that  noise  measurements  be  made  on  each  specific  type  of  motor  at  the  earliest  practicable 
stage  of  system  development. 

It  is  well  known  that  the  noise  of  jets  and  rockets  decreases  with  increasing  flight 
speed.  Figure  7  illustrates  the  decrease  which  would  be  expected  forward  of  the  nozzle 
for  these  two  cases  based  on  two  considerations,  decreased  relative  characteristic  jet  flow 
velocity  and  the  increased  distance  between  source  and  vehicle  positions  forward  of  the 
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nozzle.  The  figure  also  gives  someexperimental  data  from  a  small  missile  which 
indicates  a  greater  decrease  of  noise  with  forward  speed  than  indicated  by  the 
calculated  curves. 

A  recent  extensive  series  of  experiments  has  been  made  to  determine  the  effect  of 
the  several  launch  configurations  on  the  noise  produced  by  rockets.  These  experiments 
were  performed  by  the  WADC  on  JATO  booster  rockets  and  the  results  are  scheduled 
for  early  publication.  Figure  8  gives  a  few  of  the  results  forward  of  the  nozzle  in  the 
region  of  a  simulated  nose  cone.  The  data  strikingly  indicate  the  increase  of  noise 
forward  of  the  nozzle  during  launch  relative  to  the  noise  which  would  exist  for  a  free 
rocket  stream.  Paradoxically,  the  intersection  of  the  jet  with  a  ground  plane  or  deflection 
device  actually  results  in  a  reduction  of  total  acoustical  power  relative  to  that  produced 
by  the  free  flow.  However,  since  the  rocket's  stream  flowing  over  the  ground  radiates 
considerably  more  energy  vertically  near  the  upright  missile  than  is  normally  radiated 
from  the  free  flow,  the  noise  at  forward  positions  tend  to  increase.  These  results 
demonstrate  that  the  maximum  sonic  environment  for  missiles  resulting  from  the  propulsion 
system  occurs  during  launch  and  that  the  actual  environment  is  extremely  dependent  upon 
configuration.  Hence,  model  experiments  with  simulated  rocket  flews  (temperature,  Mach 
number,  etc.)  are  necessary  to  predict  launch  environments.  In  addition,  attention  to 
the  launch  configuration  can  result  in  designs  which  minimize  the  levels  during  launch, 
as  indicated  by  a  study  of  the  complete  WADC  data. 

BOUNDARY  LAYER  AND  WAKE  NOISE 

As  the  vehicle's  flight  velocity  increases  and  the  noise  from  the  propulsion  system  is 
reduced,  another  turbulent  noise  source  becomes  important.  This  is  the  turbojet  boundary 
layer  which  grows  along  the  exterior  surface.  Although  considerable  data  is  available  for 
subsonic  boundary  layers,  little  is  available  for  the  supersonic  flight  velocities  of  current 
interest. 

Figure  9  illustrates  an  empirical  relationship  between  free  stream  dynamic  pressure 
and  the  overall  external  SPL  measured  by  various  experimenters  (Refs.  16,  17  and  18). 
These  data  as  well  as  that  of  other  investigators  (Refs.  19  and  20)  give  a  value  for  the 
ratio  of  RMS  overall  sound  pressure  to  dynamic  pressure  of  approximately  .006. 

There  is  much  more  agreement  on  the  previous  relationship  than  can  be  found  when 
examining  the  measured  frequency  spectra.  Figure  10  give  a  normalized  frequency  spectra 
based  on  the  data  used  in  Figure  9.  As  can  be  seen,  the  data  covers  several  decades  in 
frequency  and  does  not  exhibit  any  tendency  toward  decreasing  at  the  lower  frequencies. 
Further,  the  nature  of  the  non-dimensional  frequency  parameter  indicates  a  more  rapid 
increase  in  the  high  frequency  levels  proportional  to  the  overall  as  the  vehicle  speed 
increases  until  the  vehicle's  speed  is  sufficient  to  shift  the  non-d’mensional  frequency 
parameter  to  the  left  side  of  the  curve.  Note  that  the  frequency  parameter  also  indicates 
a  dependency  upon  boundary  layer  thickness  so  that  the  lower  frequencies  would  be  more 
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prominent  at  aft  vehicle  stations  than  at  forward  stations.  It  is  noted  that  although 
the  wind  tunnel  data  of  Refs.  19  and  20  (not  shown  in  the  figure)  are  similar  in  the 
low  frequency  region,  they  decrease  more  rapidly  in  the  high  frequency  region  than 
the  data  of  Figure  10.  This  conflict  makes  it  clear  that  the  understanding  of  the 
behavior  of  boundary  layer  spectrum  is  very  limited  at  this  time  and  that  Figure  10  must 
be  considered  very  preliminary. 

Another  important  factor  must  be  considered  when  utilizing  external  measurements  of 
boundary  layer  noise.  This  is  the  fact  that  the  boundary  layer  sound  pressures  measured 
are  not  sound  in  the  conventional  sense,  but  rather  are  turbulent  fluctuations  which  are 
correlated  for  only  a  few  boundary  layers  downstream.  Hence,  in  the  low  frequency 
range,  the  fluctuating  pressure  over  a  surface  is  in  phase  for  only  a  fraction  of  a  wave¬ 
length.  Consequently,  the  transfer  of  low  frequency  energy  from  the  boundary  la^er  to 
the  surface  is  expected  to  be  much  less  than  in  the  normal  acoustical  case  (Ref.  21). 

This  may  account  for  the  low  frequency  cutoff  shown  in  the  extrapolation  of  internal 
cockpit  noise  shown  by  the  dashed  line  in  Figure  10.  Note  that  the  data  begin  to  match 
the  measured  external  data  when  the  boundary  layer  thickness  is  greater  than  1/lOth  of 
a  wavelength. 

Because  very  little  data  is  available  for  flight  speeds  exceeding  Mach  1,  it  is 
impossible  to  give  empirical  relationship  for  the  supersonic  case.  However,  it  would 
appear  that  the  subsonic  relationship  can  be  utilized  until  better  data  becomes  available, 
by  substituting  local  boundary  layer  parameters  in  place  of  the  free  stream  parameters  in 
the  above  relationship.  In  addition, it  must  be  remembered  that  these  data  apply  to 
relatively  simple  shapes.  Before  they  can  be  applied  to  new  designs,  the  appropriate 
similarities  must  be  found  by  the  aerodynami'cist.  Consideration  must  also  be  given  to 
shock  wave  noise  which  is  in  addition  to  that  considered. 

Another  source  of  sonic  loading  which  is  believed  to  have  been  found  on  some  recent 
test  vehicle  flight  is  wake  noise.  This  source  results  from  turbulent  eddies  and  vortices 
in  the  subsonic  wake  behind  a  bullet-shaped  missile.  Although  little  is  known  regarding 
this  phenomenon,  it  may  be  responsible  for  exciting  the  axial  compressional  mode  in  a 
vehicle,  and  measurements  of  the  SPL  in  this  region  would  appear  very  worthwhile.  Note 
that  similar  phenomena  may  be  anticipated  along  the  wake  of  any  projection  from  the 
surface  of  the  aircraft  or  missile.  In  some  cases  the  vortices  in  these  wakes  will  give  an 
almost  discrete  frequency  noise  which  will  vary  with  flight  velocity. 

SUMMARY  -  EXAMPLE  OF  SONIC  EXPOSURE 

The  various  empirical  relationships  which  have  been  given  enable  a  first  approximation 
for  a  flight  sonic  exposure  history.  One  example  has  been  calculated  in  Figure  11  for  a 
possible  launch  profile.  This  example  dearly  illustrates  the  three  major  phases  of  sonic 
exposure  which  have  been  discussed.  Here  the  maximum  noise  occurs  during  launch  and 
decreases  rapidly  as  the  missile  rises,  until  the  rocket  stream  no  longer  impinges  on  the 
ground.  As  the  missile  gains  more  altitude  and  velocity  the  noise  from  the  rocket  stream 


412 


*  120 


no  L-.  -|, 

Time  (sec)  0 
Velocity  (ft/sec)0 
a  (\b/ft2)  0 


continues  to  decrease,  but  at  a  lower  rate  than  the  initial  decay.  Then  the  boundary 
layer  noise  begins  to  overshadow  the  rocket  noise,  first  at  the  higher  frequencies,  and 
finally  at  the  low  frequencies.  This  boundary  layer  noise  increases  with  the  increase 
in  dynamic  pressure  until  the  maximum  dynamic  pressure  is  attained.  Thereafter  the 
noise  decreases  as  the  missile  leaves  the  atmosphere.  Upon  re-entry,  the  boundary  layer 
noise  will  increase  again,  depending  upon  the  vehicle's  re-entry  profile. 

The  various  relationships  which  have  been  given  are  intended  primarily  as  a  frame 
of  reference  for  discussion  of  the  prediction  of  sonic  exposure,  rather  than  a  description 
of  a  comprehensive  prediction  method. 

However,  they  do  exhibit  a  form  of  prediction  method  and  serve  to  illustrate  the 
major  gaps  in  present  knowledge  of  sonic  exposure.  Perhaps  the  most  serious  area  which 
requires  investigation  for  missile  applications  is  the  effect  of  launch  configurations  and 
the  development  of  launch  pads  which  minimize  sonic  exposure  during  this  crucial  flight 
period.  Another  important  area  is  the  understanding  of  boundary  layer  turbulent  phenomena 
and  the  mechanism  of  rhe  transfer  of  energy  to  the  vehicle.  Hence,  much  experimental  and 
theoretical  work  toward  understanding  of  sonic  exposure  remains  as  a  continuing  challenge. 
In  addition,  it  is  clear  that  noise  measurements  should  be  included  in  each  weapons  system 
development  to  allow  early  anticipation  of  unexpected  problem  areas  and  to  insure  that 
the  final  design  and  test  criteria  are  based  on  the  actual  environment. 
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FLIGHT  MEASUREMENTS  OF 
DYNAMIC  LOADS  AND  STRAINS 


By 

Wo  L.  Howland 

Lockheed  Aircraft  Corporation 
Burbank,  California 

This  paper  presents  a  general  description  of  strain  gauge 
techniques  and  measurements  taken  in  flight  on  Lockheed  test 
aircraft.  It  covers  a  philosophy  of  where  and  when  to  make  load 
or  strain  gauge  measurements.  Application  of  the  technique  and 
procedures  to  the  solution  of  some  detailed  structural  problems  is 
dealt  with.  Beyond  the  detailed  strain  measurements,  some  case 
histories  of  basic  load  determination  are  discussed.  Relationship 
and  correlation  between  analytical  data  and  test  data  is  touched 
on;  and  the  matter  of  load  probability  prediction  is  discussed  with 
respect  to  some  special  flight  load  problems. 

Until  a  very  few  years  ago,  the  flight  test  engineer  was  seriously  hampered 
in  measuring  the  magnitude  of  dynamic  loads  and  strains  on  an  aircraft  in  flight, 
through  lack  of  adequate  instruments.  He  was  confined  to  use  of  the  V-G 
recorder,  plus  taking  pressure  surveys.  Both  methods  imposed  severe  limitations 
on  determination  of  actual  loads  and  strains  on  the  structure.  Sometimes  a  photo¬ 
graphic  camera  was  used  for  measurement  of  deflections,  but  this  system,  too, 
had  serious  limitations. 

Development  of  the  wire  resistance  strain  gauge  provided  a  system  that  was 
nearly  ideal  for  solution  of  many  instrumentation  problems  associated  with  flight 
load  measurement.  Two  main  advantages  of  the  strain  gauge  are  the  fact  that  it 
is  remote  reading  and  that  its  frequency  response  is  excellent.  A  companion 


development,  wonderfully  suited  to  the  recording  of  strain  gauge  outputs,  was  the 
oscillograph  incorporating  multiple  high-sensitivity  galvanometers.  Together,  these 
two  devices  have  proved  to  be  a  great  advance  in  the  problem  of  determining  dyna¬ 
mic  loads  and  strains  on  an  aircraft  in  flight.  This  system  is  certainly  not  the  ulti¬ 
mate  tool  for  the  job,  but  it  has  provided  a  means  of  measuring  more  things  more 
accurately. 

Like  most  experimental  operations,  strain  gauge  work  requires  that  a  great 
deal  of  importance  be  placed  on  detail,  arid  there  are  a  great  many  details  that 
are  vital  to  successful  strain  gauge  work. 

In  measuring  loads  on  an  aircraft  structure,  of  first  and  primary  importance  is 
the  selection  of  a  proper  location  for  the  gauge.  Pains  must  be  taken  to  place  the 
gauges  where  they  will  sense  the  proper  strain.  Such  things  as  local  buckling, 
stress  concentration,  local  heating  from  propulsion  units  (or  other  sources)  must  all 
be  considered  in  selecting  gauge  location.  An  equally  important  step  is  proper 
installation  of  the  gauges  themselves,  which  must  be  done  with  a  great  deal  of  care. 
In  many  types  of  measurements,  the  method  and  type  of  calibration  used  is  also 
quite  important. 

In  all  flight  load  measurement  work  at  Lockheed,  primary  emphasis  on  strain 
gauge  work  in  flight  has  been  directed  toward  the  determination,  or  checking,  of 
external  basic  loads.  Our  general  philosophy  has  been  that  if  we  can  know  the 
basic  loads  accurately,  then  detail  stresses  or  stress  distributions  can  be  determined 
more  easily  on  the  ground  during  static  test  work.  In  most  of  our  work  this  philo¬ 
sophy  has  been  followed  successfully.  In  some  instances,  however,  detail  stress 
measurements  were  required  and  were  made.,  In  general,  such  detail  measurements 
were  associated  with  problems  involving  local  structural  cracking,  as  a  result  of 
fatigue.  This  paper  will  present  some  typical  cases  which  involve  both  basic  load 
measurement  and  also  detail  stress  measurements,  in  illustration  of  work  accom¬ 
plished  in  this  field.  We  believe  the  results  show  conclusively  that  there  is  no 
present-day  easy  substitue  for  strain  gauges  in  performing  this  work. 

A  first  example  of  strain  gauge  use  in  measuring  detail  stresses  concerns  a 
fatigue  problem  which  involved  cracks  in  a  wing  rear  beam  web.  The  aircraft  was 
a  Constellation  Model  C-l21Cand  structural  cracking  was  encountered  at  flight 
times  as  low  as  600  to  700  hours.  By  analytical  approach  to  the  problem,  the 
designers  evolved  two  different  changes  in  the  structure  in  an  effort  to  cure  the 
web  cracking.  One  of  these  was  a  field  modification  which  installed  an  additional 
stiffener  between  the  original  stiffeners  to  obtain  a  nine-inch  spacing.  The  second 
was  a  correction  to  aircraft  on  the  production  line  which  consisted  of  an  increase 
to  the  beam  web  thickness  from  .040  to  .051,  while  maintaining  the  nine-inch 
stiffener  spacing.  Both  corrections  were  installed  without  recourse  to  measure¬ 
ments,  either  before  or  after  the  fixes  were  made.  Neither  was  successful  since 
cracking  of  the  structure  continued  in  service  at  fairly  low  flight  hour  intervals. 

At  this  point,  a  flight  test  program  was  instituted  to  measure  vibratory  stresses 
in  the  web  at  various  engine  speeds  since  it  was  believed  that  cracks  were  associated 
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with  engine  operation.  Measurements  were  taken  on  an  airplane  which  incor¬ 
porated  the  production  change  of  web  thickness  increase  to  .051.  Thereafter, 
several  different  structural  configurations  were  tested  in  an  effort  to  arrive  at 
changes  which  would  result  in  low  stress  levels.  Results  of  these  measurements 
are  shown  in  Figure  1 .  It  may  be  seen  that  the  addition  of  a  single  stiffener  did 
not  significantly  reduce  the  vibratory  stresses,  thus  corroborating  service  exper¬ 
ience.  The  addition  of  two  stiffeners,  however,  did  significantly  decrease  stresses 
in  the  web.  Application  of  the  additional  stiffeners  to  aircraft  in  service  solved 
the  problem  completely.  An  interesting  sidelight  of  this  program  is  that  the  high 
stresses  were  obtained  only  when  the  wing  integral  fuel  tanks  were  nearly  full. 

With  the  tanks  empty,  measured  stresses  were  very  low  for  all  configurations 
tested. 

Another  example  in  which  a  fatigue  problem  was  solved  by  measurement  of 
detail  strain  with  strain  gauges,  concerns  skin  cracking  at  the  corners  of  passenger 
door  cutouts.  Gauges  were  installed  at  the  corners  of  both  forward  and  aft  cabin 
door  frames,  as  shown  in  Figure  2.  Oscillograph  records  of  strain  variations  were 
obtained  for  a  variety  of  flight  and  ground  operating  conditions.  The  former 
included  pull-up  maneuvers,  sideslips,  cabin  pressurization,  and  rough  air  con¬ 
ditions;  while  the  latter  covered  landing,  taxiing,  turning,  and  engine  run-up. 

The  maximum  strain  changes  which  were  measured  occurred  at  the  rear  cabin 
door  during  a  hard  landing.  All  three  instrumented  corners  experienced  equivalent 
stress  changes  around  40,000  psi,  as  shown  by  Figure  2.  Under  no  circumstances 
did  the  forward  cabin  door  experience  stress  oscillation  over  about  6,000  psi. 

Based  on  these  measurements,  a  doubler  was  designed  and  installed,  and  further 
fatigue  failures  at  the  cutouts  were  eliminated.  In  this  particular  case,  it  was 
virtually  impossible  to  calculate  how  the  door  corners  could  get  stresses  of  an  order 
high  enough  to  create  a  fatigue  problem.  On  the  other  hand,  actual  measurements 
taken  on  the  airplane  showed  clearly  that  a  flight  or  ground  maneuver  which  excited 
the  fuselage  in  torsion  could  in  fact  cause  serious  stress  changes  in  the  corners  of 
the  aft  passenger  door  cutout. 

Turning  now  from  the  measurement  of  detail  stresses,  we  shall  consider  the 
determination,  or  checking,  of  external  basic  loads.  One  of  these  Is  a  dynamic 
loading  condition  which  is  practically  impossible  to  analyze.  This  condition  is  the 
accelerated  stall  buffet.  Present  accepted  design  practice  is  to  add  arbitrary  factors 
on  top  of  normal  design  loads  to  cover  the  unknown  buffeting  load  quantities.  Unfor¬ 
tunately,  these  arbitrary  design  factors  have  proved  overly  conservative  for  some 
airplanes,  while  for  others  they  have  fallen  short  of  the  actual  loads  encountered  by 
the  aircraft  in  a  deep  penetration  into  accelerated  stall.  At  Lockheed,  we  have 
obtained  and  analyzed  measurements  in  accelerated  stall  for  a  number  of  airplanes 
including  fighters,  trainers,  transports,  and  patrol  types.  Such  measurements,  in 
accelerated  stall  buffet,  provide  excellent  examples  of  basic  structural  load  measure¬ 
ments  which  are  considerably  more  useful  than  detail  strain  or  stress  measurements. 
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Furthermore,  they  can  be  better  correlated  with  available  structural  strength 
information.  Therefore,  in  problems  associated  with  aerodynamic  buffet,  it 
is  invariably  our  practice  to  measure  basic  structural  loads  rather  than  detail 
stresses.  In  illustration  of  progress  at  Lockheed  in  this  field  of  testing,  examples 
of  measurements  obtained  on  a  four-engine  radar  patrol  airplane  and  also  those 
taken  on  a  jet  trainer  airplane  will  be  considered  here. 

Early  tests  on  the  patrol  airplane  indicated  that,  essentially,  two  structural 
areas  were  equally  critical.  These  were  the  outer  stabilizer  in  torsion,  and  the 
aft  fuselage  in  combined  shear  and  torsion.  Analysis  of  the  load  measurements 
were  made  in  general  accordance  with  procedures  outlined  by  the  NACA  in 
TN-3080,  which  covers  analysis  of  buffeting  loads  on  a  fighter  airplane.  From 
this  statistical  analysis  of  the  major  parameters  measured,  those  affecting  buffeting 
loads  were  determined  to  be:  airspeed,  and  incremental  lift  coefficient  above  that 
for  start  of  buffet  (4Cn)°  Thus,  all  measured  loads  were  divided  by  equivalent 
airspeed,  and  plotted  againstA  Cfsj,  as  shown  typically  for  aft  fuselage  torsion  in 
Figure  3.  A  statistical  analysis  of  the  data  was  then  made  to  determine  the  average 
trend  line,  and  also  lines  for  various  probabilities  of  occurrence.  Note  that  con¬ 
siderable  scatter  is  evident  in  the  data,  indicating  that  some  sort  of  a  probability 
analysis  was  in  order. 

For  purposes  of  defining  a  reasonable  condition  under  which  we  were  willing 
to  conduct  an  actual  structural  comonstration,  a  probability  factor  of  one  in  ten 
was  chosen.  In  other  words,  for  a  given  demonstration  condition.  It  was  expected 
that  the  limit  strength  would  be  exceeded  once  out  of  each  ten  tries,  and  that  the 
remaining  nine  would  be  at  (or  less  than)  limit. 

The  net  results  of  the  analysis  in  terms  of  a  V-N  diagram  are  shown  in  Figure  4. 
Note  that  based  on  a  ten  percent  probability,  the  allowable  load  factor  line  shows 
that  a  sizeable  penetration  can  be  made  into  buffet  at  the  lower  airspeeds  with  the 
allowable  penetration  reducing  with  increase  of  airspeed. 

Next,  a  series  of  tests  leading  up  to  structural  demonstration  were  conducted 
on  a  jet  trainer.  Requirements  of  the  demonstration  included  an  abrupt  application 
of  stick  force  and  holding  this  force  until  maximum  load  factor  was  obtained.  This 
type  of  maneuver  automatically  implies  a  very  deep  penetration  into  accelerated 
stall. 

Analysis  of  preliminary  tests  on  this  airplane  clearly  indicated  that  the  para¬ 
meters  of  airspeed  and^i  Q.  did  not  show  sufficient  correlation  with  the  measured 
horizontal  stabilizer  bending  moments  to  allow  use  of  the  data  as  basic  parameters. 
Further  analysis  showed  that  the  two  main  parameters  which  actually  governed  the 
buffet  loads  were:  incremental  angle  of  attack  above  that  for  maximum  lift  coeffi¬ 
cient,  and  dynamic  pressure.  In  addition  to  the  effect  incremental  angle  of  attack 
has  on  airflow  separation  over  the  wing.  It  has  another  effect:  It  is  a  major  factor 
controlling  position  of  the  horizontal  tail  with  respect  to  the  wing  wake.  In  this 
case,  higher  angles  placed  the  horizontal  tail  deeper  in  the  wake. 


42 1 


LOAD  FACTOR 


V-n  DIAGRAM  -  PREDICTED  LOAD 
FACTOR  FOR  LIMIT  LOAD  DURING 
BUFFET  IN  SYMMETRICAL  PULL-UPS 


115,000  LB.  GR.  WT.  ZERO 

10,000  FT.  ALTITUDE  FUEL  WT. 


0  50  100  150  200  250  300 


EQUIVALENT  AIR  SPEED  -  KNOTS 


FIGURE  4 
423 


A  typical  plot  of  stabilizer  bending  moment  divided  by  dynamic  pressure  (q) 
versus  incremental  angle  of  attack  is  shown  in  Figure  5,  for  both  the  left  and  right 
stabilizer  measurements.  Note  that  the  scatter  has  been  reduced  considerably 
as  compared  with  the  plot  of  load  divided  by  speed  versusAC|\j  for  the  patrol 
airplane.  In  fact,  for  a  buffeting  condition,  the  scatter  is  remarkably  small. 

In  the  test  program,  various  rates  of  application  of  stick  force  were  used  in 
making  the  maneuvers.  These  were  divided  into  two  basic  categories:  extremely 
abrupt  and  rapid.  To  illustrate  the  effect  that  rate  of  stick  force  application  has 
on  the  loads,  the  same  measured  loads  used  in  deriving  the  previous  plot  versus 
incremental  are  charted  versus  airspeed  in  Figure  6.  It  may  be  seen  that  the  loads 
for  rapid  maneuvers  are  well  below  the  line  defined  by  the  extremely  abrupt 
maneuvers.  In  all  cases,  the  airplane  went  well  beyond  stall  but  for  the  rapid 
maneuvers  the  incremental  angle  of  attack  attained  was  not  so  great. 

It  proved  unnecessary  to  perform  a  statistical  analysis  for  probability  on  this 
airplane  in  view  of  the  excellent  correlation  of  data. 

The  net  result,  in  terms  of  V-N  diagram,  is  shown  by  Figure  7.  A  definite 
speed  was  determined,  up  to  which  unrestricted  extremely  abrupt  maneuvers  could 
be  performed  with  a  very  low  probability  of  exceeding  limit.  It  was  possible  to 
satisfactorily  demonstrate  this  point  with  the  measured  loads  falling  very  close  to 
limit.  In  the  area  between  the  point  for  unrestricted  maneuvers  and  the  design 
load  factor  cutoff,  deep  penetration  into  buffet  beyond  full  stall  is  allowed,  but 
the  pilot  is  cautioned  not  to  use  abrupt  stick  application. 

Another  structural  area  in  which  strain  gauges  have  played,  and  are  continuing 
to  play,  a  most  important  role  is  that  of  measuring  loads  and  strains  on  landing  gears. 
Many  fatigue  problems  have  been  avoided,  and  several  solved,  by  such  strain  gauge 
measurements.  Marginal  conditions  of  shimmy  or  brake  chatter  have  been  detected 
which  could  have  caused  failures  in  service  had  they  not  been  discovered  during 
flight  test  programs.  On  at  least  one  occasion,  a  very  high  loading  of  a  nose  gear 
was  detected  during  the  early  phase  of  testing  a  new  airplane.  This  loading  con¬ 
dition  had  been  overlooked  in  the  design  analysis  and,  when  uncovered  with  strain 
gauges,  a  rational  analysis  was  found  to  agree  remarkably  well  with  the  actual 
measurements. 

Strain  gauges  properly  placed  and  used  are  not  only  a  valuable  tool  to  solve 
fatigue  problems  that  occur  on  aircraft  in  service,  but  also,  and  even  more  impor¬ 
tant,  they  can  uncover  and  predict  fatigue-causing  conditions  during  the  develop¬ 
ment  and  prototype  program.  In  addition,  of  course,  strain  gauges  can  determine 
or  verify  basic  loads  on  the  structure  plus  measure  dynamic  loads  or  strains  which 
are  practically  impossible  to  calculate. 
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PREDICTION  OF  GUST  LOADS  IN  AIRPLANE 
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SUMMARY 


A  condensed  procedure  is  given  for  estimating  the  gust  loads  that 
are  experienced  by  airplanes  and  missiles  during  operation.  A  turbulence 
model  consisting  of  a  continuous  probability  density  distribution  of 
root-mean-square  gust  velocity  and  the  use  of  power  spectral  techniques 
form  the  basis  for  the  approach.  The  treatment  of  the  turbulence 
encountered  is  given  completely  by  two  sets  of  curves  dealing  with  the 
variation  of  nonstorm  and  storm  properties  with  altitude,  one  set  being 
proportion  of  time  involved,  the  other  being  the  composite  root-mean- 
square  gust  value.  The  treatment  involves  both  repeated  loads  and 
probability  considerations. 


INTRODUCTION 


Reference  1  and  its  predecessor,  reference  2,  are  excellent  compan¬ 
ion  reports  which  develop  procedures  for  estimating  the  gust  loads  that 
are  likely  to  be  experienced  by  airplanes  or  missiles  during  their  oper¬ 
ation.  This  report  has  the  seme  subject,  and  its  main  purpose  is  simply 
to  summarize  the  basic  findings  of  reference  1.  In  making  this  condensed 
version,  a  slightly  different  development  is  used;  thus,  the  "cause"  or 
gust  field  is  herein  assumed  known  and  we  proceed  directly  to  determine 
the  "effect"  or  statistical  characteristics  of  the  airplane  response  or 
load  history.  The  evaluation  of  the  details  and  makeup  of  the  "causes," 
which  forms  a  large  part  of  reference  1,  is  thus  avoided.  Also,  this 
treatment  is  cast  completely  in  terms  of  power  spectral  techniques  and 
no  reference  or  consideration  is  given  to  discrete  or  derived  gust 
velocities.  As  in  reference  1,  the  study  is  mainly  applicable  to  hori¬ 
zontal  or  nearly  horizontal,  flight  and  applies  only  in  a  crude  way  to 
the  near-vertical  flight  paths. 


OUTLINE  OF  TREATMENT 


The  development  of  the  report  proceeds  along  the  following  lines. 

We  first  consider  the  atmosphere  to  be  made  up  of  discrete  patches  of 
disturbances  of  different  mean-square  intensity,  Gaussian  and  stationary 
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in  character,,  and  then  consider  this  discrete  patch  model  to  be  replaced 
by  a  model  which  has  a  continuously  variable  distribution  of  root-mean- 
square  gust  velocity.  Nonstorm  and  storm  turbulence  are  treated  sepa¬ 
rately  but  alike.  Composite  mean-square  'and  basic  peak  count  relations 
of  vertical  velocities  are  then  derived.  Airplane  response  is  considered 
next,  and  this  is  followed  by  a  treatment  which  combines  nonstorm  and 
storm  encounter  to  yield  the  basic  repeated  loads  data.  Finally,  prob¬ 
ability  considerations  of  the  repeated  loads  are  given. 


COMPOSITE  GUST  ENCOUNTER 


In  the  flight  of  airplanes  or  missiles,  experience  has  taught  us 
that  turbulence  encounter  can  be  divided  basically  into  two  parts,  non¬ 
storm  and  storm.  Each  of  these  may  be  represented  by  a  model  comprised 
of  a  succession  of  discrete  patches  of  turbulence  of  different  mean- 
square  intensity.  Figure  1  depicts  such  a  model  in  terms  of  vertical 
velocity  versus  distance  traveled,  where  it  is  understood  that  the 
successive  patches  do  not  necessarily  increase  in  intensity  as  shown 
in  the  figure. 

The  composite  root-mean-square  value  of  vertical  velocity  for  this 
model  is  given  by  the  equation 


where  pn  represents  the  proportion  of  time  spent  in  the  patch  having  a 
root-mean-square  value  of  o  ,  see  sketch  lower  left  of  figure  1.  For 

the  limiting  case  in  which  the  turbulence  model  is  represented  by  a  con¬ 
tinuous  variation  in  root-mean-square  gust  velocity,  see  sketch  at  lower 
right  of  figure  1,  equation  (l)  would  assume  the  form 


(2) 


J^co 

o^p(cr)dcr 

0 


where  p(a)  is  the  probability  density  distribution  of  root-mean-square 
gust  velocity. 

We  next  derive  information  on  the  peak  count  of  vertical  velocity. 

To  do  this  we  first  assume  that  the  spectra  for  all  the  patches  of  tur¬ 
bulence  in  our  discrete  patch  model  are  all  similar  in  shape  and  differ 
only  in  level.  Then  if  we  assume  further  that  each  patch  is  a  station¬ 
ary  Gaussian  disturbance,  then  the  equation  for  approximating  the  num¬ 
ber  of  peaks  per  foot  which  exceed  a  given  level  of  vertical  velocity 
follows  as 

!  u^  u^ 

/  \  1  2ap^  j 

G(u)  =  ±.  dLGQe  1  +  d2GQe  *  +  d^e  5  (3) 

a  t_  ^  j 


where  Gq  depends  only  on  the  spectrum  shape  and  is  the  expected  number 

of  times  per  foot  that  u(x)  crosses  the  value  zero  with  positive  slope, 
and  is  given  by  the  equation 


where  0U  is  the  spectrum  of  gust  velocity  and  ft  is  the  spacial  fre¬ 
quency,  ft  =  ^  (L  being  the  wavelength  of  a  given  frequency  component). 

Jj 

It  is  remarked  that  equation  (3)  is  exact  for  calculating  the  number  of 
crossings  per  foot  with  positive  slope  of  given  values  of  u,  but  is 
also  a  good  approximation  for  determining  the  number  of  peaks  above  a 
given  level  so  long  as  u  is  greater  than  crn. 
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This  equation  forms  the  basis  for  this  entire  report.  Airplane  opera¬ 
tional  studies  show  that  ctc  is  a  function  of  the  altitude  of  operation 

and  this  variation  will  be  shown  subsequently. 

A  summary  of  equations  ( 2 ),  (5*-),  (5)>  and  (6)  is  given  in  figure  2. 


COMPOSITE’  GUST  RESPONSE 


To  determine  the  overall  operational  load  histories  we  simply  com¬ 
bine  the  responses  that  develop  in  the  exposure  to  the  different  Gaussian 
gust  disturbances.  Figure  3  depicts  schematically  this  operation  from  a 
power  spectral  point  of  view.  Horizontally  the  contribution  from  the 
various  patches  are  added  together  to  give  the  composite  picture  shown 
in  the  right-hand  column.  Vertically  the  diagram  depicts  the  basic  power 
spectral  relation  which  states  that  the  spectrum  cpx  of  output  response 

(acceleration,  moment,  stress,  etc.)  is  simply  the  spectrum  of 

input  disturbance  multiplied  by  the  square  of  the  frequency  response 
function  T  (in  this  case  the  response  of  the  airplane  due  to  a  unit 
sinusoidal  gust).  For  the  other  quantities  in  the  figure  the  un's, 

crc,  G,  and  GQ  are  as  before  and  is  the  shape  of  the  gust  input 

spectrum  such  that  when  it  is  multiplied  by  the  mean-square  gust  velocity 
the  actual  spectrum  is  obtained.  The  two  equations  for  peak  count  shown 
apply  to  the  case  of  a  continuous  variation  in  root-mean-square  gust 
velocity  and  specifically  for  the  distribution  given  by  equation  (5). 

The  equation  for  peak  count  of  the  output  response  is  derivable  as 
follows.  We  first  recognize  that  for  any  individual  patch  of  turbulence 
the  mean-square  value  of  output  response  is  related  to  mean-square  value 
of  input  gust  disturbance  by  the  relation 


T2(fi)01(fi)dfi 


1/2 


where  A,  the  square  root  of  the  integral,  is  in  the  nature  of  a  gust 
response  factor  which  depends  on  airplane  weight,  wing  area,  speed,  air 
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Figure  2.-  Basic  peak  count  relations 


density,  etc . ,  and  also  directly  reflects  the  number  of  degrees  of  free¬ 
dom  that  are  taking  part  in  the  response.  Then,  on  the  basis  of  encoun¬ 
tering  discrete  patches,  the  number  of  peaks  per  foot  in  the  response 
that  exceed  a  specified  value  is,  for  the  larger  values  of  the  response, 


N(x)  =  - 
d 


¥oe  2°i2a2  +  42V 


+  ajV  ^ 


w  I  2an2A2  20o2A2  2o*2A2 

=  NJp^  1  +  P2e  «  +  p*e  2 


where  N0  is  the  expected  number  of  times  per. foot  that  x  crosses  the 
value  zero  with  positive  slope  and  is  given  by 


N  -il 
lvo  2* 


/  a2T2(n)0u(fl)dft 
Jo 


f  T2(a)0u(n)dn 

Jo 


1/2 


For  the  continuous  distribution  of  root-mean-square  gust  velocity  and 
specifically  for  the  distribution  given  by  equation  (5),  this  equation 
becomes 


N(x)  =  N0 


x^ 

2o2A2  do 


x 

ocA 


(7) 


as  was  to  be  shown.  In  the  present  form  and  all  subsequent  applications 
of  this  equation  in  this  report  N(x)  refers  to  the  number  of  exceedances 
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per  foot  for  positive  x ,  or  for  negative  x.  If  the  total  number  of 
peaks  per  foot  falling  above  positive  x  and  below  negative  x  is 
desired,  the  results  of  equation  (7)  must  be  doubled. 


REPEATED  LOADS  DURING  COMBINED  NONSTORM 
AND  STORM  OPERATION 


It  was  mentioned  earlier  that  turbulence  encounter  for  airplanes  in 
routine  operations  seems  to  divide  naturally  into  two  parts,  nonstorm 
and  storm.  Further,  it  seems  that  the  distribution  functions  for  the 
root-mean-square  gust  velocities  are  similar  for  the  two  cases,  the  main 
difference  being  a  larger  composite  root-mean-square  gust  velocity  for 
storm  turbulence  than  for  the  nonstorm  counterpart. 

On  a  statistical  average  basis  the  relation  for  peak  count  in  com¬ 
bined  storm  and  nonstorm  operation  follows  by  applying  equation  (7)  to 
both  cases  and  then  combining  the  results  as  follows 


x 


a  A  a  A 

N(x)  =  P^e  1  +  P2Noe  2 


=  V(x) 


(8) 


where  here  N(x)  represents  the  number  of  peaks  per  foot  of  the  airplane 
response  that  lie  above  a  value  x  (for  x  large),  P-^  and  P2  repre¬ 
sent  the  proportion  of  flight  distance  in  nonstorm  and  storm  turbulence, 
respectively,  and  cr„  and  cr„  are  the  respective  composite  values  of 

ci  c2 

root-mean-square  gust  velocity. 

The  proportions  P^  and  P^,  as  well  as  the  composite  root-mean- 

square  gust  velocities  a  and  0  ,  have  been  found  to  vary  with 

C1  c2 

altitude.  One  of  the  main  contributions  of  reference  1  was  the  evalua¬ 
tion  and  presentation  of  P-^  and  Pg  for  both  airplane  and  missile 

operations;  plots  of  these  values  as  a  function  of  altitude,  as  well  as 
equation  (8),  are  reproduced  in  figure  4(a);  for  design  purpose  enlarged 
plots  of  the  proportions  are  shown  in  figures  4(b)  and  4(c).  It  should 
be  mentioned  that  the  much  smaller  proportion  of  time  spent  in  storms 


by  airplanes  as  compared  with  probable  missile  experience  simply  reflects 
the  storm  avoidance  procedures  (sight,  radar,  ground  support)  that  may  be 
realized  by  airplanes.  In  regard  to  -o.  and  cr~  these  values  were 

C1  c2 

also  evaluated  in  reference  1,  although  not  directly  recognized  as  such. 
If  we  compare  equation  (8)  with  equation  (21)  in  reference  1  then  we  see 
that  a.  -  b,  and  cr  =  b0  (a  more  formal  derivation  than  the  term 

ci  1  c2  ^ 

by  term  comparison  can  be  made  to  show  these  equivalences,  but  is  not 
included  here) .  A  plot  of  variations  of  ac ^  and  aQ^  with  altitude 

is  shown  in  the  lower  right  of  figure  4(a)  (see  table  I  of  ref.  1  for 
- "  bp  and  b 2)  • 


evaluation  of 


Thus  we  have  In  figure  4dthe  complete  and  succinct  method  for  deter¬ 
mining  the  statistical  data  on  peak  count  for  flights  of  airplanes  or 
missiles  at  any  given  altitude;  this  figure  is  thus  the  meat  of  the  pres¬ 
ent  report. 

Of  course,  any  mission  or  succession  of  missions  usually  involves 
a  large  altitude  variation.  One  further  extension  of  the  above  procedures 
is  therefore  necessary  where  overall  mission  is>the  basic  point  of  study. 
This  extension  is  embodied  in  the  following  equation 


Nt(x)  =  1 


WlW 


D^N  f0 
2  o  2 


(x) 


=  NqF(x) 


(9) 


where  D. ,  Dr 


are  the  distances  traveled  in  each  altitude  bracket 


considered,  and  D  is  the  total  flight  distance.  Equation  (9)  thus 
gives,  on  the  average,  the  composite  total  number  of  peaks  per  foot  that 
exceed  a  given  value  x  during  the  complete  mission  of  the  airplane  or 
missile;  again,  from  the  point  of  view  of  peak  counts,  this  equation 
applies  to  the  larger  values  of  x.  The  complete  repeated  load  history 
from  a  statistical  sense  is  thus  contained  in  equation  (9).  The  equation 
and  the  type  of  plot  it  produces  is  shown  at  the  top  of  figure  5.  For 
total  peaks  including  positive  and  negative  x,  equation  (9)  should  be 
multiplied  by  2. 
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PROBABILITY  CONSIDERATIONS 


From  equation  (9)  the  probability  of  exceeding  a  given  value  of  x 
during  any  one  or  several  flights  may  be  estimated  by  the  following 
means,  part  of  which  is  duplicated  on  the  bottom  of  figure  5*  Consider 
a  value  x^j  then  the  number  of  feet  that  must  be  flown  to  exceed 

this  value  once  per  foot  on  the  average  is  defined  by  the  relation 


or 


(10) 


It  follows  then  that  the  probability  of  exceeding  the  value  of  x^  in 
only  D  feet  of  flight  is  given  approximately  by 


(11) 


provided  »  D,  which  is  assumed  to  be  the  case  of  interest.  (Note: 
This  formulation  assumes  that  the  exceedances  of  x^  are  distributed  at 

random,  which  is  strictly  not  the  case  because  of  the  nonstationary  make¬ 
up  of  equation  (9),  but  the  results  obtained  are  probably  not  greatly  in 
error. ) 

The  substitution  of  equation  (10)  into  (ll),  and  the  use  of  equa¬ 
tion  (9),  gives  the  following  simple  formula  for  computing  the  probability 
of  exceedance 


pex(xa)  -  BV(xa)  <12> 


To  show  the  nature  of  the  results  obtained  from  equation  (12),  a 
vehicle  with  NQ  =  0.002  was  assumed  to  fly  at  25,000  feet  altitude. 
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With  center-of-gravity  acceleration  as  the  response  quantity  of  interest, 
the  probability  of  exceedance  curves  shown  in  figure  6  were  obtained,  one 
set  pertaining  to  the  vehicle  as  an  airplane,  the  other  as  a  missile. 

These  charts  now  form  an  instructive  chart  for  evaluating  the  vehicle 
probable  flight  experience.  As  a  specific  illustration  the  charts  show 
that  the  probability  of  exceeding  a  value  of  x/A  =  50  in  1000  miles  of 
flight  is  0.016  as  an  airplane  and  0.517;  or  20  times  as  much,  as  a  mis¬ 
sile.  Further,  if  the  flight  distance  is  doubled  to  2000  miles  then  a 
value  of  x/A  =  60  is  determined  for  the  airplane  for  the  same  probability 
value  as  determined  before,  representing  an  increase  in  x  of  only 
20  percent. 


CONCLUDING  REMARKS 


It  should  be  understood  that  the  procedures  given  herein  are  intended 
to  give  statistical  information  on  repeated  load  occurrences;  that  is,  on 
the  average  values  are  found  which  do  not  necessarily  reflect  the  exper¬ 
ience  in  any  one  out  of,  say,  a  hundred  flights. 

The  assumption  of  a  constant  average  velocity  of  flight  is  tacitly 
made  herein.  In  the  spectral  considerations  the  frequency  argument 

=  If  =f  is  assumed  used  throughout,  where  cu  is  circular  frequency 

and  V  velocity.  The  velocity  is  thus  brought  in  through  the  frequency 
response  function  and  its  effect  is  to  expand  or  contract  the  frequency 
response  function  along  the  ft  axis  for  decreasing  or  increasing  veloc¬ 
ities,  respectively.  An  average  velocity  of  flight  is  perhaps  satisfac¬ 
tory  for  most  operations.  A  slightly  better  choice  would  be  to  take  an 
average  value  for  nonstorm  turbulence  and  a  different  average  value  for 
storm  turbulence.  The  effect  would  be  simply  to  use  different  values  of 
N0  in  the  two  terms  of  equation  (8). 


A  similar  point  has  to  be  made  about  the  variation  of  NQ  with 

altitude,  since  in  the  treatment  it  was  also  tacitly  assumed  to  be  invar¬ 
iant  with  altitude.  A  slightly  more  precise  way,  but  probably  one  of 


second-order  importance,  would  be  to  evaluate 

question  and  modify  equation  (9)  accordingly, 
velocity  and  altitude  variation  on  NQ  into  , 

be  nothing  more  than  slightly  modifying  P 


luate  Nq  at  each  altitude  in 

ngly.  The  effect  of  taking 
into  account  should  be  noted  to 


in  equation  (8),  or 


the  ratios 


in  equation  (9)* 
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Again  it  is  mentioned  that  results  contained  herein  are  based  on 
airplane  measurements  obtained  in  essentially  horizontal  flight  and, 
hence,  appear  applicable  to  missile  flight  operations  (as  well  as  air¬ 
plane)  involving  only  horizontal  or  near-horizontal  flight. 

Some  further  comments  on  application  and  limitations  are  given  in 
reference  1. 


vVi 

„  w 


<-V-V 

'yfS. 

#5- 


M 

r-v-j 

rj  w l 

% 


■■\V 


S© 

V  » 

H 

*  * 

1  •  » 

¥>s 

wm 

“V*V' 

>•  m 

k  *  '‘J*  * 

.  A 
*  •*  "> 


fern 

Cv.v 

IV.'-* 

V-V* 

\>\V 


447 


|m.  ti 


;  w 

■AA 

V^> 

•  V  *  %  v 


“ ^ » 


*»,.**  *  •  *  *  *  «*•,"*  4  *  « 

.  ’  -  "  s'  s’  . 


iv'Xv  v  y^vv-v  v  > 


REFERENCES 


1.  Press,  Harry,  and  Steiner,  Roy:  An  Approach  to  the  Problem  of 

Estimating  Severe  and  Repeated  Gust  Loads  for  Missile  Operations 
NACA  TN  4532,  September  1938. 

2.  Press,  Harry,  Meadows,  May  T. ,  and  Hadlock,  I.  K. :  A  Reevaluation 

of  Data  on  Atmospheric  Turbulence  and  Airplane  Gust  Loads  for 
Application  in  Spectral  Calculations.  NACA  TR  1272,  1956. 


THE  INFLUENCE  OF  DYNAMIC  LOADS  ON  ATR CRAFT  FATIGUE 


by 

C.E.  Jackson^,  K.R.  Thorson^,  J.E.  Wherry^,  J.B.  Dempster^ 

ABSTRACT 

Presented  in  this  paper  is  a  discussion  of  a  philosophy  and  the 
techniques  used  in  airplane  flight  test  programs  designed  to  obtain, 
load  experience  data  on  flexible  aircraft.  In  addition,  a  method  of 
reducing  raw  loads  data  to  a  form  directly  usable  in  fatigue  studies 
is  described  in  the  text.  Two  methods  of  idealizing  typical  random 
load  data  (peak  count  and  load  cycles)  for  use  in  fatigue  analyses 
or  testing  are  compared.  A  method  is  discussed  for  converting  air¬ 
plane  center  of  gravity  acceleration  peak  count  distributions  to 
structural  load  cycle  frequency  distributions.  Other  useful  informa¬ 
tion  that  may  be  obtained  during  flight  test  programs  of  this  type  is 
reported.  Examples  of  data  are  presented  showing  the  low  altitude 
derived  gust  velocity  cumulative  frequency  distribution  and  the 
root-mean-square  gust  velocity  probability  density  distribution  as 
obtained  from  the  current  flight  test  programs  including  comparative 
data  from  other  programs. 

Results  of  the  programs  to  date  have  provided  valuable  data  for 
use  in  fatigue  prevention  studies.  They  have  also  pointed  up  areas 
which  should  be  considered  for  future  research.  These  areas  are 
discussed. 
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SYMBOLS 


CCAn) 

D(f) 

F(f,Art) 

M 

m) 

N 

No 


R(f) 

ua« 

f 


ratio  of  the  response  root-mean-square  to  the  disturbance 
root-mean-square 

reading  correction,  fm<  An)/f,  CAn) 

the  dynamic  magnification  factor  as  a  function  of  frequency 

c.g.  acceleration  peak  count  distribution 

load  peak  count  distribution 

load  cycle  frequency  distribution 

load  (bending  moment,  shear,  torsion,  strain,  etc.) 

load  time  history 

cumulative  frequency 

number  of  crossings  of  zero  response  level  with  a  positive 
slope  per  unit  of  time  or  distance 

the  fraction  of  the  total  time  spent  in  the  Gaussian 
component 

the  load  per  unit  c.g.  acceleration  under  steady  state 
conditions 

ratio  of  fleet  to  control  accelerations  as  a  function  of 
frequency,  /AHc(f) 

derived  gust  velocity 

frequency 

probability  density  distribution  of  the  root-mean-square 
gust  velocity 

load  time  history  mean,  1  g  -  level  flight 
load  cycle  mean 

airplane  center  of  gravity  load  factor,  g's 

incremental 

root-mean-square 
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Subscript  C  control 

Subscript  F  fleet 

Subscript  M  measured 

Subscript  S  static 

Subscript  U  uncorrected 

Subscript  i  i^b  Gaussian  component 

Subscript  m  machine 

Subscript  u  gust  Velocity- 

Subscript  v  VOH 

The  remaining  symbols  used  in  this  paper  are  explained  within  the  text. 

INTRODUCTION 

Recent  experiences  on  a  variety  of  fleet  aircraft  have  served  to  emphasize 
the  need  for  increased  attention  to  prevention  of  structural  fatigue.  Satisfac¬ 
tion  of  this  need  requires  the  ability  to  accurately  predict  the  service  life 
of  a  design.  The  first  step  in  this  process  of  prediction  is  to  obtain  an  accu¬ 
rate  description  of  the  loads  involved. 

The  theories  now  in  use  for  structural  life  estimations  are  based  on  the 
concept  that  all  applied  loads  contribute  to  the  fatigue  experience.  In 
practice,  however,  some  loads  are  small  enough  to  have  a  negligible  effect. 

In  general,  the  airframe  will  be  subjected  to  a  composite  load  spectrum  consist¬ 
ing  of  random  loads  originating  from: 


1.  gusts 

2.  buffet 

3.  maneuvers 
li.  landings 


5,  taxi 

6,  sonic  vibration 

7,  other  sources 


In  the  present  studies  being  conducted  at  Boeing,  it  has  been  established  that 
the  significant  fatigue  loads  on  the  primary  structure  are  caused  by  gusts, 
maneuvers  and  taxi.  Throughout  these  studies  the  loads  have  been  represented  as 

1.  ground-air-ground  loads  (typical  loads  associated  with  the 
transitions  from  taxi  to  flight  and  from  flight  back  to  taxi) 

2.  flight  maneuver  loads  (excluding  the  ground-air-ground  loads) 

3.  gust  loads 

Current  work  indicates  that  these  contribute  approximately  91%  of  the  load  ex¬ 
perience  to  critical  areas  of  the  wing,  empennage  and  fuselage.  Moreover  the 
ground-air-ground  and  gust  loads  are  closely  associated  with  the  airplane  dynamics. 
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Figure  1  illustrates  the  relative  importance  of  these  loads  on  typical 
structures  of  the  B-h7  and  B-$2.  Shown  in  this  figure  are  the  percentages  of 
the  total  damage  expected  on  the  fleet  airplanes  due  to  ground-air- ground, 
maneuver,  and  gust  loads.  It  can  be  seen  that  there  is  a  substantial  difference 
in  the  contribution  of  each  of  the  three  load  types.  The  reason  that  the  ground- 
air-ground  cycle  is  more  significant  on  the  B-%2  than  on  the  B~h7  can  be  ex¬ 
plained  by  the  fact  that  the  B-S2  carries  internal  wing  fuel,  and  the  design 
conditions  for  take-off  and  landing  require  these  wing  tanks  to  be  nearly  full. 
The  differences  shown  between  the  mid  span  and  the  root  of  the  B-b7  are  prima¬ 
rily  due  to  the  higher  gust  dynamic  magnification  factor  experienced  at  the 
outboard  station.  This  effect  can  best  be  illustrated  by  the  data  shown  in 
Figure  2.  Plotted  there  is  the  relative  service  life  as  a  function  of  the  gust 
dynamic  magnification  factor  for  the  B— U7  wing  root  under  the  same  flight  usage 
shown  in  the  preceeding  figure.  The  importance  of  this  factor  is  indicated  by 
the  rapid  decrease  in  relative  service  life  with  increasing  gust  dynamic  mag¬ 
nification  factor. 

The  effect  of  mission  profile  on  the  relative  importance  of  the  three  load 
types  may  also  be  substantial.  Figure  3  illustrates  the  difference  in  relative 
damage  due  to  the  three  load  types  for  high  and  low  altitude  training  missions. 

The  effect  of  increased  turbulence,  expected  at  low  altitudes,  is  indicated  by 
the  higher  percentage  attributed  to  gusts  during  the  low  altitude  training  mis¬ 
sion.  It  is  evident  therefore  that  accurate  descriptions  of  the  ground-air- 
ground  load  cycles,  maneuver  load  cycles,  and  gust  load  cycles  are  required  for 
service  life  studies. 

The  major  portion  of  this  paper  will  be  devoted  to  the  discussion  of  methods 
which  are  devised  to  provide  accurate  load  history  data  from  which  fatigue  load 
spectrums  may  be  obtained  for  flexible  airplane  structures.  In  particular  the 
discussion  will  center  around  the  general  aspects  of  the  flight  test  programs 
now  being  conducted  by  the  Boeing  Airplane  Company  under  contract  with  the  Air 
Force.  Furthermore,  it  should  be  mentioned  that  application  of  the  test  program 
philosophy  results  in  the  determination  of  both  static  and  dynamic  repeated  loads. 
In  fact  it  can  be  seen  that  for  some  conditions  it  is  impractical  to  distinguish 
between  the  two. 


TEST  PHILOSOPHY 

The  test  program  philosophy  is  to  collect  samples  of  flight  loads  data  which 
are  representative  of  the  repeated  load  experience  being  accumulated  on  first  line 
military  aircraft  during  operational  use.  Since  the  repeated  load  experience  of 
the  fleet  airplanes  depend  strongly  upon  such  things  as  mission  profiles  flown, 
weather  conditions  encountered  and  weight  distributions  maintained,  it  is  evident 
that  the  accumulation  of  representative  statistical  samples  of  loads  experienced 
in  all  flight  conditions  is  reouired  in  order  to  adequately  estimate  fleet  service 
life.  From  the  standpoint  of  program  length,  it  is  not  feasible  to  acquire  this 
sample  with  a  single  airplane.  Moreover  it  is  economically  infeasible  to  com¬ 
pletely  instrument  a  large  group  of  airplanes  in  order  to  obtain  the  required 
statistical  coverage  in  a  reasonable  interval  of  time. 
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%  OF  TOTAL  DAMAGE 
FIGURE  I 

Relative  Effects  of  Spectrum  Loads  on  3-47 
and  3-52  Wing  Lower  Surface  fatigue  damage 


HIGH  ALTITUDE  TRAINING  MISSION 


%  OF  TOTAL  DAMAGE 

FIGURE  3 

Motive  effects  of  Spectra  MswWIVityM 
Lower  Surface  fatigue  Damage  for  Two  Mission  Profile 


The  general  plan  of  the  present  test  programs  for  obtaining  the  required 
load  experience  data  on  each  type  of  aircraft  (B-U7,  B-5>2  and  KC-13?)  involves 
the  use  of  one  extensively  instrumented  control  airplane  and  several  fleet  air¬ 
planes  with  minimum  instrumentation  installed.  The  control  airplanes  are  in¬ 
strumented  to  record,  on  FM  tape,  continuous  time  histories  of  internal  struc¬ 
tural  loads  on  the  wing,  fuselage  and  empennage,  gust  velocities,  accelerations 
at  the  c.g.  and  other  points  of  interest  on  the  aircraft.  The  following  objec¬ 
tives  were  established  for  the  control  airplane  test  programs. 

1.  Provide  transfer  functions  between  vertical  c.g.  accelerations 
and  the  load  frequency  distribution  at  various  points  on  the 
airplane  for  the  range  of  gross  weights,  speeds  and  altitudes 
being  flown  by  the  fleet  airplanes. 

2.  Provide  a  significant  statistical  sample  of  loads  for  specific 
flight  conditions  (low  altitude  for  example). 

3.  Provide  transfer  functions  between  the  internal  structural 
loads  and  accelerations  at  various  locations  throughout  the 
airframe  and  the  turbulence  encountered. 

Using  the  transfer  functions  mentioned  in  objective  1,  the  large  amount  of 
VGH  data  being  obtained  from  fleet  airplanes  of  the  same  type  as  the  control 
airplane  can  be  converted  to  load  frequency  distributions.  Since  these  airplanes 
are  operated  by  Air  Force  crews  for  a  large  number  of  hours  under  a  wide  range 
of  service  conditions,  the  loads  information  resulting  from  this  conversion  yields 
the  large  statistically  accurate  sample  required  for  the  determination  of  the 
service  life. 

Accomplishment  of  objective  2  results  in  attainment  of  the  most  accurate 
load  frequency  distributions  under  the  flight  conditions  which  produce  the  most 
severe  fatigue  loads.  Transfer  functions  for  gust  inputs  obtained  in  accord 
with  objective  3  make  it  possible  to  use  gust  data  from  other  sources  to  increase 
the  statistical  accuracy  of  the  expected  gust  loads. 

DATA  PROCESSING 

In  programs  of  this  type  much  emphasis  is  placed  on  collecting  and  process¬ 
ing  a  large  amount  of  data  in  a  relatively  short  period  of  time.  The  calculation 
of  peak  count  and  load  cycle  frequency  distributions  from  random  load  time  histo¬ 
ries  and  the  determination  of  airplane  transfer  functions  from  gust  velocity  and 
airplane  response  time  histories  requires  the  use  of  high  speed  computers.  Effi¬ 
cient  and  timely  reduction  of  the  large  quantity  of  data  involved  to  the  desired 
form,  requires  rather  elaborate  plans  for  analysis  of  the  data.  The  processes 
for  handling  the  control  airplane  data  from  the  present  program  have  been  con¬ 
densed  and  outlined  by  the  flow  chart  shown  in  Figure  It.  Reduction  of  the  fleet 
VGH  data  to  c.g.  acceleration  peak  count  distributions  is  being  accomplished 
elsewhere.  It  may  be  noted  here  that  the  data  recording  and  data  reduction 
methods  used  on  the  fleet  airplanes  will  also  be  duplicated  on  the  control  air¬ 
plane  in  order  to  account  for  possible  differences  in  data  results  due  to  dif¬ 
ferent  data  handling  techniques. 
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The  first  step  in  the  reduction  of  the  control  airplane  data  includes  a 
scan  for  discrepancies.  Past  experience  has  shown  that  it  is  highly  desirable 
to  complete  the  preliminary  scan  for  one  flight  prior  to  running  additional 
flights  in  order  to  insure  against  continuing  record  errors.  The  data  are  then 
categorized  with  respect  to  airplane  configuration  and  flight  condition.  The 
data  recorded  on  FM  tape  are  identified  with  respect  to  airplane  configuration 
and  flight  condition,  beginning  and  end  of  record,  calibration  information,  etc., 
by  a  tone  signal  which  is  recorded  on  a  separate  data  track  during  the  editing 
process.  The  second  step  of  the  data  reduction  process  consists  of  converting 
the  FM  tape  data  to  digital  form.  The  previously  mentioned  tone  signals  are 
used  to  trigger  an  analog  to  digital  converter  at  the  beginning  and  end  of  each 
record.  A  sampling  rate,  of  112.5  times  per  second  is  used  in  the  conversion 
process  for  analysis  of  the  load  experience  data.  The  digital  data  is  then 
stored  on  metal  tape  in  a  form  compatible  with  the  Remington-Rand  1103A  computer. 
The  third  and  final  step  of  the  digital  data  reduction  process  consists  of  the 
actual  calculations  required  to  determine  the  peak  count  and  load  cycle  fre¬ 
quency  distributions  and  the  airplane  transfer  functions.  These  calculations 
will  be  described  in  following  sections  of  the  paper. 

POWER  SPECTRAL  DENSITY  DATA  ANALYSIS 

In  order  to  use  the  generalized  harmonic  analysis  techniques  for  the  pre¬ 
diction  of  airplane  loads  due  to  random  turbulence,  a  knowledge  of  the  airplane 
transfer  function  must  be  available.  Therefore,  the  control  airplane  instrumenta¬ 
tion,  data  recording  devices,  and  data  reduction  methods  are  designed  to  yield 
simultaneous  recordings  of  the  gust  velocity  and  airplane  response  time  histo¬ 
ries;  The  gust  velocity  and  airplane  response  power  spectra  are  computed  using 
Tukey’s  procedures  as  outlined  in  References  1  and  2.  These  calculations  are 
made  for  frequencies  ranging  from  .2  cps  to  10  cps  which  include  the  natural 
frequencies  of  all  degrees  of  freedom  considered  to  be  significant  in  the  defini¬ 
tion  of  the  primary  structural  load  transfer  functions.  The  length  of  the  data 
sample  used  in  the  spectral  density  analyses  is  approximately  five  minutes.  The 
sampling  rate  and  number  of  power  spectral  estimates  for  these  calculations  may 
be  adjusted  a3  required.  Knowledge  of  the  airplane  transfer  functions  allows 
both  the  conversion  of  other  load  experience  to  the  program  airplanes,  and  the 
conversion  of  the  program  airplanes  load  experience  to  a  form  useful  in  other 
fatigue  analyses. 


ANALYSIS  OF  LOAD  EXPERIENCE  DATA 

Analysis  of  the  load  experience  data  consists  primarily  of  reducing  the 
random  load  time  history  to  an  idealized  form  that  is  more  readily  used  in 
conventional  fatigue  testing  or  structural  life  calculations.  It  has  been  the 
practice  to  reduce  random  load  history  data  to  peak  count  or  load  cycles  per 
unit  time  or  distance  flown  and  to  tacitly  assume  that  either  interpretation 
of  the  data  produces  the  same  fatigue  experience  as  the  actual  random  load 
history. 

The  peak  count  idealization  of  random  loads  is  obtained  by  measuring 
the  greatest  excursion  between  adjacent  crossings  of  the  load  history  mean 


(see  Figure  5).  The  amplitudes  are  computed  by  taking  the  difference  between 
the  values  of  these  peaks  or  valleys  and  the  load  history  mean,  and  these  are 
then  accumulated  into  predetermined  amplitude  bands.  Each  peak  count  is  sub¬ 
sequently  idealized  as  one  half  of  a  complete  load  cycle  about  the  load  history 
mean  as  shown  by  Figure  5.  The  peak  count  is  then  condensed  to  a  tabulation  of 
load  frequency  versus  load  amplitude.  The  peak  count  idealization  is  a  highly 
simplified  approximation  of  the  actual  load  history. 

A  more  rational  idealization  is  obtained  by  counting  the  primary  and 
secondary  cycles  making  up  the  random  load  history,  as  defined  in  Figure  6. 

The  load  cycle  amplitude  is  computed  by  taking  half  of  the  difference  between 
the  algebraic  values  of  the  peak  and  valley  making  up  the  cycle.  The  mean 
load  level  for  each  cycle  is  obtained  by  taking  half  of  the  sum  of  the  algebraic 
values.  It  is  important  to  note  that  all  significant  parts  of  the  actual  load 
history  are  retained  by  the  load  cycle  concept.  The  load  cycle  equivalent  of  a 
given  random  history  may  be  conveniently  presented  as  a  tabulation  of  load  cycle 
frequency  versus  amplitude  and  load  cycle  mean. 

The  program  used  to  analyze  the  random  time  histories  for  the  control 
airplanes  is  designed  to  provide  both  peak  count  and  load  cycle  idealizations 
of  the  actual  flight  experience.  The  output  of  this  program  consists  of  a 
tabulation  in  the  form  of  peak  count  and  load  cycle  frequency  distributions 
for  each  airplane  configuration  and  flight  condition.  The  frequency  distribu¬ 
tions  given  in  Tables  1  and  2  are  for  a  typical  sample  of  low  altitude  data 
recorded  at  Wing  Station  315  oh  the  B-h7  control  airplane.  Corresponding  plots 
of  the  load  cumulative  frequency  versus  load  level  are  shown  in  Figure  7. 

In  order  to  compare  these  two  interpretations,  the  sum  of  the  load  cycles 
without  re’gard  to  their  means  has  also  been  plotted  versus  amplitude.  It 
can  be  seen  that  ohis  sum  is  nearly  equal  to  the  load  cycle  cumulative  fre¬ 
quency  obtained  from  the  peak  count  interpretation  in  the  low  amplitude  range, 
but  is  substantially  different  in  the  high  amplitude  range.  The  fact  that  the 
plot  of  the  total  summation  of  load  cycles  lies  below  the  plot  of  peak  counts 
for  large  amplitudes  is  evidently  due  to  the  low  probability  of  encountering  a 
large  negative  disturbance  immediately  following  a  large  positive  one,  or  vice 
versa.  The  peak  count  idealization  does  not  retain  this  characteristic  of  the 
data. 

From  Figure  7  it  can  be  concluded  that  the  two  idealizations  of  the  random 
load  history  may  result  in  substantial  differences  in  service  life  estimates. 

At  present,  comparative  results  are  not  available. 

CONVERSION  OF  FLEFT  PEAK  COUNT  TO  LAOD  CYCLE  FREQUENCY  DISTRIBUTION 

Of  particular  interest  is  the  technique  for  the  conversion  of  .the  large 
sample  of  c.g.  acceleration  peak  count  data  obtained  from  the  fleet  airplanes 
instrumented  with  VOH  recorders  to  peak  count  distributions  and  load  cycle  fre¬ 
quency  distributions.  As  previously  mentioned,  one  of  the  primary  objectives  of 
the  control  airplane  test  program  is  to  obtain  the  necessary  transfer  relations 
to  make  this  conversion.  It  may  be  noted  that  this  technique  can  be  applied  to 
either  lateral  or  vertical  loads  and  all  of  the  flight,  landing,  and  taxi  condi- 
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tdons*  The  control  airplane  load  experience  data  are  collected  under  standard 
fleet  operational  conditions  in  order  to  minimize  load  experience  differences 
due  to  pilot  technique,  fuel  sequencing,  weather,  geographical  location,  and 
others.  It  is  felt  that  the  accuracy  of  the  conversion  of  fleet  c.g.  accelera¬ 
tion  peak  count  to  load  cycle  freouency  distributions  depends  strongly  on  the 
similarity  of  operating  conditions  for  the  fleet  and  the  control  airplane. 


Since  the  fleet  VGH  data  may  differ  from  that  recorded  on  the  control  air¬ 
plane,  due  to  d5.fferent  data  resolution  and  reduction  techniques,  typical  samples 
of  control  airpl.ane  c.g.  acceleration  data  are  reduced  to  peak  counts  by  the  same 
techniques  used  to  process  the  fleet  VGH  data.  The  difference  in  the  peak  counts 
for  the  typical  control  airplane  data  obtained  by  using  the  automatic  digital 
program  used  to  reduce  the  control  airplane  data,  and  the  process  used  to  reduce 
the  fleet  VGH  data,  represents  the  reading  correction  to  be  applied  to  fleet  c.g. 
acceleration  peak  counts.  It  is  estimated  that  only  a  relatively  small  sample  of 
control  airplane  data  is  required  to  define  the  reading  correction.  Figure  8 
illustrates  typical  differences  in  c.g.  acceleration  peak  counts  and  a  corres¬ 
ponding  reading  correction  obtained  from  control  airplane  data  when  reduced  to 
peak  counts  by  the  two  methods. 


Denoting  the  VGH  peak  count  distribution  by  •fv(An)  and  the  corresponding 
machine  peak  count  distribution  by  a  reading  correction  may  be  defined 


Having  defined  the  reading  correction,  the  corrected  VGH  peak  count  for  the 
fleet  may  then  be  computed  by 


M  =  C  CAn)fFU(An) 


(2) 


where  fFCAn) 


is  the  corrected  fleet  c.g.  acceleration 
peak  count  distribution 


■f  (An) 

*P  0 


is  the  uncorrected  fleet  c.g.  acceleration 
peak  count  distribution 


One  method  of  estimating  the  fleet  repeated  load  experience  from  fleet  c.g. 
acceleration  peak  counts  is  to  scale  the  control  airplane  load  peak  counts  with 
the  ratio  of  the  corrected  c.g.  acceleration  to  the  control  airplane  c.g.  acceler¬ 
ation,  This  ratio  may  be  written  as: 


R(f) 


(3) 


463 


c~  reading  comcnw 


An-  INCREMENTAL  LOAD /ACTOR 


An  -  INCREMENTAL  LOAD  FACTOR 

FIGURE  8 

Typical  Machine  and  Manual  Peak  Counts 
and  the  Corresponding  Heading  Correction 


tern 


where  40.  <f)  and  AncCf)  are  the  incremental  c.g. 

p  accelerations  for  the  fleet  and  control  air¬ 

planes  as  functions  of  the  frequency  of 
occurrence 


Typical  plots  of  control  airplane  and  corrected  fleet  c.g.  acceleration  peak 
count  and  ratio  defined  by  equation  (3)  are  shown  in  Figure  9.  Denoting  the 
peak  count  frequency  distribution  for  the  control  airplane  by  FeC^A^) 
the  corresponding  fleet  peak  count  frequency  can  be  written  as  FvCf.AM) 
(sec  tables  1  and  2) 


where  A  M  F  {f)  =  R(f)AMcCf) 


00 


A  commonly  used  concept  in  converting  from  vertical  c.g.  accelerations  to 
wing  loads  is  that  of  a  dynamic  magnification  factor,  D.  A  definition  of  D 
which  may  be  useful  for  fatigue  load  analyses  is, 


D(f)  = 


AMs(f) 


where  AMh(f) 


is  the  measured  incremental  loads  as  a 
function  of  the  frequency  of  occurrence 


(5) 


and  A  Ms  Of)  is  the  incremental  load  computed  from  the 

incremental  c.g.  accelerations,  An(f)  as 
a  function  of  the  frequency  of  occurrence 


The  expression  (-f)can  be  computed  by 


AMs(f)  =  QAn(f) 

where  Q  is  the  load  per  unit  c.g.  acceleration  under 

steady  state  conditions 

The  c.g.  acceleration,  anc*  l°ads,  AM.Cf)  ,  can  be  computed  from 

data  recorded  simultaneously  on  the  control  airplane.  Furthermore  the  static 
load  per  unit  c.g.  acceleration  can  be  obtained  either  from  flight  tests  or 
calculations.  This  permits  the  computation  of  the  dynamic  magnification  factor, 
D,  for  the  control  airplane  loads. 

It  is  reasonable  to  assume  that  the  D  for  the  fleet  airplanes  is  the  same 
as  for  the  control  airplane  at  the  same  gross  weight  and  flight  condition.  Thus 
the  loads  on  the  fleet  airplanes  can  be  computed  as 


D(f)  AM  (f) 

"  O 


(7) 
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0.3  to  0.9 


T  0.9  to  1.5  204 

1.5  to  2.1 _ 69 

^ N  2.1  to  2.7  17 

^  2.7  to  3.3  3 

^  3.3  to  3.9  1  I 

DATA  TIME  -  II 5/  SECONDS 


PLUS 

MINUS 

585 

602 

204 

1  98 

69 

66 

17 

10 

3 

3 

1 

0 

TABLE  2 

LOAD  CYCLE  FREQUENCY  DISTRIBUTION 


AMPLITUDE  XIO-t>  IN.-LBS. 


0.3  to  0.9  0.9  to  1.5  1.5  to 2. 1  2.1  to 2.7  2.7to3.3 


1.5 

to 

3.0 

3.0 

to 

4.5 

4.5 

to 

6.0 

6.0 

to 

7.5 

7.5 

to 

9.0 

SUMMATION 

DATA  TIME-1151  SECONDS 


Substituting  into  equation  (7)  from  equations  (5)  and  (6)  combining  terms  and 
recognizing  that  AMrt(0  =  AMcOf)  results  in  an  expression  identical  to 
equation  (!i).  It  can  be  seen  therefore  that  the  two  concepts  are  equivalent. 
However  the  ratio  system  given  in  equations  (3)  and  (it)  can  be  applied  to  loads 
for  which  Q  can  not  be  readily  determined,  and  its  application  reouired  less 
work  so  that  this  approach  is  desirable  unless  specific  knowledge  of  the  dynamic 
magnification  factor  is  reouired. 


Conversion  of  fleet  c.g.  acceleration  peak  count  to  a  load  cycle  frequency 
distribution  requires  more  detailed  treatment.  Beginning  with  fleet  c.g.  accel¬ 
eration  peak  count,  corrected  for  the  reading  correction  defined  by  Equation  (1), 
it  is  then  necessary  to  account  for  differences  in  the  amount  of  time  spent  in 
turbulence  of  a  given  intensity  for  the  control  and  fleet  airplanes,  and  to  adjust 
the  load  cycle  amplitudes  and  mean  values  accordingly.  A  method  of  accomplishing 
this  conversion  is  suggested  by  Press,  Meadows  and  Hadlock  in  Reference  3,  by 
their  semi-graphical  approach  to  the  calculation  of  turbulence  intensities 
encountered  during  flight  from  measured  incremental  c.g.  accelerations. 


It  is  assumed  that  the  turbulence  encountered  varies  only  in  intensity,  and 
while  the  over  all  distribution  of  gust  velocities  is  non-Gaussian,  the  actual 
distribution  can  be  closely  approximated  by  the  summation  of  a  number  of  properly 
weighted  Gaussian  components.  The  weighting  factor  associated  with  each  component 
is  proportioned  to  the  fraction  of  the  total  time  spent  in  that  component  having 
a  root-mean-square  gust  velocity  of  (Tui  .  The  number  of  exceedances  of  given 
values  of  An  per  second  can  be  expressed 


where 


NC6n)  =  N/0lF?ett"^  o 

<*l 

AH  is  the  given  response  level 

( n  is  the  rms  value  of  the  ith  Gaussian  component 

of  response 


Pi  is  the  fraction  of  the  total  time  spent  in  the 

Gaussian  component  having  an  rms  value  of  (f? 

N/o  is  the  number  of  crossings  per  second  of  the 

zero  response  level  with  positive  slope. 

(a  constant  for  a  given  airplane  configuration 
and  flight  condition) 


NC&n)  is  the  number  of  times  per  second  that  the  given 
response  level,  An  is  crossed  with  positive 
slope. 


It  should  be  noted  that  N  (  A  0)  is  also  the  cumulative  frequency  of  reaching  or 
exceeding  given  values  of  AH  and  may  be  approximated  by  cumulative  summation  of 
the  An  peak  count. 
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Experimental  data  collected  to  date  on  the  control  and  fleet  airplanes  indicate 
that  the  distributions  of  c.g.  accelerations  resulting  from  turbulence  can  be 
closely  approximated  by  two  Gaussian  components.  For  identical  configurations  and 
flight  conditions  the  number  of  times  per  second  that  the  c.g.  acceleration  exceeds 
given  values  of  for  the  control  airplane  is  therefore 


NcC& n)  =  KJttcan)+WttOrV)  (?) 

where 

N,<  (An)  =  F?c  (10) 

NicCAn')  =  W.  f=c  e"Wn)^'  (ii) 

while  for  the  fleet  airplanes 


NKAn)  =  N1FCAn)+NJ„(An)  (12) 


where 


N,F=  N.F?Fe'Wn)/^^ 

N2F=M.P2Fe  CAn)/^' 

For  each  of  the  above  Gaussian  components,  the  plot  of  Xn  NCA^O  versusMfl) 
is  a  straight  line  having  a  slope  -  ^  and  vertical  axis  intercept  ^  =  |\f  P 

at  AH=0.  The  slopes  of  the  lines  are  implicitly  an  indication  of  the  turbulence0 
intensity,  assuming  linearity  between  disturbance  and  response.  The  vertical  axis 
intercepts  are  proportional  to  the  fraction  of  total  time  spent  in  each  of  the 
two  turbulence  intensity  levels,  since  fs/o  is  a  constant  for  a  given  airplane 
configuration  and  flight  condition. 

Using  the  two  line  approximation  for  the  plot  of  intfCAn)  versus  C  Anf  for 
experimental  data  recorded  on  the  control  and  fleet  airplanes,  the  preliminary 
steps  for  obtaining  fleet  load  cycle  distributions  from  fleet  c.g.  acceleration 
peak  count,  control  airplane  c.g.  acceleration  peak  count  and  load  cycle  data, 
are  carried  out  in  the  following  manner: 


(13) 

(1U) 
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1.  For  each  airplane  configuration  and  flight  condition,  separate 
plots  are  made  of  the  cumulative  frequency  of  the  c.g.  accelera¬ 
tions  for  the  control  and  fleet  airplanes  in  the  form  JU  N  (An) 
versus  (An)*  as  indicated  in  Figure  10. 

2.  Each  curve  is  approximated  by  two  tangents  adjusted  such  that 
each  pair  of  tangents  intersect  at  tne  same  value  of  (An)*. 

This  abscissa  should  correspond  to  a  boundary  between  two  load 
cycle  amplitudes  in  the  desired  load  cycle  frequency  distribu¬ 
tion  (based  on  incremental  moment  per  g  for  example). 

3.  The  portions  of  the  curves  to  the  left  and  right  of  (£0!')*’ 
are  considered  separately.  The  ratios  (77* f  (J7C  and  QTr/Vjfc 
necessary  to  account  for  differences  in  turbulence  intensity 
encountered .by  the  control  and  fleet  airplanes  are  obtained  from 
the  ratio  of  the  slopes  of  the  tangents  to  the  control  and  fleet 
curves.  The  ratios  ff./Rc  and  p«/p« .  necessary  to  account 
for  the  difference  in  time  spent  in  disturbed  flight  between  the 
control  and  fleet  airplanes  are  obtained  by  the  ratio  of  the 
vertical  axis  intercepts  of  the  tangents  to  the  control  and  fleet 
curves. 

In  The  load  cycle  frequency  distribution  for  the  control  a,irplane 
is  then  divided  into  two  distributions  so  that  load  cycle  ampli¬ 
tudes  below  AHxare  contained  in  one  distribution  and  those  load 
cycle  amplitudes  above  A  fix  are  contained  in  the  other. 

Each  of  the  control  airplane  load  cycle  frequency  distributions  is  then  used 
to  obtain  a  corresponding  fleet  load  cycle  frequency  distribution.  If  the  load 
time  history  for  the  control  airplane  is  given  by 

Mc<*)  =  +  m  (i5) 

where  AM  (O  is  the  time  variant  incremental  load  and  m  is 
c  the  1  g  straight  and  level  flight  mean  load. 

The  fleet  airplane  load  time  history  for  a  different  turbulence  intensity  may  be 
written 


M. 


{AM.(0]+ro 


(16) 


The  load  cycle  amplitude  and  mean  for  the  fleet  airplanes  may  now  be  computed  by 
the  following  expressions. 


Load  cycle  amplitude, 

AK1  = 

Load  cycle  mean, 

m  - 

z 

;)  + 

Z 


(17) 

(18) 


An  ~  INCREMENTAL  LOAD  FACTOR 
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Control  and  Fleet  Center'  of  Gravity  Acceleration 
Peak  Count  Data  and  the  Corresponding  Mo 


Substituting  equations  (15)  and  (16)  into  (17)  and  (IB)  and  dividing  the  fleet 
load  cycle  amplitude  and  mean  by  the  control  airplane  load  cycle  amplitude  and 
mean  respectively  we  obtain 

amf  _  jr;  ( 
AM.  ar 


£1  =  £  +  (  i  -  2jh 

mc  07  mc  ^  (T^  / 


Finally,  these  ratios  when  applied  to  each  of  the  control  airplane  load  cycle  ___ 
frequency  distributions,  F(f)C, AM, C)  m,c)  for  AH  <  A  Hi  and  ) 

for  AH>Anx  yields  the  corresponding  fleet  load  cycle  frequency  distributions* 

for  An  <  A n x 


F(4=,AM„,  mtF)  for  An  >  Ar^ 

•  where  for  An4Anx  — 

AMlf=  a  AM1C 

*V  If  f) 

and  for  Ar\  >  An* 


.*■ 

•  v  •  ' 

•jS>; 


f  _  Bjl  -f 

Up  -  p  ’  ®c 

AMtc=p^AM,t 

WtC 


fzf  \ 

37,  ' 


It  should  be  pointed  out  the  resulting  mean  bands  and  amplitude  bands  of  the 
fleet  data  will  generally  be  different  than  those  selected  for  the  control  air¬ 
plane  data  categorization.  It  will  often  be  desirable  to  realign  the  fleet  data 
bands  so  that  they  are  the  same  as  those  of  the  control  airplane.  This  can  be 
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easily  accomplished  graphically.  The  procedure  will  not  be  covered  in  this 
paper. 

Examination  of  typical  samples  of  data  indicate  that  discrepancies  between 
the  two-line  approximation  of  MCAn)  and  the  correct  value  are  less  than  10 
percent.  Discrepancies  between  a  single  straight  line  approximation  of  N(An)  may 
be  as  large  as  100  percent  for  some  values  of  (An)1  .  The  extension  of  the  two 
segment  approximation  of  the  plot  of  N(An)versus  ^An)1  three  or  nore 
segments  is  straight  forward. 

OTHER  DATA  FROM  THE  TEST  PROGRAM 


The  primary  purposes  of  the  present  program,  are  to  obtain  the  airplane  fleet 
repeated  load  experience  data  in  terms  of  load  cycle  frequency  distributions  and 
to  obtain  experimental  transfer  functions  relating  atmospheric  turbulence  and 
airplane  resoonse.  However,  additional  information  of  general  interest  may  be 
obtained  as  by-products  of  the  program.  Some  of  these  are: 

1.  Derived  gust  velocity  experience, 

2.  Distribution  of  atmospheric  turbulence  intensity, 

3.  -Power  spectra  of  atmospheric  turbulence. 

Some  data  on  the  above  items  have  already  been  collected  and  are  of  suffi¬ 
cient  general  interest  to  be  presented  here. 

The  derived  gust  velocity  experience  may  be  determined  by  converting  the 
airplane  center  of  gravity  c.g.  acceleration  occurrences  to  gust  encounters 
through  the  well  known  discrete  gust  loads  formula  Reference  li.  The  derived 
gust  velocity  experience  for  the  3-1:7  and  B-5>2  control  airplanes  during  a  portion 
of  the  total  low  altitude  flight  time  is  shown  in  Figure  11.  Shown  for  compari¬ 
son  are  low  altitude  flight  data  obtained  on  the  Meteor,  Mk  7,  Reference  (5) , 
and  preliminary  unpublished  data  obtained  by  the  National  Aeronautics  and  Space 
Administration  on  an  F9F  in  flight  at  300t  feet  absolute  altitude.  The  flight 
programs  were  conducted  under  similar  flight  conditions.  It  can  be  seen  that  the 
general  agreement  of  the  data  collected  is  good. 

A  method  for  determining  the  distribution  of  the  atmospheric  turbulence 
intensity  from  airplane  response  data  is  outlined  in  Reference  3.  Using  this 
method,  a  probability  density  distribution  of  root-mean-souare  gust  velocities 
encountered  by  the  3—1*7  control  airplane  during  low  altitude  flight  was  computed, 
and  is  shown  in  Figure  12.  The  distribution  was  derived  from  beam  bending 
moment  peak  count  data  obtained  for  Wing  Stations  120  and  315.  Theoretical 
values  of  the  airplane  response  to  random  turbulence  (A  and  N0)  were  used  in 
the  calculations.  Probability  density  distributions  of  gust  intensities  for 
three  altitude  ranges  published  in  Reference  3  are  also  shown  for  comparison. 

Data  taken  from  the  c.g.  were  not  used  because  of  an  apparent  discrepancy  in 
the  theoretical  W0.  It  is  believed  that  this  discrepancy  is  due  to  over 
estimating  the  effect  of  a  body  vertical  bending  mode  at  a  frequency  of  about 
li.5  cps.  With  this  effect  supressed,  good  agreement  between  the  (TZ.  distribu¬ 
tions  computed  from  the  measured  wing  bending  moments  c.g.  accelerations  is 
expected.  Figure  13  shows  a  comparison  of  the  B-li7  low  altitude  probability 
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density  distribution  of  gust  intensity  to  those  pres  >nted  in  the  above  reference 
for  clear  air  turbulence,  cumulus  cloud  turbulence  and  thunderstorm  turbulence. 

The  B-U7  control  airplane  low  altitude  flights  were  conducted  under  VFR  flight 
conditions  only. 

At  this  time,  the  reduction  of  data  collected  during  this  program  has  not 
progressed  far  enough  to  provide  specific  information  regardinr  the  nature  of 
the  turbulence  spectrum  encountered. 

AREAS  FOR  FUTURE  RESEARCH 

The  results  of  programs  undertaken  to  date  have  provided  valuable  data  for 
use  in  fatigue  prevention  studies.  The  work  has  also  pointed  up  areas  which  may 
require  future  research.  Twv  areas  in  particular  stand  out. 

The  data  comparisons  made  so  far  show  a  substantial  difference  in  load 
occurrences  obtained  from  the  peak  count  and  load  cycle  representations.  This 
difference  has  been  noticeable  without  exception  in  the  loads  data  analyzed  to 
date.  These  data  are  from  all  parts  of  the  airplane  and  for  all  speed  and 
weight  ranger;.  It  is  reasonable  to  expect  that  these  differences  will  also  be 
displayed  in  other  aircraft.  The  current  theory  permits  the  calculation  of 
exceedances  (only  approximately  the  peak  values).  It  may  be  desirable  therefore 
to  find  methods  of  extending  the  theory  to  provide  a  more  refined  interpretation 
of  the  random  load  experience. 

Examination  of  the  data  available  from  the  current  programs  discloses  that 
the  zero  load  intercept  in  cumulative  frequency  plots  varies  from  flight  to 
flight  for  the  same  weight  and  flight  condition.  Two  possible  explanations  are 
evident.  A  variation  in  the  shape  of  the  atmospheric  input  spectrum  could 
account  for  this  discrepancy.  Another  possible  explanation,  as  suggested  earlier 
in  this  paper,  is  that  the  amount  of  time  spent  in  disturbed  flight  is  a  variable. 
Programs  now  underway  will  shed  some  light  on  the  cause  of  these  differences. 
Reviews  of  data  available  might  help  to  determine  the  extent  of  the  phenomena 
with  regard  to  airplane  types,  flight  and  atmospheric  conditions. 
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ABSTRACT 

A  study  has  been  made  of  the  equipment  and  procedures  required 
to  process  automatically  the  data  from  special  magnetic  tape  recorders 
mounted  in  a  large  number  of  service  aircraft.  The  data  consist  of 
continuous  recordings  of  accelerations  along^nd  angular  velocities 
about, the  three  body  axes  of  the  aircraft,  together  with  impact  and 
static  air  pressures.  At  least  30,000  flight  hours  per  year  will  be 
recorded.  The  purpose  of  this  statistical  program,  as  originally 
established  by  the  NASA,  is  to  provide  realistic  maneuver-loads 
criteria  for  use  in  the  design  of  new  aircraft  as  well  as  service  life 
limits  for  existing  aircraft.  A  single  computing  facility  may  serve  the 
needs  of  both  the  U.  S.  Air  Force  and  Navy. 

Processing  includes  preliminary  editing,  correction  of  measured 
accelerations  to  the  center  of  gravity  of  the  aircraft ,  and  derivation  of 
additional  parameters .  Descriptive  statistics  are  required  for  19 
quantities,  as  histograms  of 

(a)  distributions  of  peaks  classified’  for  correlation 

(b)  time  distributions 

(c)  time-of-dwell  distributions 

and  envelopes  of  extreme  values .  Accumulated  statistics  are  kept 
separated  for  each  aircraft  type  and  mission  category.  Each  flight 
run  results  in  a  statistical  file  of  about  14,000  entries. 

OBTECTIVES  OF  THE  PROGRAM 

Aircraft  must  be  designed  to  withstand  the  loads  imposed  on  their  structures 
during  maneuvers  and  while  flying  through  turbulent  air.  The  need  for  adequate 
design  criteria  based  on  actual  experience  has  become  increasingly  acute  with 
the  accelerated  demands  for  higher  performance  in  modem  aircraft,  particularly 
in  terms  of  speed,  increasing  weight,  and  load  of  accessory  equipment.  Statistics 
are  required  for  the  entire  spectrum  of  loads  encountered  by  aircraft  in  regular 
service,  ranging  from  extreme  loads,  which  can  cause  immediate  damage,  through 
lesser  loads  which  may  occur  frequently  enough  to  cause  fatigue  failure  in  an 


unacceptably  short  time.  The  distribution  of  various  types  of  loads  of  various 
magnitudes  will  depend  on  many  factors ,  including  the  human  factor  -  the 
response  of  the  pilot  to  the  aircraft  and  the  situation.  The  military  services 
are  particularly  concerned  with  the  group  of  operating  conditions  defining  a 
mission  for  a  given  type  of  aircraft.  Thus,  the  aircraft  should  be  designed 
for  the  mission  or  group  of  missions  it  will  fly.  Statistics  are  to  be  kept 
separated  by  "category",  a  category  consisting  of  all  flights  alike  as  to  air¬ 
craft  type,  mission,  and  other  factors  expected  to  be  significant  statistically. 
A  given  aircraft  type  may  operate  in  several  classes  of  missions,  and  hence 
in  several  categories. 

The  U.  S.  Navy  and  Air  Force*  have  for  some  years  maintained  programs 
for  acquiring  such  statistics  by  means  of  airborne  recording  equipment . 
Statistical  accelerometers  have  been  employed,  to  count  the  occasions  when 
the  normal  load  factor  has  exceeded  specified  values,  and  to  separate  these 
counts  according  to  several  ranges  of  air  speed  and  altitude.  Oscillographs 
have  been  employed  to  obtain  continuous  time-history  recordings  of  "VGH" 
data,  for  airspeed,  normal  load  factor  in  g-units,  and  altitude,  respectively. 
More  recently,  oscillograph  records  have  been  taken  of  all  three  load  factors 
nx,  ny,  nz  along  the  body  axes  of  the  aircraft,  together  with  the  angular 
velocities  or  accelerations  about  these  axes.  Most  statistics  have  been 
taken  from  VGH  data.  The  continuous  recordings  have  been  in  the  form  of 
visual  records  -  strip  charts  -  and  laborious  manual  operations  are  required 
to  transcribe  the  data,  or  selected  items,  to  punched  cards  or  other  media 
suitable  for  automatic  processing  by  computing  machines. 

A  special  panel  of  the  NASA  Subcommittee  on  Aircraft  Loads  was  set  up 
in  1954  to  make  recommendations  for  an  expanded  statistical  program. 

Main  emphasis  was  placed  on  maneuver  loads ,  on  recording  of  more  aircraft 
motion  parameters ,  and  on  the  need  for  automatic  data  processing  to  handle 
the  necessarily  large  amount  of  data.  Subsequently,  basic  studies  were 
performed  by  the  NASA  regarding  the  choice  of  loading  parameters  to  be 
recorded,  the  statistics  to  be  developed,  and  an  approach  to  utilizing  the 
statistics  in  design  criteria.  The  National  Bureau  of  Standards  has  assisted 
in  one  phase  of  this  effort  by  studying  the  necessary  computing  procedures 
and  possible  equipment  configurations  for  a  single  computing  facility  to 
serve  both  the  Air  Force  and  the  Navy. 


*In  the  Navy,  responsibility  for  this  data  reduction  has  rested  with  the  Naval 
Air  Materiel  Center,  Philadelphia;  in  the  Air  Force,  with  the  Structures  Branch 
of  the  Aircraft  Laboratories,  Wright  Air  Development  Center. 
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The  joint  USAF-USN-NASA  program  calls  for  airborne  recorders  developing 
continuous  data  on  at  least  eight  parameters; 

q  -  Impact  pressure 

o 

p^  -  Static  pressure 

nx,  ny,  n2  -  Load  factors  in  g-units  along  the  three 

body  axes  of  the  aircraft 

p,  q,  r  -  Angular  velocities;  roll,  pitch  and  yaw  rates. 

From  these  measured  data,  one  can  derive  the  various  parameters  necessary 
for  calculations  of  the  component  loads  on  major  portions  of  the  aircraft 
structure,  such  as  the  horizontal  tail  assembly.  Probability  curves  for  these 
parameters  can  be  obtained  from  their  time  distributions  and  other  statistics 
resulting  from  processing  the  flight  data.  These  statistics  can,  of  course,  be 
used  in  considerations  of  the  safe  service  life  of  the  present  aircraft  type  (or 
of  the  individual  aircraft).  However,  this  indirect  statistical  approach  is  of 
particular  value  when  the  probabilities  for  the  various  parameters  are  used  with 
the  proper  coefficients  in  load  equations  specifically  for  contemplated  designs 
of  future  aircraft  of  the  same  class  intended  to  fly  similar  missions.  It  is 
necessary,  of  course,  to  assume  that  aircraft-with-pilot  characteristics  will 
result  in  a  similar  history  of  load  factors  (3-axis  accelerations)  and  angular 
velocities . 

Primary  data  are  to  be  obtained  from  special  airborne  magnetic  tape 
recorders.  Hence,  the  proposed  computing  facility,  operating  directly  from 
these  recordings,  can  provide  an  enormous  increase  in  the  number  of  flight- 
hours  that  can  be  processed  per  year,  and  will  deal  with  enough  parameters  to 
provide  greatly  improved  design  criteria.  There  are  approximations,  of  course. 
However,  the  recording  of  the  above  six  motion  parameters ,  instead  of  nz  only 
as  in  the  past,  will  permit  computation  of  probabilities  of  loads  on  various 
components.  Furthermore,  this  complement  of  data  permits  correcting  the 
accelerations  for  displacement  of  the  accelerometers  from  the  c.g.  of  the 
aircraft . 

The  main  task  of  the  proposed  processing  facility  will  be  to  obtain  the 
descriptive  statistics  for  the  various  measured  and  derived  quantities 
separated  according  to  aircraft-mission  category.  The  evaluation  of  these 
statistics ,  by  suitable  calculation  of  probabilities ,  and  application  to  load 
equations,  so  as  to  establish  design  criteria,  will  probably  be  done  by  the 
individual  services.  These  computations  are  much  more  sophisticated,  but 
comprise  a  relatively  slight  machine  load. 
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DESCRIPTION  OF  THE  REQUIRED  PROCESSING 


The  measured  quantities  have  already  been  listed  as  qc,  nxm/  nym, 
nzm /  P/  q,  and  r.  Here  we  use  the  second  subscript  "m"  to  denote  measured, 
as  opposed  to  "corrected"  quantities. 

The  special  airborne  recorder  was  developed  by  the  Emerson  Research 
Laboratories.  Very  severe  requirements  were  placed  upon  the  design  of  this 
unit.  The  complete  unit  (less  the  3-axis  accelerometer  for  nx,  n  ,  nz)  is 
contained  in  a  package  of  about  325  cubic  inches,  weighing  about  20  pounds, 
including  transducers  and  a  full  reel  of  magnetic  tape  to  record  50  hours . 

About  half  the  space  is  taken  up  by  the  pressure  transducers,  so  that  the 
remaining  spac'fe  is  scant  even  for  housing  the  50-hour  reels.  Eight  parallel 
recording  tracks  are  employed,  and  the  frequency  range  extends  from  about  6 
cycles  per  second  down  to  d-c.  A  ninth  channel  provides  timing  pulses  and 
calibration  levels .  Accuracy  has  been  specified  at  +2 . 5%  of  the 
peak-to-peak  range,  including  playback.  The  unit  starts  and  stops 
automatically  with  successive  flights  of  the  aircraft.  The  small  size  is 
required  to  permit  simple  installation  on  a  variety  of  aircraft.  Also,  to 
meet  a  wide  range  of  installation  situations,  operation  at  temperatures, 
ranging  up  to  almost  200°C  have  been  specified;  incidentally,  the  unit 
contains  no  "electronics  such  as  tubes  or  transistors.  Vicalloy  metal  tape 
is  used,  to  permit  meeting  the  temperature  requirement.  Direct  recording  is 
employed,  with  magnetization  perpendicular  to  the  surface  of  the  tape,  which 
is  threaded  through  a  tight  slot  in  the  head.  Individual  reels  are  not  removed 
from  the  machine,  but  the  sealed  magazine  containing  both  reels  and  the 
magnetic  head  assembly  is  removed  for  shipment  to  the  computation  center. 
Capstan  drive  is  not  employed.  The  tape  is  propelled  by  the  take-up  reel,  and 
the  speed  varies  during  recording  from  approximately  0.03  inches  per  second 
at  the  start  to  about  0.06  ips  at  the  end  of  the  reel.  The  tape  is  rewound 
before  playback.  During  playback,  the  takeup  reel  is  again  driven  at  constant 
speed,  so  that  the  relative  speed  between  playback  and  recording  remains 
fixed.  A  change  in  the  recording  on  the  ninth  channel  permits  recognition  of 
the  beginning  of  each  flight.  Preceding  each  flight  record,  full-scale  and  zero- 
level  magnetizing  currents  are  recorded  on  all  channels  for  calibration. 

The  direct  playback  unit,  also  developed  by  Emerson  Research  Laboratories, 
accepts  the  airborne  magazine,  and  drives  the  tape  at  a  much  higher  speed  than 
was  used  during  recording.  A  speed  ratio  of  50:1  or  100:1  will  probably  be  used. 
A  flux- sensitive  technique  is  used  in  reading  the  recorded  signals,  using  the 
same  heads  employed  for  recording.  Signal  level  is  independent  of  tape  speed  - 
readings  may  be  taken  With  the  tape  stationary.  The  playback  unit  must  be 
stopped  for  manual  adjustments  of  zero  level  and  gain  following  each  run  of  data 
for  one  flight. 
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The  load  factors  are  to  be  corrected  to  refer  these  measurements  to  the 
center-of-gravity  of  the  aircraft.  The  corrections  are  kept  as  small  as 
possible  by  mounting  the  3-axis  accelerometer  close  to  the  c.g.  If  its 
location  with  respect  to  the  c.g.  has  coordinates  x,  y,  z,  correction 
equations  are: 


n„  =  n. 


xm 


+  (q2  +  r2)  +  1  (r  -  pq)  -  ■§  (q  +  rp) 


n  _  n  ,  1  ,Jl 
ny  nym  9 


(rZ  +  PZ)  +  g  (P  -  qr)  -  f  (r  +  pq) 


n7,  =  nzm  +  n  (p  +  <r)  +  7?  (q  -  pr)  “  %  (p  +  v) 


Derived  quantities  must  be  developed  before  the  statistical  phase  of 
computations.  These  are: 


W 


n 


ze 


i 


n. 


wd 
p  =  dp/dt 

q  =  dq/dt 
r  =  dr/dt 

2  2  2 
Pd/  qr,  rp,  p  ,  q  ,  r 

=  Roll  angle 


The  effective  normal  load  factor,  allowing 
for  instantaneous  weight  differing  from 
the  aircraft  design  weight  W<j. 


Obtained  by  integrating  observed  roll 
rate.  Integration  is  started  whenever  the 
variable  p  exceeds  its  threshold  band, 
and  is  reset  to  zero  whenever  a  non¬ 
maneuvering  status  signal  is  resumed, 
or  when  0  exceeds  plus  or  minus  360°. 


Pressure  altitude 


Hp  =  f  (Ph) 

M  =  f  (  ^ 

Ph 

Ve  =  f  (ph'  <*c> 

VT  =  aM  =  f(ph,  q^ 

He  =  pb/2Vj  Helix  angle 


Mach  number 


Equivalent  airspeed.  V-r  is  true  airspeed., 
and  "a"  is  the  speed  of  sound. 

a  =  f  <ph> 

b  =  wingspan 


Another  quantity  expected  to  be  included  for  statistical  treatment  is  the 
stagnation  temperature  Tg  =  Ta  (1  +  0.2  m2)  ,  for  which  Ta  =  f  (p^)  is  the 
ambient  temperature  for  a  standard  atmosphere.  However,  stagnation 
temperature  was  not  considered  in  detail  in  the  present  study  and  will  not  be 
discussed  further. 


Logged  Data  and  Hand  Computations  comprise  essential  data  required  for 
automatic  computation  but  not  originally  recorded  by  the  airborne  equipment. 
These  are: 


Aircraft  design  weight 

Wd 

Half  wingspan 

b/2 

Aircraft-mission  category 

Q 

Gross  weight  at  takeoff  WQ 


Rate  of  decrease  of  weight  Wn 

Coordinates  of  accelerometer 

relative  to  mean  center  of 

gravity  of  the  aircraft  x,  y,  z 


The  first  two  quantities  are  the  same  for  all  data  in  a  magazine.  The  others 
must  be  specified  for  each  flight.  The  category  Q  represents  the  minimum 
identification  for  statistical  purposes.  Additional  information  may  be  desired 
for  troubleshooting.  The  quantities  WQ  and  Wn  are  chosen  to  give  the  best 
approximation  in  the  simple  formula 
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Wi  =  W  -  W  t 
o  n 


where  t  is  the  elapsed  time  after  takeoff.  This  is  a  rough  approximation, 
particularly  when  heavy  external  stores  are  dropped  during  a  flight. 

Maximum  errors  will  range  from  about  3  to  8%.  Some  consideration  was 
given  to  simulation  of  engine  characteristics  to  allow  for  weight  changes 
due  to  expenditure  of  fuel,  to  corrections  for  in-flight  refueling,  and  also  to 
semi-automatic  schemes  to  allow  for  dropping  external  stores,  but  these 
were  given  up  for  the  present  as  being  impractical.  Likewise,  consideration 
was  given  to  the  migration  of  the  aircraft  c.g.  during  flight,  and  hence 
variations  in  the  accelerometer  coordinates  x,  y,  z.  This  would  be  fairly 
awkward  in  any  event,  and  entirely  impractical  for  the  case  of  analog 
computer  processing,  when  the  speed  of  processing  is  so  high  that  automated 
changes  in  coefficients  are  required  for  as  many  as  30  flights  per  magazine 
of  data.  Accordingly,  no  allowance  was  made  for  migration  of  the  c.g.  during 
flight.  The  correction  equations  are  therefore  of  little  value  when  the 
accelerometer  is  located  close  to  the  mean  c.g.,  and  the  migration  is  the 
main  source  of  error. 

Elimination  of  data  is  to  be  effected  whenever  all  the  quantities 
nx,  ny,  nz',  p,  q,  r,  and  possibly  p,  q,  and  r  fall  within  threshold  bands 
specified  for  each.  It  has  been  estimated  that  this  general  threshold 
condition  will  be  exceeded  only  about  20%  of  the  time.  However,  even 
during  the  non-maneuvering  conditions ,  time  distribution  statistics  are 
required  for  the  quantities  M,  Ve,  and  Hp,  so  that  these  must  be  detived  for 
statistical  computations.  In  addition,  a  record  of  the  total  elapsed  time  must  be 
kept. 

Output  statistics  are  to  be  developed  for  the  18  quantities  (19  if  stagnation 
temperature  is  included)  listed  in  the  extreme  left  column  of  Table  1.  For  three 
of  the  quantities,  Ve,  M,  Hp,  simple  time  distributions  are  to  be  computed 
for  all  the  originally  recorded  data,  as  listed  in  the  top  three  entries  in  column 
8.  For  example,  tallies  are  to  be  made  of  the  accumulated  time  spent  by  the 
variable  Hp  in  each  of  10  specified  height  intervals,  such  as  zero  to  5000  feet, 
5000  to  10,000  feet,  etc.  The  variable  is  inspected  at  intervals  of  one  second 
of  flight  time. 

For  the  other  quantities ,  statistics  are  computed  only  during  maneuvering 
conditions,  but  the  sampling  rate  is  5  per  second  (or  10  per  second  if  this 
is  chosen  as  the  basic  sampling  rate) .  The  time  distributions  listed  in  column 
8  are  similar  to  those  for  Hp.  Column  9  calls  for  a  number  of  distributions, 
classed  in  3  ways  according  to  dwell  time  spent  by  the  variable  within  a  given 
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COMBINED  TOTALS  13,490 


interval  during  each  excursion  into  that  interval.  Ten  classes  are  specified 
for  the  primary  quantity  nze.  The  dwell  time  is  specified  as  one  of  twenty 
classes,  zero  to  1  second,  1  to  2  seconds,  etc.,  with  further  classification 
according  to  five  classes  of  Mach  number  M.  Thus,  after  each  excursion 
into  an  interval  of  nze,  a  count  is  registered  in  one  of  10x20x5  =  1000  tally  cells. 
The  records  of  extreme  values  (envelopes  of  peaks)  listed  in  column  11  as  2x20 
represent  upper  and  lower  extremes  (2  classes)  observed  for  the  variable  p  for 
20  interval  classes  of  another  variable  p.  Column  10  calls  for  similar  tables  of 
2  extreme  values,  except  for  further  classification  according  to  five  interval 
classes  of  a  third  variable. 

The  statistics  of  columns  1  through  7  are  histograms  of  the  values  of  various 
quantities,  noted  only  at  instances  when  "peaks"  occur.  The  concept  of  a 
peak  is  actually  associated  with  a  cycle  of  fatiguing  stress  applied  to  a  metal 
structure  such  as  an  aircraft  wing  root,  but  is  applied  here  to  various  parameters. 
In  estimating  the  computation  load  we  have  defined  a  peak  according  to  a  set  of 
criteria  developed  by  the  NASA.  If  the  variable  S  goes  through  a  minimum 
to  a  maximum  Smax  and  to  another  minimum  Sc,  the  maximum  is  considered  to  be 
a  peak  if  it  meets  all  of  the  four  requirements: 

Smax  -  Sa>  kl 
^max  “  Sc^ki 
Smax  ”  k2  Smax 

Smax  “  sc^>k2smax 


where  k^  is  some  fixed  magnitude,  say  10%  of  full-scale,  and  k ^  is  a 
specified  fraction,  say  25%.  The  peak  is  then  characterized  only  oy  the  value 
Smax*  The  criteria  for  recognition  of  a  peak  imply  something  about  the 
characterization  of  peaks,  but  no  further  discussion  will  be  attempted  here.  In 
column  1  of  Table  1,  peaks  are  classified  according  to  20  intervals  of  the  variable, 
i.e. ,  a  tally  is  registered  in  one  of  twenty  cells  whenever  a  peak  occurs  within 
that  interval.  In  columns  2  through  7  the  peaks  must  be  classified  in  correlation 
with  secondary  variables.  Thus,  in  the  fifth  line  of  column  2  we  find  that  peaks  in 
ny  are  to  be  correlated  with  concurrent  values  of  Ve  and  Hp,  the  notation  20x10x5 
meaning  there  are  20  class  intervals  of  ny,  10  of  Ve  and  5  of  Hp.  A  peak  in  n 
might  fall  in  the  interval  3.5  to  4.0  g-units,  while  equivalent  airspeed  is  in  the 
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interval  400  to  500  knots,  and  pressure  altitude  20,000  to  30,000  feet.  A 
count  will  be  tallied  in  one  of  20x10x5  =  1000  memory  cells.  In  terms  of 
digital  computer  memory  requirements.  Table  1  calls  for  13,490  memory 
locations  for  tally  purposes. 

NATURE  OF  THE  DATA  PROCESSING  FACILITY 


It  is  desirable  that  conventional  equipment  be  used  if  possible.  With 
this  approach,  the  processing  is  characterized  by  three  phases: 

(a)  Transcription  of  data 

(b)  Editing  and  preliminary  computations 

(c)  Statistical  processing  requiring  a  digital  computer 

A  simplified  flow  chart  is  provided  in  Figure  1 . 

The  rapid  transcription  of  the  data  from  the  original  magazine  to  an 
analog  working  tape  is  desired  in  order  to  release  the  magazine  for  further 
airborne  service.  The  "quick-look"  oscillograph  is  operated  intermittently, 
providing  a  strip  chart  of  the  eight  recorded  quantities  and  time  marks  (at 
intervals  of  10  seconds  of  flight  time) .  It  is  used  only  for  rough  visual 
checks  of  equipment  malfunction  and  grossly  mislabeled  data.  The  transcription 
process  if  rapid,  and  develops  a  backlog  of  working  magnetic  tapes. 

In  the  second  phase  of  processing,  the  data  are  converted  to  the  necessary 
format  and  recorded  for  entry  to  the  digital  computer.  Simultaneously,  certain 
editing  processes  may  be  carried  out,  based  on  the  general-threshold  criteria 
for  eliminating  most  of  the  required  processing,  and  on  criteria  for  recognition 
of  a  rough-air  condition  in  case  this  has  not  been  achieved  by  instrumentation 
on  board  the  aircraft.  In  addition,  the  required  computations  on  continuous 
functions  in  time  -  the  correction  equations  for  the  accelerations ,  and  the 
derivation  of  additional  parameters  -  can  be  achieved  with  a  conventional  analog 
computer  during  this  operation.  Since  coefficients  used  in  the  analog  computer 
must  be  changed  with  each  new  reel  of  data,  and  with  each  flight  on  the  reel, 
an  automated  system  is  desired  for  these  changes.  Hence,  a  perforated  control 
tape  is  prepared  on  the  basis  of  manual  computations.  Some  of  this  information 
is  also  required  for  setting  up  the  digital  computer.  It  may  be  feasible  to  enter 
these  coefficients  and  sufficient  identification  information  through  the  Digital 
Tape  Preparation  Unit  6  as  indicated  at  C.  For  s-rourity  of  identification,  it  would 
seem  desirable  to  enter  this  digital  information  directly  on  the  analog  transcription 
tape  at  point  B.  However,  this  would  introduce  a  number  of  complications  and 
require  very  closely  controlled  system  engineering,  particularly  if  it  is  intended  to 
control  coefficient  changes  in  an  analog  computer  automatically. 
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In  the  third  phase  of  processing,  a  conventional  digital  computer  of 
adequate  speed  and  capacity  is  used  for  the  purely  statistical  operations, 
and  for  preparation  of  printed  reports  or  digital  magnetic  tapes  for  evaluation 
processing  elsewhere.  A  process  of  validation  is  called  for  after  processing 
data  for  each  individual  flight,  in  an  effort  to  detect  mislabeling  by  determining 
whether  the  data  are  reasonably  consistent  statistically  with  other  data  in  the 
same  category  or  with  specified  criteria.  Valid  output  statistics  for  each  flight 
are  then  merged  with  the  statistical  file  for  that  category,  together  with  a 
record  of  the  elapsed  time.  These  accumulated  statistics,  nominally  13,490 
entries  for  each  category  together  with  identification,  are  kept  on  digital 
magnetic  tapes.  Each  tape  could  store  from  100  to  500  such  files,  depending 
on  the  choice  of  computer.  Appr  ximately  200  categories  may  be  required, 
and  the  number  could  be  doubled  if  rough-air  statistics  are  to  be  retained. 

Since  the  facility  is  expected  to  process  about  600  flight  hours  of  data  per 
week,  and  a  sample  size  of  several  hundred  hours  of  data  will  be  required  for 
each  category*  the  call  for  printouts  of  final  statistics  would  be  infrequent  - 
on  the  average.  However,  completion  schedules  may  tend  to  group,  and  monthly 
reports  will  probably  be  desired,  so  that  a  fairly  high  speed  line  printer  is 
needed. 

The  off-line  rather  than  direct  operation  of  the  digital  computer  as  indicated 
by  the  time  break  after  unit  6  seems  desirable  since  the  units  3,  5,  and  6 
will  operate  at  a  steady  rate,  whereas  the  digital  computation  load  -  and  hence 
the  required  speed  of  operation  -  will  fluctuate  with  changes  in  the  character  of 
the  recorded  data.  Thus,  the  digital  computer  is  required  to  keep  ahead  of  the 
preliminary  processing  equipment  only  on  a  long-term  average  basis. 

The  possibilities  of  using  highly  specialized  computing  components  will  be 
discussed  later. 

AN  ALL-DIGITAL  SYSTEM  USING  A  LARGE  GENERAL- PURPOSE  COMPUTER 


This  is  the  simplest  approach  from  the  viewpoint  of  equipment  procurement 
and  was  the  first  to  be  considered.  It  provides  the  greatest  flexibility  and  is 
simplest  to  specify.  Due  to  the  large  computation  load,  a  very  fast  machine  is 
required,  with  a  rather  large  high  speed  internal  memory  -  though  not  notably 
large  by  today's  standards. 


♦The  Naval  Air  Development  Center  (NADC)  has  the  responsibility  for  providing 
criteria  for  judging  sufficiency  of  sample  size. 
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Our  first  estimates  indicated  that  the  processing  load  would  tax  the 
capabilities  of  a  Univac  1103A  or  IBM  709  computer,  so  that  two-shift 
operation  would  be  needed.  It  seemed  inadvisable  to  plan  for  three-shift  operation, 
since  full  value  could  not  be  obtained  from  the  third  shift,  and  no  margin  of 
performance  would  remain.  We  have  assumed  the  use  of  modern  reliable 
equipment  and  a  schedule  allowing  at  least  one  hour  a  day  preventive  main¬ 
tenance  and  one  full  day  per  month.  Nonetheless,  an  allowance  was  made 
for  25%  loss  of  schedule  due  to  the  combined  effects  of  the  following  factors: 

(a)  Unscheduled  maintenance  -  breakdown  of  equipment 

(b)  False  starts  -  from  faulty  setups 

(c)  Repeated  runs  -  for  checking  or  identification 

(d)  Routine  loss  of  time  due  to  hand  operations 

The  loss  will  be  much  greater  before  fully  routine  dperation  is  established. 

All  this  means  about  3000  hours  of  available  machine  time  on  a  two-shift, 
five-day  work  week  basis.  Thus,  if  60,000  flight  hours  are  to  be  processed 
each  year,  the  machines,  while  in  bona  fide  operation,  must  process  data 
in  3,000/60,000  =  1/20  flight  time  represented  by  the  data.  If  the  computer 
is  capable  of  a  speed  ratio  of  20:1  it  can  process  30,000  flight  hours  operating 
on  a  single  shift. 

The  equipment  required  can  be  seen  in  Figure  2,  if  we  ignore  the  units 
numbered  23,  24,  25,  and  27.  The  magazine  of  tape  from  the  airborne  recorder 
is  played  back  at  100:1  speed  ratio  in  the  playback  unit  3,  the  process  taking 
1/2  hour  for  a  50-hour  magazine  exclusive  of  time  taken  for  calibration  between 
flights.  The  analog  transcription  is  by  means  of  conventional  FM  recording 
technique  at  15  inches  per  second  tape  speed.  There  is  appreciable  degradation 
in  accuracy  of  the  data  during  this  process,  but  the  errors  are  considered  small 
compared  to  those  previously  introduced. 

The  transcription,  or  working,  tape  can  be  played  back  subsequently  in 
unit  6  at  a  standard  tape  speed  of  3-3/4  inches  per  second  corresponding  to  a 
25:1  speed  ratio.  The  Digital  Tape  Preparation  Unit  (DTPU)  accepts  these 
data  continuously,  sampling  all  eight  channels  of  analog  information  every 
1/125  second,  corresponding  to  1/5  second  of  flight  time.  Each  sample  is 
called  a  frame  of  data.  It  may  also  contain  a  repetitive  pattern  of  digital  data 
defining  the  category  and  flight  number,  changed  by  hand  for  each  flight  (9)  or 
in  an  automatic  sequence  from  stored  data  in  unit  10.  The  DTPU  includes  a  fast 
analog-digital  converter,  a  multipole  analog  switch,  fairly  large  buffer  storage, 
and  control  circuits  to  permit  recording  the  digital  data  in  "blocks  "  or  "records  " 
(which  may  contain  several  standard  machine  blocks)  separated  by  gaps  as 
required  by  the  computer.  A  more  detailed  block  diagram  of  the  DTPU  is  given 


in  Figure  6.  The  associated  tape  drive  may  be  stopped  and  started  rapidly 
to  produce  these  gaps,  or  a  continuous  running  technique  may  be  employed. 

The  standard  input  data  record  consists  of  about  1000  to  2000  6-binary-bit 
characters,  depending  on  the  choice  of  computer.  The  length  of  the  working 
Input  Record  is  determined  by  the  duration  of  flight  time  (about  20  seconds) 
required  for  each  scan  in  the  search  for  peaks.  The  duration  selected  is  not 
critical,  since  a  data  and  status  storage  subroutine  is  employed  for  partially 
confirmed  peaks . 

The  specified  sampling  rate  of  5  per  second  of  real  time  is  subject  to 
change.  It  is  about  the  minimum  permissible  value,  limiting  the  useful 
spectrum  to  about  one  cycle  per  second.  If  the  sampling  rate  is  doubled, 
however,  the  processing  capability  of  the  digital  computer  is  effectively  halved. 
It  is  to  be  noted  that  the  analog  signals  must  pass  through'  a  filter  to  exclude 
frequency  components  more  than  half  the  sampling  frequency,  fQ,  before  the 
sampling  process  takes  place.  This  is  to  prevent  "aliasing",  or  the  generation 
of  spurious  components  at  less  than  1/2  f0  in  the  sampled  (digital)  data.^ 

The  accuracy  required  in  the  analog-digital  conversion  is  not  great. 

Seven  binary  digits  (1  part  in  25  6)  plus  sign  would  suffice,  and  9  bits  plus 
sign  have  been  specified.  Actually,  two  standard  characters  of  6  digits  each 
have  been  assigned  for  each  quantity  expressed  in  digital  form.  This  leaves 
two  bits  for  tagging  the  data  as  "rough-air",  if  desired.  For  a  variety  of 
reasons,  12-bit  binary  representation  has  been  adopted  for  representing 
practically  all  quantities  manipulated  within  the  digital  computer,  and  stored 
on  its  output  and  auxiliary  tapes  (for  "validation"  and  "statistical  files") . 

The  digitized  data  (11)  from  one  magazine  will  consist  of  2  to  7  reels  of 
computer  tape,  depending  on  the  computer.  A  threshold  sensing  and  editing 
circuit  operating  ahead  of  the  digital  converter  might  be  expected  to  reduce  the 
required  tape  space  by  80%  and  notably  increase  the  effective  speed  of  the 
computer.  Actually,  it  does  not  appear  to  be  feasible  to  save  much  tape  space 
in  this  manner.  Furthermore,  since  it  turns  out  that  the  computing  speed  is 
limited  by  internal  operations  in  any  event,  and  not  by  the  tape  data  transfer 
rate,  there  is  little  gain  in  average  computing  speed  -  the  threshold-sensing 
task  being  a  trivial  one  for  the  digital  computer. 

The  computer  input  tape  (11)  is  placed  on  one  of  the  two  input  tape  drives 
of  the  computer.  When  the  computer  is  available,  all  necessary  auxiliary  data 
and  identification  not  included  on  the  working  tape  by  some  special  process 
(10)  can  be  inserted  by  conventional  means  such  as  the  perforated  tape  reader 
(12). 
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An  auxiliary  plotting  unit  is  shown  at  (19) .  If  only  envelopes  are  to 
be  plotted,  as  points,  the  required  speed  and  accuracy  are  quite  low,  and 
a  simple,  though  specialized,  arrangement  of  a  stripchart  recorder  operating 
from  punched  tape  (or  cards)  prepared  from  the  computer  might  suffice. 

However,  a  precision  x,  y  plotter  and  control  system  to  produce  straight 
line  segments  may  be  needed. 

The  digital  compiler  required  is  in  a  class  including  the  IBM  709  and 
7090,  Univac  M-460,  Philco  S-2000,  Control  Data  1604,  and  Datamatic  800. 

These  differ  widely  in  speed.  However,  all  are  binary  machines,  have  large 
random' access  magnetic  core  memories  of  high  speed,  and  provide  interlaced 
(or  ‘'simultaneous")  input  and  output  operations  using  fast  magnetic  tape 
drives  and  other  devices  while  computing.  Detailed  estimates  of  requirements 
have  been  made,  but  will  not  be  discussed  here.  Eight  high  speed  tape  drives 
are  indicated, with  multiplexing  for  simultaneous  input  and  output  on  any  two 
of  them.  The  memory  size  mainly  depends  on  the  number  of  entries  in  the 
Statistical  Record  (i.e. ,  the  13,490  entries  of  Table  1) ,  the  number  of  binary 
digits  required  for  each  entry,  and  decisions  whether  data  need  to  be  stored 
in  the  high  speed  memory  or  on  tapes.  It  was  considered  that  a  nominal 
memory  size  of  8,000  words  would  meet  present  estimates  if  the  computer  word 
length  is  48  bits  with  two  instructions  per  word,  or  12,000  words,  if  36-bit 
with  one  instruction  per  word.  It  is,  of  course,  advisable  for  the  memory  to 
be  larger  to  meet  contingencies . 

VARIATIONS  OF  THE  ALL-DIGITAL  SYSTEM 

The  large  general-purpose  digital  computer  will  have  a  variety  of  input 
registers,  and  also  "interrupt"  programming  features,  so  that  it  can  automatically 
share  its  time  in  several  assigned  computation  tasks.  Its  nature  is  such  that 
it  can  hold  a  field  of  digital  information,  rearrange  it,  and  transfer  it  at  any 
desired  time  sequence.  Provided  the  machine  is  kept  busy,  it  does  this  vary 
economically.  Thus,  depending  on  rather  detailed  considerations,  it  may  be 
feasible  to  use  the  computer  itself  to  accomplish  the  specialized  buffering 
and  format- control  operations  required  in  the  DTPU.  A  direct  connection  ("on¬ 
line")  is  established  between  the  analog  converter  (and  multipole  analog  sampling 
switch)  and  a  high  speed  register  in  the  computer,  which  then  accepts  data  at  a 
steady  rate  (i.e. ,  a  fixed  number  of  frames  per  second) ,  stores  them  in  a  portion 
of  its  high  speed  memory,  and  reads  out  on  magnetic  tape  in  spurts  -  providing  the 
necessary  gaps  in  recording  a  working  magnetic  tape.  This  process  can  be 
carried  on  concurrently  with  statistical  computations  using  a  digital  tape  previously 
prepared  by  the  computer  itself.  The  tape  preparation  function  would  have  priority  , 
The  advantages  listed  for  off-line  operation  would  be  retained.  We  ca  n  designate 
this  arrangement  as  "computer-buffer  tape  preparation". 
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As  mentioned  in  the  last  section,  an  external  threshold  monitoring  unit 
can  be  used  to  reduce  the  input  data  rate  -  nominally  by  80%  -  during  non¬ 
maneuvering  flight  conditions .  During  such  periods  the  sampling  rate  would 
be  cut  to  an  equivalent  one-per-second  flight  time,  and  only  M,  Ve,  Hp,  are 
required.  Study  shows  that  negligible  reduction  in  processing  time  would  be 
achieved,  and  that  the  reduction  in  digital  tape  requirements  would  be  much 
less  than  5:1.  It  is  not  expected  that  these  input  digital  tapes  will  be  kept 
for  archive  purposes,  ordinarily.  The  analog  working  tapes  will  be  kept  for 
a  period  of  time,  perhaps  6  months. 

Thoght  was  given  to  a  special  time-distribution  statistical  computing 
unit  operating  only  on  M,  Vg,  and  Hp,  so  that  these  quantities  would  not  be 
sent  to  the  digital  computer  at  all.  This  scheme  would  really  save  tapes, 
but  appeared  impractical  after  extensive  consideration. 

ALTERNATIVE  USE  OF  HIGHLY  SPECIALIZED  COMPUTING  COMPONENTS 


Sinde  the  program  of  statistical  data  reduction  will  be  uniform  for  all 
Navy  and  Air  Force  aircraft,  and  must  persist  without  much  modification  for 
a  long  period  -  two  years  or  more  -  to  attain  adequate  sample  sizes ,  it 
seemed  possible  that  an  assemblage  of  specialized  components,  worthless 
for  general  computing  applications,  might  be  desirable.  The  increase  in  machine 
efficiency,  or  in  sheer  processing  speed,  might  offset  inflexibility  and  the 
inconvenience  of  the  special  engineering  development  required. 

Special  designs  were  considered  for  all  the  basic  routine  processes; 
simple  time  distributions ,  dwell-time  distributions ,  and  peak  recognition 
units.  It  is  possible  to  devise  a  scheme  in  which  an  assemblage  of  such 
units  does  a  major  share  of  the  computation  load  assigned  to  a  general- 
purpose  digital  computer  in  the  flow  chart  of  Figure  1.  In  principle,  this 
can  permit  use  of  a  far  slower  digital  computer,  of  the  type  using  a  drum 
memory,  since  the  computer  deals  with  a  relatively  small  input  of  partially 
classified  data,  and  is  primarily  engaged  in  replacing  items  or  rearranging 
these  for  printout.  A  conventional  analog  computer  would  be  included  for 
deriving  and  correcting  quantities . 

For  example,  analog  differentiating  and  holding  circuits  can  be  employed 
for  detecting  peaks  and  valleys ,  and  noting  when  the  logical  criteria  for  a 
true  "peak"  have  been  fulfilled. 

A  scheme  using  the  most  direct  logic  for  recognition  of  peaks  is  shown 
in  Figure  3.  No  differentiating  circuits  are  employed.  The  input  variable  S 
goes  through  a  buffer  amplifier  M,  and  thence  to  a  group  of  voltage  comparators 
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VC,  having  all  their  inputs  in  parallel.  Each  comparator  in  the  series  Sn_2  , 

Sn,  etc. ,  is  set  to  operate  at  a  higher  signal  voltage  than  the  one  below. 

The  coincidence  gates  and  A2  produce  a  positive  output  if,  and  only  if, 
all  their  inputs  are  positive.  When  S  is  at  a  voltage  below  Sn_p  the 
three  inputs  to  A2  (reading  upward)  are  +  +  -  ,  since  FF  has  previously  been 
"off".  If  then,  S  rises  to  a  maximum  Sn<  S  <C  Sn+1  and  descends ,  the 
inputs  to  A2  are 

-  +  -  when  Sn_i<  S  <  Sn 

-  +  when  S  >  Sn 

-  +  +  when  Sn_-L  <  S  <  Sn 

+  +  +  when  S  <  Sn_2 

changing  to  (+  +  -)  as  the 
output  of  A2  resets  FF 

Note  that  the  flip  flop  FF  is  set  when  S  first  exceeds  Sn.  .This  whole  cycle 
of  events  results  in  counting  a  peak  of  class  Sn.  The  connection  from  the 
next  higher  voltage  comparator  into  0^  makes  it  impossible  to  get  an  Sn 
count  in  case  the  variable  went  on  to  an  Sn+1  or  higher  class  of  peak. 

Figure  4  gives  some  indication  of  how  interconnections  are  made  to  include 
the  criterion  that  the  excursion  should  be  greater  than  25%  of  the  value  at 
the  peak. 

By  use  of  gating  circuits,  the  output  counts  could  be  classified  according 
to  concurrent  values  of  other  variables  as  needed  for  correlation  purposes, 
as  listed  in  Table  1.  This  scheme  becomes  excessively  complicated  when 
such  correlation  is  required,  since  the  peak  is  not  confirmed  until  the  necessary 
minimum  is  reached,  and  this  may  be  many  seconds  of  flight  time  after  the  peak. 

In  general,  a  complete  specialized  processing  system  made  up  of  an 
intricate  arrangement  of  such  devices  does  not  appear  to  be  advantageous, 
at  least  for  the  main  task  at  hand. 

ROLE  OF  A  CONVENTIONAL  ANALOG  COMPUTER 

The  solution  of  correction  equations  and  computation  of  various  derived 
quantities  can  be  performed  by  a  conventional  analog  computing  facility. 

The  inputs  and  outputs  are  continuous  functions  of  time.  By  nature,  the 
analog  computer  is  more  efficient  in  such  a  case,  since  the  digital  computer 


operates  with  whole  quantities  instead  of  increments.  Therefore,  high  speed 
may  be  possible  at  low  cost.  Furthermore,  the  accuracy  requirements  are 
not  high  and  are  easily  met  with  well-known  components.  On  the  debit  side, 
the  analog  computer  has  a  quite  limited  range  of  application,  cannot  be 
multiplexed  in  operation  like  a  digital  computer,  and  is  awkward  when  a 
great  many  changes  in  coefficients  or  modes  of  operation  are  required  during 
a  single  problem  run,  particularly  if  continuous  processing  at  very  high  speed 
is  required . 

Our  first  estimates  of  the  computing  load  imposed  on  an  all-digital 
system  indicated  that  an  IBM  709  computer  -  the  most  powerful  of  the  standard 
machines  then  existing  -  would  be  quite  incapable  of  processing  30,000 
flight  hours  per  year,  even  operating  two  shifts  per  day.  These  estimates 
were  based  on  a  basic  sampling  rate  of  10  per  second  in  real  (flight)  time.  With 
the  5  per  second  sampling  rate,  the  computation  load  is  effectively  halved. 

This  estimate  proved  to  be  considerably  in  error;  an  over-estimation  of  the 
computation  load.  However,  it  appeared  that  the  addition  of  an  analog  computer 
might  be  advantageous  to 

(a)  increase  processing  speed  by  about  2:1 

(b)  reduce  cost  by  performing  about  half  the 
task  with  equipment  costing  much  less  than 
half  the  digital  computer  cost. 

The  analog  computer  is  fitted  into  the  system  as  shown  in  Figure  2,  where 
it  is  represented  by  Units  23,  24,  25,  27.  As  a  result,  input  to  the  DTPU 
consists  of  19  channels  of  analog  information  (including  stagnation  temperature 
Ts)  instead  of  8.  The  standard  Input  Record  for  input  to  the  computer  (comprising 
about  20  seconds  of  flight  time)  therefore  requires  more  space  on  the  digital  tape, 
and  it  is  pretty  definitely  advantageous  to  employ  an  analog  Threshold  Monitor 
unit,  number  23,  which  acts  on  the  DTPU  to  cut  the  sampling  rate  by  a  factor 
of  five  during  non-maneuvering  flight  conditions . 

Figure  5  shows  the  overall  arrangement  of  the  analog  system  alone,  with 
the  input  and  output  quantities.  Two  banks  of  servo-set  potentiometers  are 
shown,  one  bank  being  connected  in  the  computing  circuits  while  the  other 
is  being  set  up.  An  electric  typewriter  25',  types  out  a  verification  of  the 
settings  actually  made  in  the  analog  computer  in  response  to  the  punched 
paper  control  tape  26. 

For  a  slower  average  processing  rate,  time  could  be  taken  between 
"flights"  to  position  the  pots;  or  it  could  be  done  by  hand,  since  most  of 
the  potentiometers  would  be  ganged.  In  the  Threshold  Monitor  Unit, 
instead  of  arbitrary  settings  of  servo  pots,  it  is  likely  that  a  simple  switch 


between  two  sets  of  values  will  be  sufficient  -  putting  all  aircraft  in  two 
broad  classes . 

The  bandwidth  requirements  are  fairly  severe  for  some  of  the  analog 
computing  components  .  such  as  multipliers .  Moderately  accurate  performance 
is  required  at  frequencies  corresponding  to  5  cycles  per  second  referred  to 
flight  time.  For  a  speed  ratio  of  25:1,  required  to  process  60,000  flight 
hours  per  year  (assuming  a  16-hour  work  day)  the  corresponding  frequency  is  125 
cps.  This  can  be  achieved  with  standard  components;  to  go  higher  would  require 
recons  ideration . 

The  dig^al  computer,  and  complement  of  peripheral  digital  equipment, 
would  have  the  same  specifications  as  for  the  all-digital  system,  but  the 
computation  speed  required  would  be  about  half  as  great. 

The  Digital  Tape  Preparation  Unit  (DTPU)  would  be  somewhat  more  complex. 
However,  for  any  large  data  processing  facility,  even  though  its  reason  for 
existence  is  a  specialized  task,  some  flexibility  in  the  input  equipment  should 
be  provided.  Hence,  the  DTPU  should  be  capable  of  operating  from  a  lesser  or 
greater  number  of  analog  channels,  changing  the  sampling  rate,  and  adjusting 
output  format  to  effectively  fill  the  digital  tape  despite  these  variations. 

Figure  6  indicates  the  general  arrangement  of  the  DTPU.  There  are  several 
system  design  approaches  to  the  objective,  of  course,  and  the  actual  system 
will  vary  with  the  choice  of  equipment  supplier.  A  speed  ratio  of  12.5:1  is 
mentioned  in  the  drawing,  but  25:1  seems  to  be  an  optimum  figure  at  present. 

In  particular,  to  cover  all  contingencies,  the  DTPU  is  specified  to  ba 
capable  of  accepting  the  original  8-channel  data,  so  that  all  computations  can 
be  performed  by  the  digital  computer  if  desired. 

PROCESSING  RATES  ACHIEVABLE  WITH  DIGITAL  COMPUTERS 


To  estimate  the  capabilities  of  available  general-purpose  computers, 
fairly  detailed  programs  for  computation  were  prepared,  but  not  in  such  detail 
as  to  be  coded  for  any  specific  machine.  It  was  assumed  that  the  computer 
would  be  of  the  single-address  type,  as  represented  by  the  IBM  709  and  7090, 
the  Philco  S-2000,  Control  Data  Corporation  1604,  and  Univac  M-460. 

Figure  7  indicates  roughly  the  sequence  of  digital  routines  during 
statistical  phase  of  computations  only,  and  for  above-threshold  conditions. 
The  cycle  beginning  with  data  input  is  repeated  with  each  new  input  load 


of  about  20  seconds  of  flight  data.  In  each  cycle,  the  various  time 
distributions  are  updated,  for  each  frame  of  data,  then  a  search  is  made 
for  peaks  jn  various  parameters,  and  the  peaks  are  classified  according 
to  concurrent  values  of  specified  parameters.  The  envelopes  (tables  of 
extreme  values)  for  these  peaks  need  not  be  developed  until  the  end  of 
each  flight,  before  the  validation  and  merge  operations.  However,  envelopes 
for  helix  angle,  pb/2V<j,  must  be  updated  for  every  frame,  since  peaks  are 
not  determined.  Not  shown  is  a  conditional  data-storage  subroutine,  which 
permits  use  of  a  shorter  scan  in  flight  time  (e.g.,  5  seconds)  without  loss  of 
slowly  developing  peaks  that  require  more  than  this  inierval  for  recognition. 

To  process  each  input  load  of  data  for  20  seconds  of  flight  time  requires 
for  average  data  370  "long"  operations  such  as  division,  97,  800  "short" 
operations  such  as  addition  (with  associated  memory  reference  for  the 
operand),  and  88,  100  memory  references  for  instructions .  As  mentioned, 
these  numbers  are  not  optimized  for  any  one  machine.  Now,  for  illustration, 
consider  a  hypothetical  computer  having  a  performance  representative  of 
those  listed.  Assume  that  100  microseconds  are  required  for  a  long  operation, 
and  10  microseconds  for  a  memory  reference,  or  5  microseconds  per 
instruction  if  two  are  contained  in  each  computer  word.  Assume  that  it  takes 
12  microseconds  to  pick  up  an  operand  from  the  memory  and  execute  a  short 
operation.  Such  a  machine  would  take  1.  65  seconds  to  process  20  seconds  of 
flight  time.  Since  about  80%  of  the  flight  data  will  be  sub-threshold,  the 
hypothetical  computer  would  easily  exceed  the  average  speed  ratio  of  20:1 
required  to  process  30,000  flight  hours  per  year,  operating  on  an  8-hour  work 
day.  No  allowance  is  made  here  for  magnetic  tape  operations,  or  for  merging, 
validation,  and  the  occasional  printouts.  However,  these  operations  contribute 
very  little  to  the  average  processing  load.  In  this  example,  it  is_  assumed  that 
the  preliminary  computations,  comprising  about  half  the  task,  are  performed  by  an 
analog  computer. 

DEVELOPMENTS  THAT  COULD  AID  THIS  PROGRAM 


The  U.  S.  Air  Force  and  Navy  are  proceeding  with  the  establishment  of 
this  computing  facility  and  the  necessary  engineering  to  combine  a  fast 
general-purpose  digital  computer  and  a  conventional  analog  computer  in  an 
adequate  working  system.  Certain  advances  in  equipment  would  be  desirable, 
particularly  if  a  continuing  program  calls  for  increases  in  the  amount  and  variety 
of  flight  data . 

The  compact  airborne  recorder  is  basic  to  the  program,  and  continuing 
improvements  in  recording  accuracy  and  speed  stability  are  worth  seeking. 


The  reliability  of  the  processing  would  be  increased  if  means  could  be 
provided  for  direct  recording  of  identification  and  working  coefficients 
on  the  original  tape.  Some  refinements  in  processing  might  be  incorporated 
if  markers  could  be  recorded  to  indicate  the  occurrence  of  certain  events 
such  as  refueling,  dropping  of  stores,  or  critical  maneuvers.  A  reliable 
airborne  instrument  for  detecting  rough-air  conditions  is  desired. 

Alternatively,  criteria  are  sought  for  a  computing  scheme  to  identify  those 
portions  of  the  data  which  have  been  recorded  during  rough  air  conditions . 

The  state  of  the  art  seems  adequate  for  achieving  with  available  equipment 
the  present  objectives  for  the  computing  facility.  However,  a  better, margin  of 
recording  accuracy  is  desirable  in  the  analog  tape  transcription,  which 
uses  FM  recording  on  magnetic  tape.  As  in  other  installations  of  this  kind,  data 
preparation  for  the  digital  computer  is  a  fairly  complicated  process.  The 
maximum  in  flexibility  is  desired,  without  complications  in  equipment.  For 
processing  more  than  about  60,000  flight  hours  per  year,  the  conventional 
analog  computer  included  in  the  system  of  Figure  2  may  limit  the  speed  unless 
unusually  fast  nonlinear  components  are  employed. 

Lastly,  it  may  be  worthwhile  to  reconsider  the  use  of  specialized  computing 
devices  to  augment  this  program.  These  will  tend  to  be  advantageous  whenever 
large  quantities  of  data  are  to  be  processed  according  to  a  fixed  formulation. 
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ABSTRACT 

This  paper  describes  a  procedure  for  developing  an  analytical 
expression  for  rate  of  occurrence  of  acceleration  peaks  and  constructing 
prediction  envelopes. 

The  formal  aspects  of  the  problem  of  fitting  bivariate  fre¬ 
quency  data  for  prediction  of  extreme  maneuver  loads,  are  described  in 
Section  I.  Section  II  contains  the  history  of  our  efforts  to  develop  a 
solution  to  the  problem  and  a  brief  outline  of  related  efforts  by  other 
workers.  A  procedure  for  constructing  prediction  envelopes  which 
meets  the  requirements  of  flexibility,  simplicity,  and  general  applica¬ 
bility,  desired  of  the  solution,  is  described  and  illustrated  in  Section  III. 


506 


LIST  OF  SYMBOLS 


H  total  number  of  flight  hours  on  the  records 

E  number  of  hours  for  which  prediction  is  made 

V  airspeed 

g  acceleration 

A  probability  of  a  peak  exceeding  g  over  any 

®  20  mph  airspeed  interval 

LE(V,g)  flight  envelope  for  E  hours,  P  (x>g,  V)  *  le(  V,  g) 


P(x>g|V)  relative  frequency  with  which  g  is  exceeded 
in  airspeed  band,  VtiO 


F(x>g,  V)  joint  frequency  distribution  of  acceleration 
and  airspeed 

total  number  of  positive  peaks  observed  in 
H  hours  of  flight: 

standardized  third  moment 


standardized  fourth  moment 


B(a,b)  Beta  function 


Iy{a,b)  Incomplete  Beta  function 
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SECTION  I 


INTRODUCTION 


The  problem  is  to  find  an  analytical  expression  for  any  model  of  aircraft  j; 

which  gives  the  rate  of  occurrence  of  acceleration  peaks  observed  in  H  hours  y 

with  a  view  to  predicting  rates  to  be  expected  in  E  hours,  E>  H.  The  data  on 
which  these  predictions  are  based  are  in  the  form  of  frequency  tabulations  of  / 

acceleration  peaks  cross-classified  by  airspeed  and  sign  and  magnitude  of  accele-  % 

ration,  Figure  1.  Imposed  on  the  theoretical  diagram  in  Figure  2  is  a  schematic 
representation  of  the  V-g  frequency  tabulation  of  Figure  1.  £ 


The  predictions  for  E  hours  are  to  be  made  in  the  form  of  theoretical 
envelopes,  also  shown  in  Figure  2.  The  expected  rate  of  occurrence  of  peaks  in 
the  area  above  the  envelope  is  1  per  20  mph  per  E  hours  of  flight.  Similarly, 

1  negative  peak  per  20  mph  is  expected  below  the  envelope  in  E  hours.  These 
predicted  values  are  as  likely  to  occur  at  one  airspeed  as  another. 

This  work  was  done  in  connection  with  the  flight  loads  study  program  and 
was  concerned  specifically  with  maneuver  loads.  The  data  used  in  illustration 
were  taken  from  V-g  tabulations  of  acceleration  peaks  read  on  V-g-h  charts  from 
the  Hathaway  recorders  installed  in  F86F  jet  fighters  at  Nellis  AFB.  Peaks 
greater  than  2.  0  g  were  read  provided  the  acceleration  trace  increased  by  1.  0  g 
and  decreased  by  0.75  g  or  vice  versa.  Negative  peaks  were  read  when  less  than 
or  equal  to  0.5  g  and  separated  from  adjoining  negative  peaks  by  at  least  a  plus 
and  minus  0.5  g  variation  in  trace  deflection.  Whenever  the  acceleration  trace  is 
read,  the  airspeed  and  altitude  traces  are  also  read. 

The  envelope  for  E  hours  can  be  formally  defined.  Suppose  the  incidence 
of  acceleration  peaks  by  magnitude  and  airspeed  be  governed  by  a  true  probability 
law  P(xy)  for  positive  (or  negative)  peaks.  Then  the  positive  portion  of  the  en¬ 
velope  for  E  hours  should  be  determined  so  that  for  any  20  mph  airspeed  interval 
with  center  at  V 


P(xy)  dx  dy  «  (1) 


V-10  g 


where  AE  is  the  probability  of  a  peak  exceeding  g  over  any  20  mph  airspeed 
interval  and  .is  equal  to  the  reciprocal  of  the  total  number  of  positive  peaks  ex¬ 
pected  in  the  number  of  hours  E  for  which  the  prediction  is  made.  The  proba¬ 
bility  of  exceeding  g  must  be  the  same  for  all  airspeeds  so  that  if  the  function 
P(xy)  were  known  (including  its  upper  acceleration  limit  gmax)>  the  envelope 
could  be  found  by  solving  the  integral  equation  (1)  for  its  lower  limit  g  in  terms 
of  the  covariate  airspeed,  giving  the  envelope  Lr,(V,  g), 

ilr 


l 


v-v 
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Working  with  experimental  data  which  are  grouped  in  class  intervals, 
the  integrals  are  replaced  by  summations  and  the  probability  law  P(xy)  must  be 
estimated.  The  general  probability  function  P(xy)  may  be  written  P(x|y)  P(y) 
where 

P{y)  s  J  P(xy)dx 

Range  of  g 

and  P(x|  y)  is  the  conditional  acceleration  distribution  at  airspeed  y.  For  clarity, 
we  give  a  little  more  fairly  obvious  notation  here.  Since  our  data  are  grouped,  we 
are  always  working  with  probabilities  for  intervals  so  the  relative  frequency  ^(V) 
of  peaks  in  the  airspeed  band  V±10  is  an  estimate  of  the  integral  of  P(y)  over  that 
band 


£(V) 


V  +  IO 


V  - 1 0 


P(y)  dy. 


The  relative  frequency  P(x  >  g  1 V)  with  which  acceleration  magnitude  g  is  exceeded 
in  airspeed  band  Vi  10  is  an  estimate  of  the  integral  of  the  conditional  probability 
in  VilO: 


"max 


P(x>  g  I V)  = 


P(V) 


V  +  IO 


V-  10 


P(xy)  dy 


dx . 


Customarily,  positive  and  negative  accelerations  are  treated  separately. 
Previous  study  has  shown  that  a  specific  magnitude  of  acceleration  does  not  occur 
with  equal  probability  at  different  airspeeds.  The  "true"  probability  law  P(xy) 
governing  rate  of  occurrence  of  acceleration  peaks  is  a  model  useful  in  ascer¬ 
taining  the  smooth  pattern  which  we  suppose  to  underlie  the  somewhat  erratic 
distribution  of  frequencies  in  a  V-g  tabulation. 

However,  maneuver  loads  are  not  essentially  random  phenomena.  The 
severity  of  the  maneuver  is  pretty  much  under  the  pilot's  control  and  study  of  our 
V-g  tabulations  suggests  that  maneuvers  of  a  given  type  tend  to  be  performed  with¬ 
in  a  certain  airspeed  range  and  to  have  their  own  central  tendency.  When  data 
from  a  number  of  maneuvers  are  grouped  in  a  composite  tabulation,  the  frequency 
arrays  are  sometimes  bimodal  across  accelerations  and  there  often  seems  to  be 
more  than  one  airspeed  center  of  higher  frequencies.  No  standard  probability 
function  will  fit  such  an  array  adequately. 
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What  we  would  like  to  find  is  some  method  of  fitting  which  does  not  as¬ 
sume  anything  about  the  form  of  P(xy)  or  which  assumes  very  little  so  that  it  can 
be  used  to  fit  for  one  class  of  mission  or  a  composite  of  missions  for  any  aircraft 
without  giving  individual  attention  to  the  specific  form  of  each  different  frequency 
array  involved. 
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The  best  solution  to  the  problem  would  be  an  explicit  expression  for  the 
integral  (1) 


P(xy)dx  ■  P(x  >  g,  V) 

(2) 

P(x  >  g,  V)  =  Ae 

which  could  be  easily  solved  for  g  giving  an  "Equation  for  the  Envelope,  " 

g  -  Le(V).  (3) 

Failing  this,  we  would  be  happy  to  settle  for  an  explicit  expression  for 
P(xy)  such  that  a  high-speed  computer  could  solve  the  integral  equatic-i  (1)  for 
the  points  of  the  envelope  L^V,  g). 

Failing  this,  we  would  settle  for  an  explicit  expression  for  P(x  >  gIV) 
and  a  good  smooth  fit  for  P(V),  enabling  us  to  solve  the  equations: 

aE 

P(x>glV)  = 

and  obtain  a  smooth  locus  of  points  Lg(V,  g)  for  the  envelope. 

We  evolved  a  method  of  fitting  P(x  >  gIV)  which  assumed  very  little  about 
its  form  and  appeared  to  give  a  fair  to  good  fit  of  the  data  plotted  in  probability 
curves,  Figure  3.  But  we  had  no  luck  in  finding  a  smoothing  technique  for  P(V)  de¬ 
riving  gracefully  from  the  method  of  fitting  the  conditional  probability  curves,  or 
at  least  consistent  with  it.  However,  a  different  tack  using  the  same  fitting 
method  on  joint  frequencies,  F(x  >  g,  V),  seems  to  work  fairly  well  for  extrapola¬ 
tion.  The  smoothed  cumulative  frequencies,  F,  obtained  by  fitting  a  general  func¬ 
tion  to  log  F(x>  g,  V),  are  plotted  against  their  observed  counterparts,  F,  in 
Figure  4. 


Figure  5  contains  a  plot  of  the  frequencies  of  exceeding  g  in  each  air¬ 
speed  band,  V, 

F(x  >  g,  V)  =  N  P(x  >  g,  V) . 

These  curves  are  plotted  in  two  sections  for  ease  of  reading  as  they  would  other¬ 
wise  overlap.  Above  the  F  -  1  line  are  the  observed  frequencies  corresponding  to 
the  conditional  probabilities  plotted  in  Figure  3.  Below  the  F  -  1  line  are  the 
extrapolated  curves  obtained  from  the  fitted  function. 


Of  course,  many  different  methods  of  fitting  the  P(x  >g!V)  individually 
are  available;  virtually  all  assume  some  basic  probability  law  and  the  "method 
of  fitting"  consists  in  calculating  estimated  values  for  the  parameters  of  the  law 
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(function)  assumed.  But  we  are  trying  to  find  a  method  which  makes  few  enough 
formal  demands  that  it  can  be  applied  wholesale  to  the  fitting  of  maneuver  load 
distributions.' 

Different  methods,  assuming  different  probability  laws,  have  sometimes 
been  found  to  give  comparable  and  good  fits  to  the  same  data.  On  the  other  hand, 
a  method  which  appears  and  tests  quite  adequate  for  data  from  one  type  of  mission 
may  not  be  suitable  at  all  for  the  same  plane  on  a  different  mission.  In  fact,  using 
standard  fitting  methods,  some  adjacent  airspeed  intervals  may  seem  to  require 
wholly  different  types  of  probability  distributions  and  methods  of  fitting,  which 
does  not  seem  reasonable. 

Section  II  describes  the  standard  and  not  so  standard  fitting  techniques 
which  we  have  tried  and  rejected.  While  we  cannot  yet  report  a  general  or  even 
generally  satisfactory  method  for  fitting  an  unpresumptuous  model  for  P(x,y),  we 
think  we  have  made  some  progress,  if  only  that  of  having  acquired  solid  doubt  that 
a  completely  satisfactory  solution  exists  or  can  be  evolved  for  the  problem  as 
here  defined.  The  procedure  we  have  worked  out  to  date  is  described  in  Section  HI 
and  its  limitations  and  possibilities  for  further  generalization  in  Section  IV. 

SECTION  II 
HISTORY 

The  flight  loads  program  at  WADC  has  made  vast  amounts  of  data  availa¬ 
ble  for  the  prediction  of  extreme  loads.  Where  a  relatively  small  amount  of  data 
is  available,  the  prediction  problem  degenerates  to  one  of  fitting  a  univariate  proba¬ 
bility  function  to  the  marginal  acceleration  frequencies. 

m 

It  has  been  the  custom  among  American  and  British  agencies  concerned 
with  flight  loads  to  assume  a  Pearson  Type  IH  curve  (5)  (6)  (8)  (10)  (11)  (12).  Pos¬ 
sibly  with  sufficiently  little  data  this  probability  function  may  appear  to  give  a 
decent  fit;  however,  in  our  large  sample  experience  it  has  not  looked  very  good. 

Aside  from  our  efforts,  Starkey  (12),  working  with  gusts,  also  smoothed 
the  data  by  airspeed  bands  in  estimating  probabilities.  He  used  the  P-III  approach 
to  fit  points  in  the  airspeed  bands  independently  smoothing  the  moments  across 
airspeed  bands  in  an  effort  to  obtain  a  smooth  gust  envelope. 

OAR  sponsored  a  paper  by  E.  J.  Gumbel  (3)  on  return  periods.  This  paper 
presents  a  nice  schematic  method  of  fitting  and  representing  time  required  to 
reach  or  exceed  curves  assuming  a  simple  exponential  probability  function.  It  is 
concerned  solely  with  the  univariate  case. 

An  interesting  deviation  from  wholesale  fitting  of  Type  Ill’s  is  Mayer's 
paper  (7)  on  the  spectral  density  method  of  fitting  maneuver  loads.  Mayer's 
study  of  marginal  distributions  of  five  flights  of  two  fighters  persuaded  him  that 
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they  were  normal  curves  truncated  at  the  50%  line.  Fitting  half  normal  curves 
to  his  data,  he  then  tested  goodness  of  fit  and  obtained  no  significant  values  of 
chi-square.  He  does  not  describe  his  method  of  fitting  the  "half-normal.  "  We 
obtained  fantastically  large  values  of  chi-square  for  the  goodness  of  fit  tests 
applied  to  truncated  normal  fits  of  our  fighter  data.  However,  the  amount  of 
time  covered  by  our  data  was  very  much  greater  than  that  used  by  Mayer. 


We  first  investigated  the  form  of  the  distributions  of  acceleration  peaks, 
using  Pearson's  Method  of  Moments.  Using  this  method,  the  standardized  third 
and  fourth  moments,  YjB  ^  and  /9  ^  are  calculated  and  plotted  on  Pearson's  graph 
(see  Figure  6),  relating  values  of  (3  y  and  (3  ^  to  the  various  probability  density 
functions  of  Pearson's  system. 

This  was  done  for  two  fighters,  a  bomber,  and  a  cargo  ship.  The  dis¬ 
tributions  of  peaks  of  constant  magnitude  (g  ±  Ag)  across  airspeed  bands  were 
studied,  as  well  as  the  magnitude  distributions  by  airspeed  band.  Also  the  data 
from  the  fighters  was  broken  down  by  mission  and  the  two  perpendicular  sets  of 
distributions  were  examined  by  mission.  Figure  6  contains  an  example  of  the 
graphical  results  of  this  procedure.  The  great  preponderance  of  points  are  in 
the  Type  I  region.  This  was  true  regardless  of  the  type  of  plane — bomber, 
fighter,  or  cargo — or  of  fighter  mission. 

As  the  sampling  distributions  of  Pearson's  distribution  criterion  are  not 
worked  out,  a  standard  statistical  test  of  the  hypothesis  of  a  Type  I  distribution 
based  on  the  criterion  is  impossible.  Some  few  of  the  points  for  each  set  do  fall 
on  the  Type  III  or  V  line  or  in  the  Type  IV  region,  but  we  can  make  no  probability 
statement  about  the  extent  of  their  deviation  from  the  Type  I  region,  although 
sampling  variation  in  the  moments  should  cause  some  strays  among  a  sizable 
number  of  points. 

The  heavy  concentration  of  points  in  the  Type  I  region  for  all  of  the  dis¬ 
tributions  studied  indicates  that  V-g  frequency  arrays  may  well  be  approximated 
by  a  bivariate  Type  I  surface.  The  Type  I  function  may  assume  a  J  shape  (or  even 
a  U  shape)  or  a  bell  shape,  although  it  is  usually  skew,  and  it  has  an  upper  and 
lower  limit,  that  is,  the  range  of  a  Type  I  variable  is  limited  on  both  sides: 


s. 


>"• 


V 


a  - 1 


P(x)dx 


x  -  x„ 

X  -  x„ 

o 

1 .  ° 

R 

R 

b  - 1 
dx , 


xQ  <  x  <  xQ  +  R . 


The  cumulative  Type  I  probability  is  the  incomplete  Beta  function,  Iy(a,  b). 
The  upper  and  lower  limits  on  magnitude  of  acceleration  peak  and  on  airspeed  band 
of  occurrence  make  good  physical  sense,  are  in  conformity  with  the  physical  facts 
of  Ca  curves,  maximum  airspeed,  graph  reading  truncation  at  2.0  g,  and  so  on. 
Most  of  the  observed  gIV  curves  tend  toward  the  J  shape  and  are  so  indicated  on 
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CHART  RELATING  THE  TYPE  OF  PEARSON 
FREQUENCY  CURVE  TO  VALUES  OF  AND  /92 


STANDARDIZED  THIRD  AND  FOURTH  MOMENTS  OF  THE  CONDITIONAL  AIRSPEED 
DISTRIBUTIONS  OF  POSITIVE  PEAKS  EXPERIENCED  BY  FIGHTER  AIRCRAFT  IN 
COMBAT  AND  TRAINING  AND  BY  BOMBERS  IN  REGULAR  OPERATIONS. 


Figure  6. 


the  Pearson  graph,  while  the  more  symmetrical  VI g  distributions  fall  in  the  regular 
Type  I  region. 

If  a  satisfactory  bivariate  generalization  of  the  Type  I  surface  existed,  it 
would  appear  that  we  were  all  set.  The  Pearson  system  of  curves  has  not  lent  it¬ 
self  nicely  to  bivariate  generalization;  however,  Narumi  (9)  was  successful  in 
evolving  a  bivariate  Type  I  distribution  function  for  the  case  of  complete  "simi¬ 
larity"  in  the  geometric  sense,  of  the  P(x|y)  curves  and  the  P(y|x);  that  is,  when 
the  moments  of  the  conditional  distributions  in  either  direction  are  linearly  re¬ 
lated.  Plots  of  the  moments  of  our  conditional  distribution  indicated  a  relation 
which  is  certainly  not  linear  so  we  cannot  use  Narumi's  function  and  hence  cannot 
fit  a  bivariate  Type  I  function. 

By  way  of  consolation,  however,  we  observe  that  in  estimating  upper  and 
lower  limits  for  our  conditional  distributions  independently,  we  obtained  several 
estimated  upper  limits  well  within  the  observed  range  of  variation.  Such  esti¬ 
mates  are  clearly  useless  for  prediction  purposes,  particularly  since  we  cannot 
put  confidence  limits  on  them.  Probably,  if  it  were  feasible  to  fit  a  bivariate 
Type  I,  part  of  its  estimated  perimeter  would  fall  within  the  observed  range, 
making  it  useless  for  prediction.  We  conclude  that  while  a  Type  I  is  clearly  indi¬ 
cated  for  interpolation  purposes,  for  prediction  we  need  a  function  without  an  upper 
limit  or  else  one  whose  upper  limit  is  surely  higher  than  the  observed  maximum 
peaks. 

Another  area  we  explored  was  that  of  transformations  of  the  data  to  get 
a  normal  or  truncated  normal  surface.  The  bivariate  normal  distribution  func¬ 
tion,  of  course,  has  many  agreeable  features.  For  combat  data  the  logarithmic 
transformation  appeared  to  bring  us  closest  to  a  truncated  normal  surface.  Train¬ 
ing  data  from  the  same  types  of  aircraft,  however,  were  better  fitted  by  the  trun¬ 
cated  normal  without  transformation.  Plots  of  both  types  of  data  on  probability 
paper  indicated  an  upper,  as  well  as  lower,  truncation  of  the  conditional  accele¬ 
ration  distributions;  this  is  in  agreement  with  the  Pearson  Type  I  indication  given 
by  the  method  of  moments. 

These  effects  are  briefly  illustrated  using  combat  and  training  data  col¬ 
lected  from  the  F86F.  The  two  marginal  acceleration  probability  distributions 
are  plotted  on  normal  probability  paper  versus  an  arithmetic  scale  in  Figure  7  and 
versus  a  logarithmic  scale  in  Figure  8, 

Normal  probability  graph  paper  has  cumulative  normal  probability  dis¬ 
tances  on  one  scale  and  logarithmic  cycles  or  arithmetic  distances  on  the  other. 

In  using  this  paper  with  grouped  data,  one  simply  computes  the  cumulative  rela¬ 
tive  frequencies  and  plots  them  against  the  upper  (lower)  limits  of  the  class 
intervals. 

If  the  data  is  normally  distributed,  the  plot  is  about  a  straight  line  on 
arithmetic  paper.  If  the  logarithm  of  the  variable  is  normally  distributed,  the 
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plot  is  concave  upwards  on  arithmetic  paper,  but  about  a  straight  line  on  log¬ 
normal  paper.  A  bending  toward  horizontal  at  the  extremes  with  a  good  long 
straight  line  segment  in  the  middle  suggests  truncation  where  the  bending  occurs. 

While  a  one-sided  truncation  of  normal  data  is  easily  handled  (4),  the 
two-sided  truncation,  with  upper  truncation  point  unknown,  is  not  (2).  Even  if 
upper  truncation  points  could  be  estimated,  they  would  not  be  dependably  useful 
for  prediction  purposes,  coming  as  they  sometimes  might  within  the  observed 
range  of  variation. 
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DESCRIPTION  OF  THE  PROCEDURE 

Using  the  conceptualization  described  in  the  introduction,  the  V-g  fre¬ 
quency  array  in  Figure  1  is  a  sample  from  an  infinite  population  of  peak  magni¬ 
tudes  governed  by  a  probability  law  P(x,y).  Plots  of  the  conditional  distributions, 
£(x>g|V),  on  semi-logarithmic  paper  (Fig.  3)  indicate  that  this  function  is  prob¬ 
ably  exponential. 

Assuming  the  general  form 

P(x>g,  y)  «  ex(gy) 

where  X(gy)  is  an  analytic  function  in  the  region  of  interest  and  expandable  in  a 
Taylor  series,  the  coefficients  of  as  many  terms,  gjyx,  as  necessary  or  justified 
would  be  fit  by  the  method  of  least  squares  to  the  logarithms  of  the  relative 
frequencies. 

Our  empirical  model  then  is 
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or  working  with  joint  frequencies  (which  differ  only  by  an  additive  constant  in  the 
model) 


log  F(x  >  g,  V) 


liXL  .  . 

)  a..V1gJ . 

(A-i  lj 

i  ,J’0 


(4) 


In  Figure  3  the  conditional  probabilities  of  exceeding  g  are  plotted  against  a  sliding 
acceleration  scale.  Successive  curves  correspond  to  successive  airspeed  bands. 
The  g  scale  begins  farther  to  the  right  for  each  airspeed  curve,  for  example,  the 
vertical  line  for  5.0  g  at  an  airspeed  in  250  ±  10  mph  is  the  4.5  g  line  for  V  in 
270  ±  10,  tne  4.0  g  line  for  V  in  290  ±  10,  and  so  on. 
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This  same  scheme  is  followed  in  the  graph  of  frequencies  in  Figure  5. 
Dashed,  dotted,  and  solid  lines  are  used  for  the  different  airspeeds  to  make  read¬ 
ing  easier.  As  mentioned  earlier,  the  top  portion  of  the  graph  contains  the  ob¬ 
served  exceedance  frequencies  and  points  are  connected  by  straight  line  segments 
there.  Beneath  the  F  ■  1  lines  are  the  extrapolations  of  the  smooth  curves  obtained 
by  fitting  eleven  terms  in  the  expansion  of  (4): 

log  F(x  >  g,  V)  =  &q  +  a^g  +  a  2^  +  +  a4§"^  +  a  5^  +  a6®  ^ 

+  a?gV2+  agV3  t  a9g2V2+  a^V3  +  ^  g  2V  3.  (5) 

Because  of  error's  of  measurement,  it  would  not  seem  worthwhile  to  fit  terms  of 
higher  degree,  particularly  since  our  purpose  is  extrapolation. 


Table  1.  Analysis  of  Regression  of  log  F  <x  >  g,  V) 


Source  of  Variation 


Regression 


g" 

S2 

V2 

g2y 

gV2 

V3 

g2y2 


Residual 


Sum  of  Squares 


160 

177.  938789 

11 

174.  641994 

1 

54.  234794 

1 

14.  949918 

1 

1.  799250 

1 

2.091355 

1 

90.557892 

1 

.246509 

1 

8.  810058 

1 

1.412795 

1 

.446969 

1 

.072236 

1 

. 020218 

149 

3.296985 

.022127 

%.  Std.  error  =  .14875 

The  variation  in  logarithms  of  the  frequencies  accounted  for  by  each 
term  in  (5)  is  shown  in  table  1.  99.2%  of  the  total  variation  in  the  logarithms  was 
accounted  for  by  this  model  which  seems  quite  good  by  usual  standards.  A  stand¬ 
ard  error  of  estimate,  based  on  residual  variation,  of  .14875  corresponds  to  a 
healthy  error  potential  when  translated  back  into  frequencies,  however.  Bearing 
in  mind  the  fact  of  a  highly  irregular  array  to  begin  with,  having  very  low  fre¬ 
quencies  at  the  extremes  of  airspeed,  this  may  be  as  good  as  we  can  hope  to  do. 

It  is  the  best  overall  fit  we  have  obtained  so  far  in  our  endeavors. 

The  Envelopes 


The  expected  number  of  peaks  exceeding  g  in  E  hours  is  P(x>  g,  V)  EN/H, 
where  N  is  the  number  of  positive  peaks  observed  in  H  hours.  According  to  the 
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definition  of  the  envelope  and  equation  (2),  Lg,(gV)  is  the  set  of  points  for  which 


~  fp(x  >  g,  V)  -  Ae 


or 


P(x  >  g,  V) 


H 

EN  * 


1 


Since  F(x  >  g,  V)  =  N  P{x  >  g,  V),  the  points  on  the  envelope  for  E  hours  are  given 
tjy  setting 

/N  H 

F(x>g,  V)  =  — 

and  solving  for  g  corresponding  to  each  V. 

This  is  easily  accomplished  using  the  graph  of  Figure  5.  The  values  of  g 
for  each  airspeed  are  obtained  from  the  intersections  of  the  F**H/Eline  with  the  air¬ 
speed  curves.  The  FC1  line  gives  the  fitted  points  for  the  hours  of  observation  H. 


Table  2.  Arithmetic  for  the  Envelope 


909.2  Hours 
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Vc 

V 

V 

c 

gc 

g 

g  +  v 

&c  c 

£ 
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g 
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1 

2. 

6 

1.6 

3.  3 

2.9 

1. 

9 

3. 

■5 

3. 

2 

2.2 

3.  6 
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2 

4. 

3 
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2. 

6 

3. 

8 

4. 

9 

2.  9 

4.  0 
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3 

6. 

1 

3. 1 
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6.  4 

3. 

4 

4. 

2 

6. 

7 

3.  7 

4.4 
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4 

7. 

8 
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4.4 

8. 1 

4. 

1 

4. 

6 

8. 

4 

4.4 

4.  7 
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5 

9. 

6 

4.  6 

4.8 
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4. 

8 

4. 

9 

10. 

2 

5.2 

5.  1 
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6 
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4 

5.4 

5.  2 
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5. 

7 

5. 

4 

12. 

0 
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3^0 

7 
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3 
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7 

5. 

8 
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1 
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8 
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3 
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7 

6. 

4 
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1 
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9 
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7 
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9 
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10 
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7 
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11 
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2 

11.2 

8. 1 

430 

12 

23. 

0 

11.0 

8.  0 

23.  5 

11. 

5 

8. 

3 

24. 

1 

12.  1 

8.6 

450 

13 

24. 

6 

11.  6 

8.  3 

25.  1 

12. 

1 

8. 

6 

25. 

8 

12.  8 

8.9 
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The  numbers  across  the  bottom  of  the  graph  in  Figure  5  are  coded  vaues 
gc  +  V  .  Airspeeds  are  coded  Vc  =  1,  2,  ...  ,  n  and  accelerations  are  coded 
g  «  0,  1,  2,  ...»  k.  To  obtain  g  from  the  coded  scale,  one  reads  the  abcissa 
gc  +  V  corresponding  to  the  intersection  of  an  airspeed  frequency  curve  with  the 
line  H?E,  subtracts  the  coded  airspeed  value,  and  uncodes  gc.  For  example,  the 
V  «  250  mph  (Vc  =  3)  curve  crosses  P  -  1  at  g^  +  =  6.1.  From  the  code  given 

in  the  upper  right  hand  corner  of  the  graph,  we  have  g  =  0.5  (3.1)  +  2.5  =  4.0.  The 
numerical  details  of  these  steps  in  constructing  the  envelopes  for  E  «*  909.2,  2000, 
and  5000  hours  =  1.0,  0.455,  and  0.182,  respectively)  appear  in  Table  2. 

SECTION  IV 
CONCLUSIONS 

The  procedure  described  here  originated  in  the  idea  of  fitting  a  general 
exponential  type  of  joint  probability  function  by  expanding  the  exponent  in  a  Taylor 
series  and  estimating  the  coefficients  by  the  method  of  least  squares.  However, 
there  is  nothing  in  the  assumptions  or  method  to  force  the  estimated  function  to 
yield  an  exponential  function  having  the  properties  of  a  probability  law.  Rather 
than  solving  a  distribution  problem,  this  approach  reconstructs  it  within  the 
compass  of  the  powerful  methods  of  general  regression  theory.  The  problem 
becomes  one  of  constructing  a  flexible  regression  model  to  represent  exponen¬ 
tially  a  set  of  rates  of  occurrence. 

From  the  standpoint  of  accounting  for  the  variability  of  the  logarithms, 
this  approach  is  very  good  (99.15%)  and  the  estimated  exceedance  frequencies, 
still  look  reasonably  good.  However,  working  back  to  the  original  V-g  array, 
we  find  fairly  large  discrepancies  with  the  original  data  at  low  acceleration  mag¬ 
nitudes.  Further,  values  of  the  chi-square  goodness  of  fit  tests  imply  very 
strongly  that  this  procedure  does  not  reproduce  the  original  array  adequately, 
particularly  in  the  region  of  high  frequencies;  the  lower  frequencies  are  better 
estimated. 

In  conclusion,  this  procedure  for  smoothing  exceedance  frequencies  is 
particularly  well-suited  for  simple  graphical  estimation  of  predicted  occurrence 
rates.  The  model  used' is  flexible  and  its  flexibility  can  be  increased  further  by 
adding  or  substituting  terms  which  are  functions  of  V  and  g  in  the  regression 
equation  (5),  for  instance,  a-^/V  or  a13log(cQ  -  g). 

The  model  can  be  generalized  to  three  or  more  flight  parameters,  very 
simply  by  adding  terms  to  the  regression  equation.  Adding  altitude  (h),  for 
example,  we  would  fit 

log  F(x  >  g,  V,  h)  =  XaijkVVhk  • 

The  capacity  of  the  computing  equipment  used  to  solve  for  the  coefficients 
imposes  the  primary  limitation  on  the  number  of  variables  (or  terms)  that  can  be 
added  to  the  model  and,  thereby,  on  the  versatility  and  generality  of  the  method. 


BIBLIOGRAPHY 


1.  Biometrika  Tables  for  Statisticians,  Vol.  1,  edited  by  E.  S.  Pearson  and 
H.  O.  Hartley,  Cambridge  University  Press,  1954. 

2.  Cohen,  A.  C.,  Jr.,  "Estimating  the  Mean  and  Variance  of  Normal  Popu¬ 
lations  from  Singly  Truncated  and  Doubly  Truncated  Samples,  "  Annals 
of  Math  Stat.,  Vol.  21,  December  1950.  p.  557. 

3.  Gumbel,  E.  J. ,  Statistical  Analysis  of  Flight  Load  Data,  OAR  Technical 
Report  No.  9,  May  1951. 

4.  Hald,  A.,  Statistical  Theory  with  Engineering  Applications,  John  Wiley 
&  Sons,  Inc.,  N.  Y.,  1952. 

5.  Langen,  Wm.  A.,  Jr.,  and  Scheindlinger,  Sidney,  Detailed  Statistical  Data 
on  Various  Flight  Load  Parameters  from  Service  Aircraft,  Report  No. 
NAMC-ASL-1003,  Part  II,  5  September  1956. 


m 


6.  Lewis,  D.  R.,  V-g  Records  from  Hastings  Aircraft,  RAE  Technical  Note 
No.  Structures  159,  June  1955. 

7.  Mayer,  John  J.,  and  Hamer,  Harold  A.,  Applications  of  Power 'Spectral 
Analysis  Methods  to  Maneuver  Loads  Obtained  on  Jet  Fighter  Airplanes 
during  Service  Operations,  NACA  Research  Memorandum  L56J15. 


SY<VN 


m 

VV' 

*  s) 


8.  Mayer,  John  J.,  and  Harris,  Agnes  E.,  Analysis  of  V-g  Records  from  10 
Types  of  Navy  Airplanes  in  Squadron  Operations  during  the  Period  1949 
to  1953,  NACA  Research  Memorandum  L54J15. 

9.  Narumi,  Seimatsu,  "On  the  General  Forms  of  Bivariate  Frequency  Dis¬ 
tributions  Which  Are  Mathematically  Possible  When  Regression  and 
Variation  Are  Subjected  to  Limiting  Conditions,  "  Biometrika,  Vol.15,  1923. 

10.  Owen,  E.  Marjorie,  V-g  Records  from  Meteor  NF.ll  Aircraft,  RAE  Tech¬ 
nical  Note  No.  Structures  165,  June  1955. 


9  aVV 

* m »Y>  \ 


fcN/vt 
rs /A1. 

•T.  \  i  \A 

v. 
b*<  1 

*;/:A 


11.  Peisser,  A.  M.,  and  Wilkerson,  M.,  A  Method  of  Analysis  of  V-g  Records 
from  Transport  Operations,  NACA  Report  No.  807,  1945. 

12.  Starkey,  R.  D.,  The  Analysis  of  V-g  Records,  RAE  Report  No.  Structures 
38,  May  1949,  ARC  12,504  Strut.  1298. 


APPLICATION  OP  POWER  SPECTRAL  TECHNIQUES 
TO  DYNAMIC  RESPONSE  PLIGHT  TESTING 


By  Harry  Press  and  Thomas  L.  Coleman 
ABSTRACT 

The  effects  of  airplane  flexibility  on  the  structural  responses  of  an 
airplane  are  discussed  in  general  terms  and  the  difficulty  of  interpretation 
of  dynamic  response  flight  test  data  noted.  Particular  attention  is  given  to 
the  problem  of  airplane  responses  to  rough  air.  The  significance  of  the  air¬ 
plane  frequency  response  functions  is  noted  and  their  determination  chosen  as 
a  basic  goal  of  dynamic  flight  testing.  In  many  cases,  the  disturbances  and 
the  airplane  responses  involve  statistical  or  random  type  processes  and  in 
these  cases  the  power  spectral  techniques,  with  which  this  paper  is  concerned, 
are  required.  These  techniques  are  also  useful  in  other  contexts. 

Two  basic  methods  are  outlined  for  frequency  response  determination  from 
random  type  data}  the  power  spectrum  and  cross-spectrum  methods.  Their  rela¬ 
tive  merits  are  considered  in  terms  of  data  requirements,  their  susceptibility 
to  distortion  by  extraneous  effects  or  "noises"  and  to  statistical  or  sampling 
errors.  The  concept  of  a  coherency  function  is  defined  and  the  usefulness  of 
this  function  described.  In  order  to  illustrate  the  application  of  the  power 
spectral  techniques,  examples  are  presented  of  the  results  obtained  in  the  study 
of  the  responses  of  a  flexible  airplane  to  rough  air. 


INTRODUCTION 

In  recent  years  it  has  become  increasingly  clear  that  the  structural 
loads  and  stresses  resulting  from  such  disturbances  as  atmospheric  turbulence, 
runway  roughness  and  acoustic  noise  can  be  considerably  amplified  by  airplane 
flexibility.  For  the  case  of  airplane  response  to  gusts,  the  magnitudes  of 
the  stress  amplifications  are  frequently  of  the  order  of  30  percent  and  in 
some  cases  are  in  excess  of  100  percent.  Inasmuch  as  stress  ampliii cation  of 
the  order  of  30  percent  can  act  to  reduce  fatigue  life  by  an  order  of  magnitude 
the  effects  of  flexibility  require  close  attention  in  fatigue  studies.  In 
general,  these  flexibility  effects  are  complex  and  the  analytic  technology  for 
the  calculation  of  the  structural  response  is  still  being  developed.  As  a  con¬ 
sequence,  experimental  techniques  for  studying  these  problems  and  particularly 
full-scale  flight  testing  techniques  are  of  wide  interest. 

During  the  last  ten  years  a  number  of  flight  investigations  of  the  effects 
of  flexibility  on  the  structural  response  of  airplanes  to  gusts  have  been  made. 
The  primary  purpose  of  these  tests  was  to  establish  the  magnitude  and  character 
of  these  effects.  In  general,  the  procedures  used  involved  simple  comparisons 
of  measured  strains  with  a  reference  measurement  which  was  usually  based  on 
the  airplane  center-of-gravity  acceleration  or  acceleration  measurements  at 
wing  nodal  points.  These  studies  have  served  to  indicate  the  magnitude  of  the 
dynamic  effects  but  have  had  a  number  of  severe  limitations.  The  principal 
difficulty  encountered  was  in  the  inability  to  obtain  a  suitable  reference 
measurement  from  which  to  gauge  flexibility  effects.  In  many  cases,  strong 
coupling  existed  between  the  rigid  body  and  elastic  modes  and  complicated  the 
desired  comparisons.  A  second  limitation  was  the  inability  to  make  direct 
comparisons  between  measured  and  calculated  results  inasmuch  as  the  input  was 
not  determined. 
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During  recent  years  two  significant  developments  have  served  to  make 
a  more  satisfactory  approach  to  the  gust  response  flight  test  problem  possible. 
These  werej  first,  the  development  of  techniques  for  the  direct  measurement  of 
turbulence  in  flight  and  secondly,  the  development  and  application  of  power 
spectral  techniques  for  handling  random  type  disturbances  such  as  gusts  in 
dynamic  response  analyses.  These  two  developments  were  utilized  in  a  recent 
NASA  study  of  the  response  of  a  flexi ole  airplane,  the  B-47  airplane,  to 
atmospheric  turbulence.  The  results  obtained  in  this  study  have  served  to 
indicate  how  gust  measurements  and  power  spectral  techniques  may  be  applied 
in  the  analysis  of  dynamic  flight  test  data  and  specifically,  for  the  deter¬ 
mination  of  frequency  response  functions.  These  same  techniques  also  appear 
to  have  wide  applicability  to  problems  involving  other  types  of  disturbances. 

This  paper  presents  a  brief  review  of  some  of  the  significant  results 
obtained  in  this  study.  Further  details  may  be  found  in  reference  1.  The 
paper  is  divided  into  three  sections  containing: 

(a)  A  brief  discussion  of  some  of  the  characteristics  of  flexibility 
effects 

(b)  A  description  of  the  power  spectral  methods  of  frequency  response 
determination  and  some  of  the  problems  involved 

(c)  Some  illustrative  examples  of  the  results  obtained  in  the  application 
of  these  methods  to  the  problem  of  airplane  response  to  atmospheric 
turbulence 

EFFECTS  OF  FLEXIBILITY  ON  STRUCTURAL  RESPONSE 

The  manner  in  which  flexibility  affects  the  structural  strain  response 
of  airplanes  is  schematically  illustrated  in  three  different  ways  in  Figure  1  $ 
in  terms  of  the  time  history,  the  power  spectrum,  and  the  overall  frequency 
distribution  of  peak  strains.  These  three  representations  are  complementary 
and  help  to  make  clear  the  character  of  the  flexibility  effects. 

As  can  be  seen  from  the  time  histories,  the  effects  of  flexibility  are  to 
complicate  the  nature  of  the  response.  In  particular,  the  superposition  of 
higher  frequency  vibrations  associated  with  structural  modes  are  evident. 

These  frequency  aspects  are  perhaps  more  clearly  seen  in  the  power  spectra  on 
the  lower  right  which  reflect  the  contributions  of  the  various  frequencies  to 
the  respective  time  histories.  The  first  peak  in  each  case  is  associated  with 
the  short  period  mode  while  the  peak  at  higher  frequency  for  the  flexible  case 
reflects  the  first  mode  in  bending.  The  principal  effect  of  flexibility  con¬ 
sists  of  the  addition  of  a  secondary  peak  in  power  associated  with,  in  this 
case,  the  first  symmetrical  bending  mode.  Although  not  shown  on  the  sketch, 
significant  secondary  peaks  at  higher  frequencies  are  frequently  present  and. 
are  associated  with  higher  structural  modes. 

For  fatigue  considerations  the  overall  frequency  distribution  of  peak 
strains  is  generally  significant.  In  this  representation,  the  effects  on 
flexibility  can  be  broken  into  two  parts.  One  part  is  essentially  a  rotation 
of  the  distribution  curve  arising  from  the  increased  power  or  increased  root- 
mean-square  strain  value  for  the  flexible  response.  The  second  part  is  an 
upward  translation  of  the  curve  arising  from  an  increase  in  the  characteristic 
or  average  frequency  of  the  oscillations.  This  increased  frequency  is  asso¬ 
ciated  with  the  increased  radius  of  gyration  about  the  vertical  axis  for  the 
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power  spectrum  for  the  flexible  case.  These  tv.'  effects,  the  rotation  and  the 
translation,  both  act  to  increase  the  number  of  stresses  or  strains  at  given 
levels  and  thus  proportionately  reduce  the  fatigue  life.  The  fatigue  life  for 
the  flexible  airplane  is  frequently  one-tenth,  or  less,  the  value  for  the  rigid 
case. 

As  mentioned  earlier,  dynamic  response  flight  testing  has  been  largely 
used  to  establish  the  magnitude  and  character  of  the  dynamic  effects.  For  this 
purpose,  measurements  of  the  actual  flexible  response  are  compared  with  some 
reference  measurements,  normally  the  center-of-gravity  acceleration  or  accel¬ 
eration  measurements  at  the  airplane  nodal  points  which  are  taken  as  measures 
of  a  quasi-static  airplane  response.  In  some  cases  the  reference  measurement 
is  relatively  unaffected  by  flexibility  effects  and  this  procedure  is  reason¬ 
ably  satisfactory.  This  is  the  case  illustrated  in  the  spectral  curves  of 
Figure  1  and  applies  to  relatively  stiff  structures  where  the  first  bending 
mode  is  sufficiently  far  removed  frequency-wise  from  the  short  period  mode  in 
the  longitudinal  case  to  preclude  much  coupling  action.  Unfortunately,  the 
more  flexible  nature  of  many  contemporary  vehicles  prevents  this  simple  ap¬ 
proach.  In  many  cases  the  rigid  body  and  flexible  modes  are  closely  coupled 
and,  in  addition,  particularly  for  swept  wings,  significant  statio  aeroelastic 
effects  are  present  to  further  complicate  such  comparisons. 

Figure  2  illustrates  the  separate  effects  of  vertical  motion,  pitohing, 
statio  aeroelasticity  and  dynamic  structural  flexibility  for  the  center-cf- 
gravity  acceleration  of  the  B-47  airplane.  The  figure  shows  the  calculated 
frequency  response  functions  for  the  center-of-gravity  acceleration  response 
for  various  assumptions  in  the  calculations.  Four  curves  are  shown.  These 
are  for  the  assumption  of  freedom  in  vertical  motion  only,  freedom  in  vertical 
motion  and  pitch,  freedom  in  vertical  motion,  pitch  and  a  few  elastic  modes. 

A  fourth  reference  condition,  termed  the  quasi-static  case,  is  also  shown. 

For  this  case  the  airplane  is  considered  free  in  vertical  motion  and  pitch 
but  with  stability  derivatives  reflecting  the  static  aeroelastic  effects. 

Comparison  of  the  results  shown  in  Figure  2  for  the  various  conditions 
reveal  a  number  of  points  of  interest.  For  present  purposes,  perhaps  the  most 
significant  points  that  can  be  deduced  are  the  relatively  large  reflection  of 
static  aeroelastic  effects  indicated  by  a  comparison  of  the  vertical  motion  and 
pitch  oase  with  the  quasi-static  case  and  the  large  effects  of  flexibility  in¬ 
dicated  by  the  comparison  of  the  flexible  case  with  the  quasi-static  case.  The 
effects  of  dynamic  flexibility  cause  a  substantial  amplification  in  the  response 
not  only  in  the  neighborhood  of  the  first  bending  mode  frequency  at  about  1,4 
ops,  but  also  over  the  short  period  mode.  Thus,  the  measured  center-of-gravity 
acceleration  is  quite  different  from  the  rigid  or  quasi-static  airplane  case 
and  cannot  provide  an  adequate  reference  condition  for  measuring  flexibility 
effects.  Similar  considerations  may  also  be  expected  for  acceleration  measure¬ 
ments  at  wing  nodal  points. 

In  view  of  the  foregoing  considerations,  it  would  appear  difficult,  if  at 
all  possible,  to  obtain  reliable  measures  of  structural  amplifications  directly 
from  flight  test  data.  For  this  reason  it  is  both  desirable  and  necessary  to 
tailor  flight  testing  techniques  to  obtain  basic  airplane  response  character¬ 
istics,  The  frequency  response  functions  of  an  airplane  is  one  convenient  way 
of  representing  the  basic  response  characteristics.  The  basic  role  of  flight 
testing  may  thus  be  considered  to  be  the  determination  of  such  response  func¬ 
tions,  The  frequency  response  functions  have  the  added  merits  of  providing 
results  that  are  independent  of  the  gust  input  and  results  that  are  directly 
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comparable  to  calculated  results.  The  remainder  of  this  paper  will  he  con¬ 
cerned  with  describing  the  power  spectral  approach  to  frequency  response  func¬ 
tion  estimation  and  some  illustrative  results  obtained  in  applications. 


METHODS  FOR  DETERMINING  FREQUENCY 
RESPONSE  FUNCTIONS 


Basic  Methods 


The  basic  relations  that  are  useful  for  frequency  response  determination 
for  random- type  data  are  shown  in  Figure  3.  The  sketch  at  the  upper  part  of 
the  figure  illustrates  the  simple  system  visualized — namely  a  stationary  random 
disturbance  x,  acting  upon  a  linear  airplane  system  characterized  by  the  fre¬ 
quency  response  function  H(f),  and  yielding  an  output  response  y.  For  this 
case,  the  measurements  of  the  input  disturbance  x  and  the  output  response  y 
may  be  used  to  estimate  the  frequency  response  function  H(f).  Two  methods  are 
known  for  this  purpose  and  are  given  by  eq^^ation  (-1)  and  (2)  in  Figure  3. 
Namely, 
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The  vertioal  bars  ||  designate  the  absolute  value  of  the  complex  quantity. 

The  subscripts  "s"  and  "c"  are  used  to  designate  estimates  obtained  by  the 
two  methods}  "s"  for  the  spectrum  method,  which  is  based  on  a  ratio  of  power 
spectra  and  "c"  for  the  cross  spectrum  method  which  involves  ‘t’xy(f)  the  cross¬ 
spectrum  between  the  disturbance  x  and  the  response  y.  One  significant  dif¬ 
ference  exists  between  these  two  methods.  The  spectrum  method  permits  the 
estimation  of  only  the  amplitude  of  the  frequency  response  function  while  the 
cross-spectrum  is  in  general  a  complex  quantity,  and  this  method  permits  the 
estimation  of  both  the  amplitude  and  phase  of  the  response.  The  cross-speotrum 
method  is  thus  more  general  and  for  this  reason  more  useful  in  many  applica¬ 
tions. 

For  the  case  of  a  stationary  random  input  aoting  on  a  linear  system,  such 
as  visualized  in  Figure  3*  both  methods  should  yield  identical  estimates  of 
the  amplitude  of  the  frequency  response  function.  In  practice,  this  is  seldom 
the  oase  for  very  many  reasons.  First,  the  system  of  concern  is  seldom  as 
simple  as  >;he  one  illustrated  in  Figure  3  but  frequently  involves  extraneous 
elements  or  noises  that'  complicate  the  picture.  Such  complicating  elements 
will  be  discussed  in  greater  detail  later.  In  addition,  sample  sizes  for  x(t) 
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and  y(t)  are  in  general  limited  with  differing  effects  on  the  two  methods.  As 
a  consequence,  the  estimates  obtained  by  the  two  methods  are  in  general  dif¬ 
ferent  and  sometimes  differ  widely. 

Coherency  Function 

If  the  ratio  of  I  Hc(f )  I2  and  I  HS(M  I2  is  taken  as  indicated  by  equation 
3  of  Figure  3  a  very  useful  function  is  obtained.  This  function  designated  as 
y  2  (f }  and  termed  the  coherency  function  is  given  by: 

2  I  4>Xy  {  f  )  I 

'  1,1  *  -57.-73  W  131 

The  coherency  function  plays  a  central  role  in  the  analysis  of  the  relations 
between  two  random  processes  and  proves  quite  useful  for  present  purposes. 

The  value  of  the  quantity  y2(f-)  will  in  general  vary  with  frequency  and  its 
value  at  a  given  frequency  may  be  viewed  a3  a  measure  of  the  degree  to  which 
two  processes  are  correlated  or  linearly  related  at  the  given  frequency.  For 
a  simple  system  of  the  type  shown  on  Figure  3,  yz  (f)  will  be  equal  to  1  at 
all  frequencies.  At  the  other  extreme,  if  two  processes  are  unrelated  y2  (f) 
will  be  equal  to  zero.  For  the  cases  of  concern  in  practice  the  value  of 
X  2  ( f )  will,  in  general,  lie  between  0  and  1  with  the  departure  from  a 
value  of  1  dependent  upon  the  degree  of  extraneous  effects  and  the  nature  of 
the  complications. 

From  equation  3,  it  is  clear  that  a  reduction  in  y2  (f)  from  a  value  of 
1  implies  that  the  values  of  I  H  s ( f )  I  and  I  Hc  (f)  I  differ.  The  inter¬ 
pretation  of  the  results  for  this  case  is  thus  complicated  and  requires  dose 
analysis  of  the  system  and  the  source  of  the  reduced  coherency. 

In  general,  reductions  in  coherency  from  a  value  of  one  reflect  a  loss  in 
reliability  of  the  frequency  response  function  estimates  in  two  distinct  ways 
as  illustrated  in  Figure  4,  These  are  byt 

1 .  A  possible  distortion  in  the  estimates  of  the  frequency  response 
function  from  its  true  value  (upper  figure) 

2.  A  reduction  in  the  statistical  reliability  (lower  figure)  as  measured 
by  the  width  of  confidence  bands. 

The  upper  sketoh  on  Figure  4  illustrates  the  character  of  distortion  effects. 
Such  distortions  may  lead  to  under-estimates  or  over-estimates  of  the  tru8 
frequency  response  function.  The  magnitude  of  such  distortions  will  in  general 
vary  with  frequency  and  is  related  to  the  reduction  in  coherency,  as  will  be 
indicated. 

In  addition  to  the  distortions,  reduced  coherency  in  general  leads  to 
reduced  statistical  reliability  as  illustrated  by  the  widths  of  the  confidence 
bands  on  the  lower  sketch  on  Figure  4»  These  bands  define  the  limits  within 
which  the  true  values  may  be  expected  to  lie:  the  relatively  wider  bands 
at  high  frequencies  being  associated  with  a  lower  coherency  level  at  these 
frequencies  for  this  case. 


Sources  of  Reductions  in  Coherency, 

It  will  be  helpful  to  examine  the  mechanisms  by  which  coherency  reductions 
arise  in  practice  and  some  of  the  snecific  sources  for  such  reductions.  The 

533 


POSSIBLE  DISTORTION  OF  FREQUENCY  RESPONSE  FUNCTION 


general  picture  is  summarized  on  Figure  5*  Two  basic  cases  are  considered: 
Noise  in  the  input  and  noise  in  the  output.  In  "both  cases  the  coherency  is 
reduced  hut  estimates  of  the  frequency  response  functions  obtained  by  the  two 
methods  are  affected  differently. 

For  the  noise-in-input  case,  the  block  diagram  shown  indicates  that  the 
simple  input-output  system  is  complicated  by  the  introduction  of  an  extraneous 
disturbance  n,  (t)  to  the  measurement  of  the  input.  In  practice  such  dis¬ 
turbances  arise  from  random  errors  in  record  reading,  round-off  errors,  ran¬ 
dom  instrument  errors,  and  spanwise  variations  in  gust  velocities.  If  x'(t) 
is  measured  in  place  of  x(t)  the  coherency  will  be  reduced  and  substantial 
errors  will  arise. 

For  the  noise-in-output  case,  the  simple  input-output  system  is  compli¬ 
cated  by  the  addition  of  a  noise  on  the  output  side.  In  the  gust  response 
case,  for  example,  such  noises  arise  by  the  action  of  pilot  control  motions, 
instrumentation  limitations,  random  errors  in  record  reading,  round-off 
errors,  and  the  effects  of  extraneous  gust  components,  such  as  the  airplane 
longitudinal  response  arising  from  side  gust  disturbances. 

In  both  cases  the  seriousness  of  the  noise  effects,  in  introducing  dis¬ 
tortions  and  in  reducing  statistical  reliability,  are  dependent  upon  the 
relative  level  of  the  noise  or  the  noise  to  signal  ratios.  The  losses  in 
statistical  reliability  can,  in  general,  not  be  recovered}  however,  correc¬ 
tions  for  the  distortions  are  possible  and  general  expressions  for  -the  cor¬ 
rections  for  these  distortions  have  been  derived  in  Reference  1 .  For  the 
special  case  of  noises  which  are  incoherent  (unrelated)  to  the  signals  (input 
and  output),  the  results  are  particularly  simple.  Fortunately  this  case 
appears  to  apply  well  in  practice. 

Corrections  for  Distortions. 

The  corrective  adjustments  required  to  compensate  for  the  distorting 
effects  introduced  by  incoherent  noises  are  summarized  in  Figure  6.  The  ad¬ 
justments  required  to  the  estimates  obtained  by  the  spectrum  and  cross-spectrum 
methods  for  three  cases  —  noise-in-input,  noise-in-output,  and  noise  in  both 
input  and  output  are  as  follows: 


H  (f) 


!  Hc(f )  I 

yz(f ) 


!hs  (f  )l 
•y 2  (f  ) 


I  H  (f )  lfril.  =  I  Hp(f  >1  =  rinlhUf )  I 


I  H  If)  L  *  I  H  e  {  f  )  I  I  + 


*n2in 

24>v(f)  “  2<J>  v  (f  ) 


”lHcinl(l  ,7> 

Figure  6  -  Corrections  for  distortions  of  frequency  response  functions  due  to 
noises  in  the  input  and  output. 
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where  4>n|  (f)  and  $112  (H  axe  the  power  spectra  of  the  noise  in  the  input 
and  output  respectively  and  are  assumed  to  he  independent.  For  both  the  noise- 
in-input  and  noise-in-output  cases,  adjustments  to  the  estimates  obtained  by 
two  methods,  equations  4  and  5*  are  simple  and  straightforward  and  involve 
only  the  coherency  function.  Note  that  for  the  noise-in-output  case,  the  cross 
spectrum  method  is  undistorted  and  requires  no  correction  for  the  reduction  in 
coherency.  A  further  point  worth  noting  is  that  the  phase  angles  obtained  from 
the  cross-spectrum  method  are  generally  relatively  insensitive  to  the  random 
noises  considered.  For  the  case  in  which  both  input  and  output  are  contam¬ 
inated  by  noise,  the  situation  is  a  little  more  complex  and  the  adjustments 
required  involve  more  than  the  coherency  function  alone.  As  indicated  by 
equations  6  and  7  additional  information  is  required  on  the  ratios  of  the 
noise  to  signal  power  spectra  for  this  case.  Such  information  is  sometimes 
available. 


These  results  serve  to  indicate  that  distortions  arising  from  extraneous 
noises  can  frequently  be  corrected. 

Statistical  Reliability 


The  effects  of  coherency  level  on  statistical  reliability  are  shown  on 
Figure  7»  The  figure  indicates  the  statistical  reliability  of  the  estimates 
of  the  frequency  response  function  Hc  ( f )  in  terms  of  the  percent  error  in  the 
amplitude  and  the  phase  angle  error.  The  results  are  shown  for  the  case  of 
forty  spectral  estimates  (m  =  40 )  over  the  frequency  range.  For  smaller 
values  of  m,  the  statistical  reliability  is  increased.  Examination  of.  Figure 
7  indicates  that  statistical  reliability  increases  with  increasing  sample 
size  and  increasing  coherency.  For  a  given  level  of  reliability  the  sample 
size  required  increases  rapidly  as  coherency  is  reduced.  For  example,  as 
indicated  by  the  dashed  lines  in  the  figures,  for  a  20-percent  reliability  in 
amplitude,  the  sample  size  increases  from  350  at  y  2  »  .9  to  roughly  800  at 

y^  »  .75  and  about  2000  at  =  .50.  It  is  thus  clear  that  relatively 

high  levels  of  coherency  are  desirable  in  the  interests  of  statistical  re¬ 
liability. 


Data  Reduction  Considerations. 
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In  the  application  of  the  foregoing  techniques  to  frequency  response 
estimation,  considerable  care  is  required  in  the  selection  of  sample  sizes 
and  in  the  data  reduction  procedures.  These  procedures  are  discussed  in 

detail  in  Reference  1  and  are  based  on  results  reported  in  References  2  and  3. 

A  few  comments  appear  warranted  here. 

In  general,  the  data  analysis  can  proceed  by  digital  or  analog  techniques. 
Only  the  digital  approach  will  be  discussed  although  similar  considerations 
apply  to  the  analog  case.  In  the  digital  case,  time  history  measurements 
are  first  converted  to  a  sequence  of  successive  readings  taken  at  equally  spaced 
intervals  of  time.  The  significant  data  reduction  considerations  are  summarized 
in  Figure  8.  The  time  interval  between  readings  At  and  the  number  of  readings 
N  define  the  sample  time  duration  T,  The  choice  of  these  two  quantities, 

At  and  N,  are  quite  important  in  practice  and  strongly  affect  the  reliabili¬ 
ty  of  the  results  obtained. 

The  choice  of  the  appropriate  reading  interval  At  in  any  application 
depends  upon  the  highest  frequency  of  interest.  As  indicated  on  Figure  8 


ky„Y.' 

kV-W* 

£>-vw. 


537 


response  functions. 


SAMPLE  LENGTH,  T  =  AtN 
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where  f0  may  he  considered  the  highest  frequency  of  interest.  However,  if 
appreciable  power  exists  in  any  of  the  signals  at  higher  frequencies,  pre¬ 
cautions  are  necessary  to  prevent  adverse  effects.  Specifically,  power  at 
frequencies  above  f0  tends  to  "fold over"  in  such  digital  calculations  and 
show  up  as  spurious  power  at  related  frequencies  below  f0.  For  example, 
power  at  f0+f-j  will  show  up  at  f0-f •] .  Such  adverse  effects  can  normally  be 
avoided  by  filtering  out  the  higher  frequency  content  in  the  records  before 
computing  the  power  spectrum.  In  addition,  if  the  power  spectra  are  not  very 
flat,  it  is  frequently  advisable  to  transform  the  time  history  by  an  appro- 
priate  linear  operation  to  achieve  a  flatter  spectrum.  This  operation  has 
been  termed  "prewhitening"  by  Tukey.  The  usual  digital  computational  sequence 
of  auto-correlation  function  and  power  spectra  determination  and  frequency 
response  estimation  is  then  performed.  Appropriate  compensation  for  any 
prefiltering  and  prewhitening  must  be  included. 

The  number  of  readings  N  required  in  a  given  application,  as  indicated 
on  Figure  8,  depends  upon  three  factors: 

(a)  The  frequency  resolution  desired 

(b)  The  coherency  level  y  ^ 

(c)  The  statistical  reliability  desired 

Inasmuch  as  estimates  obtained  from  finite  data  of  power  spectra  and,  in  turn, 
frequency  response  functions,  are  at  best  averages  over  frequency  band  widths, 
some  degree  of  "smearing"  is  unavoidable.  The  wider  the  averaging  band  width, 
the  better,  the  statistical  reliability  but  the  lower  the  resolution.  Thus 
in  practice  a  compromise  is  necessary.  The  effective  averaging  band  width 
A  f  can  be  approximately  expressed  as 

A  f  =  !£° 

m 

where  m  is  the  number  of  estimates  obtained  in  the  digital  calculation  over 
the  frequency  band  0  to  fQ  as  indicated  by  the  sketch  on  the  upper  right  of 
Figure  8.  The  quantity Af  is  thus  simply  twice  the  frequency  interval  between 
the  successive  estimates.  The  ohoice  of  m  in  the  calculation  thus  determines 
A  f  and  the  frequency  resolution  that  is  obtained.  Peaks  in  power  of  width 
A  f  will  certainly  be  obscured. 

The  specification  of  the  resolution  desired  A  f  or  m  permits  the  choice 
of  the  required  number  of  readings  N.  This  choice  is  then  based  on  the  co¬ 
herency  level  and  the  desired  statistical  reliability  from  charts  such  as 
Figure  7. 

In  order  to  indicate  the  levels  of  sample  size  and  statistical  reliability 
that  may  be  achieved  in  practice,  the  results  obtained  for  an  example  are  shown 
on  the  lower  right  of  Figure  8,  The  values  of  N,  A  f  and  y  2  chosen  are 
representative  of  values  that  were  employed.  The  reliability  of  the  results 
in  terms  of  the  90  percent  confidence  bands  are  i  15  percent  for  the  amplitude 
of  the  frequency  response  function  and  +  9  degrees  for  the  phase  angle.  These 
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provide  very  satisfactory  levels  of  precision  for  most  practical  purposes 


If  the  coherency  levels,  are  high,  the  estimates  of  frequency  response 
function  are  generally  very  reliable  and  in  fact  on  a  relative  basis  are  even 
more  reliable  than  the  estimates  of  the  individual  power  spectre,.  This  con¬ 
dition  contributes  to  making  the  present  techniques  particularly  useful  in 
practice. 


ILLUSTRATIVE  RESULTS 

In  the  interest  of  concreteness,  several  examples  of  the  results  from 
the  B-47  airplane  gust  response  study  will  be  presented  briefly.  Most  of 
these  results  are  discussed  in  further  detail  in  reference  1. 

Figure  9  shows  the  estimates  obtained  for  the  amplitude  of  the  root 
bending  strain  response  as  obtained  by  the  two  methods  —  spectrum  and  cross 
spectrum  methods.  Also  shown  in  the  lov/er  figure  is  the  associated  coherency 
function  which  varied  between  about  .6  to  almost  1  over  the  frequency  range  ' 
from  about  .2?  cycles  per  second  to  almost  1.75  cycles  per  second.  Above  that 
value  it  dropped  off  rapidly.  The  frequency  response  estimates  obtained  with 
the  two  methods  are  reasonably  consistent  below  1 .75  cycles  per  second,  the 
differences  essentially  arising  from  the  differing  distortion  effects  associ¬ 
ated  with  the  coherency  reduction.  At  2  cycles  per  second  and  higher  the 
results  differ  widely  reflecting  the  very  low  coherency  and  in  fact,  the  un¬ 
reliable  nature  of  the  results  in  this  region. 

Figure  10  illustrates  the  spanwise  variation  in  the  effects  of  flexibility 
on  the  strains.  Frequency  response  functions  are  shown  for  various  spanwise 
positions  y/-|-  .  Also  shown  is  a  reference  curve  based  on  the  airplane  cen- 

ter-of-gravity  acceleration.  For  this  comparison,  all  the  results  are  shown 
in  terms  of  the  equivalent  acceleration  at  the  various  spanwise  positions. 

The  results  indicate  the  pronounced  effects  of  the  first  mode  in  bending  at 
about  1.5  cycles  per  second  on  the  frequency  response  functions  and  In  par¬ 
ticular  the  increasing  amplification  as  we  move  outboard  on  the  wing. 

Perhaps  the  most  important  results  obtained  from  the  application  of  the 
present  techniques  are  experimental  measurements  that  are  independent  of  the 
disturbance  input  and  are  suitable  for  direct  comparisons  with  calculations. 
Figure  11  shows  such  a  comparison  for  the  measured  and  calculated  cencer-of- 
gravity  acceleration  for  the  B-47  airplane.  In  general  the  agreement  between 
the  calculations  and  measurements  are  reasonably  good.  Perhaps  the  most 
serious  discrepancy  is  in  the  difference  in  frequency  of  the  first  mode  in 
wing  bending  between  the  measured  and  calculated  results.  The  calculations 
show  the  first  mode  peak  at  about  1,3  cycles  per  second,  while  the  measurements 
indicate  first  mode  at  somewhat  higher  frequency.  Such  comparisons  provide  a 
basis  for  a  detailed  evaluation  of  the  analytic  technology  and  for  its  improve¬ 
ment. 


CONCLUDING  REMARKS 


The  present  paper  has  served  to  outline  methods  for  determining  frequency 
response  functions  to  gust  disturbances  from  flight  measurements  in  rough  air. 
The  power  spectral  techniques  outlined  are  straightforward  in  application  but 
require  considerable  care  in  data  reduction  and  in  interpretation  of  results. 


m 


r.' s 


Particular  attention  is  required  in  order  to  account  for  the  effects  of  ex¬ 
traneous  noises.  Illustrative  results  obtained  in  the  application  of  these 
methods  have  also  been  presented.  The  significant  conclusion  reached  is  that 
reliable  estimates  of  the  frequency  response  functions  can  be  obtained  from 
flight  test  data.  The  methods  also  appear  applicable  to  other  response  problems 
involving  random  type  disturbances. 
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DATA  COLLECTION  AND  ANALYSIS  SYSTEMS 
FOR  THE  B -66  GUST  SURVEY  PROJECT 

By 

C.  E.  Pettingall 

Douglas  Aircraft  Company,  Inc. 

Santa  Monica,  California 


The  Douglas  Aircraft  Company  is  currently  engaged  in 
conducting  a  low  level  turbulence  survey  project  utilizing  a 
B-66  airplane  equipped  with  gust  sensory  and  airplane  response 
instrumentation.  The  data  is  being  recorded  by  means  of  a 
standard  frequency  modulated  airborne  tape  recording  system. 

The  airborne  tapes  are  converted  after  flight  to  IBM  digital 
format  using  a  Douglas  FM  to  digital  tape  data  reduction 
facility.  Because  of  limitations  experienced  with  the  FM 
system,  consideration  is  being  given  to  application  of  an 
airborne  digital  magnetic  tape  recorder  and  a  simplified  flight 
tape  to  computer  tape  conversion  system  to  the  project.  Com¬ 
parisons  of  the  two  data  recording  and  recovery  systems  will  be 
made  as  applied  to  collection  and  analysis  of  atmospheric  gust 
and  airplane  response  data. 

TEST  PROGRAM  OBJECTIVES 

The  low  level  turbulence  program  is  designed  to  sample  and  reduce 
to  useable  form  the  statistical  representations  of  the  gust  intensity 
and  frequency  distribution.  Turbulence  characteristic  of  different  kinds 
of  terrain,  terrain  surface  contour,  surface  winds,  weather,  atmospheric 
temperature  gradients  and  other  conditioning  factors  are  to  be  determined. 
The  B-66,  as  a  probing  device,  has  been  instrumentated  and  programmed  to 
sample  turbulence  over  terrain  of  the  Continental  United  States  by  making 
sampling  runs  as  indicated  on  figures  1  and  2. 
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In  addition,  the  aircraft  is  equipped  with  aircraft  response 
instrumentation  capable  of  defining  linear  and  angular  accelerations, 
velocities,  and  displacements  as  well  as  structural  loads  and  motions 
of  the  primary  aerodynamic  controls. 

Instrumentation  is  also  provided  to  measure  the  pilot’s  environ¬ 
ment  and  reactions. 

GUST  SENSING 

A  differential  pressure  head  attached  to  a  rigid  boom  mounted  on 
the  radome  nose  of  the  B -66  provides  the  prime  gust  imput  source.  (See 
figures  3  to  6)  The  five  probe  differential  pressure  sensor  furnishes 
pressures  proportional  to  angle  of  attack,  sideslip,  airspeed  and  static 
pressure.  Accelerometers  also  are  installed  in  the  head  assembly  for 
measuring  acceleration  at  the  point  of  sensing  the'  freestream  velocities 
and  direction. 

The  most  important  single  measurement  to  be  made  from  an  aircraft 
in  determination  of  atmospheric  gust  intensity  is  the  velocity  and 
direction  of  the  airstream  relative  to  the  aircraft  as  a  function  of 
time.  The  five  probe  sensor  offers  several  advantages  in  making  this 
measurement  among  which  are: 

1)  high  gain 

2)  good  stability 

3)  all  measurements  required  can  be  made  in  a  small  local 
region  undisturbed  by  aircraft  induced  flow  effects 

4)  good  frequency  response 

5)  known  calibration  characteristics 

The  gain  of  the  sensing  head  in  terms  of  differential  press  lire  output 
vs.  angle  of  attack  input  is  shovn  in  figure  7* 

(page  2  of  19) 
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Since  there  are  no  moving  parts  in  the  head, the  stability  of  the 
calibration  is  constant.  The  physical  arrangement  of  the  head  allows 
angle  of  attack,  sideslip,  dynamic  pressure,  static  pressure  and  accel¬ 
eration  to  be  made  within  a  small  region  at  the  end  of  the  nose  boom 
ahead  of  airplane  interference  effects  as  proven  by  in  flight  position 
error  determination.  The  head  configuration  allows  for  incorporation 
of  the  required  pressure  transducers  and  connecting  tubing  in  an  arrange¬ 
ment  that  minimizes  pneumatic  lag.  Burst  test  designed  to  check  internal 
piping  frequency  characteristics  evidenced  natural  frequencies  well  over 
100  cps,  and  oscillatory  tests  conducted  on  a  head  and  boom  assembly 
rotated  in  pitch  through  a  frequency  range  determined  the  effects  of  high 
accelerations  and  aerodynamic  lag  to  be  negligible.  Acceleration  was 
checked  from-7  to  7  g  and  aerodynamic  lag  was  found  to  be  of  the  order 
of  .001  second  for  frequencies  below  20  cps.  Aerodynamic  attenuation  of 
angle  of  attack  was  found  to  be  2#  at  15  cps  and  4$  at  20  cps. 

The  boom  natural  bending  frequency  as  installed  is  16.5  cps  and 
bending  corrections  to  angle  of  attack  have  been  found  to  be  negligible 
as  measured  by  data  from  a  boom  mounted  strain  gage  amplifier.  Boom 
translation  can  be  directly  determined  by  the  tip  accelerometer. 

AIRPLANE  MOTIONS 

When  gusts  are  sensed  from  a  moving  platform,  such  as  an  airplane, 
it  is  necessary  to  remove  from  the  apparent  gust  angle  Increments  due  to 
airflow  magnitude  and  angle  change  resulting  from  platform  rotational 
and  translational  deviations  from  constant  speed, straight,  undisturbed 
flight.  In  the  case  of  the  B -66  platform,  rotations  and  translational 
velocity  changes  are  detected  by  accelerometers,  rate  gyros  and  attitude 
gyro  instruments.  It  is  in  this  area  that  the  greatest  measurement 
difficulty  has  been  experienced,  particularly  at  the  low  frequencies 
characteristic  of  long  wave  length  gusts.  Very  sensitive  and  stable  gyros 
and  accelerometers  are  needed.  The  accuracy  and  resolution  requirements 
are  such  that  it  has  been  found  most  difficult  to  determine  sensor  cali¬ 
bration  characteristics  using  commonly  available  instrument  laboratory 
calibration  fixtures  and  methods.  In  order  to  measure  these  motions 


555 


more  accurately  consideration  is  being  given  to  the  installation  of  a 
high  quality  stable  platform  in  the  B-66  from  which  it  will  be  practical 
to  establish  more  precisely  angular  deviations  and  accelerations  for  the 
lov  frequency  spectrum.  The  table  being  considered  has  a  characteristic 
drift  rate  of  less  than  two  degrees  per  hour.  To  simplify  the  data 
recording  and  analysis  program  two  survey  airspeeds  have  been  selected 
for  use  on  the  program,  280  and  36 0  knots.  The  lower  of  these  speeds 
favors  obtaining  well  defined  high  frequency  or  short  wave  length  gusts, 
and  the  higher  provides  a  more  stable  airplane  platform  and  more  favor¬ 
able  angle  of  attack  and  sideslip  gains  for  defining  the  low  frequency 
information. 

ATMOSPHERIC  SAMPLING 

Sampling  runs  have  been  made  at  average  terrain  clearances  of  200, 
400  and  600  feet.  Two  independent  methods  are  employed  to  determine 
height  above  the  ground  employing  APN-22  and  APN-1  radars.  The  tempera¬ 
ture  lapse  rate  with  height,  wind  speed  and  direction,  and  meteorological 
conditions  such  as  cloud  coverage.,  season,  etc.  are  recorded  at  the  time 
of  the  run  and  for  the  track  locations. 

HUMAN  FACTORS 

One  oscillograph  and  three  cameras  are  used  to  record  pertinent 
human  factors  information.  Three  axis  accelerometers  are  attached  to 
the  pilot’s  seat  and  to  two  locations  on  the  pilot’s  body  to  determine 
his  motions.  The  pilot's  control  forces  and  the  aircraft’s  control 
positions  are  also  recorded.  Two  cameras  record  the  pilot's  face  and 
his  forward  field  of  view,  and  a  third  his  head,  shoulders  and  the 
aircraft  control  wheel. 

DATA  RECORDING 

A  FM  magnetic  tape  system  is  used  for  recording  the  basic  gust 
parameters.  Fourteen  information  items  plus  a  14.5  KC  wow  and  flutter 
compensation  signal  coming  from  a  0.02$  crystal  controlled  oscillator 
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are  recorded  on  five  magnetic  tape  tracks  of  an  Amp ex  Tape  Series  "800" 
recorder  utilizing  Bendix  TOR-7  Oscillators.  A  sub-carrier  full  scale 
frequency  deviation  of  7.5$  is  used.  Sub-carrier  frequencies  utilized 
vary  from  2.3  to  7*35  XC.  Among  the  items  recorded  are  speed  lock  and 
time  code.  The  sensed  items  recorded  and  recording  arrangement  is 
shown  on  figure  8. 

The  airborne  EM  tape  record  is  calibrated  prior  to  and  after  flight 
by.  adjusting  each  sub-carrier  oscillator  to  a  known  balance  and  calibra¬ 
tion  condition. 

A  magnetic  tape  record  of  375  feet  length  is  made  of  each  gust 
run  accumulating  approximately  2300  feet  of  record  for  each  flight. 

After  flight  the  tape  is  played  back  on  an  Ampex  FR  114  tape  reproducer 
driving  EMR  discriminators  equipped  with  Gaussian  output  filters  which 
cut  off  at  45  cps  and  attenuate  at  a  rate  of  48  db/octave  before  the 
signals  are  switched  by  an  Epsco  multiplexer.  This  multiplexer  is 
equipped  with  a  sample  and  hold  feature  which  takes  a  one  microsecond 
slice  of  all  functions  simultaneously  and  stores  the  information  on 
capacitors.  The  data  on  the  capacitors  are  then  read  out  sequentially 
to  the  analog  to  digital  converter  which  requires  23  microseconds  for 
each  information  channel  conversion. 

The  data  from  the  A/D  converter  are  output  into  a  format  control 
and  buffer;  from  the  buffer  the  data  are  loaded  onto  tape  in  IBM  727 
form  suitable  for  loading  an  IBM  704  computer.  Once  the  data  is 
recorded  on  the  IBM  tape  it  may  be  reduced  by  a  Preliminary  Processing 
Program  to  a  form  that  will  allow  further  analysis  by  Computer  Analysis 
Programs  to  power  spectra  and  other  forms  useful  for  data  interpretation 
and  presentation. 


INSTRUMENTATION  CHECKS  -  ANALOG  SYSTEM 

Because  of  the  complexity  of  the  data  gathering,  reduction  and 
analysis  programs  it  was  found  difficult  to  pinpoint  error  sources  in 
the  system.  To  establish  that  the  overall  system  was  operating  properly 


it  was  decided  to  insert  known  signals  at  various  stages  and  check 
output.  Also  it  was  decided  to  pin  down  more  exactly  sensor  character¬ 
istics  such  as, 


threshold 
linearity 
frequency  response 
cross -coupling  effects 
noise 

Additional  thought  was  given  to  the  frequency  range  of  the  measure¬ 
ments  as  they  related  to  program  objectives.  In  the  following  discussion 
some  of  the  detailed  checks  of  the  analog  recording  system  and  sensors 
are  reviewed. 

Boom  Angle  of  Attack  -  2.5  psi  differential  pressure  transducer 
type  821V5  (double  diaphragm)  manufactured  by  Consolidated 
Electrodynamics  Corp. 

1.  Burst  tests  were  performed  with  a  Wianco  tester  to 
determine  transducer  and  connecting  tubing  response. 
The  natural  frequency  was  d"=  r  lined  to  be  320  cps 
with  0.3  critical  damping.  Frequency  response 
flat  within  +1$  to  32  cps.  Phase  shift  3  degrees  at 
32  cps . 

Airplane  Pitch  Angle  -  +10  degrees  attitude  gyro  type  XJG 
7044A35  manufacture^"  by "Minneapolis -Honeywell. 

1.  A  st.-  ;ic  drift  check  showed  from  2  to  3°  drift 
possible  during  a  5  minute  gust  run. 

2.  P  linearity  calibration  showed  linearity  deviations 
to  be  less  than  0.1  degrees. 
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Boom  Vertical  Acceleration  -  +6  g  accelerometer  type  A43- 
6-350  manufactured  "by  Stathem.  " 

1.  Low  level, low  frequency  response  tests  have  "been 
unsuccessful  to  date  because  of  lack  of  precision 
calibration  equipment.  With  existing  equipment 
the  attenuation  of  the  accelerometers  was  found  to 
be  less  than  3$  from  0  to  2  cps. 

Airplane  Forward  Velocity  -  +2.5  psi  differential  pressure 
transducer  type  E-J231TC-2.5-350  manufactured  by  C.E.C. 

1.  Burst  tests  conducted  to  establish  frequency 

response  of  transducer  and  connecting  lines  showed 
the  total  pressure  port  to  have  a  natural  frequency 
of  490  cps  with  a  critical  damping  factor.  Flat 
response  within  +1$  was  49  cps.  Static  pressure 
port  checks  indicated  a  natural  frequency  of  46o 
cps,  0.5  critical  damping,  flat  response  within 
+1$  to  46  cps  and  phase  shift  of  6°at  46  cps. 

The  above  mentioned  items  constitute  the  important  sensed  measure¬ 
ments  for  determining  the  vertical  gust  increment. 

FM  SYSTEM  RESPONSE 

The  FM  recording  system  elements  were  checked  as  follows: 


Bendlx  Sub-carrier  Oscillators  -  (Model  TOR-7)  and  EMR 
Discrimina^ 

1.  Drift  (at  20°C)  was  less  than  0.2$  of  the  total 
bandwidth.  Five  sets  of  oscillators  and  discrim¬ 
inators  (2.3,  3.0,  3.9,  5*4  and  7.35  KC)  were 
tested  for  20  minutes. 


Oscillator  phase  shift  and  attenuation  tests  have  "been  performed 
hut  results  are  not  complete  at  this  writing. 

Discriminator  noise  tests  have  been  accomplished  and  noise  levels 
have  been  determined  in  terms  of  counts  out  of  a  possible  full  scale 
value  of  1023  as  follows: 

minimum  3  counts 
maximum  25  counts 

To  maintain  the  discriminators  at  a  noise  level  of  10  counts 
requires  extreme  care  in  the  setting  up  of  tape  speed  compensation  - 
a  manual  operation  for  each  data  conversion  run. 

A  series  of  tests  accomplished  on  the  FM  to  digital  data  reduction 
station  have  shown  that  the  noise  in  the  overall  system  including  a 
typical  airborne  recording  is  approximately  1#  of  full  scale  when  wow 
and  flutter  compensation  are  used.  This  overall  check  indicated  a  drift 
of  0.2$  for  the  ground  station.  Errors  of  the  airborne  system  due  to 
common  mode  noise,  no;.. -linearity,  gain  drift,  zero  drift,  and  cross  talk 
have  not  been  determined.  Tests  for  these  errors  combined  with  the 
oscillator  frequency  response  tests  are  necessary  before  the  overall 
accuracy  of  the  FM  data  gathered  to  date  can  be  established. 

The  FM  system  discriminators  are  equipped  with  Gaussian  type  output 
filter  of  the  same  type  of  frequency  cut-off  to  avoid  relative  phase 
shifting  between  data  channels.  The  following  filter  requirements  were 
considered: 


1)  filter  must  have  a  cut-off  frequency  less  than  the 
maximum  intelligence  frequency  of  the  lowest 
frequency  discriminator  in  order  to  be  compatible 
with  tape  speed  compensation  requirements. 

2)  the  filter  must  have  a  rapid  cut-off  at  one-half 
the  digital  sampling  frequency  to  prevent  fold 


back  of  data. 


A  partial  I'M  system  response  test  has  been  performed  by  inserting 
square  wave  signals  into  a  voltage  control  oscillator  directly  feeding 
a  discriminator  which  was  connected  into  the  FM  digital  conversion 
system.  After  conversion  to  IBM  digital  tape  the  information  was 
processed  by  the  IBM  704  preliminary  data  processing  and  analysis  pro¬ 
grams  to  power  spectrum  form.  The  spectrum  was  then  compared  with  the 
analytical  representation  of  the  input.  (See  figure  9)  The  check 
indicated  a  faithful  reproduction  of  the  input.  Additional  checks  of 
this  type  involving  resistance  controlled  oscillators  and  the  airborne 
and  ground  tape  recorder  -  reproducer  system  have  not  been  made.  The 
noise  contribution  due  to  tape  speed  errors  is  not  known,  although 
signal  amplitude  errors  are  partially  corrected  by  the  Ik. 5  KC  tape 
speed  compensation  system. 

DIGITAL  DATA  RECORDING  SYSTEM 

To  avoid  the  possible  contamination  of  the  recorded  data  usinf  a 
frequency  modulated  recording  system,  it  has  been  decided  to  replace 
the  airboi-ne  and  ground  data  recording  and  reduction  FM  systems  with 
a  digital  system.  The  digital  system  will  prevent  contamination 
possible  in  drifting  of  oscillators,  discriminators,  variations  in 
tape  speed  and  malfunctions  of  tape  speed  compensation  systems.  The  * 
digital  system  will  also  permit  recording  of  data  in  flight  in  a  form 
whose  accuracy  cannot  be  destroyed  by  human  operator  error  as  may 
happen  when  discriminator  and  tape  speed  compensator  adjustments  are 
made.  The  particular  variety  of  digital  system  proposed  will  also 
permit  periodic  5  point  system  calibration  as  required  throughout  the 
flight  in  addition  to  the  pre-  and  post  flight  calibration  usually 
performed.  This  calibration  procedure  is  of  a  type  that  permits  compen¬ 
sation  for  any  drifting  of  transducer  power  supplies  that  may  be  exper¬ 
ienced,  or  for  changes  in  system  gain. 

DIGITAL  SYSTEM  DESCRIPTION  (See  figure  10) 

The  sensor  signal  is  taken  at  low  level  into  a  balance  and  normal- 
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izing  network  where  the  full  scale  signal  can  "be  attenuated  to  +10  MV. 
The  signal  is  then  passed  through  a  filter  to  a  combination  DG  chopper  - 
A.C.  amplifier  where  the  full  scale  signal  level  is  set  to  +5  V.  (See 
figure  11)  After  amplification  the  signal  passes  through  a"multiplexer 
where  the  signal  is  sampled  500  times  per  second  for  presentation  to  an 
analog -digital  converter.  From  the  analog -digital  converter  the  digital 
signal  is  recorded  'on  magnetic  tape. 

The  processing  of  the  flight  digital  tape  into  IBM  727  tape  for 
704  computer  processing  follows  a  procedure  similar  in  nature  to  that 
used  for  the  FM  system  described  earlier,  once  the  FM  information  has 
been  converted  to  digital  form.  However,  the  ground  equipment  required 
is  considerably  reduced  in  complexity  and  number  of  units  since  the  FM 
tape  processing  functions  are  not  required. 

A  comparison  of  the  number  of  steps  required  to  convert  the  sensed 
data  to  digital  form  for  the  digital  (PCM/FM)  and  FM  systems  is  shown 
in  figure  12.  The  drastic  simplification  of  the  data  processing  by  the 
digital  system  is  evident. 

All  data  contamination  that  takes  place  in  the  digital  system 
must  take  place  during  the  processing  of  the  analog  signal  up  to  and 
partially  through  the  analog -digital  converter.  In  recognition  of  this 
great  care  was  taken  in  the  techniques  and  devices  used  in  this  end  of 
the  system. 

In  the  airborne  digital  system  a  sample  and  hold  stage  is  not  used 
since  each  information  channel  is  sampled  500  times  per  second.  The 
elimination  of  this  device  avoids  an  error  source  estimated  at  0.2$ 
from  capacitor  leakage  and ' additional  switching  noise. 

To  avoid  sampling  noise  a  filter  is  combined  with  each  input 
amplifier  which  attenuates  approximately  45  db  at  250  cps  (the  Nyquist 
frequency).  The  attenuation  and  phase  shift  characteristics  versus 
frequency  are  shown  in  figures  13  and  14. 
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Another  filter  will  he  used  before  switching  during  the  gust 
program  since  most  data  of  interest  are  below  10  eps  arid  it  is 
intended  to  edit  the  data  tape  at  25  times  per  second.  To  prevent 
contamination  of  data  above  the  Nyquist  frequency  of  12.5  eps  a 
filter  will  be  used  with  an  attenuation  of  25  db  at  12-|  cps.  A  linear 
filter  which  starts  to  roll  off  at  8  cps  and  falls  off  at  42  db  per 
octave  will  meet  this  requirement. 

Another  insidious  source  of  error  in  data  recording  is  that  due 
to  timing.  In  the  FM  system  time  is  controlled  by  speed  lock  which 
allows  the  playback  tape  recorder  to  be  compensated  for  time  shifts 
in  the  flight  recorded  tape  up  to  one  cycle  per  second  frequency. 
Otherwise  the  lapse  of  flight  time  is  not  preserved  throughout  the 
system.  The  multiplexer  of  the  ground  digital  conversion  driven  by 
a  crystal  controlled  oscillator  generates  the  time  interval  which 
subsequently  appears  on  the  IBM  converted  data.  Any  difference  in 
time  between  the  FM  tape  playback  and  the  multiplexer  oscillator  will 
be  reflected  as  an  uncorrected  data  frequency  distortion.  The  use  of 
the  time  code  generator  1  second,  l/lQth  second  and  l/lOOOth.  second 
time  pulses  permit  a  qualitative  indication  of  time  phase  errors  but 
no  automatic  correction  procedure  using  this  information  has  been  t 
employed  to  date. 

In  the  digital  airborne  system  a  precision  temperature  controlled 
crystal  acts  as  the  basic  source  of  time  for  the  program  control  which 
in  turn  controls  the  time  code  generator,  multiplexer  and  analog- 
digital  converter.  Each  tape  recorded  word  of  a  data  frame  is  put 
down  in  a  precisely  established  timed  sequence  and  two  data  words  of 
each  frame  from  the  time  code  generator  are  used  for  time  identification. 
Therefore,  in  the  case  of  the  digital  system,  the  edited  IBM  data  can 
recover  the  flight  recorded  data  in  exact  timed  sequence  and  also 
recover  the  time  identification  of  each  frame  as  written  in  flight.  No 
intermediate  processing  time  variations,  as  for  example  tape  recorder 
or  reproducer  speed  variations,  can  have  any  effect  on  the  data  time 
accuracy. 
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INSTRUMENTATION  CHECKS  -  DIGITAL  SYSTEM 


Extensive  laboratory  and  flight  accuracy  and  reliability  tests 
have  been  made  on  the  digital  system  proposed  for  the  gust  program. 

The  error  sources  of  prime  importance  to  this  program  are  summarized 
and  evaluated  in  the  following  discussion: 

1.  Repeatability  error:  A  stability  error  and  a  measure 
of  the  system's  ability  to  maintain  a  constant  output 
for  a  constant  input.  This  error  was  statistically 
determined  from  29*881  measurements  made  during  flight 
using  six  prime  channels.  The  mean  error  determined 
was  2  counts  with  a  range  from  1  to  4  counts. 

2.  Linearity:  The  system  linearity  of  output  to  input  over 
full  scale  range  was  2.2  counts. 

3*  Gain  and  zero  adjustment  drift:  Zero  drifted  1.6  counts 
in  two  hours;  Gain  drifted  less  than  1  count  in  two  hours. 

4.  Cross  talk:  No  cross  talk  was  measureable  in  prime 

channels  that  will  be  used  in  the  gust  programs.  Cross 
talk  was  checked  by  driving  one  input  channel  to  full 
scale  at  frequencies  from  1  to  100  cps  while  monitoring 
an  adjacent  channel. 

5-  Common  mode:  Common  mode  rejection  tests  were  performed 
with  D.C.,  90  cps,  and  400  cps  A.C.  common  mode  voltages 
at  0.5,  1,  5*  and  10  volts  level.  No  error  was  evident 
for  D.C.  voltage;  at  400  cps  1  count  was  determined,  and 
at  90  cps  2  counts  were  determined  for  5  volts. 

6.  Frequency  response:  Frequency  response  was  checked  from 
0  to  50  cps  by  driving  several  input  channels  with  a 
common  signal  generator.  Sinusoidal  and  ramp  function 
wave  shapes  were  used,  the  ramp  being  primarily  useful  to 
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detect  phase  shift  and  the  sinusoid  to  determine  amplitude 
ratio  of  input  to  output.  Figures  13  and  14  show  the 
amplitude  variation  and  phase  shift  characteristics  of 
interest.  The  attenuation  of  the  system  is  5#  at  10  cps 
and  the  phase  shift  is  linear  from  0  to  10  cps.  Typical 
time  histories  of  checks  at  1  and  10  cps  are  shown  in 
figures  15  and  l6.  By  means  of  these  types  of  curves  and 
computed  digital  data  it  has  "been  determined  that  reproduc¬ 
ibility  of  results  channel  to  channel  is  within  5  degrees 
in  phase  angle  and  3#  in  amplitude  ratio  through  10  cps. 

If  an  R.M.S.  sum  of  the  errors  listed  above  are  made  the  overall 
digital  system  accuracy  appears  as  follow: 

System  Error  =»  /^(Characteristic  Errors)2 
Characteristic  Errors: 


Repeatability 
Linearity 
Zero  Stability 
Gain  Stability 
Cross  Talk 
Common  Mode 

400  cps 
90  cps 

System  Error 


=  2.0  counts 
«  2.2  counts 
=  1.6  counts 
*  1.0  counts 
**  0.0  counts 
(5  Volts) 

**  1.0  counts 
=  2.0  counts 

=  4.17  counts 
or  0.42# 
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COMPARISON  OF  EFFECTS  OF  ERRORS 

As  stated  previously  10  counts  of  noise  can  be  achieved  with  the 
FM  system  if  great  care  is  taken  with  discriminator  and  tape  speed 
compensation  adjustment.  The  expected  total  error  of  the  digital 
system  appears  to  be  slightly  in  excess  of  4  counts.  The  effects  of 
this  error  or  "noise"  in  the  measurement  system  can  be  illustrated  by 
cxaming  the  effects  on  the  vertical  gust  power  spectrum  of  recording 
noise  as  it  affects  the  pitch  and  angle  of  attack  terms  contribution 
to  the  spectrum.  20  counts  of  noise  in  the  pitch  term  produces  a 
power  three  times  as  great  as  the  vertical  gust  power.  2  counts  of 
noise  produces  a  power  between  l/lOO  and  1/1000  of  the  vertical  gust 
power.  20  counts  of  noise  in  the  angle  of  attack  term  produces  a 
noise  approximately  l/lO  of  the  value  of  the  gust  power,  and  2  counts 
of  noise  produces  a  power  between  1/1000  and  l/lOOOO  the  gust  power. 
Because  of  this  the  importance  of  maintaining  recording  system  noise 
power  at  low  levels  is  evident. 

NEW  SENSORY  INSTRUMENTATION 

When  the  digital  system  is  installed  in  the  B -65  it  is  intended 
to  change  the  sensors  as  shown  by  figures  17  and  l8.  Additional 
changes  in  the  sensor  instrumentation  are  planned  if  it  is  found  that 
the  stable  platfoim  can  be  adapted  to  the  aircraft.  From  the  changes 
shown  improvement  in  sensor  range  and  accuracy  is  evident  for  the 
important  gust  parameters. 

PRELIMINARY  PROCESSING  PROGRAM 

A  graphical  flow  diagram  of  the  preliminary  processing  program  is 
shown  in  figure  1 $  for  the  FIM  and  Digital  data  handling  system.  One 
important  difference  between  the  two  programs  is  the  calibration  pro¬ 
cedure.  The  ADHS  program  permits  a  five  point  calibration  permitting 
zero  adjustment,  gain  adjustment,  and  linearization  to  be  performed 
as  needed  throughout  the  flight.  The  FM  calibration  is  made  before 
or  after  flight  and  is  made  only  at  two  conditions,  zero  and  in  the 
range  of  50  to  80  percent  of  full  scale. 
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18  Pressure  Alt  (Alt)Statham  0  -  15PSIA  Oscil  Oscil  Radome 

19  Diff  Pres  Alt  Statham  +1  PSID  Oscil  Oscil  Radome 

20  Grd  Clearance  Sylvania  0  -  lOOOFt  Oscil  Oscil 


bO 

<n  S 

C\J  CO 

ft  ft  o 


«*  e 

cp  cv  co  /-n  in  /— \  in  co 

ft  o  ft  ft  o  o  o  o  ft 

mo  m  o  m  o 
moomooo  o  m 

CVoof\Jooo  o  c V 

O - '  O  N-^  •  _✓  N_X  V /  O 

•  o  o 

^  O  1 — '  O  VS  O  >5  — - 

^  m  5S  ^  mSSmm 
^.00^5.000  O 

f“l  •  •  i — |  o  o  •  *rH 


bO 

/-s 

. — s 

O 

o 

o 

m 

© 

© 

Q) 

o 

m 

w 

CO 

o 

> 

\ 

\ 

o 

0 

o 

m 

^n 

o 

irv 

H 

iH 

H 

»  w  V  *  4 

VC  Vi.  V_X  W  w  V_, 

??sssss 


✓-» 

CO  o 

a.  h 

•— n  /— n  n  m 

bO  bo  ft  m  cl,  fh 

O  rH  lx* 

>Q  VO  C\i  O  H 

O  O  •  O  O 

•  •  {<■  •  m 


Vi  H  Vi.  Vi. 

H  ®  H  m 


*  2  2  ®  S!  ^  ®  (»K 

s§§s§§§  is 
oxxoxxxx  o 

^as£S(g<g,g(g 


& 

os 

ft 

© 

© 

© 

T3 

© 

© 

X 

X 

© 

© 

X 

•g 

ft 

§ 

§ 

n 

s 

0 

B 

0 

XI 

Xl 

o 

o 

o 

ft  ' 

o 

ft 

£ 

3 

£ 

o 

ft 

o 

m 

o  a>  © 

rt  S  S 

0  o  o 

O  XX 


ft  ft  P 

co  ft  o 


ft  O  nO  ft  O  nO  O  CL, 

CVOrHCVOHO  H  N 
SriSS^Q'^So 
OOOOOOO  OO 

0  ®  o  ©  •  o  #  •• 

+  |  +|  +|  +|  +|  T|  +|  +|  +| 


O 

© 

bO  bo  to 

.  ,  o  o  \o  o 

H  r-1  O  o  O  O  O 

O  O  H  H  OJ  H  H 

O  O  O  O  O  O  O 

♦,••••  0  • 
+  1  +1  +1  +1  +1  +1  +1 


a  § 

co  a. 
a. 

.  cn  cv  p-< 

%i  g  8  E 

+*i  ‘i  +*i  +i 


ft  H  CO 

c?ds 


,  o  <o  •  o  co  m  m  i 

+)  +1  ?|  ^  ,*|  ?|  o 


m  in  o 


o 

© 

o 

© 

o 

© 

<0 

ft 

o 

8 

1 

3 

»4 

Q  O 
M  O 

CO  o 

co 

> 

> 

bO 

bO  H 

CO 

ft 

ft  H 

o 

o 

o 

m 

m  | 

m  i 

m 
+  1 

m 
+  1 

*1 

+  1 

+  1  H 

m 

H 

+*|  O 

a  “So 

Cp  CM  CO  nO 
Oh  N,  ft  cn 
mo  r-T  m 

•  m  .i 

OJ,  co  oi  cm 


bo  o  bo  m 
co  • 
ft,  ft,  rH.  <N, 


+  1+1  +1  +'l  o  V|  V|  T|  Vi 


o 

•  k 

w  o 


p 

p 

o 

n 

<13 

© 

ft 


<U  O 

i  w  o 


X  ft  Sh 


OJjOOJjP^qo 


bO  O  o  O 
©  ©  © 

^  <  <  < 

H  bO  O  O  O  bO  bO 

m  m  m 

?l  Vj  ?,  tf,  ?«,  ?,  *, 


bO  bO  I 

_  _  I  I 


|  |  S  §  g  5  ^ 

c  C  IS  (J  Ij  B) 

,5  ft  ft  ,r*  p  p 
Q  Q  O  O  O  CO  co 


,  R  5 

H  CO  H 
!  .  ft 


0*10 


•  J5  £  3 

<  P  P  > 

n3  <cJ  H 

•  P  P  l>i 

Q  CO  to  CO 


p  2 
p  p 
*3)  -H 
.  P 

«H  P 


bO  p 
C  *H 
<C  ft 


ft 

H  3 
a)  co 
o  (U 
OX© 


a)  a)  o 

o  x  o 


co 

3 

<C 

r— 

p 

p 

«H 

P 

•H 

bO 

u 

•rl 

p 

P 

c 

TJ 

© 

o 

P 

© 

P 

5 

0) 

> 

© 

P 

ft 

■© 

Q) 

© 

n 

>© 

H 

bO 

§ 

© 

w 

© 

CO 

W 

Jh 

ft 

c 

© 

0 

O 

o 

•H 

X 

<! 

>H 

X 

ft 

X 

c 

cn 

-4- 

m 

NO 

Cn- 

CO 

On 

H 

©  H 

o  a> 

o  o  a) 

«i  O  P 

t  t  $ 

©  J  X 

>  ft  O 

p 

OCX 
CO  O  ft 


s  a  s 


rH 

©  H 


<C  O 
«ai 

©  P 

©  P  3h  P 

33^ 


S  d  §  I 

©  o  o  o 
M  ft  ft  ft 


cn  -4  m  vo 
rl  n  H  H 


© 

•g 

a  p  © 

P  H  O 

3  *  s 

rl  10  (h 

•  c  ©  © 

Eh  3h  Q) 
*  ft  H 
»  CO  o 

«©  m  ft 
©  «h  tJ 
'  ^  ‘rl  H 

O  ft  Q  O 


N  CO  O'  O 
H  H  H  CV 


4 


Figure  18 
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Figure  19 


In  the  case  of  the  FM  system  the  preliminary  processing  program 
accepts  IBM  727  tape  from  the  tape  handler  of  the  ground  FM  to  digital 
converter.  The  program  then  executes  the  functions  of  data  identifica¬ 
tion,  time  selection,  calibration,  etc.  that  are  required  to  reduce 
data  in  "counts"  from  the  analog -digital  converter  to  engineering  values 
useful  in  the  subsequent  analytic  processes  or  for  print  out  for  visual 
examination. 

The  preliminary  processing  program  for  the  digital  system  accomp¬ 
lishes  the  same  results  as  above  and  in  addition  accomplishes  the  more 
sophisticated  calibration. 

ANALYSIS  PROGRAM 

Gust  Equations  Program 

The  gust  equations  program  receives  taped  data  of  each  variable 
measured  from  'the  preliminary  processing  program.  These  variables  are 
substituted  in  the  gust  equation,  and  gust  velocity  is  calculated  for 
the  three  gust  components.  The  gust  velocities  are  output  on  tape  for 
the  same  time  interval  as  the  input  data  or  in  multiples  of  that 'time 
interval. 

Spectrum  Program 

The  analysis  programs  obtain  an  estimate  of  the  power  spectrum 
density  function  of  a  stationary  stochastic  (random)  process, for  a 
sample  record  of  length  T  by  the  use  of  Tukey's  method  and  certain 
refinements  thereto. 

At  present,  the  A060  program  (see  figure  19)  handles  the  major 
portion  of  the  analysis.  It  will  eventually  be  replaced  by  a  more 
automatic  and  comprehensive  revision. 
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The  mathematics  of  spectrum  computation  "being  well  known,  no 
attempt  will  he  made  to  develop  the  theory,*  other  than  noting  that, 
in  accordance  with  data  being  processed  digitally,  the  prime  method 
of  making  the  estimates  is  the  Tukey  procedure. 

Rather,  the  purpose  here  is  to  discuss  refinements  and  additions 
made  necessary  by  particular  problems  encountered  at  Douglas  in  the 
reduction  of  time  histories.  Data  analysis  will  be  discussed  in  each 
of  it’s  seven  stages. 

First,  suppose  that  the  data  to  be  reduced  is  corrected  vertical 
gust  sampled  at  equal  time  interval  Ck  t.  This  data  is  screened  and 
corrected  for  drop  out,  either  singular  or  serial,  and  for  low  freq¬ 
uency,  long  term  trends.  An  explicit  definition  of  drop  out  is  as 
follows :  If&}is  the  original  ti*  se4uen=e,  then  let 


2 

IV.  A 

If  \i/*  >  ycc  5“  hf  -then  x.  is  considered  to  be  drop  out. 
relative  to /i.  ^  * 

(Five  is  a  standard  value  for  pi.) 

Multiple  point  drop  out  may  be  expressed  similarly.  Drift  and 
constant  of  integration  error  are  removed  by  a  root -mean  square  fit 
of  a  polynomial. 


580 


Second,  statistical  checks  may  be  made  on  the  data  to  see  if  it  is 
stationary  random  and  Gaussian  In  character.  Due  to  the  long  term 
drift  error  frequently  found  in  the  data,  good  estimates  of  some  of  the 
standard  parameters  are  not  obtainable  from  the  time  series  at  this 
point  in  the  data  processing.  The  variance,  for  example,  can  be  more 
accurately  computed  from  the  spectrum  itself,  as  will  be  noted  later. 

Third,  numerical  filtering  may  be  performed.  Numerical  filters 
are  related  to  the  electrical  kind,  differing  chiefly  in  that  they  are 
periodic  -  that  is  to  say  in  the  frequency  domain  their  pattern  repeats 
above  the  Nyquist  folding  frequency.  Numerical  filter  patterns  are 
available  to  do  high  and  low  pass,  moving  average  and  special  purpose 
filtering.  Some  of  these  filters  have  been  designed  so  as  to  have  no 
phase  change  whatsoever.  Compensation  for  the  filtering  must  be 
applied  to  the  spectrum  later  in  the  analysis. 

Fourth,  the  time  auto  correlation  function  is  calculated.  This 
is  an  intermediate  step  in  the  spectrum  computation. 

Fifth,  the  spectrum  is  computed  from  the  auto  correlation.  As 
the  validity  of  this  procedure,  when  certain  data  restrictions  are  met 
is  well  known,  no  detail  of  this  need  be  given. 

The  net  effect  is  similar  to  results  obtained  by  a  wave  analyzer, 
although  the  results  are  not  strictly  comparable  due  to  inherent 
mechanical  limitations  in  each  system.  Indeed,  the  numerical  method 
uses  a  lag  window  (’’Hamming")  which  is  related  to  the  variable,  narrow 
band  and  pass  filter  of  the  wave  analyzer. 

Sixth,  compensation  for  filtering  is  applied.  Compensation  must 
be  made  for  both  the  above  mentioned  numerical  filter  and  for  analog 
filtering  applied  to  the  data  in  the  hardvave. 

Last,  the  variance  of  the  original  time  series  is  computed  from 
the  spectrum.  Low  frequency  drift  terms  make  computation  from  the 
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time  series  prone  to  "be  much  too  large. 

Typical  values  for  these  computations  are  as  follows: 

Length  of  run,  T  =  2k0  seconds 

Sampling  interval,  At  =  0.04 

Number  of  degrees  of  freedom  =  100 

From  the  above,  it  follows  that: 

Total  number  of  samples  per  run,  N  =*  6 000 

Number  of  auto-correlation  lags  and  spectral  estimates, 
m  *  125 

Nyquist  folding  frequency,  f =  12.5  cps 

Filtering  is  generally  of  the  foim; 

Yi  =  A^-l  +  ^  Xi-1  +  Ag  Xj.  (Cornell  -  Type  filter) 

The  above  is  a  sketch  of  the  basic  spectral  computation  procedure 
(due  to  Tukey)  in  addition  to  the  general  method,  spectra  may  be 
computed  by  the  cascade  method,  and  the  statistical  parameter  method 
(due  to  K.  D.  Saunders ) . 

Also,  frequency  distributions,  coherency  functions,  cross  spectra, 
quadrature  spectra,  cospectra,  transfer  functions  from  spectra  and  so 
forth  may  all  be  computed  from  the  recorded  data. 

The  present  IBM  704  program  that  does  the  computing  is  a  combina¬ 
tion  of  eleven  programs.  It  is  being  revised  to  save  computer  time 
and  to  add  flexibility  to  reduction  procedures. 
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Mr.  John  H.  Meyer.,  Atom  Apply 

Panel  Members: 
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in  the  Preface  which  were  followed  in  editing  the  discussions  of  the  Forum. 

CHAIRMAN,  MR.  MEYER: 

We  have  three  papers  which  we  didn't  have  time  to  present  but  we  felt  were 
so  important  that  they  should  be  mentioned.  In  our  forum  session  we’ll  start  off 
by  just  a  brief  summary  of  each  paper.  The  subjects  of  the  summaries  and  the 
speakers  in  the  order  of  presentation  are:  "Predicting  Aircraft  Service  Experi¬ 
ence"  by  Mr.  Cyril  G.  Peckham,  Director  of  the  Division  of  Data  Processing, 
University  of  Dayton;  "Application  of  Power  Spectral  Techniques  to  Dynamic 
>Response  Flight  Testing"  by  Mr.  Harry  Press,  Chief  of  Structures,  Materials 
Division,  NASA,  Washington,  D.  C. ;  "Data  Collection  and  Analysis  Systems  for 
the  B-66  Gust  Survey  Project,"  by  Mr.  C.  E.  Pettingall,  Cl..ef  of  Aerodynamics, 
Flight  Test  Division,  Douglas  Aircraft  Company. 

MR.  PECKHAM: 

The  title  of  this  paper  is  "A  Two  Dimensional  Acceleration  Peak  Frequency 
Model  for  Predicting  Flight  Envelopes"  and  the  author  is  Mrs.  Jeanne  Truett 
of  the  Division  of  Data  Processing,  University  of  Dayton.  The  paper  describes 
the  procedure  for  developing  an  analytical  expression  for  rate  of  occurrence  of 
acceleration  peaks  and  constructing  prediction  envelopes.  The  formal  aspects 
of  the  problem  of  fitting  bivariate  frequency  data  for  prediction  of  extreme 
maneuver  loads  are  described  in  Section  I.  Section  II  contains  the  history  of  cur 
efforts  to  develop  a  solution  to  the  problem,  and  a  brief  outline  of  the  related 
efforts  by  other  workers.  A  procedure  for  constructing  prediction  envelopes 
which  meets  the  requirements  of  flexibility,  simplicity  and  general  applicability 
desired  of  the  solution  is  described  and  illustrated  in  Section  III.  Because  of 
time,  we  are  skipping  the  body  of  the  talk  which  will  be  included  in  the  printing 
of  the  proceedings  of  the  symposium  and  I  will  just  read  the  conclusions  and  show 
you  one  example. 

The  procedure  described  here  originated  in  the  idea  of  fitting  a  general 
exponential  type  of  joint  probability  function  by  expanding  the  exponent  in  a  Taylor 
series  and  estimating  the  coefficients  by  the  method  of  least  squares.  However, 
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there  is  nothing  in  the  assumptions  or  method  to  force  the  estimated  function 
to  yield  an  exponential  function  having  the  properties  of  a  probability  function. 
Rather  than  solving  the  distribution  problem,  this  approach  reconstructs  it 
within  the  compass  of  the  powerful  methods  of  general  regression  theory.  The 
problem  becomes  one  of  constructing  a  flexible  regression  model  to  represent, 
exponentially,  a  set  of  rates  of  occurrence.  This  method  has  been  applied  to 
data  that  was  collected  on  VGH  recorders  of  the  Hathaway  type  on  F-86  aircraft 
at  Nellis  Air  Force  Base  from  1954  to  1956.  The  types  of  flight,  gunnery  flights 
and  aerial  acrobatics,  have  all  been  lumped  into  one  group  of  data  which  we  classi¬ 
fy  as  a  composite.  The  first  slide  will  show  you  a  plot  of  the  observed  frequen¬ 
cies  against  the  theoretical  frequencies.  May  we  have  the  first  slide,  please? 

You  can  see  that  the  agreement  of  the  logarithms  of  the  observed  and  com¬ 
puted  frequencies  are  very  good  since  the  data  are  plotted  on  logarithmic  paper. 
The  second  slide  will  show  you  the  actual  data;  superimposed  on  it  are  the  curved 
lines  which  represent  the  envelopes  which  will  predict  the  rate  of  occurrence  of 
one  G  per  airspeed  range  for  a  given  number  of  hours  of  flight.  You  will  notice 
it  is  not  too  good  down  in  the  negative  range  since  we  don't  have  too  many  points 
down  there  to  work  with.  To  obtain  a  probability  curve  of  the  type  that  Colonel 
Taylor  used  yesterday  in  his  talk,  it  is  only  necessary  to  integrate  this  surface 
with  respect  to  velocity. 

MR.  PRESS; 

The  title  of  the  paper  is  high-falutin'.  I  might  really  define  it  more  pre¬ 
cisely.  This  paper  is  concerned  with  methods  of  estimating  frequency  response 
functions  from  flight  test  data  of  vehicles  exposed  to  random  type  disturbances. 

The  subject  was  touched  on  briefly  this  afternoon  in  several  papers.  The  desir¬ 
ability  of  such  determinations  was  clearly  shown  to  be  one  of  the  essential  parts 
of  any  fatigue  prediction  procedure.  The  basic  approach  utilized  is  essentially 
a  power  spectral  approach  of  the  type  described  in  several  other  papers  today. 

The  power  spectral  theory  provides  two  basic  relations  which  mean  measurement 
of  an  input  and  output.  They  also  involve  a  second  equation,  the  relationship 
between  the  input  and  the  cross  spectrum  between  input  and  output,  so  these  two 
relations  provide  independent  means  of  estimating  at  least  the  amplitude  of  the 
frequency  response  function.  As  in  any  flight  test  when  you  have  two  measure¬ 
ments  of  the  same  quantity,  you  fairly  soon  find  out  that  you  are  in  some  kind  of 
trouble  and  this  is  precisely  the  case  here.  If  you  employ  these  in  the  practical 
cases,  two  independent  estimates  of  the  frequency  response  function,  invariably 
the  estimates  differ  by  very  large  amounts.  We  stumbled  into  this  accidentally 
and  then  had  to  battle  our  way  out.  It  turns  out  however  that  there  are  some 
relatively  simple  ways  out  of  the  dilemma.  It  turns  out  that  both  estimates  are 
frequently  in  error  by  relatively  large  amounts.  It  is  however  possible  to  use 
them  in  combination  and  come  out  with  rather  excellent  estimates  of  frequency 
response.  We  have  been  able  to  achieve  reliability  of  the  order  of  plus  or  minus 
10%  on  amplitude.  In  successive  tests  of  very  short  duration  using  the  cross 
spectrum  method  we  were  able  to  obtain  -  the  first  three  times  I  saw  it  I  didn’t 
believe  it  -  phase  angles  to  five  degrees.  So  I  think  the  situation  here  is  rela¬ 
tively  good.  I  might  mention  it  is  quite  surprising  because  frequently  the  actual 
reliability  of  the  individual  spectra  are  well  below  this.  It  just  turns  out  that 
these  ratios  are  very  often  much  more  reliable  than  individual  spectra.  I  think 
this  should  turn  out  to  be  quite  useful  in  the  flight  test  programs  people  now  have 
under  way. 


MR.  PETTINGALL: 


In  this  particular  program  we  have  completed  twenty-three  flights  to  date 
in  various  locations  throughout  the  United  States.  We  have  used  an  FM  record¬ 
ing  sygtem  in  conjunction  with  some  special  sensory  devices  developed  by  the 
Douglas  Company  for  establishing  the  angle  of  attack  to  the  required  precision 
and  also  establishing  the  gust  input  together  with  the  instrumentation  required  to 
take  out  the  effects  of  the  airplane's  motions  and  the  motion  of  the  sensing  de¬ 
vices  in  contaminating  the  gust  input.  To  date  we  have  found  it  somewhat  diffi¬ 
cult  to  cover  the  data  with  the  required  precision,  so  we  are  at  the  present  time 
installing  a  digital  recording  system  to  reduce  the  noise  injected  in  the  system 
by  recording  and  also  to  make  possible  more  reliable  processing  of  the  data 
throughout  the  remaining  analysis  procedure.  We  have  found  it  possible  at  the 
present  time  to  establish  the  power  spectrum  of  the  gust  over  a  frequency  range 
varying  from  about  a  tenth  of  a  cycle  per  second  to  ten  cycles  per  second.  This 
is  at  an  airspeed  of  approximately  six  hundred  feet  per  second.  We  have  found 
the  effect  of  noise  in  the  system  to  be  very,  very  significant  in  establishing  the 
power  spectrum.  For  example,  typical  noise  figures  experienced  with  the  analog 
system  have  varied  somewhere  between  ten  to  twenty  counts  out  of  a  thousand 
counts  full  range  of  the  article  you're  looking  at  and  this  is  found  in  some  in¬ 
stances  to  mask  considerably  the  power  spectrum  of  the  real  gust.  So  with  the 
additional  sensory  equipment  that  we  are  presently  planning  and  installing  in  the 
airplane  -  and  with  the  installation  of  the  digital  system  -  we  hope  to  knock  this 
noise  level  down  significantly  and  make  it  a  factor  of  two  to  four  and  thus  esta¬ 
blish  more  reliable  data. 

CHAIRMAN,  MR.  MEYER: 

Now  we  get  down  to  the  questions  you  ladies  and  gentlemen  have  been  turn¬ 
ing  in  all  afternoon,  and  let's  just  make  the  circuit  on  these  in  the  same  order  in 
which  the  speakers  presented  their  material.  Perhaps  by  having  each  speaker 
answer  all  of  the  questions,  we  can  get  a  better  picture.  Mr.  Stone,  would  you 
start  in  and  do  what  you  can  with  your  questions  please  ? 

MR.  STONE: 

The  first  question  is  from  Mr.  Chernoff,  Republic  Aviation  Corp:  "Has  any 
method  been  proposed  for  deriving  transfer  functions  from  flight  data?"  On  the 
B-66  program  which  I  didn’t  have  too  much  time  to  mention,  an  Air  Force  spon¬ 
sored  program,  we  are  going  to  attempt  to  derive  the  transfer  function  experi¬ 
mentally.  In  other  words,  when  we  obtain  the  output  response  and  divide  this  by 
the  input,  we  hope  to  get  good  transfer  data.  Now  we  have  accomplished  this 
for  the  CG  acceleration  data  and  it  looked  pretty  good.  We  have  an  instrumented 
airplane  as  far  as  bending  moment  is  concerned  and  we  are  going  to  make  the 
check  as  far  as  bending  moment  transfer  functions  are  concerned  and,  I  hope,  get 
good  results. 

Mr.  Thompson,  Cessna  Aircraft  Company  asks:  "Would  you  or  Mr. 
Christensen  of  your  company  care  to  comment  the  promise  that  'Fatigue  Damage 
Monitors'  have,  as  indicators  of  fatigue  damage  levels,  in  primary  aircraft 
structure?"  I  know  what  he  is  talking  about  but  I  didn't  speak  of  it.  Well,  you  are 
all  familiar  with  the  fatigue  coupons  that  we  use  in  the  testing  machine.  We  have 
applied  this  to  the  airplane  structure  by  bonding  each  end  of  this  so-called  fatigue 
coupon  which,  therefore,  receives  the  same  strain  history  as  the  actual  structural 
element  itself.  This  is  what,  by  the  way,  is  meant  by  the  fatigue  monitor  and  the 
answer  to  this  question  is  that  so  far  we  are  using  them  on  the  C-133.  We  have 
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approximately  800  hours  to  1000  hours  of  flight.  We  didn’t  get  any  to  break 
within  this  particular  time  limit.  We  calculated  that  in  approximately  1200  to 
1500  hours  of  flight  we  should  have  our  first  fatigue  monitor  break.  We  have  a 
series  of  five  of  these  which  have  different  thicknesses  to  them,  and,  therefore, 
they  actually  operate  at  different  levels.  When  you  get  the  first  one  to  break, 
this  gives  you  an  indication  as  to  when  the  second  one  will  break,  say,  at  2000 
hours,  the  third  one  at  such  and  such.  By  that  time  you've  got  a  pretty  good  plot, 
and  it's  supposed  to  give  you  an  indication  when  your  highly  loaded  element  is 
actually  supposed  to  sever.  So  far  we  haven't  had  any  sever,  Mr.  Thompson. 

I  have  another  one  by  Mr.  H.  W.  Foster,  Lockheed  Aircraft  Corp:  "On 
your  discrete  gust  statistics,  what  is  your  amplitude  parameter?"  I  wonder  if 
you  are  talking  about  the  one  signal  that  I  mentioned  as  a  discrete  signal.  The 
one  I  showed  on  the  chart  was  the  elevation  versus  the  distance  on  the  ground  and 
I  said  that  this  could  be  used  as  a  time  signal  for  gust.  Our  experience,  for  in¬ 
stance,  on  the  B-66  is  such  that  if  you  get  a  true  vertical  gust  time  history,  this 
can  be  correlated  with  the  so-called  normal  or  rough  air  turbulence  in  terms  of 
the  gust  velocity  and  peaks  per  second.  I  don't  know  whether  I’ve  answered  your 
question.  Would  you  like  to  amplify,  Mr.  Foster? 

MR.  FOSTER: 

You've  answered  the  question  pretty  well.  I  was  mainly  interested  in 
whether  you  were  measuring  the  peak  relative  to  the  zero  load  rather  than  range. 

MR.  STONE: 

The  next  question  is  by  Mr.  Melcon,  Lockheed  Aircraft  Corp:  "Have  you 
made  any  structural  fatigue  tests  in  which  the  input  loading  was  purely  random 
exclusive  of  sonic  fatigue  tests?"  I  notice  it  is  a  loaded  question!  As  a  matter 
of  fact,  the  answer  is  no,  except  in  our  vibration  study,  where  some  of  the  speci¬ 
mens  were  panels.  We  did  place  on  our  shaker,  and  excite  to  4G  amplitudes 
panels  of  various  types  of  construction.  We  had  hot  sections  and  every  imaginable 
type  of  element  on  the  panel,  and  we  did  derive  or  try  to  derive  a  loading  for 
this;  but,  of  course,  this  is  vibratory  in  nature  and  ypu're  asking  the  question 
that  we  are  all  working  on  at  the  present  time.  We  have  a  shaker  that  we  are 
going  to  put  through  its  paces  to  try  and  develop  this  particular  structure  as  far 
as  random  fatigue  testing  is  concerned. 

This  next  question  is  by  Mir.  Bouton  of  Norair:  "In  the  light  of  yesterday’s 
emphasis  on  the  fact  that  fatigue  is  a  local  effect,  do  you  think  a  simple  load 
factor  spectrum  is  sufficient  even  for  the  wing?  Would  it  handle  Dr.  Howland's 
case  on  rear  spar  fatigue  on  C-121;  the  B-47  root  and  midspan  failures,  etc?" 

I  don’t  think  that  I  expounded  on  any  particular  type  of  loading  that  would  repre¬ 
sent  all  of  these.  I  did  mention  the  fact  that  a  discrete  representation  should  not 
be  lost,  because  of  the  fact  that  we  have  correlated  this  on  many  airplanes,  and 
I  mentioned  the  DC-3  because  I  know  that  it  wouldn't  arouse  any  particular  com¬ 
ments.  But  they  can  be  used  on  other  airplanes.  In  this  particular  case,  for 
instance  on  the  B-47,  where  you  do  have  the  swept-back  version  (which  by  the 
way  the  response  characteristics  are  entirely  different  from  the  ones  on  the  B-66 
and  that's  why  this  is  such  a  strange  business),  I  would  say  that  the  simplication 
of  just  the  load  factor  representation  would  not  be  correct  at  all. 

This  is  another  question  by  Mr.  Bouton  of  Norair:  "Can  you  use  runway 
power  spectra  in  analysis?  What  kind  of  transfer  function  do  you  use  when  strut 
friction  gives  a  discontinuity  in  the  response?"  Well,  if  you  can’t  get  a  linear 
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representation  as  far  as  transfer  functions  are  concerned,  then  we'd  better  use 
the  load  data  that  goes  right  into  the  structure  itself  from  the  gear.  If  you  want 
to  use  linear  representations  -  fine.  We  can  use  some  of  these  power  spectral 
techniques  but  when  you  get  a  discontinuity  and  I've  seen  this  on  linearity,  I 
think  we  had  better  use  another  method.  Is  this  what  you  had  in  mind?  Fine. 

The  last  question  is  by  Professor  Hiller,  Columbia  University:  "Can  you 
describe  the  load  spectra  by  some  mathematical  means,  such  as  an  exponential 
spectrum?"  The  input  spectrum  that  I  showed  on  the  second  slide  which  is  the 
power  spectra  of  the  vertical  gust  velocity  is  normally  plotted  so  that  the  area 
under  this  particular  curve  expresses  the  variance,  and  if  we  take  the  square 
root  of  this  -  of  course  -  this  is  the  sigma  term.  Now  in  the  report  that 
Mr.  Houbolt  and  NACA  Report  1272  showed  there  have  been  some  liberties  taken 
and  they  have  been  represented  mathematically  by  actually  using  the  term  sigma 
square  and  a  mathematical  representation  which  shows  a  shape  but  you  have  to 
actually  assume  the  scale  of  turbulence.  Now  if  this  was  the  power  spectrum 
equation  or  representation  you're  talking  about,  then  maybe  I  have  answered  your 
question. 

CHAIRMAN: 

The  question  was  "Was  there  a  mathematical  equation  for  your  input?" 

MR.  PRESS: 

The  history  of  spectral  gust  data  is  that  we  have  been  able  to  measure 
spectra  over  a  limited  frequency,  range.  We've  been  reasonably  successful 
over  a  range  of  gust  waves  that  stem  from  ten  feet  up  to  several  thousand,  at 
least.  In  the  two  cases  we've  been  able  to  take  them  from  twenty  up  to  fifty 
thousand.  Now  for  most  analytical  purposes  it  is  very  convenient  to  have  analy¬ 
tical  representation  and  for  the  range  of  data  we  have,  we  found  there  were  ex¬ 
cellent  approximations  to  this  and  these  are  essentially  some  of  the  expressions 
that  have  a  long  history  of  isotrophic  theory  or  at  least  in  the  study  of  wind  tunnel 
turbulence  they  take  the  form  of  one  plus  three  times  the  product  of  where 

both  and  L  are  squared  terms.  The  spectral  shape  of  I /&2  is  approached 

when  we  go  to  very  high  frequencies.  Now  I  don't  know  what  is  meant  by  the 
term  liberties  you  referred  to.  I  know  that  this  has  been  a  very  satisfactory 
approximation  for  the  range  of  the  data  we  have  so  far.  There  are  some  cases 
now  which  require  us  to  look  at  these  things  more  closely.  For  example,  the 
situation  gets  a  lot  more  complex  at  low  altitude  and  we’re  required  to  use  more 
complicated  expressions  involving  more  than  the  two  parameters  we  use  in  a 
simple  case. 

CHAIRMAN: 


Panel,  we’re  going  to  have  to  step  up  the  tempo  because  we  are  running 
out  of  time  and  we  would  like  to  have  a  few  minutes  at  the  end  of  these  formal 
questions  to  give  the  audience  another  whack  at  the  experts  up  here,  so  let’s  see 
if  we  can  make  it  fairly  snappy  and  go  on  down  the  line.  Mr.  Eldred,  would  you 
give  your  questions,  please? 

MR.  ELDRED: 


The  first  question  in  this  small  stack  here  is  from  Mr.  Arnold  Galof  of 
Radioplane  Division  of  Northrop:  "Is  there  a  Mach  number  effect  on  level  of 
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Boundary  Layer  Noise?  It  seemed  that  you  sh<r  -d  only  a  ’q*  effect."  I  ran 
rather  short  of  time  by  the  time  I  hit  that  -  B'  ndary  Layer  Noise  -  and  I  would 
say  this:  That  the  "q"  correlation  that  is  s’  vn  would  be  expected  on  reasonably 
simple  bodies  of  revolution  -  not  in  liftink  anges  such  as  in  the  upper  surface 
of  a  wing  aft  -  that  at  any  point  on  a  veh  le  once  we  had  passed  Mach  one,  the 
"q"  that  would  be  referred  to  would  br  ie  "q"  that  is  external  to  the  local 
boundary  layer,  not  the  free- stream  1  |".  Another  effect  we  would  expect  is 
that  as  one  goes  to  very  high  velocities,  kilometer  boundary  layer  will  extend 
much  further  out  due  to  the  heat  exchange  from  the  boundary  layer  into  the 
missile  and  the  correlation  in  any  case  would  only  be  expected  to  be  held  to  where 
one  could  find  that  the  boundary  layers  were  similar.  Now  there  is  very  little 
data  above  Mach  one.  The  data  that  is  available  does  show  that  in  only  one  posi¬ 
tion  on  the  aircraft,  there  is  in  the  transonic  region  sometimes  a  local  maximum 
for  pressure  which  will  go  up  above  this  curve  where  apparently  local  shock 
effects  are  taking  place  and  in  some  cases  are  dead.  In  some  case  where  one 
gets  into  the  supersonic  range,  the  level  seems  to  come  back  to  the  approximate 
level  of  predicted  body  local  free- stream  "q". 
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The  second  question  is  by  Mr.  Forney  of  the  Wright  Air  Development 
Center:  "Your  Figure  1  shows  SPL  values  on  the  order  of  194-195  db  for  turbo¬ 
jets?"  I  think  the  coordinate  was  slightly  off  the  screen.  The  ordinant  was  not 
db  at  sound  pressure  level  which  is  the  one  we  most  customarily  hear  but  it  was 
db  at  power  level.  130  db  at  the  power  level  is  actually  equal  to  one  watt.  Now 
in  the  very  near  field  of  turbojets,  the  maximum  measurements  or  range  are 
approximately  165  to  175  db  or  169,  I  think.  This  is  very  close  to  the  turbojet, 
right  on  the  edge  of  the  moving  stream.  The  highest  of  these  values  that  have 
been  measured  very  close  to  rockets  -  approximately  two  feet  from  the  stream  - 
are  in  the  order  of  172  db,  so  these  are  considerably  lower  than  these  194  and 
195  db  power  levels. 
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The  next  question  is  by  Lt.  Wrobel  of  the  Wright  Aii  Development  Center; 
"Do  you  think  the  new  by-pass  axial  flow  turbojets  will  have  reduced  power  levels 
for  equal  engine  power  outputs,  where  the  high  velocity  engine  jet  is  shrouded  by 
a  low  velocity  jet?"  These  by-pass  engines  have  been  shown  to  have  lower  power 
levels  and  if  the  by-pass  were  a  complete  mixture  between  the  by-pass  gas  and 
the  hot  gas  power  before  the  nozzle,  one  could  expect  that  the  power  would  de¬ 
crease  on  the  order  of  the  velocity  change  to  the  eighth  power  in  accordance  with 
Litel.  In  most  cases  the  by-pass  area  is  the  shrouding  type  flow  which  will  not 
particularly  disturb  the  central  core,  consequently,  the  change  in  acoustic  power, 
the  decrease,  is  not  as  much  as  would  be  expected  if  the  mixture  could  take 
place  prior  to  the  nozzle,  so  that  the  effective  velocity  profile  across  the 
nozzle  would  be  a  square  profile  but  at  a  lower  velocity. 

The  next  one  is  from  Mr.  Ryan  of  the  Wright  Air  Development  Center:  "In 
this  symposium  I  have  twice  heard  it  said  that  exhaust  jet  noise  results  from 
turbulent  gases.  Is  this  in  conflict  with  statements  I  have  previously  heard  that 
noise  is  generated  by  the  high  shearing  effect  between  the  high  speed  jet  and  the 
surrounding  air?"  Well,  this  is  not  in  conflict  because  the  turbulence  is  gener¬ 
ated  in  the  shear  zone  as  a  result  of  the  shearing  stresses  that  are  in  the  shear 
zone,  so  these  two  explanations  are  essentially  similar  in  nature. 

The  next  question  is  from  Mr.  W,  T.  Shuler  of  Lockheed  Aircraft  Corpora¬ 
tion,  Georgia  Division:  "Could  you  provide  a  list  of  publications  dealing  with 
boundary  layer  and  turbine  acoustical  noise  level  calculations?"  I’d  be  glad  to 
talk  with  you  about  this  after  the  meeting.  It  is  a  little  long. 
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The  last  question  is  from  Mr.  O’Brien  of  the  Wright  Air  Development 
Center:  "Do  you  think  it  feasible  to  use  acoustic  properties  of  full  scale  air¬ 
frames  by  artificially  applying  a  sound  wave  to  determine  if  any  fatigue  damage 
is  present  in  service  airplanes  ?"  In  my  opinion  this  would  only  be  feasible  on  a 
research  basis  and  would  not  yet  be  practical  for  any  large  surface  such  as 
would  be  considered  with  aircraft  or  missiles. 

CHAIRMAN: 

Moving  along  to  Dr.  Howland,  would  you  give  your  questions,  please? 

DR.  HOWLAND: 

The  first  question  is  by  M.r.  Fleugenhoff  of  North  American  Aviation, 
who  asks:  "Do  you  think  that  strain  gauges  at  four  to  five  spanwise  wing  stations 
can  be  used  to  measure  wing  load  distribution  accurately?"  It  depends  upon  a  lot 
of  conditions;  whether  the  wing  has  external  stores,  whether  it  has  pods  on  it. 

On  a  simple  wing  with  no  discontinuities  in  forces  and  loads,  that  is,  if  It  has  no 
tip  tanks,  no  pods,  no  engines,  you  can  certainly  get  good  measurements  of  dis¬ 
tribution  with  four  or  five  stations,  particularly  if  you  take  your  measured  data 
and  fit  it  into  analytical  work  at  the  same  time.  In  the  case  I  spoke  about,  we 
were  making  experimental  work  and  theory  go  hand  in  hand.  We  take  bending 
moment  measurements  and  fit  them  into  a  theoretical  distribution  and  get  the 
best  fit  which,  of  course,  when  differentiated  gives  the  shear  loading  which  you 
know  should  be  continuous  or  not.  Differentiating  again  gives  you  the  normal 
loading  which  is  compared  with  a  good  polynomial  relationship  for  spanwise  dis¬ 
tribution.  Then  get  the  best  fit  for  your  measured  dat&.  Furthermore  at  a 
given  station  you  can  get  a  least  square  fit  to  the  measurement  versus  accelera¬ 
tion  on  roller-coaster  maneuvers.  So  here  again  is  a  case  where  y^u  can  im¬ 
prove  the  accuracy  in  your  measured  data  by  getting  the  data  into  the  best  known 
theory  and  arriving  at  an  empirical  relationship.  I  described  this  in  my  paper  a 
couple  of  years  ago  but  that's  the  general  idea  and  I  think  may  help. 

One  other  question  from  Mr.  Creek  of  Westinghouse:  "How  do  you  deter¬ 
mine  the  proper  location  for  strain  gauges?"  This  does  take  quite  a  lot  of  ex¬ 
perience  to  locate  the  proper  place  for  strain  gauges.  One  of  the  techniques  we 
use  is  measuring  loads  on  the  static  structure.  That  is  putting  gauges  on  the 
static  structure,  and  then  selecting  the  best  gauge  location  to  put  on  the  flight 
test  article.  Also  of  course,  you  frequently  integrate  several  gauges  to  deter¬ 
mine  the  proper  output  for  a  given  quantity.  In  other  words,  to  separate  bending 
moment  from  torsion,  you  want  an  output  proportional  to  torsion.  It  does  take 
quite  a  lot  of  intuition  to  know  where  to  put  the  gauges  to  assess  just  torsion.  And 
then  of  course  you  calibrate  it  to  be  sure  that  you’re  getting  more  or  less  of  a  pure 
signal  and  you  can  isolate  bending  and  torsion  to  where  you  get  a  cross-effect  of 
maybe  two  or  three  percent,  which  I  consider  satisfactory.  I'd  be  glad  to  talk  to 
Mr.  Creek  later  on  this  because  it  is  quite  a  problem  locating  gauges  properly. 

CHAIRMAN: 

We  have  a  question  from  the  floor  for  Dr.  Howland. 

MR.  O’BRIEN: 

My  name  is  O'Brien  from  the  Wright  Air  Development  Center.  "Do  you  ever 
use  stress  coat  for  picking  out  high  stress  concentrations?" 
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DR.  HOWLAND: 


Oh,  yes,  where  we’ve  had  a  fatigue  problem  on  a  landing  gear  part  and 
we’re  not  sure  where  to  place  a  gauge,  we  frequently  have  used  a  stress  coat 
in  order  to  position  the  strain  gauge.  Primarily  you’ve  observed  the  crack  or 
you’re  not  sure  where  the  crack  started  and  you  want  to  try  to  find  where  the 
high  stress  concentration  point  is. 

CHAIRMAN: 

Any  questions  for  you,  Mr.  Jackson? 

MR.  JACKSON: 

The  first  question  was  turned  in  by  Mr.  Berdahl  of  SAC  Hq  2d  Air  Force: 
"Thirty  years  ago  a  method  of  non-destructive  inspection  of  major  primary 
structures  (such  as  railroad  bridges)  was  a  check  of  natural  frequency  by  vibra¬ 
tion  generated.  With  the  present  quality  of  instrumentation  could  not  such  an 
inspection  method  identify  incipient  failure  of  such  primary  structures  as  B-47 
wing  attachments?"  Well,  there  are  two  aspects  of  that  problem  that  I  would  like 
to  mention.  The  first  is  that  we  have  of  course  done  resonant  frequency  testing 
of  the  B-47  as  in  all  of  our  airplanes  and  in  order  to  do  this  and  get  adequate 
repeatability  we  need  to  bring  the  airplanes  into  the  hangar  out  of  the  wind,  take 
the  wheels  and  tires  off  of  them  and  set  them  on  a  firm  structural  foundation 
lacking  vibration.  To  do  this  of  course  would  mean  putting  a  SAC  airplane  out  of 
service  for  some  time  and  I  believe  would  not  be  feasible  as  a  solution.  While 
you  were  trying  to  do  this  of  course  you  could  be  looking  at  the  holes  directly 
rather  than  fiddling  around  trying  to  get  the  frequency.  The  second  aspect  is 
that  in  this  particular  case  on  the  B-47,  the  gross  area  that  was  affected  by  the 
crack  was  quite  often  very,  very  small  and  the  effect  therefore  was  felt  only  over 
a  very  short  length  of  the  wingspan.  This  would  result  in  an  infinitesimal 
fraction  of  one  percent  of  the  change  in  the  frequency  and  I’m  not  sure  that  re¬ 
peatability-wise,  we  would  be  confident  that  we  would  be  measuring  the  effect  of 
the  crack  or  some  other  thing.  Does  that  answer  the  question? 

The  second  question  is  from  Mr.  H.  T.  Jensen  of  Sikorsky  Aircraft: 

"Explain  the  system  by  which  we  get  the  peak  counting  or  the  counting  capability 
for  gust  load  experience?"  This  is  a  rather  lengthy  thing  which  is  covered  in 
some  detail  in  the  paper.  I  will  just  mention  briefly  though  that  the  peak  data 
that  we  are  using  now  is  being  reduced  by  Mr.  Peckham  of  the  University  of 
Dayton  and  he  might  want  to  add  or  correct  what  I  have  to  say.  But  the  data 
being  recorded  currently  on  the  Century  oscillographs  is  being  manually  reduced. 
The  controlled  airplane  data  is  recorded  on  tape,  laid  out  for  a  quick  look  prior 
to  complete  analysis,  converted  into  the  digital  system,  and  analyzed  in  the  1103A, 
and  there  will  be  more  comment  upon  that  later.  Any  more  comments  on  that, 

Mr.  Peckham? 

MR.  PECKHAM: 

None. 

CHAIRMAN: 


Mr,  Houbolt? 


MR.  HOUBOLT: 


Well,  I  have  three  questions  here  the  answers  to  which  can  be  given  very 
quickly.  Before  I  take  up  the  questions  I  would  like  just  to  make  a  comment  on 
one  of  the  questions  that  was  asked  of  Mr.  Stone  which  is  in  reference  as  to 
whether  it  is  possible  to  derive  frequency  response  from  flights  through  turbu¬ 
lent  air,  etc.  I  would  like  to  mention  a  Technical  Note  4291  which  was  by  Mr. 
Press  and  Mr.  Coleman  which  deals  specifically  with  this  subject  and  goes  into 
it  very  thoroughly, and,  as  a  matter  of  fact,  it  is  a  subject  of  the  paper  which 
Mr.  Press  submitted  to  this  meeting  and  will  be  included  in  the  proceedings  of 
this  symposium.  So  this  paper  and  TN  4291  will  give  you  a  very  good  account 
of  how  to  deduce  frequency  response  functions  from  flight  measurements. 

The  first  question  is. from  Mr.  Philleo  of  the  General  Electric  Company: 
’’Weren’t  the  labels  reversed  on  your  next  to  last  slide?  Data  were  shown  for 
airplanes  to  245,  000  feet  altitude  and  for  missiles  to  45,  000  feet. "  I  think  our 
artist  was  just  simply  carried  away  with  all  the  slides  he’s  been  making  recently 
on  missiles  and  he  inadvertently  put  down  245,  000.  The  2  should  not  be  therfe, 
so  the  altitude  should  agree  for  the  missiles  and  the  airplanes  in  all  cases. 

The  second  question  is  from  Mr.  Galef  of  the  Radioplane  Division  of 
Northrop:  "The  effect  of  aircraft  flexibility  was  indicated  to  be  significant.  Yet, 
most  of  our  turbulence  data  was  measured  on  real,  therefore  flexible  aircraft. 
Doesn’t  our  turbulence  data  therefore  contain  a  possibly  substantial  exaggera- 
tion.factor  ?"  It’s  a  good  point,  Mr.  Galef,  but  I  would  like  to  mention  that  in 
the  work-up  of  the  data,  an  attempt  was  made  to  correct  for  this  amplification 
factor  due  to  flexibility.  F or  some  of  the  aircraft  which  were  judged  to  be  very 
stiff  and  have  very  little  pitch  effect  -  no  correction  was  deemed  necessary  in 
the  data,  but  for  the  other  half  that  were  rather  flexible  —  up  to  20%  reduction  in 
the  derived  data  were  .made  in  an  effort  to  take  into  account  this  exaggeration 
effect  that  you  speak  of  here.  So  the  data  that  we’ve  presented  should  be  essential¬ 
ly  the  corrected  and  real  velocities  that  you  experience. 

The  third  question  is  from  Mr.  Parmley  of  the  Wright  Air  Development 
Center:  "The  techniques  of  Power  Spectral  Density  is  capable  of  predicting  the 
frequency  of  peaks.  But,  as  shown  by  Mr.  Jackson’s  paper,  these  peaks  occur 
about  varying  means.  What  are  the  relationships  of  the  peaks  as  given  by  power 
spectral  density  to  the  means  about  which  they  occur?"  A  good  question  and  it 
is  simple  for  me  because  I’m  going  to  refer  the  question  over  to  Mr.  Press. 

Mr.  Press  is  one  of  the  outstanding  pioneers  in  the  power  spectral  density  techni¬ 
ques  to  aircraft  application.  He  has  given  many  leading  papers  on  this  subject 
and  was  the  co-author  with  Mr.  Steiner  on  load  prediction  techniques  in  one  of 
the  references  I  indicated.  I  am  sure  he  can  give  a  very  satisfactory  answer  to 
this  question. 

MR.  PRESS: 

First  let  me  say  that  Mr.  Jackson's  technique  is  only  one  of  many  that  has 
been  used.  It  used  to  be  that  almost  any  expert  had  his  own  special  way  of  con¬ 
verting  counts  from  a  time  history  to  some  number  of  values.  These  are  general¬ 
ly  very  similar.  Generally  two  methods  of  counting  lead  to  about  the  same 
relative  position  in  two  different  cases.  Most  of  the  judgments  you  use  in  making 
these  counts  as  near  as  I  can  tell  seem  fairly  qualitative  but  with  not  too  strong  a 
physical  basis. 
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Now  to  answer  the  question.  In  general  if  we  are  talking  about  random  pro¬ 
cesses  of  a  stationary  type,  it  is  possible  from  the  spectrum  to  determine  any 
characteristics  of  this  type  that  you’re  concerned  with  -  any  particular  way  of 
figuring  it,  by  purely  analog  device  techniques.  Simply  take  input  noise  and 
count  any  combination  that  you  want  to  make.  This  can  be  a  fairly  expensive  job 
and  whether  this  is  worth  doing  is  somewhat  of  a  question  perhaps.  Analytically 
these  things  are  almost  impossible  to  determine  when  you  go  to  compute  a  case 
of  this  kind.  I  think,  however,  in  the  long  run  that  you  ought  to  take  a  view  of 
the  whole  matter.  I  think  it  might  be  well  to  look  for  some  other  system  for 
representing  the  damage  of  random  signals  transposed  and  maybe  the  answer 
might  come  up  a  lot  simpler  if  we  look  at  some  simple  description  of  the  signal 
with  the  power  spectrum  especially  for  these  cases  for  which  the  power  spectrum 
contains  all  the  information  about  the  signal.  It  contains  at  least  all  the  different 
information  about  the  signal,  so  you  would  presume  then  that  the  damage  must  be 
some  function  of  the  power  spectrum.  This  is  usually  a  fairly  simple  thing,  a 
simple  shape,  it  may  be  described  by  a  three  or  four  parameter  family.  And  I 
would  certainly  suggest  that  somebody  take  a  look  at  this  kind  as  opposed  to  the 
damage  rate  approach.  I  have  been  wanting  to  get  this  pitch  off  for  a  long  time, 
thank  you. 

MR.  JACKSON: 

Well,  Harry,  you  are  certainly  right.  There  are  a  number  of  ways  to 
analyze  and  interpret  the  load  data  that  are  obtained.  However,  we  believe  that 
the  approach  that  we  suggested  is  a  more  rational  approach  to  the  problem  than 
this  peak  count  approach.  It  does  represent  and  furthermore  there  is  a  substantial 
difference  at  least  in  the  case  that  we  have  observed  between  peak  count  and  load 
cycle  approach.  I  think  that  your  suggestion  of  going  to  some  other  fundamental 
approach  is  fine  only  the  problem  is  that  you  are  faced  with  a  lot  of  peak  data 
based  upon  conventional  S-N  curves  and  that  a  limited  number  of  samples  will 
always  be  using  these  type  of  curves  and  therefore  need  some  approach  such  as 
we  have  suggested. 

CHAIRMAN: 

Mr.  Wright,  did  you  get  some  questions? 

MR.  WRIGHT: 

There  is  a  question  from  Mr.  Rolfe  of  the  McDonnell  Aircraft:  "Are  any 
recorders  placed  on  airplanes  in  the  combined  military  program  without  the 
pilot’s  knowledge.  If  not,  how  can  we  be  sure  of  good  maneuver  data  at  high 
values?”  This  I  don't  know.  I  should  remark,  in  orientation,  that  the  Naval 
Air  Development  Center  at  Johnsville  has  the  responsibility  for  determining  the 
sample  size  and  how  to  validate  this  data  and  so  forth.  I  see  there  are  some 
gentlemen  from  BuAir  here.  Would  you  care  to  comment  on  that? 

MR.  GRIFFIN: 


My  name  is  Griffin  from  BuAir.  We  can't  be  absolutely  sure  but  in  taking 
the  philosophy  that  the  pilot  has  one  of  these  instruments  in  the  airplane  for  a 
long  period  of  time  he  will  more  or  less  forget  about  it.  He  will  be  somewhat 
conscious  of  it  at  first  but  he  has  a  lot  of  things  to  be  occupied  with.  Now  we  feel 
that  by  keeping  the  instrument  busy  in  the  airplane  over  a  long  period  of  time  we 
will  minimize  the  conscious  effect  of  such  a  thing  with  the  pilot. 
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CHAIRMAN: 


Thank  you.  You  might  stand  there  in  case  you  want  to  answer  another! 

MR.  WRIGHT: 

Another  question  is  from  Mr.  Foster  of  Lockheed  Aircraft:  "What  kind  of 
study  resulted  in  a  maximum  frequency  response  in  the  recorder  of  six  cycles 
per  second?  Does  this  apply  to  large  airplanes  only?"  Well  first,  let  me  mention 
that  the  Aircraft  Structures  Laboratory  of  the  Naval  Air  Materiel  Center  at 
Philadelphia  and  the  Structures  Branch  of  the  Aircraft  Laboratory  here  at  WADC 
are  the  two  branches  in  the  military  that  are  operating  this  program  and  are  get¬ 
ting  it  started.  Perhaps  one  of  them  might  care  to  comment?  I  might  say  that 
when  these  data  actually  are  digitized,  the  sampling  rate  involved  which  will  pro¬ 
bably  be  five  per  second  and  maybe  ten  per  second,  and  for  practical  purposes, 
this  amounts  to  requiring  a  filter  ahead  of  the  sampling  process  that  cuts  off 
substantially  lower  frequencies.  Would  you  care  to  comment? 

MR.  GRIFFIN: 

We  selected  a  sampling  rate  of  five  per  second  on  the  basis  of  power 
spectrums  that  were  derived  by  NASA  on  F-86  and  F-84  airplanes,  I  believe, 
and  we  found  in  these  instances  that  there  were  no  power  in  the  maneuver  loads 
beyond  frequencies  of  two  cycles  per  second.  The  highest  frequencies  occurred 
in  maneuvering  pitching  accelerations  and  rolling  accelerations.  The  sampling 
rate  of  five  per  second  would  give  you  all  the  information  throughout  that  fre¬ 
quency  period. 

MR.  WRIGHT: 

There  is  another  question  from  Mr.  Galef  of  Radioplane  Division  of 
Northrop:  "Differentiation  of  data  is  usually  an  unsatisfactory  process  because 
the  noise  present  in  the  signal  is  exaggerated  by  the  process  of  differentiation. 

How  do  you  avoid  this  problem  in  converting  roll  rate  to  angular  accelerations?" 

It’s  the  lesser  of  two  evils  apparently.  There  has  been  some  discussion  in  the 
services  over  this.  There  is  some  data  taken  by  NASA,  data  involving  accelero¬ 
meters  -  the  Navy  used  accelerometers.  It  works  badly  for  integrating  the  acceler¬ 
ations  too  and  you  have  zero  areas  in  this.  You  have  pretty  bad  errors  in  getting 
velocity  out  of  acceleration.  The  compromise  made  was  to  decide  to  \ise  angular 
velocity  measurements  to  get  accelerations  from  those. 

CHAIRMAN: 


Thank  you,  Mr.  Wright.  Gentlemen,  we  are  out  of  time.  It  is  five-twenty 
and  the  busses  load  at  seven  o'clock,  so  we  are  going  to  have  to  cut  this  off  now. 
There  are  still  a  few  more  questions.  If  any  of  you  gentlemen  would  care  to  come 
forward,  I  am  sure  the  panel  would  be  glad  to  discuss  them  with  you.  I  want  to 
thank  the  panel  for  their  efforts  in  this  symposium.  I  want  to  thank  you  for  your 
kind  attention,  and  last  but  not  least,  I  want  to  thank  the  Air  Force  on  a  very  ex¬ 
cellent  job  of  putting  on  this  session. 
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WRIGHT  AIR  DEVELOPMENT  CENTER 


The  program  chairman  for  our  session  on  the  "Fatigue  Mechanisms  and 
Properties  of  Materials"  will  be  Dr.  Richard  W.  Fountain  of  the  Union  Carbide 
Metals  Company. 

Dr.  Fountain  has  been  associated  with  Union  Carbide  since  1951-and  is 
currently  serving  as  Director  of  their  High  Temperature  Materials  Research 
program. 

He  received  his  undergraduate  training  at  the  University  of  Illinois  and 
completed  his  graduate  requirements  at  Leheigh  University,  receiving  a 
Doctorate  Degree  in  1951. 

He  is  a  member  of  the  Materials  Advisory  Board  and  a  number  of  technical 
societies,  and  has  authored  numerous  articles  for  trade  and  scientific  journals 
on  subjects  pertaining  to  metals  research  and  application. 

It  is  my  pleasure  to  present  to  you.  Dr.  Fountain. 
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PROGRESSIVE  DAMAGE  DUE  TO  REPEATED  LOADING 

by 

T.  J.  Dolan  and  H.  T.  Corten 

Department  of  Theoretical  and  Applied  Mechanics 
University  of  Illinois 


ABSTRACT 

A  brief  review  is  presented  of  the  mechanisms  leading  to  the  nucleation  and 
growth  of  fatigue  cracks  in  metals.  The  statistical  nature  of  the  variation  in  fatigue 
life  is  emphasized  by  the  localized  nature  of  the  plastic  deformations  that  develop 
on  a  microscale  under  repeated  loading.  Refinement  in  dislocation  theory  of 
deformation  and  direct  observations  of  dislocation  movement  have  provided  new 
information  on  the  nature  of  the  readjustment  and  interactions  which  precede  the 
nucleation  of  a  fatigue  crack. 

Based  on  these  mechanisms  a  "implified  "mental  picture"  of  the  accumulation 
of  fatigue  damage  is  developed  and  expressed  in  mathematical  form  for  the 
prediction  of  fatigue  life  under  a  complex  stress  history.  The  number  of  damage 
nucleii  initiated  is  determined  by  the  peak  stress  encountered;  the  rates  of  propagation 
of  damage  area  ssumed  to  be  proportional  to  a  power  function  of  the  stress  level. 

The  resulting  equation  is  compared  vdth  extensive  experimental  data  on  small  metal 
specimens,  and  the  discussion  is  extended  to  include  additional  factors  that  affect 
the  fatigue  behavior  of  fabricated  structures.  A  specific  example  is  included  to 
illustrate  the  application  of  the  relationship  to  the  prediction  of  fatigue  life  in  a 
particular  structural  application.  This  involves  a  tabulation  of  the  expected  load 
history  from  typical  service  measurements,  and  simplified  laboratory  test  data  that 
are  necessary  to  evaluate  two  parameters  that  express  response  of  the  member  to 
repeated  loads.  Good  agreement  has  been  observed  between  estimated  and  measured 
fatigue  life  for  several  complex  stress  histories. 
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THE  MECHANISM  OF  FATIGUE 


In  discussing  mechanisms  of  fatigue,  it  is  important  to  realize  that  what  is 
basic  to  the  designer  is  on  an  entirely  different  level  of  inference  and  observation  than 
what  is  basic  to  a  research  engineer;  their  ideas  may  in  turn  stem  from  an  entirely 
different  level  of  observation  than  that  of  the  physicist  or  scientist.  Thus,  we  must 
recognize  different  levels  of  "mechanism"  depending  upon  the  viewpoint  of  the 
individual. 

Fatigue  failure  in  metals  is  one  manifestation  of  the  behavior  of  crystalline  solids 
under  stress;  we  may  divide  our  concepts  and  observations  of  this  behavior  into  three 
general  categories: 

1.  Large  scale  or  phenomenological  behavior  characterized  primarily  by 
visual  observation  or  by  measurements  on  large  volumes  of  material. 

2.  Microscopic  and  sub- microscopic  phenomena,  apparent  only  by  use  of 
special  equipment  and  techniques  such  as  microscopes,  x-ray  defraction 
patterns,  etc. 

3.  Interactions  between  the  atoms  which  compose  a  metal  which  cannot  be 
observed  directly  and,  hence,  must  depend  upon  observations  of  related 
effects  to  prove  or  disprove  hypothetical  theories  of  the  behavior 
mechanisms. 

A  great  deal  is  known  about  fatigue  failure  and  the  basic  mechanisms  for  each  of 
these  levels  of  observation.  However,  the  "state  of  the  art"  is  inadequate  because  we 
have  not  been  able  to  formulate  accurate  quantitative  design  rules  for  members  subjected 
to  repeated  stressing.  Actually,  more  is  known  about  fatigue  than  is  available  on  the 
mechanisms  of  brittle  fracture,  creep,  etc.  It  is  the  statistical  nature  of  the  fatigue 
phenomenon  that  makes  it  impossible  to  evolve  quantitative  design  rules.  One  can 
predict  performance  on  the  average  for  a  large  number  of  like  components  or  predict 
failure  in  a  certain  percentage  of  cases,  but  to  set  an  exact  limit  for  a  fatigue  life 
or  fatigue  strength  of  a  given  member  is  impossible.  Further  complications  arise 
because  of  our  inability  to  make  quantitative  predictions  of  the  significant  stresses  due 
to  surface  blemishes,  service  induced  nicks  (or  due  to  the  irregular  contours  of  the 
part  itself),  and  internal  "notches"  in  the  form  of  non- metallic  inclusions,  grain 


boundaries,  segregated  streaks,  etc.,  from  which  "stress-raisers"  fatigue  failures 
initiate. 

At  the  phenomenological  level  of  observation  one  finds  that,  after  a  large 
number  of  cycles  of  repeated  stressing,  one  or  more  small  cracks  become  visible; 
these  grow  progressively  with  repeated  stressing  but  without  large  scale  distortion 
of  the  member  such  as  is  visible  under  a  single  static  load.  Cracks  grow  at  an 
accelerated  rate  that  may  be  somewhat  irregular,  depending  upon  the  size  of  the  zone 
of  high  stress  and  the  number  of  cracks  that  are  developing.  Visible  cracks  gradually 
progress  and  join  until,  upon  subsequent  cycling,  they  result  in  final  sudden  fracture 
of  the  part. 

On  the  microscopic  scale  a  metal  appears  to  be  composed  of  an  aggregate  of 
randomly  oriented  and  shaped  crystalline  grains  that  are  far  from  homogeneous. 
Localized  inelastic  deformations  in  "slip  bands"  develop  within  parts  of  crystals  in 
highly  stressed  zones.  Upon  subsequent  repeated  stressing  the  slip  bands  multiply  until 
at  least  a  portion  of  the  crystalline  grains  are  greatly  fragmented.  The  development 
of  damage  is  a  statistical  process  depending  largely  upon  chance  orientation  and 
distribution  of  the  weaker  crystals  and  hardening  constituents  in  the  highly  stressed 
zones. 

In  general,  fatigue  cracks  initiate  in  the  exposed  surface  of  a  metal  part  unless 
unusual  circumstances  or  specialized  processing  treatments  develop  surface  layers  of 
substantially  higher  strength  than  the  interior.  The  surface  represents  an  imperfection 
in  the  atomic  lattice  arrangement  of  the  crystals  since  this  layer  is  not  confined  by 
bonds  with  adjoining  grains.  A  free  surface  is  thus  more  susceptible  to  the  initiation 

of  disruptions  and  voids  that  lead  up  to  the  initiation  of  a  fatigue  crack. 

£ 

Forsyth  (1)  and  Wood  (2)  have  shown  by  observations  on  a  microscale,  that 
cyclic  stressing  first  develops  a  set  of  localized  slip  bands  which  gradually  widen  into 
a  "striation"  by  a  mechanism  that  consists  of  a  to  and  fro  slipping  on  closely 
spaced  bands  or  adja  cent  planes  under  the  reversals  of  loading.  Forsyth  indicates 
that  the  spacing  between  the  striations  is  that  of  the  slip  bands  produced  on  the  first 
stress  cycle  and  that  the  number  of  deformed  zones  appearing  on  the  face  of  the  crystal 
is  proportional  to  the  stress  level  in  the  region  involved.  This  to  and  fro  slippage 
results  in  notches  and  ridges  in  the  surface  by  a  sort  of  "ratchet"  mechanism,  leaving 
small  crevasses  surrounded  by  slight  hills.  In  some  instances  actual  extrusions  have 
been  raised  out  of  the  surface  with  neighboring  intrusions  which  constitute  voids  or 
cracks  in  the  surface.  With  the  aid  of  the  electron  microscope,  Love  (3)  and  Craig  (4) 
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found  that  minute  fatigue  cracks  could  be  detected  within  the  striations  at  an  extremely 
early  stage  of  the  fatigue  process  (as  low  as  one  tenth  of  1  per  cent  of  the  nominal 
fatigue  life).  Thus,  permanent  progressive  damage  is  formed  by  the  generation  of 
vacancies  and  microscopic  voids  within  the  slip  band  striations.  Upon  subsequent 
cycling  these  voids  will  grow,  join,  and  finally  result  in  a  visible  crack. 

These  observations  emphasize  the  localized  nature  of  the  generation  of  voids  and 
the  development  of  large  inelastic  deformations  on  a  microscale  as  contrasted  to  the 
general  yielding  that  occurs  under  excessive  static  loading.  They  further  emphasize 
the  statistical  nature  of  the  phenomenon  in  which  the  initiation  of  slip  and  striations 
and  the  development  oi  voids  takes  place  in  a  random  agglomeration  of  anisotropic 
crystals  with  mixed  phases  of  constituents  having  elastic  characteristics  that  differ 
physically  from  the  matrix.  Textural  stresses  on  a  microscale  are  undoubtedly 
developed  at  interfaces  between  the  various  constituents  because  of  their  differences  in 
physical  and  mechanical  characteristics.  These  variations  in  microstress  together  with 
the  road  blocks  to  the  development  of  cracks  offered  by  grain  boundaries  between  the 
various  constituents  and  impurities,  contribute  markedly  to  the  many  chance  effects 
that  control  the  initiation  of  voids  and  the  generation  or  development  of  cracks  in 
commercial  metals  as  the  repeated  stressing  progresses. 

In  appraising  progressive  damage  from  this  viewpoint  it  is  not  difficult  to  see 
v/hy  large  amounts  of  scattering  in  fatigue  life  occur.  Even  under  carefully  controlled 
laboratory  conditions  using  duplicate  test  specimens  from  the  same  bar,  it  is  not 
unusual  to  encounter  ratios  of  10  to  1  in  cycles  of  a  given  stress  to  fracture.  Further¬ 
more,  it  is  seldom  feasible  economically  to  run  enough  experiments  to  obtain  the 
statistical  information  necessary  to  design  a  part  for  limited  life  with  a  predictable 
degree  of  certainty.  Because  of  the  added  uncertainties  that  occur  in  the  actual  service 
loadings  and  minor  differences  in  manufacturing  tolerances  and  procedures,  it  becomes 
impossible  to  predict  accurately  a  precise  fatigue  life  for  an  individual  member  such 
as  an  airplane  wing. 

Most  of  the  basic  concepts  of  the  mechanism  of  failure  at  the  atomic  level  have 
been  built  upon  dislocation  theory  from  idealized  pictures  of  movements  of  edge  and 
screw  dislocations  within  the  crystalline  lattice.  That  is,  movement  by  slip  within  a 
crystalline  lattice  is  visualized  as  a  step  by  step  displacement  of  a  dislocation  or 
mismatch  in  the  regularly  spaced  atoms  of  the  lattice.  Thus  far  the  theory  is  not 
sufficiently  advanced  to  deal  successfully  with  polycrystalline  metals  and  the  multitude 


of  foreign  atoms  present  in  commercial  metals,  nor  with  the  complexities  introduced 
by  reversal  and  repetition  of  stress.  Recent  studies  of  direct  observations  of 
dislocation  behavior  have  taken  the  dislocation  concept  out  of  the  realm  of  imagination 
and  established  it  as  a  reality.  Such  studies  include  electron  microscope  observations 
of  thin  films  of  stainless  steel  and  aluminum  (5)  and  etch  pit  studies  of  lithium  fluoride  (6) 
and  germanium.  Similarly,  two  dimensional  studies  of  bubble  raft  models  to  simulate 
crystal  lattice  action,  illustrate  many  of  the  features  of  dislocation  behavior  and  have 
been  observed  under  cyclic  shear  strains  to  simulate  fatigue  (7).  In  the  bubble  raft, 
fatigue  cracks  develop  and  grow  by  dislocation  interaction  and  movement  rather  than  by 
diffusion  or  condensation  of  individual  vacancies.  The  regions  of  the  bubble  raft  adjacent 
to  the  "crack’'  are  cleared  of  dislocations  which  move  to  develop  the  crack.  Fatigue  tests 
of  aluminum  at  liquid  helium  temperature  by  Rosenberg  (8)  also  suggest  that  cracks 
probably  form  and  grow  due  to  dislocation  motion.  Vacancy  condensation  or  corrosion 
are  not  necessary  to  the  development  of  fatigue  cracks  since  these  processes  are 
practically  inhibited  by  depressing  the  temperature  this  low.  However,  they  may 
contribute  to  fatigue  damage  at  higher  temperatures. 

Keith  and  Gilman  (9)  indicate  three  mechanisms  that  have  been  proposed  to 
account  for  the  fatigue  cracks  seen  to  originate  in  glide  bands  at  or  near  the  surface  of 
a  specimen: 

1.  Dislocation  pile-ups:  densely  packed  groups  of  dislocations  resulting 
from  blocking  by  barriers;  these  act  as  incipient  cracks. 

2.  Surface  contour  changes:  mechanisms  based  on  this  concept  involve 
the  formation  of  notches  due  either  to  back  and  forth  glide  or  to  the 
extrusion  phenomenon.  These  notches  act  as  stress  concentrations 
and  generate  micro- cracks. 

3.  Point  defect  clusters:  accumulations  of  point  defects,  especially 
vacancies  which  result  from  non- conservative  dislocation  motions,  weaken 
the  glide  planes.  Fatigue  cracks  may  develop  as  a  result  of  stress 
concentrations  around  such  clusters. 

The  dislocation  pile-up  concept  requires  the  presence  of  obstacles  to  motion 
over  an  extended  area;  these  are  difficult  to  conceive  of  as  being  present  and  of 
sufficient  strength.  Keith  and  Gilman’s  observations  suggest  there  is  little  change  in 
dislocation  density  after  a  few  strain  cycles  in  lithium  fluoride  crystals.  They  prefer 
the  mechanism  of  point  defect  clusters  which  coalesce  into  cracks  during  repeated 


loading.  The  continual  creation  of  new  point  defects  would  result  in  an  increase  in  the 
maximum  size  of  clusters  until:  (a)  the  cluster  would  attain  a  critical  size  to 
constitute  a  stable  crack,  or  (b)  the  glide  band  would  become  so  perforated  with  point 
defect  clusters  that  the  remaining  material  would  tear  under  the  influence  of  stress. 

Since  most  of  the  theory  and  observations  on  the  dislocation  activity  have  been 
confined  to  relatively  pure  crystals,  it  is  difficult  to  extend  the  observations  to 
polycrystalline  metals  of  commercial  quality  because  of  the  presence  of  many  foreign 
atoms,  hardening  constituents,  non- metallic  inclusions,  etc.,  and  the  reversals  of 
stressing  which  complicate  the  phenomena.  There  is  also  a  wide  gap  between  the 
observations  on  a  single  crystal  and  an  evaluation  of  the  modifying  influences  of  the 
heterogeneous  conditions  in  a  commercial  metal.  Presently  there  is  no  method  of 
statistical  analysis  by  which  one  can  predict  quantitatively  the  behavior  of  a  poly¬ 
crystalline  metal  from  the  concepts  of  dislocation  movement  in  a  single  crystal.  There¬ 
fore,  the  engineer  finds  greater  satisfaction  out  of  the  inferences  obtained  from  the 
micro- mechanisms  of  progressive  fracture.  However,  even  these  concepts  have  to 
be  utilized  on  a  qualitative  basis  and  evaluated  quantitatively  by  means  of  carefully 
planned  and  conducted  experimental  programs. 

ENGINEERING  DESCRIPTION  OF  CUMULATIVE  FATIGUE  DAMAGE 

In  this  section  a  simplified  "mental  picture"  of  the  development  of  cumulative 
fatigue  damage  is  based  on  the  foregoing  observations,  and  a  mathematical  relationship 
is  developed  for  the  prediction  of  fatigue  life  under  complex  stress  history.  The 
resulting  equations  for  fatigue  life  are  compared  with  extensive  experimental  data  on 
small  samples  of  material  to  establish  the  validity  of  the  simplifying  assumptions  and  to 
e  valuate  a  parameter  of  the  material  which  expresses  rate  of  propagation  of  damage 
nucleii.  In  the  balance  of  the  paper  this  relation  is  extended  to  a  consideration  of  the 
implications  with  regard  to  the  fatigue  behavior  of  structures  under  complex  stress 
history,  with  a  specific  example  to  illustrate  the  application  and  the  evaluation  of  the 
parameters  which  affect  the  fatigue  life. 

A  useful  engineering  description  of  fatigue  damage  must  be  simple  and  must 
combine  the  important  variables  into  mi  expression  that  predicts  fatigue  life  accurately 
and  reliably.  One  simple  expression  that  has  been  widely  used  is  the  linear  summation 
of  cycle  ratios  hypothesis, 

Sn/N  =  1 

where  n  is  the  number  of  cycles  sustained,  and  N  is  the  nominal  life  at  stress  a. 
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The  most  obvious  defect  in  this  simple  expression  is  that  it  does  not  give  accurate 
estimates  of  fatigue  life.  Inherently,  this  hypothesis  erroneously  assumes  that  the 
stress  history  has  no  effect  upon  the  response  of  the  material  to  subsequent  cycles 
of  repeated  loading  and  that  stresses  below  the  fatigue  limit  develop  no  damage. 

As  an  alternative,  the  mechanism  of  the  development  of  fatigue  damage  has 
been  introduced  by  the  authors  into  the  development  of  an  equation  which  possesses 
the  desired  simplicity  and  accuracy  by  including  the  important  influence  of  previous 
stress  history  (10).  That  is,  fatigue  damage  is  visualized  in  terms  of  the 
accumulation  of  submicroscopic  or  microscopic  cracks  which  propagate  with  each 
cycle  of  stress,  with  the  number  of  cracks  and  rates  of  propagation  dependent  upon 
the  stress  levels.  In  general,  the  development  of  any  void  or  disruption,  even  of  sub- 
microscopic  size,  constitutes  irreparable  fatigue  damage  if  larger  than  some  lower 
limiting  stable  size.  The  mechanism  of  crack  growth' probably  consists  of  a  gradual 
preferential  enlargement  of  sub- microscopic  voids  until  eventually  they  join.  The 
development  may  include  jumping  together  by  static  fracture  of  some  of  the  small 
regions  between  neighboring  voids.  Observation  with  the  electron  microscope  reveals 
several  short  cracks  within  one  slip  band  striation,  each  of  which  exhibits  a  jagged, 
irregular  shape.  This  suggests  that  crack  joining  may  constitute  a  significant  part  of 
crack  growth. 

This  leads  to  the  concept  that  two  cf  the  factors  governing  the  fatigue  life  are: 

(a)  the  number  of  voids  or  cracks  formed,  and'  0))  the  rate  of  propagation  of  these 
cracks.  In  the  analysis  which  follows  the  ’’damage"  is  visualized  as  the  accumulation 
of  voids  or  cracking  expressed  in  terms  of  the  number  of  nuclei  formed  and  the  rate  of 
propagation  of  these  nuclei.  The  number  of  damage  nuclei  (visualized  as  sub- microscopic 
voids)  that  form  throughout  a  critical  section  of  the  member  will  increase  as  the  stress 
increases.  Thereafter,  the  damage  is  propagated  at  rates  that  increase  with  number 
of  cycles  or  that  increase  if  the  stress  amplitude  increases.  Once  formed,  the  damage 
at  any  nucleus  may  continue  to  be  propagated  at  stress  levels  lower  than  that  required 
to  initiate  damage. 

Changes  in  the  structure  of  the  material  are  caused  by  extensive  localized  slip 
and  in  some  cases  by  precipitation  and  phase  changes  in  metasable  materials.  In 
addition,  residual  stresses  on  the  microscopic  and/or  macroscopic  scales  may  be 
introduced  or  modified  during  repeated  cycles  of  stress.  While  these  changes  continue 
almost  indefinitely,  they  occur  rapidly  during  the  early  cycles  of  stress,  and  the  rate  of 
change  during  later  cycles  of  stress  is  frequently  very  small.  In  terms  of  fatigue  life, 
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it  is  this  "modified"  structure  that  is  significant  in  progressive  fracture.  Since  the 
highest  stress  experienced  produces  the  largest  changes  in  the  structure,  this  peak 
stress  determines  the  modified  structure  and  number  of  damage  nuclei.  Extensive 
experimental  data  (11)  have  established  these  hypotheses  for  cumulative  fatigue  damage; 

(a)  The  fatigue  lives  determined  from  different  complex  stress  histories  are  each 

proportional  to  the  fatigue  life  from  a  constant  amplitude  test  at  the  peak  stress. 

(b)  The  process  described  as  crack  propagation  includes  practically  the  entire  fatigue 

life  of  the  specimen. 

(c)  The  rate  of  propagation  is  governed  by  the  amplitude  of  the  repeated  stress  and  the 

modified  structure  of  the  material. 

In  order  to  account  for  the  damage  that  occurs  in  the  structure  during  a  random 
stress  history  it  is  convenient  and  adequate  to  equate  this  to  the  damage  that  would  occur 
during  constant  amplitude  cycling  at  the  peak  stress  only.  During  cycling  at  any  stress 
(o-p  the  corresponding  fatigue  damage,  D^,  is  expressed  as 

D4  =  m.r.N.  &i  (1) 

where  m.  is  the  number  of  initial  crack  nuclei  that  were  formed  and  eventually  join  to 

contribute  to  the  final  failure  of  the  member.  The  quantity  r.  is  a  coefficient  of  crack 

1  ai 

propagation  for  the  modified  structure  of  the  material,  and  the  term  N.  ,  expresses 
increasing  rate  of  crack  propagation  with  increasing  numbers  of  cycles  of  stress. 

Since  the  modified  structure  of  the  material  is  determined  by  the  peak  stress  during  the 
crack  initiation  stage,  r.  may  be  expressed  as  a  function  of  stress  as 

ri = ^ 

Experiments  have  shown  that  the  exponent  "a"  may  be  taken  as  a  constant  for  all  values 
* 

of  o-j. 

The  assumptions  introduced  describe  the  phenomenon  of  cumulative  fatigue 
damage  with  the  same  degree  of  accuracy  as  the  measurement  of  fatigue  life  in  carefully 
controlled  experiments,  It  is  undoubtedly  true  that  refinements  might  be  made  in- the 
theory;  however,  at  the  present  time  it  is  not  possible  to  experimentally  evaluate  such 
refinements  from  fatigue  life  measurements.  Conversely,  a  point  of  diminishing  returns 
probably  has  been  reached  beyond  which  the  theory  and  expression  for  fatigue  life  may 
become  only  more  complicated  without  improving  the  accuracy  of  the  estimates. 
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This  means  that  crack  propagation  at  different  stress  amplitudes  may  be  described 
by  a  family  of  curves  of  the  same  mathematical  form. 


PREDICTION  OF  FATIGUE  LIFE  DURING  COMPLEX  STRESS  HISTORIES 


For  several  different  stress  levels,  crj>  <72>  a3»  t^ie  variation  in  fatigue  damage 
with  number  of  cycles  may  be  represented  from  Eq.  1  as  shown  in  Fig.  1.  Fatigue 
damage  accumulation  is  shown  by  smooth  curves  with  increasing  slope  which  reach 
100  per  cent  damage  at  failure.  The  influence  of  a  previous  stress  history  is  introduced 
by  using  for  the  number  of  nuclei,  m^»  that  contribute  to  the  final  fracture,  the  value 
governed  by  the  peak  stress.  Once  initiated,  cracks  are  propagated  throughout  the 
remaining  life.  Thus,  for  a  complex  stress  history  involving  three  levels  of  stress, 
a 2>  and  tfgj  damage  may  be  pictured  as  accumulating  as  illustrated  in  Fig.  2. 

Note  that  m^  is  the  same  for  all  three  curves  in  Fig.  2;  however,  r^  and  r^  describe 
the  rate  of  propagation  in  the  metal  modified  by  cycles  of  cr^.  For  a  finite  number  of 
steps  in  a  stress  history,  individual  terms  derived  from  Eq.  1  may  be  summed  as 
increments  of  damage.  If  the  stress  history  consists  of  a  large  number  of  steps  or 
blocks,  it  is  convenient  to  represent  the  total  damage  by  a  summation  of  the  individual 
contributions  AD,  as: 


D  =  SAD  = 


f  N 

I' 


dD 


(3) 


in  which  N  is  the  total  number  of  stress  cycles  for  failure.  By  equating  this  damage 

O 

at  failure  with  that  from  Eq.  1  for  constant  amplitude  cycling  at  the  peak  stresses,  the 
expression  for  total  life  under  a  complex  stress  history  is  obtained: 


Sai  (ri,/r1)1//a 


(4) 


where  a.  is  the  percentage  of  cycles  at  each  stress  a.  and  the  subscript  1  refers  in 
each  case  to  the  quantities  associated  with  cycling  at  the  peak  stress.  In  this  expression, 

.  i  /a 

the  ratio  (r^  /r^)  represents  a  group  of  parameters  involving  relative  rates  of 
propagation  of  voids  and  whose  value  dependsonly  upon  the  amplitude  of  the  stresses, 
ai  and  the  peak  stress,  for  convenience  this  ratio  will  be  referred  to  as  R*/a. 

Two- stress  repeated-block  stress  histories,  of  the  type  shown  in  Fig.  3,  have 
been  employed  to  investigate  the  dependence  of  fatigue  life,  N  ,  upon  values  of  a^,  the 

O 

percentage  of  cycles  at  the  peak  stress.  For  a  variety  of  pairs  of  stress  levels  Eq.  4 
adequately  described  the  total  fatigue  life,  N^,  as  shown  in  Fig.  4  for  7075 -T6 
aluminum  alloy.  Values  of  the  quantity  R*/a  which  best  fitted  the  data  for  each 
combination  of  and  o  ^  were  employed  to  compute  the  solid  lines  in  Fig.  4,  The 


HEMATIC  REPRESENTATION  OF  ACCUMULATION  OF  FATIGUE  DAMAGE  DURING 
COMPLEX  STRESS  HISTORY  INVOLVING  THREE  STRESS  AMPLITUDES 
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excellent  agreement  obtained  for  each  pair  of  stresses  confirmed  the  linear  variation 
of  fatigue  life  with  and  indicated  by  Eq.  4. 

In  Fig.  4  the  value  of  peak  stress  was  50, 000  psi  and  the  values  of  a  2  were  as 
indicated  for  the  different  sets  of  data.  Note  that  each  point  shown  represents  the 
mean  (or  median)  value  from  a  group  of  approximately  20  specimens.  For  this  alloy 
three  other  values  of  perk  stress,  (ffj  =  70,  000  psi,  60, 000  psi  and  40, 000  psi)  were 
also  employed  resulting  in  similar  diagrams. 

From  this  large  amount  of  data  and  the  values  determined  for  the  ratio  R^/a 
it  was  possible  to  study  the  relation  between  this  parameter  and  the  relative  stress 
levels.  In  Fig.  5,  the  experimentally  determined  values  of  the  quantity  R^/a  are  plotted 
as  a  function  of  the  ratio  (cr/o^);  it  is  evident  that  a  straight  line  passing  through  the 

origin  represents  adequately  all  of  the  data  shown.  Thus,  the  relationship  may  be 
expressed: 

R1/a  =  (r.'/r//*  =  (cr./cr/  <5) 

where  d  is  the  slope  of  the  line  in  Fig.  5.  Substituting  into  Eq.  4  gives  the  following 
simplified  expression  for  total  fatigue  life: 


Sa.  (ai  /(r  1)d 

By  employing  this  expression  and  the  value  of  "d"  found  in  the  two- stress 
experiments,  the  life  was  predicted  for  a  group  of  specimens  subjected  to  tests 
involving  various  complex  stress  histories  at  different  levels  of  stress.  One  typical 
complex  stress  history  used  is  shown  in  Fig.  6;  the  stress  amplitude  is  plotted  versus 
the  number  of  cycles  in  each  sequence  which  consisted  of  a  total  of  10, 000  cycles. 

This  pattern  was  repeated  a  number  of  times  in  each  experiment.  Typical  analyses  of 
the  number  of  cycles  applied  for  each  stress  increment  are  shown  in  Fig.  7,  in  which 
the  stress  amplitude  is  plotted  as  ordinate  and  the  corresponding  fraction  of  total 
life  eq  is  the  abscissa.  A  total  of  26  different  complex  stress  histories  were  applied 
to  a  group  of  four  different  metals  (two  aluminum  alloys  and  two  steels).  For  these 
experiments,  the  ratio  of  the  experimentally  measured  life  Ne,  to  the  life  calculated 
from  Eq,  6  is  shown  in  Fig.  8.  The  data  are  separated  into  four  groups  corresponding 
to  the  four  different  metals,  and  arranged  in  terms  of  the  peak  stress  applied  during 
the  complex  stress  history.  Each  open  circle  represents  data  from  20  identical  wire 
specimens  subjected  to  a  complex  stress  history.  It  should  be  noted  that  many  of  the 
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PIG.  8  COMPARISON  OP  ESTIMATED  (EQ..  6)  AND  MEASURED  VALUES  OF  FATIGUE  LIFE 
FOR  VARIOUS  COMPLEX  STRESS  HISTORIES  (ll) 


points  are  within  the  range  of  +  10  per  cent  of  the  lif"-  predicted  by  Eq.  6.  Within  a 
range  of  +  20  per  cent,  22  out  of  the  26  points  are  included.  Three  of  the  points  outside 
of  this  range  are  for  a  hard  drawn  steel  wire  which  is  known  to  be  susceptible  to  strain 
aging;  the  long  lives  exhibited  by  some  of  the  steel  specimens  were  attributed  to  this 
phenomenon,  which  is  not  acdounted  for  by  Eq.  6.  In  addition  to  the  open  circles 
shown  in  Fig.  8,  the  two-stress  repeated -block  experiments  are  represented  by  small 
dots.  In  viewing  the  data  as  a  whole  it  is  encouraging  that  the  great  cluster  of  points 
fall  within  the  region  of  +3.0  per  cent  which  is  exceptionally  close  when  one  considers 
the  wide  scatter  to  be  expected  in  fatigue  life  of  similar  specimens. 

It  is  of  interest  to  compare  Eq.  6  with  the  linear  summation  of  cycle  ratios 
hypothesis  which  may  be  rewritten  in  terms  of  the  present  notation  as: 

N1 

N  =  - - -  (7) 

S  2a  (N:/N) 


In  this  form  the  similarity  with  Eq.  6  is  striking.  The  terms  are  identical  except 
that  the  ratio  in  the  denominator  N,  /N.  has  been  replaced  in  Eq.  6  by  the  ratio 
£\/<r.|)  .  Fig.  8  illustrates  that  Eq.  6  has  achieved  accuracy  and  reliability  while 
maintaining  simplicity  of  mathematical  form.  The  advantage  of  Eq.  6  is  evident  when 
it  is  noted  that  cycles  of  stress  considerably  below  the  fatigue  strength  contribute  damage 
if  the  previous  stress  history  includes  cycles  of  stress  above  the  fatigue  strength. 

Eq.  7  assumes  that  these  cycles  of  low  stress  do  no  damage;  however,  the  data  of 
Fig,  4  indicate  that  this  is  not  a  correct  assumption  and  that  predictions  based  on  the 
linear  accumulation  of  cycle  ratios  may  greatly  overestimate  the  actual  fatigue  life. 

A  simple  interpretation  may  be  made  by  comparing  the  expressions  in  the 
denominators  of  Eqs.  6  and  7  with  the  conventional  cr-N  diagram  shown  in  Fig.  9.  The 
quantities  and  represent  the  lives  from  constant  amplitude  experiments  and 
correspond  to  points  on  this  diagram  for  given  stress  levels.  The  upper  portions  of 
a-N  curves  are  frequently  straight  lines  when  plotted  on  logarithmic  scales  and  may  be 
represented  by  expressions  of  the  form 

5  N, 


vd,_ 


(X  )'  -  X  (8) 

al  iNi 

The  ratio  of  (a./a1)u  in  Eq.  6  may  be  interpreted  as  defining  a  second  straight  line  of 
slope  1/d  (a  modified  <7-N  curve)  as  illustrated  by  the  dotted  line  in  Fig.  9.  This  line 
simulates  behavior  of  the  modified  structure  of  the  material  and  the  response  to  cycles 


6 16 


SHOWING 

iE  modif: 


of  stress  after  application  of  peak  stresses.  This  modified  curve  may  be  higher  than, 
may  coincide  with,  or  may  be  lower  than  the  conventional  cr-N  diagram,  depending 
upon  the  shape  of  the  member  and  the  stress  history. 

Thus,  the  parameter  "d"  in  Eq.  6  provides  the  necessary  flexibility  to  estimate 
accurately  the  fatigue  life  associated  with  a  random  stress  history  without  complicating 
the  mathematical  form  of  the  equation.  Appropriate  values  of  "d"  are  known  only  for 
a  few  components;  in  specific  cases  the  value  of  "d"  may  be  determined  from  a  simple 
two- stress  repeated -block  experiment  of  the  type  shown  in  Fig.  3  and  a  plot  of  the 
data  as  shown  in  Fig.  5.  In  some  instances  a  value  may  be  estimated  by  assuming  "d" 
is  approximately  equal  to  the  inverse  slope  of  the  a-N  curve  (Fig.  9).  The  trends  in 
the  value  of  that  have  been  observed  for  aluminum  alloys  are  summarized  in  Table  1. 


TABLE  1 


Comparison  of  the  Values  of  d  and  6,  the  Inverse  Slopes  of  the  Modified  and 
Conventional  a-N  Curves,  for  Aluminum  Alloys 


Type  of  Specimen 

Type  of  Loading 

*  mm'  max 

d  vs  6 

Reference 

1.  Standard  small 
unnotched  and 
notched  rotating 
beam 

Various  multi - 
stress  spectrums 

-1 

d<6 

a,  b,  c,  d 

2.  Unnotched  rotating 
deflected  wire 
struts,  as  drawn 

Various  multi¬ 
stress  spectrums 

-1 

d>6 

e 

3.  Axially  loaded 
sheet  specimens 
(a)  unnotched 

Two- stress 
repeated -block 

* 

-1 

d<  5 

f 

0 

d>  S 

g 

(b)  notched  and 
riveted  joints 

0  to, 5 

d>  6 

g 

4.  Wing  panels  in 
bending 

Various  three  level 
and  multi  level  load 
spectrums 

d>  6 

h,d,i 
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APPLICATION  TO  FATIGUE  LIFE  OF  STRUCTURES 


In  general,  the  mechanisms  leading  to  the  initiation  and  propagation  of  cracking 
in  a  composite  structure  are  identical  with  those  already  discussed  in  connection  with 
failure  of  material.  The  main  differences  are  that  the  designer  is  confronted  with  more 
uncertainties  in  determining  the  critical  locations  and  the  significant  ranges  and  states 
of  stress  to  which  his  structure  will  be  subjected. 

In  carrying  over  concepts  of  the  fatigue  mechanism  to  the  behavior  of  a  composite 
structure,  several  additional  factors  must  be  given  careful  consideration.  In  general, 
a  composite  fabricated  structure  will  have  shorter  life  than  estimated  on  the  basis  of 
tests  of  simple  specimens  for  the  following  reasons: 

1.  Fatigue  cracks  can  be  expected  to  originate  at  rivets,  bolts,  welded  seams, 
or  other  discontinuities  developed  by  methods  of  fastening  or  joining  the  components. 
These  develop  severe  stress  raising  effects  that  are  difficult  to  appraise  in  simple  tests. 

2.  The  multiplicity  of  stress  raisers  in  composite  structures  may  have  the 
effect  of  multiplying  together  the  strength  reductions  caused  by  each  of  two  or  more 
separate  factors;  for  example,  a  rivet  hole  put  through  a  wing  spar  in  the  neighborhood 
of  a  change  in  section  such  as  a  fillet,  may  effectively  multiply  the  stress  concentration 
factor  for  the  hole  by  the  stress  concentration  factor  for  the  fillet. 

3.  Fabrication  techniques  often  develop  patterns  of  stresses  locked  into  the 
completed  structure  that  are  not  only  difficult  to  measure  but  which  may  be  altered  by 
the  first  few  cycles  of  imposed  loading  in  service. 

4.  Because  of  fabrication,  differences  may  exist  from  directional  characteristics 
due  to  rolling,  forging,  extruding  or  to  cold  deformations  in  forming  and  fastening 
procedures. 

5.  Fretting  action  at  joints  and  fasteners  develops  a  severe  reduction  in 
strength  that  is  difficult  to  simulate  in  a  simple  laboratory  specimen. 

6.  Laboratory  conditions  seldom  fully  simulate  the  service  environment;  loading 
conditions,  temperature  and  atmosphere,  and  the  constraints  from  attachments  cannot 
readily  be  reproduced  in  simple  specimens.  Unless  operating  conditions  and  failure 

are  identical  in  the  laboratory  specimen  with  that  observed  in  service,  any  comparisons 
of  relative  fatigue  life  are  worthless. 

7.  Large  sized  components  usually  exhibit  lower  fatigue  strength  than  small 
models  even  though  geometrically  similar  in  shape. 
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These  factors  so  complicate  the  estimate  of  the  response  of  the  structure  to 
repeated  loads  that  an  experienced  engineer  finds  it  difficult  to  place  full  confidence  in 
design  calculations.  Consequently,  it  has  become  common  practice  to  fatigue  test 
critical  components  and  entire  structures  to:  (a)  locate  fatigue  sensitive  details,  and 
(b)  check  the  estimates  of  fatigue  life.  Constant  amplitude  experiments  are  often  used 
in  place  of  service  simulating  load  tests.  While  many  uncertainties  are  answered  by 
such  tests,  the  question  of  the  service  fatigue  life  remains  unanswered.  It  is  at  this 
stage  of  the  design  that  a  reliable  theory  of  cumulative  fatigue  damage  is  most  useful. 

As  with  small  laboratory  specimens,  the  response  of  the  structure  that  is  of 
primary  interest  occurs  only  after  the  structure  has  been  subjected  to  a  number  of  loads 
near  peak  amplitude.  Available  data  suggest  that  the  fatigue  sensitive  areas  encountered 
in  service  may  not  coincide  with  fatigue  sensitive  areas  found  in  constant  amplitude  low 
stress  fatigue  tests  (12).  In  some  cases  fatigue  sensitive  areas  found  in  service  have 
correlated  well  with  those  found  from  constant  amplitude  experiments  at  high  loads  (13). 

It  appears  that  this  problem  requires  additional  careful  investigation.  The  available 
evidence  suggests  the  importance  of  placing  primary  concern  on  "peak  stress  modified 
structures"  instead  of  the  original  structure. 

Attention  will  now  be  directed  to  presenting  (by  means  of  a  practical  example) 
a  procedure  for  estimating  the  fatigue  life  of  a  structural  component.  The  solution  may 
be  divided  for  convenience  into  three  phases:  (a)  analysis  of  the  service  load  spectrum, 

(b)  determining  the  response  of  the  member  to  repeated  loads  as  measured  by  the  c-N 
diagram,  and  (c)  prediction  by  means  of  a  cumulative  damage  expression  (Eq.  6)  relating 
the  spectrum  of  service  loads  to  the  conventional  a-N  diagram. 

Several  years  ago  sufficient  data  on  a  fabricated  steel  structural  component 
became  available  to  the  authors  on  each  of  these  three  phases  along  with  actual  data  on 
service  performance  to  provide  interesting  comparisons.  Loads  varying  above  zero  in  one 
direction  occurred  as  shown  schematically  in  Fig.  10.  This  or  a  similar  sequence  was 
repeated  periodically.  Laboratory  fatigue  data  were  obtained  for  zero  to  maximum 
loading  of  the  structure.  The  load  spectrum  was  analyzed  by  reducing  each  load  to  an 
"equivalent"  zero  to  maximum  load  based  on  a  (soderberg)  mean  stress- alternating 
stress  diagram.  From  a  plot  similar  to  Fig,  7  it  was  found  that  a  straight  line 
adequately  represented  the  sample  of  load  history  data.  The  load  spectrum  was  tabulated 
as  shown  in  Table  2,  listing  intervals  of  load  amplitude  and  the  frequency  of  occurrence 
of  loads  in  each  interval.  From  the  load  spectrum  a  peak  value  of  load,  T^,  was  chosen* 
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The  peak  value  of  load,  T^,  was  limited  by  service  operation.in  many  cases  the  peak 
value  of  load  is  not  limited.  It  appears  that  a  value  of  peak  load  corresponding  to  aj_ 
from  0.001  to  0.01  may  be  appropriate. 


and  the  life  corresponding  to  constant  amplitude  test  data  at  load  was  determined. 

All  necessary  quantities  thus  were  available  except  the  value  of  d.  The  inverse 
of  the  slope  of  the  a-N  diagram  was  4.8  and  a  reasonable  value  of  d  was  chosen  as  4.0. 
Using  these  values  in  Eq,  6,  the  fatigue  life  was  estimated  at  5.08  x  10^  cycles  as  shown 
in  Table  2.  The  component  operated  in  a  series  of  approximately  repeated  sequences  of 
the  type  shown  in  Fig.  10.  Based  on  an  estimate  of  150  cycles  per  sequence  and  60 
sequences  per  day,  the  life  in  days  was  calculated  as  56  days.  Service  records  for 
several  components  that  "failed  in  service  showed  lives  ranging  from  approximately 
35  days  to  70  days  of  operation.  These  components  were  installed  consecutively  in  the 
same  apparatus  and  thus  represent  average  life  times  (not  the  shortest  lives  of  a  large 
group).  Considering  the  many  uncertainties  involved  in  the  analysis  (including  only  a 
sampling  of  the  load  spectrum,  incomplete  tr-N  data,  and  uncertainty  as  to  the  frequency 
of  operation)  the  agreement  between  the  estimated  life  and  the  observed  lives  was 
considered  to  be  excellent.  This  example  demonstrates  that  even  with  numerous 
uncertainties  present,  analysis  plus  the  exercise  of  good  judgment  may  provide  estimates 
of  life  that  can  be  accurate  within  a  factor  of  less  than  2. 


TABLE  2 


Computation  of  Average  Fatigue  Life  of  Structural  Component  Based  on  "Equivalent 

Zero-to-a-Maximum  Load  Spectrum 

Tj  =  9000  lb,  d  =  4.0 


Load  Increments 
lb 

^mean 

Ti/Tl 

(T^f 

a. 

l 

a.CT./Tj) 

8800-8000 

8400 

0.93 

0.76 

0.004 

.0030 

8000-7200 

7600 

0. 85 

0.51 

0.007 

.0036 

7200-6400 

6800 

0.76 

0.33 

0.014 

.0046 

6400-5600 

6000 

0.67 

0.20 

0.026 

.0052 

5600-4800 

5200 

0.58 

0.11 

0.048 

.0053 

4800-4000 

4400 

0.49 

0.057 

0.089 

.0051 

4000-3200 

3600 

0.40 

0.026 

0.164 

.0043 

3200-2400 

2800 

0.31 

0.0094 

0.307 

.0029 

2400-1600 

2000 

0.22 

0.'  0024 

0. 184 

.0004 

1600-800 

1200 

0. 13 

0.0003 

0. 156 

.0000 

800-0 

400 

0.04 

-- 

0 

-- 

.0344 


2a^  (Ti/T1)d  =  0.0344 


N, 


2a.  (Ti/T1)t 


N, 


0.0344 


29.1  Nx 


Nj  =  1,7  x  10^  cycles  from  laboratory  data. 

N  =  5,08  x  105  cycles 
g 

or  56  days  at  9000  cycles  per  day. 


Therefore,  the  predicted  life, 
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IMPORTANCE  OF  PROCESS  CONTROL  IN  THE  FATIGUE 
RESISTANCE  OF  STRUCTURAL  MATERIALS 

By 

J.  R.  Kattus 

Southern  Research  Institute 
Birmingham,  Alabama 

ABSTRACT 

Fatigue  data  for  commercial  structural  alloys  and  for  fabricated 
parts  are  almost  always  widely  scattered  and  must  be  treated  statis¬ 
tically  for  proper  interpretation.  The  inconsistency  of  fatigue  data  is 
attributed,  largely,  to  nonuniformities  in  the  structure  of  the  mater¬ 
ials  and  in  the  fabricated  parts  as  a  result  of  improper  process  control. 
An  example  is  given  of  how  one  process  variable — top  ingot  discard — 
affects  the  quality  and  uniformity  of  low- carbon  sheet  steel.  Additional 
examples  show  that  variations  in  soldering  and  welding  processes  have 
pronounced  effects  upon  the  fatigue  resistance  of  welded  and  of 
soldered  joints.  It  is  concluded  that  more  research  and  development 
are  needed  in  the  field  of  process  metallurgy  to  learn  how  optimum 
and  uniform  fatigue  resistance  can  be  obtained  in  structural  alloys  and 
in  fabricated  parts. 
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INTRODUCTION 


It  is  a  commonly  accepted  hypothesis  nowadays  that  fatigue  data  are  naturally 
scattered  and  that  they  must  be  analyzed  statistically  for  correct  evaluation  of  the 
results.  This  point  was  clearly  stated  by  Mehl  and  his  associates  (l)a  several 
years  ago  as  follows:  "Even  the  utmost  care  in  the  preparation  of  specimens  and  in 
the  conduct  of  fatigue  tests  cannot  minimize  the  scatter  in  fatigue  life  and  the 
uncertainty  in  the  fatigue  limit  beyond  a  point  where  statistical  techniques  are 
needed  for  proper  interpretation  of  results.  " 

Such  nonreproducibility  of  fatigue  data  is  a  result,  largely,  of  difficulties  in 
controlling  the  homogeneity  of  materials  during  production.  As  a  consequence, 
commercial  structural  materials  do  not  have  entirely  uniform  structures  and 
properties.  Fabricating  varibles,  as  well  as  production  variables,  can  also  have 
marked  effects  on  fatigue  resistance.-  Grover,  Gordon,  and  Jackson  (2)  warned 
of  these  effects  as  follows:  "Data  from  laboratory  tests  may  provide  helpful  guides, 
but  not  necessarily  data  for  quantitative  design,  since  in  structural  parts  various 
fabrication  effects,  such  as  notches,  cold  work,  a  particular  surface  finish,  heat- 
treating  stresses,  etc.  —each  meaning  a  departure  from  carefully  polished 
specimens — may  exist  concurrently.  " 

Experience  has  shown  that  fatigue  properties  are  more  sensitive  to  structural 
nonhomogeneity  and  to  variations  in  fabricating  techniques  than  are  any  other 
mechanical  properties.  For  this  reason,  fatigue  data  tend  to  be  more  scattered 
than  other  types  of  mechanical-property  data. 

The  great  sensitivity  of  fatigue  resistance  to  many  types  of  structural, 
physical,  and  mechanical  variations  emphasizes  the  importance  of  good  process 
control  to  minimize  these  variations  during  both  the  production  and  the  fabrication 
of  structural  materials.  The  scatter  that  is  almost  invariably  obtained  in  fatigue 
data  shows  that  the  process- control  techniques  employed  at  present  are  not 
adequate  to  produce  materials  of  uniform  fatigue  quality. 

KNOWN  FACTS 

As  a  result  of  previous  research  and  testing  in  the  field  of  fatigue,  much  is 
known  about  the  effects  of  different  process- induced  materials  variables.  It  is 
generally  accepted,  for  example,  that  surface  roughness,  nonmetallic  inclusions 
in  metals,  surface  softening  (decarburization,  alcladding),  hydrogen  embrittle¬ 
ment,  and  stress  concentrations  are  detrimental  to  fatigue  strength  (2,  3,  4,  5). 

On  the  other  hand,  strain  hardening,  surface  hardening  (carburization,  nitriding), 
and  surface  compressive  stresses  (shot  peening,  coining)  are  generally  beneficial 


a.  The  numbers  in  parentheses  refer  to  the  bibliography. 
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to  fatigue  properties  (2,  3,  4,  6)  Residual  stresses  and  small  prestrain  have 
inconsistent  effects  on  fatigue  life — sometimes  increasing,  sometimes  decreas¬ 
ing — depending  upon  the  magnitude  and  the  direction  of  these  stresses  and  strains 

(3,  7). 

In  a  number  of  careful  studies  of  the  factors  that  cause  scatter  in  fatigue 
data,  it  has  been  found  that,  in  metals,  nonmetallic  inclusions  have  the  greatest 
influence  (5,  8,  9,  10).  Epremain  and  Mehl  (8),  for  example,  made  the  follow¬ 
ing  unequivocal  statement:  "Of  the  many  factors  that  can  affect  the  statistical 
behavior  of  fatigue  properties,  inclusions  are  the  most  important.  "  Stulen  (9) 
concluded  that  "In  carefully  prepared  specimens,  the  origin  of  failure  is  almost 
always  at  a  microscopic  nonmetallic  inclusion  which  is  open  to  the  surface  or 
slightly  subsurface."  The  mechanism  of  the  effects  of  nonmetallic  inclusions  in 
high-strength  steel  were  studied  by  Stulen,  Cummings,  and  Schulte  (5,  10). 

They  found  that  in  the  low-stress  long-life  range,  a  single  large  inclusion 
nucleates  fracture.  At  higher  stresses,  cracks  nucleate  at  and  propagate  from 
smaller  inclusions.  At  very  high  stresses,  large  inclusions  are  of  little 
importance,  and  fracture  is  caused  by  the  joining  of  numerous  little  cracks  that 
are  initiated  and  propagated  simultaneously.  In  discussing  this  work  (10),  A. 

M.  Askoy  presented  the  following  comparisons  for  air-melted  and  vacuum- 
melted  4340  steel  all  heat  treated  to  230  ksi  ultimate  strength  level: 

a.  Vacuum,  longitudinal — 114  ksi  endurance  limit 

b.  Vacuum,  transverse— 105  ksi  endurance  limit 

c.  Air,  longitudinal — 90  ksi  endurance  limit 

He  attributed  the  superior  endurance  limits  of  the  vacuum -melted  material  to  its 
lower  content  of  nonmetallic  inclusions. 

PROCESS  CONTROL  IN  PRODUCTION 

All  or  most  of  the  following  processes  are  generally  employed  in  the 
production  of  wrought  steel:  melting,  pouring,  soaking,  slabbing,  cropping, 
reheating,  hot  rolling,  coiling,  pickling,  cold  rolling,  annealing,  and  heat  treat¬ 
ing.  Most  of  the  research  that  has  been  carried  out  on  the  control  of  the  proper¬ 
ties  of  steel  has  been  devoted  to  the  first  and  the  last  processes— melting  and 
heat  treating.  Experience  indicates  that  the  properties  of  steel  are  influenced  by 
small  variations  in  the  thermal  and  mechanical  processes  between  the  melting 
furnace  and  final  heat  treatment.  Although  the  intermediate  processes  are 
subject  to  reasonably  close  control,  very  little  quantitative  information  is  avail¬ 
able  on  the  effects  that  controlled  variations  in  these  processes  have  on  the  final 
properties  of  steel. 

In  order  to  provide  such  information.  Southern  Research  Institute,  under  the 
sponsorship  of  a  large  steel  company,  has  initiated  an  investigation  of  the  effects 


of  a  number  of  intermediate  process  variables  on  the  quality  of  low- carbon  sheet 
steel.  Although  notched  tensile  strength  rather  than  fatigue  strength  is  used  as 
a  measure  of  quality  in  this  work,  some  of  the  initial  results  illustrate  the  need 
for  a  knowledge  of  process  control  if  both  optimum  efficiency  and  optimum  qual¬ 
ity  are  to  be  attained.  Notched  tensile  strength  is  used  because  under  certain 
conditions  it  has  been  found  to  provide  a  quantitative  measure  of  both  strength 
and  formability. 

It  had  been  standard  practice  in  many  steel  plants  to  crop  off  about  30%  or 
more  of  rimmed  ingots  and  to  use  only  the  bottom  70%  or  less  for  their  high- 
quality  products.  The  reasoning  is  that  the  top  of  the  ingot  is  low  in  quality  due 
to  shrinkage  and  gas  porosity  as  well  as  to  segregated  concentrations  of  sulfur, 
phosphorus,  and  inclusions.  Since  no  quantitative  data  were  available  to  justify 
this  procedure,  forty  samples  of  hot-rolled  strips  were  obtained.  Twenty  of  the 
samples  represented  ten  different  ingots  from  a  production  run  in  which  the  top 
30%  of  the  ingots  had  been  discarded;  the  other  twenty  samples  represented  ten 
ingots  from  a  production  run  in  which  only  8%  of  each  ingot  had  been  discarded. 
Visual  comparisons  of  the  notched  tensile  properties  of  the  two  groups  of 
samples  are  given  in  Figure  1,  which  shows  the  normal  frequency  distribution 
curves  for  these  properties.  Also  shown  in  Figure  1  is  the  T  value  for  the  data, 
v/hich  is  a  statistical  measure  of  the  probability  that  there  is  i  significant 
difference  between  the  two  groups  of  data— the  higher  the  T  value,  the  greater 
the  probability  of  a  significant  difference.  The  data  in  Figure  1  show  that  the 
different  degrees  of  top  ingot  discard  had  no  significant  effect  on  the  properties 
of  the  hot-rolled  strip.  These  experiments  show  that  no  improvement  in  the 
quality  of^low- carbon  sheet  steel  is  obtained  by  discarding  30%  rather  than  8%  of 
the  ingot. 

Further  investigation,  however,  showed  that  it  would  be  wrong  to  conclude 
that  reasonable  uniformity  is  obtained  in  the  properties  of  the  sheet  steel  regard¬ 
less  of  the  amount  of  top  ingot  discard.  Figure  2  shows  a  comparison  of  the 
distribution  of  the  notched  ultimate  strengths  of  the  heads  and  tails  of  20  different 
hot-rolled-strip  coils.  The  head  corresponds  to  the  top  of  the  ingots  after  30% 
top  ingot  discard,  and  the  tail  to  the  bottom  of  the  ingots  from  which  the  coils 
were  produced.  The  tail  samples  had  significantly  higher  strength  than  the  heads 
as  shown  visually  and  by  the  large  T  value  in  Figure  2.  It  is  not  known,  as  yet, 
whether  the  inferior  strength  of  the  head  is  a  result  of  nonhomogeneity  that  could  be 
eliminated  by  a  greater  amount  of  top  ingot  discard,  or  whether  some  other  pro¬ 
cess  variables  in  the  reheating,  hot-rolling,  and  coiling  operations  are  respon¬ 
sible  for  the  difference. 

This  information  on  low- carbon  steel  sheet  is  presented  primarily  to  illus¬ 
trate  the  need  for  a  better  knowledge  of  the  effects  of  processing  variables  on  the 
quality  of  structural  materials.  Since  this  type  of  alloy  is  produced  in  greater 
quantities  than  any  other  metal,  it  is  likely  that  process  control  for  its  production 


30%  TOP  INGOT  DISCARD 
8%  TOP  INGOT  DISCARD 


T — 0. 420 

PROBABILITY  THAT  DIFF.  IS  CHANCE—>  0.  5 


Figure  1.  Normal  frequency  distribution  curves  for  notched  tensile 
strength  of  hot- rolled  low- carbon  steel  strip  with  different 
amounts  of  top  ingot  discard. 
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Figure  2.  Normal  frequency  distribution  curves  for  notched  tensile 
strength  of  hot- rolled  low- carbon  steel  strip  showing 
difference  between  heads  and  tails  of  coils  after  30%  top 
ingot  discard. 
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is  as  highly  developed  as  for  any  metal.  If  other  production  processes  intended 
to  improve  the  uniformity  of  materials  are  as  ineffective  as  the  concept  of  30% 
top  ingot  discard  discussed  above,  it  is  no  wonder  that  fatigue  data  are  widely 
scattered  and  inconsistent. 

PROCESS  CONTROL  IN  FABRICATION 

The  degree  and  type  of  control  applied  in  each  of  the  many  processes  by 
which  structural  materials  are  fabricated — machining,  welding,  soldering, 
brazing,  riveting,  drawing,  pressing,  spinning — have  a  pronounced  effect  upon 
the  fatigue  properties  of  the  finished  part.  Two  examples— one  involving 
soldered  joints  and  the  other  involving  welded  joints — will  be  used  to  illustrate 
this  fact. 

In  an  investigation  of  the  fatigue  characteristics  of  soldered  joints  being 
carried  out  for  Army  Ballistic  Missile  Agency  at  Southern  Research  Institute,  it 
was  desired  to  test  straight  soldered  connections  of  two  copper  wires,  the  wires 
being  spaced  about  1/4-in.  apart  by  the  solder.  Various  methods  for  producing 
the  soldered  joints  were  investigated.  Conventional  hand- soldering  methods 
were  entirely  unsatisfactory  for  producing  test  samples  because  of  the  extremely 
inconsistent  properties  of  such  joints.  In  the  first  attempt  to  make  more 
reproducible  joints,  two  fluxed  copper  wires  were  placed  in  a  grooved  mold  with 
the  ends  spaced  1/4  to  3/8  in.  apart.  A  slug  of  solid  solder  alloy  was  placed  in 
the  groove  between  the  copper  wires.  After  the  mold  was  closed,  the  entire 
assembly  was  heated  to  50°  F  above  the  liquidus  temperature  of  the  solder  and 
then  cooled  to  room  temperature  while  slight  inward  pressure  was  applied  to  the 
two  wires.  The  open  circles  in  Figure  3  show  the  fatigue  life  as  a  function  of 
bending  amplitude  of  joints  made  in  this  manner  with  lead-tin  solder.  The  data 
are  extremely  scattered,  the  number  of  cycles  to  failure  varying  by  as  much  as 
a  factor  of  100  at  constant  amplitude. 

Further  studies  with  the  same  solder-joint  mold  showed  that  marked 
improvements  in  both  the  level  and  the  uniformity  of  the  fatigue  data  could  be 
obtained  with  relatively  minor  variations  in  the  soldering  process.  Optimum 
results  were  obtained  when  the  flux  was  eliminated  and  the  ends  of  the  wires 
were  pretinned — coated  with  a  thin  layer  of  solder  by  dipping  into  a  molten  bath- 
before  the  molding  operation.  It  was  also  found  that  thorough  cleaning  of  the  mold, 
the  wires,  and  the  solder  before  each  soldering  operation  is  essential.  Further 
beneficial  effects  were  obtained  by  orienting  the  mold  in  the  vertical  rather  than 
the  horizontal  position  and  by  reducing  the  maximum  temperature  to  the  liquidus 
temperature  of  the  solder.  The  improvement  in  fatigue  properties  obtained  with 
these  processing  techniques  are  illustrated  in  Figure  3  by  the  black- diamond 
points.  The  improved  soldering  process  resulted,  roughly,  in  a  three-fold 
improvement  in  endurance  limit  and  in  a  reduction  in  the  maximum  scatter  of 
the  data  to  a  factor  of  ten  at  constant  amplitude. 
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mproperly  Controlled 


Figure  4  presents  some  fatigue  data  for  butt- welded  5052-H32  aluminum- 
alloy  sheet  as  compared  with  the  unwelded  material.  These  data  are  rather 
inconclusive  regarding  the  merits  of  the  hydrogen  welding  atmosphere  as 
opposed  to  the  inert  atmosphere,  of  the  4043  welding  rod  as  opposed  to  the  5053 
rod,  and  of  the  weld  bead  ground  flush  with  the  surface  of  the  sheet  as  opposed 
to  the  in-tact  weld  bead.  They  do  show,  however,  the  importance  of  the  use  of 
the  proper  welding  process  if  optimum  fatigue  strength  is  desired.  The  optimum 
welding  process,  in  the  data  illustrated,  resulted  in  a  decrease  of  less  than  10% 
in  the  endurance  limit  below  that  of  the  welded  material,  whereas  the  most 
detrimental  process  caused  a  decrease  of  almost  50%  in  the  endurance  limit. 

CONCLUSIONS 

1.  Even  with  the  most  carefully  prepared  specimens  and  controlled  tests, 
fatigue  data  for  commercial  materials  are  widely  scattered,  largely  as  a  result 
of  nonhomogeneity  of  the  materials. 

2.  The  inconsistency  of  fatigue  resistance  is  even  more  serious  in  fabri¬ 
cated  parts  because  improper  control  of  fabrication  processes  can  result  in 
further  scattering  of  fatigue  data. 

3.  Proper  control  of  the  production  processes  and  of  the  fabrication 
processes  is  required  to  obtain  homogeneous  structural  materials  and  fabricated 
parts  with  optimum  fatigue  properties. 

4.  Considerably  more  research  and  development  are  needed  on  many 
production  and  fabricating  processes  to  determine  how  these  processes  should 
be  controlled  to  obtain  optimum  and  uniform  fatigue  resistance. 
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OPTIMUM  SELECTION  OF  MATERIALS 


By 

Evan  H.  Schuette 

Metallurgical  Laboratory 
The  Dow  Metal  Products  Company 
Midland,  Michigan 

ABSTRACT 

Under  simple  static  loads,  minimum  structural  weight  can  generally  be 
attained  by  choosing,  from  the  available  materials,  that  one  that  has  the  highest 
strength- weight  ratio.  When  maximum  service  life  is  desired,  however,  it  is 
not  always  sufficient  to  choose  the  material  that  shows  the  highest  fatigue 
strength  in  a  simple  laboratory  test. 

In  a  service  situation,  the  factors  that  determine  the  magnitude  of  peak 
stresses  often  have  greater  influence  on  service  life  than  the  relative  behavior  of 
materials  under  equal  stresses.  Among  these  factors  are  the  kind  and  location 
of  stress  raisers,  the  ability  of  the  material  to  relieve  peak  stresses,  its  ability 
to  develop  and  retain  beneficial  residual  stresses,  and  damping  characteristics. 

Ultimately,  it  may  be  possible  to  account  for  all  these  factors  in  the  design 
calculations.  At  present,  however,  this  is  generally  not  possible;  as  a  result, 
a  great  deal  of  effort  is  called  for  to  devise  and  conduct  tests  in  such  a  manner 
that  the  pertinent  conditions  of  service  are  fully  simulated. 

INTRODUCTION 

Under  simple  static  loads,  minimum  structural  weight  can  generally  be 
attained  by  choosing,  from  the  available  materials,  that  one  that  has  the  highest 
strength-weight  ratio.  The  strength- weight  ratio  corresponding  to  a  given  load¬ 
ing  condition  can  be  determined  with  sufficient  accuracy  from  relatively  simple 
formulas. 

When  fatigue  is  critical,  however,  the  actual  performance  of  a  part  in 
service  is  a  complex  result  of  a  multitude  of  factors,  few  of  which  are  amenable, 
at  the  present  state  of  the  art,  to  mathematical  treatment.  It  has  generally  been 
held  that  results  of  laboratory  fatigue  tests  are  of  extremely  limited  utility  for 
direct  use  in  design  calculations.  Instead,  they  have  been  used  to  establish 
design  limits  and  to  make  selections  among  competitive  materials. 

Up  to  a  point,  selection  of  materials  on  the  basis  of  today’s  laboratory 
fatigue  tests  is  a  satisfactory  procedure.  However,  as  performance  require¬ 
ments  continue  to  increase  and  safety  margins  are  reduced,  we  find  that  what 
once  was  a  satisfactory  design  will  no  longer  suffice,  and  nothing  but  the  best 
possible  can  be  considered  adequate.  It  behooves  us,  then,  to  begin  with  the 
selection  of  a  material  that  is  the  best  possible  for  the  job  at  hand. 

This  is  virgin  ground.  A  review  of  the  situation  reveals  far  more  questions 
than  answers.  For  many  years  it  has  seemed  that  fundamental  studies  in  the  true 
nature  of  fatigue  have  lagged  behind  the  empirical  approach  aimed  at  defining  the 
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engineering  parameters.  Now  it  would  appear,  the  "shoe  is  on  the  other  foot.  " 

In  spite  of  reams  of  data  on  an  incredibly  wide  variety  of  materials  and  ramifica¬ 
tions  of  each,  we  know  very  little  about  how  to  predict  relative  performances 
among  closely  competitive  materials  on  the  basis  of  simplified  laboratory  tests. 

The  only  complete  measure  of  performance  in  actual  service  that  we  now 
have  at  our  disposal  is  performance  in  actual  service.  This  has  been  and  still 
is  the  basis  for  many  engineering  designs.  But  in  an  area  where  designs  are 
well  on  their  way  toward  obsolescence  by  the  time  they  are  first  put  into  service, 
the  inadequacies  of  this  procedure  are  obvious. 

It  is  essential  that  we  learn  how  to  simulate  service,  whether  it  be  done  by 
specialized  testing  or  by  understanding  and  utilizing  the  necessary  conversions 
from  results  of  the  established  tests.  This  paper  is  an  attempt  to  delineate  some 
of  the  problems  we  face  and  some  of  the  factors  we  must  consider,  and  to  offer 
an  occasional  suggestion  on  methods  for  handling  them. 

THE  ORIGIN  OF  FATIGUE  STRESSES 

It  may  seem  trite,  in  a  paper  purportedly  dealing  with  problems  of  engineer¬ 
ing  design,  to  raise  a  question  regarding  the  source  of  a  stress.  However,  it  is 
a  not  uncommon  experience  to  measure,  calculate,  or  otherwise  determine  peak 
stresses  in  a  part,  and  impose  limitations  intended  to  keep  these  stresses  below 
the  lowest  level  that  can  precipitate  a  fatigue  failure,  only  to  have  the,part  fail 
in  service  by  fatigue. 
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There  is  an  important  principle  -  admittedly  a  truism,  but  often 
overlooked  -  that  applies  to  this  situation:  no  part  can  fail  in  fatigue  at  a  stress 
lower  than  that  necessary  to  cause  fatigue  failure  in  the  material  of  which  it  is 
made.  From  this  principle  may  be  extracted  the  equally  obvious  conclusion  that 
if  fatigue  failure  occurs,  then  by  some  means  the  stresses  were  generally  or 
locally  increased  to  the  level  necessary  to  cause  that  failure. 


The  material  used  may  have  a  significant  effect  on  the  magnitude  of  the 
peak  stresses  developed  under  a  given  loading  situation,  but  the  possible  effects 
are  conditioned  by  the  manner  in  which  load  is  introduced.  Consequently,  the 
first  job  is  to  arrive  at  a  satisfactory  analysis  of  the  loading  and  general  stress 
paths. 
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To  amplify  this  point,  consider  first  a  bar  of  uniform  cross-section  sub¬ 
jected  to  an  axial  tensile  loading.  The  average  stress  can  have  but  one  value, 
which  is  the  load  divided  by  the  area.  This  value  is  independent  of  the  material, 
while  internal  variations  from  the  average  value  are  dependent  entirely  upon  the 
material's  internal  structure  and  residual- stress  condition.  If,  on  the  other 
hand,  the  bar  is  stretched  so  that  its  length  is  increased  by,  say,  two-tenths  of 
one  percent,  then  the  average  stress  is  dependent  upon  the  gross  stress-strain 
characteristics  of  the  material,  and  variations  are  dependent  upon  internal 
conditions. 

Now  suppose  the  bar  is  in  pure  bending.  The  stress-strain  characteristics 
of  the  material  will  influence  both  average  and  peak  stress  levels  regardless  of 
whether  load  or  deflection  is  the  fixed  independent  variable.  It  is  worth  noting, 
however,  that  if  load  is  fixed,  an  increase  in  section  size  will  tend  to  lower  the 
stress,  whereas  if  deflection  is  fixed,  the  stress  will  be  reduced  by  decreasing 
the  section  thickness. 
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Perhaps  the  most  frequent  situation  in  complex  parts  is  that  in  which 
neither  load  nor  deflection  is  fixed,  but  each  influences  the  other.  As  an  example, 
consider' an  aircraft  wheel  with  the  tire  pressing  outward  against  the  rim  flange. 

If  there  is  considerable  "give"  in  the  flange  -  whether  by  virtue  of  shape,  low 
.modulus  of  elasticity,  or  low  proportional  limit  -  the  load  will  tend  to  redistribute 
and  spread  over  a  wider  contact  area.  If  the  flange  is  essentially  rigid,  the 
tendency  will  be  for  the  load  to  remain  concentrated  at  the  point  of  initial  contact. 

While  a  test  program  aimed  at  optimum  material  selection  may  not  achieve 
a  complete  separation  of  design  influences  from  material  influences,  it  is 
essential  that  the  difference  be  recognized  so  that  the  suitability  of  the  program 
to  screen  for  any  given  area  of  application  can  be  recognized. 

Some  characteristics  of  materials  that  should  influence  selection  are  dealt 
with  in  the  following  sections. 

NOTCH  SENSITIVITY  AND  ACCOMMODATION 

The  quantity  -  or  quality  -  known  as  "notch  sensitivity,  "  while  useful  in 
some  analyses,  is  generally  overused  and  frequently  misused  or  used  in  mis¬ 
leading  fashion.  A  very  low  "notch  sensitivity"  may  be  recorded  for  a  material 
for  no  other  reason  than  that  it  was  never  possible  to  test  it  in  an  un-notched 
condition.  That  is,  the  presumed  "un-notched"  samples  contained  internal  or 
surface  stress  raisers  that  could  not  be  eliminated.  If  their  effect  is  of  such  a 
nature  as  not  to  be  additive  when  the  material  is  deliberately  notched,  it  is  to  be 
expected  that  there  will  be  little  change  in  fatigue  strength  resulting  from  the 
added  notch.  But  it  would  be  completely  erroneous  to  infer  that  the  material 
was  insensitive  to  notches. 

It  is  probably  safe  to  say  that,  at  sufficiently  low  stresses,  all  materials 
are  fully  sensitive  to  notches,  with  the  only  limitation  currently  suspected  being 
that  imposed  when  the  notch  dimensions  are  reduced  to  the  same  order  of  magni¬ 
tude  as  the  microstructural  dimensions  of  the  material.  Experience  with  field 
failures  also  leads  one  to  the  conclusion  that  they  are  almost  invariably  precipi¬ 
tated  by  a  notch  of  some  kind.  (The  term  "notch"  is  here  meant  to  include  any 
stress  raiser  supplemental  to  the  load  itself.) 

If  these  two  statements  are  accepted,  then  it  follows  that  the  quantity  of  real 
significance  is  the  absolute  fatigue  strength  in  the  presence  of  the  notch,  regard¬ 
less  of  how  this  relates  to  strength  without  the  notch.  The  "notched  fatigue 
strength"  of  a  material  is  influenced  by  a  very  important,  but  completely  undefined 
quality  I  shall  call  "accommodation.  "  Perhaps  the  most  important  single  goal  we 
might  set  in  the  area  of  material  selection  is  the  attainment  of  a  full  understanding 
of  accommodation  and  the  development  of  some  quantitative  measure  for  it. 

Accommodation  can  be  described  in  terms  of  its  effects  and  we  can  go  so 
far  as  to  state,  in  general  terms,  certain  characteristics  of  a  material  that  would 
lead  to  good  accommodation.  But  a  lot  more  definition  is  needed. 

In  crude  terms,  accommodation  is  simply  the  ability  to  "roll  with  the  punch.  " 
In  a  military  situation,  with  lines  drawn  up  face  to  face,  if  the  enemy  puts  forth 
a  concentrated  thrust  at  one  point,  it  is  generally  good  tactics  to  withdraw  and 
allow  a  partial  penetration  of  the  lines.  This  exposes  his  forces  on  three  sides  to 
a  firepower  that  can  achieve  high  total  effect  with  relatively  low  unit  intensity. 
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In  a  structural  material  that  has  good  accommodation  properties,  the  same  kind 
of  resistance  is  developed  to  loads.  If  a  stress  tends  to  be  high  at  one  point, 
the  material  yields  and  permits  a  spreading  of  the  load  over  a  broader  area. 

On  this  broadened  base,  the  same  amount  of  load  can  be  resisted  by  a  lowered 
value  of  maximum  unit  stress. 

What  gives  a  material  this  property  of  accommodation?  Clearly,  it  must 
possess  ductility.  Moreover,  it  must  at  some  points  exceed  its  elastic  limit  if 
redistribution  is  to  occur  under  an  unchanging  form  of  load  application.  As  a 
boundary  condition,  the  fatigue  strength  must  be  high  enough  to  permit  these 
characteristics  to  exert  their  influence. 

It  remains  to  determine  how  much  ductility  is  needed,  and  at  what  stress 
levels  the  ductility  is  actually  useful.  It  is  doubtful  that  the  value  of  residual 
elongation  -  or  reduction  of  area  -  after  tensile  fracture  has  any  real  signifi¬ 
cance  here.  Perhaps  the  ratio  of  yield  strength  to  tensile  strength  can  provide 
some  kind  of  "modulus  of  accommodation.  "  At  present,  however,  it  would  seem 
that  the  best  way  to  make  this  quantity  a  part  of  the  selection  criterion  is  to  con¬ 
duct  tests  in  such  a  manner  that  the  res  '  ,s  are  dependent  upon  it.  This  will  in¬ 
volve  reproducing  in  some  fashion  both  tne  stress  raisers  encountered  in  service, 
and  the  general  distribution  of  high-  and  low- stressed  material  under  or  around 
these  stress  raisers. 

RESIDUAL  STRESSES 

Residual  stresses,  whether  deliberately  or  accidentally  produced,  will 
significantly  influence  behavior  under  fatigue  loading.  Thus  the  ability  to  develop 
and  retain  such  stresses  is  an  important  characteristic  of  a  material.  Capacity 
for  development  of  beneficial  stresses  may  well  be  enhanced  by  the  same  charac¬ 
teristics  that  provide  accommodation,  since  localized  yielding  is  a  prerequisite. 

Capacity  to- retain  a  beneficial  residual  stress  under  service  conditions  is 
obviously  as  important  a  characteristic  as  the  ability  to  develop  it  in  the  first 
place.  This  presumably  sets  some  kind  of  upper  limit  on  the  amount  of  plastic- 
flow  tendency  that  should  be  present;  again  the  defining  quantities  for  this  limit 
are  still  unspecified.  Until  they  can  be  specified,  it  appears  the  selection  testing 
will  have  to  be  done  in  such  a  way  that  service  residual-stress  effects  are 
essentially  duplicated. 

With  the  number  of  different  techniques  available  for  inducing  residual 
surface  compressive  stresses,  the  method  itself  becomes  a  subject  for  optimum 
selection  along  with  the  materials  in  question.  The  service  requirements  must 
be  carefully  appraised,  and  the  situation  duplicated  as  nearly  as  possible  in  all 
its  significant  facets.  Presence  of  a  mean  load,  for  example,  could  be  expected 
to  be  of  great  significance,  as  it  could  decidedly  affect  a  given  material's 
capacity  to  retain  residual  stresses.  Operating  temperatures  too  will  have  an 
obvious  influence,  and  will  have  to  be  accounted  for. 

Clearly,  it  is  going  to  require  considerable  ingenuity  to  devise  screening 
tests  that  truly  represent  relative  potential  serviceabilities,  yet  are  not  prohibi¬ 
tive  in  size  and  complexity. 
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VIBRATIONS  AND  DAMPING  CAPACITY 


A  rather  special  fatigue  situation  occurs  when  the  stresses  are  present  be¬ 
cause  of  forced  vibration  of  the  part.  Not  only  the  magnitude  of  the  driving  force, 
but  also  its  frequency  and  the  geometry  of  the  part  will  affect  the  stress  level. 

If  the  driving  force  is  not  constant,  but  of  an  intermittent  nature,  it  is  clear  that 
the  damping  capacity  of  the  material  can  influence  the  number  of  cycles  of  near- 
maximum  stress  that  are  experienced. 

It  is  entirely  possible,  in  this  situation,  that  a  material  of  relatively  low 
fatigue  strength  but  high  damping  capacity  would  outlast  one  of  higher  strength 
but  less  damping  capacity.  If  this  is  so,  then  a  comparison  of  fatigue  strengths 
determined  in  the  usual  fashion  will  represent  a  very  poor  basis  for  making  a 
selection. 

It  follows  once  again  that  a  test  intended  to  be  the  basis  for  arriving  at  an 
optimum  selection  of  material  must  incorporate  all  those  service  factors  that 
cannot  be  handled  by  analysis. 

MATERIAL  SAMPLING 

Up  to  this  point,  the  emphasis  herein  has  been  on  design  of  a  test  to  pro¬ 
vide  an  adequate  simulation  of  service  conditions.  All  the  effort  expended  in 
that  direction,  however,  will  be  wasted  if  the  test  is  not  applied  to  material 
representative  of  what  will  be  put  into  service.  There  is  no  intent  here  to  imply 
that  anyone  would  test  steel  bars  in  order  to  appraise  a  magnesium  alloy  -  there 
are  far  more  subtle  effects  that  can  enter  to  make  a  sample  completely  unrepre¬ 
sentative  of  the  actual  part. 

Metal  fabricating  techniques  are  such  that  size  and  shape  influence  proper¬ 
ties.  In  a  forging,  for  example,  the  lines  of  flow  are  presumed  to  exert  an 
influence  on  fatigue  properties.  Since  it  is  seldom  possible  to  make  stress  flow 
follow  the  identical  paths  of  material  flow,  and  since  flow  characteristics  vary 
from  shape  to  shape,  it  would  seem  the  only  sure  way  to  obtain  specimens 
whose  properties  represent  those  of  the  actual  part  is  to  take  the  specimens  from 
the  critical  area  of  the  part.  Furthermore,  not  just  the  location,  but  the 
orientation  as  well,  must  be  maintained. 

Castings  are  subject  to  similar  variations  from  part  to  part  and  from  loca¬ 
tion  to  location;  the  same  sampling  requirements  will  apply.  Other  metal  forms 
are  perhaps  less  subject  to  variation,  but  in  every  case  steps  must  be  taken  to 
ensure  that  the  material  tested  truly  represents  the  material  that  is  to  be  put 
into  service. 

CONCLUSIONS 

The  need  to  achieve  a  truly  optimum  material  selection  for  fatigue  service 
becomes  increasingly  urgent  with  each  new  development  in  service  requirements. 
Designs  become  more  and  more  precise,  and  once- comfortable  margins  of 
safety  become  thinner  and  thinner  cushions  against  failure. 

There  are  a  multitude  of  service  factors  that  are  not  now  amenable  to  pre¬ 
cise  analysis,  and  effects  of  loading,  geometry,  and  material  are  often  inseparably 
intertwined.  Under  such  circumstances,  we  are  faced  with  two  major  tasks. 
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Methods  of  analysis  must  be  improved  so  that  increasing  numbers  of  the  service 
factors  can  be  handled  by  analytical  means.  In  the  meantime,  all  such  factors 
as  cannot  be  so  handled  will  have  to  be  directly  represented  in  the  tests  that  are 
to  form  a  basis  for  selection.  A  good  prediction  of  service  capabilities  will  re¬ 
main  a  chimera  as  long  as  any  of  the  influential  conditions  are  not  accounted  for 
by  one  means  or  the  other. 

With  respect  specifically  to  the  experimental  phases  of  selection,  it  will 
be  an  interesting  test  of  our  ingenuity  to  see  how  well  we  can  represent  all  the 
significant  factors  while  avoiding  the  prohibitively  costly  expedient  of  actually 
duplicating  the  full  service  environment. 
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ABSTRACT 


Thia  paper  discusses  the  effect  of  several  material 
properties  on  the  fatigue  strength  of  alloys.  Metal  fatigue 
depends  not  only  on  the  "bulk**  properties  of  the  metal  but 
also  on  the  variation  of  properties  at  the  microscopic  and 
submicro scopio  levels.  The  variations  of  the  fatigue  strength 
as  a  function  of  the  tensile  strength  are  shown  to  be  pri¬ 
marily  uj pendent  on  the  size  and  distributions  of  the  largest 
inhomogeneities,  at  least  in  the  long-life  range  of  stresses. 
Experimental  heats  of  special  steels  have  been  produced  that 
show  superior  fatigue  strengths.  Possible  relations  between 
the  fatigue  strength  of  an  alloy  and  its  microstructure, 
chemistry,  heat-treatment  and  ductility  or  toughness  are 
discussed. 

Some  observations  on  crack  propagation  and  the  critical 
crack  size  are  presented.  A  relation  between  the  rate  of 
crack  propagation,  the  critical  crack  size  and  certain  other 
material  properties  is  suggested. 

INTRODUCTION 

The  fatigue  strength  or  the  fatigue  life  of  a  manufactured  part 
in  service  depends  on  its  design  details,  the  manufacturing  processes 
employed,  inspection  procedures,  service  stresses  and  environments. 
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maintenance  of  the  part  in  service,  and  the  material  properties.  The  satis¬ 
factory  service  life  of  a  part  is  like  a  chain,  it  being  no  better  than  its 
weakest  link.  For  example,  the  lack  of  proper  attention  to  design  details  can 
readily  mask  the  advantages  of  superior  material  properties  and  manufacturing 
processes.  The  use  of  metals  having  higher  fatigue  strengths  may  be  over¬ 
shadowed  by  weaknesses  in  other  links  in  the  chain.  In  this  paper  only  the 
properties  of  structural  metals  in  their  relation  to  the  fatigue  strength  will 
be  considered. 

One  of  the  most  outstanding  and  peculiar  facts  in  the  fatigue  of  metals 
has  been  the  singular  lack  of  success  of  past  investigators  in  obtaining  any 
moderately  precise  and  general  correlation  between  the  fatigue  strength  of  a 
metal  and  its  ether  mechanical  properties.  Even  the  cause  or  causes  for  this 
lack  of  correlation  have  not  been  entirely  understood.  As  recently  as  1 9i>3, 
Grover  et  al,  (1)  said  ”.  .  .  .  attempts  to  correlate  fatigue  life  with  these 
(mechanical)  properties  have  failed  to  show  any  correlation  so  far*1.  Indeed 
there  is  the  basic  question  whether  fatigue  strength  is  a  completely  independent 
property  of  a  material  unrelated  to  its  other  physical  properties.  However, 
within  recent  years  some  facts  have  been  uncovered  that  may  be  significant  in 
establishing  seme  of  the  links  between  the  fatigue  properties  and  other  proper¬ 
ties.  It  is  the  purpose  of  this  paper  to  discuss  some  of  these  trends,  although 
it  should  be  recognized  that  only  a  start  in  the  understanding  of  this  general 
problem  has  been  made. 

One  characteristic  of  the  fatigue  of  metals  is  the  relatively  large  amount 
of  scat!  >r  in  the  fatigue  lives  of  supposedly  identical  parts  or  specimens  tested 
at  one  scress  level.  This  scatter  occurs  even  when  extreme  care  is  used  in  the 
melting  and  manufacturing  processes  and  in  the  preparation  and  testing  of  the 
specimens.  Because  of  the  lack  of  appreciation  of  this  fact  investigators  have 
not  always  used  a  sufficient  number  of  specimens  in  their  tests  so  that  positive 
and  quantitative  statements  on  observed  trends  could  be  made.  Furthermore,  the 
effects  of  important  variables  on  fatigue  were  sometimes  masked  by  this  scatter 
in  fatigue  life.  However,  within  the  last  decade  there  has  been  an  increasing 
number  of  investigators  (for  example,  2-8)  who  have  planned,  conducted  and 
evaluated  fatigue  programs  using  statistical  procedures.  Statistical  techniques 
have  been  found  to  be  mandatory  in  determining  fundamental  relations  governing 
fatigue  failures  such  as  cumulative  damage,  crack  propagation,  nucleation,  etc. 
Seme  effects  such  as  notch  sensitivity  and  size  effect  can  be  explained,  at  least 
in  part,  by  statistical  effects  (6).  The  lack  of  appreciation  of  the  statistical 
nature  of  fatigue  has  probably  been  one  of  the  deterrents  in  establishing  some 
of  the  fundamental  relations  in  fatigue.  To  promote  better  understanding  of 
this  basic  characteristic  of  fatigue,  the  ASTM  (9)  recently  published  a  guide  for 
planning,  conducting  and  analyzing  fatigue  tests  using  statistical  techniques. 

One  major  difficulty  that  arises  when  the  fatigue  strength  of  a  metal  is 
correlated  with  any  other  single  property  of  the  metal  is  that  the  fatigue 
str  ngth  may  also  be  dependent  on  several  other  properties.  Unfortunately , 
because  of  this  multi- variable  aspect  of  fatigue  and  the  difficulty  of  changing 
one  bulk  property  of  the  metal  without  affecting  others,  a  direct  comparison  of 
the  fatigue  strength  with  another  variable  does  not  usually  show  a  high  degree 
of  correlation. 


THE  RELATION  OF  FATIGUE  LIMIT  TO  TENSILE  STRENGTH 

For  many  years,  investigators  have  recognized  that  there  is  a  vague  trend 
of  the  fatigue  limit  or  long-life  fatigue  strengths  of  alloys  of  a  certain  type 
with  their  corresponding  tensile  strengths.  For  example,  in  figure  1  the  fatigue 
strengths  (5>00  x  10°  cycles)  of  various  wrought  aluminum  alloys  have  been  plotted 
as  a  function  of  the  corresponding  tensile  strengths.  In  this  plot  the  change 
in  tensile  strength  was  obtained  by  changes  in  the  alloy  content  as  well  as  by 
changes  in  the  heat  treatment  and  degree  of  work-hardening.  It  is  known  that 
when  the  tensile  strength  of  an  aluminum  alloy  is  greater  than  about  1*0,000  psi, 
there  is  relatively  little  increase  in  its  long-life  fatigue  strength. 

When  the  fatigue  strengths  (10?  cycles)  of  a  given  type  of  steel  are  plotted 
against  the  various  tensile  strengths  obtained  by  varying  the  tempering  tempera¬ 
ture  ,  the  resulting  curve  is  usually  one  of  the  three  shapes  (marked  A,  B  and  C) 
in  figure  2,  In  all  cases,  the  ratio  of  the  fatigue  limit  to  the  ultimate  tensile 
strength  decreases  with  increasing  tensile  strength.  In  many  alloys,  the  maxi¬ 
mum  fatigue  limit  occurs  at  some  intermediate  tensile  strength  and  then  decreases 
with  further  increase  in  tensile  strength  as  shown  by  curve  C. 

Figure  3  showat  the  average  fatigue  strength  of  pne  heat  of  air-melted  electric- 
furnace  SAE  U3U0  as  a  function  of  its  tensile  strength,  A  large  number  of  rota- 
ting-beam  specimens  was  used  to  establish  this  curve.  All  failures  at  the  higher 
hardness  levels  were  found  to  have  originated  at  small  inclusions.  By  changing 
the  melting  practice  (air-melted)  in  one  special  heat,  it  has  been  found  possible 
to  increase  the  fatigue  limit  at  the  highest  hardness  level  by  Sk%»  This  has 
been  plotted  as  point  A  in  figure  3*  The  change  in  the  size  and  type  of  inclusion 
was  found  to  be  responsible  for  this  substantial  improvement  in  fatigue  strength. 
This* improvement  was  obtained  by  the  air-melt  electric -furnace  process. 

Here,  then,  is  a  case  where  a  substantial  difference  in  fatigue  strength 
was  found  between  two  heats  of  steels  having  the  same  chemistry  and  hardness*  It 
will  be  shown  that  this  difference  is  caused  by  a  change  in  a  microscopic  charac¬ 
teristic  that  is  not  readily  detectable  by  any  of  the  conventional  bulk  properties 
of  the  material.  This  example  tends  to  minimize  the  possibility  of  correlating 
the  fatigue  strength  of  a  metal  with  its  tensile  strength  alone. 

INTERNAL  STRESS  RAISERS 

/ 

There  are  many  types  of  notches  and  stress  raisers  in  a  manufactured  part 
that  may  be  present  and  decrease  the  ability  of  the  part  to  resist  fatigue  loads. 

The  first  type  of  notch  is  that  which  maybe  present  in  the  design  itself.  Holes, 
sharp  fillets,  rapid  changes  in  section,  threads,  and  keyways  are  well-known  ex¬ 
amples  of  design  details  that  can  cause  a  substantial  loss  in  fatigue  strength. 
Manufacturing  defects  such  as  rough  machined  surfaces,  decarburization,  inspector’s 
stamp,  lack  of  blending  of  sharp  corners,  improper  heat-treatment,  assembly  or 
residual  stresses,  overheating  in  grinding  and  scratches  are  some  of  the  many 
conditions  that  can  cause  large  losses  of  fatigue  strength  in  a  manufactured  part. 

In  the  service  and  maintenance  of  a  part,  there  are  many  additional  factors  that 
can  cause  loss  of  strength  such  as  erosion,  corrosion,  improper  assembly,  fretting, 
etcu 
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STRENGTH  FOR  ONE  HEAT  OF  SAE  4340  STEEL 


The  above  list  of  conditions  although  not  complete  has  been  presented 
simply  to  show  that  the  fatigue  strength  of  a  manufactured  part  is  dependent  on 
many  external  influences,  many  of  which  are  not  directly  related  to  the  fatigue 
properties  of  the  material  itself.  It  is  for  this  reason  that  a  fatigue  failure 
in  service  is  often  found  to  be  caused  by  factors  largely  unrelated  to  the  mater¬ 
ial  properties. 

The  large  degree  of  scatter  in  the  fatigue  strengths  or  fatigue  lives  of 
supposedly  identical  parts  tested  under  constant  conditions  is  partly  caused  by 
the  variability  of  these  external  influences.  As  mentioned  previously,  when 
these  external  sources  of  variability  are  completely  eliminated  so  that  the  plain 
material  is  being  tested  in  fatigue  alone ,  a  surprising  amount  of  scatter  is  found 
to  exist  in  the  material  itself.  For  example,  in  high-quality  aircraft  steels, 
the  standard  deviations  of  the  fatigue  limit  may  range  from  several  percent  of 
the  fatigue  limit  to  over  ten  percent.  The  largest  scatter  is  associated  with 
the  highest  hardnesses.  On  the  other  hand,  the  conventional  static  mechanical 
properties  of  these  materials  may  be  quite  uniform. 

This  has  led  past  investigators  (10)  to  suspect  that  there  is  some  source  or 
sources  of  variation  in  fatigue  strength  from  one  microscopic  point  to  another 
within  the  material  itself.  The  variability  may  be  traced  to  many  types  of  in¬ 
homogeneities  or  discontinuities  that  exist  in  engineering  polycrystalline  metals. 
Each  type  of  inhomogeneity  maybe  considered  as  a  population  having  some  prescribed 
distribution  and  having  its  own  effect  on  the  overall  fatigue  strength  of  the 
metal.  If  the  dominant  type  of  inhomogeneity  were  eliminated,  it  would  be  found 
that  another,  less  dominant,  population  of  inhomogeneity  would  then  govern  the 
magnitude  and  variability  of  the  fatigue  strength  of  the  metal,  and  so'  an  ad 
infinitum.  Some  of  the  known  and  suspected  types  or  sources  of  inhomogeneities 
are  listed  below :- 

(1)  Metallic  and  non-metallic  inclusions 

( 2)  Grain  orientation 

(3)  Metallurgical  Structure 

(U)  Segregation  of  alloys 

(f>)  Microstresses 

(6)  Shape  and  size  of  the  precipitate 

(7)  Density  of  dislocations,  vacancies,  etc. 

(8)  Imperfections  such  as  microcracks,  blowholes,  seams,  etc. 

It  is  the  variability  of  the  material  from  one  microscopic  or  submicro- 
scopic  point  to  another  that  is  responsible  for  the  large  variability  in  the 
fatigue  strength  or  life  of  the  material*  When  metal  is  tested  at  stresses 
corresponding  to  long  life,  the  weakest  microscopic  spot  subjected  to  the  highest 
stresses  is  the  first  one  to  fail.  It  is  the  variability  of  these  extreme  in- 
homogeneities  that  causes  the  large  variability  in  the  long-life  fatigue  strength. 
As  discussed  by  Peterson  (10)  and  others,  there  is  an  increasing  number  of  lesser 
inhomogeneities  where  cracks  initiate  as  the  stress  is  increased.  The  effect  of 
certain  types  of  inhomogeneities  will  be  discussed  in  the  following  paragraphs. 

NON-METALLIC  INCLUSIONS 

For  many  years,  it  has  been  recognised  that  imperfections  in  metals  such  as 
microcracks,  segregation,  blowholes  and  inclusions  have  a  deleterious  effect  on 
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their  fatigue  strengths.  This  is  particularly  true  of  alloy  steels  heat  treated 
to  the  higher  hardnesses.  Within  the  last  few  years,  several  investigators  (11- 
17)  have  studied  the  effect  of  inclusions  on  the  fatigue  strength  of  steels. 

Early  in  1953,  the  WADC  Materials  Laboratory^/ (ll*,l8 ,19)  sponsored  a  re¬ 
search  program  to  determine  the  variability  of  fatigue  strengths  of  high-strength 
aircraft-quality  steels  and  to  investigate  the  sources  of  this  variability* 
Rotating-beam  specimens  were  tested  in  this  program  in  sufficient  numbers  for 
each  heat  of  steel  so  that  trends  could  be  definitely  identified  and  measured. 
(Often  in  previous  work  of  this  kind  insufficient  specimens  were  tested  so  that 
trends  could  not  be  quantitatively  evaluated.) 

During  this  program,  several  facts  concerning  the  fatigue  of  high-strength 
steels  were  uncovered.  The  more  pertinent  facts  are  summarized  belcw:- 

(1)  The  largest  variability  in  fatigue  life  or  strength  occurs  near 
or  slightly  above  the  fatigue  limit.  At  higher  overstresses, 
this  variability  decreases  with  increasing  test  stress.  (This 
characteristic  had  been  observed  previously  by  many  investigators.) 

(2)  As  the  tensile  strength  is  increased  above  about  11*0,000  psi  by 
change  in  the  tempering  temperature,  the  -variability  in  the  fatigue 
strength  increases.  At  the  highest  strength  level  (280/300,000  psi) 
this  variability  increased  threefold. 

(3)  Near  and  slightly  above  the  so-called  fatigue  limit,  the  crack 
starts  at  a  single  nucleus  and  propagates  to  complete  failure. 

At  stresses  above  130$  of  the  fatigue  limit,  cracks  nucleate  at 
increasing  numbers  of  nuclei  and  join  to  form  the  final  fracture 
surface. 

(1*)  It  was  found  early  in  this  investigation  that  all  nuclei  of  cracks 
were  situated  at  microscopic  spheroidal  silicate  inclusions  that 
were  either  open  to  the  surface  or  slightly  below  the  surface. 

The  silicate  type  of  inclusion  is  common  to  the  basic  electric- 
furnace  steels.  In  one  heat  of  i*3U0  steel,  the  average  size  of 
these  nucleating  inclusions  was  only  0.0015  inches  and  the  maximum 
did  not  exceed  0.0030  inches.  However,  it  was  determined  that 
these  microscopic  inclusions  are  a  dominant  factor  in  fatigue, 

(5)  By  statistical  analyses  two  important  relations  between  the 

inclusion  sizes  and  fatigue  strengths  were  established  as  follows: 

(a)  The  long-life  fatigue  strength  is  directly  related  to  the 
inclusion  sizej  the  largest  sizes  correspond  to  the  lowest 
fatigue  strengths  or  lives,  and  the  smallest  sizes  corres¬ 
pond  to  the  highest  strengths  or  lives, 

(b)  The  reduction  in  fatigue  strength  associated  with  a  given 
inclusion  size  increases  with  the  hardness  level  of  the  steel. 


a/  'This  work  was  sponsored  by  the  Creep  and  Fatigue  Section  of  the  Materials 
”  Laboratory,  headed  by.W.  Trapp. 


Figure  k  is  a  typical  plot  of  probability  S-N  curves  .obtained  by  testing 
smooth  rotating-beam  specimens  of  one  heat  of  air-melted  electric-furnace  ii3lt0 
steel*  The  specimens  in  this  particular  heat  were  heat-treated  to  an  ultimate 
tensile  strength  of  about  190  ks.i.  It  is  apparent  from  these  curves  that  the 
greatest  variability  or  scatter  in  life  or  strength  occurs  at  or  near  the  fatigue 
limit  and  that  the  variability  decreases  as  the  stress  is  increased.  In  this 
program,  this  steel  was  heat  treated  to  four  hardness  levels  and  tested  in 
fatigue.  It  was  observed  that  the  variability  in  strength  near  the  fatigue  limit 
increased  rapidly  as  the  tensile  strength  was  increased  above  lUO  ksi.  Figure  5 
is  a  plot  of  this  variability  (in  terms  of  standard  deviations)  against  the 
tensile  strength.  Figure  6  is  an  enlarged  view  of  a  typical  fractured  surface 
showing  the  inclusion  at  the  origin  of  the  failure. 

In  the  above  test  program,  the  sizes  of  the  nucleating  inclusions  were 
measured  on  hundreds  of  specimens  and  correlated  with  the  fatigue  life  displayed 
by  each  specimen  (17).  The  analysis  of  these  data  is  summarized  in  figure  7 
which  presents  the  "notch  reduction  factor"  of  this  type  of  inclusion  as  a 
function  of  its  size  and  the  hardness  level  of  the  steel.  These  results  are 
rather  surprising  in  that  they  are  not  in  agreement  with  the  classical  theory  of 
elasticity  which  indicates  that  the  notch  reduction  factor  of  these  inclusions 
should  be  independent  of  the  inclusion  size  and  the  hardness  level. 

In  figure  3>  it  is  seen  that  inclusions  below  about  0.0003  inch  in  diameter 
have  little  effect  on  the  fatigue  limit  and  that  small  inclusions  (up  to  0.0030 
inches)  are  not  important  at  tensile  strengths  below  about  11*0,000  psi. 

Another  fatigue  investigation  on  three  heats  of  52100  steel  heat  treated  to 
C63  Rockwell  hardness  corroborated  these  findings.  In  this  investigation,  the 
Prot  accelerated  test  method  was  employed,  using  a  very  low  rate  of  loading 
(0.007  psi  per  cycle).  The  Prot  failure  stress  was  plotted  as  a  function  of  the 
size  of  the  nucleating  inclusion  in  figure  8.  Here  it  is  seen  that  if  the  maxi¬ 
mum  inclusion  is  reduced  from  0,0020  inches  to  less  than  0.0003  inches,  the  long¬ 
time  fatigue  strength  increased  from  about  110,000  psi  to  over  160,000  psij  a 
substantial  increase. 

Several  hypotheses  have  been  suggested  to  explain  this  marked  increase  in 
the  sensitivity  of  steels  to  inclusions  when  the  hardness  level  is  increased. 

One  possibility  is  that  the  ductility  or  plasticity  of  the  steel  decreases,  and 
this  lower  ductility  allows  less  re-adjustment  of  the  high  stress  field  about 
the  inclusion  and  less  work  hardening  in  fatigue  so  that  a  crack  will  initiate 
more  rapidly  prior  to  establishment  of  a  more  resistant  work-hardened  state  in 
the  metal  about  the  inclusion.  Another  possibility  is  that  high  residual  tensile 
stresses  are  set-up  around  the  inclusion  during  the  quenching  operation  since  the 
coefficient  of  thermal  expansion  of  steel  is  greater  than  that  of  silicates. 

Since  the  tempering  temperature  is  lower  at  the  higher  baldnesses,  there  is  less 
relaxation  of  these  residual  stresses.  These  residual  stresses  have  been  esti¬ 
mated  to  exceed  100,000  psi. 

Encouraged  by  these  foregoing  results,  the  WADC  Materials  Laboratory  spon¬ 
sored  a  program  at  Armour  Research  Foundation  to  produce  and  test  various  air- 
melted  heats  of  U3U0  steel  that  were  free  of  the  silicate  type  of  inclusion  (20). 
In  one  experimental  heat  they  found  one  of  the  highest  fatigue  strengths  that 
has  been  recorded  to  date.  In  this  heat  the  silicon  was  eliminated  and  the  final 
deoxidation  was  done  with  aluminum.  The  maximum  inclusion  size  was  less  than 
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3-N  CURVES  OF  CONSTANT  PROBABILITY  OF  SURVIVAL 

OF  STRESS  AT  CONSTANT  LIFE 
SAE  4340  STEEL  R.R.  MOORE  ROTATING  BEAM  TESTING 


FIG.  5 

STANDARD  DEVIATION  OF  FATIGUE  LIMIT  ( IQ7  CYCLES) 

S  ULTIMATE  TENSILE  STRENGTH  FOR  SAE  4340  STEEL 


0.0007  inches.  These  strengths  are  compared  with  those  of  a  high-quality  U3lt0 
steel  made  in  the  conventional  manner,  in  the  following  table: 


Ultimate  Tensile 

Average  Fatigue 

Material 

Method  of  Manufacture 

Strength-ksi 

Strength-ksi 

AISI  434o 

Special  Air-Melt  to 
Reduce  Inclusion  Size 

282 

148 

AtSI  1340 

Conventional  Electric- 
Furnace  Air-Melt 

268^ 

96 

(a/-  Had  this  UTS  been  equal  to  282  ksi,  the  fatigue 
strength  would  be  estimated  to  be  about  94  ksi.) 

The  characteristic  curves  (A,  B  &  C)  of  figure  3  showing  the  typical  shapes 
of  fatigue  versus  tensile  strength  relations  may  be  explained  on  the  basis  of 
the  inclusion  notch  reduction  factors  shown  in  figure  7  and  on  the  basis  of  one 
assumption.  Since  investigations  described  in  previous  paragraphs  have  shown 
that  the  fatigue  limits  of  high-strength  steels  that  are  practically  free  of 
inclusions  exceed  of  the  ultimate  tensile  strength  at  the  highest  hardness 
levels,  it  is  assumed  that  an  "inclusion-free"  steel  will  have  a  fatigue  limit 
equal  to  $$%  of  its  ultimate  strength  over  its  practical  range  of  hardness.  Now 
referring  to  figure  7,  it  is  seen  that  if  the  maximum  size  of  the  inclusions  does 
not  exceed  0.001  inch,  the  fatigue  limit  at  260,000  psi  tensile  strength  would 
be  0.55  x  260,000/1.20  «  119,000  psi.  If,  however,  the  maximum  inclusion  size 
were  0.0025  inch,  the  fatigue  limit  would  be  0,55  x  260 ,000/1.65  *  87,000  psi. 

By  this  method  of  analysis,  it  is  possible  to  approximate  the  shapes  of  the  curves 
shown  in  figure  2. 

It  is  suggested  that  the  standard  plot  of  fatigue  strength  versus  tensile 
strength  of  a  given  material  might  serve  as  a  "homogeneity  index11  (provided  of 
course  the  ultimate  tensile  strength  can  he  changed  by  heat-treating  procedures) . 
At  le*3i,  in  steels  this  plot  might  be  used  to  determine  whether  the  steel  is 
homogeneous  or  whether  high  microstresses  exist  after  heat-treatment. 

On  comparing  figure  1  for  aluminum  alloys  with  figure  2  for  steels,  it  is 
seen  that  there  is  a  definite  similarity  in  the  shapes  of  the  curves  of  these 
two  metals.  For  this  reason,  as  well  as  because  of  the  similar  degree  of  scatter 
in  fatigue  life  of  high-strength  aluminum  alloys,  it  is  suspected  that  there  are 
inhomogeneities  or  high  micro-stresses  in  the  high-strength  aluminum  alloys  that 
cause  this  flatness  in  the  curve  of  figure  1.  The  authors  of  reference  (21) 
suggest  that  the  fatigue  nuclei  in  aluminum  alloys  are  not  actually  foreign 
particles  hut  may  be  a  constituent  formed  from  elements  that  have  low  solubility 
in  aluminum.  In  the  case  of  202U  and  7075  alloys,  they  suggest  that  the  hard 
particles  of  an  Fe-Al-Si  ternary  constituent  which  are  present  act  as  nuclei  in 
fatigue.  The  precipitates  themselves  may  be  the  source  of  the  fatigue  nuclei. 
Certainly  additional  invest igations  are  required  to  answer  these  questions, 

EFFECT  OF  MICROSTRUGTURE 

Although  the  effect  of  the  type  of  micro structure  on  fatigue  has  been  re¬ 
ported  from  time  to  time  in  the  past  by  a  few  investigators,  the  results  have 


been  confused  by  changes  in  the  tensile  strength  when  the  type  of  microstructure 
is  changed.  For  example,  a  change  in  the  microstructure  (ferrite,  pearlite, 
martensite,  etc.)  in  a  steel  of  a  given  composition  is  usually  accompanied  by  a 
significant  change  in  the  tensile  strength.  Cazaud  (22)  in  his  book  on  fatigue 
has  observed  general  trends  of  the  fatigue  strength  ratios  for  various  micro- 
structures  in  steels.  In  order  to  separata  these  two  effects  (microstructure 
versus  tensile  strength) ,  it  is  necessary  to  change  the  microstructure  without 
changing  the  tensile  strength. 

One  investigation  of  this  point  was  undertaken  by  Dieter  and  Mehl  (21)  who 
examined  the  effect  of  two  different  microstructure3  on  the  fatigue  strength  of 
the  same  steel.  By  using  different  heat  treatment  procedures  they  produced  a 
coarse  spheroidized  structure  and  a  coarse  pearlitic  structure  from  the  same 
heat  of  plain  caxbon  eutectoid  steel.  Both  structures  had  the  same  tensile 
strength  but  different  ductilities  and  fatigue  limits.  The  globular  spheroidized 
structure  had  the  higher  fatigue  limit  and  ductility.  This  can  be  explained  on 
the  basis  that  the  plate-like  pearlitic  structure  presents  a  greater  stress 
concentration  than  the  spheroidized  structure.  Although  the  spheroidized 
structure  had  the  higher  fatigue  limit,  it  also  shewed  about  twice  the  scatter 
(in  terms  of  standard  deviation). 

There  are  other  types  of  inhaaogeneities  in  the  microstructure  of  metals 
that  are  suspected  of  causing  a  loss  in  the  fatigue  strengths  and  of  creating 
the  observed  variability.  Segregated  carbides  are  known  to  be  deleterious  to 
the  fatigue  strength  of  high  carbon  steels.  Segregation  of  other  alloying 
elements  is  another  source  of  loss  and  variability.  The  anisotropy  and  orien¬ 
tation  of  the  crystalline  structures  as  well  as  the  various  shapes  and  sizes  of 
the  grains  and  subgrains  are  suspected  to  be  additional  sources. 

As  implied  above,  there  are  two  aspects  of  inhemogeneities  in  metals;  (l) 
the  notch  reduction  factors  of  each  type  and  (2)  the  variability  in  this  factor 
for  a  given  type.  To  reduce  the  loss  in  fatigue  strength,  either  the  inhomo¬ 
geneities  must  be  eliminated  or  their  sizes  must  be  reduced.  Since  it  is  often 
impractical  to  eliminate  the  inhomogeneity,  a  more  practical  approach  is  to 
reduce  the  size  of  the  largest  inhomogeneities. 

A  survey  of  the  literature  indicates  a  paucity  of  investigations  directed 
towards  obtaining  solutions  to  this  major  problem.  This  is  particularly  so  when 
it  is  realized  that  statistical  techniques  must  be  used  to  plan,  conduct  and 
analyze  experiments  in  this  field, 

EFFECT  CF  MTCROST  HESSES 

Most  of  the  high-strength  engineering  alloys  obtain  their  optimum  strengths 
by  heat-treatment.  Usually  the  strength  properties  are  obtained  by  the  precip¬ 
itation  of  hard  constituents  (cementite  in  steel,  copper  in  dural,  etc.)  from 
the  high  temperature  solid  solution.  During  the  cooling  of  the  metal  in  the 
heat  treatment  and  during  the  precipitation  of  the  hard  particles,  raacrostresses 
and  tessellated  microstresses  are  induced.  The  macrostress  distribution  (which 
is  usually  beneficial)  is  caused  by  the  difference  in  the  cooling  rates  at  the 
surface  and  at  the  interior  of  the  metal.  This  macrostress  distribution  can  be 
measured  by  machining  metal  from  the  part  and  observing  the  corresponding  changes 
in  the  dimensions. 
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However,  microstresses  are  induced  by  the  fact  that  the  metal  crystal  has 
different  coefficients  of  thermal  expansion  in  the  different  metallographic 
directions#  Also  the  precipitated  particles  create  a  dimensional  misregistry 
with  the  adjacent  matrix  metal  on  an  atomic  scale.  These  stresses  vary  from 
tension  to  compression  from  one  microscopic  point  to  the  next  in  a  metal.  For 
this  reason,  they  cannot  be  measured  directly.  It  is  believed  that  the  micro- 
stresses  around  the  non-metallic  inclusions  and  submicrostresses  around  the  pre¬ 
cipitates  have  dominant  deleterious  effects  on  the  fatigue  strength  and  on  the 
ductility  of  alloys# 

If  this  hypothesis  is  correct,  one  would  expect  that  the  fatigue  strength 
of  steel  could  be  substantially  improved  by  changing  its  chemistry  so  as  to 
require  a  high  tempering  temperature  to  produce  a  given  hardness#  The  high 
tempering  temperature  would  permit  a  greater  stress-relief  of  the  microstresses 
induced  during  the  quenching  operation# 

During  recent  years  several  companies  have  developed  new  high-strength 
steels  that  have  superior  properties  at  tensile  strengths  of  the  order  of  280-300 
ksi#  In  every  case  the  tempering  temperature  has  been  increased  considerably 
above  that  used  in  former  grades  of  steel  for  this  tensile  strength.  The  highest 
fatigue  strengths  have  been  obtained  in  those  steels  requiring  the  highest  temper¬ 
ing  temperature. 

By  multiple  correlation  studies  on  various  high  strength  steels,  it  has  been 
determined  that,  of  the  common  elements  used  in  steel  manufacture,  molybdenum 
has,  by  far,  the  greatest  effect  in  raising  the  tempering  temperature.  Several 
steels  of  high  moly  content  were  designed  and  tested  at  our  laboratory.  Unfortun¬ 
ately  the  first  heats  of  these  steels  were  very  "dirty”  (ice.,  they  had  large 
non-metallic  inclusions).  However,  they  did  show  a  much  greater  fatigue  strength 
than  a  conventional  steel  heat  treated  to  the  same  hardness#  These  results  are 


shown  below: - 

Tempering 

Average  Fatigue 
Strength  (10' ) 

Steel 

Temperature-°F 

UTS-ksi 

Uoo 

31 k 

9U 

Special  High 
Moly  Steel 

1100 

300 

Ht6 

Higher  fatigue  strengths  in  steels  are  to  be  expected  if  the  tempering 
temperatures  can  be  further  increased. 


RELATION  OF  FATIGUE  TO  DUCTILITY 

Since  the  fatigue  strength  of  a  metal  may  depend  on  a  number  of  independent 
factors  and  since  it  is  difficult  in  experiments  to  change  one  variable  at  a  time, 
it  is  not  possible  to  obtain  a  precise  correlation  between  it  and  any  other  single 
bulk  property  of  the  metal# 

The  static  ductility  of  a  metal  found  in  a  conventional  tensile  test  is  a 
bulk  property  of  the  metal  and  depends  in  part  on  the  strength  level,  microstruc¬ 
ture,  cleanliness  and  microstresses  in  the  metal#  However,  these  factors  affect 
the  ductility  in  a  degree  and  manner  that  are  different  from  their  effects  on 
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fatigue.  The  long-life  fatigue  strength  is  dependent  on  the  one  single  micro¬ 
scopic  spot  that  is  the  weakest  in  the  region  of  the  highest  stresses.  A  relative¬ 
ly  small  change  in  the  maximum  sizes  of  the  inclusions  in  steels  that  are  other¬ 
wise  identical  would  cause  a  substantial  difference  in  their  fatigue  strengths 
but  would  probably  show  relatively  small  changes  in  the  static  properties  includ¬ 
ing  ductility,  Hcwever,  it  would  appear  reasonable  to  suspect  that,  if  the  type 
of  microstructure ,  grain  size ,  inclusions ,  etc . ,  in  a  metal  were  held  constant , 
then  ductility  would  correlate  with  the  long-life  fatigue  strength. 

Seme  authors  (f>,  22,  23)  have  noted  that  there  appears  to  be  a  general 
correlation  between  the  long-life  fatigue  strength  of  a  metal  with  its  ductility 
for  a  specified  tensile  strength,  Cazaud  (22)  says  ",  .  .  steels  which  give  a 
high  percentage  reduction  of  area  at  fracture  in  a  tensile  test  also  give  a  high 
endurance  ratio”.  The  author  of  reference  (22)  was  discussing  ratio  of  fatigue 
strength  at  long  life  to  ultimate  tensile  strength.  Evans  et  al.  (23)  have  the 
same  opinion.  They  say,  discussing  tests  on  wrought  steels,  -  .  the  fatigue 

properties  must  be  somewhat  dependent  upon  the  ductility  because,  although  the 
(static)  strength  properties  are  essentially  the  same  (longitudinal  and  trans¬ 
verse)  ,  a  pronounced  difference  is  evident  in  the  r eduction  of  area  values.  In 
fact,  the  fatigue  properties  are  rated  in  the  same  order  as  the  ductility1’. 

Ransom  and  Mehl  (5>)  speculated  that  the  reduction  of  area  in  tension  tests  of 
transverse  specimens  might  be  used  as  a  quality  index  for  transverse  fatigue 
properties. 

Ductility  may  be  defined  in  several  ways  for  example  such  as  the  percent 
elongation  at  failure,  the  reduction  of  area,  or  the  strain-hardening  exponent* 

The  strain  hardening  exponent  is  a  measure  of  ductility  since  it  is  equal  to  the 
true  plastic  strain  at  the  stress  corresponding  to  tensile  instability  or  the 
maximum  load.  Another  index  of  ductility  is  one  minus  the  yield  to  tensile- 
strength  ratio  since  this  ratio  is  related  to  the  strain-hardening  exponent. 

This  ^suggested  general  trend  might  be  more  specifically  stated  as  follows: 

As  a  general  rule,  the  fatigue  strength  of  a  given  alloy 
at  a  specified  ultimate  tensile  strength  tends  to  increase 
with  corresponding  increases  in  its  ductility  (as  measured 
by  the  reduction  of  area)  obtained  by  changes  in  the 
melting,  the  reduction,  or  the  heat  treatment  procedures. 

Since  fatigue  is  dependent  on  many  factors  other  than  ductility,  trie  above 
statement  must  be  considered  to  be  a  probabilistic  or  statistical  statement.  In 
certain  tests  wherein  the  ductility  is  not  changed  appreciably,  other  factors 
might  be  more  dominant  thereby  seemingly  invalidating  the  above  statement. 

Some  data  that  support  this  proposed  rule  have  been  tabulated  in  table  L, 

A  review  of  these  data  indicates  that  the  reduction  of  area  correlates  bette  ' 
with  the  fatigue  limit  than  the  percent  elongation.  Evans  and  his  co-worker,  i 
(23)  found  that  wrought  steels  always  displayed  higher  fatigue  strengths  and 
higher  reductions  of  areas  when  compared  to  the  same  steels  in  the  cast  form, 

Only  the  average  values  of  these  cast  and  wrought  steels  have  been  tabulated  In 
table  1  to  show  this  effect,,  Cazaud  (22)  in  his  book  has  compiled  fatigue  da  :a 
on  steels  having  different  microstructures.  In  general,  his  data  show  that,  .,£ 
steels  are  heat  treated  to  a  given  tensile  strength  and  have  the  same  microstiuc- 
ture ,  there  is  a  correlation  between  the  reduction  of  area  and  the  fatigue  lin it  , 


regardless  of  the  chemical  composition. 

The  long-life  fatigue  strengths  (500  x  10^  cycles)  of  annealed  and  work- 
hardened  aluminum  alloys  have  been  plotted  in  figure  9  as  a  function  of  the 
elongation.  Each  of  these  curves  correspond  to  a  small  range  of  tensile  strengths. 
Since  a  given  alloy  can  be  work-hardened  to  various  tensile  strengths,  each  alloy 
has  been  plotted  as  several  points  depending  on  its  hardness.  If  the  tensile 
strength  of  an  aluminum  alloy  is  increased  by  cold-working,  its  fatigue  strength 
will  increase  only  slightly  and  its  ductility  will  decrease.  No  relation  between 
ductility  and  fatigue  strength  was  found  for  the  heat-treated  aluminum  alloys, 
probably  because  the  range  of  hardnesses  of  such  alloys  is  too  small  for  a  trend 
to  be  established. 


NOTCH  SENSITIVITY 

Although  a  large  volume  of  data  on  the  notch  fatigue  strength  and  notch 
sensitivity  of  materials  has  been  published,  much  confusion  still  exists  on  the 
interpretation  of  these  terms  and  their  relation  to  the  fatigue  quality  of  a 
material.  For  example,  it  would  seem  natural  to  judge  a  material  to  be  excellent 
if  its  notch  sensitivity  is  very  low,  yet  many  materials  that  have  low  notch 
sensitivities  also  have  low  fatigue  strengths.  Cast  iron  has  a  low  notch  sensi¬ 
tivity,  but  also  has  a  relatively  low  fatigue  strength. 

It  is  suspected  that,  in  many  notched  fatigue  tests  reported  in  the  past, 
there  were  high  residual  stresses  and  work-hardening  at  the  bases  of  the  notches, 
introduced  by  the  machining  processes.  In  these  cases,  the  fatigue  strength  of 
notched  specimens  is  confused  with  these  additional,  extraneous,  variables. 

Only  when  the  notches  are  carefully  machined  and  stress-relieved  is  the  true 
notched  fatigue  strength  obtained.  Materials  that  have  a  high  strain-hardening 
index  can  be  inadvertently  work-hardened  considerably  at  the  base  of  a  sharp 
notch  during  machining,  which  also  induces  high  residual  compressive  stresses. 

An  example  of  this  is  austenitic  stainless  steel  where  large  increases  in  their 
notched  strengths  have  been  found  by  work-hardening  the  roots  of  the  notches. 
Under  this  condition,  the  notch  sensitivity  would  appear  to  be  low.  However, 
when  these  notched  specimens  are  properly  stress- relieved ,  much  lower  notched 
fatigue  strengths  are  observed. 

Therefore,  the  proper  definition  of  notch  sensitivity  should  involve  the 
notch  fatigue  strength  of  the  material  wherein  the  notch  root  is  known  to  be  free 
of  work-hardening  and  residual  stresses. 

Another  fact  that  confuses  the  meaning  of  notch  fatigue  strength  and  notch 
sensitivity  is  that  British  investigators  (2I4,  25,  26)  have  discovered  non-propa¬ 
gating  cracks  to  form  and  stop  their  growth  in  notched  specimens  at  stresses 
below  the  nominal  notched  fatigue  limits.  If  crack  formation  is  the  criterion 
of  failure,  then  in  these  cases  the  fatigue  limit  is  considerably  below  that 
corresponding  to  complete  failure* 

The  fatigue  notch  sensitivity  of  a  metal  may  be  interpreted  in  a  different 
way.  This  is  shown  by  the  results  on  two  heats  of  l*3U0  steel  (18)  j  one  was  an 
air-melted  aircraft-quality  heat  and  the  other  a  vacuum-melt  heat.  Both  sets 
of  specimens  were  heat-treated  to  about  190  ksi  tensile  strength  and  carefully 
stress-relieved  in  an  inert  atmosphere  after  the  final  machining  operation. 
Botating-beam  fatigue  tests  were  conducted  and  analyzed  using  statistical 
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FATIGUE  STENQTH  TO  TENSILE  STRENGTH  RATIO 
AS  A  FUNCTION  OF  ELONGATION  FOR 
SOFT  AND  HARD  WORKED  ALUMINUM  ALLOYS 


procedures.  The  results  are  shown  in  the  table  below: 


Material 


Average  Smooth 
Fatigue  Strength  (10?) 


a/ 

Average  Notched.-' 
Fatigue  Strength  (10?) 


Air-Melted  h3h 0  8k. < 

Vacuum-Melted  l*3lj0  100 


hi 

ho 


a/  The  geometric  stress  concentration  factor  of  the 
notch  was  2,6, 


From  these  values  it  is  seen  that  although  the  smooth  value  of  vacuum-melted 
heat  is  substantially  higher,  there  is  no  significant  difference  in  the  notched 
strengths. 

Here,  then,  is  a  case  where  a  superior  material  showed  no  improvement  in 
its  notched  condition  and  where  its  notch  sensitivity  increased.  This  suggests 
the  following  explanation.  In  either  heat  of  steel  the  amount  of  material  sub¬ 
jected  to  high  stress  at  the  base  of  a  sharp  notch  is  very  small  compared  to  that 
of  a  smooth  specimen.  Therefore ,  we  are  testing  relatively  clean  material  at 
the  base  of  the  notch  in  either  case  and  the  difference  in  performance  appears 
only  when  sufficient  volume  is  tested. 

Fran  this  one  would  expect  that  notch  sensitivity  is  a  probabilistic 
phenomenon  related  to  the  density  and  influence  of  the  inhomogeneities.  As 
suggested  by  Schuette  (27),  we  should  assume  the  notch  fatigue  strength  to  be  the 
datum  from  which  to  judge  the  smooth  fatigue  strength.  Perhaps  we  should  speak 
of  the  'tin-notched  sensitivity"  of  a  material  rather  than  its  notch  sensitivity. 
This  philosophy  leads  to  an  interpretation  of  notch  sensitivity  that  is  opposite 
to  the  conventional  interpretation. 

Further,  this  explanation  would  imply  that  notch  sensitivity  is  dependent 
on  the  size  of  the  notch.  A  large  notch  that  is  geometrically  similar  to  a  small 
notch  is  expected  to  have  a  lower  fatigue  strength. 

Because  of  the  continued  confusion  in  the  interpretation  of  notch  sensi¬ 
tivity,  it  is  suggested  that  future  work  should  be  directed  towards  a  better 
understanding  of  this  term. 


THE  A  -PARAMETER 

A  new,  simple,  relationship  that  predicts  the  behavior  of  metal  under  bi¬ 
axial  fatigue  stresses  was  independently  discovered  at  about  the  same  time  in 
three  different  laboratories,  two  in  this  country  (28  and  29)  and  one  in  Japan 
(30).  In  this  formula,  there  appears  a  new  parameter  which  is  basic  in  fatigue 
phenomena.  A  brief  discussion  of  this  new  relationship  follows. 

If  metal  is  subjected  to  a  set  of  biaxial  or  triaxial  alternating  stresses 
where  the  maximum  principal  alternating  stress  is  designated  by  p^  and  the 
algebraically-least  alternating  principal  stress  is  p^,  then  the  metal  behaves 
as  though  it  were  subjected  to  an  effective  uniaxial  stress,  s,  equal  to:- 


vhere  X  is  a  material  constant.  If  there  are  biaxial  in-phase  stresses,  then  j 
P3  «*  0  (it  is  the  minimum  of  the  three  principal  stresses)  and  the  effective  ] 
stress  is  simply  equal  to  the  larger  of  the  two  stresses.  If  the  biaxial  J 
stresses  (see  figure  10)  are  out-of -phase ,  that  is,  one  is  positive  when  the  ’• 
other  is  negative  then  the  effective  stress  is  equal  to  the  maximum  plus  a  ; 
fractional  part  (  X  )  of  the  other  (the  plus  is  used  since  there  are  two  nega-  . 
tives) .  This  relation  is  valid  at  the  "endurance-limits"  of  the  material,  [ 


Findley  and  co-workers  in  a  series  of  reports  (29,  31,  32)  compared  this 
relation  with  many  others  and  found  that  it  best  fitted  the  experimental  data. 

The  material  constant,  X  ,  may  be  determined  by  noting  that  an  alternating 
pure  shear  stress  is  equivalent  to  two  out-of -phase  principal  stresses  equal  to 
the  shear  stress  (designated  by  Te).  The  effective  uniaxial  stress  for  a  pure 


shear  test  is  obtained  by  substituting  T  e  and  -  Te  in  the  above  relation  and 

noting  that  this  must  be  equal  to  the  uniaxial  fatigue  limit. 

On  this  basis, 

V 

theni- 

V 

Se  -  Te  +  XTe 

£ 

K 

" 

Ti 

which  is  solved  for  X  ,  ori- 

i  „ 

X  «  Se-  -  i 

j. 

(2) 

i  „ 
* 

*  w 

1  e 

f: 

That  is,  this  parameter  may  be  determined  by  a  uniaxial  fatigue  and  a  shear 
fatigue  test  since  it  is  equal  to  the  quotient  of  the  fatigue  limit  under  uni¬ 
axial  stress  and  the  fatigue  limit  in  shear,  minus  one.  Theoretical  considera¬ 
tions  and  experimental  tests  demonstrate  that  its  value  lies  between  zero  and 
unity. 


Experimental  data  show  that  the  value  of  this  constant  is  near  zero  for  low- 
quality  brittle  materials,  and  that  values  in  the  vicinity  of  0.6  to  0.7  are 
common  to  high-quality  wrought  engineering  alloys.  This  trend  suggests  that  X 
might  be  used  as  a  "fatigue  quality  index".  A  chart  suggesting  the  relation  be¬ 
tween  X  and  the  fatigue  quality  is  presented  belcw: 


Fatigue  Quality 

Very  Poor 

Poor 

Good 

Excellent 


X  -  Range 

0  to  0.2 
0.3  to  0.5 
0,6  to  0.7 
Greater  than  0*7 


Most  wrought  engineering  alloys  are  anisotropic  in  regard  to  their  fatigue 
strengths.  That  is,  the  fatigue  strength  depends  on  the  orientation  of  the 
applied  stress.  In  rolled  plates  and  sheets,  for  example,  there  are  three  major 
axes  of  anisotropy?  one  in  the  direction  of  rolling  and  another  two  that  are 
perpendicular  to  this  direction.  The  fatigue  strengths  in  these  two  latter 
directions  are  usually  less  than  in  the  direction  of  rolling.  A  limited  amount 
of  data  indicates  that  the  fatigue  strength  in  the  "short  perpendicular"  direction 
may,  in  some  cases,  be  very  low*  It  is  for  the  above  reason  that  the  value  of  X  - 
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FIG. 10 

BIAXIAL  STRESS  SYSTEMS 


must  be  known  for  each  principal  direction  of  anisotropy.  A  material  may  rate 
high  along  the  major  axis  but  be  inferior  in  the  other  directions.  A  discussion 
of  the  sources  and  causes  of  anisotropy  In  wrought  steels  is  presented  in  refer- 
ence  (13). 

There  are  several  fatigue  characteristics  that  correlate  with  this  new 
parameter.  For  example,  the  slope  of  the  Goodman  diagram  is  inversely  related 
to  the  value  of  .  The  notch-sensitivity  of  a  metal  is  directly  proportional 
to  this  parameter. 


THE  FATIGUE  PROCESS  AND  CRACK  PROPAGATION 

The  conventional  S-N  curve  obtained  by  testing  supposedly  similar  parts  or 
laboratory  specimens  in  fatigue  is  usually  associated  with  the  complete  fracture 
of  the  parts  or  specimens*  In  some  cases,  the  failure  is  defined  as  that  point 
in  the  fatigue  process  when  the  crack  or  cracks  have  become  visible  or  have 
grown  to  seme  measurable  size.  The  conventional  S-N  curve  usually  is  the  repre¬ 
sentation  of  two  or  more  distinct  stages  of  fatigue j  one  is  the  initiation  or 
nucleation  stage  and  another  is  the  crack  propagation  stage. 

It  has  been  found  that  at  moderate  stresses  the  nucleation  stage  prior  to 
when  the  cracks  are  first  formed  occurs  at  a  relatively  low  cycle-ratio  or  a 
small  percentage  of  the  fatigue  life 5  the  actual  amount  being  dependent  on  the 
magnification  employed  in  detecting  the  first  crack  (19,  33-39).  There  is 
evidence  by  electron  microscope  techniques  that  micro-cracks  have  formed  at 
relatively  few  cycles  (35).  When  smooth  parts  or  specimens  are  tested  at  stress 
levels  near  the  long-life  part  of  the  S-N  curve,  there  are  relatively  few  cracks 
that  initiate  and  there  is  considerable  difficulty  in  detecting  when  and  where 
they  are  first  formed. 

The  nucleation  stage  as  well  as  the  stage  when  the  crack  is  very  small  is 
characterized  by  a  relatively  high  degree  of  variability  as  measured  in  cycles. 
Recent  work  (19,  36,  37)  has  established  that  the  variability  in  the  individual 
nuclei  or  origins  of  fatigue  cracks  accounts  for  the  largest  part  of  the  varia¬ 
bility  in  the  total  number  of  cycles  to  failure  for  stresses  at,  near,  or 
moderately  above  the  long-life  -fatigue  strength.  After  a  crack  has  attained  a 
certain  anall  size,  its  frontal  length  encloses  many  grains  so  that  its  propa¬ 
gation  then  becomes  more  unifom.  For  this  reason  the  variability  in  the  number 
of  cycles  in  the  final  propagation  stage  among  similar  specimens  or  parts  tested 
at  the  same  stress  is  small  compared  to  the  variability  of  the  initial  stages. 

There  is  also  another,  intermediate,  stage  in  the  fatigue  process  of  smooth 
specimens  that  occurs  after  a  micro-crack  first  forms.  This  stage  might  be 
appropriately  called  the  ’’hesitation”  stage  since  in  the  beginning  of  the  crack 
propagation,  the  initial  crack  often  hesitates  for  relatively  large  numbers  of 
cycles  before  restarting  its  growth.  Hunter  and  Fricke  discuss  this  peculiarity 
in  reference  (37).  Apparently  the  crack  front  runs  into  "road-blocks"  in  the 
form  of  harder  or  stronger  grains  or  sub grains  necessitating  a  longer  time  for 
the  crack  to  traverse  it  or  to  circumvent  it  by  changing  its  path  to  adjacent 
weaker  material,  Hempel  (33)  discussing  the  start  of  the  crack  from  slip  bands 
states  "The  direction  of  the  propagation  will  be  influenced  above  all  by  defects 
of  the  most  diversified  types,  as  well  as  by  the  orientation  of  the  crystallites 
as  to  the  direction  of  loading  and,  in  addition,  by  the  slip  traces".  Non¬ 
propagating  cracks  have  been  found  at  the  roots  of  notched  specimens  stressed 


668 


below  their  endurance  limit  (3u) «  Perhaps,  these  cracks,  having  less  degree  of 
freedom  of  motion  compared  to  those  of  a  smooth  specimen,  run  into  road -blocks 
that  they  cannot  readily  circumvent j  hence  they  stop  growing.  In  reference  (19), 
some  non-propagating  cracks  were  observed  in  smooth  specimens  that  were  tested 
at  a  stress  equal  to  the  average  fatigue  limit.  These  grew  in  lengths  not  greater 
than  about  0.003  in  10°  cycles,  and  failed  to  grow  larger  after  10'  cycles. 

Table  2 


Non-Propagating  Cracks  (reference  19)  in  SAE  h3h0 
Steel.  190  ksi  UTS'.  Stressed  at  ±85  ksi. at  10,000  RFM 
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10,255  a  Failed3 

a.  Stress  raised  to  ±110  ksi, 

suspected  that  micro-cracks  occasionally  form  at  stresses  below  the  fatigue 

limits  of  polycrystalline  metals  but  do  not  propagate  because  of  effective  crack- 
stoppers  in  their  paths. 

The  crack  size  that  is  the  upper  limit  of  the  hesitation  stage  ha3  been 
found  to  be  relatively  small.  In  one  aircraft-quality  steel  (19),  the  hesitation 
stage  observed  in  small  rotating-beam  specimens  occurred  at  crack  lengths  that 
were  less  than  0„005  to  0.010  inches.  Above  this  value,  the  cracks  on  the  aver¬ 
age  propagated  more-or-less  continuously  until  complete  fracture.  In  two  aluminum 
alloys,  a  significant  hesitation  period  was  observed  when  the  cracks  were  0,012 
inches  long  (37). 

Although  the  hesitation  stage  is  usually  limited  to  a  small  size,  it  does, 
however,  account  for  a  large  part  of  the  number  of  cycles  for  complete  fracture. 

It  is  perhaps  for  this  reason  that  various  authors  have  disagreed  upon  the  cycle- 
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ratio  corresponding  to  crack  propagation.  If  an  S-N  curve  is  to  be  defined  as 
that  corresponding  to  the  "first  visible  crack"  the  crack  length  should  be 
specified  and  accurately  measured.  It  is  not  enough  to  state  that  the  failure 
criterion  was  simply  "the  first  visible  crack". 

In  the  study  of  the  growth  of  fatigue  cracks  in  several  hundred  rotating 
beam  specimens  of  li3l|0  (19) ,  the  authors  found  that  the  end  of  the  hesitation 
stage  (arbitrarily  defined  as  the  number  of  cycles  when  the  exposed  crack  was 
0,010  in.  long)  corresponded  to  a  cycle-ratio  of  from  5> 0  to  70$,  and  that  the 
crack  had  started  at  less  than  10$  cycle-ratio  in  all  cases.  This  means  that  the 
hesitation  stage  accounted  for  about  $0%  of  the  cycles  for  failure  and  the  final 
crack  propagation  stage  accounted  for  about  I;0$,  At  least  90$  of  the  number  of 
cycles  for  failure  is  in  the  crack  growth. 

Some  observers  (19,  UO)  have  found  at  least  in  bending  specimens  that  the 
logarithm  of  the  crack  length  plots  as  the  best  straight  line  against  the  corres¬ 
ponding  number  of  cycles  (when  compared  to  other  common  functions).  Based  on 
this  relation,  and  the  fact  that  the  rate  of  crack  propagation  increases  rapidly 
with  the  stress  level,  a  proposed  empirical  crack  propagation  formula  for  a 
constant  stress  may  be  derived  as  followss- 

log  JL  «  k  s06  (N  -  N0) 

■^o 


where t~ 


JlQ  ■  specified  crack  length  at  end  of  the  hesitation  stage 
N0  M  number  of  cycles  corresponding  to  £0 
oi  ,  k  *  constants 

s  *  test  stress  in  ksi 

Typical  crack  growth  curves  have  been  plotted  in  figure  11.  These  cracks 
have  been  measured  on  rotating-beam  specimens  tested  at  one  stress  level.  These 
curves  illustrate  the  previously  discussed  points;  (1)  the  greater  uniformity  of 
crack  growth  in  the  last  stage,  (2)  the  hesitation  periods  and  (3)  the  large 
variability  associated  with  the  nucleation  and  hesitation  stages.  Figure  12 
illustrates  the  consistency  or  low  variability  in  the  third  stage.  Here  the 
origin  has  been  located  at  the  start  of  this  stage. 

Recently,  Ryder  (hi)  studied  the  crack  propagation  in  an  aluminum  wing  spar 
subjected  to  cycles  consisting  of  a  steady  load  followed  by  18  cycles  of  alter¬ 
nating  stress.  The  length  of  one  crack  is  plotted  as  a  function  of  the  number 
of  program  cycles  in  figure  13*  The  propagation  of  this  crack  (until  it  becomes 
large)  also  fits  the  proposed  formula, 

Ryder  noted  several  important  points.  First,  each  striation  in  the  fractured 
surface  corresponded  to  one  cycle  of  stress.  Secondly,  the  width  of  these  stri- 
ations  increased  with  increasing  stress.  In  fatigue  tests  on  many  parts  and 
types  of  specimens,  the  tests  are  usually  conducted  at  relatively  low  stress  so 
that  many  thousands  of  cycles  are  imposed  thus  making  it  difficult  to  verify 

*  Another  point  is  that  the  three  left-hand  curves  in  figure  11  are 
associated  with  larger  inclusions  than  the  three  right-hand  curves. 
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Ryder’s  statement  that  each  striation  corresponds  to  one  stress  cycle.  Further¬ 
more  in  fotating-beam  tests;  the  compressive  part  of  the  cycle  would  probably 
obliterate  these  striations, 

Lipsitt  and  co-workers  '39)  b<.  lieve  "the  growth  of  a  fatigue  crack  to  be  a 
discontinuous,  non-linear,  stepwise  process".  Their  tests  were  made  at  a  very 
slow  rate  of  cycling  -  only  eight  cycles  per  minute  -  which  enabled  them  to 
observe  numerous  "hesitation"  periods  during  the  life  of  each  specimen. 

The  foregoing  discussion  on  crack  nucleation  and  propagation  was  presented 
so  that  rational  correlations  of  fatigue  characteristics  with  other  material 
properties  may  be  uncovei'od,  At  stresses  near  or  slightly  above  the  long-life 
fatigue  strength,  the  nuc  ..cation  stage  correlates  with  the  size  of  the  nucleating 
inclusion.  On  the  other  hand,  the  large  number  of  grains  located  at  the  tip 
front  3n  the  last  stage  of  crack  growth  suggests  that  the  last  stage  might 
correlate  with  some  bulk  characteristic  of  the  metal,  such  as  ductility  or 
"notch"  toughness  (at  a  given  tensile  strength).  At  high  stresses,  the  nuclsa- 
tion  stage  appears  to  be  dependent  mainly  on  the  number  of  inclusions  as  well 
as  their  maximum  sizes  (l£) .  At  high  stresses  many  cracks  form  at  low  cycles 
and  eventually  join  to  form  the  final  fracture  surface. 

One  general  observation  concerning  the  S-N  curve  that  has  been  made  by 
several  investigators  is  that  if  strain  is  used  instead  of  stress,  then  many 
materials  having  good  ductility  will  fall  within  one  straight-sided  "scatter 
band"  on  a  log  strain  versus  log  N  plot  at  sufficiently  high  values  of  strain. 
This  is  shown  in  figure  lit.  Low  (U2)  tested  two  aluminum  alloys  and  three 
steels  and  found  that  these  fell  within  the  band  in  figure  111,  except  in  the 
range  below  the  yield  points  where  the  curves  deviated  to  the  right  of  the  band. 
Low  found  that  when  the  strain  was  less  than  that  corresponding  to  the  yield 
point,  the  curve  departed  rapidly  from  linearity.  If  the  strain  in  percent  is 
designated  by  6  ,  then  the  equation  of  the  mean  line  in  this  scatter  band  was 
found  to  be  described  by  the  following  relation:- 

€  N°*k°  *=  ilu3 

It  is  interesting  to  note  that  the  two  aluminum  alloys  had  the  least 
toughness  as  roughly  measured  by  the  product  of  their  tensile  strength  and 
elongation,  and  that  these  also  had  the  smallest  lives  at  constant  strain. 

The  three  steels  had  the  highest  toughness  and  the  greatest  lives  throughout 
most  of  the  upper  range. 

Some  authors  have  expressed  the  point  of  view  that  fatigue  including  crack 
propagation  is  related  to  the  depletion  of  ductility  in  the  metal  around  the 
nucleus  prior  to  the  formation  of  a  crack,  and  in  the  region  in  front  of  the 
crack  during  crack  propagation,  Sachs  (ii3)  presented  some  experimental  data  in 
support  of  this  viewpoint,  Orowan’s  original  theory  (Ui)  is  somewhat  similar 
in  this  respect,  McClintock’s  theory  (li£)  of  crack  propagation  in  plastic 
torsion  is  also  based  on  this  assumption. 
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SJRA1N  AS  A  FUNCTION  OF  LOG  N  FOR  I  ARGE 


CRITICAL  CRACK  LENGTH 


In  some  parts  that  have  failed  in  service  by  fatigue,  the  final  fracture 
often  happens  at  a  very  rapid  rate.  Prior  to  this  final  rupture  the  fatigue 
crack  progresses  at  a  finite,  but  increasing  rate  until  it  reaches  some  critical 
size  such  that  the  next  cycle  of  stress  causes  complete  fracture.  Partly  re¬ 
sponsible  for  this  critical  condition  is  the  fact  that,  for  a  fixed  load,  the 
decreasing  area  increases  the  nominal  stress.  However,  even  had  the  nominal 
stress  been  uniform  (by  decreasing  the  cyclic  load)  a  critical  crack  size  might 
be  encountered. 

The  practical  importance  of  having  the  critical  crack  size  sufficiently 
large  is  obvious.  In  aircraft  structures,  if  the  critical  crack  size  is  much 
greater  than  that  which  can  be  easily  detected  at  overhaul  and  its  attainment 
requires  a  number  of  service  overhaul  periods,  the  condition  maybe  acceptable. 

If,  on  the  other  hand,  the  critical  crack  size  for  the  maximum  stresses  imposed 
is  so  small  as  to  be  readily  missed  during  inspection,  a  potentially  dangerous 
situation  may  exist.  Since  only  one  load  application  (or  perhaps  a  few)  is 
necessary  after  the  critical  size  is  reached  and  since  this  critical  size  de¬ 
creases  with  increase  in  stress,  the  maximum  load  that  occurs  when  the  crack  is 
a  given  size  is  a  measure  of  the  safety. 

Another  practical  example  is  the  limiting  size  of  defect  in  high-strength 
solid-propellant  missile  cases.  Using  existing  data  on  steels,  critical  defects 
in  the  steel  are  estimated  to  be  very  small  if  the  design  stress  is  over  about 
200,000  psi. 

Most  laboratory  fatigue  specimens  tested  at  constant  load  finally  fail  from 
excessive  stress  and  display  a  more-or-less  static  type  of  failure.  The  size 
of  the  specimen  and  the  relatively  low  cyclic  stress  precludes  the  attainment  of 
the  critical  crack  size  in  most  laboratory  specimens.  For  example,  using  the 
relation  discussed  by  Irwin  (I16)  for  the  critical  crack  size  and  his  factor  for 
lOhO  steel,  the  critical  crack  size  is  about  the  same  or  larger  than  the  periphery 
of  a  small  rotating  beam  specimen  at  fatigue  stresses  near  the  fatigue  limit. 
However,  some  recent  fatigue  tests  on  very  hard  steels  conducted  at  relatively 
high  stresses  showed  evidence  that  the  critical  crack  was  only  0.0E>  to  0,10" 
and  was  followed  by  rapid  failure.  In  these  tests,  the  fractured  surface  dis¬ 
played  two  distinct  types  of  areas,  one  representing  the  original  fatigue  crack 
and  the  other  a  rapid  fracture .  Figure  1$  is  a  photograph  of  a  typical  fracture 
surface  of  one  of  these  specimens.  Figure  16  is  a  plot  of  the  critical  crack 
size  measured  on  the  outside  surface  as  a  function  of  the  test  stress. 

Irwin  has  revised  the  Griffith  theory  for  brittle  materials  to  be  applicable 
to  engineering  materials.  His  relation  (which  is  similar  to  Griffith’s  original 
relation)  is  that  the  product  of  square  of  the  net-section  stress  and  the  critical 
length  is  proportional  to  a  certain  material  constant.  This  constant  is  depen¬ 
dent  on  the  degree  of  constraint  of  the  metal  at  the  tip  of  the  crack,  that  is, 
plain  strain  causes  a  greater  restraint  than  plain  stress,  hence  a  much  lower 
value  of  the  constant.  His  relation  for  the  critical  crack  size  in  a  plate  or 
sheet  is  as  follows:- 


O  STEP  TEST 
a  CONVENTIONAL  TEST 


d2  £, 


2EGIC 

7?  (l-v2) 


where i 

*  naainal  net-section  stress,  psi,  to  propagate  the  crack 

£  -  critical  crack  length  in  inches 
c 

E  *  modulus  of  elasticity,  psi 
v  *  Poisson’s  ratio 

GIC  =  Energy  to  extend  crack  through  one  square  inch  of 
metal  in  in.  lbs.  per  in. 2  (for  plain  strain) 

McClintock  (h7,  1*8)  has  treated  this  problem  theoretically  in  sane  detail, 

T;  ritical  crack  size  has  several  important  relations  in  considering  the  fatigue 
li  jf  a  part  or  structure.  If  fatigue  cracks  do  develop  in  a  part  in  service, 
tht  above  relation  determines  the  crack  size  at  which  the  maximum  expected  load 
in  service  will  cause  complete  collapse  of  the  structure.  In  the  estimate  of 
the  "cumulative  fatigue  damage"  of  a  part  in  service,  the  analysis  should  be 
based  on  the  growth  of  the  fatigue  crack  and  its  length  compared  to  the  critical 
value  for  the  maximum  expected  load. 

SUMMARY 

This  paper  is  an  attempt  to  disclose  sane  of  the  relations  of  material 
variations  on  fatigue.  It  has  been  found  that  the  fatigue  strength  of  an  alloy 
is  a  function  of  its  tensile  strength,  its  cleanliness,  isotropy,  hanogeneity, 
microstructure,  microstresses  and  perhaps  some  measure  of  ductility.  It  is 
doubtful  that  these  variables  are,  in  themselves,  completely  independent-.  For 
this  reason,  much  work  is  to  be  done  in  the  future  to  uncover  those  basic  factors 
in  the  structures  of  metals  that  determine  their  fatigue  properties. 
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APPLICATION  OF  REFRACTORY  METALS 
AT  HIGH  TEMPERATURES 


by 

R.  C.  Downqy 

General  Electric  Company 
Cincinnati,  Ohio 

With  the  ceaseless  demand  for  higher  temperature  struc¬ 
tural  materials  for  flight  system  components,  metallurgical 
attention  has  concentrated  upon  development  of  the  refractory 
metals  (e.g.  Cb,  Mo  and  V/)  whose  high  melting  points  give  them 
the  potential  for  useable  strength  in  structural  applications 
above  2000F.  Alloys  with  good  strength  have  been  developed, 
but  their  engineering  application  has  been  generally  comprom¬ 
ised  by  the  fact  that  they  react  rapidly  with  high  temperature 
air  and  the  protective  coatings  employed  oftentimes  fail  due  to 
their  inability  to  withstand  the  service  stresses  involved  in 
structural  applications. 

Only  by  the  combined  efforts  of  materials  and  structural 
engineers  can  this  problem  area  be  overcome. 

Looking  to  the  future  there  is  confidence  that  the  prob¬ 
lems  of  today  will  be  overcome  and  that  the  technology  of  re¬ 
fractory  metals  will  be  continuously  advanced  for  use  in  man's 
further  technical  progress. 

This  paper  is  not  on  fatigue.  Its  inclusion  in  this  symposium  might 
be  questionable  were  it  not  for  the  fact  that  it  affords  the  opportunity  - 
all  too  rare  these  hectic  days  -  for  a  practitioner  of  one  technical  dis¬ 
cipline  to  talk  to  practitioners  of  another  on  problems  which  concern  them 
both.  The  remarkable  developments  wrought  in  the  flying  machine  by  air¬ 
craft  designers  have  resulted  in  urgent  pressures  on  my  fellow  materials 
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engineers  aid  me  to  supply  materials  capable  of  operating  under  heretofore  unthink¬ 
able  conditions. 

We  shall  develop,  and  are  developing,  such  materials.  And  this  we  know  so  far: 
Designers  will  experience  new  and  unusual  problems  with  these  new  materials  when 
designing  structures  which  operate  above  2000F,  Now  as  never  before  must  the  de¬ 
signer  and  the  materials  engineer  work  in  close  harmony  to  surmount  the  obstacles 
f&cing  us  both. 

My  remarks,  therefore,  will  be  aimed  at  stimulating  you  who  are  interested  in 
structural  design  thoughtfully  to  consider  both  the  opportunities  and  the  problems 
associated  with  building  high  temperature  structures  from  the  materials  which  the 
materials  engineer  has  provided. 


WHY  REFRACTORY  METALS? 

The  breathtaking  advances  in  flight  vehicle  technology  within  the  past  few 
years  have  propelled  us  into  the  supersonic  flight  regime  and  even  to  the  threshold 
of  space  flight.  This  headlong  advance  has  made  one  technological  factor  pene- 
tratingly  clear:  Flight  vehicle  structures  and  propulsion  systems  will  be  foroed 
to  operate  at  temperatures  where  conventional  materials  of  construction  are  grossly 
inadequate.  See  Figure  1.  Note  that  operating  temperature  requirements  of  some 
of  the  various  flight  system  components  pointed  out  are  well  above  2000F,  usually 
considered  the  maximum  temperature  for  structural  application  of  the  conventional 
nickel  and  cobalt  base  alloys.  In  fact  these  materials  become  melting  point  lim¬ 
ited  not  far  above  2000F,  Only  the  high  melting  point  (i.e.  refractory)  metals, 
therefore,  can  be  of  use  for  structures  operating  much  above  2000F.  (Ultimately 
even  the  refractory  metals  will  be  inadequate  and  we  will  see  structures  made  from 
ceramics  and  graphite.) 

Though  there  are  a  number  of  refractory  metals,  tungsten,  molybdenum  and  colum- 
bium  have  received  the  most  attention  from  metallurgists  in  the  search  for  struc¬ 
tural  metals  useful  above  2000F. 

REFRACTORY  ALLOY  DEVELOPMENT 

Efforts  at  developing  strong  refractory  metal  base  alloys  have  borne  fruit. 
Today  the  metallurgist  can  offer  the  designer  alloys  with  useful  strength  up  to 
perhaps  2Jr00F-2500F.  In  Figure  2  the  design  strengths  (based  on  . 2£'  yield 
strength  and  100-hour  stress-rupture  strength)  of  recently  developed  columbium  and 
molybdenum  alloys  are  compared  with  those  of  the  best  known  nickel-base  alloys. 

Let  us  assume  the  useful  strength  range  for  elevated  temperature  applications  lies 
between  j?,000  psi  and  30,000  psi.  It  is  obvious  that  the  nickel  base  alloys  possess 
little  useful  strength  above  2000F.  On  the  other  hand,  the  columbium  and  molybdenum 
alloys  offer  useful  strengths  at  least  to  2ij00F,  (Flj8  and  Ff>0,  mentioned  in  Figure 
2,  are  two  in  a  series  of  strong  columbium  alloys  recently  developed  by  General 
Electric  metallurgists.) 

Additional  strength  information  is  given  in  Figure  3  where  individual  alloys 
are  shown.  In  addition  to  the  strengths  of  Cb  and  Mo  alloys,  that  of  unalloyed  W 
is  also  shown.  Only  a  modest  amount  of  development  work  has  been  done  on  W  alloys 
and  no  tungsten  alloy  has  yet  been  identified  which,  on  a  strength-to-weight  ratio 
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basis,  is  as  strong  as  the  columbium  and  molybdenum  alloys  up  to  about  25 OOF.  Tung¬ 
sten  will  find  its  true  potential  at  temperatures  substantially  above  2500F  and  its 
technology  will  be  advanced  as  clear  cut  needs  are  defined. 

It  is  evident  from  the  foregoing  then,  that  strong  refractory  alloys  are  at 
the  designer’ s  disposal.  Their  strength  stands  as  a  vital  and  powerful  tool  to  aid 
in  the  design  of  high  tanperature  structures.  Furthermore,  many  potential  applica¬ 
tions  for  these  materials  have  been  identified  (Figure  it)  with  respect  to  various 
components  of  jet  engines,  space  power  plants  and  re-entry  vehicles. 

In  view  of  this  situation,  i.e,  strong  materials  and  waiting  applications,  what 
else  must  be  considered  before  materials  and  applications  can  be  introduced  to  each 
other?  The  answer  to  this  is  really  the  crux  of  the  whole  matter. 

Actually  there  are  a  number  of  rather  formidable  problem  areas  which  prevent 
easy  and  widespread  structural  application  of  refractory  metals.  Some  of  these  are 
the  concern  of  the  materials  engineer,  but  others  must  be  faced  by  you  who  are  ex¬ 
pert  in  design. 

PROBLEM  AREAS 

I  will  not  regale  you  with  the  materials  engineers  problems.  Suffice  it  to 
say  that  we  must  learn  to  produce  these  refractory  alloys  in  useful  form  with  great¬ 
er  efficiency  and  at  substantially  lower  cost.  We  must  learn  better  to  form  and 
join  them  with  precision  and  reliability.  We  must  develop  more  effective  surface 
protection  methods.  These  and  many  other  problems  we  are  attacking  -  and  will  ul¬ 
timately  solve. 

On  the  other  hand,  I  hope  that  designers  are  considering,  or  will  consider, 
those  characteristics  of  refractory  alloys  which  will  undoubtedly  complicate 
their  job  in  trying  to  adapt  them  to  realistic  structural  design. 

Here  are  some  typical  problem  areas.  Refractory  alloys  are: 

1)  Relatively  heavy, 

2)  Brittle  at  low  temperatures  under  high  strain  rates, 

3)  Highly  susceptible  to  oxidation. 

Certainly  you  all  are  familiar  with  these  attributes.  Some  of  you  may  have  already 
contemplated  design  innovations  aimed  at  alleviating  the  weight  problem.  Beyond 
this,  you  know  that  you  must  take  steps  to  preclude  high  strain  rate  loading  of 
refractory  alloy  structures  at  low  to  moderate  temperatures,  for  such  could  cause 
suddai,  brittle  failure  of  the -structure.  (A  hammer,  or  other  tool,  dropped  by  a 
workman  is  a  good  means,  incidentally,  of  producing  high  strain  rate  loading  and 
may  be  difficult  for  a  designer  to  control.) 

Finally,  you  are  all  aware  that  the  refractory  alloys  lack  oxidation  resist¬ 
ance  and  must  have  protective  coatings.  I  wonder,  though,  if  all  of  you  have 
thought  about  the  very  marked  design  ramifications  associated  with  the  protection- 
from-oxidation  problem. 
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Planned  applications  for  refractory  alloys 
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COMPLICATIONS  DUE  TO  COATINGS 

Because  of  the  oxidation  problem  a  vast  and  complicated  technology  involving 
protective  coatings  has  arisen .  From  this  technology  have  been  derived  important 
lessons.  Prominent  among  them  are  these: 

1)  Coated  refractory  metals  must  be  regarded  as  composite  material  structures 
having  oxidation  resistant,  non-stress  carrying  surfaces  and  strong, 
reactive  cores, 

2)  An  extremely  high  percentage  of  all  failures  of  coated  refractory  metal 
parts  can  be  traced  to  coating  failures,  which  in  turn  lead  to  parent 
metal  failures. 

This  makes  it  apparent  that  when  designing  with  refractory  alloys  it  is  not 
realistic  to  consider  only  the  properties  of  the  parent  metal  -  those  of  the  coat¬ 
ing  must  also  be  taken  into  account,  for  in  many  cases  the  properties  of  the  coat¬ 
ing  will  determine  the  life  of  the  coated  part.  And  remember,  the  coatings  of 
which  I  speak  will  probably'be  composed  largely  of  ceramic  materials  whose  proper¬ 
ties  are  vastly  different  from  those  of  the  metallic  substrate. 

To  appreciate  the  significance  of  the  foregoing  concept,  consider  the  follow¬ 
ing  factors: 

1)  Oxidation  mechanisms 

2)  Failure  mechanisms  for  coatings 

In  Figure  5  a re  illustrated  the  oxidation  mechanisms  which  occur  in  molybdenum 
and  columbium,  respectively.  In  the  case  of  molybdenum,  which  forms  a  high  vapor 
pressure  (i.e.  volatile)  oxide,  continued  exposure  to  an  oxidizing  atmosphere 
would  result  in  continued  metal  loss  and  consequent  decrease  in  load  carrying  abil¬ 
ity,  Columbium,  on  the  other  hand,  forms  a  low  vapor  pressure  (non-volatile)  oxide 
which  does  not  result  in  rapid  and  severe  metal  loss  as  in  the  case  of  molybdenum. 
Oxygen,  however,  diffuses  into  the  parent  columbium  with  consequent  embrittlement 
of  the  oxygen  contaminated  area.  While  the  deleterious  effect  of  oxidation  on 
columbium  is  much  less  than  on  molybdenum,  severe  contamination  of  a  columbium 
structure  (as  could  result  from  a  coating  failure)  can  cause  brittle  behavior  of 
the  structure  in  service  and  possible  premature  failure.  (Columbium  alloys,  how¬ 
ever,  have  such  significant  advantages  over  molybdenum  alloys  with  respect  to 
oxidation  that  they  are  considered  much  more  reliable  for  application  in  the  2000F- 
2500F  range.) 

It  should  be  clear,  then,  that  once  a  coating  failure  occurs  in  a  refractory 
alloy  component,  failure  of  the  component  itself  certainly  is  possible,  and  often¬ 
times  is  likely,  particularly  in  the  case  of  molybdenum.  It  might  be  said  that  the 
structure  is  "conditioned"  for  failure.  Thus,  it  follows  that  the  performance  in 
service  of  a  coated  refractory  metal  component  is  in  large  measure  determined  by 
the  performance  of  its  coating. 

Now  then,  what  causes  coatings  to  fail?  While  failures  can  occur  simply  due 
to  inadequate  oxidation  resistance,  such  failures  actually  are  relatively  rare. 

More  likely  are  failures  associated  with  coating-parent  metal  relationships  and 
with  service  operating  conditions. 
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ELEVATED  TEMPERATURE  OXIDATION  - 


Oxidation  mechanisms  -  molybdenum  and  columbium 


The  Flight  Propulsion  Laboratory  Department  spent  several  years  s tu dying  the 
feasibility  of  using  coated  molybdenum  turbine  buckets  in  jet  engines,  inuring  this 
time  the  causes  of  coating  failures  were  well  established.  Figure  6  illustrates 
these  coating  failur-*  causes ,  as  experienced  during  engine  operation  of  coated 
molybdenum  turbine  buckets.  The  causes  are:  1)  Over  temperature,  2)  impact  (or 
other  mechanical  damage),  and  3)  thermal  fatigue.  The  first  two  relate  to  oper¬ 
ating  conditions ;  the  third  to  a  combination  of  operating  conditions  and  parent 
metal-coating  relationships.  If  in  addition  to  the  three  failure  mechanisms  just 
mentioned  we  add  a  fourth  vibratory  fatigue,  then  all  the  likely  causes  of  coating 
failure  in  a  refractory  alloy  structure  are  covered. 

SIGNIFICANCE  ID  THE  DESIGNER 

I  have  made  the  proposition  that  in  structural  design  employing  refractory 
alloys  the  properties  of  the  coating  are,  in  the  final  analysis,  probably  more  sig¬ 
nificant  than  those  of  the  parent  metal.  I  have  specified  the  causes  of  coating 
failure.  Now  what- does  this  really  mean  to  the  designer?  In  the  case  of  over¬ 
temperature,  coatings  can  actually  be  melted  off  in  but  a  few  seconds.  With  re¬ 
spect  to  mechanical  damage  (such  as  impact  or  erosion)  foreign  particles,  meterorites, 
etc.  can  penetrate  or  wear  away  a  coating.  While  the  materials  engineer  can  help 
here  by  providing  higher  melting  and  more  impact  and  erosion  resistant  coatings,  the 
designer  ultimately  must  shoulder  the  responsibility  of  deciding  how  to  design  for 
these  conditions.  In  other  words,  he  must  decide  what  risks  to  take. 

Consider  next  the  case  of  thermal  fatigue  -  the  repetitive  application  of 
thermally  induced  stresses.  (Thermal  shock  is  here  considered  as  a  special  case  of 
thermal  fatigue.)  This  has  been  one  of  the  most  vexing  problems  to  cloud  the  coat¬ 
ing  picture.  Severe  thermal  stresses  in  a  coated  refractory  alloy  component  can 
result  from: 

1)  Differential  thermal  expansion  between  elements  of  the  component  (e.g.  as  be¬ 
tween  coating  and  parent  metal) . 

2)  Sharp  thermal  gradients  in  the  component  (e.g.  as  might  be  caused  by  rapidly 
heating  a  part  with  a  low  conductivity  coating) . 

3)  Mechanical  restraint  betwean  elements  of  the  component  (e.g.  as  at  junctures 
between  light  and  heavy  sections). 

Certainly  you  have  faced  these  thermal  stress  situations  before  when  designing 
structures.  But  how  often  have  you  done  so  when  the  difference  between  success 
and  failure  of  a  component  rested  with  a  relatively  fragile  coating  (probably  a 
ceramic)  which  was  never  meant  to  be  strong  but  now  must  survive  repeated  doses 
of  thermal  stresses?  You  must  agree  that  this  is  a  situation  to  be  approached 
with  all  the  skill  at  the  designer’s  command.  Adequate  design  compensation  might 
be  made  if  only  one  of  the  three  mechanisms  were  operative.  But  if  two,  or  all 
three,  were  extant  the  prospect  of  coping  with  them  by  design  methods  is  some¬ 
thing  less  than  inviting.  Yet  I  am  sure  that  if  proper  foresight  and  skill  are 
applied  to  such  problems  the  thermal  stress  situation  can,  in  many  cases,  be 
turned  to  the  advantage  of  the  designer. 
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Finally  we  must  think  about  vibratory  fatigue.  This  phenomenon,  of  course, 
adds  complexity  to  the  already  formidable  problem  of  thermal  fatigue.  Investi¬ 
gatory  work  within  the  Flight  Propulsion  Laboratory  Department  has  demonstrated 
’  the  marked  reduction  in  coating  life  that  occurs  with  all  types  of  coatings  when 
vibratory  stresses  are  imposed  simultaneously  with  thermal  stresses  on  coated 
refractory  metals. 

Testing  techniques  used  to  demonstrate  this  factor  involve  use  of  a  labor¬ 
atory  flame  tunnel  programmed  for  automatic  thermal  cycling  and  having  provision 
for  application  (if  desired)  of  vibratory  stress  to  the  test  specimen. 

A  single  example  will  be  cite'5.  It  concerns  .5% Ti-Mo  alloy  coated  with  G.E. 
System  300  coating  (Or  plate  /  flame  sprayed  aluminum  oxide).  For  thermal  cycling 
tests  coated  turbine  buckets  were  used.  For  combined  thermal  cyclic -vibratory 
stress  testing  specially  designed  coated  panels  were  used.  The  difference  in  con¬ 
figuration  of  test  specimens  does  not  materially  affect,  for  our  purposes,  com¬ 
parability  of  test  results,  which  are  shown  below: 

Table  I 


Test  Specimen 


Test  Conditions 


Thermal  Cycling 


Vibratory  Stress 


Average  Life 
(Cycles) 


1  ^Coated  Turbine  1000F-2200F,  2  Mins. 
Buckets 


2  *Coated  Pm  els 


1000F-22G0F,  2  Mins. 


'"10,000  psi 


*Cr  plate  +  AI2O3 
^Single  amplitude,  20  cps 


The  definite  decrease  in  coating  life  attributable  to  vibratory  stress  is 
evident.  If  the  number  of  thermal  cycles  withstood  prior  to  failure  seems  large, 
remember  that  these  tests  were  run  on  specimens  of  relatively  simple  configura¬ 
tion,  protected  with  a  high  quality  coating.  Moreover,  none  of  the  other  nor¬ 
mally  expected  service  conditions  was  present  (i.e.  structural  loading,  impact, 
erosion,  etc.)  and  no  really  complex  structural  designs  were  involved. 

Again ,  however,  I  wonder  whether  the  vibratory  stress  factor  might  not  be 
made  to  work  advantageously  for  coating  life  and  thus  for  structural  life. 

From  all  the  foregoing,  certain  things  seem  clearly  apparent.  The  develop¬ 
ment  of  strong  refractory  alloys  has  presented  the  structural  designer  with  poten¬ 
tially  valuable  materials  of  construction.  At  the  same  time,  however,  it  has 
confronted  him  with  the  prospect  of  being  forced  to  design  around  presently  in¬ 
herent  weaknesses  largely  associated  with  protective  coatings.  Certainly  here  is 
a  challenge  to  you  who  are  designers  to  pit  your  skills  and  ingenuity  against  the 
obstacles.  And  it  would  seen  there  is  a  particular  challenge  for  you  who  are  in¬ 
terested  in  fatigue  mechanisms.  That  fatigue  is  a  prime  cause  of  failure  in  pro¬ 
tective  coatings  seems  well  established.  Yet  it  is  true  that  little  work  is  being 
done  to  define  and  understand  the  fatigue  characteristics  of  coatings.  Work  in 
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this  area  could  result  in  a  significant  contribution  to  the  successful  use  of  re¬ 
fractory  alloy  structures  and  I  commend  it  for  your  consideration. 

A  final  point.  I  am  certain  that  you  specialists  in  design  and  fatigue  mech¬ 
anisms  -simply  cannot  van  the  battle  alone.  You  must  have  the  help  of  us  materials 
engineers  who  know  and  understand  the  metallurgical  aspects  of  coatings.  So  my 
plea  to  you  is  this.  Join  forces  with  us  so  that  our  pooled  talents  can  be  brought 
to  bear  on  the  problem.  Vail  you  accept  this  challenge? 

ABOUT  THE  EUTURE 

As  surely  as  we  face  problems  today,  these  will  be  overcome  and  the  technology 
of  refractory  alloys  will  be  advanced.  It  is  certain  that  the  useful  temperature 
limits  of  these  materials  will  push  steadily  upward.  As  can  be  seen  from  Figure  7 
the  maximum  temperatures  for  useful  strengths  of  many  alloy  systems  exceeds  60$  or 
even  7C$  of  the  melting  point  of  the  base  metal.  If  the  same  can  ultimately  be 
expected  of  refractory  alloys  then,  obviously,  they  have  noticeable  room  for  growth. 

As  to  what  the  ultimate  useful  temperature  limits  will  be  and  how  long  it  will 
take  to  attain  them  Figure  8  provides  estimates  which  are  based  on  current  rates 
of  progress  and  on  observed  development  histories  with  other  alloy  system^. 

Refractory  alloy  technology  is  really  still  in.  its  youth  -  though  a  vigorous 
youth  it  is l  You  and  I  will  see  it  grow  and  hopefully  will  help  its  growth  to 
maturity  as  a  potent  force  for  us  in  mankind's  future  technical  progress,, 


f  withstanding  10,000  psi  for  100  hours 
per  cent  of  absolute  melting  point  at  which  alloy  is  useful 
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ABSTRACT 

This  paper  is  concerned  with  the  fatigue 
characteristics  of  new  structural  materials  being 
incorporated  into  advanced  air  vehicles.  Environ¬ 
ments  of  higher  service  temperatures  and  the  demand 
for  higher  structural  efficiency  have  led  to  the 
use  of  a  new  class  of  materials  including  ultra- 
high  strength  steels,  and  high  temperature  alloys. 
Relatively  little  fatigue  information  has  been 
available  on  these  materials  and  considerable 
effort  is  being  expended  to  obtain  fatigue  data 
in  order  to  support  design.  In  comparing  the  test 
results  obtained  thus  far  on  these  new  materials 
with  the  well  established  data  on  conventional  low 
alloy  steels  and  higfr  strength  aluminum  alloys, 
certain  similarities  are  noted.  Fatigue  properties 
are  also  being  determined  at  elevated  temperatures 
in  view  of  the  higher  service  temperature  environ¬ 
ments,  An  analysis  of  the  data  from  fatigue  test 
programs  shows  no  cause  for  alarm  in  using  these 
new  materials  for  advanced  air  vehicle  structure 
and  indicates  satisfactory  service  life  will  be 
obtained. 
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INTRODUCTION 


The  advanced  air  vehicles  being  designed  in  this  country  to 
meet  tomorrow's  competition  have  mission  requirements  which  dictate 
the  use  of  new  structural  materials.  Longer  range  means  trading 
structural  weight  for  additional  fuel.  This  dictates  the  use  of 
materials  with  higher  structural  efficiency  (viz.,  higher  strength/ 
weight  ratio).  Higher  speed  means  higher  operating  temperatures. 

This  dictates  the  use  of  materials  which  retain  useful  properties  at 
higher  temperatures.  In  addition  to  the  introduction  of  new  materials, 
new  types  of  air  vehicle  structure  such  as  welded  or  sandwich  con¬ 
struction  are  being  used  in  place  of  the  riveted  skin  and  stringer 
type.  In  considering  these  new  materials  and  types  of  construction, 
it  was  apparent  that  relatively  little  fatigue  information  was  avail¬ 
able.  The  great  wealth  of  data  on  high  strength  aluminum  alloys  and 
riveted  joints  was  not  considered  directly  applicable.  The  service 
life  characteristics  of  these  new  materials  and  structures  was  a 
question  mark  which  had  to  be  answered  by  test.  The  purpose  of  this 
paper  is  to  present  some  of  the  preliminary  test  results  obtained  on 
materials  typical  of  those  being  considered  for  advanced  air  vehicles. 
Included  also  are  some  data  on  welded  joints  made  from  these  materials. 
The  fatigue  data  presented  are  for  axial  tension  (R  =  0)  loading  and 
are  at  room  temperature  unless  otherwise  noted. 

MATERIALS  SELECTED 

Four  general  types  of  materials  have  been  selected  for  discussion 
in  this  paper.  They  are:  (1)  hot  work  die  steel,  (2)  semi-austenitic 
precipitation  hardening  stainless  steel,  (3)  titanium  alloy,  and 
(4)  nickel-base  alloy.  The  hot  work  die  steel  has  been  included  as 
being  an  ultra-high  strength  steel  which,  because  of  its  high  temper¬ 
ing  temperatures,  retains  useful  strength  up  to  about  900  F.  The 
semi-austenitic  precipitation  hardening  stainless  steel  has  been 
selected  because  of  its  combination  of  corrosion  resistance  and  high 
strength,  with  useful  properties  up  to  about  850  F.  The  titanium 
alloy  was  chosen  as  a  low  density  material  with  good  corrosion  re¬ 
sistance  and  useful  strength  up  to  about  800  F.  The  nickel-base  alloy 
has  been  included  as  a  high  temperature  alloy  with  high  temperature 
oxidation  resistance  and  good  strength  up  to  about  1600  F. 

HOT  WORK  DIE  STEEL 

The  data  presented  are  on  the  SAE  H-ll  alloy  steel  bar.  This 
alloy  is  a  5$  chromium  tool  steel  which  has  been  used  extensively 
for  hot  working  tools  in  operations  such  as  forging,  heading,  and 
swaging.  The  steel  is  capable  of  being  heat  treated  to  a  strength 
level  of  280,000  -  300,000  psi  and  will  retain  its  high  strength 
after  extended  periods  of  exposure  to  temperatures  up  to  approximately 
900  F.  Figure  1  shows  the  effect  of  time  and  temperature,  on  the 
static  tensile  properties  of  this  alloy.  The  H-ll  alloy  steel  is  not 
corrosion  resistant  and  thereby  loses  some  of  its  structural  efficiency 
advantage  over  corrosion  resistant  material  because  of  the  additional 
weight  of  the  protective  finish  required.  For  this  reason,  the 
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greatest  advantages  in  using  this  steel  are  realized  in  applications 
such  as  heavy  structural  fittings  where  the  weight  of  the  protective 
finish  is  negligible  by  comparison.  Figure  2  presents  some  SN 
curves  at  room  temperature  for  heat  treated "H-ll  steel  in  the  un¬ 
notched  and  notched  conditions,  under  axial  tension  (R  =  0)  loading. 

The  data,  which  are  plotted  as  a  percent  of  the  static  tensile 
strength,  look  quite  similar  to  data  we  are  familiar  with  for  low 
alloy  steel  such  as  the  4100  or  4300  series,  heat  treated  to  lower 
strength  levels.  Endurance  limits  equal  to  42$  of  the  unotched 
tensile  strength  were  obtained  in  the  unotched  condition  and  24$  in 
the  notched  ( =  2.5)  condition.  Figure  3  shows  a  comparison  of 
the  data  for  H-ll  steel  bar,  from  Figure  2  with  SN  curves  for  the 
4100  and  4300  low  alloy  steel  bar,  heat  treated  to  180,000  -  220,000 
psi.  The  data  are  plotted  as  a  percent  of  the  static  tensile  strength 
for  comparison.  Also  plotted  on  the  graph  are  unnotched  fatigue 
data  for  the  H-ll  steel  at  a  temperature  of  700  F.  The  elevated 
temperature  fatigue  data  are  plotted  as  a  percent  of  the  short  time 
elevated  temperature  static  tensile  strength.  The  700  F  fatigue 
properties  are  actually  more  meaningful  to  the  aircraft  designer 
because  the  major  use  for  this  material  on  advanced  air  vehicles  will 
be  at  elevated  temperatures.  The  data  indicate  no  significant 
difference  in  the  unnotched  fatigue  characteristics  for  H-ll  steel  at 
700  F  as  compared  to  room  temperature.  Although  the  SN  curves  for 
H-ll  lie  below  those  for  the  low  alloy  steel,  when  plotted  as  a  percent 
of  the  tensile  ultimate  strength,  a  comparison  on  the  basis  of  actual 
stress  in  terms  of  psi  shows  that  H-ll  steel  provides  an  advantage 
over  low  alloy  steel.  This  latter  comparison  is  made  Figure  4*  Further, 
the  advantage  of  using  H-ll  steel  increases  at  higher  temperatures 
where  the  strength  of  low  alloy  steels  decrease  rapidly. 

SEMI -AUSTENITIC  PRECIPITATION  HARDENING  STAINLESS  STEEL 

The  data  presented  are  on  the  PH15-7M0,  Condition  RH  950,  alloy 
sheet.  This  alloy  is  a  comparatively  new  development  in  the  preci¬ 
pitation  hardening  grade  of  stainless  steel.  Its  principle  advantages 
are,  (1)  high  strength  at  elevated  temperatures,  (2)  weldability, 

(3)  brazeability,  (4)  corrosion  resistance,  and  (5)  availability 
in  the  various  product  forms  required  for  brazed  sandwich  construction. 
The  elevated  temperature  static  tensile  properties  of  PH15-7M0  alloy 
sheet  are  presented  on  Figure  5»  This  material  is  being  considered 
for  skins  and  sheet  metal  structure ,  Including  weldments  and  brazed 
sandwich,  for  advanced  air  vehicles.  Axial  tension  fatigue  data  are 
shown  on  Figure  6  for  PH15-7MO  in  the  unnotched,  notched  (Kt  =  2.5 )> 
and  welded  conditions.  The  welded  test  specimens  were  fusion  welded, 
using  the  tungsten,  inert  gas,  shielded  arc  method,  heat  treated 
after  welding,  and  tested  with  the  full  weld  bead  normal  to  the  load¬ 
ing  direction.  Endurance  limits  of  38$  of  the  static  tensile  strength 
were  obtained  In  the  unnotched  condition,  and  20$  in  the  notched 
condition  for  PH15-7MO  sheet.  The  welded  specimens  gave  similar  re¬ 
sults  to  the  notched  specimens.  Analysis  showed  that  PH15-7M0  had 
somewhat  lower  fatigue  properties  than  17-7PH,  Condition  TH  1050, 

(a  familiar  and  extensively  used  predecessor  to  PH15-7Mo)  in  the 
unnotched  condition  but  slightly  higher  in  the  notched  condition.  A 
comparison  of  the  SN  curves  for  PH15-7Mo  and  17-7PH  is  made  in  Figure  7»‘ 
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Also,  appropriately  included  on  Figure  7  are  fatigue  data  for  unnotched 
PH15-7MO  at  500  F.  As  in  the  case  of  the  H-ll  alloy  steel,  the 
differences  between  the  elevated  and  room  temperature  fatigue  properties 
presented  on  PH15-7MO  cannot  be  considered  significant,  in  addition 
to  reviewing  the  basic  fatigue  data  on  PH15-7M0,  it  is  important  to 
consider  its  fatigue  characteristics  when  used  in  typical  vehicle 
structure.  In  comparing  a  welded  PHI5-7M0  joint  with  a  riveted  2024  - 
T3  aluminum  alloy  Joint,  we  find  the  PH15-7MO  joint  is  superior  from 
a  fatigue  standpoint.  This  comparison  is  shown  in  Figure  8  for 
PH15'-7Mo  welded  joints  with  the  weld  bead  left  on  and  also  ground 
flush,  and  for  2024  -  T3  lap  riveted  joints  with  both  a  single  and 
double  row  of  rivets.  It  should  be  noted  that  the  ordinate  on  Figure  8 
is  shown  as  a  percent  of  the  parent  metal  strength.  This  takes  the 
joint  efficiency  factor  into  account  and  permits  a  more  realistic 
comparison.  On  the  basis  of  these  comparative  data,  the  use  of  welded 
PH15-7MO  structures  should  present  no  greater  fatigue  problems  than 
we  are  accustomed  to  in  the  use  of  conventional  riveted  aircraft 
structure  made  from  commonly  used  high  strength  aluminum  alloys. 

TITANIUM  ALLOY 

The  fatigue  data  on  titanium  presented  in  this  paper  are  on  the 
6A1-4V  alloy  bar,  heat  treated  to  160,000  psi  minimum  tensile  strength. 
This  alloy  is  available  in  many  product  forms,  including  sheet,  bar, 
forging,  and  extrusion.  Its  main  advantages  as  a  titanium  alloy  are 
its  combination  of  high  strength  and  weldability  properties,  plus  good 
retention  of  strength  at  elevated  temperatures.  The  elevated  tempera¬ 
ture  static  tensile  properties  of  the  6A1-4V  alloy  are  shown  on 
Figure  9«  This  alloy  is  being  considered  for  skins  and  frame  structure 
on  advanced  air  vehicles,  and  is  primarily  in  competition  with  the 
semi-austenitic  precipitation  hardening  stainless  steels  such  as 
PH15-7MO  and  AM  555*  The  titanium  alloy  has  the  advantage  of  low 
density  coupled  with  high  strength  but  is  more  difficult  to  weld  and 
has  not  yet  been  satisfactorily  made  in  the  form  of  brazed  sandwich 
structure.  Figure  10  shows  some  limited  axial  tension  fatigue  test 
data  on  heat  treated  6A1-4V  titanium  alloy  bar  in  the  unnotched  and 
notched  (Kt  *  30)  conditions.  While  these  data  are  not  on  sheet 
material  as  is  the  case  with  the  PH15-7MO  stainless  steel,  the  fatigue 
properties  are  relatively  good.  Certainly  no  dangerous  trend  in  fatigue 
resistance  is  indicated  in  this  material.  Endurance  limits  at  107 
cycles  were  76$  of  the  unnotched  tensile  strength  in  the  unnotched 
condition  and  22$  in  the  notched  condition.  It  should  be  noted  that 
the  notched  data  on  the  tianium  alloy  are  for  a  notch  factor  of  3*3 
as  compared  to  a  factor  of  2.5  for  other  materials  discussed  in  this 
paper.  Figure  11  presents  some  comparative  room  temperature  fatigue 
data  on  T^T-W  titanium  and  the  4100-4300  low  alloy  steels  in  the 
unnotched  and  notched  conditions.  Unnotched  data  on  6A1-4V  at  750  F  are 
also  included.  The  comparison  shows  that  the  titanium  alloy  is 
superior  in  fatigue  to  the  low  alloy  steel  in  both  the  unnotched  and 
notched  conditions. 


NICKEL  BASE  ALLOY 

Fatigue  data  are  presented  on  Inconel  X  sheet  heat  treated  to 
155*000  psi  minimum  tensile  strength.  It  is  recognized  that  newer 
nickel-base  alloys,  such  as  Inconel  718  and  Rene*  41,  are  now  avail¬ 
able  with  improved  elevated  temperature  properties.  Figure  12 
compares  the  elevated  temperature  tensile  properties  of  Inconel  X, 

Inconel  718,  and  Rene’  41.  Fatigue  data  on  the  newer  alloys  was  not 
readily  available  for  this  paper  and  the  data  on  Inconel  X  are  being 
used  to  indicate  the  trends  to  be  expected  in  the  fatigue  character¬ 
istics  of  the  high  temperature  nickel-base  alloys.  Figure  13  shows 
some  room  temperature  axial  tension  fatigue  properties  of  Inconel  X 
in  the  unnotched  and  welded  conditions.  The  welded  specimens  were 
fusion  welded,  using  the  tungsten,  inert  gas,  shielded  arc  method, 
heat  treated  after  welding,  and  tested  with  the  full  weld  bead  normal 
to  the  direction  of  loading.  The  notch  effect  of  the  weld  has  been 
estimated  as  being  approximately  equivalent  to  Kt  =  2.5*  Analysis 
of  the  data  showed  that  the  room  temperature  fatigue  properties  of 
Inconel  X,  in  terms  of  percent  of  static  tensile  strength,  are  some¬ 
what  lower  than  the  fatigue  properties  of  the  4100  and  4300  low  alloy 
steels;  being  more  comparable  to  the  7075  -  T6  aluminum  alloy. 

Endurance  limits  for  Inconel  X  were  34$  of  the  unnotched  tensile 
strength  in  the  unnotched  condition  and  20 %  in  the  welded  condition. 

The  comparative  fatigue  properties  of  Inconel  X,  low  alloy  steel,  and 
7075  -  T6  in  the  unnotched  condition  are  given  in  Figure  14.  Again, 
as  with  the  data  on  H-ll  and  PH15-7MO,  some  fatigue  properties  of 
Inconel  X  are  shown  at  temperatures  of  1000-1350  F  which  temperatures 
are  likely  to  be  commonly  applicable  to  the  use  of  this  alloy  in  service. 

SUMMARY 


The  data  presented  in  this  paper  can  only  be  considered  as  being 
preliminary.  However,  the  trends  and  comparisons  that  can  be  noted 
indicate  that  the  new  materials  being  considered  for  advanced  air 
vehicles  will  provide  adequate  service  life.  For  purposes  of 
illustration,  the  comparative  fatigue  strengths  of  the  materials 
discussed  in  this  paper  are  shown  on  Figure  15.  The  data  have  been 
arbitrarily  selected  for  a  fatigue  life  of  10°  cycles  in  the  unnotched 
and  notched  conditions.  A  life  of  10°  cycles  is  considered  to  approxi¬ 
mate  the  endurance  limit  for  most  materials.  Figure  16  shows  the 
notched  SN  curves,  plotted  as  a  band,  for  the  selected  materials.  These 
materials  must  be  properly  used  in  design  in  consideration  of  their 
known  fatigue  characteristics.  The  expected  load  spectra  for  the 
structure  under  design  must  be  matched  against  the  fatigue  properties 
of  the  material  in  order  to  determine  whether  the  service  life  require¬ 
ments  will  be  met.  Figure  17  presents  an  estimated  spectrum  for  an 
advanced  fighter  type'  aircraft,  as  compared  to  the  envelope  of  notched 
fatigue  curves  (from  Figure  16)  for  the  materials  discussed  in  this 
paper.  Analysis  of  this  comparison  shows  that  a  service  life  of  3000 
hours  for  the  advanced  fighter  type  airframe  can  be  expected. 

The  intent  of  this  paper  was  not  to  present  a  complete  story 
on  the  fatigue  properties  of  the  new  materials  discussed  here,  but 
rather  to  appraise  their  fatigue  characteristics  for  advanced  air 
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Vehicle  structure.  World  War  II  aircraft  were  largely  fabricated 
from  relatively  low  strength  aluminum  alloys  such  as  17s,  14s,  and 
24s,  and  from  normalized  or  low  heat  treat  level  low  alloy  steels. 
Following  World  War  II,  the  transition  to  sonic  speed  air  vehicles, 
such  as  the  F-86  and  F-100,  was  accomplished  with  the  use  of  the 
high  strength  aluminum  alloy,  75S,  and  with  relatively  high  heat 
treat  level  (160,000  -  220,000  psi)  steels.  The  data  presented  in 
this  paper  indicate  that  the  transition  from  a  fatigue  standpoint  to 
advanced  air  vehicles,  using  new  materials  and  types  of  construction, 
is  expected  to  be  no  more  difficult  than  the  transition  from  World 
War  II  aircraft  to  the  sonic  speed  air  vehicle. 
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Fig.  13  -  Fatigue  Properties  of 
Inconel  X  Sheet,  Heat  Treated  to 
155,000  pal  Minimum  Tensile  Strength 
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FIGURE  15 

FATIGUE  STRENGTHS  OF  SELECTED  ALLOYS 
AT  106  CYCLES 


Except  as  noted 


Pig.  l6  Notched  Fatigue  Properties 
of  Selected  Alloys 
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IMPROMPTU  DISCUSSIONS  -  SESSION  II- B 


Editorial  Note:  Attention  is  directed  to  the  editorial  policies  presented  in 
the  Preface  which  were  followed  in  editing  the  impromptu  questions  and  answers 
of  the  session. 

QUESTIONS  AND  ANSWERS  FOLLOWING  PROFESSOR  DOLAN'S  SPEECH: 
CHAIRMAN,  DR.  FOUNTAIN: 

I  think  we  have  time  for  one  or  perhaps  two  quick  questions  from  the  floor, 
if  anyone  has  something. 

MR.  KRAKOW,  OHIO  STATE: 

I  wanted  to  ask  if  the  Minor  hypothesis  was  applied  to  this  specimen  and, 
if  so,  what  were  the  results? 

PROFESSOR  CORTEN: 

You  are  inquiring  about  the  sample  right  at  the  end?  The  Minor  hypothesis 
could  be  applied  simply  by  inserting  an  exponent  4.  8  instead  of  4,  and  gives  a 
life  of  76  days  instead  of  59  or  so  estimated. 

.♦VOICE,  WRIGHT  AIR  DEVELOPMENT  CENTER: 

I'd  like  to  ask  if  the  equation  which  takes  into  account  low  stress  contribu¬ 
tions  to  fracture,  also  takes  into  account  the  time  in  which  the  occurrence  of 
high  stresses  is  in  the  sequence  or  will  a  low  stress  contribute  to  fracture 
prior  to  the  higher  stress  being  applied? 

PROFESSOR  CORTEN: 

Analysis  assumes  that  the  high  stress  occurs  early  in  the  history,  early 

enough  that  the  fatigue  damage  is  prior  to  the  peak  stress. 

* 

QUESTIONS  AND  ANSWERS  FOLLOWING  MR.  KATTUS’  PAPER: 

CHAIRMAN: 

We  have  quite  a  bit  of  time  for  discussion,  but  before  we  start  on  it,  I 
would  like  to  re-emphasize  Mr.  Kattus'  conclusions,  particularly  with  respect 
to  the  refractory  metals.  It  is  becoming  more  and  more  important  to  us  today. 
We  all  look  back  on  steel  as  the  oldtimer;  we  know  a  lot  about  it,  but  Mr.  Kattus 
has  demonstrated  that  there  are  large  gaps  in  our  knowledge.  I  think  we  should 
certainly  let  this  be  a  lesson  to  us  in  our  work  in  the  refractory  metals  area, 
where  the  problems  are  many-fold  more  difficult  than  those  with  steel  to  start 
with,  and  not  to  be  prosaic  in  your  approach  to  these  things  and  concentrate  on 
particular  areas  at  the  loss  of  building  up  our  knowledge  in  some  other  aspect 
of  the  whole  metals  technology. 

MR.  COOK,  ALLEGHENY: 

I  would  like  to  ask  Mr.  Kattus  what  was  the  steel  material? 
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MR.  KATTUS: 


That  was  low  carbon  hot  rolled  sheet  steel. 

MR.  COOK: 

One  other  thing,  was  there  some  reason  assigned  for  the  wide  variation  in 
the  percentages  8%  against  30%  bracket,  for  normal  topping  percents? 

MR.  KATTUS: 

Well,  that  was  what  they  wanted  to  do.  They  wanted  some  on  the  low  side. 

I  don’t  know  that  30%  is  particularly  high  for  alloy  steel  practice.  Actually,  30% 
is  their  standard  practice  to  obtain  sheet. 

MR.  COOK: 

The  other  thing,  I  was  wondering,  have  you  investigated  the  effect  of  temper 
ature  variations  from  the  head  end  to  the  tail  end  of  the  coil,  giving  that  offset 
of  your  probability  curve  shown  in  Figure  2?  That  looked  to  me  to  be  from 
temperature  variations  while  you're  rolling. 

MR.  KATTUS;  \ 

That  may  be.  We  are  hoping  to  offer  a  lot  more.  We  have  had  an  initial 
look  at  these  things  and  are  hoping  to  get  a  lot  more  answers. 

MR.  COOK: 

The  question,  I  think,  has  been  assigned  to  other  materials,  other  alloys 
of  steel,  and  it  has  been  investigated.  I  think  you  can  find  some  literature  on 
that. 

MR.  SIERADZK1,  ROHR  AIRCRAFT: 

With  the  automation  of  the  process  of  forging  materials,  or  machining 
materials  and  welding,  don't  you  think  that  we  will  get  more  uniform  results 
from  automatic  welding  type  programs  and  machining  than  we  do  by  the  manual 
methods  ? 

MR.  KATTUS; 

Yes,  I  definitely  do. 

MR.  CAPPELL,  BELL  AIRCRAFT; 

Could  you  tell  me  the  difference  in  your  welding  procedure  between  the 
samples  2  and  6  of  the  last  slide?  The  legend  seemed  to  read  exactly  the  same. 

MR.  KATTUS: 


One  of  them,  as  I  recall,  was  welded  and  ground  flat  with  the  surface. 


MR.  FRANKEN,  BUREAU  OF  STANDARDS; 


How  can  you  be  sure  that  the  variations  in  the  results  that  you  obtained  on 
the  various  fatigue  specimens  are  a  result  of  the  manufacturing  process  or 
the  various  machining  procedures  that  you  followed  in  producing  a  fatigue 
specimen?  Can  you  differentiate  between  the  variations? 

MR.  KATTUS: 

The  specimens,  themselves,  were  as  nearly  alike  as  possible,  but  the 
production  processes  of  cropping  were  deliberately  varied  over  wide  limits.  I 
think  you  would  naturally  do  it  that  way  if  you  wanted  to  study  the  effect  of 
cropping,  the  different  methods  of  cropping. 

MR.  COOK: 

Have  you  done  anything  in  connection  with  your  cropping  experiments  to 
sonically  determine  the  necessity  of  cropping? 

MR.  KATTUS: 

No.  I  am  sorry  that  the  particular  study,  the  one  I  used,  hasn’t  gone  along 
very  far.  I  just  had  one  or  two  illustrations  of  what  we  had  found. 

GEORGE  HILL,  ALCOA: 


Have  you  reason  to  believe  that  differences  in  tensile  strength  are  likewise 
recognized  in  differences  in  fatigue  strength?  Your  photograph  showed  evidence 
of  differences.  It  reflected  the  tensile  strength  but  reflected  no  fatigue  strength. 

MR.  KATTUS: 


That  is  perfectly  possible,  but  it  seems  to  me  that  the  variations  in 
structure  and  in  composition  usually  have  a  larger  effect  on  fatigue  than  they  do 
on  tensile,  but  we  don’t  have  any  fatigue  data  on  these  materials.  It  was  just  to 
illustrate  the  fact  that  at  least  this  particular  company  doesn’t  have  the  right 
ideas  as  to  how  to  produce  uniform  properties  and  structures  in  their  sheet. 

CHAIRMAN: 

I  wasn’t  quite  clear  about  the  tensile  samples  taken  from  a  sheet  as  rolled, 
as  to  whether  the  sheet  had  been  coiled  and  annealed,  or  just  exactly  what  the 
heat  treating  procedure  was.  This  comes  back  to  your  idea  of  the  finishing 
temperature  in  the  top  or  bottom,  if  they  are  coiled.  There  is  considerable 
difference  in  a  normal  box  annealed  inside  or  outside  of  a  large  coil. 

MR.  KATTUS: 

They  were  annealed.  Actually,  the  samples  of  coil  as  we  took  them  were 
intermediate  stock  of  production,  eventually  cold  rolled,  continuously  annealed, 
and  we  analyzed  and  took  the  samples  at  the  coiling  station  and  annealed  them 
at  the  lab. 


QUESTION  AND  ANSWER  FOLLOWING  MR.  SCHUETTE 'S  PAPER: 

CHAIRMAN: 

We  will  take  a  couple  of  minutes  for  quick  questions. 

MR.  HORN,  WRIGHT  AIR  DEVELOPMENT  CENTER: 

I’d  like  to  ask  Mr.  Schuette  if  he  has  run  comparative  tests  on  magnesium 
to  magnesium  joints  in  fatigue  with  magnesium  to  other  materials  in  fatigue, 
and  the  progress  of  the  practice. 

MR.  SCHUETTE: 

I  believe  this  is  it,  whether  we  have  or  have  not  run  tests  on  magnesium  to 
magnesium  joints  and  magnesium  to  aluminum  joints,  and  I  think  the  essence  is 
in  the  part  I  can't  answer.  Yes,  we  have  followed  the  progress  of  the  cracks 
occurring.  We  have  run  such  tests  of  mixed  and  like  joints,  primarily  for  the 
purpose  of  evaluating  various  insulating  materials  to  put  in  dissimilar  joints,  but 
in  that  case,  since  our  direction  was  expressly  different,  we  were  not  concerning 
ourselves  with  cracks.  As  a  matter  of  fact,  we  have  done  very  little  in  the  way 
of  crack  propagation  studies  and  are  not  too  well  satisfied  with  those  we  did. 

QUESTIONS  AND  ANSWERS  FOLLOWING  MR.  STULEN'S  PAPER: 

VOICE,  AEROJET: 

Did  you  notice  any  significant  differences  between  the  air  melted  and 
vacuum  melted  steel  as  far  as  fatigue  life  is  concerned  such  as  the  vacuum  melted 
supposedly  would  reduce  the  number  of  inclusions? 

MR.  STULEN: 

We  tested  vacuum  melted  steel  and  found  there  is  a  sizeable  improvement 
in  the  smoothness  of  the  specimens  but  there  is  practically  no  improvement  of 
the  notched  specimen.  We  used  rather  sharp  notches  and  it  substantiates  what 
Mr.  Schuette  said  a  few  minutes  ago. 

MR.  SIERADZKI,  ROHR  AIRCRAFT: 

You  said  the  rate  of  propagation  with  increasing  cycles  was  uniform. 
Wouldn't  the  vertical  scale  on  your  graph  plotted  on  log  scale  be  accelerating 
proportionately  to  the  propagation? 

MR.  STULEN: 

I  think  my  terminology  may  have  been  incorrect.  I  meant  the  rate  of  crack 
propagation  became  more  unifo:  m  rather  than  becoming  constant.  I  used  the 
wrong  terminology. 

MR.  CHAPON,  ALLIED  RESEARCH: 

In  your  figure  4,  you  mentioned  the  speed  effect.  I  wondered  if  you  could 
expand  on  that  a  little  bit. 


MR.  STULEN: 


I  think  the  speed  effect  may  be  somewhat  simply  due  to  the  delay  in  yield 
time  and  the  rapid  tensile  testing.  In  other  words,  yield  point  increases  with 
speed.  I  think  this  may  explain  the  speed  effect.  In  other  words,  if  you  go  down 
to  very  low  speeds  the  number  of  cycles  to  failure  is  reduced. 


QUESTIONS  AND  ANSWERS  FOLLOWING  MR.  DOWNEY’S  PAPER: 

CHAIRMAN: 

Being  associated  in  the  Union  Carbide  Metals  Company,  I  am  very  interested 
in  making  columbium.  I  think  Mr.  Downey’s  remarks  are  well  taken.  I  think  we 
do  have  many  problems.  I  agree  with  him  and  think  we  should  pitch  in  together. 

I  also  would  like  to  add  to  his  remarks,  let's  get  together  -  not  merely  materials 
engineer  and  design  engineer  -  but  the  materials  producer,  the  raw  materials 
people  back  on  the  front  line.  We  have  to  go  right  back  to  the  beginning  in  many 
of  these  problems  and  work  them  together.  We  have  time  for  a  couple  of  ques¬ 
tions. 

MR.  CARTER,  MARTIN  COMPANY: 

In  your  opinion,  is  there  a  possibility  five  years  from  now  for  making 
coatings  less  brittle? 

MR.  DOWNEY: 

That  is  a  good  question.  It  is  going  to  be  hard  to  give  you  a  short  answer. 

I  think  the  coatings  are  going  to  get  better.  Most  of  the  coatings  we  know  today 
are  ceramics  and  because  of  their  very  nature  do  tend  to  be  brittle.  We  are, 
in  our  own  plant,  working  on  a  program  now  to  see  if  we  can’t  get  some  metallic 
coatings.  We  tried  it  before  without  success  but  we  are  going  to  give  it  another 
go  and  see  if  we  can  get  metallics  to  work  at  these  high  temperatures.  If  we 
could,  a  lot  of  the  problems  mentioned  would  disappear.  And  I  want  to  add  again 
that  this  picture  is  not  completely  black.  If  I  could  hark  back  to  some  experi¬ 
ences  with  moly  turbine  buckets,  we  were  able  to  operate  at  very  high  tempera¬ 
tures  in  actual  engines  for  periods  upwards  of  25  to  50  hours  without  failure  of 
the  coatings.  Initially,  we  were  getting  impact,  particle  erosion,  hot  gas 
erosion,  fatigue  and  the  whole  works.  Unfortunately  that  happens  to  be  a  little 
more  simple  structure  than  some  we  will  be  getting  into  before  too  long.  I  am 
not  actually  being  evasive;  I  just  don’t  know,  but  I’ m  probably  more  optimistic 
than  I  sound. 

VOICE: 


One  remark  about  coatings.  I  am  not  quite  as  optimistic,  for  the  simple 
fact  that  we  have,  in  our  organization,  spent  the  last  year  and  a  half  or  two  years 
working  on  coatings  for  columbium.  We  feel  we  have  a  coating  that  actually  is 
a  duplex  coating  which  we  think  is  outstanding.  I  am  sure  that  we  would  be  more 
than  happy  to  talk  to  any  of  you  people  about  it  qnd  work  on  some  mutual  interest 
basis. 


MR,  DOWNEY: 


I  have  a  counter  comment.  My  counter  comment  simply  is  to  the  effect 
that  we,  too,  have  coatings  which  we  think  are  really  good  for  molybdenum  and 
reasonably  good  for  columbium.  Now,  the  whole  thing  depends  on  the  applica¬ 
tion.  I  am  also  willing  to  talk  to  anybody.  My  business  is  not  selling  coatings, 
but  I’d  really  be  interested  to  try. 

MR,  ANDERSON,  DU  PONT: 

Actually,  I  don’t  think  we  can  look  forward  to  any  great  breakthroughs 
which  are  going  to  solve  this  problem  by  improving  particularly  columbium.  By 
improving  the  basic  material  we  postpone  the  onset  of  the  embrittlement  to 
longer  and  longer  times  and  as  we  perfect  better  coatings  we  arrive  eventually 
just  as  in  this  fatigue  problem,  at  certain  life  expectancy  and  we  have  to  go 
ahead  and  design  our  structures  for  it.  We  have  to  accept  a  limited  life,  that’s 
all. 

MR,  DOWNEY: 

I  also  say  amen  to  that. 

CHAIRMAN: 

I  just  didn't  want  this  discussion  to  end  with  a  pessimistic  note.  Frankly, 

I  think  most  of  us,  even  though  overly  cautious  in  describing  some  of  the  refrac¬ 
tory  metals,  are  optimistic. 


REMARKS  FOLLOWING  MR.  FAIRBAIRN’S  PAPER: 

CHAIRMAN: 

Thank  you  very  much,  Mr.  Fairbairn,  for  an  interesting  materials 
comparison.  Because  the  forum  and  your  chance  to  really  quiz  the  authors  is 
following  immediately,  I  think  we  will  delay  any  questions  you  may  have  directly 
concerning  this  paper.  I  would  like  to  take  this  opportunity  to  thank  the  authors 
for  their  participation  in  the  symposium  and  for  their  excellent  presentations 
and  for  keeping  very  nicely  in  their  time  schedules.  I'd  like  to  thank  everyone 
in  the  audience  for  your  discussions  and  I  am  sure  the  discussions  which  will 
follow.  Last,  but  by  no  means  least,  I  know  I  can  speak  for  the  entire  audience 
in  expressing  our  appreciation  at  being  here  and  to  thank  the  symposium  people 
and  WADC  for  the  very  fine  job  they  have  done  in  getting  these  things  together 
and  organizing  and  arranging  things  here.  It  has  been  a  very  excellent  meeting 
and  we  have  derived  a  great  deal  of  benefit  from  it. 


FORUM  -  SESSION  II  B 


Session  Chairman: 

Dr.  Richard  W.  Fountain,  Union  Carbide  Metals  Company 
Panel  Members: 

Professors  T.  J.  Dolan  &  H.  T.  Corten,  Univ.  of  Illinois 
Mr.  J.  R.  Kattus,  Southern  Research  Institute 
Mr.  Evan  H.  Schuette,  Dow  Chemical  Company 
Mr.  F.  B.  Stui en,  Curtis  Wright  Corporation 
Mr.  R.  C.  Downey,  General  Electric  Corporation 
Mr.  G.  A.  Fairbairn,  North  American  Aviation 

Editorial  Note:  Attention  is  directed  to  the  editorial  policies  presented  in  the 
Preface  which  were  followed  in  editing  the  discussions  of  the  Forum. 

CHAIRMAN,  DR.  FOUNTAIN: 

We  have  several  piles  of  questions  here  and  because  it  is  difficult  to  arrange 
them  in  any  order,  I  think  we  will  just  hand  them  to  each  of  the  authors  and  go  down  the 
table,  starting  at  my  left,  and  have  each  man  read  the  question  on  one  card,  answer  it, 
and  proceed  to  the  next  man.  If  the  author  of  the  question  desires  more  clarification  than 
he  receives  in  the  original  answer,  please  hold  your  hand  up  in  the  air  and  make  yourself 
heard.  If  that  arrangement  is  satisfactory  with  you  gentlemen  at  the  table,  we  will  try 
to  proceed  in  that  way . 

MR.  FAIRBAIRN: 

Question:  "From  the  standpoint  of  fatigue,  don't  some  of  the  high  temperature 
materials  lose  advantage  because  of  poor  machinability,  which  results  in  poorer  surface 
finish?"  This  is  from  Mr.  Sieradzki,  Rohr  Aircraft.  Certainly,  the  answer  to  this  would 
have  to  be  true.  Although,  we  are  learning  many  things  about  machining  these  new  materials 
and  some  of  them  do  have  poor  machinability,  we  are  now  able  to  machine  satisfactorily 
some  of  the  nickle  base  alloys  and  cobalt  base  alloys .  They  are  admittedly  very  difficult 
to  get  good  surface  finish  on.  Does  that  answer  the  question? 

MR.  SIERADZKI: 

You  are  about  in  the  same  boat  as  we  are.  We  are  making  some  progress. 

MR.  FAIRBAIRN: 

I  am  really  encouraged  by  some  of  the  results  we  have  had  on  machining 
these  new  alloys.  We  are  getting  much  better  results  than  I  anticipated. 

MR.  STULEN: 

Question:  "Was  the  improvement  in  smooth  specimen  fatigue  results  observed 
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on  special  silicate-inclusion-free  steel  accompanied  by  a  corresponding  improvement  in 
notched  fatigue  results?"  This  is  from  Mr.  T.  C.  Delker,  Bendix  Aviation  Corporation. 
Actually  to  my  knowledge,  I  don't  believe  any  notched  specimens  were  run  on  the  inclusion- 
free  steel.  Jack  Sheehan  who  ran  the  test  may  be  in  the  audience  and  he  could  explain  this, 
but  in  the  vacuum  melt  steel  we  found  no  improvement  in  a  very  sharp  notch .  Fatigue 
strength  of  a  sharp  notch  of  a  vacuum  melt  notch  was  the  same  as  regular  commercial 
aircraft  quality  steel.  Does  that  answer  the  question? 

PROFESSOR  DOLAN: 

Mr.  M.  Licciardello  of  Solar  Aircraft  Company  has  two  questions.  The  first 
question:  "Why  does  the  order  of  loading  affect  results  of  your  theory?  Specifically,  why 
must  you  assume  that  high  stresses  occur  before  low  stresses?"  Actually,  the  order  of 
loading  affects  the  results  in  the  theory  by  the  factor  of  the  number  of  damaged  nuclei 
initiated  by  the  particular  stress  level  involved.  We  do  not  necessarily  assume  that  high 
stresses  occurred  before  low  stresses.  What  we  do  say,  in  fairly  random  complex  stress 
history,  that  the  major  damage  will  be  done  after  you  have  once  hit  a  peak  stress  which 
generates  these  nuclei  and  which  will  be  concentrated  at  increased  rates  by  all  subsequent 
levels  of  lower  stress. 

The  second  question  is:  "Has  there  been  any  experimental  evidence  to  indicate 
that  there  is  a  relationship  between  number  of  damaged  areas  and  number  of  cycles  occurring 
at  a  given  value  of  stress?"  I  would  say  that  the  experimental  evidence  which  we  have  is 
that  from  the  many  hundreds  of  small  samples  which  confirm  this  type  of  relationship  in  that 
at  high  stresses  we  are  getting  more  nuclei  which  can  be  observed  in  these  slip  bands  and 
microscopic  observations,  and  that  the  rates  of  propagation  of  damage  as  measured  by  life 
confirm  this  type  of  observation. 

In  connection  with  the  same  paper,  Mr.  L.’Rastrelli  of  the  Southwest  Research 
Institute  asks:  "Is  your  hypothesis  limited  to  that  realm  wherein  the  state  of  stress  is 
elastic?  If  so,  is  there  any  provision  to  extend  the  theory  to  embrace  the  so-called  plastic 
fatigue?"  The  theory  has  been  developed  principally  in  terms  of  experiments  run  in  the  long 
cycle  range.  We  have  not  checked  it  by  the  low  cycle  random  structural  test  in  the  so-called 
plastic  fatigue  range.  There  has  been  some  work  done,  more  general  work,  by  Coppen,  a 
few  years  ago  which  tended  to  confirm  the  general  trends  that  we  have  found.  Since  then 
additional  work  done  by  Syracuse  indicates  it  may  not  be  as  simple  as  all  that,  because  it 
depends  on  the  amount  of  plastic  deformation  introduced.  If  we  base  it  on  the  peak  stress, 
modified  structure  for  the  simple  specimen,  I  think  the  relationship  will  be  very  similar, 
however . 

PROFESSOR  CORTEN: 

May  I  make  one  comment  there?  Elastic  behavior,  I  remind  yoiuthere  is  no 
such  thing,  if  you  get  a  fatigue  failure  the  minute  you  get  slip.  There  is  inelastic  deforma¬ 
tion  in  plastic  form  in  an  elasticized  scale . 

A  question  from  Mr.  C.  L.  Hall,  Wright  Air  Development  Center,  says:  "It 

appeared  to  me  that  your  second  slide  showed  microsopic  cracks  in  a  material  such  as 
aluminum  which  has  no  discernable  yield  point.  Does  this  damage  at  low  stresses  apply 


alike  to  materials  which  have  a  yield  only  by  an  estimate  of  offset  on  stress-strain  curves?" 
We  have  tested  two  steels,  two  aluminum  alloys  and  got  extensive  data  on  these.  There  was 
no  discernible  difference  between  the  two  materials  so  far  as  behavior  is  concerned  to 
repeated  loading.  If  you  look  at  the  microscopic  evidence  of  damage,  there  is  a  difference  in 
the  slip  systems  in  steels  compared  to  aluminum.  On  an  entirely  different  basis,  and  as 
far  as  microscopic  description  of  fatigue  damage  and  theory,  here  are  two  materials 
essentially  equivalent. 

CHAIRMAN: 

Mr.  Hiram  Brown  of  Solar  Aircraft  Company  would  like  to  make  some  general 
comments  on  certain  aspects  of  all  the  papers  this  afternoon  and  specifcally  on  Mr.  Downey’s 
paper . 

MR.  BROWN: 

When  I  first  heard  Mr.  Downey  make  the  statement  that  there  should  be 
cooperation  between  design  people  and  materials  people,  it  seemed  a  prosaic  thing  to  me, 
something  I  took  for  granted.  Suddenly  when  Mr.  Fairbairn  talked,  something  clicked  in 
my  mind,,  and  it  made  me  feel  it  is  a  very,  very  important  thing,  not  only  for  what  he  said, 
but  for  the  fact  he  stopped  so  soon  in  what  he  said.  I  thought  of  twilight  zone  cdoperation 
between  the  design  man  going  so  far  and  the  materials  man  going  so  far  and  stopping.  What 
is  going  to  happen  between?  What  brought  it  to  mind  were  the  terms  "application"  and 
"maintenance. "  I  remember  those  two  terms  sticking  in  my  mind  and  the  other  curves  that 
Mr.  Fairbairn  gave.  If  I  were  designing  a  structure  based  strictly  on  curves,  I  could  make 
very  serious  errors,  neglecting  those  other  two  terms,  application  and  maintenance.  For 
example,  to  point  out  titanium,  which  is  the  favorite  subject,  pro  and  con,  the  listed  factors 
given  for  6  aluminum  -  4  vanadium  alloy  do  not  include  two  very  important  things  which 
could  upset  the  whole  apple  cart.  Titanium,  almost  every  kind  which  I  have  worked  with 
(and  I  have  worked  with  many  hundreds  of  them)  becomes  difficult  under  proper  conditions 
of  atmosphere  or  temperature,  The  material,  however  small  it  may  be,  tends  to  form  a 
vt>ry  brittle  layer.  Even  stresses  such  as  welding,  remotely  removed,  will  open  up  cracks 
which  propagate  into  the  parent  material.  Secondly,  with  titanium  alloys,  there  is  the 
problem  of  the  presence  of  chlorides,  particularly  the  presence  of  very  simple  trichloro¬ 
ethylene  everyone  uses  for  cleaning.  Can  you  imagine  the  pains  you  will  have  to  take  in  the 
shop  to  avoid  cracking,  also  can  you  imagine  putting  a  titanium  unit  in  the  field  for  field 
maintenance  and  repair,  and  simply  not  being  aware  of  these  facts?  Now  this  brings  about 
the  twilight  zone.  It  is  not  enough  for  the  design  man  to  use  the  curves  as  drawn  and 
plotted  in  his  design,  nor  is  it  enough  for  the  materials  man  to  simply  ask  what  it  is  going 
to  be  used  for, and  getting  the  answer  "airplane . "  It  has  to  overlap.  It  has  to  be  of  interest 
to  him  and  he  must  find  out,  for  example,  the  atmosphere,  speeds,  heats  and  such  things 
as  brought  out  in  Mr.  Downey’s  introduction.  That  is  extremely  important. 

MR.  DOWNEY: 

I  have  a  question  here  from  Mr.  Frank  S.  Gadomski  of  the  Marquardt 
Corporation:  "Would  you  recommend  that  the  evaluation  of  elevated  temperature  material 

properties  for  those  materials  using  coatings  be  performed  under  inert  conditions  to  isolate 
the  coating  effect  as  a  parameter?  Please  amplify  on  the  metallurgical  aspects."  Actually, 
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some  of  the  things  I  may  say  are  a  reversal  of  some  of  the  things  I  said  earlier  in  my  talk. 
Normally,  in  evaluating  the  properties  of  refractory  metals  requiring  coatings,  we  use  inert 
atmospheres .  As  a  matter  of  fact,  we  use  the  vacuum  and  the  reason  for  that  is  the  heating 
equipment  which  I  like  to  be  resistant  type  heating.  Moly -tungsten  elements  have  to  be  used 
in  a  vacuum  so  that  is  one  good  reason  why  we  do  these  things  in  a  vacuum.  As  to  whether 
it  is  more  advisable  to  do  them  in  air  with  the  coating,  I  don't  really  know.  As  to  the 
metallurgical  aspects,  I  am  not  really  sure,  without  a  more  specific  question. 

CHAIRMAN: 


Mr.  George  Kappelt  of  Bell  Aircraft  Company  wishes  to  comment. 

MR.  KAPPSLT: 

In  answer  to  the  question,  Mr.  Downey,  and  as  was  brought  up,  this  is  a  very 
pertinent  point.  Most  of  our  elevated  testing  of  such  materials  is  performed  in  actual  inert 
protected  atmosphere,  and  with  suitable  coatings  applied,  because  very  often  the  coating 
effect  changes  the  design  properties  or  the  recommendations  of  the  materials  man  can  change 
to  his  design  engineer  on  the  actual  application  of  the  material.  So,  I  think  that  as  an 
addendum  to  Mr.  Downey's  comment,  very  definitely,  you  must  separate  these  effects.  You 
must  know  the  basic  properties  of  the  materials  as  a  material,  and  you  must  also  know,  and 
if  you  will  remember  Mr.  Downey's  comment,  you  are  now  working  with  a  composite 
material.  You  must  know  the  properties  of  that  composite  material.  There  is  just  one  word 
of  caution  and  that  is  do  not  prejudice  yourself  by  deriving  the  properties  of  the  composite 
material  in  an  atmosphere  environment  or  under  conditions  which  are  not  representative 
of  the  actual  design  application.  I  believe  you  will  remember  that  Mr.  Downey  indicated 
that  most  of  the  coatings  are  of  a  refractory  nature.  They  can  give  you  embrittlement  at 
room  temperature.  You  may  affect  your  design  conditions  if  you  look  at  the  same  system 
as  the  same  composite  material  within  the  temperature  environment,  or  within  the  loading 
spectrum  that  you  wish  to  use.  Just  one  more  thing,  a  more  formal  remark.  I  have 
adopted  the  phrase  that  the  pilot  of  these  advanced  weapons  systems  is  really  no  longer  on 
his  own  to  fly  the  airplane  as  he  wishes  to  fly  it,  but  is  subservient  to  the  design  engineer 
and  the  thermo  dynamicist.  He  must  operate  the  vehicle  within  the  flight  spectrum  for 

which  it  is  designed  and  for  which  the  material  systems,  including  coatings,  have  been 
selected. 

MR.  DOWNEY: 

I  certainly  agree  with  what  has  been  said.  There  is  a  point  you  made  which  I 
don't  think  you  made  as  strong  as  you  might  have.  If  you  are  going  to  evaluate  coated 
specimens  or  panels,  try  to  evaluate  them  under  actual  service  conditions. 

MR.  SCHUETTE: 

A  question  from  Mr.  E.  H.  Sheller  of  Alcoa:  "In  magnesium  alloys,  do  the 
fatigue  strengths  of  transfer  specimens  fall  below  those  of  longitudinal  and  is  this  appli¬ 
cable  to  all  wrought  forms?"  I  think  I  should  answer  that  in  terms  of  each  of  the  forms 
since  a  single  answer  is  not  applicable.  The  particular  graph  I  showed  was  a  pellet 
extrusion  and  these  often  tend  to  have  a  somewhat  fibrous  texture  in  them  which  gives 
rise  to  a  strict  reduction  in  the  transfer  properties.  In  extrusions  from  ingots,  we  get  a 
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difference  in  longitudinal  and  transverse.  The  difference,  the  transverse  is  lower  in  vary¬ 
ing  degrees  depending  on  the  kind  of  extrusion  you  are  making.  In  sheet  and  plate,  there  is 
no  distinguishable  difference.  We  get  the  same  properties  in  both  directions.  In  forgings 
it  is  a  little  sticky  because  if  we  take  a  short  transverse  we  don’t  have  any  data.  I  feel  sure 
the  plates  are  lower.  The  long  transverse  properties,  I  think,  is  somewhat  nebulous.  We 
talk  quite  glibly  about  a  long  transverse  direction.  If  one  may  draw  an  analogy  to  a  balloon 
being  inflated,  as  the  balloon  is  inflated  the  skin  is  stretched  and  which  is  longitudinal  and 
transverse  direction  of  stretch?  I  don’t  know.  Most  of  them,  close  to  the  general  shape 
of  the  product,  push  it  in  all  directions,  except  insofar  as  we  may  have  started  with  ex¬ 
truded  stock  and  this  is  longitudinal  direction  and  we  may  have  retained  some  of  this  in  the 
finished  forging. 

MR.  FAIRBAIRN: 

I  have  a  question  from  Mr.  A.  Glasser  from  The  Budd  Company:  ’’Have  you 
done  any  testing  through  a  range  of  heat  treatment  to  determine  if  there  is  perhaps  an 
optimum  heat  treat?”  I  presume  this  relates  to  optimum  from  the  standpoint  of  fatigue 
strength.  We  haven’t  done  much  of  this.  We  have  been  evaluating  heat  treat  level  from 
the  other  standpoint  of  the  level  of  crack  propagation,  testing  stress  correlations,  some  of 
those  things,  but  we  have  not  tried  to  analyze  the  heat  treat  level  in  fatigue  strength. 

The  second  question  is  from  Major  Dunning  of  the  Air  Research  and  Develop¬ 
ment  Command:  ”Is  it  your  belief  that  titanium  sandwich  structure  does  not  have  the 
potential,  in  its  temperature  range,  up  to  800  degrees  F. ,  that  stainless  steel  sandwich 
has  in  this  temperature  range?”  Below  800  degrees  F.  certainly  titanium  does  have  the 
potential  in  comparison  to  stainless  steel .  The  main  factors  holding  back  brazed  titanium 
sandwich  structures  are  brazing  of  alloys,  compatibility  of  heat  treat  of  titanium  and  the 
brazing  cycle,  and  the  availability  of  the  titanium  alloys  which  are  brazable  and  weldable 
in  the  product  forms  required. 

MAJOR  DUNNING: 

Actually,  what  I  had  in  mind  was  the  application  of  the  structure  in  your 
weapons  system,  using  it  as  a  structure  and  the  difficulties  that  we  might  get  into  in  the 
fabrication  of  the  titanium  sandwich  versus  the  difficulties  we  have  had  with  stainless  steel. 

MR.  FAIRBAIRN: 

There  is  an  infinitely  greater  number  of  problems  involved  in  making  the 
titanium  sandwich  than  in  making  stainless  steel,  and  they  are  related  to  some  of  these 
things  I  mentioned  such  as  brazing  alloys,  means  of  applying  the  heat  treat  with  the  brazing 
cycle,  and  so  on.  But,  theoretically,  on  a  comparative  basis,  titanium  could  compete 
very  well  with  stainless  steel  as  brazed  sandwich  up  to  800  degrees  F. 

MR.  STULEN: 

Mr.  E.  L.  Horn  of  the  Wright  Air  Development  Center  asks:  ’’Have  you  any 
feel  for  inclusion  comparisons  between  axial  and  rotating  beam  fatigue  properties?”  Since 
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axial  fatigue  specimens  have  a  greater  volume,  there  is  a  greater  chance  of  having  a  larger 
inclusion  in  the  high  stress  region  and  therefore,  the  fatigue  strengths  of  axial  loaded 
specimens  should  be  lower  than  that  of  rotating  beam  specimens.  It  is  a  statistical  problem 
of  the  exclusion  of  inclusions  as  well  as  the  avoidance  of  inclusions . 

Mr.  L.  Rastrelli  of  Southwest  Research  Institute  asks:  "In  your  Figure  4, 
isn't  there  a  limited  interpretation  on  that  portion  of  the  probability  curves  that  are  hori¬ 
zontal?  That  is,  what  do  the  10,  20  and  90  per  cent  curves  mean  in  terms  of  life?"  They 
mean  the  same  thing  as  in  the  finite  range.  In  other  words,  if  at  the  lowest  curve  you  run 
some  specimens,  you  will  find  on  it  90  per  cent  survivals,  that  ten  per  cent  will 
fail  eventually  and  90  per  cent  will  have  infinite  life,  if  there  is  such  a  thing.  Now, 
the  division  of  this  part  of  the  curve  requires  a  different  statistical  treatment  than, 
the  finite  range  of  the  S-N  curve. 


PROFESSOR  DOLAN: 

This  question  is  from  Mr.  J.  Redfern  of  Curtiss-Wright:  "If  damage  occurs 
below  the  endurance  limit,  why  does  step  testing  of  some  materials  show  good  correlation 
with  tests  run  at  one  stress  level?"  I  presume  what  he  is  referring  to  is  some  instances 
where  tests  may  be  conducted  on  a  component  in  which  it  is  stressed  purposely  below  the 
endurance  limit  and  repeated  for  a  large  number  of  cycles,  increased  to  5, 000  psi,  the  test 
repeated,  and  this  process  repeated  until  failure  occurs  or  perhaps  endurance  stress  level 
at  which  it  broke  and  the  previous  stress  level.  We  included  in  our  paper  that  damage 
below  the  endurance  limit,  primarily  that  which  is  created  really  by  a  prior  stress  history 
above  the  stress  limit.  Therefore,  if  one  can  start  at  low  stress  levels  and  run  cycles  of 
stress  in  various  steps,  presumably  you  will  not  hit  a  great  deal  of  damage  until  you  get 
above  the  endurance  limit.  If  you  definitely  had  a  stress  history  of  cycles  above  the  limit, 
then  this  kind  of  step  testing,  presumably  in  our  theory  at  its  present  maturity,  failure  will 
occur  at  a  level  somewhat  lower  than  you  expected  the  endurance  limit. 

MR.  DOWNEY: 

A  question  from  Mr.  Carter,  Martin  Company:  "Will  you  please  comment  on 
alloying  of  noble  metal  coatings  with  moly  or  columbium  base  metals?"  I  don't  know  what 
the  diffusion  rates  are  between  the  various  noble  metals  and  refractory  metals.  The  work 
we  did  previously  on  noble  metals  had  a  barrier  layer  between  the  refractory  layer  and  the 
noble  layer  for  reasons  other  than  diffusion.  Other  people  in  the  audience  may  have  more 
experience  in  that  than  we  have  had  and  could  give  it  a  try. 

CHAIRMAN: 

Anyone  want  to  volunteer  on  this  one  ? 

VOICE: 

It  is  much  the  same  as  we  discussed  before  and  that  is  if  your  temperature  is 


high  enough  you  lose  your  protective  coating  and  second  you  will  form  a  new  alloy  with 
infinitely  different  properties.  You  may  have  a  great  degradation  of  properties  that  would 
precipitate  a  fatigue  failure  or  weaken  the  fatigue  life  here  before  your  testing  of  the  bare 
material  would  indicate  it. 

SAM  GOLDBERG,  BuAer,  Washington: 


A  number  of  years  ago  we  sponsored  some  preliminary  work  at  Battelle 
Institute,  and  gold  acted  to  reduce  the  diffusion  rate  of  the  moly  and  columbium.  When  they 
prepared  some  test  specimens  which  were  subsequently  evaluated  at  the  Naval  Air  Material 
Center,  the  layer  contained  a  significant  number  of  pores  so  that  no  real  benefit  was  rea¬ 
lized.  This  was  preliminary  and  may  bear  some  further  work. 

MR.  DOWNEY: 

I'll  say  this  to  you,  Mr.  Carter,  it  has  been  tried  before  by  other  people.  We 
have  tried  it,  and  the  intermediate  barrier  layers  and  results  we  are  looking  for  are  not 
too  good.  Maybe  you  can  give  it  another  try,  but  there  is  a  possibility  that  we  are  going  to 
get  alloying. 


Mr.  B.  Simon  of  Aerojet  General  asks:  "Has  a  coating  of  Teflon  been  investi¬ 
gated  and  if  so,  with  what  results?"  No,  it  has  not  been  investigated,  but  I  just  wonder  if 
you  were  operating  with  a  coating  of  Teflon  at  temperatures  to  2, 000  or  2, 500  degrees  F. 
if  it  would  simply  not  decompose.  I  would  think  it  would  decompose.  I  know  somebody  is 
going  to  say  use  it  in  rocket  nozzles,  but  I  would  think  as  a  protective  coating  it  is  not  much 
good. 

MR.  SIMON: 


I  am  the  one  who  asked  that  question,  and  the  reason  is  I  understand  there  is 
a  new  general  Teflon  that  can  stand  temperatures  up  to  2, 000  degrees.  I  was  wondering 
if  you  could  comment  on  that. 

MR.  DOWNEY: 

I  am  not  aware  of  it.  Even  if  it  were  good  to  2, 000  degrees,  that  is  not  good 
enough.  We  must  go  to  3,000  degrees. 

The  final  question  is  from  Mr.  I.  R.  Kramer,  Martin  Company:  "What 
coatings  are  recommended  for  molybdenum  and  columbium?"  Now,  that  all  depends  on  who 
is  answering  the  question,  but  I  will  tell  you  what  my  recommendations  are  and  I  am  sure 
some  other  people  will  have  some  comments.  For  moly  on  shorter  time  applications  where 
the  thing  does  not  have  to  last  great  lengths  of  time  we  have  been  using  a  coating  which  is 
as  good  as  you  can  get.  It  is  a  chromium  and  moly  disilicate  coating.  For  longer  periods 
of  time,  and  there  may  be  some  argument,  the  best  we  know  of  at  the  lab  at  GE  is  a  coating 
which  consists  of  electro  deposited  chromium,  a  thin  chromium  plate  topped  by  a  layer  of 
flame  sprayed  aluminum.  For  moly,  that  appears  the  best  for  us.  For  columbium  the 
best  coating  we  know  of  so  far,  and  our  efforts  are  not  as  far  along,  is  a  coating  of  flame 


sprayed  aluminum  and  an  aluminum  oxide  which  is  sealed  with  a  high  melting  point  silicate 
glass.  I  can’t  tell  you  which  is  best.  We  are  still  working  on  them  now,  but  these  things 
have  given  us  reasonably  good  results  and  it  is  reasonable  to  hope  it  will  do  the  job. 

The  last  one  is  from  unknown  person:  (  Editorial  Note:  Reporter  was  not 
able  to  hear  the  entire  question  nor  was  the  question  card  turned  in.  This  question  con¬ 
cerned  the  effect  of  manufacturing  processes  for  castings  on  fatigue  life.)  I  think  I'd  like 
to  see  if  I  can  restate  that  question.  What  you  are  looking  for  is  how  are  you  going  to  design 
or  otherwise  assure  yourself  that  you  will  get  the  best  possible  fatigue  properties  where 
you  want  the  best  properties.  If  that  is  the  case,  I  would  have  to  simply  reinforce  what 
Mr.  Brown  said  about  working  between  the  designer  and  the  producer  on  this  thing  and  there 
have  been  some  papers  on  this,  from  Alcoa  and  other  sources.  It  is  absolutely  essential, 
in  getting  the  most  out  of  castings,  to  work  closely  with  the  foundry  man  to  see  to  it  that  the 
job  is  done  in  a  way  which  is  designed  to  get  the  most  where  it  is  necessary,  because  we 
have  to  face  certain  things  in  castings.  In  general,  we  are  now  limited  in  magnesium 
castings  in  that  you  simply  can’t  get  a  perfect  quality  casting  throughout  the  entire  area  of 
the  casting  in  any  kind  of  a  normal  production  part,  but  you  can  arrange  to  chase  such 
things  as  porosity  to  places  where  it  doesn't  matter.  You  must  work  with  him  to  see  to  it 
that  it  gets  to  such  places.  Also,  it  is  not  possible  to  select  perfect  quality.  It  is  un¬ 
attainable  in  the  cast  process,  and  the  minor  things  you  run  into  probably  are  not  very 
significant.  You  may  set  a  top  limit  on  the  fatigue  strength  you  can  achieve.  It  may  be 
pretty  much  fixed,  regardless  of  how  you  work,  and  still  get  good  quality  where  you  want 
it.  Grain  size  and  porosity,  either  one  of  them,  have  relatively  minor  effects  in  the  normal 
range  of  good  castings  and  are  always  obliterated  by  the  effects  of  design  notches  and  stress 
raisers  that  go  into  the  casting.  If  you  machine,  this  kind  of  thing  is  rather  dangerous  and 
so  if  you  are  going  to  machine,  if  you  have  specifically  critical  areas,  this  is  the  place  you 
must  work  with  your  foundryman.  The  thing  can  be  done  with  chills  and  that  sort  of  thing 
for  a  specific  area  with  good  sound  casting  material . 

CHAIRMAN: 

We  are  over  the  time  when  we  were  supposed  to  be  finished.  I  know 
Mr.  Schuette  has  a  couple  of  questions  left  and  Mr.  Fairbairn  and  Mr.  Stulen  also  have 
several  questions  left.  I  am  now  going  to  reverse  things  and  instead  of  asking  the  audience 
if  they  want  to  continue,  I’ll  ask  the  authors  if  they  wish  to  continue. 

All  right,  those  of  you  who  have  questions  that  didn’t  get  answered,  come 
quickly  forward  and  make  arrangements  with  the  authors  to  get  together  and  get  the  questions 
answered. 

Forum  Session  II-B  is  adjourned 
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INTRODUCTION  TO  SESSION  III 


COLONEL  HARVEY  P.  HUGLIN 
WRIGHT  AIR  DEVELOPMENT  CENTER 

As  shown  in  the  program  we  have  a  very  distinguished  gentlemen  scheduled 
for  this  session,  Mr.  BispHnghoff,  but  unfortunately  he  could  not  make  it.  In 
seeking  a  substitute  we  were  fortunate  in  securing  the  services  of  a  very  capable 
individual,  Mr.  Carl  E.  Reichert.  I  have  known  Mr.  Reichert  for  some  time 
and  appreciate  his  capabilities.  During  his  thirty  years  at  Wright  Field  he  has 
served  as  Chief,  Design  Branch,  Aircraft  Laboratory;  Assistant  Chief  of  the 
Laboratory's  Operations  Office  and  currently  as  Chief,  Structures  Branch. 
Because  of  his  technical  ability  and  vigorous  approach  to  the  solution  of  problems 
within  his  scope  of  responsibility,  Mr.  Reichert  has  become  well  known  and 
nationally  recognized  in  industrial  and  governmental  circles.  He  received  the 
Legion  of  Merit  in  1946  for  his  outstanding  work  in  aircraft  design,  and  is  present¬ 
ly  a  member  of  the  NASA  Research  Advisory  Committee  on  Structural  Loads.  He 
holds  a  reserve  commission  of  Colonel  in  the  Air  Force  Reserve,  and  is  a 
native  Daytonian.  It  is  my  pleasure  to  introduce  Mr.  Carl  Reichert. 


BASIC  STRUCTURAL  CONSIDERATIONS  FOR  FATIGUE  DESIGN 


By 

Paul  Kuhn 

NASA  Langley  Research  Center 
Langley  Field,  Virginia 

Effective  fatigue  design  of  structures  can  be  expected  only 
if  the  three  ingredients  of  fatigue  analysis  —  loads,  stress 
analysis,  and  fatigue  behavior  of  simple  specimens  are  adequately 
known  and  adequately  utilized.  In  view  of  the  large  volume  of 
information  published  in  the  last  five  to  ten  years,  no  attempt 
is  made  here  to  summarize  the  knowledge  in  these  three  fields. 
Instead,  attention  is  focused  on  gaps  in  our  knowledge  and 
apparent  weaknesses  of  procedure  in  the  last  two  fields.  Design 
procedures  are  discussed  briefly.  A  realistic  appraisal  of  the 
problem  leads  to  the  conclusion  that  the  mean  life  of  the  fleet 
should  be  predictable  in  the  foreseeable  future  with  reasonable 
accuracy.  However,  the  time  at  which  the  first  failure  appears 
in  a  fleet  is  predictable  with  much  less  accuracy;  consequently, 
maximum  possible  use  of  fail-safe  ideas  in  design  and  of  vigilant 
inspection  in  operation  is  advocated. 
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INTRODUCTION 


Until  1948,  most  airplane  designers  considered  fatigue  simply  as  a  nuisance 
which  resulted  in  complaints  from  operators  about  repair  costs.  Since  then,  a 
number  of  fatal  crashes  '*°.ve  demonstrated  that  fatigue  must  be  treated  as  a  dominant 
design  criterion,  and  dace  airplane  crashes  are  always  given  world-wide  publicity, 
the  term  "metal-fatigue"  has  become  very  familiar  even  to  newspaper  reporters  and 
the  lay  public.  Machine  designers,  automotive  designers,  naval  architects  and  other 
engineers  also  had  suffered  from  fatigue  troubles  for  a  long  time;  it  was  no  great 
surprise,  then,  that  in  the  two-year  period  1955-195 6,  there  were  no  less  than  four 
international  meetings  on  fatigue,  one  being  held  in  London  and  repeated  in  New  York. 


Thus,  there  is  no  lack  of  awareness  of  the  fatigue  problem  in  aeronautics. 
Neither  is  there  lack  of  information.  The  London-New  York  meeting  alone  resulted 
in  a  volume  containing  about  1,000  large-size  pages,  and  the  Index  of  new  fatigue 
publications  published  by  the  ASTM  adds  about  300  papers  each  year  to  a  fund  of 
several  thousand  previous  ones.  The  uninitiated  might  deduce  from  this  that  the 
problem  of  aircraft  fatigue  is  well  under  control.  Unfortunately,  this  deduction 
appears  to  be  optimistic.  Discounting  airplanes  designed  at  a  time  when  little 
attention  was  paid  to  fatigue,  and  considering  only  new  types  which  are^lcnown  to 
have  had  ample  attention  lavished  on  the  fatigue  aspect  of  design,  one** encounters 
disconcerting  amounts  of  fatigue  difficulties. 

In  view  of  this  situation,  no  effort  will  be  made  in  this  paper  to  produce  a 
comprehensive  summary  of  what  is  known  -  a  task  that  would  require  a  book  to  do 
justice  to  it,  rather  than  a  paper.  On  the  other  hand,  an  effort  has  been  made  to 
focus  the  spot-light  of  attention  on  areas  where  adequate  knowledge  is  still  lacking 
and  on  weaknesses  of  procedure. 

GENERAL  SURVEY  OF  THE  PROBLEM 

For  the  purpose  of  general  orientation,  let  us  take  a  look  at  the  problem  of 
fatigue  design  as  a  whole. 

Decisions  on  design  are  based  on  considerations  of  three  main  factors: 

,1.  Performance 

2.  Safety 

3.  Cost  (initial  plus  upkeep) 
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The  requirements  dictated  by  these  considerations  are  often  antagonistic  toward 
each  other,  and  the  relative  weight  that  should  be  given  to  each  is  a  matter  of 
personal  opinion,  within  the  latitude  left  by  specifications  and  regulations. 

Whenever  a  problem  is  complex,  there  is  a  tendency  to  attempt  the  solution 
by  enouncing  simple  principles.  Principles  often  are  competitive,  and  in  their 
initial  discussion,  much  heat  is  often  generated  even  at  strictly  sub-sonic  speeds. 
Let  us  glance  at  two  such  pairs  of  competitors. 
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Safe-life  versus  fail-safe.  -  It  is  recognized  that  aircraft  cannot  be  designed 
for  an  infinite  life,  except  perhaps  a  few  components;  they  must  be  designed  for 
finite  life.  The  simplest  approach  to  the  problem  -  in  theory  -  is  to  establish  by 
some  means  a  so-called  "safe  life"  and  to  retire  the  structure  from  service  when 
the  safe  life  has  been  reached. 
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Unfortunately,  fatigue  lives  are  subject  to  large  scatter,  and  consequently, 
the  determination  of  a  "safe  life"  is  beset  with  grave  uncertainties.  To  get 
around  this  difficulty,  the  "fail-safe"  school  of  thought  attempts  to  build  the 
structure  in  such  a  way  that  its  strength  is  not  reduced  catastrophically  even  by 
cracks  of  very  sizeable  length.  Inspection  and  repair  is  then  counted  on  to  take 
care  of  cracks  before  they  produce  catastrophe. 

In  theory,  the  fail-safe  designer  need  not  pay  any  attention  to  fatigue  life. 

In  practice,  he  must  pay  considerable  attention  to  obtaining  an  adequate  fatigue 
life,  because  a  customer  exasperated  by  excessive  repair  costs  could  put  him  in 
dire  straits.  Vice  versa,  the  proponents  of  safe-life  design  are  forced  to  admit 
the  difficulty  of  ascertaining  the  safe  life  with  adequate  accuracy,  and 
consequently  they  agree  that  the  incorporation  of  fail-safe  ideas  is  a  worth-while 
precaution.  Thus,  the  gap  between  the  two  schools  of  thought  has  been  narrowed 
very  appreciably. 

Analytical  versus  experimental  approach.  -  Another  pair  of  competitors  are 
analytical  and  experimental  approach.  In  the  last  few  years,  not  too  much  has 
been  heard  of  this  controversy,  and  indeed,  there  is  scant  justification  for  it 
to  exist.  There  are  mechanic-geniuses  who  can  build  complicated  machines  without 
ever  putting  a  line  on  paper,  and  in  a  Western  state,  such  a  genius  is  reported 
to  build  small  suspension  bridges  without  benefit  of  any  calculation.  When  dealing 
with  airplanes  which  cost  many  millions  of  dollars  per  copy,  such  an  approach  - 
making  no  use  of  theory  -  is  utterly  impossible.  On  the  other  hand,  much  theory 
has  been  written  that  ought  to  be  filed  in  the  basement  of  the  library  to  minimize 
the  risk  that  a  practical  engineer  might  see  it  —  and  waste  his  time  reading  it. 

The  most  successful  engineer  uses  theory  wherever  it  is  useful  and  sound,  and 
experiment  where  it  is  more  conclusive  or  faster  than  theory. 

BASIC  FATIGUE  KNOWLEDGE 

In  this  scientific  age,  it  should  be  unnecessary  to  do  more  than  mention 
the  fact  that  long-range  progress  in  design  is  possible  only  by  improving  our 
knowledge  of  all  facets  of  the  problem  quantitative! '  -  and  by  applying  this 
knowledge.  Let  us  then  take  a  high-speed  flight  over  the  field  of  basic  fatigue 
knowledge  for  the  purpose  of  high-lighting  some  areas  where  knowledge  is  still 
inadequate  and  some  other  areas  where  existing  knowledge  is  not  adequately  utilized. 

Material  properties.  -  The  fatigue  properties  of  materials  are  obtained  by 
tests  on  plain  (unnotched)  specimens,  the  most  important  types  being  axial-load, 
rotating-beam,  and  sheet-bending  specimens. 

For  the  design  of  airframes,  axial— load  tests  are  the  most  important  ones 
because  they  are  directly  applicable.  The  results  on  rotating  beams  and  sheet- 
bending  specimens  are  subject  to  a  stress-gradient  effect  closely  related  to  the 
size  effect  go  be  discussed  later.  The  problem  of  deriving  axial-load  fatigue 
allowables  from  either  type  of  bending  test  has  not  been  studied  sufficiently  to 
arrive  at  generally  accepted  conversion  factors. 

Surface  roughness  and  residual  stresses  near  the  surface  can  be  important, 
particularly  residual  stresses  due  to  heat  treatment.  The  polished  finish  used  on 
plain  fatigue  specimens  is  seldom  representative  of  service  articles,  but  is 
usually  justified  by  claiming  that  it  produces  a  "par  value."  However,  since  notches 
on  notched  specimens  are  often  not  polished  (especially  on  light  alloys),  it  is 


questionable  whether  this  arbitrary  par  value  is  the  most  useful  one. 

Notched  specimens  under  simple  loading.  Plasticity  and  size  effect.  -  All 
practical  structural  parts  contain  stress  raisers  required  by  their  functional 
design.  As  a  result,  fatigue  research  has  always  been  to  a  large  extent  research 
on  the  effect  of  various  stress  raisers.  Let  us  confine  our  attention  first  to 
specimens  with  simple  notches,  subjected  to  fully  reversed  loading  of  constant 
amplitude. 

The  simplest  case  of  a  notch  is  a  circular  hole  in  a  thin  sheet  under  axial 
?oad.  Figure  1  shows  on  the  left  the  stress  distribution  over  the  net  section 
as  given  by  the  theory  of  elasticity  for  a  steady  or  static  load.  The  theoretical 
factor  of  stress  concentration  K^,  has  a  value  of  3,  when  the  sheet  is  wide 

compared  with  the  diameter  of  the  hole. 

On  the  right  is  shown  the  stress  distribution  for  the  case  where  the  peak 
stress  a  is  in  the  plastic  range.  The  stress-concentration  factor  for  this 
case,  denoted  by  Kp  ,  can  be  estimated  by  the  formula  shown,  generally  with 

reasonable  accuracy  as  long  as  a  is  not  close  to  the  failing  stress.  Ihe  value 
is  the  secant  modulus  corresponding  to  the  stress  a  ,  while  E 2  is  the 

secant  modulus  corresponding  to  the  stress  at  a  large  distance  from  the  hole. 

Let  us  now  consider  the  same  type  of  specimen  under  fatigue  loading  -  to 
begin  with,  fully  reversed  axial  loading.  Figure  2(a)  shows  the  S-N  curve  for 
such  a  specimen  and  the  S-N  curve  for  a  similar  specimen  without  hole.  .  The  ratio 
of  the  ordinates  S  /S  at  any  given  value  of  N  such  as  N  is  called  the 

fatigue  factor  Kp  .  In  Figure  2(b),  Kp  is  plotted  against  N.  The  value  of 

Kjj,  is  also  shown  as  a  dashed  line,  but  only  in  the  high-cycle  region  because  it 

is  applicable  only  in  this  region.  As  N  becomes  large,  Kp  approaches  K^., 

(if  the  hole  is  large);  as  N  becomes  small,  Kp  generally  approaches  a  value 

near  unity. 

It  should  be  noted  that  the  stress  for  the  notched  specimen  plotted  in 
Figure  2(a)  may  be  based  either  on  the  net  section  or  on  the  gross  section. 
Correspondingly,  there  should  be  two  curves  for  Kp  in  Figure  2(b).  Failure  to 

note  this  possibility  of  ambiguity  has  caused  -  and  is  causing  -  great  confusion; 
care  should  therefore  be  taken  to  specify  on  which  section  the  stress  is  based. 
Evidently,  a  specification  of  Kp  should  also  be  accompanied  by  the  specification 

of  the  cycle  number  N  at  which  it  applies.  The  value  o^  Kp  at  large  values  of 

N  (at  the  fatigue  limit)  is  the  most  useful  one  and  will  be  designated  hereafter 

as  %oo  • 

The  procedure  of  plotting  Kp  against  N  as  in  Figure  2(b)  is  a  natural  one 

if  one  begins  with  a  set  of  S-N  curves  as  in  Figure  2(a).  However,  it  is  physically 
more  meaningful  to  consider  Kp  as  a  function  of  the  stress  S  rather  than  the 

cycle  number  N.  This  is  possible  because  S  and  N  are  related  by  the  S-N  curve 
of  the  material.  The  Stowell  formula  given  in  Figure  l(b)  has  been  used  with  fair 
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success  to  estimate  the  variation  of  Kp  with  stress.  The  reliability  of  this 
method  of  estimating,  however,  should  be  investigated  more  fully. 

Figure  3  shows  the  variation  of  for  a  sequence  of  geometrically 

similar  specimens.  Since  the  specimens  are  similar,  the  value  of  is  the 

same  for  all  of  them,  as  shown  by  the  dashed  line.  The  values  of  Kp^  ,  however, 

vary.  For  large  specimens,  is  nearly  equal  to  ,  as  indicated  in  the 

previous  figure.  As  the  specimen  becomes  smaller,  however,  becomes  steadily 

less  and  approaches  unity  for  a  very  small  specimen;  in  other  words,  a  very  small 
hole  has  no  effect  as  stress  raiser.  This  variation  has  been  termed  geometric  size 
effect,  or  stress-gradient  effect,  in  order  to  distinguish  it  from  metallurgical 
size  effects. 

The  size  effect  can  be  estimated  quite  well  by  the  formula  shown  at  the 
bottom  of  Figure  3>  which  gives  the  K-factor  for  any  given  size  of  notch  as  a 
function  of  three  quantities:  the  theoretical  factor  K_,  ,  the  notch-radius  p  , 
and  a  material *s  constant  jo  /  which  we  call  "Neuber  constant"  because  the  formula 
was  proposed  in  a  book  by  H.  Neuber  (Ref.  4).  Values  of  pt  for  steels  are  given 
in  ref.  5*  For  high-strength  aluminum  alloys,  pi  / -  0.02inches  gives  an  acceptable 
approximation,  although  there  appears  to  be  more  scatter  than  for  steels. 

The  importance  of  this  size  effect  is  illustrated  by  Figure  4.  This  figure 
shows  S-N  curves  obtained  from  axial-load  tests  on  aluminum-alloy  sheet  specimens. 
The  upper  curve  is  for  plain  specimens,  of  either  2024-T3  or  7075-T6  alloy,  which 
give  identical  results  for  the  range  shown.  The  middle  curve  is  for  specimens  with 
Vee-notches,  in  a  configuration  which  is  closely  similar  to  the  longitudinal  cross 
section  through  a  standard  rotating  beam  as  used  by  the  Alcoa  Research  laboratories. 
The  bottom  curve  finally  is  for  geometrically  similar  notched  specimens  24  times 
larger.  The  difference  in  stress  carried  is  obviously  large.  The  small  specimens 
are  typical  of  those  used  to  obtain  notch-fatigue  data  on  material.  It  is  obvious 
that  data  of  this  type  are  highly  optimistic  and  must  be  corrected  for  size  effect 
before  being  applied  to  full-scale  parts. 

The  size  effect  can  be  described  by  means  other  than  the  Neuber  constant  pJ . 
The  effect  is  basically  due  to  the  granular  structure  of  the  material  and  the  7 
existence  of  a  stress-gradient,  and  this  gradient  may  be  used  as  parameter.  Another 
possibility  is  to  use  an  "effective  notch  radius."  The  notch  sensitivity  index 
introduced  by  R.  E.  Peterson,  plotted  against  the  notch  radius,  serves  the  same 
purpose.  Whatever  method  is  used,  the  important  item  is  that  the  fatigue  engineer 
should  be  always  fully  aware  of  the  existence  of  the  size  effect  and  make  allowance 
for  it. 

One  long-range  goal  of  fatigue  research  is  to  be  able  to  predict  the  fatigue 
behavior  of  a  notched  specimen  from  the  S-N  curve  of  the  unnotched  material,  some 
tests  to  define  the  size-effect  or  the  notch-sensitivity  characteristics  of  the 
material,  and  the  theoretical  stress-concentration  factor.  For  specimens  under 
completely  reversed  loading,  it  may  be  said  -  with  a  bit  of  optimism  -  that  this 
goal  is  in  sight,  for  cases  in  which  the  complications  by  residual  stresses  are  not 
too  severe. 


NASA  FIGURE  4  kuhn 


The  fatigue  behavior  of  notched  as  well  as  unnotched  specimens  may  be  affected 
by  residual  stresses.  For  stresses  which  are  introduced  intentionally,  as  in  shot- 
peening,  there  is  a  certain  amount  of  empirical  knowledge.  For  stresses  which  are 
not  introduced  intentionally,  however  (quenching,  machining,  and  forming  stresses), 
our  knowledge  is  very  spotty.  The  problem  becomes  very  severe  for  ultra-high 
strength  steels,  often  causing  disappointingly  low  fatigue  strength  as  well  as 
large  scatter. 

Complex  loadings  and  complex  specimens.  -  In  practice,  fully  reversed  loading 
is  encountered  only  in  special  cases.  A  fairly  wide  range  of  practical  loadings 
can  be  described  as  a  steady  mean  stress  (which  varies  only  infrequently)  on  which 
is  superposed  an  alternating  stress  of  frequently  varied  amplitude. 

It  has  been  customary  to  provide  materials  fatigue  data  for  a  simpler  case: 
a  steady  mean  stress  on  which  an  alternating  stress  of  constant  amplitude  is 
superposed.  Even  for  this  rather  simple  case,  a  severe  difficulty  is  encountered 
in  attempting  to  deal  systematically  with  notched  specimens:  it  is  no  longer 
obvious  how  the  fatigue  factor  should  be  defined.  A  number  of  definitions  have 
been  proposed,  and  research  has  so  far  led  only  to  the  conclusion  that  none  of 
these  definitions  is  satisfactory  over  the  entire  range,  even  with  very  nominal 
demands  on  accuracy. 

When  a  notched  specimen  is  loaded  the  first  time,  the  peak  stress  at  the 
bottom  of  the  notch  will  become  plastic  above  a  certain  load.  On  unloading,  there 
will  be  a  residual  stress  system,  and  on  additional  loadings,  the  material  in  the 
critical  region  at  the  bottom  of  the  notch  will  operate  under  different  conditions 
(chiefly,  different  mean  stress)  than  those  deduced  naively  from  the  external  loading. 
A  procedure  which  takes  the  residual  stresses  into  account  appears  to  be  capable  of 
dealing  with  the  problem  over  quite  a  range.  However,  more  comprehensive  research 
is  desirable  to  establish  the  limitations  of  this  procedure. 

The  problem  of  variable-amplitude  loading  has  usually  been  dealt  with,  for 
purposes  of  an  analytical  approach,  by  using  a  cumulative-damage  criterion.  A 
number  of  investigators  have  been  working  very  actively  on  this  problem  for  several 
years,  and  it  is  hoped  that  some  useful  conclusions  will  emerge  from  all  this  work 
in  the  not-too-distant  future. 

Besides  the  problem  of  complex  loadings,  the  designer  must  face  the  problem 
of  complex  specimens  such  as  fittings  and  joints.  Failure  may  be  influenced  by 
fretting;  since  this  involves  chemical  actions  (in  the  opinion  of  most  investiga¬ 
tors),  it  is  clearly  beyond  the  scope  of  mathematical  stress  analysis.  In  other 
cases  (for  example,  at  edges  of  countersunk  holes),  areas  of  stress  concentration 
may  be  identifiable  qualitatively,  but  the  geometry  is  too  complex  to  permit  an 
analytical  attack.  For  items  of  this  type,  then,  fatigue  tests  are  the  only 
possible  method  of  design  approach  for  the  indefinite  future.  It  is  becoming  more 
and  more  customary  to  run  fitting  and  joints  tests  as  spectrum  tests,  thus  solving 
the  problems  of  complex  geometry  and  of  complex  loading  at  the  same  time. 

For  convenience,  the  fatigue  behavior  of  a  joint  is  characterized  by  an 
effective  or  equivalent  K-factor,  which  is  the  K-factor  of  a  simple  notched  specimen 
displaying  similar  fatigue  behavior  as  the  joint  in  question.  (This  definition  is 
necessarily  very  loose  because  different  procedures  are  used  to  arrive  at  a  factor. ) 
This,  incidentally,  is  also  a  field  in  which  confusion  can  arise  due  to  neglect  of 


size  effect.  It  is  common  practice  to  quote  the  theoretical  factor  of  the 

notched  specimens  used  as  basis  of  comparison,  but  since  most  of  these  specimens 
have  rather  small  notch  radii,  their  fatigue  factors  are  substantially  less  than 
their  theoretical  factors. 

Environmental  effects.  —  Environmental  effects  on  fatigue  fall  into  two  main 
classes:  corrosion  and  elevated  temperature. 

Corrosion  effects  obviously  depend  on  the  nature  and  the  concentration  of  the 
corrosive  medium.  Rather  nominal  changes  in  temperature  may  have  large  effects,  as 
may  the  presence  of  catalysts.  A  large  amount  of  ad-hoc  testing  has  been  done  for 
certain  applications  such  as  pump  design,  and  the  experts  in  this  field  appear  to 
agree  on  one  fundamental  advice:  the  only  way  to  obtain  reasonably  reliable  infor¬ 
mation  is  by  tests  which  simulate  service  conditions  as  closely  as  possible.  This 
condition  is  often  extremely  difficult  to  meet. 

Atmospheric  corrosion  is  a  potential  source  of  trbuble.  An  investigation  of 
this  subject  was  initiated  by  the  NASA  about  two  years  ago,  and  the  results  obtained 
so  far  (Ref.  6)  indicate  a  larger  effect  than  anticipated,  although  the  near¬ 
coastal  atmosphere  at  the  test  station  is  not  considered  to  be  unduly  severe. 

There  has  been  some  talk  about  an  international  effort  to  study  this  subject  more 
extensively.  On  the  problem  of  less  frequently  encountered,  but  more  potent^ 
corrosive  agents,  the  designer  can  do  no  better  than  to  listen  to  a  maintenance 
man  for  some  free  advice  on  design  (after  putting  asbestos  shingles  over  his  ears). 

Elevated  temperature  combined  with  fatigue  has  always  been  a  problem  in 
engines;  consequently,  there  is  some  information  on  this  subject.  Unfortunately, 
most  of  the  tests  made  have  been  restricted  to  narrow  bands  of  temperature  and 
frequency  of  application  of  load.  The  latter  restriction  dodged  a  key-issue  in 
the  more  general,  problem:  room-temperature  fatigue  depends  on  the  number  of  cycles, 
but  is  essentially  independent  of  time  (or  frequency  of  load  application).  If  the 
temperature  is  raised  sufficiently,  however,  the  useable  strength  of  materials 
becomes  essentially  a  function  of  time.  At  intermediate  temperatures,  the  fatigue 
strength  is  thus  a  function  of  cycle  numbers  as  well  as  time.  Knowledge  in  this 
field  is  very  spotty,  but  there  appears  to  be  one  relieving  feature:  the  ratio  of 
fatigue  strength  to  static  strength  tends  to  increase  as  the  temperature  increases 
in  the  range  of  interest  here. 

Scatter  in  fatigue.  -  It  is  well  known  now  that  fatigue  tests  on  nominally 
identical  specimens  result  in  considerable  scatter.  If  an  attempt  is  made  to 
estimate  the  life  of  a  component  by  tests  of  a  few  specimens,  the  mean  life  of  the 
test  group  is  divided  by  a  "scatter  factor"  to  arrive  at  a  first  estimate  of 
service  life. 

From  the  statistical  point  of  view,  such  a  procedure  is  very  crude;  it  may  be 
termed  a  "first-order  approximation"  and  can  be  justified  as  reasonably  adequate 
only  if  the  test  conditions  used  are  on  the  severe  side. 

In  a  more  refined  approach,  a  specification  is  given  of  the  percentage  of 
components  vhich  may  fail  to  reach  the  specified  life.  If  the  component  in  question 
is  a  single  vital  component,  then  the  desirable  percentage  would  presumably  be  of 
the  order  of  0.1$.  In  order  to  be  able  to  apply  such  a  specification,  the  designer 
must  have  at  his  disposal  the  probability-of-failure  curve  with  a  reasonable 
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confidence  level  at  this  probability  level.  Such  a  curve  can  be  obtained  only  by 
testing  at  least  1,000  identical  specimens  under  identical  conditions. 

For  simple  material  specimens,  test  series  of  this  magnitude  would  be  feasible, 
but  would  constitute  quite  an  effort.  The  material  for  the  specimens  should  be 
obtained  by  random  sampling  at  the  place  of  manufacture,  with  the  sampling  period 
long  enough  to  cover  possible  variations  in  the  manufacturing  process.  It  is  rather 
doubtful  that  such  test  series  can  be  carried  out  for  more  than  a  very  few  materials. 
It  can  only  be  hoped  that  the  statistical  characteristics  of  interest  do  not  differ 
too  much  between  materials. 

A  failure  rate  of  1  in  1,000  may  be  appropriate  for  a  single  vital  component, 
as  suggested.  Under  less  stringent  conditions,  that  is,  when  fail-safe  features 
exist,  the  tolerable  failure  rate  may  be  between  one  and  two  orders  of  magnitude 
higher;  the  task  of  providing  fatigue  probability  data  then  becomes  much  more 
practicable. 

CRACK  PROPAGATION  AND  CRACK  SENSITIVITY 


The  process  of  fatigue  failure  is  usually  divided  into  three  stages:  the 
incubation  period,  the  crack-propagation  period,  and  final  failure.  The  dividing 
line  between  the  first  two  periods  is  the  appearance  of  a  detectable  crack.  Since 
the  ability  of  detection  depends  on  the  magnification  of  the  microscope  used  and 
on  the  perseverance  of  the  observer,  the  dividing  line  is  obviously  not  very  well 
fixed. 

Crack  propagation  is  usually  discussed  under  the  heading  of  fatigue.  The 
subject  of  crack  sensitivity,  or  strength  of  parts  containing  cracks,  is  in  a 
no-mans  land  between  fatigue  and  strength  of  materials.  However,  both  subjects 
are  key  items  in  the  engineering  discipline  of  fail-safe  design;  it  is  therefore 
appropriate  to  discuss  them  jointly. 

For  a  good  fail-safe  design,  the  material  should  have  a  low  rate  of  crack 
propagation  and  a  low  crack  sensitivity.  Not  so  obvious  is  the  question  whether  a 
long  incubation  period  is  desirable.  Insofar  as  known,  the  static  strength  of  a 
structural  part  does  not  change  at  all,  or  only  to  an  insignificant  amount,  during 
the  incubation  period;  thus,  a  long  incubation  period  may  be  considered  desirable. 

On  the  other  hand,  if  this  period  is  long,  there  is  little  time  left  for  the  develop¬ 
ment  of  a  crack  large  enough  to  be  readily  detectable  and  serve  as  warning. 

In  one  instance,  a  very  important  but  readily  replaceable  part  was  being 
replaced  when  cracks  were  found.  A  higher— strength  alloy  was  tried  for  this  part, 
but  was  not  introduced  into  service  because  the  warning  period  was  too  short  - 
the  part  failed  before  cracks  were  detected. 

The  problem  of  crack-propagation  as  well  as  that  of  crack  sensitivity  has 
been  made  amenable  to  prediction  for  aluminum  alloys  by  utilizing  the  size-effect 
formula  given  in  Figure  3  (Refs.  7  and  8)*  Figure  5  shows  a  sample  comparison 
between  calculated  and  experimental  rates  of  fatigue  crack  propagation.  Figure  6 
shows  the  strengths  of  flat-sheet  specimens  containing  cracks  for  two  different 
widths  of  specimen;  attention  is  called  to  the  fact  that  the  theory  predicts  the 
effect  of  width  of  specimen  very  well.  Figure  7  shows  -  also  for  flat-sheet  specimens 
the  superiority  of  202i|-T3  over  7075-T6  alloy.  Figure  8  finally  shows  two  typical 
curves  for  the  bursting  strength  of  cylinders  with  longitudinal  cracks.  The  two 
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upper  curves  are  for  flat  sheet  under  uniaxial  tension.  It  is  obvious  that 
curvature  has  a  very  important  bearing  on  the  results.  (Ref.  9) 

At  present,  there  is  considerable  activity  in  various  places  devoted  to  the 
study  of  crack  sensitivity  in  high-strength  and  ultra-high-strength  materials. 

Low  strength  encountered  in  structures  such  as  pressure  vessels  is  attributed 
chiefly  to  crack  sensitivity  and  presents  a  serious  obstacle  to  the  use  of  these 
materials.  The  problem  is  complicated  for  many  materials  by  such  phenomena  as 
transition  temperature  effects  and  high  sensitivity  to  trace  elements,  with 
hydrogen  being  the  best-known  offender.  Since  the  failures  are  associated  in 
some  materials  with  welded  joints^  the  multitude  of  parameters  which  affect 
weldments  further  complicate  an  already  complex  picture.  Much  research  is 
evidently  necessary  in  this  field. 

HOW  CAN  THE  STATE  OF  THE  ART  BE  IMPROVED? 

In  the  introduction,  it  was  intimated  that  the  present  state  of  the  art  is 
somewhat  less  than  satisfactory,  inspite  of  a  seemingly  stupendous  volume  of 
information.  How  can  this  state  of  affairs  be  improved? 

In  the  preceding  discussion,  it  has  been  pointed  out  that  research  knowledge 
is  still  inadequate  in  a  number  of  areas.  Consequently,  there  should  be  no  let-up 
in  the  conduct  of  research. 

The  research  and  test  information  already  available  constitutes  a  flood  - 
enough  to  inundate  and  suffocate  the  hapless  designer.  No  greater  contribution 
can  be  made  by  any  one  man  than  to  correlate  and  digest  all  the  information 
available  in  a  sizeable  area  and  to  condense  it  into  a  small  package  readily 
useable  by  the  designer. 

Concerted  and  continued  efforts  should  be  made  to  educate  detail  designers 
and  analysts  in  fatigue.  It  has  often  been  said  that  de-tail  makes  or  breaks  a 
design  -  and  this  saying  is  much  more  applicable  to  fatigue  than  to  static  design. 

More  efforts  should  be  made  to  improve  the  transmission  of  knowledge  and 
know-how  from  one  generation  A..>  the  next.  (A  generation  of  detail  designers, 
according  to  some  sources,  ,m/  mean  as  little  as  three  years. ) 

Less  reliance  should  be  placed  on  isolated  tests,  often  made  in  frantic 
haste  in  the  search  for  a  fix. 

Finally,  very  concerted  efforts  should  be  made  to  analyze  available  tests  as 
a  help  towards  better  quantitative  understanding.  Many  tests  are  made  initially 
simply  to  verify  the  design  of  a  specific  item  for  a  specific  airplane.  Viewed 
in  this  light,  the  test  does  not  require  any  analysis.  However,  viewed  as  a  proof- 
stone  for  checking  the  adequacy  of  our  methods  of  calculation,  it  can  be  very 
valuable  -  if  properly  analyzed. 

Proper  analysis  of  the  type  referred  to  cannot  be  expected  from  test  engineers. 
Hounded  by  urgent  te3t  schedules  and  often  quite  unfamiliar  with  analysis,  test 
engineers  tend  to  see  a  test  as  an  end  in  itself,  rather  than  a  means  to  an  end. 

A  small  group  should  be  divorced  from  current  routine,  but  should  have  aiuele 
contact-  with  research,  workers  in  all  sorts  of  institutions  and  with  their  counter- 
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parts  in  other  organizations.  This  group,  in  turn,  should  give  regular  lectures 
to  the  designers  and  stress  analysts.  It  would,  in  the  course  of  time,  materially 
improve  the  quantitative  knowledge  of  fatigue,  and  it  could  provide  the  trans¬ 
mission  of  know-how  to  newer  generations. 

STRESS  ANALYSIS  AND  FATIGUE 

The  procedure  of  design  my  be  viewed  as  a  three-link,  chain:  loads-stresses- 
allowables.  The  subject  of  load  statistics  will  not  be  discussed  here,  because 
a  number  of  papers  in  this  Symposium  deal  in  detail  with  this  problem.  He  have 
taken  a  look  at  the  flaws  in  the  last  link  -  fatigue  allowables.  Let  us  now  look 
at  the  central  link:  stress  analysis,  the  procedure  of  computing  the  stresses  in 
the  structure  produced  by  the  specified  or  chosen  loads,  again  focusing  attention 
mainly  on  weaknesses  of  current  practice. 

Levels  of  stress  analysis.  -  Not  too  many  years  ago,  the  attitude  towards 
stress  analysis  was  often  the  one  summarized  by  the  saying:  "A  good  stress  man 
knows  P/A,  Mc/l,  T/2At  and  nothing  else. M  This  attitude  that  very  elementary 

theory  is  adequate  for  practical  purposes  has  some  foundation  in  fact:  for  static- 
strength  design  with  reasonably  ductile  materials,  the  elementary  theories  often 
do  give  very  good  results.  However,  as  the  ductility  of  materials  has  decreased 
through  the  years,  the  elementary  theories  have  become  less  and  less  adequate  even 
for  static-strength  design,  and  for  fatigue  design,  they  are  more  often  than  not 
completely  inadequate. 

In  some  quarters,  there  appears  to  be  a  belief  that  elementary  theories  can 
be  up-dated  for  application  to  fatigue  design  by  adding  stress  concentration 
factors  developed  for  simple  stress  raisers  such  as  a  hole.  These  factors  must, 
indeed,  be  applied.  However,  they  must  be  applied  to  the  local  stress  in  the 
vicinity  of  the  hole  -  a  region,  say,  a  few  inches  square.  The  elementary  theories 
do  not  give  adequate  accuracy  over  such  small  regions.  If  the  stress  distribution 
on  the  cross  section  of  a  wing  is  considered,  for  instance,  then  the  stresses 
given  by  elementary  theories  can  only  be  regarded  as  averages  over  regions  5-10 
feet  square,  which  is  grossly  inadequate. 

More  advanced  theories  which  give  adequate  accuracy  over  regions  about  one 
foot  square  have  been  available  for  a  long  time.  They  were  not  practical  without 
automatic  computing  machines;  since  such  machines  have  become  available,  these 
theories  have  been  -  or  at  least  are  being  -  introduced  into  practice.  The  intro¬ 
duction  of  these  methods  constitutes  a  very  long  step  towards  more  adequate  stress 
analysis;  however,  severe  limitations  still  exist. 

A  complete  structure  such  as  a  wing  or  a  fuselage  with  cutouts  cannot  be 
handled  in  one  step  without  simplifying  assumptions.  For  conventional  -  not  to 
say  old-fashioned-configurations,  it  is  reasonably  well  known  what  assumptions 
are  permissible.  For  others,  however,  -  for  instance,  delta-wings  -  very  little 
is  known  about  what  simplifying  assumptions  are  permissible. 

Theories  of  the  type  just  discussed  -  with  adequate  accuracy  over  one-foot 
regions  -  should  be  adequate  for  fatigue  design  (in  conjunction  with  stress- 
concentration  factors)  for  a  large  portion  of  the  structure.  Unfortunately,  they 
are  still  inadequate  in  the  vicinity  of  severe  discontinuities,  such  as  corners 
of  cutouts,  where  many  severe  fatigue  troubles  occur.  The  difficulty  is  chiefly  — 
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although  not  entirely  -  the  difficulty  in  numerical  mathematics  of  having  to  use 
a  much  finer  grid.  Since  the  best  computing  machines  now  existing  are  marginal 
even  when  a  coarse  grid  is  used,  a  brute-force  approach  is  impossible.  It  will 
be  necessary  to  employ  either  specialists  in  computer-mathematics  or  specialists 
in  structural  theory,  or  some  combination.  In  other  words,  the  introduction  of 
automatic  computing  will  not  decrease  the  need  for  specialists  in  structural 
analysis. 

An  attempt  to  summarize  this  discussion  is  shown  in  Figure  9,  which  shows 
the  cover  stresses  in  a  box  beam  as  indicated  by  strain  gages  of  different  gage 
length,  representative  of  the  different  levels  of  theory.  Figure  9(a)  shows  the 
picture  seen  by  a  gage  one  fathom  long  (a  rather  unusual  measure,  for  this  purpose, 
but  the  only  length  measure  available  in  the  5-10  foot  range);  this  corresponds  to 
the  Mc/l  theory.  Figure  9(b),  the  foot-gage,  represents  the  theories  now  being 
incorporated  into  automatic  computing  procedures.  Figure  9(c),  the  inch-gage, 
represents  the  picture  we  hope  to  get  some  day  from  machine  computations. 

Figure  9(d),  finally,  represents  the  effects  of  stress  raisers  (rivet  holes) 
added  to  the  previous  picture. 

The  question  of  stress  over  large  areas  versus  stress  over  small  areas  came 
in  for  considerable  discussion  in  the  court  inquiry  into  the  Comet  accidents  in 
England.  Other  discussions  in  this  inquiry  dealt  with  the  validity  of  tests  on 
parts  of  the  complete  structure,  with  non-representative  boundary  conditions.  The 
final  report  on  this  inquiry  is  remarkably  clear  and  concise,  and  should  be  required 
reading  for  everybody  even  remotely  concerned  with  the  structural  design  of 
aircraft  (Ref.  10 ). 

Relations  between  stress  analysis,  fatigue  analysis,  and  tests.  -  In  many 
cases,  it  may  be  a  moot  question  whether  test  failures  should  be  attributed  to 
inadequate  fatigue  knowledge  or  to  inadequate  .stress  analysis.  However,  stress 
analysis  is  most  likely  to  be  blamed  in  the  following  very  typical  cases: 

a)  A  large  number  of  failures  at  cut  outs. 

b)  Heavy  concentration  of  cracks  near  root  of  rear  spar  of  a  swept  wing. 

c)  Major  failure  in  totally  unexpected  place. 

d)  Large  number  of  early  failures  in  a  structure  from  conventional 

material,  and  with  conventional  over-all  configuration. 

The  fatigue  test  on  a  complete  structure  is  conducted  in  the  expectation  of 
obtaining  at  least  semi-quantitative  information  on  the  life  of  the  structure. 

If  stress  analysis  has  missed  the  critical  area,  the  complete  test  article  may 
be  lost  before  this  information  is  obtained.  A  heavy  cost  is  then  incurred  in 
procuring  a  new  test  article,  and  probably  worse,  considerable  time  is  lost  for 
development.  At  the  present  state  of  the  art  of  stress  analysis,  gross  mis¬ 
predictions  are  possible  due  either  to  over-sights  or  to  bad  simplifying  assumptions. 
A  test  structure  makes  no  assumptions  and  commits  no  over-sights  in  reacting  to  the 
applied  loads.  These  features  will  make  tests  on  the  complete  structure  highly 
desirable  for  the  foreseeable  future.  Tests  on  complex  structures,  on  the  other 
hand,  are  quite  useless  as  guides  for  more  efficient  design,  particularly  if  novel 
configurations  are  used.  Progress  in  the  efficiency  of  structures  can  be  achieved 
only  by  analysis. 


I 

i 

V 


s 

\ 


£ 

t- 

v' 

t 


P 


k 

0, 


v 


n 


o 

o 

ft 


h 


1 


756 


STRESSES  IN  BOX  BEAMS 


Since  test  specimens  of  complete  structures  are  expensive,  it  is  desirable 
to  make  maximum  use  of  them.  Strain  gages  should  be  used  as  much  as  possible. 

As  pointed  out  before,  these  tests  should  be  analyzed  with  a  view  toward 
providing  knowledge  for  better  future  design;  they  should  not  be  filed  and 
forgotten,  to  be  disinterred  only  in  case  of  service  trouble. 

DESIGN  PROCEDURES 

The  procedure  of  designing  the  tension  side  of  a  shell  structure  for  static 
strength  consists,  in  principle,  simply  in  adjusting  the  cross-sections  until  the 
stress  produced  by  the  loads  is  slightly  less  than  the  allowable  value  (tensile 
ultimate).  Until  about  fifteen  years  ago,  this  procedure  resulted  in  a  design 
which  had  also  a  satisfactory  fatigue  life.  Now,  this  is  no  longer  true. 

The  design  developments  which  led  to  this  change  were  rather  gradual  changes. 
Moreover,  to  produce  a  certain  percentage  change  in  life,  only  a  much  smaller 
percentage  change  in  stress  is  required.  Consequently,  a  first  approximation  to 
a  satisfactory  fatigue  design  can  be  obtained  by  using  the  static  design  procedure, 
but  reducing  the  allowable  stresses. 

The  allowable  fatigue  stress  for  a  given  case  can  be  determined  by  comparative 
calculations,  by  comparative  tests,  by  special  tests,  or  by  a  combination  of  these.  1 

Since  all  fatigue  failures  are  caused  by  design  details  which  cause  stress  { 

concentrations,  a  design  standard  may  be  set,  expressed  by  an  equivalent  K-factor.  : 

An  important  part  of  the  design  procedure  then  becomes  the  process  of  scrutinizing  j 

all  design  details  and  testing  all  questionable  ones  to  insure  no  detail  is  worse  ■ 

than  the  standard  set.  Obviously,  the  procedure  can-  and  should-be  refined  by  j. 

using  different  allowables  for  areas  in  which  all  details  sure  either  better  or  '■ 

worse  than  the  standard.  Great  refinement  of  this  type,  however,  is  not  justified  s 

at  the  present  state  of  the  art.  : 

f 

PREDICTION  OF  BEHAVIOR  OF  STRUCTURES  j; 

* 

The  purpose  of  fatigue  design  is  to  achieve  a  structure  which,  has  a  \ 

satisfactory  length  of  life,  an  adequate  degree  of  safety,  and  a  tolerable  level  '■ 

of  repair  and  replacement  needs.  r 

* 

h 

For  a  fail-safe  airplane,  the  life  of  interest  is  essentially  the  mean  life  >; 

of  the  fleet,  since  this  determines  the  time  at  which  the  fleet  should  be  phased  '• 

out  of  service.  An  appraisal  of  the  factors  influencing  the  determination  of  the  \ 

mean  life  suggests  that  the  largest  uncertainty  in  the  early  design  stage  is  \> 

probably  the  translation  of  loads  into  stresses.  The  fatigue  test  on  the  complete  \ 

structure  is  performed  to  reduce  this  uncertainty.  Since  only  one  test  is  likely  g 

to  be  made,  not  much  confidence  can  be  placed  in  the  numerical  results.  However,  p; 

the  qualitative  results  -  the  location  of  the  trouble  spots  -  can  be  followed  up  ^ 

with  strain  gages,  fatigue  analysis  and  special  tests  to  obtain  better  numerical  "I 

results.  Thus,  it  does  not  appear  to  be  unduly  optimistic  to  feel  that  Id.  the  near  > 

future,  the  prediction  of  the  mean  life  of  the  fleet  should  become  reasonably  £ 

reliable  on  structures  which  do  not  depart  too  radically  from  the  realm  of  past  £ 

experience .  I; 

The  picture  looks  much  less  promising  when  one  considers  the  question  of  V 

predicting  when  the  first  airplane  of  a  fleet  will  start  having  fatigue  trouble.  / 

KS 
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Predictions  of  this  nature  require  much  more  detailed  statistical  knowledge  than 
predictions  for  the  mean  of  the  fleet.  Again,  the  question  of  load  statistics  will 
not  be  discussed  here  because  it  is  dealt  with  by  other  speakers. 


On  the  structural  side,  one  needs  first  of  all  adequate  statistical  data  on 
the  fatigue  behavior  of  material  —  which  might  be  obtained,  at  a  large  effort. 

In  addition,  however,  one  would  need  statistical  data  which,  in  effect,  define  the 
scatter  in  knowledge  and  skill  of  the  design  staff  and  of  the  shop  staff.  Partial 
statistics  of  this  type  might  be  obtained  by  special  research  projects.  In  the 
main,  however,  the  statistics  would  have  to  be  developed  by  continuous  analyses  of 
the  performance  of  design  and  shop  staffs,  and  this  would  require  a  cooperative 
effort  of  unprecedented  difficulty. 

The  prediction  of  the  first  appearance  of  trouble  in  a  fleet  is  of  critical 
importance  only  when  no  fail-safe  features  have  been  incorporated.  Recognition 
of  the  facts  regarding  the  lack  of  appropriate  statistics  therefore  leads  inevitably 
to  the  conclusion  that  fail-safe  features  should  be  incorporated  as  much  as  possible 
in  order  to  minimize  the  need  for  these  statistics. 

The  fail-safe  design  of  complex  shell  structures  is  a  rather  new  line  of 
engineering.  Fairly  extensive  investigations  have  been  made  for  one  specific 
problem:  the  pressure  cabin.  This  problem  was  investigated,  of  course,  under 
the  spur  of  specific  accidents,  but  a  reasonably  systematic  investigation  was 
made  possible  by  two  fortunate  facts:  the  basic  structure  is  simple,  and  a  simple 
loading  case  dominates  the  design.  In  wing  structures,  a  much  larger  variety  of 
structural  arrangements  is  possible,  as  well  as  a  larger  variety  of  loading  cases; 
systematic  investigation  is  therefore  much  more  difficult,  and  even  the  guiding 
principles  sure  much  less  understood. 

A  main  principle  of  fail-safe  design  is  the  provision  of  alternate  load  paths. 

To  be  unequivocally  effective,  the  alternate  paths  must  be  so  completely  independent 
of  each  other  that  a  crack  in  one  path  is  not  propagated  into  the  eilternate  path. 

Such  complete  independence  exists  beyond  question  only  if  the  members  in  question 
are  separated  by  air  gaps,  and  the  end  fittings  are  such  that  failure  of  one  member 
does  not  substantially  alter  the  stress  distribution  in  the  remaining  member.  But 
completely  separate  members  are  impractical,  if  not  impossible,  in  a  shell  structure. 
In  general,  then,  alternate  paths  are  only  partially  independent,  and  tests  are 
necessary  to  demonstrate  that  the  required  degree  of  independence  exists.  The 
number  of  such  tests  on  a  complete  structure  is  severely  limited  by  the  fact  that 
a  patched-up  structure  is  not  representative  of  the  design;  consequently,  components 
of  adequate  size  to  represent  the  key  features  must  be  tested  under  an  adequate 
variety  of  conditions. 

Since  component  tests  incorporate  interactions  only  to  the  extent  that 
fallible  engineering  judgment  foresees  them,  the  true  degree  to  which  a  complete 
structure  is  "fail-safe”  may  still  be  doubtful  sometimes.  In  such  cases,  the 
inspection  schedule  in  service  should  start  earlier  and  be  more  comprehensive 
than  for  structures  which  are  beyond  question  highly  fail-safe. 
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THE  STATISTICAL  BASIS  OF  LOADING  SPECTRA 
FOR  FATIGUE  DESIGN  CRITERIA 

By  • 

Innes  Bouton 

Norair  Division 
Northrop  Corporation 
Hawthorne,  California 

ABSTRACT 

This  paper  reviews  and  discusses  the  requirements  for  and  problems 
of  formulating  a  rational  but  practical  fatigue  design  criteria.  Back¬ 
ground  information  for  fatigue  design  criteria  is  presented.  The  four 
elements  needed  to  establish  criteria  are  presented.  They  are:  (l) 
Parameters,  required  for  loading  spectra;  (2)  Sources  for  spectra  para¬ 
meters;  (3)  Synthesis  of  spectra  for  new  systems;  and  (4)  Formulation 
of  fatigue  design  criteria.  It  is  oostulated  that  literally  there  is 
no  such  thing  as  a  fatigue  failure.  Generalized  aircraft  spectra  are  not 
sufficient  to  determine  fatigue  failure  rate,  so  structural  component  and 
element  spectra  must  be  derived.  This  spectra  must  define  two  conditions: 
the  past  loading  history  of  the  element  and  the  present  probability  of 
exceeding  a  given  load.  These  spectra  of  MIL-A-8866  are  inadequate  for 
determination  of  the  required  element  loading  spectra. 
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INTRODUCTION 


The  basic  objective  of  structural  design  criteria  is  to  formulate  requirements 
for  a  structure  which  will  reliably  attain  a  specified  operational  life.  Quantita¬ 
tive  definition  of  how  reliably  what  life  is  to  be  attained  is  a  very  difficult 
procedure.  Implementation  of  the  requirements  in  a  structure,  with  confidence  that 
the  requirements  will,  in  truth,  be  met,  is  an  extremely  challenging  task. 

EVOLUTION  OF  PRESENT  STRUCTURAL  DESIGN  CRITERIA 


In  the  past,  structural  design  criteria  did  not  explicitly  state  the  quanti¬ 
tative  requirements  for  reliability  and  life;  instead,  the  typical  criteria  defined 
loading  conditions,  which,  if  met,  resulted  in  extremely  high  structural  reliability 
over  the  lifetime  of  all  aircraft  designed  to  that  criteria.  The  criteria  was  the 
end  result  of  past  experience.  Any  failures,  other  than  occasional  random  failure, 
resulted  in  criteria  modification.  New  developments  such  as  abrupt  checked  maneuvers 
and  inertial  coupling  conditions,  were  added  as  necessity  dictated  and  outmoded 
conditions  were  gradually  removed.  This  empirical  approach  to  structural  design 
criteria  has,  in  general,  proved  sufficient  until  recently  for  the  needs  of  designers 
and  the  service  administrators  of  structural  design  policy.  However,  certain 
anomalies  have  always  been  present  which  resulted  in  some  airplanes  being  over- 
designed  and  others  underdesigned. 

NEED  FOR  PROBABALl'STIC  CRITERIA 

Recent  rapid  advances  in  weapon  system  design  have  resulted  in  radical  changes 
in  structural  design  requirements,  so  much  so  that  a  change  in  criteria  philosophy 
appears  to  be  an  obvious  necessity.  To  this  author,  a  probabalistic  approach  to 
design  criteria  is  the  only  rational  concept.  The  big  difficulty  is  to  find  a  prac¬ 
ticable  solution  to  the  problems  that  arise  while  reducing  theory  to  practice. 

At  first  blush,  use  of  a  probabalistic  philosophy  is  a  radical  departure  from 
the  past  with  the  revolutionary  changes  in  design  concepts  currently  in  progress 
justifying  corresponding  revolutionary  changes  in  criteria  concepts.  However,  the 
change  in  criteria  philosophy  is  more  apparent  than  real.  Structural  reliability 
or  probability  of  failure  has  always  been  implicit  in  previous  regulations.  The 
qualitative  probability  input  to  criteria  formation  has  been  either  success  in 
performing  the  desired  mission  or  what  someone.  Ts  judgement  indicated  to  be  “too  many" 
failures.  Furthermore,  fatigue  has  always  been  a  consideration  in  past  criteria  - 
occasionally  explicitly,  usually  implicitly.  Examples  are  fitting  factors;  knowledge 
of  what  constitutes  good  detail  design  in  matter’s  of  sharp  corners,  scratches, 
avoidance  of  brittle  material,  etc;  and  designing  to  normal  operating  stresses  below 
the  endurance  limit. 


ADVENTITIOUS  AND  FATIGUE  FAILURES 

Furthermore,  there  is  a  little  realised  but  c'^ose  relationship  between  the 
adventitious,  or  discrete,  failure  and  the  fatigue  failure.  Adventitious  fail¬ 
ures  are  the  end  point  of  the  range  of  fatigue  failures  possible  from  the  millions 
of  cycles  of  low  amplitude  loading  to  the  few  cycles  of  extremely  high  ampli¬ 
tude  loading.  Also,  "fatigue"  failure  in  any  structure  always  occurs  from  a  single 
application  of  some  load.  This  load  may  be  a  relatively  low  load  -  the  same 
magnitude  as  has  been  continuously  applied  for  millions  of  cycles  -  but  it  nevertheless 
is  a  discrete  load  that  finally  administers  the  coup  de  grace  to  the  structure.  In 
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this  case,  most  of  the  original  strength  of  the  material  has  been  lost  due  to 
fatigue  deterioration.  Similarly,  the  final  failing  load  may  be  a  relatively  large 
load  that  occurs  after  only  a  small  amount  of  fatigue  damage  has  vbeen  inflicted  on 
the  structure.  Finally,  and  obviously  the  end  point  of  this  sequence  of  possibili¬ 
ties,  failure  may  come  from  a  single  application  of  very  high  load  before  any  fatigue 
damage  has  been  done.  Thus,  it  is  apparent  that  there  is  no  fundamental  difference 
between  adventitious  and  fatigue  failures.  The  one  blends  into  the  other  with  no 
line  of  demarcation  being  evident.  It  is  a  rather  startling  concept j  but, in  fact,  it 
can  be  said  that  there  is  no  such  thing  as  a  fatigue  failure.  There  are  only  adven¬ 
titious  failures  at  different  magnitudes  of  loading,  the  magnitude  of  the  failing 
load  being  a  function  of  the  loading  history  (both  magnitude  and  sequence)  and  the 
consequent  amount  of  fatigue  damage  incurred. 

NEED  FOR  CHANGE  IN  CRITERIA  EMPHASIS 

From  the  foregoing,  it  is  evident  that  past  structural  design  criteria  estab¬ 
lished  adequate  qualitative  coverage  for  a  high  degree  of  structural  reliability 
for  both  adventitious  and  "fatigue”  modes  of  failure.  Adventitious  failures  were 
held  to  a  minimum  by  specifying  limit  and  ultimate  conditions  that  rarely  occurred. 
Fatigue  failures  were  limited  by  indirect  methods  as  described  previously.  Both 
modes  of  failure  were  guarded  against  by  implicit  methods  which  resulted  qualitatively 
in  the  desired  structural  reliability  without  ever  quantitizing  either  the  reliability 
level  or  the  operational  life. 

Past  criteria  emphasized  the  prevention  of  adventitious  failures  while  only 
obliquely  treating  the  problem  of  fatigue  failure .  The  situation  with  which  designers 
are  now  faced  requires  no  new  concepts.  The  old  tried  and  true  concepts  are  completely 
adequate.  All  that  is  needed  are  methods  to  rationalize  the  criteria  objectives  by 
quantitizing  structural  reliability  for  a  given  life  and  by  changing  emphasis  from  the 
adventitious  failure  mode  to  the  fatigue  mode. 

INITIAL  CONCLUSIONS 

Rationalizing  and  quantitizing  the  criteria  may  require  initially  a  mixture  of 
rational  and  empirical  requirements  until  all  the  data  and  analytical  techniques 
necessary  for  the  completely  rational  approach  are  available. 

ESTABLISHING  STATISTICAL  CRITERIA 

With  the  foregoing  providing  a  suitable  background  for  studying  the  problem  of 
providing  a  statistical  basis  for  fatigue  design  criteria,  it  is  now  appropriate  to 
examine  the  rationale  for  such  criteria. 

Establishing  a  fatigue  design  criteria  is  a  fantastically  complex  undertaking 
if  a  thorough  job  is  to  be  done.  The  undertaking  will  be  approached  as  follows: 

(1)  Determine  the  parameters  required  to  establish  the  required  loading  spectra. 

(2)  Investigate  the  sources  for  establishing  such  parameters  quantitatively. 

(3)  Develop  analytical  techniques  for  synthesizing  the  loading  spectra  for  any 
new  aircraft  system  from  the  parameters  established  for  past  systems  or 
from  a  rational  analysis  of  the  new  mission  requirements. 
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(4)  Formulate  structural  design  criteria  embodying  the  principles 
established  in  the  preceding  steps. 

PARAMETERS  REQUIRED  FOR  LOADING  SPECTRA 

At  present,  there  is  no  complete  study  defining  the  parameters  needed  to  . 
establish  the  required  loading  spectra.  Much  work  has  been  accomplished  xn  this 
field  but  much  remains.  A  few  pertinent  observations  can  be  made. 

Fatigue  is  a  condition  which  occurs  at  localized  points  on  the  structure. 

It  is,  therefore,  a  function  of  the  loading  history  and  the  material  at  that 
point.  Determination  of  the  load  at  a  point  requires  knowledge  of  the  complex 
distribution  of  loads  on  an  aircraft  for  a  given  set  of  aircraft  parameters. 
Performing  these  calculations  for  a  few  discrete  conditions  as  required  by 
present  criteria  is  a  major  undertaking.  To  do  it  for  multiple  combinations  of 
^11  the  parameters  defining  the  flight  conditions  of  the  aircraft  is  a  colossal 
endeavor. 

At  this  point  in  the  discussion,  it  seems  proper  to  review  the  parameters 
that  define  the  magnitude  and  distribution  of  loads  on  an  aircraft.  In  1954»  a 
Special  Statistical  Maneuver  Loads  Panel  of  the  Loads  Subcommittee  (ref.  1),. 
recommended  that  statistical  data  on  eight  basic  aircraft  parameters  be  obtained 
from  operational  usage.  These  eight  parameters  were  the  three  linear  accelera¬ 
tions,  the  three  angular  accelerations,  airspeed  and  altitude..  With  these 
parameters  known,  the  motion  of  the  airplane  and  the  aerodynamic  conditions 
determining  the  distribution  of  load  are  completely  defined.  It  is  in  the  sta¬ 
tistical  definition  of  these  eight  parameters  that  difficulty  is  encountered. 

Many  of  the  statistical  functions  of  these  parameters  are  themselves. functions 
of  some  or  all  of  the  other  seven  parameters.  This  means  the  probability 
functions  are  multi-dimensional  and,  as  a  result,  extremely  difficult  to  define 
and  manipulate  in  probability  calculations. 

To  define  the  load  on  a  specific  structural  component  on  the  aft  fuselage, 
it  is  generally  necessary  to  know  (1)  the  horizontal  and  (2)  the  vertical  tail 
load  plus  (3)  the  inertial  loads  for  the  particular  flight  condition  being 
investigated.  Each  of  these  three  loads  is  a  function  of  the  eight  basic  para¬ 
meters  defined  previously  plus  other  derived  parameters  such  as  the  angular 
velocities,  Mach  number,  and  airplane  lift  coefficient.  Thus,  each  of  the  three 
loads  is  a  complicated  function  of  many  parameters  and  the  load  on  the  fuselage 
component  is  the  sum  of  the  three  complicated  functions.  The  complication 
inherent  in  the  calculation  of  the  single  load  is  compounded  when  the  spectrum 
of  this  load  is  desired  and  it  must  be  derived  from  knowledge  of  the  statistics 
of  each  of  the  parameter.,  entering  into  the  calculation  of  the  desired  load. 

Some  idea  of  the  scope  of  the  problem  can  be  obtained  from  the  work  by  Bouton 
and  Scrooc  (ref.  2)  for  a  two  element  structure  and  by  Bouton  and  Shirley  (ref.  3) 
for  a  16-element  structure. 

The  immensity  of  the  task  is  compounded  again  when  the  spectrum,  of  the 
loading  at  a  single  point  is  expanded  to  include  the  thousands  of  points  all  over 
the  aircraft.  Spectra  for  these  thousands  of  points  are  needed  because  each  of 
these  points  must  be  individually  investigated  to  determine  the  fatigue  failure 
rate  at  each  point  and  from  this  the  airplane  failure  rate  and  structural 
reliability.  This,  then,  completes  the  picture  of  what  psrameters  are  needed  to 
define  the  loading  spectra  for  fatigue  analysis  for  an  aircraft. 
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SOURCES  FOR  SPECTRA  PARAMETERS 


The  data  sources  for  establishing  the  above-mentioned  parameters  are  many 
and  varied.  Past  vrork  on  the  subject  is  well  known  to  aeronautical  engineers 
and  will  not  be  considered  at  length  here  except  to  mention  a  few.  Work  such  as 
Doolittle’s  (ref.  4),  Rhode’s  (ref.  5)>  Doneiy’s  (ref.  6),  Reynolds  (ref.  ?), 

Gray’s  (ref.  8),  Press  and  Mazelsky’s  (ref.  9)»  Mayer  and  Hamer’s  (ref.  10), 

Hamer,  Huss,  and  Mayer’s  (ref.  11),  Sissenwine’s  (ref.  12),  Barrettes  (ref.  13), 
Clement son’s  (ref.  14),  and  others  have  contributed  much  to  the  store  of  statis¬ 
tical  knowledge. 

Despite  all  these  efforts  in  the  past,  we  simply  do  not  have  enough  infor¬ 
mation  to  design  an  aircraft  on  a  statistical  basis.  From  the  best  information 
available  there  is  no  indication  that  any  operational  airplane  has  used  statis¬ 
tical  data  as  the  sole  basis  for  structural  design.  Another  indication  of  this 
is  the  action  taken  by  the  NACA  Loads  Subcommittee  in  1954*  A  Special  Panel  was 
established  to  recommend  to  the  Subcommittee  what  action  should  be  taken  regarding 
statistical  maneuver  loads.  Included  in  the  recommendations  of  the  Panel,  which 
were  endorsed  by  the  full  Subcommittee,  was  one  that  a  joint  Military-NACA 
program  be  established  to  measure  statistically  eight  parameters  chosen  to  establish 
the  motion  of  the  aircraft  and  the  aerodynamic  conditions  during  the  motion.  These 
eight  parameters  were  the  three  angular  accelerations,  the  three  linear  acceler¬ 
ations,  airspeed  and  altitude.  Also,  the  panel  recommended  that  NACA  do  more 
research  on  fundamental  criteria  problems. 

This  eight-channel  program  gathered  momentum  slowly  in  the  years  following 
until  the  recent  impetus,  given  by  the  fatigue  failures  described  in  previous 
papers,  necessitated  quick  action  on  the  subject.  As  a  result  money  became 
available  to  implement  the  program.  An  eight-channel  recorder  was  brought  to  the 
prototype  stage  and  the  remainder  of  the  program,  originally  suggested  by  the 
Special  Panel,  is  currently  being  implemented.  The  reduction  of  the  eight-channel 
data  to  desired  form  is  being  implemented  as  a  joint  Air  Force-Navy-NASA  program. 

A  facility  with  a  large  digital  computer  and  necessary  analog  equipment  will  be 
put  under  contract  in  the  near  future.  This  facility  will  be  operated  under 
cognizance  of  the  Bureau  of  Aeronautics.  It  is  expected  to  require  full  time 
operation  simply  to  keep  up  with  the  data  received  from  the  240  Air  Force  eight- 
channel  recorders  and  the  50  Navy  recorders.  This  information  will  all  go  into 
a  common  pool  and  will  be  accumulated  as  appropriate  to  class  of  aircraft,  mission, 
etc.  Some  idea  of  the  magnitude  of  the  job  is  that  the  present  data  reduction 
program  established  over  13,000  separate  combinations  of  flight  conditions  that 
will  be  recorded  and  accumulated  for  statistical  analysis. 

Norair  was  awarded  a  contract  by  WADC  to  review  the  eight-channel  program 
already  established,  recommend  improvements  and  determine  the  ultimate  objective 
of  a  structural  criteria.  This  study  is  principally  directed  towards  maneuver 
loads.  However,  the  end  product  should  be  one  in  which  both  maneuver  and  gust 
loadings  can  be  fitted  together  in  determining  the  loading  spectrum  for  any  given 
type  of  aircraft.  There  are  many  other  studies  in  the  total  WADC  program.  One 
of  major  interest,  in  connection  with  the  subject  of  this  paper,  is  the  program 
by  Douglas  to  review  all  of  the  past  data  and  determine  applicable  methods  for 
converting  this  data  into  loading  spectra. 

In  addition  to  the  eight-channel  program,  the  Air  Force  is  instrumenting 
2400  airplanes  for  a  VGH  program  set  up  explicitly  to  obtain  fatigue  information 
on  gusts  and  landing  conditions.  Additional  data  has  been  obtained  from  airplanes 
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such  as  the  B-47*s  and  FJ-4’s.  Furthermore,  NASA  is  currently  in  the  final  stage 
of  a  report  on  the  F-84,  giving  a  large  amount  of  statistical  data.  In  addition, 
F-100  data  is  being  worked  up  on  the  basis  of  the  information  that  will  be  avail¬ 
able  from  the  eight-channel  program.  This  analysis  is  to  show  what  kind  of  infor¬ 
mation  can  be  derived  from  the  eight-channel  recorder  program. 

In  recent  years  it  has  become  apparent  that  information  on  low  altitude 
gusts  is  necessary  for  military  operations  and  various  procedures  have  been 
followed  to  obtain  this  data.  Norair  had  a  contract  to  measure  low  altitude  gusts 
with  the  F-89  and  published  this  data  in  reference  13.  Subsequent  to  this,  WADC 
contracted  with  Douglas  to  obtain  low-altitude  gust  data  on  the  RB-66.  This 
operation  is  currently  in  progress.  Gust  analysis  has  become,  almost  universally, 
one  of  establishing  the  power-spectral  density  of  the  atmosphere.  This  stems  from 
work  done  by  Press  and  Mazelsky  (ref.  9) ,  Clementson  (ref.  14),  Bendat  (ref.  15)  > 
and  others. 

There  eve  many  other  sources  of  statistical  loading  data  for  aircraft,  but 
time  prohibits  noting  them  all.  Unfortunately,  much  of  the  early  statistical  data 
is  not  in  a  form  amenable  for  use  in  establishing  fatigue  spectra.  The  reduction 
of  all  of  the  statistical  data  that  has  been  and  is  being  generated  into  maneuver, 
gust,  and  ground  loading  spectra  is  a  big  enough  problem  to  warrant  a  paper  on 
this  subject  alone. 


SYNTHESIS  OF  SPECTRA  FOR  NEW  SYSTEMS 

In  the  Introduction  it  was  stated  that  nThe  basic  objective  of  structural 
design  criteria  is  to  formulate  requirements  for  a  structure  that  will  reliably 
attain  a  specified  operational  life."  In  order  to  formulate  these  requirements, 
how  the  spectrum  should  be  defined  in  order  to  accomplish  what  purpose  must  be 
known.  It  follows  that  a  rational  loading  spectrum  is  one  which,  if  designed  for 
in  the  structure  proper,  will  result  in  a  structure  which  has  the  required  lifetime. 
The  determination  of  this  spectrum  is,  on  the  surface,  relatively  easy,  but  in 
practice  it  will  be  extremely  difficult. 

It  seems  to  be  a  general  belief  that  a  simple  spectrum  consisting  of 
frequency  of  attaining  a  load  factor  as  a  function  of  the  load  factor  is  all  that 
is  needed  to  define  the  fatigue  environment  for  an  aircraft  structure.  This  is 
simply  not  the  case.  Fatigue  is  a  condition  which  occurs  at  a  point  in  the  struc¬ 
ture  and,  therefore,  must  be  the  result  of  the  lifetime  loading  history  at  that 
point.  It  is  a  truism  that  no  structural  component  of  any  aircraft  has  ever  failed 
in  fatigue  because  the  frequency  of  occurrence  of  various  center  of  gravity  load 
factors  has  been  excessive.  There  is  no  way  to  determine  the  fatigue  life  of  a 
composite  structure  except  by  determining  the  fatigue  life  of  the  basic  structural 
elements  of  that  composite  structure.  This  requires  knowledge  of  the  loading 
spectrum  of  each  of  those  basic  elements. 

Loading  spectrum  is  used  here  with  a  much  less  restrictive  meaning  than  is 
common.  MLoading  Spectrum”  is  assumed  to  mean  not  only  the  frequency  of  occurrence 
of  a  given  load;  but,  also,  the  type  of  load-tension,  compression,  shear,  etc.,  the 
order  of  occurrence  of  these  loads,  and  the  probability  of  encountering  a  different 
frequency  of  occurrence.  This  definition  of  loading  spectrum  and  an  understanding 
of  the  fatigue  process  in  aircraft  leads  to  another  interesting  observation:  In 
order  to  determine  the  fatigue  life  of  a  structural  element,  it  is  necessary  (1)  to 
define  the  loading  history  of  that  element  at  any  time  during  its  life,  and  (2)  to 
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determine  the  probability  of  encountering  loads  of  various  magnitudes  at  that 
particular  time  in  the  elements  history.  The  statement  above  contains  the  inherent 
assumption  that  fatigue  life  is  defined  -  not  as  a  number  of  hours  that  a  struc¬ 
tural  element  will  survive,  period,  but  -  as  the  probability  that  the  element  will 
survive  any  given  number  of  hours. 

With  these  ground  rules  understood  to  be  established,  the  analytical  techniques 
necessary  to  define  the  loading  spectrum  for  an  aircraft  structural  element  may  be 
explored.  First,  it  should  be  said  that  designers,  analysts,  and  those  responsible 
for  establishing  criteria  do  not  fully  appreciate  the  immensity  of  the  task  of 
specifying  and  being  able  to  develop  the  loading  spectrum  for  each  of  the  myriad 
structural  elements.  This  spectrum  is  the  end  result  of  a  long  chain  of  calcula¬ 
tions  starting  with  the  determination  of  the  spectra  of  various  aircraft  parameters. 
These  airplane  parameter  spectra,  in  turn,  must  be  derived  from  definition  of  the 
mission  of  the  aircraft. 

The  starting  point  of  a  fatigue  design  criteria  is  obviously  an  abundance  of 
statistics.  It  is  assumed  the  sources  for  spectra  parameters,  discussed  in  a 
previous  section,  plus  other  new  sources  of  data,  will  continue  to  develop  statis¬ 
tical  data  of  the  type  described  in  the  section  on  parameters  required  for  loading 
spectra.  Someday  there  will  be  sufficient  data  available  to  meet  the  requirements 
of  the  analysis  described  in  this  paper.  When  that  day  arrives,  it  is  hoped  that 
the  capability  of  the  analyst  to  utilize  such  data  has  increased  commensurately. 

To  date,  there  have  been  many  researchers  in  this  field  of  fatigue  design  criteria, 
but  each  one  has  tackled  only  a  small  portion  of  the  total  problem. 

Mayer  and  Hamer  (ref.  10)  have  considered  the  problem  of  rationalizing  the 
load  spectrum  from  knowledge  of  the  mission  of  the  aircraft  and  the  utilization  of 
the  aircraft  in  various  phases  of  that  mission.  Bvuton  and  Scrooc  (ref..  2),  and 
Mayer,  Stone  and  Hamer  (ref.  16)  have  examined  the  problem  of  deriving,  statis¬ 
tically,  major  component  loads.  Bouton  and  Shirley  (ref.  3),  and  Hilton  and 
Feigen  (ref.  17)  have  looked  into  some  aspects  of  the  loading  spectrum  for  structural 
elements.  References  2,  3,  17,  English  in  reference  18,  Freudenthal  in  reference  19, 
Pugsley  in  reference  20,  and  van  der  Neut  in  reference  21  all  analyze  the  failure 
rate  of  components  and  from  this  derive  the  total  failure  rate  of  the  aircraft. 

Some  of  these  references  included  the  effects  of  scatter  in  strength  properties 
while  some  did  not.  Reference  16  takes  up  the  question  of  the  effect  of  confidence 
limits  on  the  load  spectra.  Reference  19  studies  the  probability  of  failure  under 
fatigue  conditions. 

Each  of  the  reports  mentioned  above  only  begins  the  investigation  necessary 
before  the  techniques  described  can  become  routine  tools  of  the  analyst.  No  one 
has  performed  the  task  of  integrating  all  these  partial  analyses  into  a  complete 
analysis  of  structural  reliability  under  fatigue  failure  conditions.  Until  such  a 
study  is  undertaken  and  all  the  requirements  for  loading  spectra  defined,  there 
will  be  some  uncertainty  as  to  whether  the  present  efforts  are  progressing  in  the 
proper  direction.  Thermal  effects  on  structural  reliability  are  considered  to  be 
beyond  the  scope  of  the  present  paper. 

At  this  time,  it  is  of  interest  to  consider  the  spectra  presented  in  the 
proposed  fatigue  design  criteria,  MH-A-8866.  The  -88 66  spectra  represent  a  consid¬ 
erable  advance  in  the  problem  of  designing  rationally  to  avoid  fatigue  failures. 
However,  these  spectra  and  the  other  requirements  of  -8866  are  not  sufficient  to 
obtain  the  freedom  from  fatigue  failures  that  is  desired.  Consider  the  case  of  a 
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population  of  single  elements,  each  of  which  has  a  50  percent  probability  of 
survival  for  a  given  time.  Under  these  circumstances,  approximately  63  percent 
of  the  elements  will  have  failed  at  the  end  of  the  given  time.  By  analogy  this 
can  be  extended  to  the  failure  rate  of  aircraft  designed  for  a  specified  number 
of  flight  hours  and  the  load  factor  spectrum  of  -8866.  Since  the  -8866  spectra 
represent  averages,  might  be  expected  that  63  percent  of  the  aircraft  desigted 
to  MIL-A-8866  will  fail  sometime  before  the  specified  number  of  hours  have  elapsed. 
This  assumes  the  fatigue  analysis  is  precise  and  that  critical  components  are  not 
replaced.  The  average  time  to  fail  may  not  be  much  less  than  the  specified  time, 
so  the  resulting  effects  on  fleet  cost,  combat  readiness,  spares  requirements,  and 
model  life  span  may  be  small.  Nevertheless,  the  average  life  will  be  less  than  the 
specified  life,  even  with  perfect  analysis  techniques. 

To  summarize,  the  requirements  for  synthesizing  loading  spectra  for  new 
systems  and  the  problems  involved  in  calculating  such  spectra  appear  to  be  over¬ 
whelming. 


FORMULATION  OF  FATIGUE  DESIGN  CRITERIA 

The  objective  of  a  fatigue  design  criteria  is  to  provide  an  aircraft  structure 
which  will  not  fail,  except  in  minor,  inconsequential,  easily  repairable  ways, 
during  the  lifetime  of  the  aircraft  which  performs  its  specified  mission.  Regard¬ 
less  of  whether  or  not  the  state  of  the  art  can  provide  such  capability,  the 
objective  above  should  be  the  stated  intent  of  the  criteria.  If,  as,  and  when  the 
capability  is  developed  to  synthesize  loading  spectra  and  to  analyze  accurately 
the  fatigue  strength  and  reliability  of  the  structure,  then  fatigue  design  criteria 
can  be  rationally  specified.  Until  that  time,  certain  portions  of  the  problem  can 
be  defined  well  enough  so  that  the  designer  and  analyst  can  eliminate  the  large 
majority  of  fatigue  failures. 

Because  of  the  present  state-of-the-art,  the  actual  specification  of  fatigue 
design  criteria  should  be  stated  in  as  general  terms  as  possible  with  specific 
methods  for  accomplishing  the  stated  objectives  left  to  the  designer.  It  is 
suggested  that  the  specification  contain  only  the  basic  requirements  such  as  desired 
life,  quantitative  definition  of  structural  reliability,  policy  decisions  on  matters 
of  the  relation  between  structural  reliability  and  total  system  reliability  and 
performance,  need  for  establishing  secondary  missions,  etc.  A  fundamental  decision 
must  be  made  on  whether  there  shall  be  one  requirement  for  average  life  and  another 
requirement  for  safe  life.  Further,  it  is  suggested  that  a  Criteria  Manual  be 
published  which  discusses  and,  as  appropriate,  presents  the  basic  numerical  data 
required  to  synthesize  loading  spectra  and  acceptable  methods  for  performing  the 
fatigue  analysis.  Criteria  which  results  from  considerations  of  optimizing  the 
structure  have  no  place,  in  the  criteria  specification,  but  optimization  procedures 
could  logically  be  included  in  the  Manual. 

It  should  be  understood  that,  no  matter  how  carefully  the  fatigue  design 
criteria  is  phrased,  the  state-of-the-art  is  not  such  that  all  fatigue  failures  can 
be  eliminated.  Elimination  of  the  majoiity  of  fatigue  failures  is  a  more  realistic 
objective.  If  the  criteria  is  complicated  too  much  in  the  vain  attempt  for  perfec¬ 
tion,  losses  rather  than  gains  may  result  in  the  fight  against  fatigue  failures. 

Above  all,  the  fatigue  design  criteria  should  not  take  form  such  that 
tomorrow’s  aircraft  are  being  designed  to  overcome  yesterday’s  problems. 
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SUMMARY 


The  following  summarizes  the  major  subjects  discussed  in  this  paper: 

1.  Previous  specifications  for  structural  design  criteria  presented  fatigue 
requirements  qualitatively  and  implicitly.  Quantitative  and  explicit  requirements 
are  needed  now. 

2.  Elimination  of  the  majority  of  fatigue  failures  is  a  reasonable  objec¬ 
tive  for  fatigue  design  criteria,  but  complete  elimination  is  not. 

3.  The  relationship  between  adventitious  and  fatigue  failures  is  discussed. 
It  is  noted  that,  literally,  there  is  no  such  thing  as  a  fatigue  failure. 

4*  Synthesis  of  spectra  is  a  colossal  task,  but  it  can  be  done. 

5.  There  is  still  a  need  for  a  large-scale  program  to  gather  statistical 
data  for  loading  spectra.  Much  more  research  is  necessary  on  methods  for  utilizing 
the  statistical  data  in  the  design  criteria. 

6.  Statistical  data  on  the  eight  parameters  established  for  the  present 
eight-channel  data  recording  program  form  the  minimum  basis  for  a  rational  fatigue 
criteria. 


7*  The  concept  is  established  that  fatigue  is  a  localized  condition  so 
loading  spectra  for  a  myriad  of  structural  elements  must  be  the  end  product  of  the 
basic  loading  spectra  for  the  complete  aircraft. 

8.  The  loading  spectra  really  must  establish  two  functions.  First,  the  past 
history  of  an  aircraft  at  any  time  in  its  life  must  be  determinable  statistically 
in  order  to  determine  the  probable  strength  level  (fatigue  damage)  of  the  struc¬ 
tural  elements  at  all  times  during  the  lifetime  of  the  aircraft.  Second,  the 
probability  of  encountering  a  given  magnitude  load  at  any  given  time  in  the  history 
of  the  component  must  be  known  in  order  to  compute  the  probability  of  failure  at 
any  given  time.  The  aircraft  probability  of  failure  and  its  inverse,  structural 
reliability,  are  the  sum  total  of  all  the  probabilities  of  failure  during  the 
previous  history  of  the  aircraft. 

9.  Many  decisions  are  needed  regarding  fundamental  questions  of  design 
objectives. 

10.  It  is  suggested  that  a  Fatigue  Criteria  Manual  be  established  to  present 
numerical  data  on  the  various  phases  of  aircra.lt  utilization  and  acceptable  pro¬ 
cedures  for  synthesizing  the  loading  spectra. 

H.  Fatigue  analysis  with  the  loading  spectra  of  MIL-A-8866  will  necessarily 
be  imperfect.  Component  and  elemental  load  spectra  cannot  be  determined  with  only 
load  factor  spectra  defined.  The  average  life  resulting  from  use  of  the  present 
spectra  will  result  in  fatigue  failures  at  some  time  less  than  that  specified. 

12.  Some  new  concepts  are  introduced  and  some  old  ones  restated.  Some  of 
these  concepts  may  be  controversial.  In  any  event,  it  is  hoped  that  presentation 
of  these  concepts  will  stimulate  rational  thinking  on  the  subject. 
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ABSTRACT 

Past  and  present  fatigue  design  requirements  for  air¬ 
frame  structures  are  Briefly  reviewed.  The  present  evalua¬ 
tion  approaches  for  satisfying  these  design  requirements,  to 
assure  safe  and  reliable  structures,  are  outlined  and  discus¬ 
sed.  Future  fatigue  design  requirements  are  proposed  with 
particular  emphasis  on  the  considerations  of  airframes  opera¬ 
ting  at  high  temperature.  Speculations  are  made  only  as  to 
the  influence  some  space  environments  will  have  upon  fatigue 
characteristics  of  structural  elements.  The  closing  section 
presents  a  few  numerical  examples  in  evaluating  the  useful 
life  of  present  and  near -future  vehicles. 


INTRODUCTION 


The  fatigue  design  philosophy  of  past  and  present  aircraft  structures  is  pre¬ 
sented.  Initially,  the  fatigue  life  of  elements  of  the  basic  structure  of  a  vehi¬ 
cle  are  evaluated  by  means  of  comparative  and/or  spectrum  testing.  Joints,  sub- 
assemblies,  and  major  components  are  tested  and  compared  -with  these  basic  elements. 

In  some  cases,  the  complete  airframe  is  tested  for  final  design  confirmation. 

This  kind  of  evaluation  has  resulted  in  the  achievement  of  the  present  day  fa¬ 
tigue  design  rules  and  requirements.  By  taking  full  advantage  of  available  theo¬ 
retical  knowledge  and  practical  experience,  today's  designer  can  now  create  effi¬ 
cient  aircraft  structures  which  are  both  safe  and  reliable.  These  requirements  are 
appropriate  whether  in  regard  to  commercial  operation  or  in  regard  to  effective 
military  use. 

It  is  believed  that  a  successful  transition  can  now  be  made  for  the  fatigue  de¬ 
sign  of  the  air  and  space  vehicles  of  the  future.  However,  in  preparing  the  cri¬ 
teria  for  the  structural  fatigue  requirements  of  future  air  and  space  vehicles,  it 
will  be  essential  to  employ  the  information  gained  from  the  design,  construction, 
and  operation  of  vehicles  that  are  already  in  service.  Undoubtedly,  there  will  be 
certain  transitional  and  environmental  changes  from  the  present  to  the  future  de¬ 
signs  that  will  expand  the  fatigue  problem.  Nevertheless,  the  basic  design  rules 
for  structurally  efficient  members  will  be  similar  whether  the  vehicle  mission  be 
intercontinental,  to  the  fringe -of -space,  or  that  of  a  re-entry  satellite. 

Although  it  is  not  possible  to  present  in  this  paper  the  fatigue  test  experi¬ 
ence  and  evaluation  of  a  full-scale  future  space  vehicle,  it  is  believed  that  it 
may  be  possible  to  offer  an  outline  and  approach  to  the  problem  that  may  not  be 
generally  familiar.  Of  particular  importance,  for  future  research  and  testing  at 
elevated  temperatures,  is  the  manner  in  which  the  tests  are  to  be  conducted.  This 
point  is  stressed  in  the  paper.  It  will  be  shown  by  way  of  numerical  examples  how 
the  fatigue  evaluation  of  a  few  hypothetical,  near  future,  vehicles  might  be  made. 
Speculations  about  far-future  vehicles  are  made  only  as  to  their  environmental  con¬ 
ditions  for  the  purpose  of  further  stimulating  such  considerations. 

GENERAL  FATIGUE  DESIGN  REQUIREMENTS  FOR  AIRCRAFT 

In  both  past  and  current  design  philosophies  the  most  important  factors  found 
to  affect  structural  safety  and  service  life  are  material  behavior,  fabricating  con¬ 
ditions,  stress  concentrations,  operating  environment,  and  working  stress  levels. 

Some  of  these  items  have  not  been  reliably  accounted  for  by  accepted  procedures  of 
stress  analysis  and  test.  Improved  methods  of  design  evaluation  which  properly  ac¬ 
counts  for  these  factors  will  always  be  needed.  The  need  for  a  reliable  and  com¬ 
prehensive  measure  of  design  quality  can  be  further  emphasixed  by  some  service  ex¬ 
periences.  For  instance,  it  is  known  that  airframe  structures  may  be  designed  at 
the  same  experience  level,  to  the  same  standards,  and  with  the  same  objectives,  but 
the  actual  performance  of  many  individual  designs  will  vary  widely,  even  for  the 
same  kind  of  vehicle. 

The  primary  and  basic  objective  to  be  attained  is  that  all  parts  have  a  life  ex¬ 
pectancy  that  exceeds  the  useful  life  of  the  airplane.  Most  parts,  e/en  though  they 
are  highly  stressed,  highly  efficient  designs,  do  this  very  adequately  indeed;  while 
some  fail  after  short  periods  of  service.  Basic  continuous  structure,  for  example, 
has  performed  satisfactorily  on  many  airplanes  with  service  times  ranging  from 
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20,000  to  60,000  hours.  In  other  cases,  failures  in  detail  parts  have  occurred 
within  service  periods  as  short  as  1,000  to  10,000  hours.  The  design  of  struc¬ 
tures  requires  a  combination  of  theoretical  work  and  practical  knowledge  gained 
through  service  experience  and  laboratory  testing.  Extensive  and  important  re¬ 
search  efforts  to  provide  basic  data  necessary  for  the  design  of  structures  sub¬ 
jected  to  dynamic  loading  are  being  carried  out  in  two  major  fields;  the  fatigue 
properties  of  materials,  and  the  load  environment  to  which  airframes  are  exposed. 

Probably  because  of  the  inadequate  performance  of  some  structures  in  service, 
research  activities  have  been  extended  beyond  the  work  on  basic  data  to  include  the 
evaluation  of  simple  and  complex  structural  designs  and  the  estimation  of  the  life 
of  aircraft  structures  in  service.  Such  estimates  of  structure  life  are  based  on 
assumptions  of  design  quality  expressed  in  terms  of  theoretical  stress  concentra¬ 
tion  factors  (K^),  or  experimental  factors  (K  ),  and  are  limited,  therefore,  to  the 
characteristicsof  particular  designs.  In  addition,  fatigue  life  calculations  are 
subject  to  large  inaccuracies  because  of  unknowns,  inexact  simplifying  assumptions, 
(which  may  be  quite  adequate  for  static  analysis)  and  variations  in  behavicr  resul¬ 
ting  from  scatter,  test  technique,  and  other  causes.  As  a  result,  estimates  of  fa¬ 
tigue  life  can  easily  be  in  error  by  a  factor  of  ten  or  more.  This  order  of  scat¬ 
ter  is  not  necessarily  experienced,  however,  for  carefully  conducted  tests.  Vari¬ 
ous  types  of  fatigue  tests,  such  as  single  load  level,  programmed  load  and  fre¬ 
quency,  and  the  quasi -random  applied  load  and  frequency  type  have  shown  test  scat¬ 
ter  no  greater  than  1.0  to  2.5.  In  the  majority  of  simple  element  tests,  the  test 
scatter  has  been  in  the  order  of  1.0  to  1.8. 

Methods  of  treating  scatter,  as  far  as  test  evaluations  are  concerned,  can  be 
simply  and  reliably  handled  in  a  variety  of  ways.  One  of  the  more  common  methods 
is  the  Least-of-Four  principle,  (reference  l).  An  alternate  method,  based  on  a  pre¬ 
selected  probability  level,  is  as  that  shown  in  Figure  1.  Figure  2  indicates  the 
service  fauigue  cracking  of  a  fail-safe  design  component  after  high  time  exposure. 

It  should  be  noted  that  for  the  rather  limited  load  range  of  vehicles  of  the  com¬ 
mercial  category  the  scatter  in  service  experience  may  be  rather  low;  1.0  to  1.1+ , 
for  example.  This  very  brief  chronology  of  the  fatigue  design  developments  thau 
have  transpired  in  the  past  few  years  is  given  as  a  prologue  to  the  design  philo¬ 
sophy  that  is  constantly  developing  and  improving  the  rather  simple  yet  adequate 
rules  and  requirements.  Prior  to  a  discussion  of  the  future  fatigue  design  re¬ 
quirements,  a  presentation  will  be  made  of  the  more  familiar  and  presently  used  e- 
valuation  methods.  These  methods  are  discussed  in  the  following  section. 

In  summary,  the  consideration  of  reliability  and  safety  of  the  airplane  for  its 
crew  and  passengers  is  so  important  that  design  thinking  should  extend  beyond  any 
test  or  stress  level  criteria.  The  arrangement  of  the  structure  must  be  such  that 
it  is  safe  by  its  very  nature,  rather  than  merely  strong  enough. 

The  general  fatigue  design  requirements  for  reliability  of  past  and  present  air¬ 
craft  structures  are,  (reference  2); 

1.  Provide  optimum  structural  arrangements  which  ensure  structural  integrity 
through  multiple  load  path,  fail-safe  construction. 

2.  Give  the  fullest  attention  to  detail  design,  employing  the  latest  knowledge 
and  techniques  available. 

3.  Provide  for  adequate  inspection  so  that  any  cracks  may  be  discovered  by 
routine  inspection  before  strength  is  reduced  appreciably. 

4.  Provide  for  periodic  replacement  of  critical  parts  where  necessary. 

5.  Provide  dual  safety  for  pressurized  windows,  windshields,  and  canopies. 
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FIGURE  2 

Service  Fatigue  Cracks  in  Nose  Wheel 
landing  Gear  Yokes 


6.  For  pressurized  cabins,  provide  designs  which  restrict  crack  propagation 
{including  fast  cracking  or  tearing  induced  by  foreign  object  penetration) 
sufficiently  to  avoid  explosive  decompression  at  working  stress  levels. 

7-  Maintain  design  stresses  at  or  below  values  established  as  satisfactory  by 
structural  service  performance  when  evaluated  on  a  comparable  basis. 

8.  Provide  structure  which  will  not  be  susceptible  to  high  frequency  vibration 
in  the  vicinity,  or  in  the  wake  of  jet  nozzles,  propellers,  or  turbofans. 

9.  Design  for,  and  adequately  evaluate,  fatigue  resistance. 

EVALUATION  METHODS 

The  types  of  evaluation  methods  that  presently  are  being  used,  with  varying  de¬ 
grees  of  success,  are  outlined  in  the  block  diagram  of  Figure  3*  These  methods  are 
proposed  for  fatigue  evaluations  and  requirements  of  near -future  vehicles. 

Brief  descriptions  of  the  evaluation  methods  are  presented  with  illustrative 
and  numerical  examples  given  in  the  appendix. 

1.  The  design  comparison  method  is  a  technique  that  combines  available  sources  of 
pertinent  knowledge  in  a  form  such  that  the  designer  can  test  a  part  and  then  be  able 
to  evaluate  its  probable  success  in  service,  (reference  2).  The  principle  is  simply 
stated.  A  range  of  S-N  relationships  will  be  established  employing  the  fatigue  forces 
to  be  experienced  and  the  fatigue  strength  of  many  parts  for  which  the  service  ex¬ 
perience  is  known.  Designs  will  be  compared  with  this  range  in  the  laboratory. 

This  principle  is  based  on  the  assumption  that  if  a  part  is  known  to  be  trouble-free 
in  service,  and  laboratory  tests  of  a  new  design  show  it  to  be  as  good  or  better, 
then  the  new  design  will  probably  be  successful  in  service.  Conversely,  if  a  part 
is  known  to  be  subject  to  fatigue  cracking  in  service,  and  a  new  design  is  no  better 
by  test,  the  new  design  will  probably  be  unsuccessful.  This  criterion,  established 
by  successful  designs,  can  be  represented  graphically  as  shown  by  the  envelope  in 
Figure  4.  Laboratory  tests  should  duplicate  as  nearly  as  practical  the  flight  load¬ 
ing  experience.  Tests  should  be  run  at  a  constant  mean  stress  corresponding  to  the 
1G  stress  level  in  the  airplane  with  variations  corresponding  to  damage  from  gust 
and  maneuver  induced  loads.  For  some  categories,  loads  other  than  gusts  and  maneu¬ 
vers  may  be  used  to  define  the  critical  loads  and  comparison  criterion.  The  applica¬ 
tion  and  limitations  of  the  comparative  method  are  discussed  in  the  appendix  1  ex¬ 
ample  . 

2.  Currently,  it  is  the  general  belief  that  environmental  spectrum  testing  is  the 
most  rational  approach  to  adequately  evaluate  structural  fatigue  strength.  Unfor¬ 
tunately,  this  type  of  laboratory  performance  testing  is  rather  time-consuming  and 
costly.  For  this  reason,  concerted  efforts  are  being  made  to  devise  simplification 
techniques  that  will  impose  the  same  type  and  kind  of  damage  in  a  much  shorter  period 
of  time.  Evaluation  of  present  data  indicates  conflicting  results  in  the  attainment 
of  this  goal. 

The  spectrum  testing  of  programmed  cycles  of  loads  taken  from  flight  test  data 
would  appear  to  be  a  desirable  technique  to  use.  However,  as  it  has  often  been 
pointed  out,  it  is  no  more  accurate  than  the  simplifying  assumptions  that  have  been 
made  in  reducing  or  interpreting  the  actual  flight  records.  Nevertheless,  this  method 
is  proposed  for  future  air  and  space  vehicle  structure  tests  whether  flight  loads 
are  obtained  from  actual  records  or  by  analytical  means.  Further,  it  is  believed 
that  laboratory  spectrum  testing  properly  carried  out  will  be  the  only  valid  proof 
of  an  assessment  of  useful  structural  life  for  future  vehicles.  That  this  is  so  will 
become  apparent  when  the  complex  effect  of  high  temperatures  is  introduced  in  com¬ 
bination  with  the  loading  of  service  usage.  A  numerical  example  of  a  laboratory 
spectrum  test  is  given  in  Appendix  2. 
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STRUCTURAL  FATIGUE  STRENGTH  EVALUATION 
(METHODS  OF  APPROACH) 


(Theoretical ) 

Spectrum  Loading  Methods  - 
Analytical  or  Test 

1 .  simplified 

2 .  complex 


3.  The  third  evaluation  method  to  he  considered  is  .fundamentally  the  same  as  the 
spectrum  method  diagrammed  in  Figure  3>  with  the  exception  that  the  service  loads 
are  unknown.  This  method  is  reserved  for  those  future  design  categories  where  the 
anticipated  loads  and  environments  are  primarily  theoretically  derived.  The  infor¬ 
mation  necessary  to  provide  satisfactory  rules  for  all  of  the  parameters  involved 
in  conditions  such  as  these  is  not  yet  available.  These  factors  are  discussed  in 
the  following  sections  on  future  fatigue  design  requirements. 

FUTURE  FATIGUE  DESIGN  REQUIREMENTS 

It  appears  that  ample  criteria  and  reliable  evaluation  methods  can  be  made  a- 
vailable  and  that  future  aircraft,  missile  and  space  vehicle  structures  can  be  de¬ 
signed  to  safely  withstand  the  anticipated  loads  even  though  fatigue  failures  may 
occasionally  occur.  The  fatigue  design  criteria  for  vehicles  of  the  future  will  be, 
in  many  respects,  the  same  as  they  have  been  in  the  past.  The  wide  variability  in 
the  results  of  the  fatigue  evaluation  of  our  structures  has  been  due  primarily  to 
our  inability  to  accurately  establish  the  environment.  A  good  example  of  such  vari¬ 
ability  can  be  shown  by  some  recent  tests  conducted  at  RASA,  formerly  NACA,  (refer¬ 
ence  3)*  On  aluminum  alloys,  it  was  found  that  the  ratio  of  fatigue  lifes  for  speci¬ 
mens  tested  inside  the  laboratory  to  those  tested  in  the  field  are  as  great  as  3  t  1. 
This  difference  was  found  for  a  testing  period  extending  from  one  to  six  months. 

The  difference  probably  would  have  been  much  greater  if  it  had  been  feasible  to  con¬ 
duct  the  tests  over  a  much  longer  period  -  say,  one  to  two  years.  The  continuing 
deleterious  effect  of  corrosion  during  the  use  of  a  vehicle  is  believed  to  have  an 
extremely  important  influence  on  its  useful  life. 

Increased  effort  will  be  necessary  in  defining  and  obtaining  the  magnitude  of 
the  loads,  and  more  attention  should  be  directed  to  the  proper  use  and*inclusion  of 
corrosive  mediums  in  accelerated  fatigue  testing.  Additional  emphasis  will  be  plac¬ 
ed  on  such  thermally  activated  mechanisms  as  creep,  stress  rupture,  thermal  stress¬ 
ing,  thermal  shock,  and  their  combined  interaction  and/or  accummulated  effect  with 
mechanical  load  stressing.  More  attention  will  be  required  in  the  design  of  the 
experiments  and  in  the  techniques  used  to  evaluate  the  results. 

The  design  criteria  for  the  fatigue  effects  due  to  isothermal -repeated  loading 
or  for  cyclic  temperatures  under  sustained  loading  will  reflect  the  effects  of  these 
new  environments.  For  example,  long  before  fati6ue  cracking  can  occur  in  such  cases 
there  may  have  been  cyclically  accumulated  deformation  and  permanent  set  at  joint 
bolt  holes,  Figure  5*  Fatigue  failure  of  a  structure  usually  connotes  that  crack¬ 
ing  has  occurred]  in  this  case,  however,  no  detectable  cracking  is  present,  yet  re¬ 
peated  stressing  has  produced  an  unacceptable  deformation.  A  basic  design  criterion 
for  repeated  or  creep-fatigue  loading  is  that  no  detrimental  permanent  set  (practi¬ 
cally  defined)  shall  develop  during  the  useful  life  of  the  vehicle.  In  other  cases, 
however,  thermal  cycling  can  result  in  fatigue  cracking  in  the  usual  sense  (Figure 
11). 


There  have  been  a  considerable  number  of  high  temperature  investigations  con¬ 
cerning  the  fatigue  of  materials.  These  investigations  have  included  the  effects 
of  cycling  loads  at  constant  temperatures  as  well  as  cycling  temperatures  with  cy¬ 
clic  loads.  However,  considerably  less  of  this  type  of  data  can  be  found  on  tests 
of  actual  structures.  No  data  can  be  found  on  built-up  high  temperature  structures 
where  the  effects  of  speed  or  rate  of  cyclical  loading  was  investigated.  See  ex¬ 
ample  in  Figure  6.  There  are  many  high  frequency  applications  where  this  effect 
may  not  be  significant  in  design.  However,  for  many  vehicle  airframe  structures 
it  io  believed  that  speed  of  testing  will  have  to  be  changed  to  include  the  impor¬ 
tant  relaxation  and  time  at  temperature  parameters.  Spectra  will  have  to  be 
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expanded  for  the  attainment  of  an  efficient  design,  since  the  finite  life  and  low 
cycle  region  of  the  SN  diagrams  are  becoming  increasingly  important  particularily 
for  airframe  structures.  It  is  suggested  that  if  in  thermal  fatigue  tests  of  the 
future  more  emphasis  is  given  to  defining  and  accounting  for  the  time  at  tempera¬ 
ture  during  low  speed  creep-fatigue  investigations,  more  confidence  may  be  gained 
in  the  use  of  the  Life -Fraction  Rule  t.  as  a  useable  design  tool,  (re¬ 
ference  4-5).  L  =)  r — 


The  adaptation  of  complex  analysis  methods  to  digital  machine  computation  have 
brought  about  techniques  which  have  already  been  standardised  and  refined  to  ac¬ 
commodate  the  effects  of  temperature,  plasticity,  and  creep.  Similarly,  the  newly 
developing  field  in  Design  of  Experiments  should  contribute  much  toward  providing 
the  needed  guidance  and  organisation  of  testing  methods  so  that  complexity  will  not 
necessarily  mean  more  difficulty  and  cost.  Careful  planning  based  on  mathematical 
or  statisical  approaches  should  do  much  toward  making  test  programs  more  effective 
and  productive,  (reference  6). 

For  analysis  and  test  evaluation  methods,  the  type  of  data  that  will  be  most 
valuable  will  be  similar  to  that  depicted  in  Figure  6  and  7»  There  are  actually 
two  ways  of  obtaining  the  quasi -isochronous  SN  curves  shown  by  the  test  data  of 
Figures  7  and  8-  One  method  resolves  itself  into  testing  at  temperature  and  at 
rather  wide  variations  in  test  speeds.  This  allows  test  data  to  be  accumulated 
at  the  same  number  of  cycles  to  failure,  but  at  entirely  different  cyclic  tempera¬ 
ture  periods.  The  other  method,  which  may  not  be  reliable  for  at  least  some  of  the 
precipitation  hardening  alloys,  is  to  soak  the  structure  specimens  for  varying  a- 
mounts  of  the  time  under  load  and  then  to  fatigue  test  to  failure.  The  most  ac¬ 
curate  and  practical  method,  or  combination  of  the  two,  needs  to  be  established. 

For  high  performance  type  vehicles  operating  at  high  temperatures,  there  is 
usually  a  certain  amount  of  deterioration  expected  in  the  strength  of  materials 
under  load.  That  this  phenomenon  is  a  function  of  time  of  exposure  is  evidenced 
by  the  well  known  stress -rupture  and  creep  curves.  For  this  reason,  the  effects  of 
mechanical  stressing  on  the  material  strength  deterioration  due  to  time  dependent 
high  temperature  exposure  should  be  determined  for  these  materials  suitable  in  the 
construction  of  such  vehicles.  It  is  proposed  that  quasi -isochronous  KSN  curves 
for  notched  coupons  be  obtained  for  the  purpose  of  making  the  appropriate  fatigue 
strength  and  useful  life  calculations.  It  may  be  sufficient  to  obtain  data  such 
as  that  outlined  in  Figure  7  for  increments  of  100  hours  soaking  periods  and  at 
maximum  anticipated  temperatures  under  sustained  loads.  In  this  manner,  the  ac¬ 
cumulative  load  and  temperature  spectra  damage  effects  for  each  100  hour  period  of 
useful  life  may  be  successively  evaluated.  It  is  a  little  disconcerting  to  note 
that  as  the  frequency  of  loading  is  decreased,  the  number  of  cycles  to  failure  also 
decreases.  In  the  past,  where  temperature  effects  were  not  present,  the  S-N-curve 
was  not  altered  by  changing  the  frequency  of  loading.  In  the  presence  of  the  ef¬ 
fects  of  high  temperature,  the  life  of  a  part  in  cycles  depends  not  only  on  the 
stress,  but  also  on  the  frequency  of  loading.  At  lower  loading  frequencies,  the 
adverse  effects  of  creep  are  greater. 

In  summary,  the  proposed  fatigue  design  requirements  for  future  air  and  space 
vehicles  may  be  itemized  as  follows:  (The  fuliowing  requirements,  however,  are  to 
be  supplemented  by  the  general  requirements,  rules,  and  guides  that  previously  have 
been  set  forth). 
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FIGURE  8 

Soak  Hours  vs.  Cycles  to  Failure 
(Mechanical  Stressing) 
Const.  Mean  a-  =  30.000 


1.  The  structure  should  he  shown  by  analysis  and/or  test  to  be  capable  of 
withstanding  the  repeated  loads,  repeated  temperatures,  and  the  environ¬ 
ments  in  or  out  of  the  atmosphere  as  will  be  expected  during  its  useful 
life . 

2.  Cumulative  detrimental  permanent  deformation  developed  during  the  use  of  a 
structure  caused  by  thermal  stressing  or  sustained  loading  during  cycling 
of  high  temperatures  should  not  exceed  an  amount  that  will  seriously  af¬ 
fect  the  operation,  or  shorten  the  useful  economic  life  of  the  vehicle  con¬ 
sistent  with  replacement  costs. 

3.  No  catastrophic  structural  failure  should  occur  even  in  the  event  fatigue 
cracking,  fast  cracks  or  tears,  induced  by  foreign  object  penetration,  occurs. 

k.  In  a  greater  measure  than  has  been  necessary  in  the  past,  the  strain  dis¬ 
tributions  should  be  controlled  in  design  and  verified  in  test  so  as  to  as¬ 
sure  structural  reliability  for  the  designated  life  of  the  vehicle. 

5.  Presently  the  proof  for  adequate  fatigue  strength  of  future  high  tempera¬ 
ture  structures  can  only  be  substantiated  by  testing  structure  at  the  most 

’  realistic  loading  rates  and  temperatures  attainable. 

FUTURE  FATIGUE  DESIGN  CONSIDERATIONS 

The  efficient  design  of  hypersonic  vehicles  of  the  near  future,  for  adequate 
fatigue  strength  and  service  life,  will  require  full  cognixance  of  the  mission 
characteristics,  optimum  use  and  fabrication  of  structural  materials,  and  cautious 
use  of  service  and  test  experience. 

Mission  Characteristics :  The  wide  range  of  missions  for  which  future  vehicles 
are  capable  will  certainly  broaden  the  overall  fatigue  problem.  Defining  and  de¬ 
signing  to  specific  mission  envelopes  will  be  of  far  greater  importance  than  it  has 
been  in' the  past.  For  example,  the  launch  or  boost  ballistic  flight  beyond  the  at¬ 
mosphere,  the  re-entry  phase,  and  the  capabilities  for  hypersonic  maneuvers  for  a 
single  vehicle  need  all  be  accurately  defined  if  the  most  efficient  structure  is  to 
be  designed.  The  broad  band  of  potential  fatigue  cracking  parameters  is  widened  by 
the  variable  high  temperature  environment  in  the  various  phases  of  a  flight.  The 
chart  of  Figure  9  indicates,  broadly,  the  interaction  of  fatigue  with  creep.  Creep 
may  be  a  major  design  factor  for  some  vehicles,  whereas  fatigue  may  be  the  critical 
factor  for  others.  It  is  conceivable  that  both  factors  may  be  critical  in  the  de¬ 
sign  of  still  other  vehicles.  Paradoxically,  creep  in  one  member  may  alleviate  the 
thermal  stressing  in  an  adjacent  member.  If  only  a  few  members  of  the  structure 
are  subjected  to  large  amounts  of  creep  because  of  high  temperature  and  stress, 
these  members  may  be  able  to  shift  their  load  to  less  highly  stressed  members  of  the 
structure,  and  the  effect  of  creep  and/or  thermal  stress  may  be  alleviated.  A  step- 
by-step  application  of  the  Maxwell -Mohr  method  has  been  devised  to  evaluate  the  ef¬ 
fect  of  thermal  stress  upon  the  structure,  (reference  7)- 

Characteristics  of  the  Optimum  Structural  Materials :  A  major  structural  problem 
associated  with  very  high  speed  aircraft  obviously  will  be  the  selection  of  mater¬ 
ials  to  efficiently  carry  the  loads  at  the  high  temperatures  resulting  from  aero¬ 
dynamic  heating.  Not  so  obvious,  however,  is  the  selection  of  the  optimum  materials 
to  withstand  the  various  and  varying  environments  which  can  be  normal  for  such  a  ve¬ 
hicle.  To  further  define  the  material  selection  for  a  particular  member  design, 
there  will  be  the  inter-relationship  between  the  fatigue  strength  and  the  rupture 
strength  at  high  temperatures.  Reference  to  Figure  10  indicates  that  for  the  lower 
temperatures  and  high  rates  of  loading,  the  fatigue  strength  criteria  will  dictate 
the  particular  element  design.  On  the  other  hand,  for  the  same  case  at  high  tempera¬ 
tures,  the  short  time  rupture  strength  and/or  creep  strength  may  establish  the  design 
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Relation  Between  Fatigue  and  Stress  Rupture 


envelope.  It  can  be  seen  from  such  curves  that  the  problems  in  design  will  be  more 
difficult  of  solution  since  these  and  other  parameters,  as  well  as  interaction  ef¬ 
fects,  will  have  to  be  considered. 


Thermal  cycling  (stressing)  and  thermal  shock  are  additional  physical  charac¬ 
teristics  of  the  materials  of  construction  that  must  be  evaluated.  The  evaluation 
of  these  parameters  in  design  will  include  the  effects  of  various  amounts  of  re¬ 
straint,  see  Figure  11.  Although  some  success  has  been  experienced  in  evaluating 
most  of  the  above  parameters,  it  is  believed  that  more  data  are  required  before  com¬ 
plete  design  criteria  can  be  established. 

Fabrication  Methods :  Although  current  methods  of  airframe  structure  fabrica¬ 
tion  principally  employ  riveting  and  bolting,  future  trends  appear  to  favor  an  in¬ 
crease  in  the  use  of  welding.  The  fatigue  characteristics  of  airframe  structures 
joined  principally  by  welding  are  not  well  known.  There  is  very  little  service  ex¬ 
perience  with  such  constructions.  It  is  certain,  however,  that  welded  joints  are 
stress  raisers  and  are,  therefore,  potential  fatigue  problems.  These  fatigue  pro¬ 
blems  are  inversely  related  to  the  ductility  of  the  welded  joint.  It  is  known  that 
some  of  the  rare  metals  which  have  not  yet  been  used  in  airframe  constructions  will 
be  used  in  these  new  structures.  Molybdenum,  for  example,  will  probably  be  used  in 
these  structures  where  the  temperatures  exceed  2000°  F.  It  is  interesting  to  note 
that  some  of  these  metals  can  now  be  successfully  welded.  Some  of  these  metals 
which  can  be  welded  and  which  will  probably  be  used  in  these  new  vehicles  include 
Beryllium,  Molybdenum,  Tungsten,  Niobium,  Tantalum,  and  Zirconium.  Joining  dis¬ 
similar  rare  metals,  or  rare  metals  and  stainless  steels,  results  almost  invariably 
in  joints  of  low  ductility,  (reference  8-9).  It  is  clear  that  the  joining  techniques 
to  be  employed  in  the  fabrication  of  these  new  vehicles  will  require  much  study  to 
properly  assess  their  fatigue  characteristics. 

Service  Experience :  In  many  respects  it  will  be  necessary,  as  well  as  desir¬ 
able,  to  use  the  service  experience  of  vehicles  of  similar  structural  arrangement 
in  developing  fatigue  design  requirements  for  the  future.  Due  account,  however, 
will  be  taken  of  the  differences  in  the  operating  procedures  and  conditions.  As  in 
the  past,  many  circumstances  will  require  substantiation  of  the  fatigue  require¬ 
ments  by  test  as  well  as  by  analysis.  The  general  techniques  used  by  at  least  one 
airframe  designer  are  given  in  the  section  on  General  Fatigue  Design  Requirements 
and  in  the  Appendix. 

ANALYSIS  AND  TEST  OBJECTIVES 

It  appears  that  'the  useful  life  evaluation  of  the  structures  of  either  air  or 
space  vehicles  may  be  accomplished  by  analytical  means  with  the  support  of  some, 
structural  test  data.  Such  a  means  might  be  an  expanded  life  fraction  rule  which 
accounts  for  creep  and  thermal  cycling,  as  well  as  fatigue.  An  application  of  such 
an  equation,  which  might  be  of  the  following  form, is  given  in  Appendix  3- 


Useful  life  of  member  in  hours  = 


El  +  E*r  +Ei 


In  order  to  establish  criteria,  it  will  be  necessary  first  to  evaluate  the  com¬ 
bined  effects  of  fatigue,  creep-damage,  and  thermal  stressing  with  an  accurate  as¬ 
sessment  of  the  time  of  loading.  In  the  past,  realistic  speeds  of  testing  and  load 
wave  forms  were  not  important;  they  are  important  for  future  air  and  spaceframe  ap¬ 
plications  in  that  the  time  at  load  for  elevated  temperature  tests  must  be  accurately 
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measured  and  assessed.  This  test  criterion  is  to  be  observed  throughout  the  ex¬ 
tremes  of  the  vehicle  categories,  that  is,  from  the  rapid  heating  and  loading  of 
ballistic  ai^-jiles  to  the  relatively  gradually  applied  loads  of  supersonic  aircraft 
and  some  space  vehicles.  The  attendant  problems  in  rapid  testing  at  elevated  tem¬ 
peratures  are  clearly  outlined  in  reference  10.  A  schematic  sketch  of  a  proposed 
test  setup  for  applying  programmed  loads  and  temperatures  is  shown  in  Figure  12. 

SPECULATIONS  ABOUT  THE  EFFECT  OF  SOME  SPACE  ENVIRONMENTS 

Not  all  mediums  should  be  considered  as  always  damaging  to  structural  materials. 
For  future  vehicles  operating  in  partial  or  near  vacuum,  there  will  be  less  or  no 
oxidation  effects.  For  example,  the  fatigue  test  data  of  Figure  13  indicates  the 
corrosiveness  of  air  with  respect  to  that  of  a  partial  vacuum. 

Fretting  Corrosion;  Recently  an  extensive  series  of  tests  have  been  completed 
by  the  Space  Research  Laboratories  of  Litton  Industries  (reference  12)  concerning 
the  coefficient  of  sliding  friction  between  metal  surfaces  at  ambient  pressures  of 
10"6  mm  0f  mercury.  In  these  tests  it  was  found  that  the  friction  for  a  large  num¬ 
ber  of  metal  to  metal  combinations  almost  doubled  over  atmospheric  values.  It  is 
believed  that  the  greatest  significance  of  this  phenomenon  is  the  increase  in  wear, 
chafing,  or  fretting  that  may  occur  between  faying  surfaces  of  members.  A  large  per¬ 
centage  of  service  fatigue  cracks  experienced  in  present  day  .structures  is  due  to  the 
phenomenon  of  fretting  fatigue. 

Solar  Irradiation;  For  extremely  long  period  communication-type -satellites,  the 
thermal  fatigue  action  due  to  the  solar  irradiatim  may  be  a  primary  problem.  It  is 
conceivable  that  fatigue  cracks  will  occur  in  primary  or  secondary  structures  having 
restraints  and  subjected  to  thermal  stressing  from  200  to  450°  K. 

Radiation  Damage:  Recently  there  have  been  many  investigations  concerning  the 
effect  of  nuclear  irradiation  upon  the  mechanical  properties  of  metals.  Radiation 
induced  (reference  13)  changes  have  been  termed  "radiation  damage",  since  in  many 
cases  damage  in  one  form  or  another  has  been  induced.  Such  damaging  effects  as  loss 
in  ductility  have  been  noted  in  many  metals.  On  the  other  hand,  beneficial  effects 
such  as  increase  in  surface  hardness,  yield  strengths,  and  tensile  strengths  have  also 
been  observed.  The  effects  of  prior  neutron  bombardment  on  the  fatigue  strength  of 
materials  is  not  well  known.  Figure  14  shows  the  results  of  a  few  tests  on  irradiat¬ 
ed  7075-T6  aluminum  alloy.  Although  mechanical  property  changes  appear  to  be  a  func¬ 
tion  of  the  total  integrated  flux,  it  is  believed  that  the  amount  in  this  test  (2  x 
lO1^  fas-t  neutrons/-^)  was  within  the  range  required  to  show  a  significant  effect  on 
the  metal.  In  these  particular  tests,  the  effect  of  prior  irradiation  has  increased 
the  fatigue  strength.  However,  the  slight  improvement  in  life,  noted  on  the  graph, 
may  not  be  significant  for  the  simultaneous  action  of  fatigue  and  irradiation.  It  is 
pointed  out  that  these  effects  certainly  should  be  considered  and  studied  further. 

Meteoroid  Penetration:  The  subject  of  meteoroid  penetration  and  probability  of 
collision  has  been  discussed  in  the  literature,  (reference  15-17)*  The  concern  with 
meteoroid  penetration,  as  far  as  this  paper  is  concerned,  is  that  of  nucleating  a 
starter  crack  for  fatigue  crack  propagation.  If  the  penetrations  are  rather  large 
there  will  be  no  concern  regarding  fatigue  characteristics.  The  concern  is  about 
critical  fracture  length  of  an  unstable  crack  in  the  specific  materials  of  construc¬ 
tion.  In  some  cases,  there  may  be  required  some  additional  concepts  and  philoso¬ 
phies  with  regard  to  fail-safe  construction,  particularily  if  the  working  stresses 
in  the  future  vehicle  categories  are  fairly  high;  say,  100,000  psi  and  greater. 
Nevertheless,  it  is  believed  that  the  reduction  in  fatigue  properties  due  to  small 
pin  holes  (meteoroids)  can  be  accurately  evaluated  for  the  materials  of  construction. 


FIGURE  13 

atigue  of  Riveted  Panels  Tested  in 
Various  Corrosive  Environments 


of  Prior  Fast  Neutron  Bombardment  on 
Rotating  Beam  Fatigue  of  7075-T6 
Aluminum  Alloy 


Loss  of  Aerodynamic  Damping:  In  general,  damping  of  structural  panels,  which 
is  largely  available  from  static  or  dynamic  air  pressure,  is  helpful  from  the  stand¬ 
point  of  controlling  acoustical  and  other  high  frequency  vibrational  fatigue  damage. 
However,  the  pressure  in  space  is  so  low  (l0"°  mm  mercury)  that  the  effects  of  ex¬ 
ternal  viscous  damping  will  be  lost.  This  situation  in  conjunction  with  a  force 
field  of  sero  gravity  will  demand  a  review  of  the  fatigue  design  criteria  for  vibra¬ 
ting  panels.  Sonic  fatigue,  in  this  medium,  will  not  present  a  problem.  A  problem 
could  arise,  however,  if  the  acoustic  forces  from  a  rocket  motor  to  the  supporting 
structure  are  transmitted  to  adjacent  structure  through  liquid  or  an  insulating  air 
space . 


APPENDIX  1 

FATIGUE  STRENGTH  EVALUATION  BY  PRESENT  DESIGN  COMPARISON  METHODS 

For  the  purposes  of  illustrating  the  comparison  method,  an  example  will  be  given 
of  a  preliminary  design  study.  The  component  design  is  similar  to  many  present  air- 
launch  captive  system  structures,  see  Figure  15*  The  carrier  system  in  this  example 
is  of  the  B  II  -  B  III  bomber  category. 

The  proposed  service  life  for  the  structural  design  of  such  a  category  is  10,000 
hours  (5,000  landings  and  load-factor  range  from  +  2.0  to  0).  For  this  particular 
case,  therefore,  the  data  and  curves  of  Figure  4  can  be  used;  since  it  is  assumed 
that  design  techniques,  working  stress  levels,  and  materials  of  construction  are 
very  nearly  the  same. 

When  structural  specimens  are  tested,  they  normally  will  fall  between  the  two 
curves  of  Figure  4.  Those  parts  which  fall  close  to  or  inside  of  the  inner  curve 
usually  can  be  improved  with  no  great  increase  in  weight,  and  should  be  improved 
even  though  there  is  a  weight  penalty.  Those  parts  which  fall  close  to  the  outer 
pair  of  lines  have  good  endurance,  and  further  improvement  may  not  be  possible  with¬ 
out  increase  in  weight.  The  design  efforo  should  be  directed  towards  making  all 
parts  come  as  close  to  the  outer  line  as  possible.  Relative  position  of  the  part  in 
the  band  is  a  measure  of  the  amount  of  cost,  weight,  or  design  time  that  should  go 
into  its  improvement. 

The  elements  of  the  design  of  Figure  15  were  tested  with  the  following  results: 


Specimen 

a  Max. 

a  Mean 

N  -  Cyc.  to  Failure 

1 

22000 

13300 

123,778 

2 

1! 

II 

190,656 

3 

II 

It 

212,718 

4 

It 

It 

122,110 

If  these  points  are  plotted  on  Figure  4,  it  will  be  found  that  they  fall  above 
the  "60,000  hour  inner"  curve.  In  this  respect  the  design  is  satisfactory  since  the 
10,000  hour  design  service  life  has  been  exceeded. 

Limitations  of  the  Design  Comparison  Method:  The  comparison  method  of  design  e- 
valuation  is  limited  to  the  extent  that  loading  condition  must  be  known  and  accounted 
for  in  testing.  For  example,  even  basic  structure  may  fail  prematurely  in  service 
if  subjected  to  local  normal  loads  or  dynamic  overloads  which  have  not  been  properly 
accounted  for  in  design.  For  this  reason,  care  must  be  taken  to  ensure  that  tests 
include  the  effects  of  all  loading  conditions  which  the  structure  may  encounter. 

This  requirement  puts  an  added  premium  on  more  exact  methods  of  stress  analysis. 
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Discontinuities  must  be  accounted  for  when  establishing  stress  levels  for  test 
purposes.  Test  stresses  for  specimens  representing  structure  in  the  region  of  cut¬ 
outs,  for  example,  must  be  adjusted  from  nominal  gross  stress  values  to  account  for 
the  local  condition.  Specimens  must  be  made  large  enough  to  incorporate  typical 
structure  working  at  nominal  stress  levels,  and  the  discontinuities  must  be  repre¬ 
sented. 

It  is  hoped  that  use  of  the  comparative  method  of  design  evaluation  in  conjunc¬ 
tion  with  fundamental  design  procedures  for  providing  safety  will  aid  the  designer 
in  taking  full  advantage  of  materials  available  and  in  creating  more  efficient  and 
reliable  designs. 


APPENDIX  2 

FATIGUE  DESIGN  EVALUATION  BY  SPECTRUM  TEST  METHODS 

For  the  purpose  of  illustrating  this  method,  an  example  evaluation  is  made  by  the 
use  of  programmed  load  test  results  of  aircraft  elements.  In  this  case,  the  carrier 
system  structural  elements  are  wing  spar  joints.  The  design  configuration  and  ma¬ 
terials  of  construction  for  this  particular  example  are  such  that  the  structural  mem¬ 
ber  could  be  considered  a  retrofit  design  of  a  present  vehicle  to  extend  its  useful 
life. 


The  first  member -Joint  tested  was  taken  from  an  aircraft  structure  having  experi¬ 
enced  20,300  hours  of  commercial  type  operation.  The  part  was  fatigue  tested  ac¬ 
cording  to  the  programmed  loading  schedule  shown  in  Figure  1 6.  After  applying  seven 
(7)  programmed  cycles,  each  analytically  corresponding  to  3 >300  useful  hours,  the 
joint  failed.  The  fatigue  crack  life  or  useful  life  was  then  estimated  to  be 

Hj  =  (20,300)  +  7  (3300)  a  43,400  hours. 

A  slight  change  iu  the  design  details  of  the  joint  was  then  made  to  obtain  some  ad¬ 
ditional  improvement  in  life.  A" new” material  member -joint  was  then  tested  to  the 
same  loads  and  for  the  same  gross  area  stresses.  The  results  of  the  retrofit  de¬ 
sign  were  as  follows: 

The  part  endured  seventeen  (17)  programmed  cycles 
of  the  pattern  shown  in  Figure  16.  The  fatigue 
crack  pattern  is  shown  in  Figure  17 . 

H,  a  (17)  •  (3300)  =  56,100  hours. 

^redesign 

It  is  interesting  to  note  the  close  agreement  of  the  test  lifes  of  the  two 
joints  even  though  one  joint  has  experienced  approximately  one  half  of  its  damage 
due  to  the  loads  imposed  by  service  usage. 

The  selection  of  the  stress  increments  used  in  this  test  was  purely  arbitrary; 
1000  psi  steps  at  the  high  levels  and  500  psi  steps  at  the  lower  levels  were  used. 
There  does  not  appear  to  be  sufficient  test  experience  to  establish  a  test  criterion 
at  this  time.  A  preliminary  analysis  is  usually  made  of  all  pertinent  load  data, 
and  the  findings  are  arranged  in  a  convenient  and  practical  test  pattern  for  pro¬ 
gramming. 

The  program  cycle  used  in  this  example  is  representative  of  a  rather  large  num¬ 
ber  of  hours.  For  some  other  categories,  the  test  integration  of  damage  may  best 
be  accomplished  by  100  to  200  hour  program  cycles. 
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It  may  also  be  of  interest  to  note  that  an  additional  specimen,  tested  at  a 

single  load  excursion  of  a  =  22,000  psi  ana  =  13,300  psi  failed  in  62,280 

iheix  •  M 

cycles.  Plotting  this  data  on  Figure  4  indicates  a  design  below  the  "inner  60,000 
hr.  band"  by  the  Design  Comparison  Method.  It  should  be  noted  that  in  this  case 
the  data  is  compatible  with  the  prior  spectrum  evaluations. 

APPENDIX  3 

FATIGUE  STRENGTH  EVALUATION  OF  FUTURE  HIGH  TEMPERATURE  VEHICLE  STRUCTURES 

The  following  discussion  briefly  outlines  the  major  steps  to  be  taken  for  the 
analysis  evaluation  of  near  future  structural  member  designs.  This  will  be  done  with 
the  aid  of  numerical  examples  for  a  hypothetical  structure  using  a  typical,  yet  rea¬ 
listic,  loading  and  temperature  spectra  employing  test  and  interpolated  data. 

It  is  to  be  made  clear,  however,  that  the  spectrum  testing  of  a  f till -scale  ve¬ 
hicle  structural  component,  including  the  combined  effects  of  all  of  the  factors  that 
should  be  considered,  has  not  yet  been  made. 

The  overall  load  and  temperature  spectra  are  shown  in  Figure  18.  The  histogram 
of  operating  stresses,  temperature  ranges,  and  corresponding  periods  of  duration  are 
listed  in  Table  I.  The  fatigue  damage  evaluation  for  the  anticipated  occurrences  of 
the  various  loads  considered  is  given  in  Table  II.  The  normal  life  (N)  to  failure 
for  the  various  stress  levels  and  temperature  ranges  has  been  taken  from  Figure  19 
(the  SN  diagram  of  the  particular  design  joint).  In  this  first  approximation, analysis 
of  the  estimated  useful  time  prior  to  fatigue  cracking  calculates  to  be  6700  hours. 

It  is  reali*ed  that  the  fatigue  cracking  and  damage  in  this  high  temperature  example 
would,  in  all  probability,  be  accelerated  by  the  localised  creep -da  .age  that  would 
occur  simultaneously  with  the  damage  imposed  by  the  mechanical  straining  of  the  flight 
loads. 

In  the  absence  of  laboratory  test  data  wherein  these  effects  have  been  simultane¬ 
ously  and  realistically  evaluated  as  time -dependent  parameters,  it  will  be  necessary 
to  make  separate  analyses  pertaining  to  creep-damage  and  thermal  cycling. 

From  Table  I  it  is  estimated  that  the  total  cruise  time  per  100  flight  hours  for 
the  particular  vehicle  is  60  hours  at  high  temperature.  It  is  further  estimated  that 
the  average  peak  stress  value  for  the  cruise  stage  is  60000  psi  for  one  hour. 

A  creep  test  at  900°  F  and  for  a  nominal  tension  stress  of  60,000  psi  for  the  de¬ 
sign  joint  indicates  a  permanent  deformation  of  approximately  0.2%  at  the  end  of  110 
hours.  This  value  may  be  extrapolated  from  a  20  hour  test,  (Figure  20).  It  is  as¬ 
sumed  that  a  0.2%  creep  strain  has  been  set  up  as  a  design  criterion. 

An  additional  creep  damage  evaluation  is  made  for  the  infrequent  high  maneuver 
and  gust  loads  at  the  same  temperature.  One  hundred  thirty  significantly  high  gusts 
and  maneuvers  per  100  hours  with  times  at  load  and  temperature  ranging  from  0.1  to 
7  secouis  calculates  to  be  a  total  accumulative  time  of  0.1^5  hours  for  each  100  hours 
or  9*7  hours  within  the  useful  period  of  6720  hours.  The  creep  curve  of  Figure  20 
indicates  a  safe  time  period  of  20  hours  at  75>000  psi. 

The  thermal  stressing  of  the  vehicle  joint  that  occurs  in  the  transition  from 
ground  load  to  maximum  probability  maneuver  L.  F.  per  flight  and  from  approximately 
59°  to  900°  F  calculates  to  be  2Q  flights  x  6720 

=  13^0  cycles. 
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FIGURE  18 

Flight,  Ground  Load  and  Temperature  Spectra 
Example  No.  3 
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FIGURE  20 

Riveted  and  Bolted  Joint 
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TABLE  2 


STAGE 

n  * 

N  ** 

n/N  PER  100  HRS. 

1,350 

350,000 

.00386 

400 

270, 000 

. 00148 

140 

170,000 

.00082 

Gust 

55 

130,000 

.00039 

21 

105,000 

.00020 

9 

84,000 

.00011 

4 

*  67,000 

.00006 

300 

300,000 

.00100 

100 

190,000 

.00053 

Maneuvers 

30 

10 

120,000 

74,000 

.00025 

.00013 

3 

48,000 

.00006 

1 

25,000 

.00004 

Landings 

19 

10 

5 

570 

410 

290 

2,600 

510 

Taxi,  Brake 

260 

46o 

Turn 

26 

400 

Transition 

20 

120 

.00017 


.01489 


*  Col.  4,  Table  1 
**  From  Figure  19 

Useful  Member  Life  = 


=  6.720  Hours 


I.Md 


The  cycles  of  thermal  stressing  for  the  temperature  range  and  degree  of  joint 
restraint  is  evaluated  in  the  laboratory  to  be  greater  than  5000  cycles  as  shown  in 
Figure  11  at  a  temperature  cycling  differential  of  approximately  8h  0°  F  (900-59)- 
The  limiting  life  factor  in  the  above  example  has  been  evaluated  to  be  due  to  creep 
at  elevated  temperature.  Rather  than  evaluate  the  relative  damage  contributed  by 
the  various  factors  it  is  suggested  that  the  damage  in  this  case  be  evaluated  on  the 
basis  of  total  damage  imposed  for  each  100  hours  of  service.  In  the  absence  of  the 
full-scale  hi -temperature  vehicle  structural  test  wherein  the  various  damaging  para¬ 
meters  are  timewise  and  simultaneously  interacting  it  may  be  necessary  to  make  se¬ 
parate  calculations  for  fatigue,  creep,  and  thermal  cycling.  The  separate  damage 
calculations  are  then  additively  combined.  The  calculated  net  useful  life  from  all 
of  the  damage  contributing  factors  may  be  conservatively  estimated  to  be 


Damage /10Q  hrg>  =  Fatigue  +  Creep 

=  .0149  +  ^  + 


.145 

To  + 


AT  Cycling 
-  + 

l  5000 


=  .0351 


Useful  life 


=  2,850  hours. 


This  calculated  life  for  a  designated  category  life  of  4000  hours  is  unsatis¬ 
factory  and  a  redesign  of  the  joint  is  necessary.  It  is  proposed  that  a  conserva¬ 
tive  estimate  of  the  useful  life  of  a  hi -temperature  structure  may  be  made  for  the 
interaction  of  the  damaging  parameters  by  the  simple  equation: 


Useful  life  of  member  in  hours  = 


21  T  +2 


Design  rules  such  as  these  are  usually  empirical  and  since  there  are  not  enough 
data  available,  rules  which  presently  exist  must  be  regarded  as  tentative.  The  im¬ 
mediate  need  for  design  guides,  however,  forces  the  use  of  sortie  method  of  extrapolat¬ 
ing  data  until  full-scale  tests  have  been  made  under  the  simulated  conditions  of  ser¬ 
vice  . 
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The  fatigue  evaluation  portion  of  the  Air  Force  struc¬ 
tural  integrity  program  is  outlined.  The  desire  of  the  Air 
Force  for  a  statistical  approach  to  predicting  the  structural 
is  discussed.  Special  emphasis  is  given  to  the  various  fea¬ 
tures  and  to  the  variances  that  exist  in  each  aspect  of  an 
analytical  fatigue  analysis.  Several  cases  of  these  vari¬ 
ances  are  supported  with  factual  data. 

INTRODUCTION 

The  most  significant  major  objectives  of  the  fatigue  life  evalua¬ 
tion  portion  of  the  structural  integrity  program  are:  1)  To  obtain,  for 
specified  operating  and  environmental  conditions,  a  first  order  estimate 
of  the  fatigue  lives  of  our  existing  aircraft  fleet  and  a  built-in  de¬ 
sired  life  for  all  future  designs,  2)  To  determine  now  what  is  necessary 
to  correct  for  any  life  deficiencies  which  may  exist,  in  lieu  of  such  a 
determination  under  crash  conditions,  3)  To  follow-up  with  a  program  to 
monitor  the  life  integrity  status  of  each  aircraft  type  throughout  the 
types  operational  life,  so  that  the  programed  life  will  be  consummated 
within  our  maximum  capability  to  do  so. 

In  establishing  the  life  of  a  given  system,  a  statistical  approach 
is  desired  such  that  the  predicted  life  will  be  expressed  in  terms  of  a 
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statistical  quantity.  Non-quantitative  assertions,  implying  that  the  design  is 
such  that  the  risk  of  failure  is  extremely  remote  is  unacceptable,  even  though 
in  reality  this  may  be  true.  There  is  no  reason  to  believe  that  all  that  would 
be  accomplished  in  the  way  of  providing  life  integrity  through  a  non-quantitative 
approach  would  not  also  be  provided  in  a  statistical  approach.  Fail-safe  features 
are  recommended  and  desired  but  are  insufficient  by  themselves  for  Air  Force  pur¬ 
poses.  In  order  to  satisfy  the  requirements  for  logistic  planning,  the  proposed 
finite  fatigue  life  certification  procedures  are  mandatory.  It  is  also  insuffi¬ 
cient  to  merely  establish  the  mean  life  of  a  system  when  what  is  most  desired  is 
a  knowledge  of  when  the  shortest  lived  aircraft  will  probably  experience  difficul¬ 
ties. 


The  question  might  arise  as  to  the  weight  penalties  a  statistical  approach 
might  have  because  of  the  large  statistical  factors  which  might  have  to  be  em¬ 
ployed.  It  is  contended  that  the  weight  penalties  will  not  be  unduly  severe. 

Most  fatigue  problems  are  concentrated  in  local  areas  of  joints,  in  abrupt  changes 
in  load  paths  and  the'  like.  Tremendous  improvements  can  be  made  at  critical  loca¬ 
tions  for  small  weight  increases  prior  to  the  necessity  for  gross  section  area 
changes  to  reduce  stress  levels. 

As  described  by  Colonel  Taylor  in  his  presentation,  the  approach  to  estab¬ 
lishing  structural  life  integrity  is  through  the  steps,  which  are  given  again 
here ; 


a.  Perform  a  comprehensive  structural  fatigue  analysis  for  the  entire 

airplane . 

b.  Conduct  element  tests  of  critical  areas  to  verify  their  fatigue 
characteristics.  The  selection  of  these  areas  will  be  based  on  stress  analysis 
and  on  results  of  the  static  test, 

c.  Conduct  a  full  scale  cyclic  fatigue  test  of  the  complete  airframe. 
The  loading  spectrum  for  this  test  will  be  derived  from  the  findings  of  the  fa¬ 
tigue  analysis. 

d.  A  flight  test  to  verify  the  structural  dynamic  response  to  flight 
and  ground  loading  conditions. 

e.  Monitor,  through  a  service  load  recording  program,  the  operational 
and  load  experiences  of  each  aircraft  type. 

f.  Monitor  the  integrity  through  a  structural  inspection  program  and 
correct  anticipated  deficiencies  on  an  orderly  basis.  The  where  and  when  to  in¬ 
spect  and  repair  to  be  derived  from  the  results  of  the  preceding  steps. 

The  aspects  of  sonic-induced  fatigue  have  not  been  included  above.  This  is 
not  intended  to  minimize  the  problem  but  is  done  so  only  because  the  subject  is 
not  within  the  scope  of  this  paper. 

In  spite  of  the  elaborate  program  outlined  here,  there  is  no  delusion  that  a 
finite  life  can  be  predicted  for  an  individual  and  specific  aircraft  within  the 
present  state  of  the  art.  However,  it  is  believed  that  a  reasonable  estimate  can 
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be  made  of  the  statistical  life  for  a  fleet*  Further*  it  is  not  believed  that 
this  program  will  completely  prevent  the  occurrence  of  some  fatigue  problems*  It 
is  hoped*  however*  that  for  those  problems  which  remain  they  will  have  been  rele¬ 
gated  to  the  category  of  no  consequence* 

ASPECTS  AFFECTING  LIFE  PREDICTION 

Since  the  fatigue  analysis*  which  is  being  required*  will  be  used  in  the  de¬ 
sign  analysis  stage*  in  providing  the  laboratory  test  spectrum*  in  evaluating  or 
modifying  the  test  results*  and  in  evaluating  the  effects  of  changes  in  the  load¬ 
ing  experience  during  the  operational  life*  let's  look  then  at  what  is  required 
to  conduct  a  fatigue  analysis  and  particularly  at  some  of  the  statistical  varian¬ 
ces  that  exist  in  the  various  steps*  The  following  are  the  essential  ingredients 
to  an  analysis:  1)  A  life  requirement  in  years  of  hours  of  flight*  2)  The  pro¬ 
posed  or  programed  operational  utilization  of  the  aircraft*  3)  A  predicted  load¬ 
ing  experience  based  on  the  missions  of  (2)  preceding*  4)  A  stress  analysis  to 
transfer  loads  into  stresses*  5)  The  fatigue  characteristics  of  the  structure  in 
the  form  of  S-n  data*  6)  A  method  or  technique  for  assessing  the  damage  inflicted 
by  the  loading  history*  and  7)  Finally*  a  criterion  philosophy  which  fixes  the  j 

required  level  of  safety  or  an  acceptable  probability  of  failure  within  the  re¬ 
quired  service  life* 

LESION  LIFE  REQUIREMENT 

V 

i 

In  establishing  the  first  item*  a  design  life  requirement*  the  goal  should  j 

be  to  set  this  value  aa  close  to  the  actual  anticipated  required  service  life  as  > 

possible*  A  guide  line  can  be  obtained  through  using  procurement  and  replacement 
schedules*  combined  with  purposed  utilization  rates  in  hours  per  year*  It  is  an 


absolute  necessity  that  the  Using  Commands  be  involved  in  establishing  these 
utilization  rates*  These  values  must  be  further  tempered  by  the  useful  life 
experience  of  past  and  present  systems*  This  is  exemplified  by  the  remarkable  I 

extended  life  of  the  DC-3*  Since  foresight  is  substantially  shorter  than  hind-  J 

sight*  the  statistics  of  past  experience  may  provide  a  better  guide*  Alao*  it  v 

is  axiomatic  that  utilization  of  the  full  service  lives  must  be  anticipated  for  ^ 

all  designs*  For  combat  type  systems,  consideration  must  also  be  given  to  the 
required  back-up  support  role  that  retiring  systems  play  and  in  the  case  of  • 

fighters,  to  the  added  operational  usefulness  by  their  being  frequently  passed  i| 

along  to  another  command  or  in  their  being  delegated  to  fulfilling  other  combat  ^ 

roles*  Also*  as  a  system  nears  the  end  of  its  required  peacetime  service,  so  ms  « 


margin  on  endurance  should  be  considered  for  the  needed  reliability  in  fulfilling 
actual  combat  missions*  These  end  of  life*  or  secondary  roles*  should  not  be 
entirely  forgotten  when  proposing  a  design  life  based  on  assumptions  pertaining  \ 

only  to  present  procurement  needs*  For  those  structural  elements  which  are  not  I 

reasonably  accessible  for  inspection  or  for  a  modification  to  extend  the  life  if 
desired  added  factors  on  life  to  reduce  the  probability  of  failure  should  be  1 

considered*  *■ 


OPERATIONAL  UTILIZATION  (MISSION  PROFILES) 

The  operational  program*  i*e*,  mission  planning,  that  is  to  be  assigned  a 
given  system  must  be  furnished  primarily  through  the  assistance  of  the  Using 
Commands*  Since  the  major  covering  objective  of  the  total  effort  is  to  maintain 
a  trouble-free  peacetime  force*  suitable  for  combat  at  any  instance*  it  is  the 


s' 


« 
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peacetime  training  and  proficiency  flying  which  will  consume  the  structural  en¬ 
durance  and  is,  therefore,  the  most  essential  to  be  established.  Consequently, 
procurement  mission  performance  charts  should  not  be  used  as  the  basis  for  these 
peacetime  training  mission  profiles. 

If  there  is  one  aspect  with  the  largest  possible  variance,  which  will  effect 
the  damage  incurred  by  an  individual  aircraft  or  by  the  entire  fleet  of  a  given 
system,  it  undoubtedly  will  be  the  kind  of  missions  and  the  location  or  environ¬ 
ment  in  which  these  missions  are  flown,  Table  1  shows  a  very  limited  list  of 
these  mission  variables. 

It  will  not  always  be  possible  to  fully  cover  all  of  the  mission  variables 
in  a  life  evaluation.  However,  for  those  variables  which  have  the  greatest  effect, 
a  conscientious  effort  should  be  made  to  provide  the  closest  estimate  to  what  will 
occur.  It  will  not  always  be  possible  to  determine  in  every  case  the  distribution 
of  each  mission  parameter  or  the  relative  distributions  between  the  parameters. 
However,  a  conscientious  effort  should  be  made  to  provide  the  closest  estimate 
to  what  will  occur.  It  is  not  unlikely  that  some  missions,  which  will  be  flown, 
will  be  restricted  to  aircraft  operating  out  of  one  base.  Also  it  may  be  that 
only  a  limited  percentage  will  operate  out  of  a  base,  which  due  to  its  location, 
will  produce  a  severe  environment  effecting  the  fatigue  life  of  the  given  system, 

A  prime  example  of  this  was  the  unusual  and  severe  gust  environment  experienced 
in  Korea,  In  these  cases,  when  it  is  known  that  critical  areas  in  the  structural 
are  predominantly  effected  by  the  varancies  in  the  loads  experienced,  a  separate 
evaluation  of  assigned  aircraft  should  be  made  and  submitted,  These  missions 
can  therefore  be  deleted  from  the  general  fatigue  evaluation.  Since,  the  distri¬ 
bution  of  missions  can  have  large  variations  between  individual  aircraft  as  can 
the  parameters  connected  with  a  type  mission,  a  further  investigation  should  be 
made  of  the  increase  in  damage  rate  for  critical  areas  which  are  particularly 
sensitive  to  the  increase  in  the  mission  distribution  or  mission  parameter.  This 
type  of  an  evaluation  should  reasonably  be  expected  to  form  an  essential  feature 
of  any  fatigue  analysis,  &om  this  information  the  services  can  therefore  be 
appraised  of  the  operational  aspects  which  are  most  damaging. 

Although  there  will  be  a  service  load  recording  program  monitoring  a  moderate 
percentage  of  each  aircraft  type,  if  any  change  to  the  mission  planning  or  a  shift 
of  the  system  to  another  conmand  is  to  be  made,  it  is  not  only  desirable  but 
essential  that  the  using  command  submit  these  to  the  cognizant  engineering  agency 
for  evaluation  of  its  effect  on  the  projected  vehicle  life, 

LOADING  SPECTRUMS 

Prediction  of  the  loading  experience,  which  is  based  on  the  established 
mission  profiles,  will  always  be  difficult  particularly  for  some  of  the  major  air¬ 
frame  components.  Fortunately,  the  two  major  loading  conditions,  contributing  to 
fatigue  in  transports  and  bomber  clasaes,  are  probably  the  least  difficult  to 
predict.  These  are  turbulence  and  the  ground-air-ground  cycle.  Although,  a 
deficiency  of  information  on  low  altitude  turbulence  exists  at  the  moment,  the 
existing  B-66  low  altitude  flight  test  project  should  now  supply  the  needed  data 
quickly.  Where  maneuver  loads  are  critical,  they  will  probably  be  the  subject 
of  the  most  debate.  Past  maneuver  experience  must  be  respected  nevertheless  for 
the  knowledge  it  can  yield.  Where  exact  and  applicable  statistical  data  is  not 
available,  the  distribution  and  the  frequency  of  the  maneuver  levels  relative  to 


Table  1 

MISSION  VARIABLES 


MISSION  OBJECTIVE 

TRANSITION  TRAINING 

WEATHER 

NAVIGATIONAL 

NIGHT 

LANDING  APPROACH 

NORMAL  SERVICE 
TRAINING 

BOMBER 

FIGHTER 

HIGH  ALTITUDE 

GROUND  ALERT 

AIRBORNE  ALERT 

SCRAMBLE 

AIRBORNE  ALERT 

GROUND  SUPPORT 

ROCKET  DELIVERY 

BOMB  DELIVERY 

MISSILE  DELIVERY 

COMBAT 

CONFIGURATION 

WEIGHT 

TAKE-OFF  WT. 

NO.  OF  REFUELINGS 

LANDING  WT. 

FUEL  DISTRIBUTION  k 
MANAGEMENT 

STORES 

NUMBER  k  LOCATION 

CARGO 

FUEL  TO  CARGO  WT.  RATIO 
CARGO  DENSITY 

MISSION  PROFILE 

SPEED 

%  OF  TIME 

ALTITUDE 

%  OF  TIME 

LANDINGS 

NUMBER:  FULL  STOP 

TOUCH  k  GO 

WEAPON  DELIVERY 
TECHNIQUE 

DISTANCE  OR  FLIGHT 
TIME 

LOCATION  OF  BASE 

CLIMATIC 

ENVIRONMENT 

GEOGRAPHICAL 

ENVIRONMENT 

INFLUENCE  ON  TURBULENCE 

I 
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the  design  maneuver  value  determined  from  reasonably  similar  types  can  be  applied* 

All  statistical  loading  data  available  today  presents  information  for  the 
average  airplane  experience  of  a  measured  group*  As  was  brought  out  earlier*  the 
major  interest  is  in  determining  the  worst  aircraft  life*  Knowledge  of  the  devi*> 
at ion*  that  the  worst  airplane  experience  is  greater  than  the  average  or  mean  air* 
plane*  is  therefore  an  absolute  necessity* 

An  analysis  was  made  of  some  Air  Force  data  to  investigate  the  variance  that 
individual  aircraft  of  a  measured  group  had  to  each  other  and  to  the  composite 
average*  These  aircraft  were  operated  concurrently  out  of  Nellis  Air  Force  Base 
and  were  subjected  to  the  same  routine  operational  flight  planning*  Figure  1 
shows  the  average  composite  experience  of  14  F-86F  aircraft*  Indicated  by  the 
symbol  delta  (<*  )•  The  individual  experience  of  eight  of  these  14  aircraft  is 
indicated  by  the  plotted  points*  The  hours  to  reach  or  exceed  (cumulative  fre¬ 
quency)  each  of  three  load  factor  levels  (3»  4*  end  5  g's)  is  shown  for  the  plotted 
aircraft  and  for  the  composite*  The  brackets  shown  inclose  an  interval  within 
which  99  pet*  cenva'of  the  sampling  variation  would  be  expected  to  occur  in 
estimating  a  "True"  or  general  hours  to  exceed*  if  the  samples wre  normal  samples 
taken  from  one  homogeneous  maneuver  load  population*  The  fact  that  most  of  the 
individual  aircraft  plot  outside  of  the  bracket  means  that  normal  sampling  vari¬ 
ations  are  not  sufficient  explanation  for  the  plots  exceeding  these  estimated 
limits* 

Figure  2  is  a  similar  maneuver  experience  chart  for  the  F-1G0A  and  compares 
10  aircraft  with  the  composite  consisting  of  19  aircraft*  Figure  3  shows  the 
gust  experience  for  the  same  group  of  F-86F  aircraft*  It  can  be  seen  that  many 
points  plot  outside  of  the  99  E©r  cent  limits* 

An  analysis  of  this  same  data  converted  to  frequency  of  occurrence  for  values 
within  specified  loading  intervals  is  shown  in  Tables  2  and  3*  Ratios  are  given 
for  the  severest  experience  to  the  lowest  and  to  the  composite  average  aircraft 
experience*  Looking  at  the  maximum  high  to  low  ratios*  the  spread  in  experience 
is  considerably  greater  at  the  higher  load  level  than  at  the  lower  loads*  The 
range  in  the  maximum  high  to  composite  ratio  1*3  to  2*7*  To  be  more  rational* 
the  two  high  values  were  averaged*  as  were  the  two  lows*  These  ratios  are  also 
shown*  It  is  seen  that  the  high  to  composite  values  are  not  significantly  re¬ 
duced*  Although  this  limited  analysis  is  not  suggested  as  being  conclusive*  it 
does  seem,  to  validate  a  frequency  factor  of  1*5*  which  has  been  proposed  by  the 
British*  '  A  proposal  to  range  the  frequency  factor  from  1*3  at  the  lowest  load 
values  to  2*0  or  greater  at  the  largest  loads  would  appear  to  be  entirely  reason¬ 
able*  Whatever  the  factor  nevertheless*  in  order  to  predict  the  minimum  airplane 
life*  the  frequencies  of  loadings  obtained  from  averaged  spectra  must  be  increased 
to  account  for  severe  individual  aircraft  use  or  load  experience*  This  holds  even 
when  all  aircraft  are  subjected  to  identical  mission  profiles*  Further  study  of 
this  variance  is  intended  to  be  made* 

Another  feature*  which  also  contributes  significantly  to  the  loading  spectrum 
for  some  components  of  the  airframe,  is  the  structural  dynamic  response  to  tran¬ 
sient  load  inputs*  where  both  magnitude  and  cycles  of  load  are  effected* 


(a)  Calculated  from  the  composite  probability  using  samples  of  size  N  equal 
to  1000*  The  smallest  number  of  peaks  for  a  plotted  aircraft  is  about  1000* 
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Table  2 


F-100A 


Load 

Factor 

Range 


Points  I  Occurrences  per  Hour 
in  99% 


Limits 


1 


Com-  Max  Max 

posite  High  Low 


10.9  15.5  5.1 

4. 2  4.  9  2.  8 

1.4  2.9  .3 


Max  Ratio 


(a)  8  out  of  14  aircraft  in  the  composite 


Hi  /  Hi 
/Lo  / 


/  Comp 


3.  0  1.  3 

1.6  1.16 

9.  6  2.  0 


8.0  19.4  3.  0  6.3  2.4 

2.7  5.2  .7  12.1  1.9 

.6  1.3  .  07  58.4  2.2 


Ratio  -  Ave  Z  Hi  &  2  Lo 


2  Hi  / 


/2Lo 


2.  1 


2  Hi  / 

/  Comp 


1.  3 


(b)  10  out  of  19  aircraft  in  the  composite 


Table  3 

SCATTER  IN  GUST  EXPERIENCE 
OF  SINGLE  AIRCRAFT 


F-86F  -  8  A/C  out  of  14  A/C  ini  composite 


Gust  Vel  Points  Occurrences  per  Hour  Max  Ratio  Ratio  -  Ave  2  Hi  &  2  Lo 


Range  (U^  )  Com-  Max  Max  Hi /  Hi  / 

e  Limits  pos.te  H.gh  Low  y Lq  yComp 


Comp 


10.2  -  17.0 

4 

9.  52 

14.  0 

3.  1 

4.  5 

1.  5 

3.2 

1.  4 

17.0  -  23.8 

6 

CO 

o 

2.  33 

.47 

5.  0 

2.  4 

2.  5 

2.  1 

23.8  -  30.6 

8 

.  12 

.32 

.  03 

10.  7 

2.  7 

6.  9 

2.  0 

When  power  spectral  dynamic  response  techniques  are  properly  employed, 
rational  accounting  of  magnitude  and  frequency  of  loading  is  achieved*  When  the 
dynamic  response  to  discrete  load  inputs  is  used*  the  magnitude  of  loads  may  he 
reasonably  correct*  but  the  cycles  of  load  at  all  points  in  the  structure  may 
not  have  been  correctly  assumed*  For  every  major  cycle  of  load  that  a  wing  root 
feels*  an  outboard  wing  station  may  count  several  or  more  major  load  cycles* 
Figure  4  shows  the  relative  effects  of  the  normalised  bending  strain  power  spec¬ 
trum  at  an  inboard  and  an  outboard  wing  station*  '  It  is  seen  that  the  contri¬ 
bution  of  the  response  at  the  higher  frequencies*  above  2  cps*  to  the  total  power 
spectrum  is  much  larger  at  the  outboard  station  than  it  is  at  the  inboard  station* 

Table  4  shows  the  percentage  that  the  root  mean  square  value  for  the  fre¬ 
quency  range  from  two  -  ten  cps  contributes  relative  to  the  zero  -  two  cps  fre¬ 
quency  range*  For  the  inboard  station  the  percentage  is  27  per  cent  and  a 
significantly  large  value  of  71  per  cent  for  the  outboard  station*  To  show 
the  contribution  at  specific  frequencies*  a  frequency  interval  of  *2  cps  was 
used  at  each  frequency  to  determine  the  root  mean  square  value  and  is  shown  in 
Table  5«  The  per  cent  that  the  RM3  value  at  lo  cps  is  relative  to  the  peak  RMS 
value  is  four  per  cent  for  the  inboard  station  and  4°  per  cent  for  the  outboard 
station  and  this  same  situation  is  seen  to  exist  also  at  the  other  lower  fre¬ 
quencies  shown*  Due  to  the  relatively  high  magnitude  of  load  response  at  the 
higher  frequencies  significant  damage  increase  can  occur  at  the  outer  stations* 
Therefore*  when  employing  a  discrete  load  input,  an  increase  in  the  number  of 
loading  cycles*  when  the  response  is  relatively  large  at  the  higher  frequencies* 
must  be  considered  for  all  locations  in  the  structure* 

STRESS  ANALYSIS 

Further  refinements  of  stress  analysis  calculations  may  be  required  to  fur¬ 
nish  additional  information  on  extreme  fibre  stresses.  Nominal  stresses  will* 
in  many  instances*  not  be  sufficient  to  perform  a  fatigue  analysis*  This  will 
be  true  for  instance  at  spars,  areas  around  large  cut-outs*  and  other  locations 
where  there  are  abrupt  changes  in  the  direction  of  the  load  paths*  Further 
comments  will  not  be  made*  as  the  subject  and  the  variance  which  could  exist 
in  the  predicted  result  is  well  known* 

S-N  VALIES  AND  THE  APPLICATION  OF  CUMULATIVE  DAMAGE  THEORIES 

Since  it  is  believed  that  some  or  most  contractors  will  rely  on  the  appli¬ 
cation  of  Miner's  Theory  in  its  basic  form  in  spite  of  the  more  sophisticated 
procedures  expounded*  it  is  necessary  to  consider  the  statistical  aspects  and 
the  variances  associated  therewith,  when  this  theory  is  employed  in  life  pre¬ 
dictions*  Mr*  Butler  of  Boeing  in  his  paper  also  covered  this  in  much  detail* 

An  analysis  of  some  test  data  is  presented  in  figure  5  showing  the  computed 
damage  value  at  failure  in  relation  to  the  groups  to  failure/  which  represents  the 
nunfeer  'of  times  a  fixed  spectrum  was  applied  until  failure. Mean  S-n  values 
were  used*  Large  scatter  in  damage  exists  for  low  group  numbers*  which  reduces 
as  the  group  number  increases*  Note  where  the  nominally  accepted  damage  constant 
of  1*0  falls  across  the  diagram*  Since  an  infinite  number  of  groups  to  failure 
is  probably  more  representative  of  the  loading  history  encountered  by  an  air¬ 
craft  f  the  information  presented  at  a  group  number  of  1,000  is  of  most  interest* 


Table  4 


RELATIVE  EFFECT  OF  FLEXIBILITY  AT  TWO  WING  STATIONS 


Range 

CPS 

Approx 
Mean  Sq 
Value 

RMS 

%  of 

0-2  CPS 

MS 

%  of 

0-2  CPS 

RMS 

o-io 

16.  67 

4.  06 

— - 

— 

Station 

0-2 

15.  50 

3.  94 

— 

— 

54 

2-10 

1.  16 

1.  08 

7.  5 

27 

8—10 

.  067 

.  08 

.4 

2 

0-10 

19.  22 

4.  38 

— 

— 

Station 

0-2 

12.  74 

3.  57 

— 

— 

572 

2-10 

6.48 

2.  55 

51 

71 

8-10 

i.  70 

1.  30 

13 

36 

Table  5 


CPS 

RMS  (a) 

%  of  Peak  RMS 

Sta  54 

Sta  574 

Sta  54 

Sta  574 

.  5 

Peak  2.25 

— 

— 

— 

1 

1.  10 

1.  10 

49 

68 

1.  5 

1.  18 

Peak  1.  6l 

52 

— 

2 

.  33 

.  33 

15 

39 

5 

.  085 

.  88 

4 

55 

10 

.  085 

.  63 

4 

40 

(a)  For  a  Frequency  Interval  of  .2  cps 


It  is  believed  that  most  of  the  variance  in  estimating  damage,  as  indicated, 
is  due  to  the  scatter  which  is  basically  inherent  in  the  S-n  data.  If  this 
scatter  were  accounted  for  by  the  use  of  increased  survival  limits  on  the  S-n 
values  in  lieu  of  the  mean  (5Q£)  values,  what  Miner's  damage  constant  would  be 
better  suited  in  prediction  of  the  worst  specimen? 

To  correct  the  mean  S-n  values,  a  normal  distribution  of  the  logarithm  of 
the  cycles  to  failure  is  used  and  a  standard  deviation  equal  to  .176  (log  1,5) 
has  been  assumed.  This  standard  deviation  value  has  been  proposed  by  the  British 
in  their  most  recent  proposed  fatigue  requirements  and  is  concluded  to  be  typical 
for  aluminum  alloys!1'  This  number  seems  rather  reasonable. as  several  sources 
indicate  the  number  can  vary  from  approximately  ,1  toG,o,r^  'In  light  of  what 
will  be  shown,  it  is  well  to  note  that  the  new  proposed  joint  Navy-id r  Force 
Military  Specification  for  Airplane  Strength  and  Bigidity  will  require  the  use 
of  5%  probability  of  failure  S-n  values,'* ' 

In  table  6,  the  damage  values  for  mean  S-n  data  shown  in  the  first  column 
were  corrected  by  the  values  shown  at  the  bottom  of  the  chart  to  get  the  damage 
values  when  using  3%  sad  1%  probability  S-n  data. 

To  correct  the  mean  S-n  values  the  following  procedure  was  usedi 

log  N  =  Log  N  -  I.645  O’ 


(Assuming  O’  *  .176  =  log  1*5) 
log  N^<g  =  log  N  -  1,645  Log  1*5 


n 

n5% 


x  1.5 


1.645 


Also  it  has  been  assumed  that  the  distribution  in  the  damage  value  is  log 
normal,  since  the  scatter  is  to  a  large  degree  related  to  the  basic  variance  in 
the  S-n  data. 


To  predict  2  3%  probability  of  failure  using  mean  S-n  data  the  damage  con¬ 
stant  is  .38;  for  a  3%  probability  using  5 %  data  the  constant  is  ,75 »  for  a 

1%  probability  using  1%  S-n  data  the  constant  is  also  ,7 5*  Therefore,  it  appears 
justified  to  require  a  damage  constant  value  of  much  less  than  1,0  when  predicting 
the  worst  specimen  • 


EFFECTS  OF  TEMPERATURE  ON  AIRCRAFT  LIFE 

Before  completing  the  run  down  on  a  fatigue  analysis,  an  additional  item  is 
interjected  concerning  the  effects  of  temperature  on  aircraft  life.  Professor 
Gatewood  in  his  paper  made  an  excellent  and  comprehensive  review  of  this  subject. 
As  he  shows  many  new  design  modes  will  supplement  present  modes  for  unheated 
structures.  Only  a  few  of  the  8  or  10  he  outlined  are  covered.  Since  material 
property  reductions  are  a  result  of  both  temporary  and  cumulative  heating,  it  is 


Table  6 


VARIANCE  OF  Z^z  WITH  SELECTION  OF  S-n  VALUES 


Based  on  1000  Groups  to  Failure 


Value  of  Z  —  where  N  is  based  on 

N 

Mean  S-n 
Values 

5%  Probability 
Values 

1%  Probability 
Values (k) 

Arithmetic  Mean 

Damage  (Approx) 

.  75 

1.46 

1.  93 

-1  (J  (Normal) 

.  62 

1.21 

1.  59 

-1  (7  (Log-Normal) 

.  50 

.  98 

f— * 

N> 

00 

5%  Probability 
(-1.645  cr ) 

.  38 

.  75 

.  99 

1%  Probability 
(-2.33  (J) 

.29 

.  57 

.  75 

Lower  Scatter  Band 

.  50 

.  98 

1.28 

(a)  Mean  column  x  1.  51*  645  =  mean  x  1.  95;  assuming  log-normal  distribution 

(b)  Mean  column  x  1.  52*  33  =  mean  x  2.  57;  assuming  log-normal  distribution 
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essential  that  an  end  of  life  or  residual  strength  be  provided*  Creep-fatigue  and 
thermal  stress  fatigue  and  all  the  other} Professor  Gatewood  has  shown  will  supple¬ 
ment  roan  temperature  fatigue*  and  creep  deformations  will  supplement  elastic  and 
possibly  plastic  deformations* 

Figure  6  is  used  to  illustrate  the  reduction  in  tensile  strengths  of  7075“T6 
for  various  temperatures  and  times  and  since  it  is  already  sufficiently  familiar 
it  will  not  be  discussed*  But  it  does  clearly  illustrate  both  the  temporary  and 
the  cumulative  effects  of  temperature  on  tensile  strength  and  the  need  for  an  end 
of  life  strength  requirement. 

In  addition  to  the  end  of  life  strength  consideration*  the  effects  of  creep 
and  fatigue  and  how  the  two  interact  to  cause  failure  must  be  considered  in  design. 
When  considering  fatigue  in  the  design  of  room  temperature  structures,  in  general 
only  stress  magnitude  and  cycles  are  necessary  to  assess  the  life*  But  because 
of  the  metallurgical  instabilities  resulting  from  heating  and  loading  with  time*, 
the  material  behavior  is  strongly  influenced  by  the  sequencing,  magnitude*  and 
duration  of  the  applied  load  and  thermal  environment*  In  addition,  the  previous 
time,  temperature,  and  load  history  will  greatly  effect  the  damage  imposed  by  any 
particular  heat  and  load  application.  Therefore,  for  heated  structures,  greater 
detailed  consideration  must  be  given  to  the  true  history  of  load,  temperature, 
and  time* 

This  discussion  points  up  some  of  the  added  problems  which  confront  the  pro¬ 
curing  agencies  in  providing  adequate  structural  design  criteria,  and  the  designer 
in  the  selection  of  materials,  operating  stress  levels,  and,  ultimately,  the 
structural  configuration* 

Therefore,  it  is  necessary  that  we  add  to  our  statistical  loading  knowledge 
information  on  load-temperature-time  relationships* 

DESIGN  CRITERIA  EHIIOSOEHY 

Without  a  criterion  which  sets  the  required  level  of  safety  or  an  acceptable 
probability  of  failure  at  the  design  life  value,  the  fatigue  analysis  can  not  be 
completed* 

In  considering  the  choice  of  a  standard,  there  are  several  alleviating  con¬ 
ditions,  which  ease  the  need  or  desire  for  a  large  factor  to  be  used  in  predicting 
the  shortest  life*  For  one,  the  laboratory  test  program  will  give  a  tremendous 
insight  into  what  is  required  for  an  adequate  structural  inspection  and  retrofit 
program*  Secondly,  the  service  loads  monitoring  program  should  keep  a  reasonably 
close  tab  on  the  fleet  service  usage  and  load  experience*  These  surveillance 
features  offer  considerable  hope  that  the  worst  specimens  will  be  caught  prior 
to  any  failure. 

To  set  the  level  of  safety  two  criteria  items  are  needed  to  be  selected t 
values  that  the  worst  aircraft  deviates  from  the  mean  or  average  aircraft  load 
experience  and  fatigue  strength;  and  a  value  for  the  probability  of  failure  at  the 
design  life* 
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Let  me  close  this  presentation  by  saying  that  as  of  this  moment  the  Air 
Force  has  taken  no  firm  stand  on  either  of  these  two  items.  However*  a  5% 
probability  of  failure  would  appear  to  be  the  absolute  minimum  value  acceptable 
for  those  structural  items  which  are  reasonably  inspectable  and  provided  that 
the  life  monitoring  program  as  described  is  adhered  to. 
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STRUCTURAL  DAMPING  AND  ITS  IMPORTANCE  IN 
RESONANCE  AND  ACOUSTICAL  FATIGUE 

By 

B.  J.  Lazan 

Professor  of  Materials  Engineering 
Head  of  Aeronautical  Engineering  Department 
University  of  Minnesota 


The  effect  of  system  damping  on  the  dynamic  response  of  a 
mechanical  system  under  periodic  excitation,  particularly  near 
resonance  is  reviewed.  Equations  are  presented  for  the  resonance 
amplification  factor  involving  the  parameter  D0,  the  total  damping 
energy  dissipated  by  the  system,  The  special  case  of  random  excita¬ 
tion,  characteristics  of  acoustical  fatigue,  is  discussed  and  the  role 
of  system  damping  explained.  The  various  component  parts  of  system 
damping  are  classified  within  the  framework  of  (A)  hysteric  damping 
within  the  structural  materials  and  (B)  structural  damping  associated 
with  (1)  interface  3lip  or  Coulomb  friction,-  and  (2)  shear  strain  in 
an  adhesive  layer  at  an  interface.  Each  of  these  damping  mechanisms 
is  analysed  to  emphasize  the  factors  important  in  the  utilization 
of  damping  as  an  engineering  property.  Particular  attention  is  paid 
to  analytical  concepts  for  maximizing  the  shear  damping  in  an  inter¬ 
face  adhesive  by  design  optimization  procedures. 
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I.  INTRODUCTION 


The  current  trend  towards  lighter  weight,  reduced  factors  of  safety, 
and  higher  speeds  has  greatly  intensified  the  dynamic  loading  encountered 
by  a  structure  in  service.  This  same  trend  has  also  brought  the  natural 
frequencies  of  structural  components  and  assemblies  into  a  region  where 
near-resonant  vibrations  are  becoming  increasingly  prominent  in  service. 
The  deleterious  effects  of  the  fatigue  stress  associated  with  near¬ 
resonant  vibration  has  thus  become  a  major  cause  for  service  failure. 

In  former  years  resonance  conditions  could  often  be  avoided  by 
properly  controlling  the  natural  frequencies  in  a  system,  that  is  by 
adjusting  the  stiffness  and  mass  factors  in  the  structure  such  as  to 
safely  separate  the  natural  and  the  exciting  frequencies.  However,  this 
approach  is  no  longer  effective  in  many  situations,  particularly  in  aero¬ 
space  vehicles,  because  an  excessive  weight  penalty  is  often  involved. 
Furthermore,  random  excitation,  either  of  mechanical  or  acoustical  origin, 
is  becoming  more  prevalent  in  service.  For  example,  the  typical  noise 
spectrum  shown  in  Figure  1  for  the  jet  engine  (1)*  contains  a  range  of 
frequencies  which  is  wide  enough  to  encompass  most  of  the  resonance  fre¬ 
quencies  encountered  in  an  aircraft  structure.  Thus,  whatever  the  natural 
frequency  of  the  structural  components  and  assemblies  may  be  within  the 
wide  range  of  frequencies  shown  in  Figure  1,  resonant  vibrations  can  still 
be  excited. 

Experiences  in  recent  year?  have  made  it  abundantly  clear  that 
resonant  vibrations  can  no  longer  be  avoided  by  clever  design.  Thus, 
modem  structures,  particularly  aero-space  vehicles,  must  be  so  designed 
as  to  withstand  the  resonant  excitations  characteristic  of  service. 

This  paper  is  concerned  with  the  factors  involved  in  (a)  the  analysis  of 
resonance  amplification,  (b)  the  fatigue  stress  associated  with  this 
condition  (resonance  fatigue),  and  (c)  the  importance  of  damping  in  the 
design  of  structures  for  high  resonant  fatigue  strength.  Since  the 
factors  important  in  conventional  fatigue  strength  (stress  concentration, 
loading  range,  etc.)  are  amply  covered  in  other  papers  this  paper  shall 
be  concerned  with  only  those  factors  which  are  of  unique  interest  in 
resonance  fatigue. 

By  way  of  introduction  and  in  order  to  clarify  the  role  of  damping 
in  resonance  fatigue  the  elementary  resonance  curves  for  a  simple 
single-degree-of-freedom  system  excited  by  a  simple  sinusoidal  force 
shall  be  reviewed.  Referring  to  Figure  2,  Mass  M  is  attached  to  a 


*  Numbers  refer  to  bibliography  at  end  of  paper. 
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light  structural  member  A  which  is  held  at  its  top  by  the  support  and 
cover  plates  B.  The  exciting  force  imposed  on  the  mass  is  F  sin  G  t 

and  the  force  felt  by  the  support,  the  induced  force,  is  Fd  sin  at. 

A  very  low  exciting  frequencies  CJ ,  well  below  the  resonant  condition, 
induced  force  Fd  is  equal  to  or  only  slightly  larger  than  exciting  force 

Fg.  However,  as  the  exciting  frequency  approaches  the  natural  frequency 

of  the  system  (ratio  of  two  frequencies  shown  in  abscissa  approaches 
unity)  a  vibration  amplification  is  observed,  the  magnitude  of  which  (Ay 
in  Figure  2)  depends  cn  both  the  proximity  to  resonance  and  the  damping 
in  the  system.  The  maximum  amplification  occurs  at  resonance  when  the 
vibration  amplification  factor  Ay  is  called  the  resonance  amplification 
factor  Ar.  Thus,  under  sinusoidal  excitation: 


where  ^  =  vibration  phase  angle  s 


90° 


Eq.  (1) 


at  resonance 


For  the  case  illustrated  the  resonance  amplification  factor  Ar  is  91 
for  a  system  with  small  damping  ("S"  curve),  52  for  medium  damping 
("M"  curve),  and  10  for  large  damping  ("L”  curve).  The  great  importance 
of  the  system  damping  in  defining  resonance  amplification  and  controlling 
the  associated  resonance  fatigue  problems  is  thus  apparent. 


It  can  be  shown  (11)  that  for  a  linear  system  under  sinusoidal 
excitation: 


Ar  =  2  7T 


Eq.  (2) 


where  We  -  total  elastic  or  strain  energy  in  the  system 
partaking  in  the  vibrations  at  its  maximum 
deflection,  in-lbs 


D0  =  total  damping  energy  dissipated  by  the  system 
per  cycle  of  vibration,  in -lbs  per  cycle 


Combining  equation  (l)  and  (2): 


Fd  =  2  7T  e 
D„ 


g 


Eq.  (3) 


The  above  equation  may  be  interpreted  as  follows  in  a  fatigue 
analysis  problem.  Induced  force  Fd  is  the  force  actually  felt  by  the 
structure  (member  A  in  this  case)  and  provides  a  basis  for  the  conven¬ 
tional  fatigue  analyses,  lhat  is,  knowing  the  induced  force  and  such 
structural  details  as  shape  of  members,  notch  geometiy,  etc.,  one  can 
compute  the  fatigue  stress  at  the  maximum  locations  and  determine  fatigue 
life.  In  the  non-resonance  problem  the  induced  force  is  equal  to  the 
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exciting  force  F_  so  the  conventional  fatigue  analyses  may  be  applied 
directly  to  the  exciting  force.  However,  in  the  resonance  fatigue  pro¬ 
blem  the  exciting  force  may  be  greatly  amplified  since  e/  Do  i*1 

equation  (3)  may  be  a  large  number.  Thus,  in  a  resonance  fatigue  analysis 
of  a  system  under  sinusoidal  excitation  one  is  concerned  not  only  with  the 
conventional  fatigue  problems  but  also  with  the  degree  of  amplification. 

As  shown  by  equation  (3)  the  total  damping  D0  in  a  system  is  an  important 
parameter  in  such  an  analysis. 

The  total  damping  is  equally  important  in  a  system  under  random 
excitation  of  acoustical  origin.  Even  though  such  excitation  is  (a) 
produced  by  fluid  pressure  rather  than  structural  forces,  (b)  not  periodic, 
and  (c)  variable  in  amplitude  at  any  discrete  frequency  (the  resonant 
frequency)  rather  than  of  constant  amplitude,  the  role  of  damping  in 
controlling  random  resonant  vibration  is  similar  to  that  indicated  above 
for  periodic  resonant  fatigue. 

In  spite  of  its  great  importance  in  a  variety  of  types  of  resonant 
fatigue  problems  damping  has  received  relatively  little  attention  to  date. 
Several  years  ago  a  program  of  study  on  damping  was  initiated  at  the 
University  of  Minnesota,  first  on  materials  damping  and  more  recently  on 
structural  interface  effects.  Ihe  purpose  of  this  paper  is  to  review 
some  of  the  results  of  this  study. 
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II.  DEFINITION  OF  DAMPING  AND  CLASSIFICATION  OF  DAMPING  MECHANISMS 


The  term  damping  as  used  in  this  paper  defines  the  energy  dissipation 
properties  of  a  material  or  system  under  cyclic  stress.  In  most  cases  a 
direct  conversion  of  mechanical  energy  to  heat  is  involved.  This  defini¬ 
tion  specifically  excludes  such  energy  transfer  devices  as  dynamic 
absorbers  or  so-called  dynamic  "dampers ".  Within  the  context  of  this 
definition  energy  must  be  absorbed  and  dissipated  within  the  specified 
system  before  the  term  damping  is  applicable. 

Damping  may  be  classified  in  various  ways.  For  convenience  in  this 
paper  damping  is  broken  down  into  two  major  headings  which  shall  be 
identified  in  this  discussion  as:  (a)  material  damping  and  (b)  system 
damping. 

Material  damping,  sometimes  called  internal  friction,  internal  damp¬ 
ing,  or  hysteretic  damping,  is  related  to  the  energy  dissipation  in  a 
volume  of  macro-continuous  media.  The  term  macro-continuous  is  intended 

to  exclude  the  damping  in  a  configuration  originating  at  interfaces 
between  recognizable  parts,  yet  include  the  types  of  micro-  and  submicro¬ 
interface  effects  which  might  constitute  an  important  mechanism  in  the 
volume  or  bulk  damping  of  materials  not  homogeneous  on  a  microscopic  or 
submicroscopic  scale.  In  general,  material  damping  is  associated  with 
the  energy  dissipation  which  takes  place  when  a  more  or  less  homogeneous 
volume  is  subjected  to  cyclic  stress  and  the  damping  mechanisms  are  asso¬ 
ciated  with  the  internal  microstructure  of  the  material.  The  two  types 
of  materials  of  interest  in  structural  analyses  to  be  discussed  in  this 
paper  are  (a)  structural  metals  and  non-metals  and  (b)  viscoelastic 
adhesives. 

Whereas  material  damping  occurs  in  a  volume  of  a  macro-continuous 
medium  system  damping  involves  configurations  of  distinguishable  parts 
or  the  interaction  among  various  phenomena.  Among  the  types  of  systems 
in  which  damping  under  cyclic  stress  may  be  important  are: 

a.  Structural  systems  in  which  energy  is  dissipated  in  various 
types  of  joints,  interfaces,  or  fasteners 

b.  Electro-mechanical  systems  in  which  energy  conversion  and 
dissipation  may  take  place  through  the  interaction  between  electrical  or 
electromagnetic  phenomena  and  physical  bodies.  Examples  of  this  type 

of  energy  loss  is  the  system  damping  associated  with  magnetic  hysteresis 
and  eddy  currents, 

c.  Hydro-mechanical  and  acoustical  systems  in  which  damping  occurs 
through  fluid  flow.  Acoustical  damping  and  radiation,  oil  flow  through 
orifices,  and  dash  pot  effects  are  examples  of  this  type  of  damping. 

Since  this  paper  is  concerned  primarily  with  structural  damping  further 
reference  will  not  be  made  to  electro-mechanical,  hydro-mechanical  or 
acoustical  damping. 


In  order  to  clarify  the  types  of  damping  of  interest  in  aero-space 
vehicles  it  is  desirable  to  ask  the  following  question. 

Beyond  the  damping  energy  dissipated  internally  by  the 
materials  in  the  structure  what  is  the  principal  mechanism 
by  which  structural  joints  dissipate  energy? 

The  unique  characteristic  of  a  joint  insofar  as  damping  is  concerned  is 
its  interfaces  or  mating  surfaces  which  are  maintained  on  contact.  Thus, 
it  is  the  damping  associated  with  various  interface  effects  that  should 
receive  close  scrutiny. 

For  purposes  of  this  paper  two  types  of  interfaces  shall  be  identi¬ 
fied:  (a)  a  dry  or  lubricated  contact  surface  (metal*  to  metal  contact 
or  metal  to  liner  to  metal  contact),  or  (b)  an  adhesive  type  interface 
(metal  to  adhesive  to  metal  joint).  Next,  let  us  consider  the  simple 
types  of  relative  motions  which  can  take  place  between  mating  surfaces 
at  an  interface  to  produce  damping  effects.  A  review  of  the  general 
behavior  of  typical  joints  in  typical  load  environments  indicates  that 
two  types  of  relative  motion  should  be  considered:  (a)  a  separation  of 
mating  surfaces  (motions  perpendicular  to  the  interface)  and  (b)  inter¬ 
face  shear  effects  (relative  motions  in  the  plane  of  the  interface). 

Of  these  two  types  of  motion  the  one  which  appears  to  offer  the  greater 
potential  for  dissipating  energy  is  relative  shear  at  an  interface.  For 
example,  if  a  member  A  in  the  system  shown  in  Figure  2  is  vibrated 
axially  the  cyclic  axial  strain  in  member  A  will  tend  to  produce  a  cyclic 
shear  displacement  (slip)  at  the  interfaces  between  member  A  and  cover 
plates  B.  This  slip  provides  a  mechanism  for  dissipating  energy. 

For  the  case  of  dry  interfaces  (metal  to  metal  contact)  coulomb 
friction  provides  the  mechanism  for  dissipating  energy  under  cyclic 
shear  displacement.  Several  types  of  joints  have  been  investigated  con¬ 
sidering  this  mechanism.  It  is  found,  as  discussed  later  that  this 
mechanism  is  capable  of  dissipating  very  large  energy  if  the  joint  de¬ 
sign  is  properly  optimized  (5)  (6)  (7). 

It  is  generally  found,  however,* that  a  design  optimized  for  maximum 
dry  slip  damping  may  sometimes  develop  serious  fretting  and  corrosion 
effects  in  the  interface  regions  subjected  to  large  cyclic  slip.  Such 
interface  surface  deterioration  may  not  only  cause  the  joint  to  drift 
from  optimum  conditions  but  may  also  initiate  fatigue  cracks,  the  very 
thing  that  high  damping  in  a  system  exposed  to  resonant  vibration  is 
intended  to  mitigate.  In  short  the  cure  may  lead  to  a  condition  worse 
than  the  original  disease. 


*The  terra  "metal"  is  used  here  for  conciseness.  Actually  the  term 
structural  material,  which  includes  not  only  metals  but  plastics,  ceramics, 
etc.  is  implied. 
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In  view  of  this  difficulty  with  dry  interface  slip  consideration 
was  given  to  the  possibility  of  lubricated  interfaces  (2)  and  inserts 
of  plastic  and  other  types  of  "non-fretting"  materials  at  interfaces 
(3).  However,  it  was  still  difficult  to  avoid  fretting  and  maintain 
optimum  conditions  for  maximum  damping  in  practical  joints  which  dis¬ 
sipate  large  damping.  This  led  to  the  consideration  of  an  adhesive  type 
interface  of  sufficient  thickness  to  permit  the  relative  shear  motions 
between  metal  surfaces  to  be  absorbed  as  shear  strain  within  the  adhesive 
itself  (no  relative  motion  between  adhesive  and  the  metal  adherents). 

This  is  the  principle  of  sound  deadening  tape,  which  has  been  in  use  for 
about  a  decade.  However,  there  was  until  revently  very  little  interest 
in  the  utilization  of  adhesive  damping  in  structural  joints.  The  poten¬ 
tial  contribution  of  this  approach  became  more  apparent  recently  when  it 
was  found  that  the  damping  capacity  of  viscoelastic  adhesives  (as  a 
material)  in  shear  is  very  large  as  discussed  later.  Furthermore,  it 
was  also  found  that  viscoelastic  adhesives  can  withstand  very  large  cyclic 
shear  strain  without  deterioration.  This  combination  Indicates  that  a 
properly  optimized  adhesive  joint  (thickness,  for  example,  adjusted  prop¬ 
erly  in  accordance  with  its  stiffness  and  other  properties)  can  dissipate 
very  large  damping  energy.  Furthermore,  this  damping  mechanism  not  only 
avoids  corrosion  and  fretting  problems  but  also  simplifies  the  problem 
of  maintaining  optimum,  conditions  during  service.  This  damping  mechanism 
and  its  use  and  optimization  in  systems  or  configurations  is  discussed 
later. 
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III.  'MATERIAL  DAMPING 
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Materials  are  not  perfectly  elastic  even  at  very  low  stress  levels. 
Inelasticity  in  materials  manifests  itself  in  a  variety  of  different 
ways.  Under  cyclic  stress,  for  example,  inelastic  behavior  takes  the 
form  of  a  stress-strain  hysteretic  loop,  such  as  that  illustrated  in 
Figure  3.  Although  such  loops  are  always  present  at  stress  of  engineer¬ 
ing  interest  they  are  often  too  narrow  to  be  observed  by  conventional 
methods.  The  shape  of  the  loop  depends  on  the  damping  mechanism 
operative. 

Many  different  types  of  inelastic  mechanisms  and  hysteretic  phenom¬ 
ena  have  been  identified.  For  purposes  of  this  paper  the  damping  classi¬ 
fication  given  in  Table  I  is  appropriate.  Referring  to  the  main  heading 
of  Table  I  the  various  damping  phenomena  and  mechanisms  may  be  identified 
under  two  main  headings:  "dynamic  hysteresis"  and  "static  hysteresis". 
Dynamic  hysteresis  is  discussed  first. 

Dynamic  hysteresis  is  sometimes  identified  as  viscoelastic,  rheolo¬ 
gical,  and  rate-dependent  hysteresis.  It  is  observed  in  materials  having 
essentially  linear  stress-strain  laws  which  are  describable  by  a  differ¬ 
ential  equation  containing  stress,  strain,  and  time  derivatives  of  stress 
or  strain.  These  differential  equations  need  not  be  linear.  Further¬ 
more,  they  can  include  terms  which  allow  for  permanent  set  such  as  OB 
after  cycle  OAB  in  Figure  3* 

One  important  type  of  dynamic  hysteresis,  a  specif.l  case  which 
Zener  (S'*  has  labeled  anelasticity,  does  not  include  provisions  for  per¬ 
manent  set  after  a  long  time.  This  means  that  if  trie  load  is  suddenly 
removvG  at  point  B  in  Figure  3,  after  cycle  OAB,  strain  OB  will  gradually 
reduce  to  zero  as  the  specimen  recovers  (or  creeps  negatively )from  point 
B  to  point  0. 

The  terms  anelasticity  and  internal  friction  (damping  in  anelastic 
materials)  have  been  reasonably  well  accepted  by  physical  metallurgists 
for  over  a  decade.  However,  the  more  general  types  of  damping  identi¬ 
fied  here  as  viscoelastic  and  rheological  hysteresis  do  not  have  a  well- 
accepted  name. 

A  distinguishing  characteristic  of  internal  friction  and  the  more 
general  case  of  viscoelastic  damping  is  its  dependence  on  time  derivative 
effects.  Thus,  the  hysteresis  loops  tend  to  be  elliptical  in  shape 
rather  than  pointed  as  in  Figure  3.  Furthermore,  the  loop  area  is  defi¬ 
nitely  related  to  the  dynamic  or  cyclic  nature  of  the  loading  and  the 
area  of  the  loop  is  dependent  on  frequency.  In  fact,  the  stress-strain 
curve  for  an  ideally  viscoelastic  material  becomes  a  single  value 
curve  (no  hysteretic  loop)  if  the  cyclic  stress  is  applied  slowly  enough 
to  allow  the  material  to  be  in  complete  equilibrium  at  all  times  (oscil¬ 
lation  period  very  much  longer  than  relaxation  times).  Thus,  no  hyster¬ 
etic  damning  is  produced  by  these  mechanisms  if  the  material  is  subjected 
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TABLE  X  CLASSIFICATION  OF  TYFES  OF  HYSTERETIC  DAMPING  OF  MATERIALS 


TYPES  OF  MATERIAL  DAMPING 

Name  Used  Here 

DYNAMIC  HYSTERESIS 

STATIC  HYSTERESIS 

Other  Names 

Viscoelastic,  rheological,  and 
rate-dependent  hysteresis 

Plastic,  plastic  flow,  plastic  strain 
and  rate-independent  hysteresis 

Nature  of 

Stress-Strain 

Laws 

Essentially  linear.  Differential 
equation  involving  stress,  strain, 
and  their  time  derivatives 

Essentially  nonlinear,  but  excludes 
time  derivatives  of  stress  or  strain 

Special  Cases 
and  Description 

Anelasticitv.  S racial  because 
no  permanent  set  after  sufficient 
time.  Called  "internal  friction" 

Simplest 

Representative 

Mechanical 

Model 

✓ 

Voigt  unit 

Maxwell  unit 

-A/W — DIE— 

±F 

✓ 

✓ 

✓ 

X 

< 

y 

* 

y 

y 

y 

y 

LY±  ljF  ; 

anelasticity 

,  'VW 

A 

Frequency 

Dependence 

Critically  at  relaxation  peaks 

No,  unless  other  mechanisms  present 

Primary 

Mechanisms 

Solute  atoms,  grain  boundaries. 

Micro-  and  macro-thermal  and  eddy 
currents.  Molecular  curling  and 
uncurling  in  polymers. 

Magnetoelasticity 

Plastic  strain 

Value  of  "n" 
in  D  -  js" 

2 

3  -  up  to 
coercive  force 

2-3  up  to  o-L 

2  to  >30  above  0^ 

Variation  of  i) 
with  Stress 

No  change,  since  n-2-0 

Proportional  to 
a  since  n-2-1 

Small  incr.  up  to  <r  L 
Large  incr.  above  cr  j. 

Typical  Values 
for  tj 

Anelasticitys  <  ,001  to  .01 
Viscoelasticity:  <  0,1  to  >1.5 

0,01  to  0.08 

.001  to  .05  up  to^L 
.001  to  >0.1  above  cr j. 

Stress  Range  of 

Eng.  Importance 

Anelasticity  -  low  stress 
Viscoelasticity  -  all  stresses 

Low  and  medium. 
Sometimes  high 

Medium  and 
high  stress 

Effect  of 

Fatigue  Cycles 

No  effect 

No  effect 

No  effect  up  to  cr^ 
Large  changes 
above  o^ 

Effect  of 

Temperature 

Critical  effects  near 
relaxation  peaks 

Damping  disappears 
at  Curie  Temp, 

Mixed.  Depends  on 
type  of  comparison 

Effect  of 

Static  Preload 

Largs  reduction 
for  small  coercive 
force 

Either  little 
effect  or  increase 
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to  essentially  static  loading.  Stated  differently,  the  static  hyster¬ 
esis  is  zero, 

"Static  hysteresis",  in  contrast  with  dynamic  hysteresis,  involves 
stress-strain  laws  which  are  insensitive  to  time,  strain  or  stress  rate, 
or  other  derivatives.  Thus,  in  a  material  in  which  static  hysteresis 
dominates  the  value  of  strain  is  attained  almost  instantly  for  each  value 
of  stress  and  prior  stress  history  (direction  of  loading,  amplitudes, 
etc.),  independent  of  loading  rate.  Under  cyclic  loading  pointed  loops 
similar  to  Figure  3  are  formed  and  if  the  stress  is  reduced  to  zero 
(point  B)  after  cycle  OAB,  then  OB  remains  as  a  permanent  set  or  residual 
deformation.  Furthermore,  the  shape  of  the  hysteretic  loop  is  independent 
of  frequency. 

The  two  principal  mechanisms  which  lead  to  static  hysteresis  are 
magnetostriction  and  plastic  strain.  Ihus,  Table  I  shows  two  headings 
under  static  hysteresis,  not  only  to  identify  the  mechanisms  operative, 
hut  also  to  provide  a  name  for  describing  their  characteristic  behavior 
discussed  later. 

Table  I  also  shows  the  simplest  representative  mechanical  models 
for  each  of  the  behaviors  classified.  In  these  models  S  is  a  spring 
having  linear  elasticity  (linear  and  single-valued  stress-strain  curve), 

V  is  a  linear  viscous  dashpot  which  produces  a  resisting  force  propor¬ 
tional  to  velocity,  and  C  is  a  coulomb  friction  unit  which  produces  a 
constant  force  whenever  slip  occurs  within  the  unit,  the  direction  of  the 
force  being  opposite  to  the  direction  of  motion.  More  sophisticated 
models  have  been  found  to  predict  reliably  the  behavior  of  some  materials 
(9),  particularly  polymeric  materials. 

The  various  inelastic  mechanisms  indicated  in  Table  I  have  been  dis¬ 
cussed  in  prior  publications  (8)  (9)  (10)  and  will  not  be  reviewed  in 
this  paper.  However,  in  order  to  facilitate  comparisons  to  be  made 
later  with  other  damping  mechanisms  it  is  desirable  to  indicate  magni¬ 
tudes  of  damping  which  can  be  expected  from  structural  materials.  Such 
data  are  given  in  the  bottom  half  of  Table  I,  which  is  self  explanatory. 
The  units  and  symbols  used  are  defined  below 

0*^  =  induced  stress  in  material;  psi 

r  specific  damping  energy  of  a  material  at  induced  stress  0^; 
in-lbs  per  cu-in  per  cycle 

E  z  modulus  of  elasticity;  psi 

**1  :  loss  factor  of  material  =  JL  —  ^9*  (4) 

TT  <j2 

Qf  r  fatigue  strength  of  the  material;  psi 

0^  =  a  limiting  stress  approximately  8Q£  of  0^;  psi 
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Various  criteria  for  comparing  the  damping  properties  of  material 
have  been  used  (10)  ( 11) .  It  has  been  shown  that  a  convenient  and  signi¬ 
ficant  method  for  comparing  the  damping  properties  of  structural  mater¬ 
ials  is  to  plot  damping  energy  versus  ratio  of  induced  stress  to 

fatigue  strength  (ratio  6^/  Cfe).  Such  a  plot  is  shown  in  Figure  4  for 
a  variety  of  common  structural  materials.  For  the  large  group  of  struc¬ 
tural  materials  which  were  not  particularly  selected  for  high  damping 
(excludes  materials  having  large  magnetoelastic  or  plastic  strain  damping) 
and  for  a  variety  of  test  conditions  (10)  the  data  lie  within  a  fairly 
well  established  band  shown  in  Figure  4.  The  approximate  "geometric" 
mean  curve  is  shown  as  the  "dot-dash"in  Figure  4.  Even  though  this  is  a 
two  segment  line  it  can  be  defined  with  sufficient  accuracy  by  the 
following  single  equation: 

D  =  (  ffd  /  ffe)  2l3  6  (  Cd  /  Oe  )8  Eq.  (5) 

Also  shown  in  Figure  4  for  comparison  purposes  are  four  materials 
having  especially  high  damping.  Materials  1  and  2  are  the  magnetoelastic 
alloys  Nivco  10  and  403  alloy.  Nivco  10  (14)  retains  its  high  damping 
up  to  the  stresses  shown  (data  not  available  at  higher  stresses).  How¬ 
ever,  the  403  alloy  reaches  its  magnetoelastic  peak  at  a  stress  ratio  of 
approximately  0.2  and  increases  less  rapidly  beyond  this  point,  up  until 
plastic  strain  damping  becomes  dominant  (at  stress  ratio  of  approximately 
0.8),  beyond  which  damping  increases  very  rapidly.  By  contract,  material 

3  ,  a  Manganese  copper  alloy  (12)  with  large  plastic-strain  damping, 
retains  its  high  damping  up  to  and  beyond  its  fatigue  strength.  Material 

4  is  a  'typical’  viscoelastic  adhesive  (3M  tape  No.  466)  for  which  a 
cyclic  shear  strain  of  unity  is  assumed  to  lie  within  the  fatigue 
strength  (experiments  show  that  a  shear  strain  well  above  unity  does  not 
cause  deterioration  in  the  adhesive  even  after  millions  of  cycles). 

Since  these  damping  data  are  plotted  to  a  logarithmic  scale  the 
superiority  of  the  hi$i  damping  materials  is  not  dramatically  revealed 
by  Figure  4.  However,  Nivco  10,  for  example,  has  a  damping  thirty  times 
as  large  as  the  average  structural  material  in  the  stress  range  shown  in 
Figure  4,  and  the  viscoelastic  damping  is  over  ten  times  as  large  as 
Nivco.  These  observations  on  viscoelastic  adhesives  will  be  utilized 
later. 


844 


IV.  SYSTEM  DAMPING  AND  COMPARISONS  WITH  MATERIALS  DAMPING 


1.  Interface  Slip 

It  has  been  shown  both  theoretically  and  experimentally  (5)(6) 

(7)  that  interface  slip  has  the  potential  for  dissipating  large  damping 
energy.  Still,  engineering  designers  have  made  little  or  no  use  of  slip 
damping.  This  has  been  due  partially,  and  in  many  cases  justifiably,  to 
the  fear  of  fretting  .and  fretting  fatigue  which  may  in  sone  cases  be  a 
greater  evil  than  low  damping.  However,  in  many  cases  the  failure  to 
realize  the  potential  in  slip  damping  is  due  to  unfamiliarity  with  its 
basic  nature  and  design  parameters.  Although  some  slip  damping  is 
present  in  practically  all  structures  this  damping  mechanism  has  not 
been  adequately  studied  in  the  past. 

Reasonably  general  equations  for  slip  damping  have  been  developed 
recently  (6).  However,  since  the  purpose  of  this  paper  is  to  convey 
general  damping  concepts  for  engineering  guidance  only  one  special  case 
shall  be  considered  to  illustrate  the  important  parameters. 

The  case  to  be  discussed  is  the  bileaf  cantilevel  beam  AB 
under  uniform  pressure  P  as  shown  in  Figure  5.  At  very  small  values  of 
exciting  force  F  (or  at  very  large  interface  pressure  P)  the  friction 
at  the  interface  between  beams  A  and  B  is  sufficient  to  prohibit  slip, 
and  the  bileaf  behaves  as  though  A  and  B  were  one  solid  beam  without  an 
interface.  However,  if  the  exciting  force  is  increased  (or  if  pressure  P 
is  reduced)  slip  will  occur  causing  an  offset  at  the  end  of  the  beams 
labeled  S.  Under  cyclic  exciting  force,  slip  S  at  the  end  of  the  beam 
and  also  along  the  entire  interface  will  also  be  cyclic  and  provide  a 
mechanism  for  dissipating  damping  energy.  This  energy  is  a  function 
of  both  the  slip  and  shear  stress  at  the  interface.  Under  large  pressure 
P  the  shear  stress  is  large  but  slip  small;  whereas  under  small  pressure 
P  the  shear  stress  is  small  but  the  slip  is  large.  Since  damping  energy 
depends  on  a  product  of  a  shear  stress  function  and  a  slip  function, 

maximum  damping  will  occur  at  some  intermediate  or  optimum  pressure.  The 

equations  for  defining  the  damping  energy  dissipation  associated  with 
this  interface  slip  have  been  developed  and  are  plotted  in  Figure  5  (b) 
for  one  special  joint  considered  theoretically  and  experimentally  (5). 

This  figure  shows  the  total  damping  D®  due  to  interface  slip  only  as  a 
function  of  interface  pressure  P  and  ratio  of  induced  stress  in  the 
beam  to  its  fatigue  strength  Ge.  The  maximization  of  damping  at  an 
optimum  pressure  of  80  psi  is  clearly  shown  in  this  figure.  Another 

feature  of  this  figure  (to  be  contrasted  later  with  material  damping)  is 

that  the  damping  does  not  change  abruptly  with  stress. 

The  relative  magnitudes  of  slip  and  material  damping  cannot 
generally  be  compared  directly  due  to  the  basic  differences  in  the  mech¬ 
anisms  involved.  The  material  damping  in  a  part  depends  not  only  on  its 
material  composition  and  constitution  but  also  on  stress  amplitude,  the 
volume-stress  function  of  the  part,  and  other  factors  discussed  in  prior 
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publications  (10).  Slip  damping  at  an  interface  depends  on  another  set 
of  parameters,  which  include  the  coefficient  of  friction,  pressure,  shear 
stress,  and  strain  distribution.  Furthermore,  material  damping  occurs 
throughout  the  volume  of  a  part  (a  volume  integral),  whereas  slip  damping 
occurs  at  an  interface  surface  only  (a  surface  integral).  Thus,  the 
two  types  of  damping  are  not  directly  comparable.  Parts  and  joints  can 
easily  be  conceived  in  which  either  slip  or  material  damping  will 
dominate.  Nevertheless,  in  order  to  clarify  the  important  parameters  in 
damping  it  is  desirable  to  make  simplified  comparisons  between  material 
and  slip  damping.  In  these  comparisons  only  two  important  parameters 
shall  be  considered,  interface  pressure  and  maximum  stress.  Other  factors 
such  as  member  geometry,  coefficient  of  friction,  and  types  of  vibration, 
are  held  constant. 


For  comparison  purposes  material  damping  for  the  same  beam 
assembly,  computed  for  a  "representative"  material  defined  by  Eq.  (5) 
(also  see  Figure  4)  is  shown  in  Figure  5  (a).  The  main  features  thi3 
figure  has  are:  (a)  damping  increases  rather  abruptly  at  a  stress  in 
the  vicinity  of  the  fatigue  limit,  and  (b)  interface  pressure  does  not 
significantly  affect  material  damping. 

Both  material  and  slip  damping  are  plotted  in  Figure  5(c),  the 
line  OAD  indicating  the  intersection  between  the  two  surfaces.  The  pro¬ 
jection  of  this  line  on  the  basal  plane  OA'D  indicates  the  combinations 
of  stress  and  pressure  in  which  each  type  of  damping  dominates;  in 
region  S  at  near  optimum  pressure  and  at  intermediate  stress  the  slip 
damping  is  the  larger,  whereas  in  region  M  at  extremely  high  or  low 
pressure  or  at  high  stress  the  material  damping  dominates. 


A  second  criterion  for  judging  resonance  behavior  is  resonance 
amplification  factor  A,  which  varies  inversely  with  damping  as  shown  in 
Equation  2.  Considering  material  damping  only  A  ®  decreases  rapidly 
with  increasing  stress  as  shown  in  Figure  6(a),  from  300  to  10  percent 
of  the  fatigue  strength,  to  12  at  150  percent  of  the  fatigue  strength. 
Interface  pressure  is  not  a  significant  factor  in  material  damping,  as 
observed  previously.  Considering  next  slip  damping  alone  both  interface 
pressure  and  induced  stress  are  important  factors  as  shewn  in  Figure  6(b). 
A  minimum  Aj*  is  attained  under  the  optimum  pressure  of  80  psi  and  at  low 
induced  stress.  If  both  material  and  slip  damping  are  included  in  the 
computation,  then  the  resultant  resonant  amplification  factor  curve 

A®+s  combines  the  features  of  both  curves  as  shown  in  Figure  6  (c). 


Finally,  a  criterion  based  on  the  permissible  exciting  force  Fg 
(see  Equation33)  which  produces  various  amplitudes  of  cyclic  stress  at 
resonance  is  shown  in  Figure  7.  In  order  to  place  the  F  criterion  on 
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a  dimensionless  basis,  the  ratio  g  is  plotted,  F  being  that  alter- 

Fe 

nating  force  vMch  if  applied  statically  will  produce  a  stress  (the 


fatigue  strength)  in  the  beam.  Thus,  Fg  is  an  indication  of  the  conven¬ 
tional  fatigue  strength  of  the  beam  and  F^  at  a  value  of  0^/  Oe  -  1 
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indicates  the  resonant  fatigue  strength .  In  a  system  with  low  damping 
the  exciting  force  F_  can  only  be  a  small  fraction  of  force  F-  (ratio 

g  e 

F_  /F  small)  before  dangerously  hirfi  fatigue  stress  is  developed.  The 
g  e 

shape  of  the  exciting  force  curves  shown  in  Figure  7  are  essentially  the 
same  as  the  damping  curves  shown  in  Figure  5*  Force  F„  is  large  at  low 
stress  under  optimum  pressure  (where  slip  damping  is  large)  and  at  high 
stress  (where  material  damping  is  large). 

2.  Shear  in  An  Interface  Adhesive 

As  discussed  previously  the  fretting  and  surface  corrosion 
associated  with  dry  slipping  (and  developed  even  in  lubricated  surfaces) 
under  optimum  pressure  has  led  to  the  study  of  another  damping  mechanism: 
shear  hysteretic  damping  in  a  viscoelastic  adhesive  layer  located  at  the 
interface  between  rigid  members.  No  shear  slip  between  adhesive  and 
adherents  is  assumed  in  such  a  configuration  and  all  of  the  relative 
shear  displacement  between  adherents  is  taken  up  as  shear  strain  within 
the  adhesive. 

The  shear  properties  of  viscoelastic  materials  are  generally 
specified  in  the  complex  notation: 

Gr  =  Gx  +  iG2  Eq.  (6) 

where  Gr  :  total,  resultant,  or  absolute  modulus  of  rigidity,  or 
A  complex  rigidity 


real  part  of  modulus,  or  storage  modulus 


G2  Z  imaginary  part  of  modulus,  or  loss  modulus 
The  specific  damping  energy  D,  in  terms  of  the  above  notation  is: 

d  =  ttg2  r  2  in-lbs/cu. in. /cycle  Eq.  (7) 

where  Y  -  unit  shear  strain  amplitude  in  the  adhesive  layer 

For  illustrative  purposes  let  us  consider  one  rather  typical 
adhesive*  and  compute  its  energy  dissipation  potential  as  compared  to 
structural  metals.  At  room  temperature  at  50  cycles  per  second  sinus¬ 
oidal  frequency  this  adhesive  has  the  following  moduli  (4):  G-^  =  95  psi, 


^Minnesota  Mining  and  Mfg,  Co.  adhesive  #46 6. 
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=  110  psi,  and  Gr  =  145  (moduli  values  are  about  twice  as  high  at 

250  cycles/sec).  Furthermore,  this  adhesive  can  withstand  large  cyclic 
shear  safely;  shear  strains  greater  than  unity  at  low  frequency  cause  no 
apparent  deterioration  in  millions  of  cycles.  At  unit  shear  strain 
damning  D  =  Tf (I10)(l)2  =  345  in-lbs/cu.in/cycle.  This  damping  energy 
is  about  100  times  larger  than  the  D  values  for  a  "typical"  structural 
metal  at  its  fatigue  limit.  Furthermore,  through  proper  design,  as 
illustrated  later,  the  adhesive  layer  can  be  subjected  to  uniform  shear 
strain,  and  thus  be  capable  of  dissipating  maximum  energy  at  all 
locations.  By  contrast,  most  structural  parts  have  rather  severe  stress 
gradients  and  only  a  very  small  percentage  of  their  total  volume  is  at 
maximum  stress  and  dissipating  maximum  unit  damping  energy  (see  refer¬ 
ence  (10)  for  quantitative  treatment  of  this  factor  through  use  of 
volume-stress  functions).  It  is  thus  apparent  that  viscoelastic  adhe¬ 
sive,  if  properly  used  in  a  configuration  can  dissipate  very  large 
damping  energy. 

In  order  to  clarify  the  general  concepts  involved  in  adhesive 
shear  damping  and  to  illustrate  how  they  can  be  utilized  a  specific 
example  shall  be  briefly  discussed.  In  this  case  it  will  be  helpful 
to  recall  the  general  concept  (10)  that  in  order  to  maximize  damping  it 
is  necessary  to  maximize  the  "effective"  stress  (or  strain)  on  the  inter¬ 
face  layer.  Having  high  shear  stress  locally  only  on  an  interface, 
while  allowing  most  of  the  interface  to  remain  at  a  relatively  low  shear 
stress,  does  not  produce  a  high  "effective"  stress;  most  of  the  interface 
must  be  at  reasonably  high  stress.  Stated  differently  the  integral  of 
the  product  of  local  stress  (or  strain)  and  interface  volume  must  be 
maximized . 

Let  us  examine  first  a  relatively  simple  case  of  optimizing  a 
design  for  maximizing  damping.  Consider  the  circular  plate  (13)  shown 
in  Figure  8(a)  held  so  that  its  edge  is  always  at  zero  slope  but  free 
to  move  radially  as  shown.  As  the  plate  vibrates  with  a  center  amplitude 
,  the  periphery  or  edge  of  the  plate  will  move  radially  with  an 
amplitude  s.  If  now  viscoelastic  material  is  placed  between  the  edge 
faces  of  the  plant  and  its  support,  as  shown  in  Figure  8,  the  radial 
motion  s  provides  a  mechanism  for  dissipating  damping  energy  through 
shear  in  the  viscoelastic  interface  layer.  It  can  be  shown  that  the 
amplitude  s  of  radial  motion  increases  with  the  square  of  plate  deflec¬ 
tion  6  •  The  equations  for  the  damping  energy  dissipated  by  shear  in 
the  viscoelastic  material  in  this  configuration  were  recently  developed 
by  Mentel  (13).  These  equations  may  be  expressed  in  terms  of  a  dimen¬ 
sionless  damping  energy  dissipated  per  cycle  by  the  viscoelastic 

material.  Damping  may  be  maximized  by  optimizing  any  one  of  several 
different  design  or  material  parameters.  In  order  to  illustrate  this 
concept  and  its  application  let  us  consider  the  problem  of  selecting  the 
most  effective  viscoelastic  layer  by  maximizing  the  damping  equation. 

The  manner  in  which  the  total  energy  dissipated  by  a  viscoelastic  layer 
varies  with  its  G-j_  and  Gj  values  (as  defined  in  Equation  6)  is  shown  in 
Figure  8.  The  damping  surface  shown  indicates  that  the  damping  energy 
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dissipation  changes  as  follows:  (a)  it  increases  with  decreasing 
values  of  G-^,  and  (b)  first  increases  with  increasing  values  of  Gg, 

generally  reaches  a  maximum  at  some  optimum  value  of  G^>  as  shown  by 

the  hump  in  the  damping  surface,  and  then  decreases.  The  optimum 
combinations  of  values  for  G^  and  Gj  which  result  in  maximum  damping 
energy  dissipation  for  this  special  case  is  shown  by  the  curve  traced 
in  the  G^_  -  G2  base  plane.  This  trace  shows  that  the  desirable  optimum 

value  for  G2  is  approximately  9  and  this  in  combination  with  a  value  of 
G-j^  less  than  102  maximizes  the  damping. 

It  should  be  emphasized  that  scales  of  Figure  8  are  logarithmic 
and  that  the  differences  in  damping  energy  dissipation  for  different 
combinations  of  G-^  and  Gg  may  be  very  large.  For  example,  for  the  com¬ 
bination  of  G^  equal  to  10°  and  G2  equal  to  1  the  damping  energy  dis¬ 

sipation  is  less  than  10  whereas  under  the  optimum  condition  of  G2 
equal  to  9  and  G-j_  equal  to  10  the  damping  energy  dissipation  is  more 
than  10“^.  The  ratio  of  these  two  values  is  10  .  The  potential  gain 
which  can  be  realized  through  the  optimization  process  is  therefore 
large.  This  comparison  does  not  of  course  consider  material  damping  in 
the  panel  itself. 

It  would  be  instructive  for  general  guidance  to  coirpare  for  this 
case  the  energy  dissipated  by  the  hysteretic  effects  in  the  structural 
material  of  the  panel  with  the  viscoelastic  interface  damping  discussed 
above.  This  is  done  in  Figure  9  which  shows  the  damping  as  a  function  of 
panel  dimensions  h/a  and  panel  center  deflection  6.  The  damping  of  the 
viscoelastic  interface,  optimized  a3  discussed  previously  and  shown  in 
Figure  8,  is  indicated  by  the  plane.  The  er  ,y  which  can  be  dissipat¬ 
ed  through  hysteretic  damping  in  the  structural  .uaterial  itself  is  shown 
on  a  similar  basis  by  the  Dg  plane.  Observe  that  at  low  values  of  h/a 
for  the  panel  the  viscoelastic  interface  damping  is  large  compared  to  the 
material  damping.  The  two  damping  values  are  approximately  equal  for 
instance  at  h/a  of  10“2  and  of  1Q~\  point  A  on  the  intersection  line 
AB.  For  large  values  of  h/a,  and  particularly  for  small  values  of  £  , 
the  material  damping  is  'ger  than  the  viscoelastic  damping. 

The  total  damping  of  the  panel  is,  of  course,  the  sum  of  the  two 
contributions.  The  differences  between  the  two  in  some  regions  of  the 
h/a  and  parameters  is  very  large  (observe  logarithmic  scales).  It  is 
thus  important,  before  deciding  on  how  to  increase  the  total  damping  in 
a  system,  to  know  which  of  the  two  contributors  offers  the  greater 
potential.  For  example,  in  those  regions  where  viscoelastic  damping 
dominates  relatively  little  can  be  gained  in  total  damping  by  material 
substitution,  heat  treatment,  or  mechanical  processing  for  higher  damping. 
If,  for  example,  the  material  damping  is  only  one  percent  of  the  total, 
a  1000$  increase  in  material  damping  will  increase  the  total  damping  by 
only  ten  percent.  It  is  thus  apparent  that  before  total  damping  can  be 
increased  significantly  it  is  first  necessary  to  decide,  by  analyses  such 
as  indicated  above,  wherein  the  greater  potential  gain  lies.  Then  a 
decision  can  be  made  on  whether  to  concentrate  on  improving  the  materials 
or  i^e  design. 
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Fig,  9  Comparison  of  Adhesive  Interface  Damping  and  Material 
Hysteretic  Damping  for  a  Circular  Plate „ 


An  analytical  approach  such  as  outlined  above  also  enables  study¬ 
ing  the  effects  of  changes  in  design  and  material  parameters  other  than 
those  considered  above  (13).  Curves  and  surfaces  similar  to  those  shown 
in  Figures  £  and  9  may  be  constructed  to  clarify  the  significance  of 
many  different  design  parameters. 

3.  The  "Design  Optimization"  and  "Surface  Addition"  Approaches  for 

Increasing  Damping 

The  approach  discussed  above  might  be  identified  as  the  "design 
optimization"  approach.  Its  object  is  to  suggest  the  proper  proportions 
and  materials  for  a  configuration  which  must  have  high  damping.  However, 
in  practice  it  is  usually  difficult  to  change  an  existing  design,  yet 
there  is  often  room  to  add  a  surface  treatment  to  increase  the  damping  of 
a  member  vAiich  otherwise  cannot  be  changed  radically.  Examples  of  such 
a  "surface  addition"  approach  are  damping  coatings,  damping  tapes,  spac¬ 
ing  layers,  sandwich  additions,  and  other  types  of  layered  construction. 
Various  types  of  surface  additions  have  been  tried  in  the  past.  Three 
of  the  more  important  types  are  described  below. 

One  of  the  earliest  approaches  for  increasing  the  damping  of 
panels  is  to  add  a  thick  layer  of  viscoelastic  or  similar  type  of  material 
(identified  by  heavy  cross-hatching  in  Figure  10)  to  a  panel.  As  the 
panel  is  subjected  to  cyclic  bending  deflections ±d,  cyclic  direct 
strain  (tension-compression)  is  developed  in  the  viscoelastic  layer,  as 
shown  in  Figure  10  by  the  difference  in  the  lengths  of  line  Ar  B'  (>  A  B) 
and  A"  B"  «  A  B).  Although  reasonably  satisfactory  in  some  types  of 
panel  noise  problems,  this  approach  for  increasing  damping  is  generally 
ineffective  since  the  cyclic  strain  in  the  viscoelastic  coatipg  is 
usually  small  and  only  a  small  percentage  of  the  damping  capacity  of  the 
viscoelastic  layer  is  utilized, 

A  second  "conventional"  surface  addition  approach  for  increasing 
damping  involves  the  addition  of  so-called  "sound  damping  tape".  This  is 
a  configuration  shown  schematically  iri  Figure  11,  consisting  of  a  thin 
layer  "A"  of  viscoelastic  adhesive  (thickness  exaggerated  in  figure  for 
clarity)  and  a  backing  band  or  tape  "T",  usually  aluminum  or  some  other 
metal.  The  mechanism  of  energy  dissipation  in  this  case  is  one  of  shear 
in  the  viscoelastic  layer  as  shown  schematically  by  the  distortions  in 
the  cross-hatch  bands.  As  the  beam  flexes,  the  viscoelastic  layer, 
located  well  above  the  neutral  axis  and  restrained  by  the  backing  tape, 
receives  a  cyclic  shear,  as  shown  in  the  figure,  and  thus  dissipates 
energy.  However,  as  in  the  case  of  the  viscoelastic  coating  shown  in 
Figure  10  only  a  very  small  percentage  of  the  damping  which  the  visco¬ 
elastic  layer  is  capable  of  dissipating  can  generally  be  realized.  For 
most  thin  beams  or  panels  the  distance  between  the  neutral  axis  of  bend¬ 
ing  and  the  place  of  the  viscoelastic  adhesive  is  so  small  that  the  cyclic 
shear  strain  imposed  on  the  adhesive  is  well  below  its  limits;  thus  the 
energy  dissipation  is  also  well  below  the  capacity  of  the  adhesive. 


An  improvement  on  the  damping  tape  method  shown  in  Figure  11 
involves  a  spacing  layer  (14)  (15)  shown  in  Figure  12(a).  This  spacer 
locates  the  viscoelastic  layer  further  from  the  neutral  axis  and  thus 
increases  the  cyclic  shear  associated  with  a  given  cyclic  flexing. 
Theoretically,  the  damping  energy  which  can  be  dissipated  by  the  adhesive 
shear  mechanism  can  be  greatly  increased  by  such  a  spacing  layer.  How¬ 
ever,  there  are  some  practical  limitations.  In  order  to  be  effective, 
the  spacing  layer  must  be  reasonably  thick.  Furthermore,  most  appli¬ 
cations  require  a  low  density  -aterial  to  avoid  excessive  weight  and  cost. 
Unfortunately,  low  density  spacing  layers,  or  core  materials,  have 
relatively  low  shear  modulus.  Thus,  as  illustrated  in  Figure  12(b)  much 
of  the  cyclic  shear  which  would  otherwise  be  transmitted  to  the  visco¬ 
elastic  adhesive  may  be  lost  as  shear  strain  in  the  core  material.  For 
a  rigid  spacing  layer  (Figure  12(a))  all  the  cyclic  shear  strain  Y0  is 
felt  by  the  adhesive,  whereas  for  a  low  density  spacing  layer  having 
relatively  low  shear  modulus,  Figure  12(b),  the  available  total  cyclic 
shear  ^ 0  is  partially  dissipated  in  the  core  (part  ^c)  leaving  only 

part  *>or  the  adhesive  layer.  Thus,  as  in  the  previous  cases,  the 
adhesive  will  be  subjected  to  relatively  small  cyclic  shear  and  the  full 
potential  of  the  viscoelastic  adhesive  is  again  not  realized. 

A  spacing  layer  approach  can  also  be  used  to  increase  the  dis¬ 
tance  between  a  damping  layer,  such  as  shown  in  Figure  10,  and  the 
neutral  axis  of  bending,  thus  increasing  the  direct  (tens ion- compress ion) 
cyclic  strain.  However,  the  same  difficulty  discussed  above  is  again  en¬ 
countered;  low  shear  modulus  of  low  density  spacers  will  absorb  much  of 
the  available  shear  strain. 

Other  surface  addition  approaches  are  currently  under  study  (16). 
As  in  the  case  of  the  configuration  optimization  approach  it  is  also 
important  in  the  surface  addition  approach  to  carefully  optimize  the 
design  for  maximum  damning.  As  an  illustrative  problem,  consider  the 
solid  beam  AB  shown  in  Figure  13  to  which  lugs  have  been  added  as  shown. 
This  simulates  the  spacing  layer  approach  illustrated  in  Figure  12(a) 
in  that  the  viscoelastic  shear  region  is  moved  a  greater  distance 
from  the  neutral  axis  N.A.  of  the  beam  and  the  cyclic  shear  strain  in 
the  viscoelastic  layer  is  correspondingly  increased.  Equations  which 
have  been  developed  for  this  case  (15 )  show  that,  as  in  the  previous 
case,  it  is  now  possible  to  optimize  any  one  of  several  d esign  and 
material  parameters  and  by  so  doing  to  maximize  the  damping.  However, 
for  illustrative  purposes  we  consider  just  two  of  the  design  parameters : 
(1)  the  thickness  b  and  (2)  the  property  G^/Gg  of  the  viscoelastic  layer. 

For  the  particular  beam  considered  the  total  damping  energy  as  a  function 
of  these  two  parameters  may  be  plotted  as  shown  in  Figure  13.  It  is 
observed  from  this  figure  that  the  optimum  thickness  for  a  variety  of 
viscoelastic  materials  (various  values  of  G- /G^ )  is  approximately  five 
mills.  Furthermore  the  lower  the  ratio  G-j/ug^  the  higher  the  damping 

energy  dissipated  at  the  viscoelastic  layer.  As  the  thickness  decreases 
below  two  mills  the  damping  decreases  very  rapidly  but  as  the  thickness 
increases  above  five  mills  the  corresponding  decrease  in  damping  is 
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relatively  small.  Observations  such  as  these  help  indicate  how 
critically  the  design  must  be  optimized. 

As  in  the  previous  case,  it  is  desirable  to  compare  the  damping 
associated  with  the  hysteretic  effects  in  the  beam  material  itself  with 
damping  associated  with  the  viscoelastic  layer.  Such  a  comparison  is 
made  in  Figure  14.  The  damping  of  the  viscoelastic  layer  as  a  function 
of  two  parameters  (representing  the  material  and  the  geometry  factors 
as  defined  in  Figure  13 )  optimized  to  produce  maximum  damping  is  shown  by 
the  curved  surface.  For  comparison  purposes  the  hysteretic  damping  of 
the  beam  material  itself  stressed  to  its  fatigue  limit  is  shown  as  a 
horizontal  plane  having  an  elevation  of  0.0037.  The  intersection  of  this 
horizontal  plane,  representing  material  damping,  and  the  curved  surface, 

'  representing  viscoelastic  damping,  curve  ABC,  separates  regions  in  which 
each  mechanism  dominates.  Observe  that  for  very  low  values  of  the 
material  and  geometry  parameters  the  material  damping  may  exceed  visco¬ 
elastic  damping  and  that  for  intermediate  and  high  values  of  these  two 
parameters  the  viscoelastic  interface  damping  is  much  larger  than  the 
material  damping.  At  the  best  combination  of  the  two  parameters  shown 
in  the  figure  the  viscoelastic  damping  is  approximately  20  times  as  large 
as  the  material  damping. 

Other  cases  illustrating  design  factors  inportant  for  high 
viscoelastic  damping  are  discussed  in  references  (16)  and  (13). 
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7.  CONCLUSIONS  AND  CLOSING  REMARKS 


1.  In  the  past  either  the  natural  frequency  of  a  system  or  its 
exciting  frequency  could  generally  be  adjusted  to  avoid  resonant  con¬ 
ditions.  However,  this  is  no  longer  possible  in  many  types  of  aero¬ 
space  vehicles.  In  particular,  many  types  of  random  excitation,  espec¬ 
ially  those  of  acoustical  origin,  cover  such  a  wide  frequency  band  that 
resonant  vibrations  can  no  longer  be  avoided. 

2.  The  design  concepts  of  former  years  are  inadequate  to  deal 
with  the  fatigue  problem  associated  with  resonance  amplification.  Al¬ 
though  Mbeefing-up"  a  structure  for  increased  strength  and  stiffness 
has  "fixed"  resonant  fatigue  difficulties  in  some  cases,  this  approach 
cannot  be  considered  a  long  term  engineering  solution.  Not  only  is  the 
cost  and  weight  penalty  large  in  such  an  approach  but  also  it  is  totally 
inadequate  to  meet  the  problems  encountered  in  many  of  the  newer  types 

of  aero-space  vehicles.  Ihus,  the  greater  utilization  of  structural  damp¬ 
ing  as  an  engineering  property  to  control  resonance  is  a  necessity. 

Looking  to  the  future  it  will  still  be  necessary,  of  course,  to  stiffen 
panels  and  other  configuration  by  using  sandwich  and  other  similar  build¬ 
ups.  However,  if  the  maximization  of  damning  is  also  considered  to  be  a 
design  objective,  in  addition  to  the  stiffness  increase,  then  a  much 
larger  gain  in  resonant  fatigue  strength  can  be  realized  than  using  either 
criterion  alone  to  the  exclusion  of  the  other. 

3.  Whereas  in  the  past  the  damping  of  a  structural  assembly  was 
often  increased  by  the  addition  of  separate  energy  absorption  units 
(dash  pots  and  the  like)  or  energy  transfer  devices  (dynamic  absorbers) 
this  approach  no  longer  provides  an  engineering  solution  for  many  of  the 
newer  types  of  configurations  and  resonance  conditions.  Looking  to  the 
future  the  design  concept  for  optimizing  a  configuration  for  maximum 
inherent  structural  damping  (damping  built  into  the  structure  itself) 
must  be  emphasized. 

A.  The  experimental  and  analytical  knowledge  on  the  major  sources 
of  inherent  structural  damping  (hysteresis  in  structural  materials,  inter¬ 
face  slip,  and  interface  adhesive  shear)  have  now  reached  a  point  where 
application  to  structural  design  is  practicable.  Interface  slip  must, 
however,  be  used  with  caution  because  of  the  fretting  and  corrosion  it 
may  produce. 

5.  The  relative  importance  of  hysteresis  in  the  structural  mat¬ 
erials  and  interface  adhesive  shear  as  damping  mechanisms  depends  on  the 
configuration,  how  it  is  optimized,  and  the  force  regimes  considered. 

In  most  cases  however  structural  materials  are  selected  and  shaped  for 
properties  other  than  large  damping  whereas  the  interface  adhesive  may 
be  especially  selected  and  the  layer  thickness  optimized  for  large 
damping.  In  such  an  optimized  design  the  contribution  of  interface 
adhesive  shear  to  the  total  damping  of  a  structural  system  can  be  very 
sirnificant. 

6.  Looking  to  the  future  the  greater  utilization  of  interface 
adhesive  shear  as  a  damping  mechanism,  both  in  an  optimized  configura¬ 
tion  and  in  surface  addition,  should  be  encouraged. 
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SONIC  FATIGUE  RESEARCH  GOALS 


By 

A,  K.  Hepler 

Boeing  Airplane  Company 
Seattle,  Washington 


The  high  level  of  service  maintenance  for  many  areas  of  secondary 
structure  and  equipment  components  of  current  aircraft  is  attributed 
to  sonic  fatigue.  It  is  established  that  the  energy  source  for  the 
component  loadings  is  the  acoustical  energy  generated  by  the  high 
thrust  jet  engines.  The  acoustical  energy  is  in  the  form  of  pressure 
pulsations  occuring  at  all  frequencies  from  a  low  cps  to  12-14,000  cps. 
Generation,  by  these  pressures,  of  structural  resonant  response  greater 
than  endurance  limit  stresses  results  in  the  problem  of  sonic  fatigue. 

A  series  of  environmental  and  laboratory  tests  were  conducted  to 
develop  different  types  of  structure  capable  of  withstanding  a  current 
requirement  of  approximately  I65  db.  A  resume  of  the  results  of  this 
program  is  presented. 

Through  the  use  of  stress  response  versus  sound  level  change, 
random  s-n  curves  and  environmental  test  data,  changes  in  environmental 
lives  are  predicted  from  single  frequency  horn  test  results. 

The  continued  demand  for  high  thrust  engines  necessitates  the 
development  and  testing  of  structural  arrangements  capable  of  with¬ 
standing  overall  sound  levels  from  175  to  1?8  db.  Agressive  develop¬ 
ment  and  completion  of  this  type  of  research  is  required  to  keep  pace 
with  our  aircraft  performance  requirements. 


SONIC  FATIGUE  RESEARCH  GOAL 


This  paper  presents  some  of  the  aspects  of  a  relatively  new  and  most  serious 
problem  confronting  the  aircraft  industry. 

The  magnitude  of  this  problem  is  measurable  in  cost  and  usage.  The  cost  is 
running  into  millions  of  dollars  to  maintain  aircraft  in  flying  condition.  The 
usage  is  important  when  key  defense  vehicles  are  grounded  for  repairs. 

The  problem,  known  as  sonic  fatigue,  has  arisen  with  the  continuous  use  of 
aircraft  equipped  with  high  thrust  jet  engines. 

The  areas  associated  with  the  sonic  problem  that  will  be  discussed  are: 

1.  The  definition  and  nature  of  the  problem. 

2.  Our  present  design  capabilities  as  related  to  the  anticipated  immediate 
future  sonic  environment. 

3*  Future  research  goals. 


DEFINITION  AND  NATURE  OF  THE  PROBLEM 


In  defining  the  problem  it  may  be  stated  that  "Aircraft  Sonic  Fatigue"  is 
the  type  of  structural  and  equipment  failures  attributed  to  loadings  caused  by 
the  air  pressure  pulsations  (noise)  generated  during  high  thrust  jet  engine 
operation. 

To  understand  the  nature  of  the  noise  or  Sonic  loading,  it  is  necessary  to 
be  familiar  with  some  fundamental  concepts  of  acoustics  and  of  the  response  of 
structures  to  sound.  A  sound  is  essentially  a  fluctuating  pressure  with  the 
number  of  fluctuations  per  unit  time  determining  its  frequency  usually  given 
as  cycles  per  second. 

The  intensity  of  a  sound  is  determined  by  the  displacement  amplitude  and 
frequency  of  these  fluctuations.  The  commonly  used  method  of  expressing  the 
intensity  of  a  sound  is  by  a  decibel  rating.  The  decibel  rating  or  level  is 
ten  times  the  logarithmic  ratio  of  the  intensity  of  the  sound  in  question  to 
a  reference  intensity.  For  most  purposes,  the  reference  intensity  has  arbitr¬ 
arily  been  taken  as  the  threshold  of  hearing.  Expressed  mathematically: 

db  =  MlVi/I, 

where  1^  =  'Intensity  of  the  sound  in  question  (watts/cm^) 

I  =  Reference-intensity  (threshold  of  hearing) 

0  (watts/cm  ) 

The  decibel  level  of  a  sound  may  also  be  determined  by  its  pressure  ampli¬ 
tude,  that  is: 
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db 


Pi 

=  20  log^Q  - 

Po 

where  =  Pressure  oi'  sound  in  question 

Pq  =  Pressure  at  the  threshold  of  hearing 

From  these  logarithmic  ratios,  it  can  be  shown  that  an  increase  of  six 
decibels  results  in  doubling  the  pressure  amplitude. 

Where  a  panel  or  some  composite  structure  is  subjected  to  sonic  loading 
(air  .pulsation)  it  is  forced  to  vibrate.  The  problem  of  sonic  fatigue  arises 
when  the  induced  vibration  amplitudes  result  in  stresses  greater  than  endurance 
limit  stresses. 

As  previously  stated,  the  modern  jet  engine  is  a  powerful  source  for  the 
generation  of  these  sound  (pressure)  pulsations.  Further,  the  sound  generated 
is  completely  random  in  amplitude  and  is  produced  at  all  frequencies.  Therefore, 
with  a  forcing  function  available  at  all  frequencies,  all  components  will  be 
loaded  at  resonance  frequencies.  An  additional  characteristic  of  the  modern 
jet  engine  is  the  fairly  constant  power  level  over  a  rather  broad  frequency  band. 
This  is  illustrated  in  Figure  1. 

The  question  of  why  sonic  fatigue  has  recently  become  a  major  problem  is 
illustrated  in  Figure  2.  Here  may  be  seen  that  the  forcing  function  has  grown 
by  a  factor  of  l8  from  the  J-4?  jet  engines  of  1947  to  the  J57-P43W  engines  of 
1958.  As  a  result  of  this  growth  in  the  magnitude  of  the  forcing  function, 
component  stresses  are  now  being  generated  which  are  greater  than  endurance 
limit  stresses  (for  conventional  construction). 

The  next  question  to  be  answered  is  what  procedures  are  to  be  used  to  solve 
this  complex  problem.  A  pure  analytical  approach  has  not  been  considered  feasible 
due  to  the  complex  nature  of  the  forcing  function  coupled  with  the  completely 
heterogeneous  characteristics  of  the  aircraft  components,  the  type  and  nature  of 
incurred  failures,  etc.  In  fact,  the  probability  of  developing  a  purely  analytical 
analysis  method  to  which  a  high  degree  of  confidence  could  be  attached  for  the 
majority  of  the  problem  areas  still  does  not  appear  too  feasible.  Therefore, 
it  has  been  and  will  continue  to  be  necessary  to  resort  to  testing  to  develop 
the  required  component  arrangements,  types  of  construction,  and  design  experience, 
and  to  establish  component  service  lives  for  present  and  future  designs. 


PRESENT  DESIGN  CAPABILITIES 

Before  stating  where  future  sonic  research  efforts  should  be  applied,  it 
appears  appropriate  to  briefly  outline  present  capabilities. 

Utilizing  the  testing  philosophy  of  the  preceding  section,  extensive  develop¬ 
ment  work  both  in  the  laboratory  and  in  the  true  aircraft  environment  has  been 
conducted  over  the  last  six  years  at  Boeing.  Representative  of  the  areas  investi¬ 
gated  are  the  structural  arrangements  shown  in  Figure  J>„ 
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PRESSURE  VS.  SOUND  LEVEL  -  FIGURE  2 


SOUND  LEVEL-DECIBELS  (150  -  600  CPS) 


laminated  skin 


BONDED  SKIN-STIFFNER  PANELS 
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ALUMINUM 
STEEL 


FIBERGLASS 

ALUMINUM 

STEEL 


ACOUSTIC  TAPE 


DAMPING  LAYERS 

FIBERGLASS  SPRAYED  FOAM 


CHEMILLED  SKIN 


FIGURE  3  STRUCTURAL  ARRANGEMENTS  SONIC  TESTED 


Briefly  some  significant  items  resulting  from  the  sonic  study  effort  are: 

lo  Honeycomb  structure  is  a  relative  lightweight  structural  arrangement 

for  use  in  high  sonic  environments.  Of  considerable  importance  here  was 
the  development  and  testing  of  edge  arrangements  and  attachments  as  shown 
in  Figure  40 

2.  Skin  stiffener  arrangements  were  developed  with  sonic  fatigue  lives 

of  more  than  100  times  that  of  conventional  structure.  Figure  5  illustrates 
the  arrangements  considered  in  the  program  and  the  large  increase  in  life 
obtained  with  the  bonded  doubler  back  to  back  angle  arrangement. 

3.  True  airplane  environmental  testing  is  needed  for  prediction  of  com¬ 
ponent  service  life.  The  complexity  of  the  forcing  function,  structural 
arrangements  and  structural  response  prevents  satisfactory  overall  evalua¬ 
tion  with  a  single  frequency  noise  generator. 

4.  Documentation  was  accomplished  to  record  the  many  types  of  sonic  failures 
associated  with  service  usage  and  laboratory  testing.  Included  in  this  doc¬ 
umentation  were: 

a.  Sound  Levels 

b.  Detail  Description  of  Failures 

c.  Engine  Operating  Time  Before  Component  Failure 

d.  Method  of  Redesign 

5«  Test  results  were  correlated  to  aircraft  service  life.  A  theoretical 

method  was  developed  for  correlating  life  improvements  in  horn  and  environ¬ 
mental  tests  to  corresponding  improvements  in  service  life  and  predicting 
service  life  from  environmental  testing.  The  method  employs  a  random  ser¬ 
vice  curve  to  predict  service  life  based  on  a  test  life  under  corresponding 
random  excitation.  The  essential  steps  of  the  method  are  outlined  'n 
Appendix  A. 

Through  this  program  there  have  been  developed  structural  arrangements  capable 
of  withstanding  environmental  sound  levels  of  the  order  of  165  db  in  the  150-300 
cps  octave  bond.  As  weapon  systems  under  current  development,  in  general,  have 
acoustical  environments  less  than  167  db,  many  of  the  immediate  future  sonic 
problems  can  be  solved  by  the  rigorous  application  of  the  results  of  these  develop¬ 
ment  programs. 

In  summarizing  our  current  capabilities,  it  is  the  author's  opinion  that 
currently  available  test  data  provides  the  basis  for  information  required  for 
many  cf  the  immediate  future  structural  design  sonic  problems.  The  thin  gages, 
brazing,  welding  and  mechanical  attachment  problems  and  material  characteristics 
represent  some  of  the  new  problem  areas  associated  with  the  use  of  steel  in 
design.  However,  employment  of  the  concepts  developed  during  the  aluminum 
program  will  give  acceptable  answers  in  many  of  these  areas.  Further,  the  com¬ 
plexity  of  any  structural  assembly  dictates  the  necessity  of  environmental  test¬ 
ing. 
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FUTURE  RESEARCH.  GOALS 


With  the  future  prospects  of  designing  to  an  environment  of  175  to  1?8  db 
in  the  150  to  600  cps  band  (in  the  1965  -  1970  period),  it  is  apparent  that  a 
considerable  amount  of  work  must  be  accomplished  to  develop  efficient  light 
weight  structural  arrangements.  Service  life  of  from  one  minute  to  3  to  4  hours 
at  these  levels  must  be  considered. 

The  necessity  of  accomplishing  major  portions  of  this  development  work  in 
as  short  a  period  as  possible  cannot  be  over  emphasised.  In  the  past,  an  inade¬ 
quate  state  of  the  art  existed  for  solving  the  sonic  problems,  therefore,  air¬ 
craft  fabrication  has  actually  preceeded  development  and  testing.  Hence,  very 
costly  maintenance  problems  have  resulted  as  the  aircraft  are  put  into  service 
without  adequate  evaluation.  It  is  of  necessity  that  present  research  efforts 
eliminate  this  condition. 

The  areas  requiring  research  and  development  efforts  are  many  and  varied. 

Based  on  past  environmental  testing  and  the  types  of  failures  experienced  during 
this  testing,  a  few  problem  areas  are  apparent  that  require  solutions  for  accomp¬ 
lishing  satisfactory  designs: 

1.  Structural  Arrangements  -  All  designs  are  represented  by  an  array  or 
assembly  of  structural  elements.  Also,  the  response  of  any  element  is  depend¬ 
ent  on  the  characteristics  of  the  assembly.  Therefore,  in  addition  to  study¬ 
ing  the  simple  panel  problem,  structural  assemblies  (representative  of  design 
arrangements)  must  be  studied  and  tested, 

2.  Attachments  -  The  problem  of  attaching  structural  elements  is  of  major 
importance.  Development  work  must  cover  all  types  of  welding,  bonding  and 
mechanical  attachments  including  blind  attachments  and  quick  disconnect 
fasteners. 

3.  Structural  Joint  Design  Techniques  -  It  is  in  this  area  that  the  majority 
of  the  sonic  failures  occur.  Also  in  this  area,  the  stress  analysis  and 
stress  concentrations  become  so  complex  that  rigorous  theoretical  analysis 

is  impractical.  However,  this  is  the  problem  area  which  requires  satis¬ 
factory  solutions  to  provide  acceptable  service  aircraft* 

4.  New  Materials  -  The  advent  of  the  super  alloys,  ceramics  and  other 
materials  programmed  for  the  future  high  speed  vehicles  present  many  areas 
requiring  research  to  provide  satisfactory  sonic  service  fatigue  lives. 

The  low  ductibility,  stress  concentration  sensitivity,  and  attachment  prob¬ 
lems  represent  but  a  few  of  the  problem  areas  associated  with  these  new 
materials. 

5.  Testing  -  The  development  of  test  equipment  must  keep  pace  with 
improvements  in  design  methods  and  materials.  Two  items  of  considerable 
importance  for  future  sonic  fatigue  testing  ore: 


a.  Development  of  the  Random  Noise  Generator  ~  Preliminary  work  at 
Boeing  utilizing  a  modulated  air  valve  has  shown  satisfactory  duplica¬ 
tion  of  recorded  engine  sonic  environments  up  to  600  cps.  Resulting 
from  this  type  of  testing  will  be  considerable  improvement  in  the 
correlation  of  laboratory  results  to  true  environment. 

b.  Necessity  of  Evaluating  Structural  Assemblies  -  The  necessity  of 
evaluating  the  structural  assembly  rather  than  a  single  element  under 
idealized  supports  can  not  be  over  emphasized, 

6,  Test  Correlation  -  In  order  to  correlate  various  test  data  and  to  define 
accelerated  test  requirements,  there  is  a  need  for  the  development  of  random 
s-n  curves  based  on  present  and  future  aircraft  materials.  Although  analytical 
methods  utilizing  an  assumed  force  distribution  and  accumulative  damage 
theories  have  been  developed,  adequate  experimental  verification  is  required, 

7,  Acoustical  Environment  -  The  complexity  of  the  forcing  function  con¬ 
stantly  results  in  new  problem  areas.  The  desire  to  test  larger  components 
requires  knowledge  of  the  time-space  correlation  of  the  forcing  function. 

This  requires  continued  research  into  the  character  of  the  sound  field. 

To  date  the  problem  appears  too  complex  to  obtain  the  required  degree  of 
reliability  from  a  purely  theoretical  analysis.  However,  because  of  timing  and 
cost  of  testing,  it  is  of  extreme  importance  that  fundamental  analytical  tools 
be  developed  to  aid  the  engineer  in  designing  a  reliable  structure,  of  minimum 
weight. 

The  solutions  to  the  problems  of  sonic  origin  will  involve  many  new  and  unique 
concepts.  For  example,  one  area  of  considerable  interest  and  promise  for  future 
research  is  the  field  of  damping  devices  or  techniques.  A  series  of  methods  have 
been  investigated  at  Boeing  with  the  most  promising  being  a  free  mass  damper. 

Figure  6  illustrates  one  of  the  arrangements.  It  should  be  noted  that  at  reson¬ 
ance  a  damping  of  approximately  55  percent  of  the  original  amplitude  was  achieved 
for  a  weight  penalty  of  3  percent  of  the  basic  panel  weight. 


CONCLUSIONS 

Present  capabilities  developed  through  a  series  of  both  laboratory  and  engine 
environment  testing  will  answer  many  of  the  sonic  problems  of  the  immediate  future 
with  aluminum  designs.  The  advent  of  high  strength  steels  and  super-alloys  and 
ceramics  present  new  problems.  However,  with  the  acoustical  environment  antici¬ 
pated  for  the  immediate  future  many  of  these  problems  can  be  solved  using  tech¬ 
niques  developed  during  the  aluminum  program. 

During  the  coming  decade,  structural  arrangements  capable  of  operating  in 
an  acoustical  environment  of  175  to  180  db  will  be  required.  Service  lives  of 
from  one  minute  to  3  to  4  hours  at  these  levels  can  be  expected. 

The  past  and  present  maintenance  costs  that  are  directly  attributed  to 
sonic  fatigue  dictate  the  necessity  that  we  not  only  aggressively  pursue  the 
outlined  research  goals,  but  insure  that  all  available  criteria  are  consider  1 
in  all  new  designs. 
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APPENDIX  "A" 


SONIC  FATIGUE  LIFE  PREDICTIONS 


The  use  of  accelerated  environmental  and  laboratory  testing  leaves  the 
service  life  in  doubt.  A  theoretical  method  was  developed  for  correlating  life 
improvements  in  horn  and  environmental  tests  to  corresponding  improvements  in 
service  life  and  predicting  service  life  from  environmental  testing. 

The  essential  steps  of  the  method  are: 

1,  For  the  particular  component  in  question,  sound  levels  and  number  of 
resonant  responses  must  be  estimated  for  various  segments  of  the  aircraft 
mission. 

The  relative  stress  levels ^/(T0f or  the  various  segments  of  the  mission 
are  then  obtained  from  Figure  7  using  as  a  base  the  test  sound  levels. 

CT  a  root  mean  square  stress  for 
segment  under  consideration. 

=  root  mean  square  stress  for 
test  condition. 

2,  To  relate  sinusoidal  (constant  amplitude)  loading  fatigue  life  to 
that  obtained  from  a  random  type  loading  it  is  necessary  to  construct 
random-  s-n  curves.  Using  a  Rayleigh  load  distribution  for  the  random 
loading,  a  random  s-n  curve  is  developed  and  plotted  on  Figure  8.  The 
associated  sinusoidal  (constant  amplitude)  curve  is  also  shown  in  Figure 

.  8. 

3,  In  order  to  compare  the  service  life  to  the  test  life  demonstrated  by 
a  random  environmental  test,  a  random  service  life  s-n  curve  is  required. 

This  curve  relates  the  number  of  cycles  to  failure  in  service  to  a  non- 
dimensionalized  r.m.s.  test  failure  stress  (stress  rates:  ® /(T\  .  To  con¬ 
struct  this  random  service  life  s-n  curve,  several  values  ior  the  r.m.s. 
stress  ratio  for  the  environmental  test  are  selected.  The  stress  ratio 

for  the  various  segments  of  the  service  operation  are  determined  by  multiply¬ 
ing  the  selected  r.m.s.  test  stress  ratio  by  the  stress  ratio  for  each 
flight  segment.  A  Rayleigh  distribution  is  then  applied  to  these  deternyLn^d, 
stress  ratios  and  the  total  damage  incurred  per  year  is  accumulated  by^> 
where  0  to  j  includes  the  Rayleigh  distribution  of  occurrances  near  and  over'* 
the  ultimate  stress  of  the  material.  Shown  in  Figure  8  are  two  random 
service  s-n  curves  obtained  by  applying  the  above  procedure  to  the  example 
mission  profile  of  Figure  9* 


USE  OF  CURVES 

The  superposition  of  these  curves  on  Figure  8  permits  the  prediction  of 
the  increase  in  environmental  random  test  time  from  an  increase  in  horn  test 


PENNY  PIE  DAMPER 


IQUENCY 


FIGURE  9 


ONE  YEARS  SERVICE  OPERATION  -  EXAMPLE 
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[l^>  Change  in  sound  level  with  respect  to  test  levels. 
|2^>  Sound  pressure/test  sound  pressure, 

6>  Stress  Ratio  stress/test  stress  (Reference  Figure  7). 

Stress  Ratio  stress/test  stress  (Reference  Figure  7). 
Cycles  based  on  resonant  frequency  of  250  cps. 
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time  or  to  predict  increases  in  service  life  from  increases  in  either  horn  or 
random  environmental  test  time. 

It  is  also  possible  to  predict  increases  or  decreases  in  test  time  or 
service  life  produced  by  specific  changes  in  decibel  level. 

Example  I: 

1.  Component  Part  "A"  failed  in  1.5  hours  of  random  environmental  test 
time.  Resonant  frequency  of  sheet  metal  part  of  Component  "A"  which 
failed  is  225  ops. 

2,  Determine  service  life  of  Component  "A". 

Number  of  Cycles  to  Failure 

N_  =  225  x  5600  x  1.5  =  1.215  x  106  Cycles 

K 

Apparent  Random  r.m.s.  Stress  Amplitude 

(  =  .170  From  Figure  8  (Random  Environmental  Curve) 

Number  of  Cycles  to  Failure  In-Service 

O 

N.  =  7.0  x  10  From  Figure  8  Opposite  (  )„  =  .170  on 

Service  Life  Curve 

Service  Life 

Hrs.  =  Ng/225  x  3600  =  7.0  x  108/225  x  3600  =  864  Hrs. 

Example  II: 

1.  Part  "B"  a  honeycomb  panel  fails  after  1:15  of  random  environmental 
test  time  with  an  engine  producing  160  db  in  the  150  to  600  cps  band  width, 
or  an  equivalent  of  800  service  hours. 

2.  Part  "B"  fails  after  0:30  of  horn  test  time  ut  160  db  with  a  resonant 
frequency  of  250  cps. 

3.  Part  "C"  an  improved  part  "13"  fails  after  4:00  of  horn  test  time  at 
160  db  with  a  resonant  frequency  of  250  cps. 

4.  Estimate  the  service  life  of  part  "C"  if  more  powerful  engines  produc¬ 
ing  l63  db  in  the  150  to  600  ops  band  width  are  used,  as  well  as  the  service 
life  if  the  original  160  db  engines  were  used. 
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Number  of  Cycles  to  Failure  ("B")  (Environmental  Test) 

NRB  =  1.25  x  250  x  3600  =  1.125  x  106  Cycles 

Apparent  Random  r.m.s.  Stress  Amplitude  (Environmental  Test) 

(  9(TJ  )Rjj  =  *172  From  Figure  8  (Random  Environmental  Curve) 

Number  of  Cycles  to  Failure  Part  "B11  (Horn  Test) 

=  .5  x  250  x  3600  =  4,5  x  10^  Cycles 

Apparent  Stress  Amplitude  Part  "B11  (Horn  Test) 

(  <%~|  )B^  =  .385  From  Figure  8  (Basic  Material  Curve) 

Number  of  Cycles  to  Failure  Part  HC11  (Horn  Test) 

NCH  «  4.0  x  250  x  3600  =  3.6  y.  106  Cycles 

Apparent  Stress  Amplitude  Part  "C11  (Horn  Test) 

(  )C^  =  .338  From  Figure  8  (Basic  Material  Curve) 

Ratio  of  Stress  Improvement  Part  "C11  to  Part  ^B1* 

(  °y<r,  )CH  (  °7<rx  )Bh  =  *338/. 385  4  .878 

Change  in  Random  r.m.s.  Stress  ftom  3  db  Increase 

(Vff*,  )  +  3db/(<r/<r,  )  =  1.275  Figure  7 

Predicted  Random  Service  r.m.s.  Stress  Part  "C11  (163  db) 

(^/(T,  )R0  x  1.275  x  (<%-»  )CH/  (  )Bh  =  (  r/<Tx  )2C 

.172  x  1.275  x  .878  =  .1927 

Predicted  Number  of  Cycles  to  Failure  Part  "C11  in  Service  (l63db) 

^Cg  =  3*5  x  108  From  Figure  8  Opposite  ( *%*,  )R^  =  «1927  on 

0  Service  Life  Curve 

Predicted  Service  Life  (163  db) 

NCc./250  x  3600  =  3.5  x  108/250  X  3600  =  389  Hours 


Predicted  Random  Service  r.m.f  Stress  Part  "C11  (lbO  db) 

(  %\  )Rg  x  (  )cH/  -  7(T,  )Bn  =  (  %  )RC 

Predicted  Number  of  C  ,les  to  Failure  Part  "C11  in  Service  (l60  db) 


Nc  =  2.2  x  10^  From  Figure  8  Opposite  (  Tf,  )R 

s 

Predicted  Service  Life  (l60  db) 


NCo/250  x  3600  =  2.2  x  109/250  x  360  =  2440  Hours 
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Mr.  C.  E.  Reichert,  Wright  Air  Development  Center 
Panel  Members: 

Mr.  Paul  Kuhn,  National  Aeronautics  and  Space  Adm. 

Mr.  I.  Bouton,  Norair 

Mr.  R.  H.  Christensen,  Douglas  Aircraft  Co. 

Mr.  Phil  Parmley,  Wright  Air  Development  Center 
Dr.  B.  J.  Lazan,  University  of  Minnesota 
Mr.  Andrew  K.  Hepler,  Boeing  Airplane  Co. 

Editorial  Note:  Attention  is  directed  to  the  editorial  policies  presented 
in  the  Preface  which  were  followed  in  editing  the  discussions  of  the  Forum. 

CHAIRMAN,  C.  E.  REICHERT: 

I  think  we  will  give  our  first  attention  to  the  question  cards.  I  am  going 
to  ask  Mr.  Kuhn  if  he  will  start  out  with  one  and  we  will  have  the  rotation  in 
which  they  appear  on  the  floor. 

MR.  KUHN: 


This  question  is  from  Mr.  Bennette  of  Chance -Yought:  "What  information 
is  available  regarding  reduction  of  original  static  strength  versus  percentage  of 
available  fatigue  life  use,  for  structural  components?"  I  think  the  percent 
of  available  fatigue  level  used  is  an  impossible  parameter  to  use  for  estimating 
reduction  of  strength. 

To  the  next  part  of  the  question  then:  "Is  there  an  appreciable  reduction 
of  static  strength  before  onset  of  initial  cracks,  or  are  cracks  the  only  reason 
for  a  reduced  static  strength?"  There  is  not  very  much  information  on  change 
of  properties  before  onset  of  the  crack.  In  some  cases  there  is  a  slight  reduc¬ 
tion  and  in  some  cases  there  is  a  slight  increase.  In  either  case,  however,  the 
effect  is  negligible  for  practical  purposes. 

I  think  the  third  part  of  the  question  is  the  same  thing,  so  I  can  skip  that. 
CHAIRMAN: 

I'll  have  Buzz  Bouton  pick  one  up. 

MR.  BOUTON: 

I  have  two  questions  here  that  touch  on  the  same  thing.  On  my  statement 
that  63%  of  the  airplanes  that  have  design  required  life  will  probably  have  failures 
before  attaining  the  average  life  specified;  the  question  is  asked,  "Would  you 
recommend  the  life  requirement  figures  be  multiplied  by  1/.  63?"  My  statement 
was  based  on  the  fact  that  if  you  take  a  series  of  specimens  that  have  a  certain 
average  life,  say  5000  hours,  and  operate  them  on  the  basis  of  5000  hours,  less 
than  half  of  them  will  still  be  operating  when  5000  hours  is  reached.  Looking 
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at  this  from  another  standpoint,  sixty-three  per  cent  of  them  will  already  have 
failed  by  the  time  5000  hours  is  reached.  I  haven't  done  a  real  good  analysis  of 
it.  I  was  just  extrapolating  this  kind  of  thinking  to  the  fact  that  if  our  load 
spectra  are  based  on  the  average  life  figure,  which  as  far  as  I  know  they  all  are, 
for  example,  the  average  number  of  times  that  an  aircraft  exceeds  five  G  in 
10,  000  hours,  I  think  we  should  consider  this  statistical  variation  in  our  thinking. 

I  also  have  an  addition  to  that  question.  Incidentally,  this  question  was 
asked  by  Ed  Griffin  of  BuAer  and  by  Major  Griswold  of  Headquarters,  ARDC. 
Major  Griswold  went  on  to  ask  if  I  would  recommend  that  the  life  requirement 
figures  be  multiplied  by  one  over  point  six  three.  It  was  not  my  intent  to  do  that. 

I  think  it's  quite  possible  that,  if  you  have  a  5000  hour  life  requirement,  while 
63%  of  them  may  have  failed  at  5000  hours,  the  point  at  which  they  would  begin 
to  fail,  would  only  be  4800  hours,  or  something  like  that.  They  are  not  quite  the 
same  thing. 

CHAIRMAN: 

Roy,  let's  have  one  from  you,  please. 

MR.  CHRISTENSEN: 

Mr.  J.  D.  Marble  from  GE:  "From  your  proposal  to  Professor  Gatewood, 
it  seems  that  now  is  the  time  to  transfer  to  strain-analysis  rather  than  stress- 
analysis.  "  He  wants  to  know  if  I  believe  this  is  correct.  I  say  yes.  Maxwell 
Morris  energy  methods  are  now  being  used  in  the  Air  Force.  The  Air  Force  is 
sponsoring,  I  understand,  a  NATO  conference  in  September  in  Aachen,  Germany, 
on  just  this  subject;  the  successes  that  have  been  achieved  in  this  field. 

CHAIRMAN: 

Can  we  let  Dr.  Lazan  have  one? 

DR.  LAZAN: 

The  first  one  I  received  is  from  W.  R.  Winslow  of  WADC:  "Are  any  visco¬ 
elastic  materials,  known  to  have  good  adhesion  and  strength  properties  for  use 
as  bonding  agents,  useful  also  for  dissipating  damping  energy?"  Well,  actually, 
all  adhesives,  partly  tacky,  have  radiological  properties  which  include  the  possi¬ 
bility  for  dissipating  damping  energy;  the  tacky  ones,  generally  speaking,  dissi¬ 
pate  much  more  energy  than  can  the  structural  hard  adhesives,  but  both  actually 
can  dissipate  significant  energy.  It's  just  a  continuous  spectrum,  one  might  say, 
of  damping  and  strain  properties  as  you  go  from  the  hard,  strong  adhesives  to 
the  soft,  tacky  ones.  In  this  connection,  I  think  as  one  looks  to  the  future,  with 
greater  use  of  structural  adhesives,  it  might  be  desirable  to  think  not  only  in 
terms  of  the  strength  of  the  structural  adhesive,  but  also,  possibly,  the  damping 
properties.  Instead  of  selecting  the  hardest,  strongest,  or  most  brittle  adhesive, 
perhaps  these  properties  can  be  considered  along  with  damping  properties  in 
selecting  an  optimum  adhesive  for  a  given  job. 

CHAIRMAN: 

Phil,  how  about  you  grabbing  one  now? 
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MR.  PARMLEY: 


I  have  one  from  Mr.  Galef,  Radioplane  Division  of  Northrop;  he  asks: 

"We  have  frequently  been  instructed  (by  the  Aircraft  Laboratory)  to  design  for  a 
discrete  gust,  one  minus  cosine  shape,  with  a  length  of  25  wing  chords.  A  zero 
margin  on  yield  is  considered  satisfactory  for  the  design  value  gust.  In  light 
of  the  present  concern  over  fatigue,  may  we  expect  a  different  criteria  for  pre¬ 
sent  or  new  projects?"  I  don’t  believe  so.  We  have  very  seriously  considered 
converting  to  the  power  spectral  density  type  gust  requirement,  but  we're  not 
completely  convinced  that  we  can  eliminate  the  one  minus  cosine  design  gust. 

I  don't  think  that  the  aspect  of  fatigue  will  change  our  gust  criteria. 

CHAIRMAN: 

How  about  your  grabbing  one,  Andy? 

MR.  HEPLER: 

I  have  two  here  that  are  very  similar,  so  I  think  I  can  answer  them  at  the 
same  time.  One  is  from  Mr.  Cohen,  AMC  Headquarters;  one  from  Mr.  Sangster, 
Curtiss- Wright.  I  will  read  Mr.  Cohen's:  "Since  the  root  of  the  entire  sonic 
fatigue  problem  is  generated  by  the  propulsion  unit,  why  is  not  more  emphasis 
placed  on  solving  fatigue  problems  on  the  propulsion  unit  itself?" 

Efforts  have  been  made  in  this  direction  through  the  use  of  sonic  sup¬ 
pressors  and  optimum  location  of  the  power  plant  on  the  aircraft.  One  other 
fact  to  keep  in  mind  in  considering  sound  suppressors  is  that,  associated  with 
any  sound  suppressor  is,  a  certain  degradation  in  range,  and  you  must  balance 
this  off  with  what  it  takes  to  resolve  your  acoustical  problems  with  structural 
changes. 

MR.  PARMLEY: 

Well,  I've  got  a  number  here,  most  of  them  very  loaded.  Mr.  Bouton  of 
Norair  asks:  "Why  is  it  important  to  know  what  the  shortest  life  is?  We  have 
always  had  the  situation  where  the  plane  might  be  lost  on  the  first  flight.  There¬ 
fore,  it  should  be  a  question  of  whether  an  early  failure  is  remotely  probable 
rather  than  can  it  happen.  "  We  don’t  know  which  airplane  is  going  to  be  the  one 
that  will  fail  first,  and  it  is  quite  likely  with  some  probability  that  you  can  des¬ 
cribe,  that  the  first  airplane  to  come  off  the  manufacturing  line  would  be  the  last 
airplane  to  leave  service.  Also,  it  could  very  probably  be  that  that  first  air¬ 
plane  would  be  the  one  which  would  receive,  during  its  lifetime,  the  worst  load 
experience.  Each  of  these  parameters  is  statistical  in  nature  and  probably  can 
be  described,  but  the  thing  that  the  Air  Force  wants  to  know  is,  with  some  defini¬ 
tion  of  some  statistical  quantity,  what  is  the  life  probability  of  the  worst  air¬ 
plane.  We  then  would  have  a  definition  which  we  could  not  only  use  ourselves  but 
also  give  to  the  using  command  and  higher  headquarters  for  purposes  of  basing 
procurement  schedules  on  a  system  which  will  have  a  life  that  is  defined.  In 
talking  about  the  worst  airplane,  let  me  take  one  of  the  others  that  Buzz  has 
asked  me.  He  says:  "Your  mention  of  5%  probability  of  failure,  as  an  acceptable 
figure,  interests  me.  Can  you  expand  on  it?  How  was  it  chosen?  Does  this 
really  mean  that  it  would  be  acceptable  to  have  one  out  of  twenty  aircraft  failing 
catastrophically?"  No,  it  is  not  acceptable  for  one  airplane  out  of  twenty  to 


fail  catastrophically,  and  this  is  not  what  I  implied.  I  probably  went  out  on  a 
limb  in  the  first  place  even  mentioning  a  5%  probability,  and  maybe  that  was  a 
poor  time  to  have  said  it;  but,  if  we  have  a  complete  fatigue  analysis  and  the 
results  of  structural  component  and  complete  airplane  tests,  we  have  gained  a 
considerable  amount  of  information  about  the  structure  and  its  characteristics. 

If,  then,  the  items  that  we  know  to  be  most  critical,  or  most  sensitive  as  far 
as  fatigue  is  concerned,  are  inspectable,  I  think  we  can  design  that  structure 
compatible  with  5%  probability  of  failure  at  the  design  life  and  carry  it  by  in¬ 
spection.  By  monitoring  the  load  experience  of  an  aircraft,  either  with  a  re¬ 
corder  or  on  a  statistical  basis,  and  instituting  a  systematic  inspection  and 
maintenance  procedure  wher.  it  reaches  a  prescribed  life,  more  efficient  utili¬ 
zation  of  the  inhered  life  of  an  aircraft  structure  can  be  made.  I  don't  believe 
that  this  kind  of  select^.,  oi  a  probability  design  and  maintenance  procedure  im¬ 
plies  catastrophic  failure. 

MR.  BOUTON: 

There  are  three  questions  here  that  I  think  will  touch  on  the  use  of  statistics 
in  the  design  of  aircraft.  One  is  from  Les  Fero  of  the  Martin  Company:  "Today's 
design  of  tomorrow’s  space  vehicles  may  require  a  more  rational  approach  to 
structural  design  criteria  and  can  be  supported  by  statistics.  The  increased 
ignorance  factors  and  flight  times  of  years  rather  than  hours  may  justify  in¬ 
creased  safety  factors.  Would  you  care  to  comment?"  I  feel  that  something  like 
this  question  of  increased  ignorance  factors  is  involved.  These  are  things  which 
you  can’t  put  into  statistical  criteria.  You  may  have  to  do  it  on  a  judgment 
basis,  but  you  should  be  able  to  estimate  what  your  ignorance  factors  are.  For 
instance,  I  once  predicted  the  loads  on  a  certain  structural  component  to  be  a 
thousand  pounds  plus  or  minus  a  thousand  pounds.  If  that’s  all  the  better  you 
can  estimate  it,  that  is  what  you  have  to  work  with.  I  think  you  could  insert  a 
term  in  your  structural  computations,  not  necessarily  in  your  statistical  analy¬ 
sis,  which  would  compensate  for  the  ignorance  factor.  This  could  also  take 
care  of  this  question  of  years  of  life  rather  than  hours  of  life.  If  you  want  to 
operate  for  years,  and  you  have  a  certain  probability  of  failure  over  these  years, 
this  would  just  have  to  be  accounted  for. 

Another  question  is:  "How  does  the  eight  parameter  program  take  care  of 
the  flow  separation  or  buffeting  inputs  in  the  frequency  range?"  Well,  basically 
I  would  say  that  the  8  channel  data  would  tell  you  where  you  are  in  the  flight 
spectrum.  This,  then,  broken  down  on  a  probability  basis  and  combined  with 
analytical  or  flight  test  load  data,  could  determine  what  loads  you  would  encounter 
when  you  were  in  that  particular  flight  regime. 

The  last  question  was  from  Mr.  Pettingall  of  Douglas  Aircraft  and  Mr. 
Flomenhoft  of  North  American  Aviation,  Columbus  Division:  "Since  so  many 
parameters  are  needed  to  determine  airplane  loads  in  flight,  and  these  don’t 
include  dynamic  effects  from  gust  loading,  would  it  not  now  be  desirable  and 
practical  to  obtain  statistical  measurements  of  structural  loads  directly  by  use 
of  a  strain-gauge  bridge  in  some  critical  location  in  service  airplanes?"  I  might 
point  out  that  in  connection  with  our  statistical  criteria  program  at  WADC,  one  of 
the  questions  that  we’ve  been  asked  to  answer  is:  "Is  there  some  way  that  you 
could  measure  the  flight  loads  of  airplanes  which  are  fully  instrumented  and  esta¬ 
blish  correlation  between  the  8  channel  measurements  and  the  structural  loads 
values  -  let’s  say  the  wing  root  bending  moment,  the  mid-span  torsion,  the  tail 
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loads  and  so  forth?"  This  may  be  feasible.  It  is  possible  that  you  could  establish 
the  relationship  that  way  without  having  to  directly  instrument  the  operational 
airplanes  for  measuring  loads. 

CHAIRMAN: 

Mr.  Kuhn,  do  you  want  to  take  over  now? 

MR.  KUHN: 

This  is  from  Mr.  F.  R.  Stone,  WADC:  "Will  you  please  outline  the 
significant  accomplishments  or  ’break  throughs'  on  elimination  of  aircra  ,'t  fatigue 
problems  which  have  evolved  within  the  past  ten  years  ?"  I  hope  I  don’t  offend 
too  many  publicity- minded  people  by  saying  that  the  research  man,  certainly  in 
his  own  field,  never  sees  any  "break  throughs.  "  He  sees  the  gradual  accumula¬ 
tion  of  knowledge  in  a  stream  that  just  goes  on  and  on. 

The  next  part  of  the  question  is:  "The  ’Gooney  Bird'  (DC-3),  which  pre¬ 
ceded  this  period,  appears  to  have  been  a  design  miracle.  Why?"  Well,  the 
explanation  is  generally  given  in  terms  of  design  stress;  but,  I  hate  to  adrinit 
that,  in  spite  of  almost  thirty  years  in  the  business,  I  still  don't  know  what  a 
design  stress  is.  I  think  it  can  be  explained  in  better  terms  by  saying  that  the 
design  twenty  or  twenty-five  years  ago  was  just  more  conservative.  There  were 
many  simplifying  assumptions  made  that  resulted  in  the  actual  stresses  in  the 
structure  being  much  lower  than  they  are  now.  The  designer  now  utilizes  the 
material  much  more  fully  than  he  did  twenty-five  years  ago. 

MR.  CHRISTENSEN: 

This  question  is  from  John  Klocksiem,  Hughes  Tool  Company,  Aircraft 
Division:  "With  reference  to  fretting ’corrosion,  would  you  care  to  make  any 
recommendations  or  comparisons  of  the  relative  efficacy  of  various  methods  of 
combatting  fretting.  For  example,  in  the  case  of  a  bolted  joint  with  steel  fittings 
subject  to  cyclic  loading,  what  fits,  surface  coatings  or  surface  treatments  (such 
as  shot  peening)  are  good,  and  how  effective  are  they  for  fatigue?"  J'm  sorry  I 
can’t  remember  any  data  on  steel  joints  or  fittings.  However,  we  have  made  some 
tests  on  heavy  aluminum  plates  with  thin  sheets  of  foil  of  gold,  platinum,  nickel 
plate  and  aluminum  in  the  paying  surface.  These  joint?  were  made  with  extremely 
high  carping  stresses  to  purposely  cause  this  type  of  failure  to  occur,  that  is, 
due  to  the  wear  of  the  chafeing  away  from  the  bolt  holes.  Some  of  these  treat¬ 
ments  gave  improvements’  over  the  untreated  joints.  I  can't  remember  just  which 
of  them;  the  gold,  platinum,  nickel  plate,  etc.  But  I  think  it  should  be  remembered 
that  the  fretting  or  chafeing  type  of  failure  -  at  least  in  general  in  the  past  -  has 
always  occurred  later  than  the  type  of  failure  that  would  be  caused  by  a  loose 
joint  for  instance.  A  tightly  clamped  joint  lasts  longer  than  one  that  isn't  clamped 
together  so  tightly. 

Another  question  from  Ron  Smith,  Radioplane:  "Temperature  and  fatigue  - 
creep  may  alleviate  fatigue  in  some  instances;  yet  in  contrast,  creep  relaxation 
of  a  preloaded  bolted  joint  may  induce  a  lower  fatigue  life  for  the  joint.  Has  work 
been  done  on  this?"  This  is  in  line  with  some  of  the  work  we  are  just  starting, 
and  so  far,  the  only  data  we  have  is  on  plain  materials.  Eventually,  though,  we 
are  going  to  have  some  data  on  built-up  joints. 
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CHAIRMAN: 


Professor  Lazan? 

DR.  LAZAN: 

Apropos  to  chafeing  or  fretting  or  whatever  you  want  to  call  it,  I  have  one 
here  from  Klint  of  GE:  "Can  fretting  corrosion  be  minimized  in  slip  damping 
joints  by  use  of  lubricants,  such  as  dry  lubricants?"  We  have  tried  this  on 
several  occasions  and  it  does  improve  the  situation;  however,  slip  joints  that 
are  optimized  for  maximum  damping  are  also,  as  I  indicated  previously,  opti¬ 
mized  from  maximum  fretting,  chafeing,  and  corrosion,  and  under  these  cir¬ 
cumstances  we  could  not  find  any  lubricants  dry  or  otherwise  that  would  do  the 
job. 

Shall  I  go  on  to  another  question? 

CHAIRMAN: 

Yes,  please,  sir. 

DR.  LAZAN: 

The  next  one  is  from  Howard  Wright,  National  Bureau  of  Standards:  "What 
about  'fatigue1,  i.  e.  ,  deterioration  of  the  visco-elastic  materials  with  vibration 
and  time?"  The  visco-elastic  materials  will  begin  to  deteriorate  at  very  high 
strains,  I  don't  know  how  you  define  fatigue  under  these  circumstances  but  there 
is  ct  tendency  for  separation  and  the  like.  The  typical  material  that  we  work  with 
could  be  carried  to  a  shoe  strain  of  five.  This  may  seem  rather  ridiculous  but  it 
is  five;  that's  what  it  takes.  The  value  used  in  the  slide  as  a  fatigue  limit  was 
one.  In  a  sense,  the  slide  that  would  show  visco-elastic  damping  was  conserva¬ 
tive  by  this  one  factor.  In  the  case  of  damping  tapes,  it  depends  a  lot  on  the 
configuration.  Shear  strains  in  the  order  of  one  are  generally  used;  very  much 
lower  than  the  potential.  The  limitations  on  the  visco-elastic  layer  may  not  be 
fatigue  or  deterioration  at  high  strain,  but  may  be  higher  temperature.  The  very 
high  damping  of  these  materials  will  result  in  high  internal  heat  generation  unless 
the  visco-elastic  layer  is  quite  thin  so  that  the  surrounding  metal  surfaces  can 
dissipate  the  heat.  The  internal  heating  and  temperature  increase  can  possibly 
be  a  factor. 

MR.  KUHN: 

The  next  question  is  from  Mr.  Harmsworth,  WADC:  "In  your  talk,  and  that 
of  Mr.  Peterson,  the  point  was  made  that  the  reduction  in  fatigue  strength  becomes 
significantly  less  severe  when  the  notch  radius  becomes  smaller.  Would  you  care 
to  comment  on  this  observation  in  the  face  of  evidence  that  very  small  inclusions 
(notches  in  form)  and  cavities  in  some  materials  adversely  affect  the  fatigue 
strength  of  these  materials?"  The  curve  which  I  showed  as  an  example  was  for 
aluminum  alloys.  There  the  curve  of  stress  concentration  against  notch  radius 
bends  over  rather  gradually.  In  materials  which  are  sensitive  to  inclusion,  the 
curve  rises  very  steeply  at  the  origin  and  approaches  very  quickly,  the  asymptote 
which  is  a  theoretical  value  and,  in  that  case,  it  is  very  important  to  note 
whether  the  inclusion  is  just  above  or  below  that  limit. 
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CHAIRMAN: 


In  answering  this  next  question.  Buzz  would  like  to  use  the  blackboard.  So 
we've  cranked  him  up  and  we’re  ready  to  go! 

MR.  BOUTON: 

The  question  that  I  was  asked  by  Major  Griswold  of  ARDC  was:  "Did  you 
not  use  two  different  (implied)  definitions  of  failure  in  (1)  discussing  that  all 
failures  are  due  to  ’adventitious'  loads  and  (2)  suggesting  that  criteria  eliminate 
only  a  majority  of  fatigue  failures?"  What  I  tried  to  get  across  here  is  this: 
Considering  the  airplane  lifetime,  we  start  out  with  an  airplane  that  has,  what  is 
commonly  called,  an  ultimate  strength;  and  you  must  remember  that  this  is 
usually  a  99.  9%  point  in  determining  the  ultimate  strength.  So  you  have  an  aver¬ 
age  value  of  50%.  If  you  consider  that  you  have  scatter  between  values,  you  also 
have  a  one  in  ten  probability  of  getting  one  load,  one  in  a  hundred  that  you'll  get 
another,  one  in  a  thousand  that  you'll  get  a  third,  and  so  forth.  So  you  have  a 
scatter  band  of  loading  to  which  a  specimen  may  be  subjected.  That  is  part  of 
what  your  factors  of  safety  are  trying  to  take  care  of,  at  least  incompletely. 
Assuming  no  accident  during  the  life  of  the  plane,  these  probabilities  of  loads  of 
one  in  ten,  one  in  a  thousand,  and  so  on,  remain  more  or  less  constant  for  the 
lifetime.  So  you  end  up  having,  presumably,  an  increasing  probability  of  failure 
with  increasing  life.  If  you  drew  the  probability  of  failure  on  a  log  curve  -  the 
probability  of  failure  early  in  aircraft  life  would  be  quite  low.  As  time  passed, 
the  probability  of  failure  would  increase.  It  is  my  belief  that  we  are  interested 
in  the  area  under  this  curve,  which  gives  the  probability  of  the  whole  airplane 
failing  sometime  during  its  lifetime. 

Now  just  one  other  subject  if  I  may  quickly,  I  will  point  out  something  that. 
Professor  English  of  U,  C.  L.  A.  has  pointed  out  to  us  in  connection  with  our 
statistical  criteria  contract  with  WADC.  He  hasn't  documented  it  yet;  it  is  just 
a  thought  right  now.  He  suggests  that  possibly  some  of  our  peak  problems  with 
higher  strength  materials  come  not  from  the  fact  that  they  are  more  brittle  but 
from  the  fact  that  they  have  less  scatter  in  their  strength  characteristics.  In 
other  words,  the  average  strength  value  of  these  materials  is  much  closer  to  the 
guaranteed  strength  value.  So  all  of  these  things  have  to  be  included  in  the 
statistical  approach  to  the  problem. 

CHAIRMAN: 

Thank  you.  (To  Mr.  Hepler)  Do  you  have  one  more  there? 

MR.  HEPLER: 

I  have  one  from  Lt.  Iwasko,  ARDC,  Wright-Patter son.  It  says:  "Do  you 
feel  that  subjecting  an  aircraft  to  a  high  db  level  within  a  closed  shell  is  as  harm¬ 
ful  as  the  same  db  level  in  the  open  air  ?"  I  take  it  this  is  related  to  the  new 
facility  to  be  developed  here  and  my  comment  in  this  area  is  that  it  is  not  differ¬ 
ent.  The  only  thing  that  you  must  be  sure  of  is  that  you  are  duplicating  the 
acoustical  field  in  the  immediate  area,  and  that  is  right  adjacent  to  the  component 
which  you  are  testing.  You  have  to  do  this  by  moving  the  specimen  around  in  the 
closed  chamber  until  the  force  or  acoustical  field  duplicates  the  desired  sonic 
environment. 

CHAIRMAN: 

I  see  we've  wound  up  pretty  close  in  time.  I'd  like  to  express  my  thanks  to  the 
people  who  have  been  on  this  panel  session.  Thank  you  very  much. 
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COMPLETE  VEHICLE  -  FULL  SCALE  -  TESTING  TECHNIQUES 


By 

R.  E.  Watson 
and 

L.  L.  Gore 

Boeing  Airplane  Company 
Wichita,  Kansas 


This  presentation  will  cover  fatigue  testing  of  complete 
airplanes  generally,  with  specific  references  to  the  B-47  and 
B-52  test  programs. 

The  significance  of  fatigue  analysis  and  laboratory 
testing  in  determining  critical  areas  and  test  loads  will 
be  discussed.  The  diminishing  significance  of  fatigue 
analysis  and  laboratory  testing  as  the  test  spectrum  ap¬ 
proaches  the  service  spectrum  will  be  noted.  Various  types 
of  load  spectra  are  compared  and  reference  will  be  made  to 
the  factors  which  influence  their  selection. 

The  presentation  will  include  mention  of  the  systems 
used  for  supporting  the  airplane  during  testing  and  the  means 
used  to  apply  loads.  Reference  will  be  made  to  the  need  for 
adequate  strain  gaging  to  provide  correlation  with  component 
tests. 

Experiences  of  the  difficulties  encountered  in  detecting 
small  cracks  because  of  high  propagation  rates  in  heavy  struc¬ 
tures  will  be  discussed. 

Information  will  be  presented  on  the  value  of  "tear 
down"  inspection  of  the  specimen  after  test  completion,  in 
determining  true  damage. 

The  concluding  statements  will  cover  the  manner  in  which 
the  test  data  can  be  used  in  establishing  life  expectancy  and 
directing  operational  requirements. 
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INTRODUCTION 


The  increased  flying  hours  and  low  attrition  rates  attendant  to  the 
military  readiness  program  of  the  United  States  Air  Force,  coupled  with 
the  more  severe  operational  usage,  have  re-emphasized  the  matter  of 
structural  fatigue  prevention.  As  a  result,  structural  life  evaluation 
is  now,  and  will  continue  to  be,  an  important  consideration  in  military 
vehicle  design.  It  is,  therefore,  most  appropriate  that  the  many  facets 
of  structural  life  evaluation  be  considered  at  this  time. 

Structural  life  evaluation  programs  are  currently  in  progress,  at 
the  Boeing  Airplane  Company,  under  contract  with  the  Air  Force,  on  three 
military  airplanes,  the  B-47,  B-52  and  KC-135*  In  addition,  Boeing  has 
an  extensive  life  evaluation  program  on  the  commercial  707  Jet  Transport. 
The  various  phases  of  a  typical  military  structural  life  evaluation  pro¬ 
gram  are  illustrated  in  Figure  1.  As  is  shown  one  phase  of  the 

program  is  "complete  vehicle" (a)  testing.  Boeing  has  recently  completed 
such  a  test  on  the  model  B-47  and  is  currently  engaged  in  full  scale  tests 
of  the  B-52F  and  of  the  B-52G.  This  presentation  will  cover  the  subject 
of  complete  airplane  testing  from  the  point  of  view  developed  in  these 
three  specific  programs. 

PURPOSE  OF  COMPLETE  VEHICLE  TESTS 

In  formulating  a  life  evaluation  program  it  is  important  to  objec¬ 
tively  consider  the  need  for  a  complete  airplane  test.  Such  a  test  is 
inherently  quite  expensive  and  time  consuming.  On  any  operational  model 
it  will  usually  be  prohibitive  to  test  more  than  one  vehicle.  Considering 
symmetry,  this  provides  essentially  two  test  specimens.  This  is  still  too 
few  for  much  insight  into  scatter  effects.  These  limitations,  not  with¬ 
standing,  let  us  consider  some  of  the  advantages  and  purposes  of  such  a 
test. 


First  a  complete  vehicle  test  represents  the  true  mechanical  environ¬ 
ment,  i.e.,  it  allows  for  the  presence  and  interaction  of  all  structural 
components,  not  just  selected  ones.  Secondly,  it  allows  observation  of  all 
the  structure  and  brings  to  light  any  unsuspected  critical  areas  not  adequately 
covered  by  analysis  or  specimen  test.  Finally,  a  complete  vehicle  test  gives 
a  realistic  basis  for  development  of  service  inspection  and  repair  require¬ 
ments  . 


(a)  The  terminology  "complete  vehicle",  as  used  here,  refers  to  two  or  more 
major  components  which  are  structurally  combined;  e.g.,  a  wing  and  fuse¬ 
lage  section. 
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SCOPE  OF  THIS  PRESENTATION 


This  presentation  will  be  limited  to  structures  which  axe  critical 
for  loads  requiring  analytical  simulation.  This  excludes  such  items  as 
pressure  sections,  where  the  phenomena  producing  loads  are  well  known 
and  can  be  accurately  reproduced.  In  such  cases  the  structure  may  be 
tested  to  the  service  load  spectrum  until  adequate  life  is  demonstrated 
and  no  fatigue  analysis  is  needed. 

For  most  components,  however,  the  service  loads  are  not  precisely 
known.  In  such  cases,  analytical  methods  are  required  to  determine  the 
test  loads  to  be  applied  to  the  structure  and  to  correlate  damage  rates 
between  service  and  test. 

For  the  B-47  and  B-52  programs  previously  mentioned,  the  principal 
areas  under  evaluation  were  the  wing,  fuselage  and  the  empennage  primary 
structure .  The  method  employed  was  to  pre-select  certain  locations  in 
the  structure  which  were  thoroughly  analyzed  for  service  life.  Test 
loads  were  then  derived  to  simulate  the  service  effects. 

SELECTION  OF  CRITICAL  AREAS 

In  the  selection  of  potentially  critical  areas,  consideration  was 
given  to  the  relative  ability  of  the  structure  to  withstand  fatigue,  to 
the  frequency  and  magnitude  of  stress  encountered  in  service,  and  to  the 
consequences  of  failure  should  it  occur. 

For  the  B-47,  the  most  critical  areas  were  known  from  service  fail¬ 
ures.  The  areas  of  concern  were  the  lower  wing  skin  splices  at  the  body 
side,  BL  45,  and  at  the  inboard  nacelle,  WS  354. 

Tests  were  conducted  on  three  airplanes  at  the  Boeing  Wichita 
facility,  the  National  Aeronautics  and  Space  Administration  facility  at 
Langley  Field,  and  the  Douglas  Aircraft  Company  facility  at  Tulsa. 

Based  on  service  knowledge  of  the  critical  areas,  the  B-47  test 
was  designed  to  apply  calculated  damage  at  BL  45  and  WS  354  on  the  wing 
lower  surface.  Compatible  vertical  bending  moments  were  applied  to  the 
wing  splice  at  WS  642  and  to  the  fuselage  splices  at  BS  5^-5  and  86l.  A 
separate  test  was  run  to  evaluate  the  effects  of  repeated  lateral  tail 
loads  on  the  fin  and  the  aft  body. 

On  the  B-52  series,  inspections  of  high-time  aircraft  have  revealed 
no  indications  of  fatigue  in  primary  structure  and  the  test  programs  must 
rely  completely  on  analytic  determination  of  critical  areas.  This  of  course, 
will  be  the  situation  on  all  new  models. 


The  first  consideration  in  selection  of  critical  areas,  i.e.,  the 
relative  ability  of  the  structure  to  withstand  fatigue  will,  in  most  cases, 
be  adequate  to  determine  the  points  for  analysis.  Usually,  joints  and  cut¬ 
outs  will  be  more  critical  than  "basic"  structure.  Since  a  number  of  con¬ 
trol  points  is  required  to  determine  the  distribution  of  test  loads,  analysis 
of  other  significant  transitional  areas  will  usually  suffice. 

On  the  model  B-52F,  a  total  of  twenty- two  splices  (ten  wing,  eight  fuse¬ 
lage,  two  fin,  and  two  stabilizer)  were  analyzed.  In  this  cyclic  test,  loads 
are  applied  to  produce  calculated  damage  on  the  wing,  fuselage,  and  empennage 
at  these  twenty- two  locations. 

The  B-52G  is  structurally  similar  to  the  prior  models  in  the  fuselage 
and  empennage.  The  wing,  however,  is  of  completely  different  structural 
design.  Through  the  use  of  80  foot  skin  panels  (upper  surface  panels  are 
integral  extrusions)  all  skin  and  stiffener  splices  are  eliminated  between 
the  BL  55  and  US  1025  production  breaks.  In  addition  to  the  upper  and  lower 
surface  splices  at  these  two  locations,  analysis  of  service  damage  was  made 
at  other  locations  such  as  access  holes,  boost-pump  cutouts,  and  fuel  drain 
holes.  In  the  B-52G  cyclic  test,  loads  are  applied  to  produce  calculated 
damage  on  the  wing  only  (mounted  on  a  partial  fuselage)  at  six  locations. 
Compatible  bending  moments  are  applied  to  the  mid- fuselage  to  provide  real¬ 
istic  wing  to  body  attachment  loads.  The  remainder  of  the  fuselage  and 
empennage,  although  analyzed,  are  not  included  in  the  airplane  test  because 
of  similarity  to  the  B-52F. 

SERVICE  DAMAGE  ANALYSIS 

The  linear  theory  of  cumulative  damage (b)  is  used  in  all  three  airplane 
test  programs.  The  procedure  for  determining  service  damage  rates  is  as 
follows.  Information  as  to  the  type  and  number  of  missions  to  be  flown  is 
obtained  from  the  Air  Force.  These  d;.ta  are  resolved  into  mission  profiles 
showing  the  timewise  variation  of  speed,  altitude,  and  gross  weight  as  well 
as  a  description  of  the  mission. 

Aeroelastic  loads  data  are  then  calculated  over  a  wide  range  of  speeds, 
altitudes,  weights,  and  steady  state  load  factors.  From  these  data,  curves 
are  derived  showing  "lg"  stress  and  /\  f /  n  variation  with  V,  h,  and  GW 

for  all  stations  chosen  for  analysis,  as  show,  in  Figure  2. 


(b)  Miner,  M.A. :  Cumulative  Damage  in  Fatigue,  "Journal  of  Applied  Mechanics", 
Vol.  13,  No.  3>  PP  A159-A164,  September  19^5 
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Within  these  profiles,  consideration  is  then  given  to  ground-air- 
ground  (GAG),  gust,  maneuver,  touch-and-go,  landing,  runway  roughness, 
hraking,  and  engine  runup.  The  load  factor  amplitude  and  frequency  of 
occurrence  is  derived  from  a  variety  of  sources.  Gust  effects,  for 
example,  were  "based  on  70  million  miles  of  airline  and  military  exper¬ 
ience  data  and  were  resolved  as  derived  gust  velocity  exceedances. 

Flight  test  programs  are  currently  underway  to  obtain  additional  accel¬ 
eration  and  load  data,  especially  at  low  altitude.  Allowances  are  made 
for  dynamic  magnification  in  the  response  of  the  airplane  to  gust,  land¬ 
ing  impact,  and  taxi.  By  summation  of  all  effective  load  inputs,  a  spec¬ 
trum  of  stresses  is  obtained  for  each  analysis  station. 

In  the  fatigue  damage  calculations,  some  knowledge  of  the  S-N 
characteristics  is  required.  In  the  initial  stages,  assumed  curves 
based  on  tests  of  similar  structure  are  widely  used.  For  all  poten¬ 
tially  critical  joints,  however,  laboratory  specimen  tests  are  conducted 
to  establish  accurate  S-N  data.  Typically,  in  the  Boeing  bests,  three 
specimens  were  tested  at  each  of  three  stress  levels  (a  total  of  nine) 
at  each  joint.  As  an  example,  for  the  B-47  WS  354  splice,  nine  specimens 
were  tested  to  initial  crack.  Once  cracked,  the  panels  were  reworked  to 
the  fleet  repair  and  retested  to  initial  crack.  In  this  way,  two  sets 
of  data  were  obtained  from  one  set  of  basic  specimens. 

Most  of  the  laboratory  tests  were  made  in  a  500,000  pound  fatigue 
machine.  Because  of  the  sweep  angle,  the  wing  splices  at  the  side  of  the 
body  were  tested  in  spedially  designed  jigs,.  Alternating  loads  as  high  as 
670,000  pounds  were  applied  in  the  swept  jig.  The  static  capacity  of  the 
setup  is  2,000,000  pounds. 

Having  established  the  S-N  data,  service  damage  calculations  were 
made  for  each  mission  phase  at  each  critical  location.  It  is  interesting 
to  compare  some  of  the  results  and  note  the  causes  of  damage  at  various 
locations  (Figure  5)*  Of  particular  significance  is  the  relative 

effect  df  the  GAG  cycle  on  the  B-52  wing  as  compared  to  the  B-47  wing. 

This  difference  is  primarily  due  to  the  fact  that  fuel  is  carried  in  the 
B-52  wing  and  not  in  the  B-47  wing. 

TEST  SPECTRUM  COMPOSITION 

Resolution  of  the  service  load  spectrum  into  an  "equivalent"  test 
spectrum  can  be  accomplished  in  several  ways.  While  the  linear  damage 
theory  signifies  that  spectra  are  equivalent  if  their  cycle-ratio  summa¬ 
tions  are  the  same,  test  experience  indicates  that  the  results  may  differ 
widely  and  that  reasonable  effort  should  be  expended  to  establish  a  test 
spectrum  which  simulates  the  service  spectrum.  Obviously,  as  the  test 
spectrum  approaches  the  service  spectrum  the  results  become  identical  and 
no  theory  whatsoever  is  required  for  correlation.  As  mentioned  previously, 
knowledge  of  the  "exact"  service  spectrum  is  severely  limited  and,  when 
coupled  with  environmental,  time,  and  economic  factors,  it  is  not  practi¬ 
cable  to  attempt  exact  spectrum  simulation. 


In  each  of  the  three  Boeing  programs,  the  test  spectrum  is  distinctly 
different.  However,  certain  fundamental  criteria  were  observed.  First,  a 
minimum  of  three  alternating  stress  levels  was  used  and  the  levels  were 
selected  to  correspond  with  those  at  which  the  bulk  of  service  damage 
occurs.  Secondly,  the  "spectrum"  was  made  sufficiently  short  so  as  to 
allow  several  applications  (a  minimum  of  twenty)  before  failure .  Finally, 
periodic  applications  of  high  load  (90$  of  limit)  were  made  to  represent 
infrequent  severe  load  occurrences. 

Two  basic  types  of  spectra  have  been  used  at  Boeing.  "Block"  loading, 
in  which  the  cumulative  damage  from  several  missions  is  reproduced  by  sep¬ 
arate  blocks  of  constant  alternating  stress  cycles,  was  used  on  the  B-^7 
(Figure  k) .  The  order  of  application  of  the  blocks  was  varied 

continuously.  In  this  case  the  test  spectrum  can  no  longer  be  identified 
with  the  individual  flight.  This  approach  is  highly  desirable  from  the 
standpoint  of  time  and  economy  and  was  considered  satisfactory  in  this  case 
because  the  majority  of  damage  was  done  by  random  gust  cycles. 

The  B-52,  however,  as  shown  previously,  is  highly  sensitive  to  the 
ground-air-ground  effect  which  is  a  characteristic  of  each  flight.  Hence, 
"flight"  loading,  in  which  damage  for  each  mission  is  reproduced  individu¬ 
ally  with  the  ground-air- ground  effect  as  an  integral  cycle,  is  used  in  the 
B-52  tests.  The  B-52F  spectrum  reproduces  the  elements  of  the  idealized 
load  history,  although  the  great  majority  of  calculated  damage  is  done  in 
the  GAG  and  gust  cycles.  (Figure  5)*  The  B-52G  spectrum  utilizes 

two  levels  of  alternating  stress  to  simulate  all  flight  cycles  (Figure  5). 

INSTRUMENTATION 

Extensive  strain  gage  instrumentation  is  used  on  the  three  Boeing  tests. 
Axial  and  rosette  gages  in  both  single  and  back-to-back  applications  are  used. 
While  some  gages  are  located  close  to  discontinuities  to  measure  stress  con¬ 
centration  effects,  most  gages  were  located  on  "basic"  structure  to  read  gross 
stress  values. 

The  principal  purpose  of  the  gages  is  to  obtain  stress  distribution  data 
for  correlation  with  analysis  and  laboratory  tests.  The  readings  are  also 
useful,  as  a  secondary  check  on  applied  loads  and,  when  displayed  by  oscillo¬ 
graph,  they  are  used  as  a  check  against  dynamic  overstress  and  secondary 
cycles. 

TEST  SET  UP 

While  each  of  the  three  test  setups  has  distinctive  features,  basic 
principles  are  similar  'and  only  one,  the  B-52G,  will  be  covered  here.  In 
this  case  the  test  specimen  consists  of  a  structurally  complete  wing  and 
the  fuselage  forward  of  the  aft  gear  bulkhead  (Figure  6) . 
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G,  H,  L 
H  ,  L  ,  G 
L,  G,  H 
6.  L ,  H 
L,  H,  G 

H ,  G,  L 

-  ETC. - 

mm -4 

Block  Spectrum 


The  specimen  is  jig-mounted  on  the  main  gear  structure  in  such  a 
manner  that  vertical,  drag,  and  side  loads  are  reacted  at  the  forward 
gear  with  only  vertical  and  side  loads  reacted  at  the  rear  gear.  Down 
loads  only  are  applied  to  the  fuselage  through  four  evener  systems 
attaching  to  straps  mounted  on  the  fuselage  skin  and  fuel  tank  deck 
structure.  The  up  loads  are  applied  to  the  wing  through  twelve  evener 
systems  attached  to  load  blocks  mounted  on  the  front  and  rear  spars 
(Figure  ?).  Fourteen  evener  systems  are  used  to  apply  down 

loads.  Down  loads  only  are  applied  to  the  nacelles  through  direct 
ram  systems. 

Hydraulic  rams  are  used  to  apply  all  loads.  Double-ended  rams  oper¬ 
ating  through  cable  and  sheave  systems  apply  both  up  and  down  loads  to  the 
wing.  The  fuselage,  like  the  nacelles,  is  loaded  directly  by  single  acting 
rams. 


A  closed  loop  servo  system  is  used  to  control  the  loads.  Ten  rotat¬ 
ing  drum  programmers  provide  the  signal  to  operate  the  twenty- two  rams. 

This  system  is  fully  automatic  for  cyclic  loads  and  assures  coordinated 
loading  of  all  points  to  within  1$  accuracy.  Fail  safe  circuitry  is 
provided  to  "freeze"  the  system  instantly  if  a  malfunction  or  structural 
failure  occurs. 

The  principal  difference  between  the  B-52F  test  set-up  and  the  B-52G 
test  set-up  just  described  is  that  flap  and  engine  thrust  loads  are  separ¬ 
ately  applied  to  those  components  in  the  B-52F  test. 

Loading  rates  are  generally  established  by  trial  as  they  are  depend¬ 
ent  upon  electrical-hydraulic  capability,  and  must  preclude  binding  or 
chatter.  Average  rates  are  given  in  Figure  8.  (excluding  inspec¬ 

tion  and  set-up  time.)  It  may  readily  be  seen  that  the  total  cycles  per 
simulated  flight  hour  have  considerable  effect  on  the  ratio  of  flight  hours 
to  test  hours. 


INSPECTION  PROCEDURE 

The  value  of  complete  vehicle  testing  is  greatly  enhanced  if  fatigue 
damage  is  detected  early.  In  addition  to  providing  a  better  basis  for  cor¬ 
relation  with  laboratory  tests,  early  crack  detection  affords  an  opportunity 
to  observe  propagation  and  make  repairs.  For  these  reasons,  inspection  periods 
take  as  much  or  more  time  than  does  cycling  in  the  Boeing  tests. 

Several  methods  of  detection  have  been  used  by  Boeing  with  varying 
degrees  of  success.  It  should  be  noted  that  on  the  B-47  and  B-52  the  struc¬ 
tural  materials  used  at  the  previously  described  locations  are  7075  and  7178 
alloy  in  skin  thicknesses  of  l/lO  to  5/8  inch,  and  extruded  longerons  of  large 
cross  sectional  area.  The  crack  propagation  rates  of  this  type  and  thickness 
of  material  are  very  high  and  inspection  procedures  used  here  would  not  neces¬ 
sarily  apply  in  cases  where  thin  gage  structures  are  used. 
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TYPICAL  WING  LOADING  SYSTEM. 
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B-52G- 


Considerable  experience  with  crack  detection  techniques  was  gained 
on  the  B-Vf.  Approximately  1100  bolt  holes  wero  inspected  on  each  air¬ 
plane  of  the  fleet.  It  was  found  that  visual  inspection  with  a  lighted 
glass  of  four  to  ten  power  magnification  was  most  reliable  for  inspecting 
a  large  number  of  bolt  holes.  The  areas  to  be  inspected  were  cleansed 
with  a  mild  solution,  applied  with  a  cloth  or  bristle  brush,  prior  to 
inspection. 

During  the  B-^7  cyclic  tests,  2kh  bolt  holes  were  given  lighted 
magnified  visual  inspection  following  each  second  spectrum.  Close 
visual  inspections  were  also  made  of  large  areas  of  the  external  struc¬ 
ture.  The  personnel  making  these  inspections  had  previous  experience 
with  the  component  test  inspections.  Although  many  fatigue  indications 
were  detected  in  the  lighter  gage  secondary  structural  areas,  unexpected 
failures  occurred  on  all  three  airplanes  in  heavy  gage  wing  structure. 

One  failure  initiated  in  a  bolt  hole  which  was  regularly  inspected  13 
times  without  damage  being  detected.  It  was  demonstrated  repeatedly  that 
a  critical  location  which  was  undetected  prior  to  failure  on  one  specimen, 
once  known,  could  be  found  in  the  initial  crack  stage  on  other  specimens. 

In  addition  to  strictly  visual  detection  techniques,  florescent  and 
colored  dye  penetrant  methods,  and  eddy  current  apparatus  were  sometimes 
used  for  verification.  Most  inspectors  have  definite  preferences  and 
skills  according  to  the  method  used,  so  the  choice  of  method  was  left  to 
the  discretion  of  the  responsible  personnel  as  much  as  possible. 

Crack  detection  wires  were  used  around  suspected  critical  locations 
as  a  precautionary  measure  during  the  test.  While  they  prevented  at  least 
one  major  structural  failure,  they  were  usually  not  in  the  right  locations 
to  detect  cracks.  -Wide  use  of  these  systems  makes  visual  inspection  more 
difficult  because  the  wire  and  cement  obscure  the  area  to  be  inspected. 
Also,  the  systems  are  easily  damaged  in  gaining  position  for  inspection, 
further  limiting  their  use. 

Consideration  of  all  these  factors  must  be  made  in  deciding  detection 
techniques.  For  the  B-52F  program,  essentially  the  same  procedures  are 
used  as  on  the  B-Vf.  For  the  B-52G,  however,  a  different  philosophy  is 
applied.  Because  all  fasteners  in  the  major  structural  splices  are  of 
swaged  collar  type,  and  because  the  critical  areas  of  these  splices  are 
not  well  known,  no  fasteners  are  pulled  unless  other  indications  warrant 
their  removal.  Instead,  crack  detection  wires  are  widely  used  supported 
by  close  visual  surface  inspection. 

RESULTS 

The  B-52  tests  are  still  in  operation  and  results  cannot  be  discussed 
at  this  time.  All  test  phases  of  the  B-^7  program  are  completed,  however, 
and  will  be  presented  within  the  limits  which  security  permits. 


An  excellent  example  of  the  importance  of  complete  vehicle  testing 
in  disclosing  unsuspected  critical  areas  was  encountered  in  the  B-47  test 
at  Boeing -Wichita.  At  the  start  of  the  l4th  spectrum  of  block  loading, 
while  applying  the  90/>  limit  load  condition,  a  failure  of  the  fuselage 
occurred  at  the  rear  spar  bulkhead,  B3  515-  The  failure  was  the  result 
of  fatigue  in  the  upper  longerons  at  a  flange  cut-off.  (Figure  9)* 

Of  interest  is  the  fact  that  the  bolt  holes  adjacent  to  a  flange 
through  which  the  failure  occurred  had  just  been  inspected  with  a  horo¬ 
scope  at  the  end  of  the  13th  spectrum  and  disclosed  no  damage. 

As  a  result  of  this  failure,  crack  detection  wires  were  placed  on 
the  Douglas-Tulsa  test  airplane  and  a  similar  failure  was  prevented  when 
crack  damage  was  indicated  by  wire  failure.  Inspections  of  in-service 
aircraft  disclosed  no  damage  in  the  flange  cutoff.  However,  cracks  were 
found  in  the  adjacent  bolt  holes  on  a  few  high-time  airplanes.  Repairs  to 
this  area  were  designed  and  incorporated  on  the  test  airplanes  and  on  high¬ 
time  fleet  aircraft.  Subsequent  testing  proved  this  repair  satisfactory 
and  all  in-service  airplanes  were  scheduled  for  rework.  It  is  highly  prob¬ 
able  in  this  example  that  the  loss  of  service  aircraft  was  prevented  by  a 
complete  vehicle  test. 

With  the  exception  of  the  fuselage  failure,  the  B-47  wing-body  test 
went  essentially  as  expected.  Minor  cracking  occurred  in  light  gage  struc¬ 
ture  such  as  body  skin,  wing  leading  edges,  and  wing  ribs.  Good  correlation 
was  obtained  between  the  three  airplanes  and  failures  on  one  often  aided  in 
detection  of  similar  damage  on  another. 

Ihe  first  significant  damage  to  primary  wing  structure  occurred  in  the 
BL  45  splice  on  all  three  airplanes.  Confirmed  cracks  were  first  detected 
at  23,  26,  and  35  spectra  for  the  Boeing,  NASA,  and  Douglas  airplanes  respec¬ 
tively,  Two  major  repairs  were  mads,  to  the  Boeing  wing  after  it  sustained  8 
inch  and  28  inch  cracks  in  the  heavy  skin  (Figure  10).  Testing  was 

discontinued  on  the  Boeing  airplane  after  37  spectra,  at  which  time  adequate 
life  had  been  demonstrated  on  the  wing  and  fuselage.  Both  the  NASA  and 
Douglas  airplanes  sustained  21  inch  cracks  in  the  wing  skin  (Figure  10) 

after  23  and  52  spectra  respectively;  and  having  reached  previously  estab¬ 
lished  goals,  the  testing  was  discontinued. 

At  the  completion  of  testing,  all  three  airplanes  were  given  thorough 
"tear-down"  inspections  in  which  the  structure  was  dismantled  and  closely 
examined.  The  purpose  of  this  inspection  was  to  uncover  any  damage  which 
might  have  been  overlooked  during  test  inspections  and  to  classify  the  cause 
of  damage  found.  These  inspections  vere  highly  successful  in  disclosing 
cracks  undetected  during  the  test  program.  In  addition  to  several  cracks  in 
secondary  structure,  cracks  were  also  found  in  the  WS  642  and  WS  354  lower 
surface  splices  and  in  the  upper  longeron  at  BS  515. 

It  is  significant  to  note  that  the  cracks  found  at  WS  354  were  predom¬ 
inantly  in  unloaded  splice  plate  holes  at  the  splice  centerline.  Failures  in 
the  laboratory  specimens  of  this  area  vere  predominantly  in  the  skin  and  stiff¬ 
eners  . 
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INTERPRETATION  OF  RESULTS 


Interpreting  the  results  of  the  B-kj  tests,  two  answers  were  needed: 
First,  an  indication  of  the  life  expectancy  of  the  airplane,  and  secondly, 
a  realistic  basis  for  fleet  inspection  and  repair. 

With  regard  to  life  expectancy,  the  log  average  "test  life"  was  1.6 
times  the  "theoretical  life"  by  the  linear  damage  theory  (i.e.,  n/N  =  1.6). 
It  is  not  surprising  that  the  ratio  is  greater  than  unity  as  such  is  fre¬ 
quently  the  case  (Figure  11). 

It  is  interesting  to  note  the  relative  insignificance  of  the  S-N  curve 
in  determining  the  test  life  as  compared  to  the  theoretical  life.  Defining 
these  terms  as  follows: 


Test  life  =  (Dt/Ds)(C) 
Theoretical  life  =  l/Ds 


Where, 


D_  =  damage  per  service  hour  =  ,\~/n\ 

AVs 

D_  =  damage  per  test  spectrum  =  /n\ 

«^Wt 

C  =  number  of  spectra  to  first  crack 

It  is  seen  that  the  service  and  test  damage  rates  D  and  Dtp  both  contain 
the  S-N  characteristic  in  the  denominator  and  the  effect  tends  to  cancel 
in  the  calculation  of  test  life.  S-N  curves  which  vary  by  a  constant  factor 
on  cycles  will  obviously  yield  the  same  test  life  and  S-N  curves  of  widely 
varying  shapes  will  yield  nearly  the  same  test  life.  The  theoretical  life, 
however,  will  vary  directly  as  the  S-N  curve. 

As  an  illustration,  the  B-Vf  service  and  test  spectra  are  shown  in 
Figure  12,  neglecting  mean  stress  variations  for  simplicity.  Also 

shown  are  five  S-N  curves  of  arbitrary  shape  and  cycle  magnitude.  Using 
curve  1  for  reference,  the  relative  test  and  theoretical  life  were  calcu¬ 
lated  for  each  of  the  five  curves  and  the  results  shown  in  Figure  13. 

As  shown,  the  test  life  varies  by  a  small  factor,  whereas,  the  theoret¬ 
ical  life,  and  consequently  the  ratio  of  test  to  theoretical  life,  varies  by 
several  factors.  This  illustration  is  reassurance  for,  and  justification  of, 
the  use  of  an  assumed  S-N  curve  in  developing  the  test  spectra. 

It  is  concluded  that  the  test  life  is  a  less  sensitive,  and  therefore 
a  more  reliable  prediction  of  true  life  expectancy  than  is  theoretical  life. 
It  is  also  apparent  that  cycle  ratio  summations  other  than  unity,  as  typified 
in  Figure  11,  may  be  partially  due  to  small  errors  in  the  S-N  curve 

and  should  be  the  rule  rather  than  the  exception. 
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The  results  of  the  test  and  tear-down  inspections  are  invaluable  in 
formulating  handbook  inspections  for  in-service  aircraft.  The  real  contro¬ 
versy  lies  in  when  to  inspect.  Figure  14 »  shows  a  statistical  ap¬ 

proach  utilizing  the  results  of  the  three  airplane  tests  in  the  total  fleet 
population.  This  figure  shows  the  crack  probability  as  a  function  of  test 
spectra  or  equivalent  airplane  hours  for  95$  confidence  on  the  mean.  As 
shown  in  the  figure,  to  obtain  a  probability  not  to  exceed  5$  that  a  crack 
exists  in  the  fleet,  it  is  necessary  to  apply  a  factor  of  3*6  to  the  sample 
mean.  This  factor  is  increased  by  consideration  of  environmental  effects 
not  simulated  in  the  test.  Boeing  is  still  working  in  this  area  in  hopes 
of  reaching  a  solution  which  will  be  acceptable  to  the  statistical,  the 
economical,  and  the  operational  demands.  In  addition  to  regular  periodic 
inspections  of  all  aircraft  for  the  more  obvious  signs  of  damage,  thorough 
bolt  pulling  inspections  are  performed  on  a  sampling  basis,  and  high- time 
airplanes  are  given  destructive  "tear-down"  inspections  on  a  less  frequent 
basis. 


CONCLUSIONS 

Boeing  is  utilizing  complete  airplane  fatigue  tests  as  a  major  step 
in  life  evaluation  of  the  B-47  and  B-52  models.  The  results  of  these  tests 
provide  a  most  realistic  basis  for  critical  judgement  of  the  theoretical 
life  analysis  and  component  specimen  tests.  Special  attention  is  required 
for  each  model  as  to  selection  of  critical  areas  and  formulation  of  the  test 
spectrum.  Good  inspection  procedures  and  highly  skilled  personnel  are  most 
important  in  obtaining  useful  results.  The  tear-down  inspections  of  high¬ 
time  fleet  aircraft  are  a  valuable  supplement  to  the  test  inspections.  The 
analysis  of  scatter  effects  is  a  major  obstacle  to  rational  interpretation 
of  life  expectancy. 


EVALUATION  OF  FATIGUE  SENSITIVE  AREAS 


AND  CUMULATIVE  DAMAGE  IN  FULL-SCALE 
FATIGUE  TESTING 
By 

Wilber  B.  Huston  and  John  F.  Ward 
NASA  Langley  Research  Center 


ABSTRACT 


The  data  derived  from  the  study  of  fatigue  cracks  which 
occurred  during  full-scale  fatigue  tests  of  C-46  transport 
airplane  wings  are  summarized.  The  fatigue  tests  were  of  two 
types,  constant-level  and  randomi zed-step.  The  random! zed- 
step  tests  included  two  load-spectrum  shapes.  One  load 
spectrum  represented  gust  loadings  on  the  airplane  and  the 
other  spectrum  represented  a  more  severe  loading  history 
based  on  maneuver  load  statistics.  Comparisons  are  made 
between  the  fatigue  sensitive  areas  occurring  in  the 
constant-level  tests  and  the  randomized-step  tests.  The 
implications  of  these  comparisons  on  the  design  of  full- 
scale  fatigue  tests  are  discussed.  Load-lifetime  (S-N) 
curves  are  presented  for  initiation  of  the  first  crack, 
initiation  of  the  critical  crack,  and  final  failure.  The 
randomized-step  tests  are  also  examined  from  the  stand¬ 
point  of  linear  cumulative  damage  theory  based  on  the 
constant-level  test  results. 
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A  study  of  the  fatigue  sensitive  areas  located  during 
full-scale  fatigue  tests  on  C-46  transport  airplane  wings 
shows  consistent  differences  in  the  indications  of  the 
constant-level  tests  as  compared  to  randomized-step  tests. 
No  one  level  in  the  constant-level  tests  revealed  as  many 
fatigue  sensitive  areas  as  compared  to  the  randomized-step 
tests,  and  no  one  level  in  the  constant-level  tests  con¬ 
sistently  gave  a  good  indication  of  the  area  which  proved 
critical  in  the  randomized-step  tests.  The  fatigue  life 
to  initiation  of  the  first  crack  was  in  general  agreement 
with  the  indications  of  linear  cumulative  damage,  hut  final 
failure  was  delayed  beyond  what  would  be  expected  on  the 
basis  of  linear  cumulative  damage.  A  qualitative  explana¬ 
tion  of  this  result  is  proposed. 


INTRODUCTION 


The  current  interest  in  full-scale  fatigue  tests  reflects  the  need 
for  two  kinds  of  information,  both  bearing  on  the  useful  life  of  the 
airplane.  Early  identification  of  fatigue  sensitive  areas  is  important, 
both  for  the  possibility  of  correction,  and  as  a  guide  to  the  sco^ 
inspection  and  repair  programs.  In  addition,  an  assessment  of  se  * ■  e 
life  is  wanted  but  such  assessment  depends  heavily  on  cumulative  age 
calculations,  especially  for  the  usual  case,  where  the  effects  of  dif¬ 
ferent  service  missions  on  life  must  be  evaluated  on  the  basis  of  one 
full-scale  test. 

Various  types  of  load  schedules  have  been  proposed  for  full-scale 
fatigue  tests.  They  range  in  complexity  from  a  simple  constant-level 
test,  through  program  loading  and  randomized  steps,  to  the  tests  where 
sex-vice  life  is  duplicated  mission  by  mission  and  flight  by  flight. 
Despite  these  many  choices,  little  information  is  available  by  which 
to  judge  the  relevance  of  the  data  obtained  by  these  various  loading 
schedules,  or  indeed  from  full-scale  testing  itself.  It  is  the  purpose 
of  the  present  paper  to  summarize  the  data  derived  from  a  study  of  the 
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fatigue  cracks  which  occurred  during  the  full-scale  fatigue  study  by  the 
NASA  on  C-46  transport  airplane  wings.  In  this  study,  both  constant- 
level  and  randomized- step  tests  were  employed  (refs.  1  to  3)*  The  loading 
schedules  of  the  randomized- step  tests  were  of  two  types,  one  based  on 
gust  statistics  as  applied  to  the  C-46  airplane,  the  other  a  special 
research  schedule  based  on  maneuver  statistics  for  fighters,  as  scaled 
to  the  design  loads  of  the  C-46.  The  data  are  considered  from  the  stand¬ 
point  of  both  crack  location  information  and  cumulative  damage  calcula¬ 
tions.  The  paper  represents  an  expansion  of  a  study  originally  given 
as  reference  4. 


FATIGUE  TEST  EQUIPMENT 


Airplane 

The  wing  panels  used  for  the  present  tests  were  obtained  from  sur¬ 
plus  C-^6  aircraft.  The  aircraft  logs  showed  some  flight  time.  Twelve 
wings  had  between  200  and  1,031  hours  of  flight,  four  (used  in  the 
randomized- step  test)  had  5*796  to  6,979  hours.  All  had  been  stored  for 
several  years  in  an  open  depot. 

Some  geometric  characteristics  of  the  wings  and  pertinent  data  for 
the  C-46  airplane  are  given  in  the  following  table: 


Probable  operating  gross  weight,  lb  .  4l,000 

Probable  level-flight  airspeed,  fps  .  .....  281 

Wing  area,  sq.  ft .  1*360 

Wing  sjoan,  ft .  108 

Mean  aerodynamic  chord,  ft  .  13.688 

Aspect  ratio  .  8.58 

Thickness  at  wing  center  section,  percent  chord  .  17 

Slope  of  the  lift  curve ,  per  radian .  .  88 


The  airplane  wings  were  of  all-metal,  riveted,  stressed  skin  con¬ 
struction,  made  almost  entirely  of  202^  clad  material.  For  test  purposes, 
the  fuselage  was  cut  off  normal  to  the  axis,  in  front  of  and  behind  the 
wing.  The  wing  tips  and  engines  were  removed  and  the  fatigue  specimen, 
consisting  of  a  center  section  and  two  outboard  panels,  was  inverted  and 
mounted  in  either  the  constant-amplitude  fatigue  machine  or  the  variable- 
amplitude  fatigue  machine  shown  in  figure  1. 


Ins  trument at ion 

In  order  to  obtain  stress-distribution  information,  the  wings  were 
instrumented  with  a  number  of  wire  resistance  strain  gages.  Indicating 


921 


equipment  suitable  for  both  static  and  dynamic  measurements  was  employed. 
Locations  and  results  of  the  strain-gage  measurements  are  given  in  refer¬ 
ences  1  and  3. 

To  increase  the  probability  of  early  detection  of  fatigue  cracks 
and  to  reduce  the  time  spent  'in  visual  inspection  an  electrical  warning 
circuit  was  used.  Copper  wires  of  0.002-inch  diameter  were  cemented  to 
the  wing  in  the  vicinity  of  stress  raisers.  When  a  crack  occurred  and 
passed  under  a  wire,  the  wire  broke  and  an  alarm  system  was  actuated. 
Twenty- three  such  crack  detection  circuits  were  used  on  each  wing  panel. 
Frequent  and  thorough  visual  inspections  were  made,  supplemented  by 
X-ray  examination  of  hidden  parts. 


Fatigue  Machines 

Constant-level  tests  were  accomplished  by  the  resonant-frequency 
method,  the  randomized- step  tests  by  a  specially  built  machine  of  the 
forced-vibration  type.  Details  of  the  machines  and  operations  are 
described  in  references  1  and  3*  In  both  machines  concentrated  masses 
were  used  to  reproduce  the  lg  stresses.  Because  of  the  method  of  sup¬ 
port  and  loading,  it  is  not  possible  in  the  fatigue  machine  to  reproduce 
the  flight  bending -moment  distribution  exactly.  Structural  analysis 
indicated,  however,  that  at  span  station  214,  which  is  just  outboard  of 
the  panel  attachment  joint,  the  bending-moment  margins  of  safety  were 
lowest.  In  addition,  a  distributed  load  static  test  in  which  a  brittle 
strain- indicating  lacquer  was  used  indicated  that  the  highest  strains 
were  to  be  found  in  the  vicinity  of  this  span  station.  The  concentrated 
masses  for  attachment  to  the  wing  were,  therefore,  proportioned  and 
located  in  such  a  way  that  the  1  g  bending  moment,  shear,  and  torque  at 
span  station  2l4  for  the  level-flight,  low-angle-of -attack  condition  were 
reproduced.  A  comparison  of  the  lg  design  bending  moment  and  the  bending 
moment  applied  by  the  concentrated  masses  is  shown  in  figure  2. 


LOADING  SCHEDULE 


The  load  levels  used  in  the  present  study  are  shown  in  figure  3(a). 
Six  different  levels  of  load  factor  increment  were  selected  for  the 
constant-level  tests,  ranging  from  ±0.250  to  ±1.725.  For  the  randomi zed- 
step  tests,  two  loading  schedules  were  used,  one  based  on  gust  statistics, 
the  other  on  maneuver  load  statistics.  The  number  of  loads  for  both 
schedules  at  each  level  is  shown  by  the  length  of  the  bar,  the  spectrum 
compositions  are  given  in  detail  in  tables  1  and  2,  the  probability- 
distributions  on  which  these  load  schedules  were  based  are  shown  in 
figure  3(’b)- 


id  maneuver  loadings. 


For  the  initial  randomized- step  tests  every  effort  was  made  to 
develop  a  load  history  which  would  correspond  as  closely  as  possible  to 
the  flight  operating  experience  of  the  airplane.  Since  calculations 
indicated  that  loads  due  to  such  effects  as  landing,  taxiing,  and  maneu¬ 
vers  did  not  contribute  significantly  to  the  load  history  as  compared  to 
the  contribution  from  rough  air,  the  loading  schedule  was  based  on  the 
most  severe  limits  of  the  gust  data  of  reference  5,  and  the  average  value 
given  in  reference  5  for  the  path  ratio,  that  is,  ratio  of  flight  dis¬ 
tance  in  turbulence  to  total  flight  distance.  Values  of  the  parameters 
for  the  calculation  of  the  gust-load  schedule,  based  on  an  assumed 
50,000  hours  of  flight,  were  as  follows: 


Total  flight  distance,  miles .  10^ 

Path  ratio .  0.1 

Class  interval.  An . 0.15 

Lowest  threshold  value,  An . 0.15 


These  parameters  in  conjunction  with  the  data  of  reference  5  indi¬ 
cate,  as  shown  in  table  1,  that  the  threshold  of  An  =  ±0.15  would  be 
exceeded  5,967,000  times  in  10'  miles,  while,  for  example,  5,931>200  load 
factor  peaks  would  lie  between  ±0.15  and  ±0.30.  In  operation  of  the 
test,  the  loads  in  any  class  interval  were  applied  at  the  mean  of  the 
interval.  To  prevent  the  application  of  all  the  cycles  at  any  one  load 
level  consecutively,  the  total  number  of  loads  in  each  class  was  divided 
by  100  to  produce  100  sequences  or  blocks.  The  order  in  which  the  load 
levels  were  applied  in  each  block  was  established  by  reference  to  a  table 
of  random  numbers.  No  two  of  these  blocks  were  alike.  Since  loads  at 
±1-575  and  above  occur  less  than  .100  times,  they  could  not  be  represented 
in  each  block)  these  loads  were  distributed  at  random  among  the  100  blocks. 

Another  load  history  used  in  the  randomized- step  tests  and  shown  in 
figure  3  is  that  labeled  "maneuver  loading."  As  compared  to  the  gust¬ 
load  schedule,  the  maneuver  load  schedule,  table  2,  contains  a  higher 
proportion  of  large  loads  and  a  smaller  proportion  of  small  loads.  The 
shape  of  the  distribution  was  based  on  some  statistical  studies  of  the 
peaks  of  positive  normal  load  factor  increment  encountered  in  fighter 
aircraft  during  operational  training.  For  test  purposes  these  loads 
were  scaled  to  the  transport  on  the  basis  of  the  design  limit  load  factors 
of  the  fighter  and  transport  categories.  This  loading  was  devised  pri¬ 
marily  to  explore  the  effects  of  spectrum  shape  on  such  factors  as  crack 
propagation  and  lifetime  and  is  not  to  be  considered  as  realistic  for 
C-46  airplanes.  Because  of  the  high  proportion  of  high  loads  and  the 
higher  damage  rate  expected,  the  maneuver  load  schedule,  for  operating 
purposes,  was  divided  into  1,000  blocks. 
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TABLE  1.-  GUST  LOAD  SPECTRUM 


Threshold, 

An 


Summation  nLoa*  ,Cy<\leS 

of  cycles  leJe1'  ir\  claS? 

An  interval 


5,967,000 

2,055,800 

491.400 

140.400 
53,696 
10,179 

2,878 

842 


0.225 
•  375 
.525 

.675 

.825 

•975 

1.125 

1.275 

1.425 

1.575 

1.725 

1.875 

2.025 

2.175 

2.325 

2.475 

2.625 


3,931,200 

1,544,400 

351,000 

106,700 

23,510 

7,301 

2,036 

586 


First  block 

Second  block 

Load 

Cycles 

Load 

Cycles 

level, 

in  class 

level. 

in  class 

An 

interval 

An 

interval 

0.525 

3,510 

1.725 

0 

2.425 

0 

2.175 

0 

1.875 

0 

.825 

236 

2.325 

0 

1.425 

1 

.675 

1,067 

1.275 

5 

2.025 

0 

1.575 

1 

•  975 

73 

1.125 

20 

1-575 

1 

2.475 

0 

1.725 

0 

•  375 

15,444 

1.275 

6 

.225 

39,312 

2.175 

0 

.675 

1,067 

1.125 

20 

.525 

3,510 

1.425 

1 

•  975 

73 

.825 

235 

2.025 

0 

.225 

39,312 

2.325 

0 

•  375 

15,444 

1.875 

1 

Load 

level, 

An 


39,312 

15,444 

3,510 

1,067 

235 

73 

20 

6 

1 

1 

0 

0 

0 

0 

0 

0 


Summation  6g 
of  cycles 


Load 

level, 

An 


0.225 

•375 

•  525 
.685 
.825 

•  975 
1.125 
1.275 
1.425 
1-575 
1.725 
1.875 
2.025 
2.175 
2.325 
2.475 


78,624 

30,888 

7,020 

2,134 

471 

146 

40 

11 

2 

2 

0 

1 

0 

0 

0 

0 


TABLE  2.-  MANEUVER  SPECTRUM 


Threshold, 

Summation 

Load 

Cycles 

An 

of  cycles 

level, 

An 

in  class 
interval 

0.15 

5,967,000 

4,184,500 

0.225 

1,782,500 

•  50 

•  575 

1,552,000 

.4-; 

2,852,500 

2,062,500 

.525 

790,000 

.60 

.675 

567,000 

•75 

1,495,500 

.825 

464,000 

•  90 

1,051,500 

667,000 

•975 

564,500 

1.05 

1.125 

264,000 

1.20 

405,000 

1.275 

175,000 

1.55 

228,000 

1.425 

107,500 

1.50 

120,500 

1-575 

61,000 

I.65 

59,500 

1.80 

1.725 

52,000 

27,500 

1.875 

16,000 

1.95 

11,500 

2.025 

7,000 

2.10 

4,500 

2.175 

3,000 

2.25 

1,500 

2.40 

2.525 

1,000 

500 

2.475 

500 

2.55 

0 

First  block 


Load  Cycles 

level,  in  class 
An  interval 


2.175 

•575 

1.275 

.675 

l.Ji25 

2.025 

2.1(75 

2.525 

1.575 

•  525 
.225 
.825 

1.725 

•  975 

1.875 

1.125 


Load 

level, 

An 


0.225 

•575 

.525 

.675 

.825 

•975 

1.125 

1.275 

1.425 

1-575 

1.725 

1.875 

2.025 

2.175 

2.525 

2.475 


Summation 
of  cycles 


5 

1,552 

175 

567 

107 

7 

1 

1 

6l 

790 

1,785 

464 

52 

564 

16 

264 


Second  block 


Load 

level, 

An 


2.525 

1.275 

.675 

1.425 
•  575 

1.125 
1.575 

2.475 

1.875 
.825 
2.025 

2.175 
.975 
1-725 
.225 
.525 


Cycles 
in  class 
interval 


Load 

level, 

An 


0.225 

•  575 
.525 
.675 
.825 

•  975 

1.125 

1.275 
1.925 
1-575 

1.725 

1.875 
2.025 

2.175 

2.525 

2.475 


Summation 
of  cycles 


11,954 


RESULTS  AND  DISCUSSION 


Fatigue  Sensitive  Areas 

Fatigue  cracks  ordinarily  were  discovered  either  by  visual  inspec¬ 
tion  (usually  during  cyclic  loading)  or  by  the  crack  detector  system 
before  they  exceeded  1 /4  inch  in  length.  Most  cracks  occurred  in  stress 
raisers  that  would  be  present  in  similar  form  in  almost  any  metal  air¬ 
craft  structure.  The  crack  locations  and  a  brief  description  of  the 
nature  of  the  crack  are  summarized  in  figure  4,  which  shows  a  plan  view 
of  the  wing  lower  surface  outboard  of  the  wing  attach  angle  at  wing 
station  192.  Also  shown  in  figure  4  is  a  cross  section  of  the  lower  ten¬ 
sion  surface  in  the  region  of  critical  strain,  showing  the  construction. 

Cracks  originated  in  the  skin  at  the  corners  of  cutouts  B,  F,  G, 
and  H  and  in  the  internal  doublers  of  cutouts  C,  D,  and  E.  These  cutouts 
permit  access  to  the  wing  for  final  assembly  and  for  various  equipment 
items;  all  were  provided  with  removable  doors,  B  and  F  with  simple 
inspection  doors,  C,  D,  E,  G,  and  H  had  stressed  doors.  A  crack  also 
appeared  in  the  external  doubler,  at  the  point  where  the  doubler,  attach 
angle,  and  30-percent-chord  spar  meet,  denoted  as  area  III. 

Total  number  of  fatigue  areas.-  The  total  number  of  fatigue  areas 
found  in  the  constant-level  tests  and  the  randomized- step  tests  are  shown 
in  figure  5  together  with  the  number  of  panels  tested  in  each  phase  of 
the  program.  At  each  of  the  two  lower  levels  in  the  constant-level  tests, 
a  crack  developed  in  area  B.  At  ±0.250  this  was  the  only  crack  yhich 
developed,  one  in  each  panel  tested.  At  ±0.350  cracks  developed  in 
area  E  as  well  as  in  B  while  at  ±0.425  cracks  developed  in  areas  B,  D, 
and  H.  In  general,  as  the  load  level  increased  up  to  ±1.000,  the  number 
of  areas  in  which  cracks  initiated  at  some  stage  during  loading  increased, 
until  at  ±1.000,  six  out  of  the  eight  areas  were  involved.  Results  from 
the  two  panels  tested  at  ±1.725  show  that  cracks  also  initiated  in  six 
of  the  eight  areas,  a  possible  indication  that  the  trend  for  more  fatigue 
areas  to  develop  as  the  load  level  increases,  may  not  continue  at  levels 
beyond  the  range  of  the  tests. 

Ten  panels  were  tested  with  the  gust  loading  in  the  randomized-step 
tests,  four  with  the  maneuver  loading.  As  compared  with  the  constant- 
level  results,  most  panels  developed  cracks  in  all,  or  nearly  all,  of  the 
areas  where  cracks  had  appeared  in  one  or  more  of  the  constant-level  tests 
and  there  were  no  new  areas.  Every  panel  developed  a  crack  in  area  B; 
cracks  in  areas  F,  III,  and  D  were  nearly  always  present;  in  C,  E,  and  H, 
usually.  Even  allowing  for  differences  in  sample  size,  no  one  level  in 
the  constant-level  tests  showed  such  a  wide  distribution  of  fatigue 
sensitive  areas.  It  is  tempting  to  speculate  that  two  or  more  of  the 
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Figure  5*-  Total  number  of  fatigue  areas 


constant  levels  in  combination  might  have  given  a  reasonably  close  pic¬ 
ture  of  crack  areas  shown  by  the  randomized- step  test  but  whether  these 
results  can  be  superimposed  in  this  way  could  be  a  topic  for  other 
research. 

First  crack.-  The  appearance  of  the  first  fatigue  crack  in  an  air¬ 
plane  could  be  a  valuable  indication  to  the  aircraft  operator,  perhaps  a 
guide  for  the  scheduling  or  revision  of  inspection  programs.  It  is  of 
some  interest,  therefore,  to  compare  the  locations  of  the  first  crack 
in  each  panel  tested  in  the  C-46  program.  The  data  are  shown  in  figure  6. 
At  the  two  lowest  values  of  the  constant-level  tests,  the  first  crack 
appeared  consistently  in  area  B.  As  the  load  level  increased,  the  loca¬ 
tion  of  the  first  crack  moved  aft  to  area  F,  and  to  D  and  E,  and  there 
is  more  scatter  in  the  point  of  its  appearance ;  at  0.625  where  five 
panels  were  tested,  four  different  locations  are  involved.  At  the  highest 
level,  there  is  a  return  to  consistency  in  the  location  of  the  first 
crack. 

In  the  randomized- step  tests,  area  F  and  area  D  were  most  frequently 
the  location  of  the  first  crack.  There  may  be  some  systematic  difference 
in  the  results  for  the  gust  and  maneuver  loadings  in  that,  for  the  maneu¬ 
ver  loading  with  its  greater  proportion  of  high  loads  the  first  cracks 
did  not  initiate  in  area  B.  Similarly  the  first  crack  did  not  start  in 
area  B  in  the  two  highest  levels  of  the  constant-level  tests.  But  even 
allowing  for  differences  in  sample  size,  no  one  level  in  the  constant- 
level  tests  gave  a  close  representation  of  the  locations  of  the  first 
crack  in  either  of  the  randomized- step  loadings. 

Except  for  two  cases,  one ’in  the  gust,  the  other  in  the  maneuver 
loadings,  the  first  cracks  in  the  randomized-step  tests  were  nuisance 
cracks  which  involved  no  threat  to  the  structure.  After  initiation  they 
grew  slowly,  if  at  all,  and  even  without  repair  they  seldom  exceeded 
1  inch  in  length  at  the  completion  of  the  test. 

With  the  gust  loading,  on  the  average,  first  cracks  appeared  at  a 
point  in  the  program  which  corresponds  to  15,000  hours  of  flight.  From 
flight  operations  not  many  instances  of  fatigue  damage  in  C-46  airplane 
wings  are  known  but  only  a  few  of  these  aircraft  have  thus  far  exceeded 
this  number  of  flight  hours.  The  NASA  has  examined  eight  airplanes  with 
10,000  to  20,000  hours  of  flight.  In  four  of  these  with  1^,000  hours  or 
less,  no  cracks  were  found.  Four  with  19,000  to  21,000  hours  had  one  or 
more  cracks  each.  The  data  are  shown  in  figure  7  along  with  the  first 
crack  data  from  the  gust  loading  in  the  randomized-step  tests.  The  two 
sets  of  data  are  not  exactly  comparable,  since  one  of  the  eight  wing 
panels  had  more  than  one  crack,  and  it  was  not  possible  to  tell  which 
had  appeared  first.  All  of  the  cracks  were,  however,  in  the  section  of 
the  wing  in  the  vicinity  of  wing  station  21^ .  All  were  small.  Taking 
them  as  representative  of  early  cracks  in  flight,  out  of  eight  locations 
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there  are  five  points  of  agreement  in  either  presence  or  absence  of 
cracks.  A  further  point  of  agreement  lies  in  the  character  of  these 
early  cracks  in  flight  which,  with  one  exception,  were  regarded  by 
personnel  who  made  the  Inspection  as  nuisance  cracks.  These  were  the 
same  personnel  who  had  conducted  the  laboratory  study.  The  one  excep¬ 
tion  is  the  crack  in  area  B  which  was  regarded  as  potentially  serious. 

In  this  respect,  it  may  be  only  coincidence  but  in  these  randomized-step 
tests,  all  first  cracks  were  nuisance  cracks  except  for  one  first  crack 
in  B  which  grew  appreciably  after  its  appearance  and  propagated  to  final 
failure  very  much  later  in  the  program.  In  view  of  the  general  agreement 
in  crack  character  and  location  in  these  two  sets  of  data,  there  is  room 
for  some  confidence  in  the  belief  that  the  randomized-step  gust  loading 
was  a  reasonable  equivalent  to  the  random  loading  of  the  flight  operation. 

Critical  crack.-  Of  the  total  of  152  fatigue  cracks  cataloged  in 
the  study  of  the  32  C-46  wing  panels,  one  crack  in  each  panel  propagated 
to  such  an  extent  that  structural  integrity  was  threatened.  The  areas 
in  which  these  critical  cracks  originated  are  shown  in  figure  8.  In 
general,  the  C-h6  tests  were  not  continued  to  the  point  of  structural 
failure,  although  this  did  occur  on  two  occasions.  Careful  records  of 
crack  propagation  were  made,  however,  and  testing  continued  to  the  point 
of  rapid  propagation  and  imminent  complete  failure,  generally  to  the 
loss  of  20  to  35  percent  of  the  total  tension  area. 

In  the  constant-level  tests,  as  shown  in  figure  8,  the  critical 
crack  initiated  in  area  B  with  remarkable  consistency.  Aside  from  the 
two  panels  at  the  lowest  level  where  the  first  crack  was  the  only  crack 
to  develop,  there  were  six  other  panels  where  the  crack  which  became  the 
critical  crack  was  also  the  first  one  to  develop  and  in  four  of  these 
area  B  was  involved.  In  a  total  of  j.4  out  of  the  18  panels  studied,-  the 
critical  crack  started  in  area  B  and  grew  aft  into  area  F.  In  three 
cases,  all  at  the  higher  levels,  the  critical  crack  started  in  area  F 
and  grew  forward  into  B.  In  only  one  instance  was  area  III  involved. 

With  randomized-step  loadings,  area  III  was  critical  in  10  cut  of 
l4  panels.  The  two  types  of  loadings  are  in  agreement  that  areas  C,  D, 

E,  G,  and  H,  which  occurred  frequently,  are  not  critical  but  no  one 
level  in  the  constant-level  tests  has  consistently  given  an  adequate 
clue  to  the  location  which  proved  critical  in  the  randomized-step  tests . 


Cumulative  Damage 

Although  the  mechanism  and  mathematics  for  the  accumulation  of 
fatigue  damage  in  a  specimen  are  presently  under  study  on  a  broad  front, 
the  linear  cumulative  damage  concept  as  expressed  by  Palmgren  and  by 
Miner,  perhaps  because  of  its  simplicity,  is  apparently  the  most  widely 
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Figure  8.-  Location  of  critical  crack 


used.  The  randomized-step  tests  on  the  C-46,  embodying  two  such  diverse 
loading  schedules,  together  with  the  load- lifetime  information  of  the 
constant-level  tests  appear  to  be  well  adapted  to  a  study  of  the  appli¬ 
cability  of  the  various  cumulative  damage  hypotheses.  Some  preliminary 
results  are  available  for  the  linear  hypothesis.  These  results  are  based 
on  the  load-lifetime  curves  given  in  figure  9-  Three  curves  are  shown, 
based  on  the  results  of  the  C -46  constant-level  tests.  These  curves 
give  the  number  of  cycles  to  initiation  of  the  first  crack,  to  initiation 
of  the  critical  crack,  and  to  final  failure;  they  are  denoted  in  figure  9 
as  curves  FC,  CC,  and  FF,  respectively.  The  curves  were  established  by 
fairing  a  smooth  curve  through  the  mean  of  the  pertinent  lifetimes  at 
each  of  the  six  load  levels  of  the  constant-level  tests.  These  average 
load-lifetime  curves  were  used  as  the  basis  of  the  subsequent  cumulative 
damage  calculations.  Miner's  familiar  linear  emulative  damage  concept, 
as  presented  in  reference  6,  states  that  damage  can  be  expressed  in  terms 
of  the  number  of  cycles  applied  at  a  given  stress  level  divided  by  the 
number  of  cycles  to  produce  failure  at  that  stress  level.  When  the  sum¬ 
mation  of  these  "increments  of  damage"  at  several  stress  levels  becomes 
unity,  failure  will  occur.  The  inception  of  a  crack,  rather  than  com¬ 
plete  failure  of  the  specimen,  was  considered  by  Miner  to  constitute 
failure.  Therefore,  in  any  treatment  of  cumulative  damage  based  upon 
Miner's  hypothesis  it  is  only  fair  to  hope  for  values  of  1.0  for  Z  ^ 

when  constant-level  and  variable-amplitude  .'Load-lifetime  data  for  crack 
initiation  are  used.  It  is  also  necessary  to  consider  the  effects  of 

scatter  upon  the  Z  ^  results.  Miner's  own  supporting  test  data  con¬ 
tained  scatter  about  the  average  value  of  Z  of  1.015  for  crack  initia¬ 
tion.  The  scatter  limits  for  Miner's  Z  -  values  for  22  specimens  ranged 
from  0.6l  as  a  minimum  to  1.49  as  a  maximum. 

Initiation  of  first  crack.-  The  results  of  the  cumulative  damage 
calculations  for  the  C-46  tests  are  shown  in  figure  10.  Summations  of 
the  cycle  ratios,  Z  S,  are  shown  along  the  horizontal  scale.  For  com¬ 
parison  purposes,  Miner's  data  from  reference  6  are  shown  at  the  top  of 
the  figure.  The  C-46  summations  are  for  several  events  and  for  several 
kinds  of  data.  Consider,  for  example,  the  initiation  of  the  first  crack. 
The  gust  loading  data,  shown  by  the  open  bars,  averaged  1.46  with  scatter 
between  0-53  and  2.48.  The  four  maneuver  loading  panels  averaged  1.05 
varying  between  0.85  and  1.30.  In  order  to  evaluate  this  scatter  the 
results  for  the  18  constant-level  tests  are  shown  as  the  dark  bars.  The 
constant-level  test  can  be  considered  as  a  special  case  of  a  spectrum 
with  only  one  load  level.  These  values  scatter  between  0.4  and  1.75,  with 
the  average  at  1.00.  Thus  the  average  values  of  Z  for  both  the  gust 

and  maneuver  loading  data  fall  close  to  1.00.  The  scatter  for  the  10  gust 
values  is  slightly  greater  than  that  of  the  18  constant -level  test  values 
and  the  scatter  for  the  four  maneuver  spectrum  values  of  Z  ^  falls  well 
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'igure  9.-  Load-lifetime  curves,  C-46  constant-level  tests. 


within  the  scatter  band  of  the  constant-level  results  for  initiation  of 
first  crack.  In  general.  Miner's  cumulative  damage  concept  seems  to 
have  provided  a  reasonably  adequate  representation  of  the  lifetime  to 
initiation  of  the  first  crack. 

Initiation  of  critical  crack.-  Just  as  values  of  E  ^  for  initia¬ 
tion  of  first  crack  in  the  variable-amplitude  tests  were  in  good  agree¬ 
ment  with  constant-amplitude  results,  the  values  of  E  S  for  critical 

crack  initiation  also  show  reasonable  agreement  for  areas  B  and  F.  The 
apparent  disagreement  of  area  III  in  the  gust  loading  is  felt  to  be 
caused  by  the  fact  that  the  constant-level  lifetime  curve  for  area  III 
critical  crack  initiation  is  not  well  defined  at  the  lower  load  levels. 

A  crack  occurred  in  area  III  only  three  times  in  the  18  constant-level 
tests.  Therefore,  the  values  of  N  used  for  calculating  E  to 

critical  crack  initiation  are  the  result  of  averaging  the  shorter  life¬ 
times  for  areas  B  and  F  at  the  low  constant-load  levels.  These  lower 

values  of  N  will  result  in  high  values  of  E  §  for  area  III  critical 

N 

crack  initiation.  In  any  event,  if  a  correction  could  have  been  made 
based  on  the  true  lifetime  values  for  area  III,  the  E  S  for  the  gust 

and  maneuver  loadings  would  have  been  reduced  approaching  more  nearly 
the  value  of  1.0. 

Final  failure . -  For  final  failure  the  average  value  of  E  ^  is 
1.23  for  the  four  maneuver  load  specimens.  The  average  value  of  E  S 

is  k.19  for  the  10  gust  load  specimens,  very  much  higher  indeed  than 
would  be  indicated  by  a  linear  cumulative  damage  concept. 

In  the  description  of  crack  locations,  it  was  pointed  out  that, 
although  cracks  existed  in  areas  B  and  F  in  both  constant-level  and 
randomized- step  tests,  they  were  seldom  critical  in  the  randomized- 
step  tests,  final  failure  being  associated  with  a  crack  which  initiated 
in  area  III.  There  are  two  very  interesting  points  involved  with  these 
randomized- step  tests. 

One  point  is  the  failure  of  the  area  B  -  area  F  system  to  propagate 
under  random  loading;  some  mechanism  seems  to  have  been  at  work  which 
slowed  the  rate  of  crack  propagation  greatly  as  compared  to  the  constant- 
level  loadings.  In  fact,  the  area  B  -  area  F  cracks  were  slowed  to  the 
extent  that  the  late  developing  area  III  cracks  were  critical.  This 
effect  is  common  to  both  the  maneuver  and  gust  loadings.  The  other  point 
is  the  relatively  much  greater  delay  in  final  failure  with  the  gust 
loading  as  compared  to  the  maneuver  loading.  Since  the  crack  system  is 
the  same  in  both  cases,  this  difference  must  be  associated  with  the  dif¬ 
ferences  in  shape  of  the  two  spectrums. 


The  general  agreement  in  critical  crack  initiation  and  marked  delay- 
in  final  failure  indicates  the  discrepancy  in  final  failure  is  brought  on 
by  the  behavior  of  the  propagating  crack  under  variable  loading.  The 
delaying  effect  on  the  propagating  crack  is  very  apparent  in  the  gust 
spectrum  results  but  not  in  the  maneuver  spectrum  tests.  Using  Z  S 

values  based  upon  a  constant-level  critical  crack  growth  lifetime  curve, 
the  growth  of  the  two  area  B  critical  cracks  in  the  gust  loading  tests 
took  13  times  longer  than  the  same  crack  growth  during  the  constant-level 
tests.  The  eight  area  III  critical  cracks  took  approximately  six  times 
longer  to  propagate  to  final  failure  than  in  the  constant-level  tests. 

The  Z  ^  values  for  critical  crack  growth  during  the  maneuver  loading 
tests  averaged  about  1.75  for  both  areas  III  and  F. 

McEvily  and  Illg,  of  the  Langley  Research  Center,  have  pointed  out 
a  possible  explanation  for  the  mechanism  of  nonpropagating  fatigue  cracks. 
A  mechanism  of  this  type  could  account  for  the  observed  results  in  the 
C-46  tests.  In  explanation  of  nonpropagating  cracks,  it  is  suggested 
that  once  a  fatigue  crack  has  started,  the  application  of  a  high  load 
cycle  could  cause  plastic  deformation  in  the  material  at  the  head  of  the 
crack.  This  plastic  deformation  would  result  in  the  introduction  of 
residual  compressive  stresses  around  the  end  of  the  crack  during  the 
unloading  portion  of  the  cycle.  This  introduction  of  compressive  stresses 
would  reduce  the  effectiveness  of  subsequent  cycles  at  lower  load  levels 
and  crack  growth  would  thus  be  delayed. 

These  considerations,  as  applied  to  the  C-46  program,  can  explain 
the  observed  results.  The  first  cracks  to  initiate  in  area  B  or  area  F 
having  started,  their  subsequent  propagation  could  be  delayed  by  the 
occasional  high  loads,  to  such  an  extent  that  a  new  crack  starts  in 
area  III.  In  area  III  the  nominal  lg  stress  is  2,000  psi  lower  than 
in  area  B  or  area  F  (ref.  l),  A  joggle  such  as  that  in  area  III  Is  also 
a  very  different  piece  of  structure  than  the  skin  cutouts  at  B  and  F  and 
the  stress  concentrations  would  undoubtedly  differ.  It  is  difficult  to 
assess  the  relative  effects  of  lower  stress  level  and  differing  structure. 
It  is  believed,  however,  the  start  of  a  crack  in  area  III  after  area  B 
or  F  is  associated  with  the  lower  nominal  stress  and  also  that  the  number 
of  excursions  into  the  plastic  range  during  crack  propagation  would  be 
relatively  fewer  for  area  III.  The  propagation  delay  would  thus  be  some¬ 
what  less,  as  observed.  Thus,  area  III  which  was  not  critical  in  the 
constant-level  tests  becomes  the  starting  point  for  the  crack  which  leads 
to  final  failure  in  the  variable-amplitude  tests. 

Granted  the  existence  of  this  growth  inhibiting  mechanism,  it  is 
easy  to  see  why  Z  £  at  final  failure  is  higher  for  the  gust  loadings 

than  for  the  maneuver  loadings.  In  the  gust  loadings  there  are  relatively 
more  cycles  at  the  very  low  load  levels.  Under  a  linear  cumulative  damage 
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hypothesis,  they  contribute  to  Z  £,  hut  it  is  precisely  these  low-level 

cycles  which,  because  of  stress  relief  at  the  head  of  the  crack,  would 
be  less  effective  in  producing  fatigue  damage.  The  net  effect  of  stress 
relief,  coupled  with  differences  in  relative  proportions  of  cycles  at 
high  and  at  low  stress  levels,  is  to  give  a  life  under  gust-type  loading 
which  is  greater  than  would  be  expected  on  the  basis  of  linear  cumulative 
damage  and  this  increase  is  greater,  the  greater  the  proportion  of  the 
load  cycles  at  low  stress  levels. 

In  general,  then,  it  appears  that  crack  initiation  in  the  C-46  tests 
is  in  reasonable  agreement  with  the  indications  of  the  linear  cumulative 
damage  hypothesis .  The  tests  also  indicate  that  once  started  the  sub¬ 
sequent  growth  of  cracks  and  development  of  final,  failure  show  systematic 
departures  from  the  indications  of  the  linear  damage  hypothesis. 

These  departures  are  in  line  with  the  qualitative  indications  of  a 
mechanism  of  delayed  crack  propagation  proposed  by  McEvily  and  Illg. 
Quantitative  treatment  of  this  mechanism  would  require  considerable 
modification  to  the  linear  cumulative  damage  hypothesis.  If  real,  how¬ 
ever,  the  existence  of  this  mechanism  appears  to  necessitate  the  inclu¬ 
sion  of  a  wide  range  of  load  levels  in  a  fatigue  test. 


CONCLUDING  REMARKS 


Comparison  of  the  fatigue  sensitive  areas  on  C-46  wings  as  indicated 
by  constant-level  tests  and  by  randomized- step  tests  shows  consistent 
differences  in  the  indications  of  the  two  types  of  loading.  No  one 
level  in  the  constant-level  tests  revealed  as  many  fatigue  sensitive 
arean  as  did  the  randomized- step  tests.  The  first  crack  in  the  constant- 
level  tests  was  often  the  critical  crack,  whereas  the  first  crack  in  the 
randomized- step  test  was  usually  a  nuisance  crack  which  did  not  propagate 
and  did  not  compromise  the  structural  integrity.  No  one  level  in  the 
constant- level  tests  consistently  gave  a  good  indication  of  the  area 
which  proved  critical  in  the  randomized-step  tests.  A  limited  comparison 
of  fatigue  sensitive  areas  in  C-46  aircraft  as  revealed  in  flight  opera¬ 
tions  with  the  results  of  the  laboratory  tests  indicates  better  agree¬ 
ment  between  flight  and  randomized-step  tests  than  between  flight  and 
constant-level  tests. 

Tne  fatigue  life  of  the  C-46  fell  naturally  into  two  distinct  phases. 
The  first  phase,  life  to  crack  initiation,  was  in  general  agreement  with 
the  indications  of  linear  cumulative  damage.  The  second  phase,  propaga¬ 
tion  of  the  critical  crack,  showed  systematic  departures  from  the  indi¬ 
cations.  of  linear  cumulative  damage.  A  qualitative  explanation  of  these 
departures  is  offered  based  on  a  discussion  of  nonpropagating  fatigue 
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cracks  by  McEvily  and  Illg.  in  explanation  of  the  C -46  results,  it  is 
proposed  that  crack  propagation  at  low  stress  would  be  slowed  by  occa¬ 
sional  cycles  of  stress  which  are  sufficiently  high  that  plastic  deforma¬ 
tion  coulct  occur  at  the  head  of  the  crack. 

~  B^’ed  on  H1®  indications  of  both  fatigue  sensitive  areas  and  fatigue 

ioutd  S8  reSUJtv  °f  the  0-46  Study  indicate  that  important  information 
wouid  be  missed  by  a  constant-level  test.  If  the  mechanism  of  delayed 

inclusionPof !  ^1S  e>:istence  vould  aPPear  to  necessitate  the 

inclusion  of  a  wide  range  of  load  levels  in  a  fatigue  test. 
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SONIC  FATIGUE  SIMULATION* 
By 

Jordan  J.  Baruch 

Bolt  Beranek  and  Newman  Inc. 
Cambridge,  Massachusetts 


I.  INTRODUCTION 

In  the  century  or  so  since  Jones  and  Galton  experimented  with 
cyclic  stresses  in  cast  iron,  fatigue  has  taken  an  increasingly  im¬ 
portant  part  in  design  technology.  In  the  modern  aircraft  industry 
in  particular,  the  desire  for  increased  performance  has  led  to  ever- 
increasing  working -stress  levels.  In  addition,  the  pursuit  of  new 
materials  has  led  to  greater  improvements  in  static-stress  handling 
abilities  than  in  fatigue  strength.  Coupled  with  the  increasing  levels 
of  alternating  stresses  to  which  a  modern  aircraft  is  subjected,  these 
factors  have  made  fatigue  failure  loom  as  the  greatest  singly  bottle¬ 
neck  in  the  future  advance  of  the  industry. 

We  will  define  sonic  fatigue  as  that  which  either? 

a)  is  induced  by  coupling  a  structure  to  an  airborne 
sound  field,  or 

b)  occurs  in  a  frequency  range  where  the  stress  distri¬ 
bution  in  the  structure  can  most  easily  be  handled 
by  acoustical  analysis  techniques. 

Along  with  the  growth  of  fatigue  problems  in  general,  supersonic 
flight,  the  increased  thrust  and  noise  from  modern  power  plants  and 
t.he  Increased  bandwidth  of  the  resulting  excitation  has  forced  sonic 
fatigue  to  loom  as  a  major  future  contributor  to  our  problems. 

As  the  name  implies,  sonic  fatigue  is  composed  of  one  part  sonics 
and  one  part  fatigue.  Indeed,  the  research  problems  which  must  be 
solved  before  we  can  consider  ourselves  capable  of  handling  the  sonic 
fatigue  problem  can  largely  be  resolved  into  sonic  problems  and  fatigue 
problems.  This  paper  will  attempt  to  outline  some  major  problems  in 
these  two  areas  and  the  potentialities  and  limitations  which  we  feel 
sonic  simulation  offers  in  attempting  their  solution. 


*  This  work  was  supported  by  the  USAF,  WADC  Aircraft  Laboratory  under 
the  technical  cognizance  of  Dr,  0-.  'R,  Rogers, 
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II.  FATIGUE  PROBLEMS 


« 


's'V 


A.  Background 

While  we  cannot,  of  course,  present  a  history  of  fatigue  in  a 
paper  such  as  this,  it  may  he  well  to  mention  briefly  some  portions  of 
past  experience  in  order  to  sharpen  the  contrast  with  some  of  our  new 
problems . 


rj 

C- 


X" 


The  alternating  stresses  produced  by  rotating  machinery,  bridge 
traffic,  railroad  wheels,  etc.,  is,  to  a  large  extent,  sinusoidal  in 
nature.  Similarly,  the  alternating  stresses  which  one  can  produce 
comfortably  in  the  laboratory  are  also  sinusoidal.  In  such  a  sinu¬ 
soidal  stress  pattern,  the  relationships  .among  peak  stress,  root-mean- 
square  stress  and  average  stress  are  completely  defined.  Even  the 
instantaneous  stress  to  which  a  sample  is  subjected  is  a  unique  quantity. 

Laboratory  and  field  experience  with  this  type  of  stress  pattern 
have  led  to  the  formulation  of  some  empirical  relationships  which  have 
permitted  significant  progress  in  the  design  of  structures  for  fatigue 
resistance.  The  most  important  of  these  relationships  is  undoubtedly 
the  observation  that,  in  general,  the  number  of  cycles  of  alternating 
stress  to  which  a  sample  can  be  subjected  before  failure  is  inversely 
proportional  to  some  first  order  measure  of  the  amplitude  of  the  alter¬ 
nating  stress.  This  first  order  measure  is  generally  expressed  either 
as  the  root -me an -square  value  of  the  alternating  stress,  or  the  peak 
value  of  the  alternating  stress. 

Because  of  its  relative  independence  of  sample  configuration,  the 
above  relationship  provides  the  engineer  with  a  powerful  tool  to  be 
used  in  fatigue  design.  The  most  important  contribution  is  to  provide 
the  engineer  with  a  scaling  law  without  which  laboratory  Investigation 
in  the  fatigue  field  becomes  unwieldy,  time-consuming  and  often  essen¬ 
tially  impossible. 

The  engineer,  looking  for  a  fatigue  life  of  10,000  hours  and 
seeking  to  test  a  design,  may,  because  of  the  existence  of  the  above 
hypothesis, perform  his  evaluation  tests  at  a  value  of  stress  many  times 
higher  than  the  design  level,  thereby  decreasing  the  time  necessary  for 
a  laboratory  test.  In  addition,  it  appears  that  this  hypothesis  is 
valid  over  a  wide  range  of  frequencies  where  the  stress-wavelength  in 
the  material  is  very  large  compared  to  the  sample  size  and  where  the 
cumulative  heating  by  hysteresis  under  the  influence  of  the  alternating 
stress  pattern  is  unimportant.  This  additional  flexibility  permits  the 
engineer  not  only  to  run  his  test  at  a  value  of  stress  which  is  higher 
than  that  anticipated  in  the  field,  but  at  a  frequency  of  application 
of  stress  which  is  higher  than  that  anticipated.  The  combination  of 
these  two,  of  course,  greatly  facilitates  laboratory  testing. 


948 


A  second  fundamental  relationship  for  predicting  times  of  failure 
under  repeated  sinusoidal  stresses  is  a  cumulative  damage  law  which 
purports  to  predict  the  life  of  a  specimen  subjected  to  stresses  at 
a  variety  of  levels.  The  most  common  relationship  is  that  generally 
attributed  to  Miner  and  hence  often  called  Miner's  hypothesis.  It  has 
only  been  in  recent  years  that  Miner's  hypothesis  has  shown  limita¬ 
tions.  As  a  result  of  these  observed  limitations*  many  researchers 
are  now  seeking  substitutes  for  Miner's  hypothesis*  both  by  the  collec¬ 
tion  of  statistically  significant  quantities  of  data  and  by  an  examina¬ 
tion  of  the  micro -physical  phenomena  which  accompany  fatigue  failure. 
These  problems  will  be  discussed  further  in  Section  B. 

In  addition  to  classical  damage -accumulation  theory*  it  has  been 
recognized  that  below  some  value  of  peak  alternating  stress*  no  fatigue 
damage  is  induced  in  the  structure.  If  one  plots  the  peak  stress  to 
which  a  sample  is  subjected  versus  the  number  of  cycles  to  failure  for 
ferrous  metals,  one  finds  that  the  S-N  curve  seems  to  become  parallel 
to  the  number  axis  at  some  point.  This  point*  for  convenience,  is 
usually  taken  at  a  figure  of  10  to  20  million  cycles.  Even  for  a  test 
where  the  strain  is  applied  at  30  cycles  per  second*  such  a  test  repre¬ 
sents  approximately  200  hours  of  testing  time.  To  check  that  an 
asymptote  really  exists,  it  would  be  necessary  to  extend  such  a  test 
by  at  least  two  orders  of  magnitude.  Neither  the  homogeneity  of  the 
samples  available  nor  the  feasibility  of  running  20*000  hour  tests 
warrants  such  an  extrapolation.  Indeed*  the  inhomogeneities  found 
would  require  many  such  tests  and  hence  an  inordinate  length  of  testing 
time. 


Where  scaled  testing  is  being  done  and  where  the  excitation  fre¬ 
quencies  in  the  field  are  those  associated  with  normal  rotating  machinery* 
the  extension  of  the  S-N  curve  is  an  unwarranted  refinement  from  an 
engineering  point  of  view.  Only  in  some  materials  (such  as  the  aluminum 
alloys)  where  fatigue  failures  out  to  hundreds  of  millions  of  cycles 
have  proved  important,  is  such  extended  range  testing  normally  con¬ 
sidered  imperative.  The  absence  in  these  alloys  of  any  clear  asymptote 
and  their  increasing  use  in  the  aircraft  Industry  has  made  them  the 
subject  of  much  long-time  testing.  We  will  point  out  in  the  next 
section  that  some  of  the  problems  associated  with  sonic  fatigue  also 
impel  the  engineer  to  a  recognition  of  long-time  test  programs. 

B.  Current  Problems 

The  modern  jet  engine*  to  indicate  one  source  of  excitation  which 
is  of  importance  in  present  fatigue  problems  and  will  be  even  more 
important  in  nomorrow's  fatigue  problems*  generates  x  time-varying 
pressure  field  in  which  the  instantaneous  amplitudes  of  pressure  are 
essentially  randomly  distributed  with  a  probability  density  distribu¬ 
tion  that  is  essentially  Gaussian,  In  contrast  to  the  older  sinusoidal 
form  of  excitation*  therefore,  we  no  longer  have  an  expressible  rela¬ 
tionship  among  the  peak  pressure*  the  root -mean -square  pressure  and 
the  instantaneous  pressure.  Were  fatigue  a  linear  phenomenon*  the 


stresses  resulting  from  such  a  pressure  field  would  not  disturb  us 
very  greatly*  Linear  behavior  requires  simply  that  the  effect  of  a 
number  of  sine  waves  acting  simultaneously  be  the  same  as  the  vector 
sum  of  the  individual  effect  of  the  sine  waves  acting  alone*  The 
communication  engineer  has  long  made  use  of  this  rule  in  handling 
Gaussian  noise,  since  Gaussian  noise  may  be  considered  to  be  made  up 
of  an  infinite  number  of  infinitesimal  sine  waves  having  random  phase 
distribution.  Similarly,  were  fatigue  a  purely  statistical  phenomenon, 
as  is  the  case  with  many  collision-produced  chemical  reactions,  the 
random  nature  of  the  exciting  function  also  would  cause  us  no  concern. 
In  such  a  phenomenon  we  are  concerned  only  with  the  energy  present 
in  the  exciting  signal  and  the  statistics  or  temporal  distribution 
of  that  energy  do  not  concern  us. 

Unfortunately,  the  data  which  exist  at  the  present  time  indicate 
that  fatigue  is  neither  a  purely  statistical  phenomenon  nor  a  linear 
one.  Indeed,  it  has  been  hypothesized  that  fatigue  failure  would  not 
exist  in  a  truly  linear  material.  It  must  be  evident  that  if  the 
engineer  is  to  make  the  same  type  of  major  advance  in  random  excita¬ 
tion  fatigue  that  Miner’s  hypothesis  permitted  him  to  make  in  fatigue 
problems  associated  with  sinusoidal  excitation,  a  similar  form  of 
scaling  law  will  be  required. 

I  think  we  may  make  the  assumption  that  for  a  random  signal 
where  the  fatigue  life  is  long  compared  with  one  cycle  of  the  mid¬ 
frequency  of  our  excitation  bandwidth,  the  fatigue  behavior  of  a  sample 
does  not  depend  on  the  Instantaneous  ordering  of  the  stresses  applied. 
That  is  to  say,  the  damage  produced  by  a  long-term  random  excitation 
will  be  the  same  as  that  produced  by  another  long-term  random  excita¬ 
tion  having  the  same  statistical  characteristics  even  though  the  cross¬ 
correlation  function  of  the  two  excitations  be  identically  zero  for 
all  values  of  r. 

Having  made  the  above  assumption,  we  are  now  in  a  position  to  say 
that  we  can  talk  about  noise -induced  fatigue  failure  without  having 
to  talk  about  the  fatigue  failure  caused  by  a  specific  time  segment  of 
a  given  noise.  (Prior  work  has  shown  that  the  assumption  of  indepen¬ 
dence  from  temporal  sequence  holds  true  only  when  the  fatigue  life 
is  sufficiently  long  to  assure  randomness  in  the  length  of  excitation 
sample  used.) 

Despite  this  restraining  condition,  studies  of  fatigue  under  the 
action  of  random  noise  are  still,  faced  with  a  major  problem.  We  would 
like,  for  scaling  purposes,  a  relationship  such  as  that  shown  in  Equa¬ 
tion  (1): 

=  f  [§1*  ^2]  ^ 


*  Modern  communication  theory  throws  some  doubt  on  this  statement,  but 
without  it  this  field  would  be  totally  inaccessible. 
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Equation  (l)  states  that  the  fatigue  life  at  some  value  of  S-^  is  a 
definable  function  of  the  fatigue  life  Ng  at  some  other  value  of  stress , 
§  ,  where  the  symbol  S  is  used  to  denote  the  rms  value  of  the  alter¬ 
nating  component  of  stress.  In  the  sinusoidal  case,  the  fundamental 
hypothesis  mentioned  earlier  tells  us  that  this  function  is  given  by 
[Sp/Sf ]  where  the  value  of  n  depends  on  the  material  under  test. 

We  would  also  appreciate  having  an  equation  of  the  form  of  Equa¬ 
tion  (2). 


N1(S1,031)  =  g[N2(Sra>2)  j  (2) 

Equation  (2)  tells  us  that  there  is  a  definable  relationship  between 
the  fatigue  life  at  some  value  of  stress  and  some  value  of  mid -band 
frequency  and  the  fatigue  life  at  the  same  value  of  stress  but  at 

mid-band  frequency  o^.  Again,  referring  to  our  sinusoidal  case  and 

considering  N  to  be  expressed  in  cycles  rather  than  time,  most  of  the 
data  indicate  that,  over  a  reasonable  frequency  range,  g  is  simply 
unity. 

Our  basic  current  fatigue  problem  is  the  fact  that  neither  the 
f  of  Eq.  (l)  or  the  g  of  Eq.  (2)  is  specifiable  for  random -excitation 
fatigue  at  this  time.  Freudenthal 's  work  indicates  that  even  for  a 
simple  laboratory  test  (the  stresses  are  sinusoidal  and  the  peaks  are 
allowed  to  take  any  one  of  six  values  randomly  determined)  the  simple 
form  of  the  scaling  function  f'f  Eq.  (l)  is  no  longer  valid.  Even 
these  data,  however,  leave  considerable  question  whether  a  true  random 
noise  would  produce  values  which  differ  very  significantly  from  those 
produced  by  such  a  simple  laboratory  experiment.  Such  experiments  as 
Freudenthal 's  are,  of  course,  the  way  in  which  we  must  ultimately  hope 
to  arrive  at  the  scaling  laws  of  Eqs.  (l)  and  (2)  for  random  excitation. 

An  add-’  Vional  problem  facing  us  in  the  use  of  random  excitation 
testing  PVtd  its  application  to  random-noise  fatigue  is  the  fact  that 
most  eng.  .leering  work  which  deals  with  statistical  processes  deals 
primarily  with  central -tendency  phenomena.  It  is  highly  likely  that 
the  significant  attributes  of  a  random  signal,  insofar  as  its  effect 
on  producing  fatigue  aamage,  may  be  handled  more  significantly  by 
utilizing  extreme -value  theory  than  by  central -tendency  theory. 

An  example  may  serve  co  illustrate  this  point.  Figure  1-A  shows 
the  S-N  curve  for  an  ideally  brittle  material  when  tested  using  a 
sinusoidal  excitation.  For  any  value  of  stress  above  SQ  the  material 

is  good  for  one  cycle.  For  any  value  of  stress  below  SQ  the  material 

has  an  infinite  life.  Such  a  curve  is  what  we  mean  by  a  non-fatiguing 
material.  If  we  now  subject  this  material  to  an  alternating  stress 
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which  has  an  ideal  Gaussian  distribution*  our  data  may  have  a  fairly 
large  scatter*  but  when  we  plot  the  average  value  of  N  obtained  at 
any  stress  we  get  quite  a  different  curve  such  as  that  shown  in 
Pig.  1-Bo  The  shape  of  this  curve  arises  from  the  fact  that  no  matter 
how  small  the  root-mean-square  value  of  stress  gets*  for  a  true 
Gaussian  distribution  there  is  always  a  finite  probability  of  the 
stress  exceeding  some  threshold  value.  Similarly*  the  Curve  B  is 
asymptotic  to  the  vertical  portion  of  Curve  A*  because  no  matter 
how  large  the  root -me an -square  value  of  stress  is  made*  there  is  a 
finite  probability  that  you  will  go  through  at  least  one  cycle  with¬ 
out  exceeding  the  threshold  value.  Obviously*  then*  the  curve  of 
Pig,  1-B  has  a  shape  which  is  dictated  far  more  by  the  extreme - 
value  statistics  of  the  excitation  than  by  the  central -tendency 
portion  of  the  probability  curve. 

If  we  do  not  confine  our  attention  simply  to  a  threshold  case  as 
we  have  here*  but  consider  the  influence  of  some  hypothesis  such  as 
Miner's*  we  get  even  more  pronounced  results*  since  such  a  hypothesis 
says  roughly  that  the  importance  of  a  given  stress  reversal  is  pro¬ 
portional  to  the  amplitude  of  that  stress  reversal.  Under  such  condi¬ 
tions  the  tails  of  the  probability  curve  are  multiplied  by  the  values 
of  their  abscissas  and  a  bimodal  distribution  results  with  an  even 
greater  emphasis  on  the  stresses  distantly  displaced  from  the  central 
value . 

We  have  shown  that  it  is  important  to  consider  the  tails  of  any 
distribution  with  which  we  work  but  we  have  not  shown  that  these  tails 
are  not  automatically  similar  for  any  noises  which  we  may  consider. 
Under  the  section  on  acoustic  problems  we  will  discuss  one  aspect  of 
sonic  fatigue  which  severely  affects  this  question.  For  the  present, 
however*  we  need  only  consider  normal  testing  techniques.  Ballantine 
has  shown  that  the  normal  peak-to-rms  distribution  for  a  white  noise 
after  it  has  passed  through  conventional  electronic  equipment  rarely 
exceeds  four.  In  normal  central -tendency  work  such  a  limitation  is 
not  a  severe  one*  because  there  are  only  about  six  chances  in  100*000 
of  finding  a  peak  which  is  greater  than  four  times  the  rms  value  for 
a  true  Gaussian  function.  Where*  however*  we  are  interested  in  extreme 
value  behavior*  we  must  rewrite  that  last  sentence  to  read:  "Fully 
six  out  of  every  100*000  cycles  will  be  more  than  four  times  the  rms 
value  in  height."  Since  these  values  are  of  high  importance  because 
of  their  amplitude*  it  may  do  well  to  insure  their  presence.  In 
combustion  noise*  for  example*  recent  unpublished  work  has  indicated 
that  pulses  are  present  at  least  as  far  out  in  amplitude  as  six  <5  *  s . 

If  our  work  were  to  indicate  that  we  are  interested  in  in|tan- 
taneous  power  input,  we  would  be  concerned  with  the  quantity  p^  times 
the  normal  probability  function.  This  quantity*  which  is  the  bimodal 
Maxwellian  distribution*  of  course*  places  an  ever-increasing  emphasis 
on  the  extreme  value  quantities.  It  is  evident*  then*  that  when  two 
random  excitations  are  compared*  it  is  not  only  necessary  to  be  quite 
specific  about  their  Gaussian  distribution  shape  near  the  origin*  but 
one  must  also  be  extremely  careful  in  specifying  the  peak-to-root-mean- 
squared  ratio  for  each  of  the  two  noises. 
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A  more  esoteric  but  by  no  means  less  significant  aspect  of  the 
signals  which  must  be  taken  into  account  when  attempting  a  scaling 
law  for  random  excitation  .is  the  phenomenon  of  band  limiting,  A 
Gaussian  distribution  specifies  nothing  about  the  conditional  pro¬ 
babilities  which  are  determined  by  bandwidth  limiting  of  a  random 
excitation,  A  true  white  noise*  of  course*  has  a  spectral  energy 
density  which  is  independent  of  frequency.  Such  is  not  necessarily 
the  case  for  practical  noises.  There  is  some  indication  that  the 
spectrum  level  of  the  noise  produced  by  a  Jet  engine  drops  off*  at 
very  high  frequencies*  at  a  rate  approximately  equal  to  3  db  for 
each  doubling  of  frequency.  Such  a  drop-off*  of  course.,  implies  a 
relatively  constant  octave-band  spectrum.  While  the  ordinary  theory 
of  damage  accumulation  for  sinusoidal  excitations  assumes  that  the 
function  g  in  Eq,  (2)  is  unity*  such  an  assumption  is  unwarranted 
where  derivative -dependent  phenomena  become  important.  If*  for 
example,  we  take  a  very  simple  modification  of  the  standard  S-N  curves 
and  use  for  our  abscissa  the  quantity  t*  or  time  to  fatigue  failure* 
it  is  evident  that  the  high  frequency  stress  alternations  become 
important.  Indeed*  were  the  response  from  our  sample  independent  of 
frequency  as  far  as  stress  pattern  is  concerned*  the  specification  of 
equal  octave -band  levels  over  the  spectrum  would*  for  a  curve  using 
t  as  the  abscissa*  impute  the  major  importance  to  the  high  frequency 
end  of  the  spectrum. 

Naturally*  the  high  frequency  end  of  the  spectrum  is  often  damped 
by  the  characteristics  of  the  structure  itself.  There  is*  however* 
reason  to  believe  that  a  series  of  electronic  component  failures  some 
years  ago  was  caused  by  an  excitation  in  the  region  of  approximately 
1  megacycle.  If*  in  addition  to  using  t  as  the  abscissa,  we  postulate 
that  there  are  certain  types  of  fatigue  in  which  heating  plays  a 
major  role,  it  can  be  shown,  for  viscous  losses*  that  the  high  fre¬ 
quency  terms  again  will  assume  a  predominant  role.  Evidently  then*  it 
becomes  important  to  specify  any  bandwidth  restrictions  on  our  stress 
excitation  in  deriving  a  scaling  function  for  random  excitation. 

In  sum*  we  can  see  that*  in  order  to  derive  a  scaling  law  which 
will  permit  the  same  type  of  flexibility  of  laboratory  testing  that 
exists  for  sinusoidal  excitation,  we  must  develop  a  knowledge  of 
fatigue  behavior  under  the  conditions  of  changes  in  rms  level*  peak- 
to-rms  ratio*  and  band  limiting.  Naturally,  such  a  simplified  analysis 
has  assumed  the  existence  of  a  normal  distribution  of  amplitudes.  Should 
we  find*  as  field  measurements  progress,  that  we  are  dealing  with  dis¬ 
tributions  which  have  non  -zero  coefficients  of  skewness  or  kurtosis* 
we  may  be  forced  to  re-evaluate  the  universality  of  our  scaling  functions. 

Evidently  then,  the  greatest  single  fatigue  problem  facing  the 
field  at  the  moment  is  the  derivation  of  a  scaling  function  which  will 
permit  testing  with  other  than  a  one-to-one  duplication  of  field  condi¬ 
tions  in  the  laboratory.  Whether  such  a  scaling  function  can  be  derived 
by  simple  empirical  means  such  as  was  the  case  with  Miner's  hypothesis, 
or  whether  it  will  require  a  reasonable,  fundamental  understanding  of 


the  micro -physical  phenomena  accompanying  fatigue  is  a  moot  question. 
The  tremendous  number  of  variables  in  random  testing  as  compared  to 
sinusoidal  testing,  however,  would  indicate  that  pure  empiricism  is 
perhaps  a  very  long  procedure. 
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SONIC  PROBLEMS 


A.  Background 

The  coupling  of  a  sonic  field,  which  is  a  spatial  distribution 
of  time -varying  pressure,  to  a  structure  has  long  been  recognized  as 
a  problem  having  engineering  importance.  For  example,  such  coupling 
determines  to  a  large  extent  the  transmission  loss  of  sound  in  passing 
through  solid  partitions,  the  detectability  of  submarines,  the  be¬ 
havior  of  microphones  and  the  ultrasonic  cleanability  of  surgical 
equipment.  Obviously  then,  a  great  deal  of  work  has  been  done  in 
analyzing  this  coupling.  For  simple  structures,  there  are  exact  ana¬ 
lytical  solutions  which  relate  the  spatial  distribution  in  pressure 
to  the  spatial  distribution  of  stresses  in  the  structure.  Such 
analytic  solutions  are  generally  applicable  only  to  pressure  fields 
whose  time  and  space  functions  are  relatively  simple  analytic  ex¬ 
pressions  and  to  solids  whose  boundaries  can  be  made  to  coincide  with 
the  coordinate  axes  in  a  system  displaying  both  orthogonality  and 
relative  analytic  simplicity. 

Unfortunately,  the  design  of  aircraft,  and  the  design  of  struc¬ 
tures  in  general,  is  such  that  we  may  not  place  on  the  designer  the 
onus  of  forcing  his  boundaries  to  coincide  with  such  axes.  Similarly, 
the  sound  field  generated  by  combustion  and  by  the  power  plants  now 
under  consideration,  as  well  as  by  the  aerodynamic  turbulence  en¬ 
countered  by  the  moving  aircraft,  are  such  that  they  are  neither 
analytic  nor  simple.  Indeed,  as  indicated  in  the  previous  section, 
the  sound  fields  must  be  described  as  statistical  functions  not  only 
of  time  but  of  space.  While  the  preceding  section  discussed  the 
problems  inherent  in  going  from  a  known  stress  distribution  having  a 
statistical  time  function  to  a  fatigue  life,  the  present  section  will 
describe  some  of  the  difficulties  in  going  from  a  statistical  sound 
field  to  a  known  stress  distribution.  It  will  then  be  evident  that 
the  problem  of  going  directly  from  a  measured  statistical  sound  field 
to  an  estimated  fatigue  life  is  still  somewhat  far  off. 

B.  Current  Problems 

In  the  early  days  of  room  acoustics,  the  solution  of  the  eigenvalue 
functions  for  a  rectangular  room,  while  analytic,  proved  to  be  only 
marginally  useful  in  analyzing  the  behavior  of  such  rooms  under  the 
influence  of  such  quasi -random  functions  as  speech  and  orchestral  music. 
To  handle  these  problems  and  the  problems  engendered  by  rooms  which 
were  not  simple  orthogonal  structures,  reverberation  theory,  the  theory 
of  randomness,  concepts  such  as  frequency  and  spacing  index  and  diffusion 
were  introduced.  With  the  aid  of  these  assets,  it  became  possible  to 
analyze  the  "average"  response  of  a  room.  Average  responses,  like 
root-mean-square  pressure,  are  a  measure  of  central  tendency.  Very 
few  investigators  were  interested  in  the  form  of  analysis  which  would 
permit  of  extreme -value  calculations.  Bolt  in  this  country  and  Meyer 
in  Germany  did  perform  the  type  of  analysis  which  permitted  the  calcu¬ 
lation  of  peak  pressures  in  the  room,  although  it  did  not  serve  to 


locate  them.  In  fatigue  analysis ,  of  course *  we  are  interested  in 
the  concentrations  of  stresses  which  will  occur  in  a  structure  and 
in  the  location  of  those  stress  concentrations. 

Dyer  and  others  in  the  field  have  shown  that  the  problem  of 
waves  travelling  in  a  solid  medium  interrupted  by  holes,  boundaries 
or  other  changes  in  property,  can  be  treated  as  a  scattering  problem 
and  the  stress  concentrations  calculated.  Again,  however,  such  cal¬ 
culations  have  been  done  for  relatively  simple  structures  and  rela¬ 
tively  simple  time  functions.  In  order  for  them  to  be  applicable 
to  the  type  of  fatigue  work  now  facing  the  aircraft  field,  such  analyses 
must  be  extended,  either  by  theoretical  work  or  by  experiment,  to 
actual  physical  structures  and  actual  time  functions.  Fortunately, 
it  appears  that  these  two  problems  may  be  somewhat  separable  in  that 
if  we  know  the  time  function  we  may  analyze  it  in  terms  of  its  com¬ 
ponents,  and  if  we  know  the  reaction  of  a  structure  to  simple  excita¬ 
tions,  we  may  synthesize  it  for  a  more  complex  excitation.  Naturally, 
such  a  synthesis  can  be  done  only  in  the  linear  region  at  the  present 
time,  whereas  fatigue  takes  place  primarily  in  a  non-linear  region. 
Indications  are,  however,  that  the  non-li'near  effects  which  are  present 
will  permit  our  simple  synthesis  procedure  to  arrive  at  a  somewhat 
conservative  over-estimate  of  the  maximum  stresses  which  may  be  en¬ 
countered. 

The  linearity  described  above  is  a  linearity  of  the  structural 
medium  rather  than  a  linearity  in  the  air.  When  we  analyze  the  effect 
of  air-non-linearities  on  the  sonic  fatigue  problem,  we  find  ourselves 
in  much  worse  shape.  If  we  consider  just  one  aspect  of  the  atmosphere, 
we  can  see  how  this  difficulty  comes  about.  The  peak  pressure  in  a 
sound  wave  whose  rms  value  is  194  db  is  equal  to  one  atmosphere. 

Thus,  the  negative  peaks  of  a  sound  wave  can  never  exceed  this  value. 

We  immediately  see,  then,  that  a  random  acoustical  signal  having  a 
high  amplitude  will  have  an  inherently  negative  skew  form  whose  degree 
of  skewness  will  be  a  direct  function  of  the  wave  amplitude.  More 
Important,  for  any  phenomenon  (such  as  fatigue)  which  depends  on  ex¬ 
treme-value  behavior,  the  negative  tail  of  the  distribution  function 
must  go  to  zero  at  a  value  of  6  corresponding  to  194  db.  Any  scaling 
effort  will  be  forced  to  take  cognizance  of  this  asymmetric  distribu¬ 
tion  function. 

Now  let  us  look  at  another  characteristic  of  the  aerodynamic  non¬ 
linearity.  If  we  examine  a  pure  sine  wave,  which  we  will  assume  for 
the  moment  has  a  plane  wave  front,  such  a  wave  propagates  through  the 
atmosphere  with  no  diminution  of  amplitude  other  than  that  produced 
by  atmospheric  absorption  and  with  no  measurable  wave  shape  distortion, 
so  long  as  the  amplitude  of  the  alternating  pressure  is  very  small 
compared  to  the  static  pressure  of  the  atmosphere.  For  the  case  where 
the  alternating  component  of  pressure  is  not  small  compared  to  ambient 
pressure,  such  simple  propagation  does  not  occur. 
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Striking  photographs  have  been  taken  by  Allen  of  the  wave  form 
of  a  plane  sinusoidal  wave  of  high  intensity  as  a  function  of  distance. 
These  photographs  indicate  the  same  type  of  phenomenon  one  gets  with 
ocean  waves  approaching  a  beach.  The  waves  change  from  a  sinusoidal 
shape  to  a  sharply  triangular  shape  and  attenuate  rapidly.  The 
shape  of  the  wave  is  a  function  of  the  distance  through  which  the 
wave  has  propagated.  Here  again  we  have  a  problem  which  faces  those 
interested  in  scaling.  The  distortion-distance  function  which  a 
high  amplitude  wave  undergoes  is  a  function  of  frequency  and  represents 
a  transfer  of  energy  from  the  low  frequency  part  of  the  spectrum  to 
higher  frequencies.  Evidently  then,  those  of  us  who  wish  to  either 
scale  or  reproduce  sonic  phenomena  in  the  laboratory  are  going  to 
have  to  take  into  account  the  propagational  distortion.  Not  only 
that,  but  we  will  have  to  take  into  account  the  altitude  at  which 
this  distortion  takes  place  since  it  is  a  marked  function  of  altitude 
as  well  as  frequency.  It  will-  not,  therefore,  be  sufficient  to  put 
a  microphone  on  an  aircraft  wing,  record  the  sound,  and  play  it 
back  through  a  loudspeaker  because  by  the  time  the  sound  has  gotten 
from  the  loudspeaker  to  the  test  specimen,  it  will  no  longer  have 
the  same  wave  shape,  spectral  distribution,  or  statistical  distri¬ 
bution. 

Evidently  then  we  are  faced,  as  far  as  sonic  work  is  concerned, 
with  several  problems.  Among  these  we  may  list  (1)  the  development 
of  experimental  or  analytic  techniques  for  determining  the  stress 
distribution  in  a  structure  from  a  given  sonic  field,  (2)  a  method 
of  generating,  for  fatigue  simulation  studies,  a  field  having  the 
same  extreme-value  distributions  as  the  practical  fatigue -producing 
sound  field,  (3)  should  the  central  values  be  important  (as  indicated 
by  Preudenthal 1 s  interaction  coefficient  term)  we  must  extend  item 
2  to  Include  a  simulation  of  the  central -value  distribution,  (4)  develop 
a  method  for  scaling  sound  fields  in  such  a  fashion  that  the  scaled 
field  has  the  same  distribution  as  the  unsealed  field  despite  the 
Inherent  tendency  to  Increased  skewness,  (5)  before  using  the  scaled 
fields  of  item  4  as  well  as  the  results  of  item  1,  demonstrate  that 
acoustically  generated  fatigue  can  be  correlated  with  fatigue  as 
generated  by  the  known  statistical  stress  distribution  as  in  Section 
II -B. 


Siren  test  facilities  have  been  and  are  being  designed  and  con¬ 
structed  as  a  tool  to  aid  the  engineers,  physicists  and  mathematicians 
in  the  solution  of  these  problems. 
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IV.  SIREN  FACILITIES 


A.  Nature  of  the  Field 

In  structural  work,  it  appears  that  the  spatial  distribution 
of  pressures  in  a  sound  field  will  be  of  extreme  importance  in 
determining  the  degree  of  coupling  between  that  field  and  any  given 
structure.  As  a  result  the  siren  facility  now  under  design  for 
construction  at  Wright-Patterson  Air  Force  Base  and  the  facility 
already  largely  completed  at  Bolt  Beranek  and  Newman  Inc,  have  been 
designed  with  an  eye  toward  maximum  flexibility  of  spatial  shaping 
of  the  sound  field.  The  sound  sources  can  be  used  either  in  a  pro¬ 
gressive  wave  section  or  can  dump  their  energy  into  a  reverberant 
field. 


When  used  in  either  mode,  auxiliary  sources  will  be  available 
for  partial  shaping  of  the  field. 

It  is  imperative  for  reverberant-field  testing,  that  the  normal 
modes  of  the  reverberant  chamber  be  spaced  as  nearly  uniformly  as 
possible  and  with  as  close  a  spacing  as  can  be  achieved.  These  re¬ 
quirements  insure  the  achievabllity  of  as  nearly  a  uniform  trans¬ 
mission  coefficient  as  is  possible.  For  this  purpose,  the  volume  of 
the  room  must  be  made  large  and  the  wall  irregularities  must  be  care¬ 
fully  controlled.  The  Wright  Field  facility  will  have  a  reverberation 
chamber  with  a  volume  of  approximately  1/6  of  a  million  cu.  ft.  and 
with  "bumps"  on  three  mutually  orthogonal  surfaces.  For  progressive 
wave  simulation,  the  facility  will  have  two  modes  of  operation.  One 
utilizing  a  "horn"  and  another  utilizing  a  bare  siren  bank  operating 
into  a  large  anechoic  volume. 

The  "horn"  is  designated  in  quotation  marks  since  the  dimensions 
of  the  horn  are  such,  and  the  amplitude  of  the  acoustical  wave  is  such 
that  ordinary  horn  theory  becomes  virtually  meaningless.  The  horn  will 
have  a  cross-sectional  area  of  approximately  40  sq  ft  in  the  throat 
down  which  will  pass  approximately  one  million  watts  of  acoustic  power. 
The  resulting  sound  field,  which  for  pure  tones  will  have  an  rms  sound 
pressure  level  of  174  db,  will  suffer  significant  non-linear  distortion 
in  this  confined  area.  By  controlling  the  siren  phasing  as  described 
later,  waves  which  have  essentially  plane  wave  fronts  will  be  generated. 
The  horn  Is  large  enough  so  that  auxiliary  sirens  may  be  mounted  in  the 
throat  itself  for  additional  irradiation  of  the  specimen  where  cross¬ 
mode  interaction  is  to  be  studied. 

The  large  reverberation  chamber  is  designed  so  that  three  surfaces 
can  be  covered  with  an  absorptive  material  having  an  absorption  coeffi¬ 
cient  of  approximately  0.8.  The  high  intensities  involved,  and  the 
resulting  spectral  shift  in  energy,  are  such  as  to  make  this  coefficient 
of  absorption  a  sufficiently  close  approximation  to  an  anechoic  chamber 
for  use  in  progressive  wave  testing.  In  this  mode  of  operation  the 
horn  may  or  may  not  be  used,  and  the  bank  of  sirens  may  radiate  directly 
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into  the  anechoic  space.  The  specimen  being  tested  can  be  brought  as 
close  to  the  sirens  as  desired  or  as  far  away  as  desired  in  order  to 
simulate  the  level  of  spatial  distortion  which  is  desired  for  the  program. 
Again,  auxiliary  sources  can  be  placed  in  the  anechoic  space  and  the 
siren  bank  can  be  phase  “-controlled  to  simulate  intersecting  modes  for 
studies  of  simplified  spatial  field  distributions. 

The  provisions  being  made  for  spatial -distribution  control  are  such 
that  it  should  be  possible  to  work  up  progressively  from  a  simple  plane - 
progressive  wave  to  a  complex  random  reverberant  field  in  gradual  steps. 

If  the  research  program  is  to  achieve  a  solution  of  the  problems  mentioned 
in  Section  III-B,  such  a  logical  progression  of  complexity  will  be  a 
necessity. 

B.  Sources 

It  was  realized  early  in  the  design  phases  of  this  program,  that 
in  order  to  arrive  at  predictive  techniques,  it  would  be  necessary  that 
the  sources  be  capable  of  generating  a  wave  which  could  undergo  the 
same  logical  progression  in  complexity  in  the  time  domain  which  the 
facility  provided  in  the  space  domain.  In  addition,  for  the  reasons 
described  in  Section  III-B,  we  realized  that  it  was  necessary  to  provide 
a  source  system  capable  of  functioning  over  a  wide  dynamic  range.  These 
considerations  have  led  to  the  design  of  a  siren  complex  utilizing  some 
relatively  new  techniques  in  siren  design. 

The  sirens  are  capable  of  operating  at  low  amplitudes  with  a  pure 
sinusoidal  output.  This  degree  of  complexity  represents  the  minimum 
which  was  desired.  Under  these  conditions  initial  investigations  can 
be  made  of  the  energy  transferred  from  a  sonic  field  to  a  stress  pattern 
in  a  structural  ensemble. 

The  next  logical  progression  will  be  to  study  this  transfer  of 
energy  as  the  bandwidth  of  the  source  is  Increased,  applying  perturba¬ 
tion  theory  to  the  expected  result.  In  order  to  perform  such  experimen¬ 
tation,  each  siren  has  associated  with  it  a  modulator  which  is,  in 
effect,  a  very  low  frequency  siren  in  series  with  the  actual  siren. 

For  reasons  which  will  be  clear  a  little  later  on,  the  "rotor"  of  the 
modulator  Is  oscillated  rather  than  rotated.  By  driving  the  modulator 
with  a  sine  wave,  the  output  of  the  final  siren  becomes  three  sine 
waves  relatively  closely  spaced  in  frequency.  The  two  smaller  side 
bands  are  spaced  from  the  central  frequency  by  an  amount  equal  to  the 
frequency  of  oscillation  of  the  modulator  plate.  Thus,  it  becomes 
possible  to  change  the  siren  output  gradually  from  a  pure  tone  to  a 
group  of  closely  spaced  pure  tones.  By  controlling  the  speed  of  the 
main  siren,  the  center  frequency  of  this  ensemble  can  then  be  swept 
through  a  considerable  frequency  range  in  order  to  analyze  the  fre¬ 
quency  dependence  of  the  energy  transfer. 

Once  the  narrow  band  analysis  has  been  performed  for  groups  of 
sine  waves,  as  described  above,  the  next  step  In  complexity  will  be  to 
determine  the  energy  transfer  for  narrow  bands  of  noise.  For  this 
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purpose  the  modulator  plate  is  oscillated  by  means  of  a  tape -controlled 
hydraulic  amplifier.  The  tape*  which  will  contain  low-frequency  band- 
limited  random  noise.,  having  a  specified  clipped  peak  to  rms  ratio* 
will  cause  the  siren  to  produce  a  complex  wave  having  a  bandwidth  twice 
that  of  the  band-limited  noise  and  having  superimposed  at  the  center 
a  single  frequency.  Again*  by  sweeping  the  speed  of  the  main  siren* 
this  band  can  be  made  to  move  through  the  frequency  spectrum. 

Naturally*  such  a  band  is  relatively  complex  to  handle  and  it 
would  be  desirable  to  eliminate  the  pure  tone  located  at  the  center  of 
the  band.  In  an  attempt  to  achieve  such  suppression*  It  is  planned 
that  the  phase  shift  between  any  two  sirens  will  be  controlled  by 
special  control  circuitry  to  a  high  degree  of  precision.  If  two 
adjacent  sirens  have  their  modulators  driven  from  the  same  hydraulic 
output  but  have  their  individual  outputs  (in  the  absence  of  modulation) 
180°  out  of  phase*  then  along  the  plane  which  is  the  perpendicular 
bisector  to  the  line  connecting  the  two  sirens*  the  sirens  will  function 
as  a  dipole  for  the  pure  tone  components  but  as  coherent  monopoles  for 
the  noise  component.  Along  this  plane*  the  amplitude  of  the  pure  tone 
component  should  be  zero  while  the  amplitude  of  the  noise  should  be 
maintained.  Such  a  "suppressed  carrier  modulation  system"  is  common 
in  communication  work  and  should  permit  the  generation  of  a  narrow  band 
of  noise  whose  mid-frequency  can  be  swept  through  a  wide  frequency 
spectrum. 

In  order  of  ascending  complexity*  we  then  have  the  problem  of 
generating  wider  band  noise.  The  Wright  Field  siren  facility  is 
currently  designed  to  use  a  bank  of  25  sirens  which  will  yield  twelve 
pairs  of  sirens  having  axial  symmetry  around  a  line  normal  to  the  siren 
bank.  If  the  narrow  bands  of  noise  can  be  produced  by  the  technique 
described  In  the  preceding  section*  these  twelve  banks  will  be  fed  with 
different  bands  of  noise  and  with  their  center  frequencies  spaced 
apart  an  amount  equal  to  the  double  bandwidth  of  the  noise.  Such  a 
technique  should  permit  generating  accurately  controlled  bands  of  noise 
having  a  bandwidth  In  excess  of  600  cycles  and  having  the  capability 
of  being  swept  through  the  overall  frequency  spectrum. 

Should  research  show  that  wider  bands  of  noise  are  required  to 
secure  an  accurate  simulation  of  fatigue  damage,  provision  has  been 
made  for  utilizing  a  new  form  of  siren  designed  by  Von  Gierke  and  Coles 
of  the  WADC  Aero  Medical  Laboratory.  An  alternative  to  this  addition 
would  be  a  modulated  air  horn*  providing  such  a  horn  is  developed  to 
have  a  significantly  greater  bandwidth  than  achievable  by  present 
techniques.  Since  the  suppressed-carrier  technique  wastes  half  the 
power  put  into  the  system,  the  ultimate  capability  of  the  siren  bank 
will  be  approximately  3  db  lower  in  this  mode  of  operation. 

Again  in  ascending  order  of  complexity*  it  is  expected  that  the 
preceding  techniques  will  be  used  as  a  function  of  level  and  that  the 
level  will  be  gradually  increased  to  the  maximum  producible  output. 

Both  facilities  ace  designed  to  produce  an  intensity  at  maximum  operat¬ 
ing  conditions  of  25  kilowatts  per  sq  ft  in  the  mid-  range  of  operation. 


C,  Plan  of  Operation 


Current  plans  for  the  operation  of  the  facilities  call  for  a 
progressive  analysis  of  the  transfer  of  energy  from  a  sonic  field  to 
a  structural  field  utilizing  the  combined  gradual  progressions  of  field 
complexity  and  time “function  complexity,  A  similar  progression  in 
the  complexity  of  structures  will  be  pursued*  moving  from  a  very  simple 
two-dimensional  panel  to  complex  three-dimensional  arrays. 

By  gradually  widening  the  distribution  function  of  the  noise  fed 
into  the  modulators  and  by  utilizing  the  techniques  of  electronic  dis¬ 
tribution  -function  shaping $  it  is  to  be  hoped  that  this  progression 
can  be  carried  to  the  state  where  a  meaningful  scaled  sonic  fatigue 
test  can  be  performed  on  practical  structures.  It  is  apparent  to  all 
who  are  working  on  the  program*  and  must  be  made  apparent  to  others 
concerned  with  the  field* that  the  problems  lying  between  the  present 
state-of-the-art  and  the  achievement  of  such  an  ultimate  goal  are 
sufficient  that  a  major  effort  extending  over  a  relatively  long  time 
will  be  required  before  this  goal  is  reached. 
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TEST  METHODS  FOR  CONDUCTING 
FAIL-SAFE  CERTIFICATION  PROGRAMS 


W.  T.  Shuler 

Lockheed  Aircraft  Corporation 
Marietta,  Georgia 

The  problem  of  completing  a  satisfactory  aircraft  structure  fail¬ 
safe  certification  program  involves  conducting  tests  to  prove  the  air¬ 
frame  is  fail-safe  under  reasonable  service  damage  situations.  Prior 
to  tests,  tolerable  loads  in  combination  with  the  extent  of  damage  must 
be  established  by  analysis  and  reference  to  service  experience  with  air¬ 
craft  of  similar  types. 

Test  methods  are  presented  for  applying  loads  and  for  inflicting 
simulated  service  damage  from  causes  such  as  fatigue,  corrosion,  penetra¬ 
tion  of  critical  structures  by  projectiles,  and  inadvertent  damage  dur¬ 
ing  maintenance  operations.  Tests  are  conducted  under  probable  service 
loading  conditions  of  pressurization,  gust  or  maneuver  loadings,  using 
full-scale  or  component  tests  depending  upon  the  immediate  situation  at 
hand  and  background  information  available.  Lockheed  C-130  tests  have 
included  full  scale  fuselage  test3  supplemented  by  a  number  of  component 
and  element  tests. 

The  test  results  must  finally  be  related  to  actual  service  difficulty 
expectancy  through  life  and  fail-safe  analyses.  If  the  operational  future 
of  the  aircraft  type  is  readily  predictable  this  latter  requirement  is 
rather  easily  achieved.  If  many  unknowns  exist  or  operational  employment 
of  the  aircraft  is  likely  to  be  highly  variable  then  conservative  evalua¬ 
tions  of  test  results  are  in  order. 
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BACKGROUND  OF  FAIL-SAFE  CONCEPT 


The  fail-safe  concept  of  structural  design  was  somewhat  like  Topsy  - 
it  just  grew.  Shortly  after  World  War  II  considerable  attention  was 
focused  on  fatigue  problems  of  commercial  aircraft  and  upon  the  rather 
large  amount  of  ignorance  existing  then  concerning  methods  of  analysis 
and  design  to  avoid  fatigue  failures  in  service.  This  problem  was  met 
head-on  by  such  people  as  McBrearty  of  Lockheed,  References  1  and  2, 

Strang  of  Douglas,  and  Vollmecke  of  the  C.A.A.  (now  the  F.A.A. )  by  ad¬ 
vancement  of  the  fail-safe  design  concept.  This  concept  was  simply  to 
make  structures  tolerant  of  fatigue  failures  as  opposed  to  attempting 
to  design  so  that  fatigue  failures  would  never  occur.  Many  considera¬ 
tions  suggested  this  approach  -  the  many  unknowns  in  the  fatigue  design 
problem,  possible  sources  of  damage  other  than  fatigue,  the  inherent  fail¬ 
safe  characteristics  of  monocoque  construction,  and  the  promise  of  a  mini¬ 
mum  weight  solution,  to  name  a  few. 

Paralleling,  and  in  some  cases  preceding  commercial  design  consid¬ 
erations,  military  authorities  became  intensely  interested  in  providing 
fatigue  resistant  and  fail-safe  structures.  Examples  of  early  consid¬ 
erations  were  the  requirements  for  dual  control  systems,  battle  damage 
resistant  structure,  and  the  encouragement  of  monocoque  construction. 

Later  developments  in  the  military  field,  particularly  as  military  air¬ 
craft  accumulated  relatively  high  operational  times  during  peace-time 
training  periods,  included  sponsoring  extensive  fatigue  resistant  design 
and  test  programs. 

The  joint  thinking  of  commercial  and  military  aircraft  design  per¬ 
sonnel  supported  by  efforts  of  the  NACA  (now  NASA)  led  to  the  promulga¬ 
tion  of  Civil  Air  Regulations,  effective  March  1956,  which  stipulate 
Chat  civil  transport  aircraft  must  either  be  designed  to  be  fail-safe 
or  be  demonstrated  to  have  an  extremely  high  level  of  fatigue  resistance. 
Similar  fail-safe  and  fatigue  requirements  are  now  under  consideration 
by  the  military  for  incorporation  in  a  structural  design  specification 
of  the  8600  series.  These  specifications  will  eventually  replace  the 
5700  series  of  specifications. 

FAIL-SAFE  DAMAGE  AND  LOADING  CONDITIONS 

Verification  by  test  that  a  structure  is  fail-safe  or  tolerant  of 
service  failures  of  structural  elements  must  be  accompanied  by  consid¬ 
erations  of  the  circumstances  under  which  fail-safety  must  be  assured. 

The  loads  plus  the  extent  of  damage  to  be  tolerated  must  be  established 
by  negotiation  and  by  reference  to  experience,  specification  and  the 
structural  configuration.  The  Civil  Air  Regulations  establish  tb'  mini¬ 
mum  fail-safe  load  requirements  for  civil  airplanes  at  approximately 
807.  of  design  limit  flight  loads  plus  normal  maximum  fuselage  pressure. 

No  fail-safe  load  requirements  are  established  for  military  aircraft  at 
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present  although  proposed  MIL-A-8861  does  specify  such  requirements. 
Neither  the  CAR's  nor  the  proposed  military  requirements  are  specific 
as  to  how  much  of  the  structure  should  be  considered  damaged.  It  has 
been  Lockheed's  policy  over  the  years  to  make  conservative  assumptions 
as  to  both  fail-safe  loads  and  structural  damage.  We,  generally  speak¬ 
ing,  have  had  no  difficulty  negotiating  approval  of  our  proposed  sub¬ 
stantiation  procedures. 

Safety  in  flight  has  been  the  primary  concern  in  developing  fail¬ 
safe  civil  designs.  Fail-safety  in  military  designs  has  emphasized 
mission  completion  in  addition  to  safety  aspects.  Both  of  these  pri¬ 
mary  considerations  then  enter  the  selection  of  critical  structural 
elements. 

Let  me  cite  you  a  recent  case  where  our  C-130  demonstrated  a  degree 
of  fail-safety.  I  quote  from  a  Field  Service  report:  "The  damage  in¬ 
cluded  a  hole  2.75"  x  2"  on  the  left  side  of  the  fuselage  in  the  prop 
plane  area.  A  longitudinal  crack  also  propagated  from  the  hole  in  both 
directions  for  a  total  length  of  13  inches".  This  crack  stopped  at 
transverse  rings  and  resulted  only  in  partial  loss  of  pressure. 

A  second  recent  case  that  did  not  actually  result  in  structural 
failure  but  does  demonstrate  the  importance  of  possible  damage  sources 
other  than  fatigue,  is  extracted  from  another  Field  Service  report: 
"Aircraft  3205  returned  from  a  mission  with  corrosion  caused  by  acid  on 
the  right-hand  forward  section  of  the  cargo  compartment  floor.  Sulphuric 
acid  was  spilled  from  a  container  in  an  unmarked  box.  The  box  was  in¬ 
advertently  loaded  in  the  aircraft  so  that  rhe  box  was  upside  down.  The 
acid  remaining  in  the  bottle  leaked  out  on  the  floor  and  caused  a  cor¬ 
rosive  action  on  various  floor  parts,  the  chine  cap  assembly,  and  small 
areas  of  the  fuselage  skin". 

The  above  examples  are  but  two  of  many  reports  we  have  received 
during  our  extensive  experience  with  civil  and  military  aircraft.  Reports 
have  included  fatigue,  corrosion,  battle,  inadvertent,  and,  yes,  even 
advertent  damage,  and  have  led  Lockheed  to  provide  fail-safe  structures 
with  structural  elements  damaged  as  shown  in  Table  1.  It  should  be 
noted  that  the  structure  mentioned  is  critical  for  flight  loadings  -  no 
landing  gear  parts  are  included. 
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TABLE  1 


EXTENT  OF  DAMAGE  REQUIRED  TO  DEMONSTRATE  A 
FAIL-SAFE  STRUCTURE 

FUSELAGE  (Pressurized  or  Unpressurized) 

1.  Any  element  of  an  external  longeron  or  stiffener  severed. 

2.  Any  ring  severed  in  combination  with  a  fore  and  aft  skin  crack  of 
length  equal  to  the  ring  spacing. 

3.  Any  internal  longeron  severed  in  combination  with  a  circumferential 
skin  crack  of  length  equal  to  the  frame  spacing. 

4.  A  circumferential  or  longitudinal  skin  crack  of  15  inches  in  length. 

5.  One  broken  element  in  a  door  frame. 

6.  Failure  of  any  door  hinge  or  latch. 

7.  Failure  of  any  element  of  a  windshield  post. 

8.  Any  single  member  severed  in  the  wing-fuselage  attachment. 

WING 


1.  Failure  of  the  tension  portion  of  any  beam  web. 

2.  Any  beam  cap  element  severed. 

3.  Any  surface  integral  skin  section  severed. 

4.  Any  wing  skin  or  a  combination  of  stringer  and  skin  between  stringers 
severed. 

5.  Failure  of  any  single  element  of  any  wing  joint. 

EMPENNAGE 


1.  Vertical  And  horizontal  stabilizers. 


a.  Any  beam  cap  element  severed. 

b.  The  tension  portion  of  any  beam  web  severed. 

c.  Any  surface  skin  panel  or  stringer  severed. 

2.  Empennage  to  fuselage  attachment. 

a.  Failure  of  any  single  bolt,  fitting  or  actuator  in  the  vertical 
stabilizer  or  horizontal  stabilizer  to  fuselage  attachment. 

b.  Failure  of  any  single  fitting  in  the  horizontal  stabilizer  to 
fin  attachment  (if  appropriate) . 


Once  the  test  loads  and  the  extent  of  damage  have  been  established 
analysis  and  tests  are  used  as  tools  in  the  certification  procedures. 

METHODS  OF  TEST 

Fail-safe  testing  i°.  still  a  developing  art  even  though  methods  of 
applying  loads  for  which  fail-safety  is  desired  are  straight  forward 
and,  for  the  most  part,  follow  well  established  techniques.  Methods  of 
generating  damage  vary  from  company  to  Company  and  are  developing  with 
time.  In  selecting  the  method  of  inflicting  damage  an  important  con¬ 
sideration  is  whether  or  not  the  damage  is  to  be  inflicted  while  the 
structure  is  under  load.  Some  philosophical  judgment  enters  this  deci¬ 
sion  and  discussions  with  procuring  and  certifying  agency  personnel  are 
usually  necessary  to  resolve  all  points.  Lockheed's  policy  has  been  to 
generate  damage  while  the  structure  is  under  load  unless  past  experience 
has  shown  dynamic  effects  to  be  negligible. 

Fail-safe  tests  start  early  and  continue  thru  the  development  of 
designs  at  Lockheed.  In  the  early  stages,  tests  of  various  structural 
elements  and  materials  are  completed  and  crack  propagation  characteris¬ 
tics  at  various  loads  with  various  initial  types  of  damage  are  observed. 
As  the  design  progresses  components  are  subjected  to  similar  tests  and 
finally  complete  full-scale  assemblies  are  subjected  to  tests  where 
analysis  based  on  past  experience  and  earlier  tests  indicates  a  margi¬ 
nal  condition  exists.  Sometimes  the  background  data  are  so  limited  that 
analysis  is  considered  unreliable.  In  these  instances,  fail-safe  demon¬ 
stration  tests  are  conducted  for  civil  types  and  are  recommended  for 
military  types. 

Examples  of  some  recent  element,  component  and  full  scale  tents 
appear  in  Figures  1  -  20.  These  figures,  with  the  notes  appearing  on 
them,  are  essentially  self-explanatory  and  show  loading  techniques, 
damage  generation  techniques  and  some  results  of  tests  at  Lockheed's 
Georgia  and  California  Divisions.  It  should  be  noted  that  the  means  of 
generating  damage  illustrated  include  saws  for  pre-load  type  damage,  and 
remote  control  equipment  including  a  guided  circular  saw,  a  swinging 
knife,  and  knife-like  projectiles  for  cuts  under  load.  Other  methods 
of  creating  damage  have  included  repeated  load  tests,  falling  blunt  ob¬ 
jects,  hammers,  and  projectiles  in  various  shapes.  Boeing  has  used  a 
guillotine-type  knife  as  well  as  procedures  similar  to  Lockheed's.  Other 
companies  appear  to  be  using  similar  techniques  although  the  writer  does 
not  profess  to  be  current  with  all  the  methods  in  use  in  other  companies. 

As  was  mentioned  earlier,  repeated  load  or  fatigue  tests  often  pro¬ 
vide  fail-safe  demonstrations.  The  hydro-fatigue  test  of  the  C-130 
fuselage  conducted  by  Lockheed,  under  the  auspices  of  the  USAF,  led  to 
quite  a  few  demonstrations  of  fail-safe  structure  after  fatigue  failures. 
Figure  21  shows  the  overall  test  set-up  and  Figures  22  -  25  illustrate 
several  of  the  fail-safe  failures.  This  test  also  afforded  several  ex¬ 
amples  of  non  fail-safe  failures.  One  of  these  cases  is  illustrated  in 
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Figure  26.  In  this  instance  there  was  considerable  evidence  of  a 
fatigue  crack  having  existed  for  some  time,  in  fact  our  inspectors  had 
reported  incipient  skin  cracks,  however,  the  test  was  continued  with 
the  result  shown.  Needless  to  say,  C-130's  in  service  have  incorpora¬ 
ted  changes  to  make  the  structure  fail-safe  in  this  area.  Another 
point  to  mention  at  this  time  is  that  the  original  C-130  was  not  in¬ 
tentionally  designed  fail-safe. 

ANALYSIS'  OF  TEST  RESULTS 

Full  scale  test  results  are  usually  rather  simple  to  analyze  -  the 
structure  is  either  fail-safe  or  not  fail-safe.  If  it  is  not  fail-safe 
then  the  test  results  must  be  reviewed  to  establish  the  most  economical 
way  to  make  the  structure  fail-safe.  If  there  is  no  major  weight  re¬ 
duction  program  under  way,  a  successful  fail-safe  result  is  generally 
the  end  of  the  analyses. 

Element  and  development  type  tests  represent  more  complex  analyt¬ 
ical  problems.  Generally,  as  some  of  the  reference  titles  indicate, 
Lockheed  attempts  to  extract  che  maximum  in  useful  data  from  each  test. 
Our  practice  has  been  to  use  elaborate  strain  gage  configurations  to 
trace  crack  propagation  rates,  evaluate  dynamic  effects,  failure  se¬ 
quence,  etc.  IBM  carding  of  data  is  extensively  used  and  analysis 
results  are  generalized  as  much  as  practicable.  We  consider  much  of 
our  analytical  results  and  data  proprietary  in  nature,  hence  no  attempt 
will  be  made  to  present  these  results  here.  Your  attention,  however, 
is  directed  to  the  reference  list  of  this  paper.  Some  of  the  published 
references  should  be  quite  helpful  in  formulating  test  procedures  as 
well  as  assisting  in  design  problems.  Lockheed  would  also  welcome 
specific  inquiries  concerning  our  procedures  and  will  be  glad  to  answer 
any  that  we  can. 


CONCLUDING  REMARKS 

a.  Lockheed  considers  fail-safe  design  a  most  important  facet  of  air¬ 
craft  design.  We  are  devoting  as  much  attention  if  not  more  to 
rail-safe  design  as  to  fatigue  resistant  design,  in  our  effort  to 
assure  a  safe  and  operationally  reliable  aircraft. 

b.  Fail-safe  design  has  not  led,  in  itself,  to  excessive  weight  penal¬ 
ties  as  most  Lockheed  monocoque  designs  are  inherently  fail-safe 
and  require  little  additional  weight  to  approach  the  1007,  fail-safe 
assurance  level. 

c.  Providing  a  fail-safe  design  at  the  same  time  assists  materially 
in  providing  a  fatigue  resistant  design  since  both  crack  initia¬ 
tion  and  propagation  can  be  inhibited  by  careful  and  judicial 
placement  of  material. 


The  test  methods  now  available  for  conducting  fail-safe  certifica 
tion  programs  are  quite  adequate  and  convincing  and  represent  con 
siderable  improvement  over  earlier  techniques. 
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Fail-Safe  Developmental  Test  Set-Up 

’Pillow'  type  specimens  are  pressurized  with  water. 
Longitudinal  loads  are  applied  with  hydraulic  jacks. 
Damage  is  inflicted  by  swinging  or  falling  knife  or  by 
an  a'r-driven  circular  saw.  Internal  pressure  is  main¬ 
tain  A  for  extended  times  by  'head*  of  water  supplied 
from  reservoir  of  about  30  times  the  specimen  capacity. 


Full-Scale  Fuselage  Test 


Picture  shows  top  of  G-130A  fuselage.  Entire  fuselage 
was  air-pressurized  to  7.5  psi,  damage  being  inflicted 
by  a  remote  control  air-driven  8-inch  diameter  circular 
saw  1/8- inch  thick.  Test  area  is  shown  framed  by  un¬ 
loaded  members  to  confine  failure  should  an  explosive 
type  failure  occur. 


Fig.  7 

Full-Scale  Non-Fail-Safe  Result 

View  is  from  interior  of  C-130A  fuselage.  Skin  and  frames 
failed  as  expected  under  combined  7.5  psi  internal  pressure 
and  fuselage  bending  after  a  13-inch  skin  cut  just  as  frame 
was  being  severed.  This  result  led  to  reinforcement  of  all 
C-130A's  in  this  area. 
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Fig.  8 

Close-up  of  Air-Driven  Circular  Saw 

Note  saw  cut  in  skin  -  cut  also  extends  thru  the  frame 
straddled  by  the  skin  cut.  This  was  a  'fail-safe'  result  of 
a  C-130A  full-scale  test. 
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Explosive  Failure  of  C-130A 
Fuselage  Top 

This  series  of  pictures,  taken  with  a 
movie  camera  at  30  frames  per  second, 
shows  a  non-fail-safe  failure  of  the 
pre-damaged  fuselage  top  as  pressure 
and  airloads  were  increased  to  expected 
failure  values.  This  failure  confirmed 
analysis  procedures  and  led  to  reinforce 
ment  of  this  area  of  the  shell. 
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Fig.  11 

Fail-Safe  Test  Instrumentation 

This  picture  shows  some  of  the  strain  gage  instrumenta¬ 
tion  used  to  evaluate  stress  distributions,  crack 
propagation  rates,  load  redistributions,  dynamic  effects 
etc.  Also  shown  is  a  'fail-safe' test  result. 
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Fig.  12 

Development  of  Fail-Safe  Failure 

Note  small  holes  indicating  ends  of  succeeding 
jeweler-sabre-type-saw  cuts  -  Also  note  fine  crack 
extending  to  rivet  hole  from  lower  end  of  saw  cut. 
Successive  saw  cuts  were  followed  by  pressure  cycles 
until  the  crack  propagating  itself  under  load  stop¬ 
ped  at  a  crack  stopper  ring. 
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Fig.  14 

Electra  Full-Scale  Fail-Safe  Test  Set-Up 

This  picture  shows  the  general  test  set-up  for  Lockheed 
California  Division  Electra  fuselage  fail-safe  tests.  The 
fuselage  was  pressurized  to  normal  maximum  operating  pres¬ 
sure  and  loaded  correspondingly  to  critical  airload  con¬ 
ditions.  Fail-safe  damage  was  inflicted  under  these  loads. 
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Fig.  19 

Electra  Fuselage  Pre-Load  Cuts 

This  is  a  view  from  the  interior  of  the  side  of  the  Electra 
fuselage  in  the  propeller  plane.  Note  the  pre-cut  skin  and 
stringers  forming  a  one  foot  by  six  foot  panel.  Uncut  areas 
were  severed  under  fail-safe  fuselage  pressure  and  air  loads 
by  one  six-inch  spear  and  two  24-inch  spears  with  the  result 
shown  in  Figure  20. 
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Fail-Safe  Damage  in  Propeller  Plane 
of  Electra 

This  figure  shows  the  fail-safe  damage  generated  under 
load  in  the  final  test  of  the  elaborate  series  conducted 
on  the  Electra  fuselage  by  Lockheed's  California  Division 
1257,  of  fail-safe  airloads  were  supported  by  the  fuselage 
damaged  as  shown . 


Over-All  View  -  C-130A  Hydro-fatigue 
Test  Set-Up 

20,000  cycles  of  fuselage  pressure  plus  fuselage  air 
loads  corresponding  to  60,000  flight  hours  were  applied 
in  this  repeated  load  fatigue  test. 
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Fig.  22 

Fail-Safe  Failure  of  C-130A 
Crew  Door  Retention 

This  failure  occurred  at  4071  cycles  (equiva¬ 
lent  to  about  12,000  flight  hours)  of  the 
fuselage  test.  Note  failed  latch.  Remaining 
latch  of  total  of  two  retained  door.  However, 
pressure  could  not  be  maintained  in  fuselage 
at  normal  operating  level. 
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Fail-Safe  Failure  of  Major  C-130A  Longeron 

This  failure  during  the  hydro-fatigue  test  was  discovered  by  in 
spection.  Flight  and  pressure  loads  had  been  sustained  in  the 
order  of  1,000  cycles  (3,000  flight  hours)  after  failure  began 
and  the  structure  still  retained  its  ability  to  carry  all  test 
loads.  Reinforcing  plates  added  after  failure  are  shown. 


Fig.  25 


Fail-Safe  Failure  of  Flat  Pressure 
Bulkhead  C-130A 

This  failure  occurred  after  14,645  cycles  without 
warning  and  resulted  in  loss  of  pressure  though 
flight  load  strength  was  not  affected. 
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Fig.  26 


Non-Fail-Safe  Failure  of  C-130A  Fore  Body 


View  is  of  fuselage  looking  down  and  forward.  Failure  shown  essen¬ 
tially  severed  nose  from  after  body.  Cracks  started  in  upper  body 
skin  and  butt-type  manufacturing  joint  angles  and  propagated  around 
nose.  No  crack  stoppers  had  been  provided  in  this  joint  in  the 


original  design.  All  C-130's  have  been  modified  to  eliminate  future 
failures  of  this  type  in  this  area. 
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TECHNIQUES  OF  TEMPERATURE  SIMULATION 
IN  FULL  SCALE  FATIGUE  TESTING 

3y 

W.  E.  Wise 
Convair 

A  Division  of  General  Dynamics  Corporation 
(San  Diego,  California) 

ABSTRACT 

This  paper  presents  facts  and  figures  on  test  equipment,  methods 
and  techniques  developed  to  simulate  temperature  conditions  in  full 
scale  structure  fatigue  testing  at  Convair  San  Diego. 

Typical  flight  temperature  requirements  are  shown,  problems  relating 
to  their  simulation  on  full  scale  test  specimens  are  brought  out,  and  a 
method  for  the  thermal  simulation  is  presented. 

Subjects  given  special  attention  are  as  follows: 

1.  Extending  the  state  of  the  art  in  the  use  of  infrared  lamps. 

2.  New  specimen  coatings  to  improve  absorptivity. 

3.  Use  of  electric  arc  heaters  to  simulate  high  density  heat 
requirements . 

4.  Forced  cooling  in  thermal  simulating. 

The  equipment  and  techniques  described  will  simulate  mach  5  stag¬ 
nation  conditions  for  large  specimen  areas  (infrared  lamps)  and  mach  9 
stagnation  condition  areas  for  smaller  areas  such  as  nose  cones  and 
leading  edges  (plasma  jet).  Thermal  equilibrium  conditions  exceeding 
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mach  9  at  100,000  feet  can  be  simulated. 

INTRODUCTION 

Much  has  been  written  and  said  about  the  myriad  of  problems  related  to 
structural  fatigue;  also  to  temperature  problems  that  we  encounter  in  designing, 
building,  and  operating  our  flight  vehicles  of  today.  Rather  than  to  repeat  what 
has  already  been  disclosed  in  this  area,  the  subject  of  thermal  simulation  in  full 
scale  fatigue  testing  is  highlighted.  However,  since  this  topic  is  closely  re¬ 
lated  to  other  test  considerations,  they  too  may  ^e  touched  on  briefly  from  time  to 
time  in  developing  this  story.  The  most  well  known  and  publicized  items  in  this 
field  will  be  oriefly  reviewed.  More  time  will  be  spent  on  those  items  that  may 
help  advance  the  state  of  the  art.  Even  the  subject  of  thermal  simulation  is  broad. 
Since  the  author  is  directly  concerned  with  the  testing  end  of  this  business,  and 
test  engineers  are  usually  provided  with  temperature,  load,  time  histories  which 
they  apply  to  structure,  that  area  concerned  with  thermal  test  facilities  and  equip¬ 
ment  will  be  treated. 

The  ultimate  goal  for  the  test  engineer  is  to  be  able  to  apply  actual  load  and 
temperature  spectrums  in  true  time  to  any  product.  This  must  be  accomplished  simu¬ 
ltaneously,  continuously,  automatically,  and  accurately  in  conducting  life  tests  to 
prove  and  improve  structure.  Data  must  also  be  recorded  and  processed  in  the  same 
fashion.  Ground  tests  run  in  this  fashion  would  provide  the  answers  to  many  of  our 
structural  design  problems  without  the  danger  of  complete  loss  of  extremely  costly 
specimens.  Also,  information  from  such  tests  can  be  obtained  and  used  before  it's 
too  late  to  change  a  structure. 

Many  compromises  are  made  in  view  of  technical  and  financial  considerations 
but  great  strides  have  been  made  in  this  activity  by  our  industry.  This  paper  pre¬ 
sents  some  advances  made  in  this  direction. 

REASONS  FOR  HIGH  TEMPERATURE  STRUCTURES  TESTING 

We’ve  learned  from  past  experience  that  the  only  practical  method  for  determin¬ 
ing  the  structural  soundness  of  an  airplane  is  by  conducting  rigorous  ground  tests 
in  close  simulation  of  actual  operating  conditions.  (Flight  testing  is  more  accu¬ 
rate  but  too  costly  and  too  late . )  We  must  continue  to  follow  this  practice .  Up 
to  now,  we’ve  been  concerned  mostly  with  loads,  but  recently  heat  has  come  into  the 
picture.  Along  with  the  load  conditions  encountered  in  the  past,  we  must  now  find 
out  under  controlled  conditions  how  heating  and  cooling  affects  our  structure. 

Heat  sources,  such  as  aerodynamic  heating,  radiation  from  the  sun,  and  engine 
heat,  encountered  by  our  present  flight  vehicles  present  a  complicated  system  of 
thermal  gradients.  Add  stresses  caused  by  various  combinations  of  heating  and  load¬ 
ing;  combine  the  variable  reduction  in  material  properties  caused  by  heat;  toss  in 
rapid  cooling  if  you  may;  and  you  have  a  structural  design  problem  for  which  ana¬ 
lytical  solutions  are  virtually  impossible. 

In  a  recent  test  we  discovered  that  when  a  critical  part  of  a  missile  was 
subjected  to  repeated  loads  and  programmed  heat,  the  measured  stresses 
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vere  increased  by  a  factor  of  3  during  a  rapid  300 °F  temperature  rise. 

Where  fatigue  is  concerned,  we  must  be  able  to  answer  such  questions  as: 

1.  Does  the  effect  of  creep  ouianode  fatigue? 

2.  Does  metal  fatigue  increase  the  creep  rate? 

•  S^nce  tilese  are  dependent  on  time,  temperature,  and  stress,  along  with  other 
variables,  such  as,  discontinuities  in  the  built  up  structure,  only  tests  of  full 
scale  specimens  subjected  to  load,  time,  temperature  spectrums  will  give  us  the 
answers  to  these  questions . 

Since  the  designers  must  know  the  combined  effects  of  heating  and  loading  on 

a  structure  before  a  flight  article  is  available,  thermal  simulation  in  ground  tests 
is  mandatory. 


GENERAL  FACILITY  DISCUSSION  AND  GROUND  RULES 

The  performance  of  aircraft,  missiles,  and  space  vehicles  is  increasing  at  a 
rate  which  is  pushing  the  state  of  the  art  for  simulation  of  load  and  heat  in 
structural  tests . 

Stagnation  temperatures  of  6000°F,  and  heat  fluxes  of  2000  BTU/FT2/sec.  and 
loads  of  lOOg  have  been  mentioned  in  connection  with  some  projects,  (l) 

Since  these  requirements  along  with  the  accompanying  time  history  exceed  the 
capabilities  of  most  present  test  apparatus,  new  equipment  and  facilities  are  needed 
for  this  simulation. 

In  order  to  provide  proper  facilities  for  this  work,  we  must  continue  to  study 
testing  problems,  develop  and  evaluate  facilities  and  equipment,  and  explore  new 
test  methods  and  techniques.  (2) 

There  is  no  universal  method  for  thermal  simulation  in  testing.  General  methods 
of  heating  are  well  known.  In  review  these  are  conduction,  convection,  induction, 
and  radiation.  They  all  have  a  place  and  each  of  us  has  his  reasons  for  choosing  one 
heating  approach  or  another.  (3) 


Individual  organizations  have  different  requirements,  problems  and  approaches 
to  thermal  simulation  in  full  scale  fatigue  testing,  but  one  way  to  get  indoctrinated 
in  this  business  is  to  have  a  program  and  a  schedule.  In  this  way  some  problems  have 
built  in  answers.  This  is  what  happened  at  Convair  San  Diego: 

Test  Requirements  (simplified) 

1.  Simulate  aerodynamic  heat  and  load  on  full  scale  airplane  fuel  tanks  while 
filled  with  JP-4  fuel  under  pressure. 


2.  Fuel  cooling  during  test  was  also  required. 


3.  A  typical  test  spectrum  for  one  of  these  tanks  is  as  follows: 


Test  Loading  Skin  Fuel  Cycles 

No.  Condition  Temp.  Temp. 

_ CD _ ClL _ 


l.S. 

Limit  Load 

Amb. 

Amb. 

1  Static  Ti 

2.S 

11 

-65 

-65 

1 

3*s 

It 

70  to  160 

70  +  20 

1 

4.S 

5.33  X  Limit  Load 

70  to  216 

40  to  110 

1 

1 

0  -  4.7g 

Amb. 

Amb. 

2400  Fatigui 
Test 

2 

tt 

-65 

-65 

500 

3 

11 

160 

70+20 

1200 

4 

0  -  3.6g 

70  to  216 

40  to  110 

2to 

5 

0  -  4.7g 

Amb. 

Amb. 

2400 

6 

II 

-65 

-65 

500 

7 

11 

70  to  160 

40  to  110 

1200 

8 

It 

Arab. 

Amb. 

2400 

9 

II 

160 

70+20 

1200 

10 

0  -  2.25g 

Amb. 

Amb. 

75000 

11 

0  -  2.25g 

-65 

-65 

75000 

12 

Notes : 

0  -  4.7g 

Amb . 

Amb. 

To  Failure 

1.  The  pressure  in  the  fuel  tank  was  cycled  from  0  -  15.5  psi  for  each  load 
cycle . 

2.  Temperature  was  programmed  during  test  No.  3.S,  4.S,  4,  and  7. 

3.  Temperature  gradients  through  the  skin  were  maintained  in  other  conditions 
as  noted  in  table. 
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A  temporary  test  site  in  a  remote  area  was  developed  to  conduct  these  tests 
because  of  the  fire  hazard  and  the  long  lead  time  required  to  set  up  such  a  facility 
in  more  congested  areas.  Portable  equipment  including  power  transformers  were  rented. 
Liquid  CO2  Pr°vided  the  fuel  cooling  and  pressure.  Three  saturable  core  reactors 
were  used  to  program  heat  through  infrared  lamp  banks  to  the  specimens . 

Figure  1  shows  this  site. 

Figure  2  shows  one  of  the  specimens. 

Setting  up  this  small  temporary  test  site  gave  an  indication  of  some  of  the 
major  problems  in  setting  up  thermal  simulation  test  sites: 

1.  Special  provisions  must  usually  be  made  for  providing  the  large  quantities 
of  electrical  power  required  for  such  work. 

2.  Insurance  underwriters  must  be  consulted  and  satisfied  with  special  facility 
designs. 

3.  Providing  for  thermal  simulation  costs  lots  of  money. 

4.  Long  lead  times  are  required  in  getting  equipment.  Many  items  of  equipment 
are  not  standard  and  must  be  developed. 

5.  Off  site  locations  for  these  tests  are  a  strong  possibility  along  with  the 
problem  of  providing  services  (power,  gas,  water,  guards,  etc.)  especially 
when  full  scale  specimens  are  tested  while  containing  fuel  under  pressure 
and  temperature. 

From  programs  such  as  this  and  other  extensive  studies,  general  ground  rules  for 
a  high  temperature  facility  were  evolved  as  follows: 

1.  Provide  a  facility  to  be  used  for  the  structural  testing  of  missiles  and 
aircraft  components  under  Simula  ted  aerodynamic  heat  and  load  conditions. 

2.  Tests  of  a  hazardous  nature  such  as  the  heating  and  cooling  in  conjunction 
with  loading  of  pressurized  tanks  filled  with  fuel  must  be  performed  safely 
in  this  facility. 

3.  Heat  and  load  must  be  programmed  into  the  specimen  simultaneously,  continu¬ 
ously  and  in  simulation  of  true  flight  history. 

4.  Test  data  such  as  temperature,  pressure,  deflection  and  strain  must  be 
recorded  instantaneously  and  processed  automatically. 

5.  The  construction  of  the  facility  to  be  such  that  for  any  given  year  a 
certain  overall  test  capability  exists: 

A.  To  reduce  cost  of  funding  in  a  given  year. 

B.  To  take  advantage  of  improvements  in  the  state  of  the  art  in  subsequent 
years . 
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6.  Design  to  allow  for  easy  ..xp  .nsion.  All  equipment  must  be  compatible. 

7«  Be  prepared  to  put  on  any  combination  of  heat  and  load  on  structure  as 
required  (primary  heat  source  being  limiting  factor). 

8.  Provide  temperature  controller  and  programmer  that  can  be  used  to  control 
batteries  of  heaters  surrounding  the  specimen. 

9.  Infrared  lamp  heaters  will  be  used  whenever  possible.  These  to  be  built  up 
around  specimen  as  required. 

10.  Supplementary  heaters  to  be  developed  to  heat  those  areas  beyond  the  range 
of  infrared  lamps. 

11.  Specimens  of  varying  sizes  up  to  whole  vehicles  must  be  handled  in  this 
facility . 

12.  Provide  for  programmed  cooling. 

FACILITY  COSTS 

Once  the  facility  requirements  are  known,  the  first  obstacles  encountered  are: 

1 .  What  should  a  basic  facility  consist  of? 

A  general  approach  for  deciding  what  is  necessary  in  providing  a  thermal  simu¬ 
lation  capability  is  to  take  a  look  at  your  needs  and  your  budget,  and  then  decide  on 
a  basic  building  block  which  will  give  an  overall  capability  for  solving  today’s 
problems  today  and  to  which  future  building  blocks  can  be  added  later. 

The  basic  building  block  might  consist  of  electrical  power  and  multiple  channels 
of  temperature  and  load  programmers,  controllers,  and  recorders.  Actual  heaters  and 
special  items  of  equipment  are  acquired  as  needed,  and  are  tailored  to  the  individual 
job.  Specimens  are  enclosed  with  batteries  of  heaters.  The  heaters  are  divided  in¬ 
to  groups  proportional  to  the  calculated  heat  required.  Each  cf  the  heaters  is  con¬ 
nected  to  its  own  control  channel  and  programmed  to  follow  a  curve  which  represents 
the  heat  variation  for  that  section  over  the  duration  of  the  flight  mission.  If 
adequate  test  areas  and  equipment  buildings  are  not  already  available  and  suitable, 
they  should  be  added.  In  this  system  a  test  capability  exists  from  the  time  the 
first  dollar  is  spent  and  the  latest  advances  in  the  state  of  the  art  can  be  utilized 
when  adding  to  the  facility. 

For  the  sake  of  economy  test  programs  may  have  to  be  limited  in  size  to  fit  the 
capacity  of  the  facility.  Consideration  should  also  be  given  to  tests  of  components 
instead  of  the  whole  article;  one  half  of  an  airplane  instead  of  the  whole;  and  over¬ 
loading  transformers  for  short  periods  of  time.  Existing  equipment  and  facilities 
should  be  included  in  this  basic  block  if  at  all  possible . 


2.  What  does  a  basic  facility  cost? 


Many  of  us  have  done  our  own  research  into  devising,  building  and  using  various 
types  of  equipment.  Also  many  of  us  have  been  fortunate  enough  to  benefit  by  the 
extensive  work  that  the  Air  Force,  Wavy,  Army,  other  government  agencies  and  private 
industry  have  financed  in  this  field,  and  have  been  able  to  buy  elaborate  control  and 
programming  equipment  at  a  fraction  of  the  cost  of  development.  Even  so,  a  great 
deal  of  money  is  required  for  this  work. 

Some  basic  facility  costs  are  listed  below: 

1.  Electrical  power  -  substation  and  feeder  line  -  $35/KVA. 

2.  450  KVA  ignitron  power  controllers  -  $3 >7 50  each. 

3.  Computer  programmer  -  $6,250  each. 

4.  Recorder  -  400  channel  tape  channel  unit  -  $800/channel . 

5*  Power  cables,  instrumentation  wire  and  heaters  -  $20/KVA. 

6.  High  bay  load  reacting  structure  with  reinforced  tiedowns  -  $28/sq.  ft. 

7.  Load  programmer  -  $5,000/channel . 

8.  Electric  power  bill  (12,000  KVA)  -  $6,000/month. 

9.  Related  equipment  rentals: 

IBM  727  tape  transport  -  $56o/month. 

IBM  526  summary  punch  -  $95/month. 

IBM  704  -  $80/hour. 

For  pricing  out  a  facility  building  block  let’s  take  a  6,000  KVA  power  base, 
approximately  the  power  required  for  the  mach  3  simulation  of  a  manned  interceptor, 
and  see  what  it  would  cost  to  conduct  a  full  scale  fatigue  test  on  such  a  vehicle. 

Specimen  cost  and  labor  is  omitted. 


1. 

Power  -  6,000  x  $35 

$210,000 

2. 

Ignitron  controllers  12  x  $3,750 

45,000 

3. 

Computer  programmers  12  x  $6,250 

75,000 

4. 

Automatic  recorder  400  x  $800 

320,000 

5. 

Heaters,  thermocouple  wire,  cable  etc.  6,000  x  $20 

120,000 
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6. 

Test  building  100’  x  100*  x  $30 

$300,000 

7. 

Load  programmer  36  x  $5,000 

180,000 

8. 

Electrical  power  bill  for  one  year 

36,000 

9- 

Special  equipment  rentals  for  one  year 

IBM  equipment 

8,000 

10. 

70k  computer  time  $80/hr.  when  used  for  sorting  and 
processing  test  data  -  assume  2  hrs/week. 

8,320 

Total 


$1,302,220 


Any  special  equipment  is  extra,  such  as,  a  Uo  ton 
CO2  system  ($40,000)  and  CO2  sells  at  $80/ton. 

ACTUAL  FACILITY  FROM  BUILDING  BLOCK  APPROACH 

At  Convair,  San  Diego,  the  building  block  approach  has  been  used  over  the  last 
couple  of  years  in  expanding  existing  facilities  to  provide  a  thermal  simulation 
capability  for  full  scale  testing  as  follows: 

1.  General 

Known  equipment  was  surveyed  and  in  many  cases  equipment  specifications  were 
written  around  existing  apparatus . 

Example : 

Research  Inc.  temperature  programmer  controllers 

In  other  cases  where  existing  equipment  did  not  meet  our  requirements,  specifi¬ 
cations  were  written  for  new  equipment. 

Example : 

Convair,  San  Diego  Computer  Lab  Data  Acquisition  and  Interpretation  System. 

2.  Size 

The  Laboratory  consists  of  buildings  and  test  equipment  for  accommodating  large 
test  specimens  of  the  following  combinations: 

A.  Two  airplanes  with  wing  spans  or  fuselage  length  of  90  ft. 

B.  One  airplane  and  one  large  120  ft.  missile. 

C.  Two  large  120  ft.  missiles. 
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3.  Brick  and  Mortar 


A  two  story  air  conditioned  block  house  is  provided  for  housing  personnel  and 
test  equipment. 

Test  buildings  are  reinforced  concrete  floored,  load  reacting  structures . 

4.  Power 

A  600  volt,  3,000  KVA  system  is  presently  installed,  with  overload  capabilities 
to  6,000  KVA  for  5  minute  periods. 

5 •  Power  Controllers 

12  sets  of  ignitron  power  controllers  allow  simultaneous  and  independent  control 
of  12  separate  areas .  These  controllers  contain  two  ignitron  tubes  each,  wired  in 
universe  parallel  to  give  a  single  phase  A.C.  output  with  voltage  controlled  by  vary¬ 
ing  the  firing  angle  within  each  cycle.  Ignitron  controls  shown  in  Figure  3  were 
chosen  because  of  their  rapid  speed  of  response . 

6 .  Computer  Programmers 

The  nerve  center  is  the  programmer .  Essentially,  this  computer  delivers  to  each 
control  device  in  "real  time"  the  load,  temperature,  heat  flux  or  other  variable  pre¬ 
determined  for  it. 


The  controllers  are  coupled  to  programmers  which  contain  analog  computers  with 

A.C.  outputs.  Two  control  consoles  allow  programming  from  one  to  twelve  channels 
each.  (See  Figure  ^.)  Programming  can  be  accomplished  as  follows: 

A.  h(Taw  -  Ts)  -  BTS^  -  NYEI  =  error  signal. 

)  K 

B.  h(Taw-  Ts)  -  BTS4  -  C  dTs  =  error  signal. 

dt 

C .  Heat  flow  versus  time . 

D.  Temperature  versus  time. 

E.  Thermal  soak  at  fixed  temperature  or  heat  flow. 

The  first  two  modes  are  variations  of  the  convective  heat  flow  equation,  in 
which  h,  the  heat  transfer  coefficient,  and  Taw,  adiabatic  wall  temperature  are  fed 
to  the  computer  by  curves  drawn  on  input  drums.  Ts,  specimen  temperature,  is  fed 
back  by  thermocouple.  BTs  is  a  radiant  heat  loss.  In  Mode  1,  the  desired  Q  is  con¬ 
tinuously  compared  with  the  actual  Q  as  measured  by  an  efficiency  (n)  times  the  power 
(YEI)  being  put  out  by  the  ignitrons.  In  Mode  2,  the  desired  Q  is  compared  with 
actual  Q  as  measured  by  a  mass-specific  heat  factor  (c)  times  the  rate  of  specimen 
temperature  rise  (dTs) . 


In  Mode  3,  heat  flow  is  programmed  by  a  single  input  curve,  and  the  actual  Q 
is  measured  as  in  Mode  1  or  2. 

Thermal  simulation  with  the  computer  control  can  best  be  explained  by  explain¬ 
ing  Mode  1  with  reference  to  Figure  5* 

A.  Incoming  power  is  received  by 

B.  The  ignitron  power  unit  which  controls  the  power  delivered  to  the 

C.  Heaters  surrounding  a  test  specimen. 

D.  A  thermocouple  located  on  the  specimen  measures  surface  temperature,  Ts, 
which  is 

E.  Recorded  on  tape  in  the  Data  Acquisition  center  and  is  also 

F.  Used  in  an  R.C.  network  to  provide  the  radiant  heat  loss  correction  BTS^ 

G.  Ts  is  also  combined  in  a  summing  network  with  a 

H.  Signal  representing  Tav,  the  adiabatic  wall  temperature. 

I.  This  combined  signal,  (Taw  -  Ts)  is  combined  in  a 

J.  Multiplying  circuit  with  the  signal 

K.  h,  the  heat  transfer  coefficient  for  a  particular  flight  profile. 

L.  The  factor  h(Taw  -  Ts)  combined  with  the  radiant  heat  loss  factor  -  BTS^ 
represents  the  power  desired  which  is.  compared  in  the  computer-controller 
with 

M.  A  measure  of  the  power  being  instantaneously  delivered. 

N.  Any  unbalance  in  these  two  values  shows  up  as  an  error  signal  to  the 
controlling  equipment  which  drives  to  reduce  the  difference  to  zero. 

7 .  Specimen  Cooling 

A  40  ton  carbon  dioxide  storage  tank  is  installed  for  applying  liquid  or  gaseous 
carbon  dioxide  for  specimen  cooling;  also  for  inerting  area  around  specimen  contain¬ 
ing  fuel.  (See  Figure  6.) 

8.  Data  Recorder 

Tests  are  of  no  value  unless  data  is  recorded  and  put  into  a  usable  form  in  a 
reasonable  length  of  time.  This  is  how  this  can  be  accomplished.  A  data  acquisi¬ 
tion  system  was  designed  and  built  under  the  direction  of  the  Convair  Computer 
Laboratories.  It  will  record  signals  from  400  end  instruments  (strain  gages,  thermo- 
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couples,  deflection  transducers,  accelerometers,  pressure  pickups)  at  a  maximum  rate 
of  1600  channels  per  second.  The  signals  are  digitized,  stored  on  magnetic  tape, 
then  fed  to  an  IBM  70^  computer  for  data  sorting  and  processing.  Eighteen  channels 
are  monitored  during  test,  by  continuous  analog  plots  on  x-y  plotters.  (See  Figure 
9.)  Figure  7  shows  the  signal  conditioner.  Figure  8  shows  the  tape  recorder  and 
Figure  9  shows  the  x-y  plotters. 

9.  Load  Programmer 

A  load  programmer  is  presently  being  built  that  will  operate  on  the  same  time 
base  as  the  temperature  computer  programmer. 

10.  Safety  Provisions 

To  offset  any  additional  hazards  in  tests  involving  fuels,  protection  by  inert 
atmosphere  is  provided.  This  consists  of  closing  off  the  immediate  area  surrounding 
the  test  specimen  by  reasonably  gas-tight  curtains  or  sheet  metal  curtain  walls  and 
purging.  Carbon  dioxide,  the  most  probable  purging  gas,  is  approximately  one  and 
one  half  times  as  heavy  as  air.  Once  the  test  cell  has  been  purged  and  filled  with 
CO2,  a  very  small  continuing  stream  will  keep  the  specimen  in  an  inert  atmosphere. 
Pans  and  low  dikes  under  the  specimen  are  used  to  prevent  spilled  fuels  from  flowing 
out  of  the  purged  areas.  CO2  is  also  used  as  the  pressurizing  media  for  fuel  tanks. 

A  40  ton  tank  provides  the  CO2  reservoir.  Observation  of  the  specimen  is  by  closed 
circuit  T.V.  C02  analyzers  are  used  for  detecting  and  monitoring  concentrations  of 
C02  inside  and  around  the  test  cell.  While  under  purge  conditions,  no  fire  is  an¬ 
ticipated;  however  a  water  deluge  system  is  available  as  is  other  fire  fighting 
equipment.  Drain  trenches  running  from  the  test  area  to  a  35 >00°  gallon  fuel  sump 
are  also  provided  to  handle  large  quantities  of  fuel  or  simulated  fuel  in  case  of  a 
major  specimen  failure  when  full  of  fuel  - 

The  overall  facility  is  shown  in  Figure  10. 

SPECIAL  PROBLEMS 

Once  the  basic  facility  is  established,  problems  presented  in  thermal  simulation 
are  those  of  providing  the  particular  heater  or  cooler  that  can  be  controlled  from 
the  basic  programmer  and  that  will  provide  the  proper  input  to  the  specimen.  These 
heating  devices  along  with  related  reflectors  and  specimen  coatings  must  be  com¬ 
patible  with  loading  and  instrumentation  equipment  to  allow  for  true  time,  heat,  load 
simulation  and  recording.  Also,  we  must  continue  to  improve  on  heating  efficiences. 
Results  of  some  studies  of  these  devices  are  presented  next: 

1.  Typical  thermal  simulation  requirements 

Studies  have  shown  that  heat  inputs  must  be  provided  to  meet  the  following 


requirements : 

Vehicle 

Max.  Heat  Flux 

Max.  Temp 

A.  Supersonic  jet  transport 

.  5  BTU/FT2/sec . 
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Figure  9  -  X-Y-Flotters  For  Recorder 


Vehicle 

Max.  Heat  Flux 

Max.  Temp. 

It... 

v  — « 

B. 

Advanced  manned  interceptor 

6  BTU/FT2/sec . 

1000°F 

C. 

Advanced  bomber 

2.8  BTU/FT2/ sec . 

1000 °F 

O 

D. 

Manned  satelites  -  space  vehicles 

100  BTU/FT2/ sec . 

3000 °F 

1 

E. 

Unmanned  interceptor  missiles 

300  BTU/FT2/sec . 

37G0°F 

$ 

F. 

ICBM  nose  cones 

2000  BTU/FT2/sec. 

6000°F 

•tm  ' 

G.  Figure  11  shows  a  temperature  profile  for  an  interceptor  missile. 

2.  Heater  Development 

Many  methods  of  heating  are  possible  and  several  methods  have  been  investigated 
for  producing  high  temperatures.  However,  this  study  was  centered  around  quartz-en 
closed  tungsten  filament  infrared  lamps  because  of  their  low  thermal  inertia,  and 
electric  arc  heating  because  of  the  extremely  high  energy  flux  rates  obtainable. 

Also,  both  can  be  powered  and  controlled  with  our  existing  equipment  and  lend  them¬ 
selves  to  being  arranged  about  a  specimen  undergoing  loading. 

A.  Infrared  Lamp  Heaters 

The  use  of  commercially  available  infrared  quartz  lamps  for  thermal  simulation 
is  well  known.  The  G.E.  T3  lamps  have  a  tungsten  filament  enclosed  in  a  3/8  inch 
diameter  clear  quartz  tube  containing  argon  gas.  They  come  in  various  lengths  and 
power  ratings.  They  may  be  used  with  commercially  available  reflectors  that  come 
in  many  assortments  which  will  heat  to  about  150  BTU/FT2/sec. 

Many  times  large  contoured  clad  aluminum  reflectors  can  be  made  and  used  for 
lamp  holders  such  as  the  ones  shown  in  Figures  2  and  25.  These  are  satisfactory  for 
heat  rates  up  to  15  BTU/FT2/sec.  The  reflector  material  limits  the  temperature  range, 

Figure  12  shows  a  high  density  heater  now  in  use.  This  heater  has  no  special 
cooling  provisions,  used  12  G.E.  T3  1000  watt  bulbs  stacked  in  two  rows  on  l/2  inch 
centers,  has  a  geld  plated  stainless  steel  reflector,  and  produces  specimen  absorp- 
tivities  of  160  BTU/FT2/sec.  (See  Figure  13.)  It  is  rated  for  2*10  volts  and  was 
driven  to  a  little  over  500  volts .  This  heater  can  only  be  used  at  this  rate  for 
limited  periods  because  of  overheating  of  reflector  and  lamp  ends. 

Three  materials  -  alumina,  fire  brick,  and  insulating  fire  brick,  were  coated 
with  cobaltic  oxide  and  exposed  to  this  heat  flux  for  10  seconds.  The  results  are 
shown  in  Figure  14.  The  fire  brick  and  the  insulating  fire  brick  melted.  The  bficks 
on  which  the  three  specimens  were  placed  also  melted.  The  melting  temperature  for 
the  brick,  insulating  fire  brick,  and  alumina  were  2400 °F,  3100°F,  and  3600°F. 


1020 


*  *•’»  *‘k  • 


*  *  *  I*  ' *  «■  '  »  «-  .«  »  11  -  *  l  1  -  ■  L"  -■  I  I  I  I  1  .  .  ■  ~  •  m  -  -  -  r-  •* ■  **  ~  -  “  *  * 


Infrared  Lamp  Heater  -  Hi  Density 


lelted  By  Infrared  Lamps 


A  new  high  density  lamp  bank  has  been  built  and  is  being  evaluated.  It  is 
similar  to  the  first  one  but  has  the  following  changes: 

1.  It  is  designed  for  long  usage  at  high  density  and  high  temperature. 

2.  2000  watt  bulbs  are  used  in  place  of  the  1000  watt  bulbs. 

3.  The  reflector  and  lamps  are  cooled  with  air  or  carbon  dioxide.  Reflector 
coatings  deteriorate  above  1500°F. 

4.  Lamp  ends  are  cooled  by  a  continuous  flow  of  water.  Lamp  end  seals  fail 
above  650°F. 

This  heater  is  expected  to  produce  heat  fluxes  in  excess  of  200  BTU/PT^/sec. 
for  extended  periods  of  time. 

Interesting  findings 

1.  When  specimens  being  heated  by  infrared  lamps  vaporize,  the  vapor  may  coat 
the  heat  lamp  allowing  the  quartz  to  heat  up  and  melt. 

2.  A  C02  atmosphere  around  heat  lamps' will  absorb  up  to  22$  of  the  heater  out¬ 
put. 

B.  Electric  Arcs 


Electric  arcs  including  plasma  jets  have  been  investigated  for  use  in  full 
scale  structural  tests  where  high  heat  fluxes  in  excess  of  those  obtainable  with 
infrared  lamps  are  required.  Temperatures  of  26,000°F  and  heat  fluxes  of  2000  BTU's 
per  square  foot  per  second  have  been  claimed. 

a.  Plasma  Jet 


Several  plasma  jets  have  been  built  and  tested.  A  D.C.  powered  plasma  jet 
capable  of  running  continuously  for  over  2  minutes  is  shown  in  Figure  15 . 

Figure  16  shows  the  specimen  absorptivity  and  temperature  rise  when  subjected 
to  this  heat  source  for  a  very  short  period  of  time. 

Another  plasma  jet  capable  of  running  on  A.C.  or  D.C.  power  has  been  designed 
and  built.  See  Figure  17 .  The  nozzles  are  removable  and  sizes  up  to  .75  inches 
throat  diameter  may  be  used.  Tigure  18  shows  this  heater  in  operation,  circulating 
water  cools  the  nozzle  while  the  working  fluid  (argon,  helium,  nitrogen,  air)  cools 
the  back  electrode.  The  back  electrode  also  serves  as  a  regenerator  in  heating  the 
working  fluid  before  it  reaches  the  arc  chamber.  Tests  are  being  run  on  this  plasma 
jet  using  ignitron  power  controllers  as  the  power  sourve.  Air  can  be  introduced 
through  orifices  surrounding  the  tungsten  nozzle  to  reduce  the  plasma  temperature 
where  this  is  required. 

A  plasma  jet  which  would  be  capable  of  heating  a  leading  edge  is  being  designed. 
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Figure  15  -  Plasma  Jet 


Figure  16  -  ABSORPTIVITY  AND  TEMPERATURE  RESPONSE  OF 
MOLYBDENUM  SPECIMEN  IN  PLASM  JET  FLAME 
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Its  operation  is  essentially  the  same  as  other  plasma  jets  except  that  it  is  not 
stationary,  hut  oscillates  along  a  prescribed  path.  The  amplitude  and  frequency  of 
oscillation  are  adjustable  and  a  plasma  flame  can  be  swept  back  and  forth  along  the 
edge  of  a  specimen.  Batteries  of  plasma  jets  along  a  leading  edge  or  nose  cone  will 
accomplish  the  same  thing. 

b .  Oscillating  Arc 


Investigation  of  other  electric  arcs  for  high  density  heating  has  been  made. 

One  "chat  shows  some  promise  for  use  in  this  work  is  the  oscillating  arc.  Two 
electrodes  were  mounted  on  a  platform  and  the  platform  was  oscillated  by  attachment 
to  an  eccentric  wheel  as  shown  in  Figure  19 .  Power  was  applied  to  the  electrodes 
and  the  platform  oscillated  five  times  a  second.  A  dense  three  inch  tail  flame  was 
produced.  One  complete  cycle  of  oscillation  is  shown  in  Figure  20.  A  leading  edge 
specimen  made  of  0.025  stainless  steel  was  put  into  the  inner  part  of  the  tail  flame. 
Heat  rates  of  385°F/sec.  were  recorded.  This  device  produces  a  stable,  uniform 
flame. 

Electric  arc  heaters  show  great  promise  for  use  in  thermal  simulation  in  full 
scale  tests  in  those  specimen  areas  whose  heat  requirements  exceed  that  for  infrared 
heaters.  Since  these  devices  will  normally  be  used  for  temperature  in  excess  of 
those  in  the  known  thermocouple  range,  the  heat  flow  mode  of  the  programmer  con¬ 
troller  can  be  used  for  controlling  input  to  specimens  since  it  does  not  require  a 
thermocouple  feed  back  signal. 

c.  Vacuum  Heat  Tension  Pad 


A  vacuum  type  heat  tension  pad  for  heating  and  loading  a  skin  surface  simul¬ 
taneously  has  been  developed  and  tested.  This  pad  is  capable  of  loading  a  surface 
up  to  12  psi  and  heating  it  to  550°F  at  rates  exceeding  20°F/sec.  -  50  BTU/FT^/sec. 
The  pad  is  constructed  with  an  arched  roof  and  two  sides.  Two  pipe  fittings  are 
inserted  in  the  roof,  one  for  vacuum  attachment,  and  the  other  for  electric  power 
loads.  See  Figure  21.  Inside  the  pad  are  four  500  want  G.E.  T3  infrared  lamps  and 
an  Alzac  reflector.  A  l/2  inch  silicone  rubber  gasket  separates  the  pad  from  the 
specimen  and  serves  as  a  cushion  as  well  as  an  insulator. 


The  operation  is  simple.  The  pad  is  placed  on  a  specimen^  internal  vacuum  is 
applied  at  the  same  time  the  heater  is  turned  on.  The  maximum  load  that  can  be 
applied  is  12.5  psi  at  which  point  the  pad  can  be  knocked  off  with  a  slight  eccentric 
load.  At  12  psi  the  pad  is  very  stable. 

To  date  the  gasket  material  lirains  the  use  of  the  pad  to  550 °F.  As  better 
gasket  material  becomes  available,  a  high  density  lamp  bank  will  be  incorporated 
and  higher  temperature  and  heat  rates  can  be  achieved. 


This  pad  lends  itself  to  use  on  light  gage  skins  when  loading  and  heating  is 
within  its  limits  >and  when  built  in  skin  attachments  are  undesirable . 
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3.  Reflectors  for  Lamp  Banks 


If  efficiency  of  infrared  heaters  is  to  be  improved,  reflectors  must  be  im¬ 
proved.  Tests  have  shown  that  low, density  lamp  banks  which  develop  energy  fluxes 
less  than  15  BTU/FT^/sec.,  can  use  clad  aluminum  for  reflectors.  The  clad  aluminum 
has  a  reflectivity  of  about  7 6$  at  the  peak  of  the  infrared  lamp  spectrum. 

Aluminum  sheet  with  a  specular  finish  (Alzac)  has  a  reflectivity  of  89$  and  has 
been  used  for  high  density  lamp  banks  for  short  periods  of  time.  The  low  melting 
temperature  of  the  aluminum  (approximately  1100°F)  limits  the  testing  time  to  about 
20  seconds  for  lamp  banks  producing  150  BTU/FT^/sec. 

The  ideal  reflector  for  high  density  lamp  banks  must  have  a  high  melting  temper¬ 
ature,  and  good  strength  characteristics.  Gold  with  a  reflectivity  o-f  97 i>  is  excel¬ 
lent  for  these  requirements,  but  the  cost  is  prohibitive  for  a  solid  gold  reflector. 
A  gold  coated  reflector  is  feasible  and  tests  have  been  made  to  determine  the  best 
combination  of  gold  and  back-up  material. 

Gold  has  been  both  plated  and  vacuum  metalized  on  copper  and  stainless  steel. 
Copper,  for  the  present,  lias  been  rejected  because  it  is  heavy  and  makes  a  cumber¬ 
some  lamp  bank.  A  thin  sheet  of  stainless  steel  with  a  gold  coating  makes  a  good 
reflector . 


A  comparison  was  made  with  two  identical  0.04  inch  Type  321  stainless  steel 
specimens.  One  was  vacuum  metalized  with  gold,  and  the  other  was  coated  with  .0025 
inch  of  an  insulating  ceramic  and  then  vacuum  metalized  with  gold.  Both  specimens 
were  exposed  to  an  energy  flux  of  100  BTU/FT^/sec.  for  seven  seconds.  Figure  22 
shows  the  temperature  response  on  the  back  side  (side  not  exposed)  of  each  specimen. 
The  ceramic  insulates  the  steel  from  energy  transmitted  through  the  gold.  It  is 
desired  to  keep  the  back-up  material  on  a  reflector  as  cool  as  possible  to  retain 
its  strength  and  prevent  sagging.  Our  latest  gold  and  ceramic  coated  stainless  steel 
reflector  for  high  flux  rates  uses  air  or  gaseous  CO2  for  forced  cooling  of  the 
reflector . 

k .  Specimen  Coatings  to  Increase  Specimen  Absorptivity 

Specimen  coatings  must  also  be  improved  for  the  overall  efficiency  in  thermal 
simulation . 

Results  of  coating  investigation  are  as  follows: 

Several  materials  have  been  investigated  to  find  a  suitable  coating  to  increase 
specimen  absorptivity.  Those  considered  with  graphite,  por^elox,  and  oxides  of  iron, 
nickel,  copper,  manganese,  and  cobalt. 

The  evaluation  was  based  on  ease  of  application  to  a  specimen,  the  ability  to 
retain  properties  after  continuous  exposure  to  high  infrared  energy  flux,  and  low 
reflectivity  or  high  emissivity  in  the  infrared  range. 

Tests  run  on  black  iron  oxide  (FE20^)  indicated  a  color  change  at  800°F  from 
black  to  red  brown  (FSpOS).  This  change  reduced  its  emissivity  which  makes  this 
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material  unsuitable  for  testing  at  temperatures  over  800°F. 

Oxides  of  nickel,  copper,  manganese,  and  cobalt  were  subjected  to  temperatures 
of  l400°F  for  20  minutes.  There  was  a  slight  color  change  in  the  oxides  of  nickel 
and  copper,  and  a  very  noticeable  change  in  manganese  dioxide.  All  were  to  a  lighter 
color .  There  was  no  change  in  cobaltic  oxide . 

Cobaltic  oxide  was  compared  to  a  50/50  mixture  of  cobalt  oxide  and  porcelox  by 
applying  each  to  the  surface  of  three  identical  copper  disks.  All  three  disks  were 
exposed  to  a  heat  flux  of  approximately  160  BTU/FT^/sec .  for  about  four  seconds. 

The  temperatures  reached  by  the  cobaltic  oxide,  50/50  mixture,  and  porcelox  were 
1953°F,  19^°F  and  l801°F  respectively.  (See  Figure  23*) 

The  dry  powdered  oxides  were  mixed  with  various  solutions  to  allow  application 
to  a  specimen.  Water,  detergents  in  water,  and  alcohol  were  tried.  Water  does  not 
readily  mix  with  any  of  the  oxides.  The  detergents  mix  well,  but  leave  an  organic 
film  which  smokes  excessively  at  500°F.  Alcohol  mixes  well,  and  leaves  no  residue 
to  smoke.  The  cobaltic  oxide  and  alcohol  solution,  when  applied  to  a  surface  and 
allowed  to  dry,  has  a  powdery  consistency  which  can  easily  be  rubbed  off.  This  is 
desirable  for  many  tests,  where  an  inspection  of  a  heated  surface,  after  testing, 
is  required.  However,  a  permanent  type  of  coating  which  is  not  easily  rubbed  off 
is  also  needed,  so  that  deflection  probes  and  other  test  equipment  may  touch  the 
specimen  without  removing  the  coating. 

Porcelox  is  a  good  permanent  type  of  coating  even  though  it  requires  curing  at 
about  250°F.  The  curing  is  necessary  to  drive  off  water,  organic  binders,  and  to 
fuse  low  temperature  glasses  which  form  the  high  temperature  binders.  It  is  pur¬ 
chased  in  a  liquid  form  and  is  applied  by  brushing.  It  should  be  cured  at  about 
250 °F  for  approximately  15  minutes  to  drive  off  any  water  that  happens  to  remain  in 
the  mixture,  boil  off  organic  binders,  and  fuse  low  temperature  glasses. 

The  best  coating  found  for  increasing  specimen  absorptivity  in  the  infrared 
range  was  the  one  made  up  by  mixing  cobalt  oxide  into  porcelox  in  one  to  one  pro¬ 
portions.  It*s  easily  applied,  adheres  well  and  can  be  used  up  to  2000°F. 

5.  Forced  Cooling 

To  be  able  to  round  out  our  full  scale  thermal  simulation  capabilities  we  must 
provide  means  for  forced  cooling  of  specimens.  Forced  cooling  is  required  when  it 
is  necessary  to  cool  a  hot  surface  faster  than  its  normal  cooling  rate.  This  can 
happen  in  the  following  ways: 

1.  A  high  speed  interceptor  is  cooled  by  deceleration  (pull  up  maneuver) 
after  an  extended  high  mach  number  dash  to  the  target.  The  deceleration 
allows  heat  transfer  to  a  cooler  boundary  layer. 

2.  A  ballistic  missile  could  cool  through  radiation  to  space  at  very  high 
altitudes.  The  cooling  effect  may  be  most  critical  since  the  heating  cycle 
of  a  missile  or  aircraft  is  usually  longer  and  the  structure  may  reach 
equilibrium  at  a  high  temperature  and  then  when  cooled  rapidly  is  subjected 
to  high  thermal  gradients  which  may  cause  undesirable  warping  or  buckling. 


Til®  -  SECONDS 

Figure  2^  -  CONTROLLED  COOLING 


Figure  25  -  Fatigue  Test  Of  Full  Scale  u;-.,  cimen  Vith  Thermal  Simulation 


Preliminary  tests  have  indicated  that  CO2  can  be  used  for  forced  or  programmed 
cooling.  Maximum  cooling  rates  have  not  yet  been  determined.  However  a  method  for 
obtaining  controlled  cooling  was  devised  as  follows: 

1.  In  Figure  2b  you'll  note  that  when  the  heat  power  was  turned  off  at  the  apex 
of  the  curve,  the  specimen  temperature  dropped  off  somewhat  slower  than 
desired. 

2.  A  fixed  orifice  or  orifices  controlled  by  variable  solenoid  valves  is  placed 
so  that  when  the  temperature  program  computer  calls  for  no  power,  the  valves 
will  be  turned  on  to  allow  COg  to  flow  as  a  gas  over  the  specimen. 

3.  The  orifices  were  designed  to  provide  an  over  abundance  of  cooling,  forcing 
the  specimen  temperature  below  what  is  desired.  This  produces  a  heat  demand 
signed  in  the  computer  which  again  supplies  heat  to  the  specimen. 

In  this  fashion  the  temperature  computer  programmer  is  used  to  program  and 
close  thermal  simulation  can  be  had  even  when  forced  cooling  is  required. 

6 .  General 


Test  requirements  from  specimen  to  specimen  vary  greatly,  such  as,  magnitude  of 
specimen  deflection  (B-70  wing  versus  a  missile  fin)  and  magnitude  of  heat,  that  no 
universal  heater  is  proposed. 

The  close  relation  of  load,  heat  and  measuring  apparatus  must  be  recognized  and 
carefully  reviewed  when  new  heaters,  loaders,  recorders,  and  programmers  are  acquired 
or  built.  All  these  considerations  must  be  taken  into  account  when  final  devices  are 
provided  for  individual  test  setups.  A  typical  test  set  up  for  applying  both  pro¬ 
grammed  heat  and  load  is  shown  in  Figure  25.  In  this  case  since  the  deflection  was 
slight  and  heat  flow  low  the  heat  lamps  were  attached  to  one  large  aluminum  reflector 
which  rides  up  and  down  with  the  specimen  as  it  deflects.  Since  the  specimen  is  also 
full  of  fuel  which  cools  the  lower  surface,  heat  is  only  applied  to  one  side. 

Note  too,  that  in  this  particular  test  load  was  applied  to  the  lower  surface 
with  compression  hydraulic  load  cylinders. 

SUMMARY  AND  CONCLUSIONS 

1.  Heat,  load  and  time  histories  of  todays  flight  vehicles  occur  in  such  combi¬ 
nations  as  to  make  analytical  solutions  virtually  impossible  for  designers. 

2.  Ground  tests  in  close  simulation  of  operating  conditions  are  therefore  mandatory. 
Flight  tests  would  be  more  accurate  but  too  costly  and  too  late. 

3.  These  new  test  requirements  have  pushed  the  state  of  the  art  in  their  simulation 
to  require  a  very  costly  expansion  of  existing  facilities  or  acquisition  of  en¬ 
tire  new  facilities. 

k.  There  is  no  universal  method  for  thermal  simulation  in  full  scale  testing  nor 
do  any  two  companies  have  the  exact  same  problems  nor  approach  them  in  the  same 
way. 
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5.  Thermal  simulation  capability  may  be  added  or  acquired  as  needed  in  building 
blocks  of  basic  power ,  multiple  channels  of  temperature  and  load  programmers, 
controllers,  and  recorders.  Special  devices  surrounding  the  specimen  to  be  used 
for  the  actual  input  to  the  specimen  are  designed  to  take  care  of  specific  re¬ 
quirements  . 

6.  In  fullfilling  the  above  requirement  we  find  that: 

A.  Recent  work  in  this  field  has  provided  us  with  equipment,  know  how,  and 
facilities  for  thermal  simulation. 

B.  Heat  programmers  and  computer  controller  equipment  is  almost  an  off-the-shelf 
item. 

C.  Money  is  still  hard  to  come  by  as  are  such  items  as  load  programmers. 

D.  The  use  of  infrared  heaters  is  standard  practice. 

E.  We're  still  pushing  the  state  of  the  art  in  some  areas  such  as  high  heat 
flux  (nose  cone  heat  simulation),  load  programmers,  rapid  automatic  data 
recorders  and  processers,  absorptive  and  reflective  coatings,  and  new  heaters. 
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F.  Need  for  adding  costly  building  blocks  for  heat  capability  can  be  reduced  by 
concentrating  on  improving  heater  efficiency. 

7*  Infrared  heaters  can  be  used  for  thermal  simulation  up  to  temperatures  of  3000°F, 
heat  fluxes  of  200  BTU/Fr2/sec .  They  are  easy  to  control  and  can  be  made  very 
efficient  by  use  of  gold/ceramic  cooled  reflectors  in  conjunction  with  test  speci¬ 
mens  coated  with  cobalt  oxide/porcelox.  Thermal  conditions  for  all  manned 
vehicles  can  be  simulated  with  these  heaters.  All  areas  except  nose  cones  and 
sharp  leading  edges  of  missiles  can  be  heated  in  the  same  fashion  since  the  peak 
heat  flux  for  90$  of  these  bodies  is  approximately  2%  of  the  maximum  shown. 

8.  The  infrared  heater  can  be  supplemented  with  electric  arc  heaters  (plasma  jets) 
for  temperature  and  heat  fluxes  in  excess  of  those  above  and  up  to  10,000°F  and 
1500  BTW/FT2/sec .  These  heaters  too  can  be  controlled  by  the  basic  programmer 
computer  controller. 

9.  Programmed  or  forced  cooling  is  mandatory  and  feasible  using  liquid  C0£  expanded 
to  gas  through  nozzles  and  sprayed  over  hot  specimens.  Accurate  control  is  a- 
gain  maintained  by  the  heat  controller  which  is  used  to  overcome  an  excess  of 
cooling. 

10.  The  best  type  of  reflector  discovered  in  these  studies  is  stainless  steel  sprayed 
with  ceramic  and  coated  with  gold. 

11.  The  best  type  of  specimen  absorptive  coating  was  found  to  be  a  50/50  mixture  of 
cobalt  oxide  and  porcelox. 
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12.  A  mach  3  jet  transport  such  as  that  sho^m  in  Figure  26  and  proposed  for  oper¬ 
ation  by  1970  could  be  tested  for  fatigue,  full  scale,  including  thermal  simu¬ 
lation  using  the  equipment  described  in  this  paper.  Four  of  the  basic  building 
blocks  would  be  required,  totaling  24,000  KVA  and  48  programmer  controllers. 

The  airplane  in  this  example  would  operate  above  60,000  feet  and  would  not  be 
supersonic  below  35*000  feet,  is  211  feet  long  and  has  a  96  foot  wing  span. 

13.  The  amount  of  power  available  still  limits  the  size  of  the  total  specimen  that 
can  be  tested. 

14.  Other  approaches  to  this  problem  I'm  sure  lend  themselves  as  well  to  thermal 
simulation  and  have  been  used  successfully  by  others . 

15.  Many  problem  areas  still  exist.  For  example,  these  solutions  still  fall  short 
of  the  IC3M  thermal  simulation.  We  must  continue  lo  push  the  state  of  the  art 
in  thermal  simulation. 

16.  We  are  deeply  indebted  to  those  who  have  done  the  real  spade  work  in  this  field. 


LIST  OF  COMMON  SYMBOLS 
acceleration  due  to  gravity  (ft/sec^) 
specific  heat  (BTU/7f/°F) 
heat  flow  BTU/hr. 
surface  temperature  (°F) 
temperature  change  (°F) 
adiabatic  wall  temperature  (°F) 
radiation  constant  (BTU/HR0F/FT2) 
area  (in. 2) 
load  voltage  (volts) 
current  (amperes) 

heat  transfer  coefficient  (BTU/HR0F/FT2) 

conversion  constant  BTU 

hr-watt 

thermal  capacity  BTU/°F/FT2 
thermal  efficiency  of  heater  °jo 
time  (seconds) 

rate  of  temperature  change  °F/sec. 
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THE  DETERMINATION  OF  EQUIVALENT  FATIGUE 
TEST  LOAD  SPECTRA  FROM  FLIGHT  RECORDS 


By 

M.  A*  Melcon 

Lockheed  Aircraft  Corporation 
California  Division 
Burbank,  California 

The  problem  of  deducing  equivalent  fatigue  test  load  spectra 
from  flight  records  so  that  the  relationship  between  the  damage 
produced  in  a  test  and  that  in  actual  operation  can  be  quantitatively 
estimated  is  discussed.  To  date  there  is  very  little  test  data  which 
compare  the  fatigue  damage  produced  by  completely  random  loadings 
with  that  of  the  derived  ordered  loadings*  A  summary  of  the  type 
of  research  studies  which  are  required  to  investigate  the  many  para¬ 
meters  which  are  involved  in  constructing  a  test  spectrum  from  flight 
records  such  as  peak  counting  methods,  loading  block  size,  stress 
interval,  ground-to-air  cycle,  etc*,  is  presented* 


INTRODUCTION 


To  commence  this  discussion  with  some  introductory  comments  pertaining  to 
the  growing  importance  of  fatigue  in  the  design  of  the  structure  of  flight 
vehicles  would  he  highly  superfluous  since  the  scope  of  this  symposium  provides 
in  itself  sufficient  evidence  that  its  importance  is  duly  recognized. 

As  indicated  by  the  agenda  for  this  meeting,  this  problem  has  many  facets, 
one  of  major  inportance  being  the  relationship  between  the  effects  of  test 
loadings  and  the  effects  of  service  loadings.  This  aspect  of  the  over-all 
fatigue  problem  brings  into  sharp  focus  two  questions: 

(1)  How  should  flight  test  records  be  reduced  to  be  of  most  significance 
from  a  fatigue  standpoint? 

(2)  What  is  the  quantitative  relationship  between  the  fatigue  damage 
produced  by  the  actual  random  service  data  and  the  spectrum  of  loads 
deduced  therefrom  which  are  used  in  fatigue  tests  or  analysis? 

It  is,  of  course,  obvious  that  if  actual  load  histories  could  be  applied  in 
tests  and  if  they  could  be  applied  directly  in  a  fatigue  damage  theory, 
neither  of  these  questions  would  warrant  investigation.  However,  the  formula¬ 
tion  of  a  reasonably  accurate  fatigue  damage  theory  has  been  sufficiently 
elusive  when  limited  to  the  solution  of  simple  spectrum-type  loadings  that 
hopes  for  an  early  solution  to  more  complex  loadings  would  appear  to  be  unduly 
optimistic.  It  is  conceivable  that  test  techniques  could  be  developed  which 
would  accomplish  the  direct  application  of  service  loadings,  but  they  would  be 
costly  and  it  is  conceivable  that  simpler  procedures  could  accomplish  the  3ame 
objectives. 

Failing  in  either  of  these,  the  two  problems  posed  must  be  investigated 
if  fatigue  tests  or  analyses  are  to  be  made  more  meaningful  as  measured  against 
service  usage.  This  would  be  true  even  if  a  complete  fatigue  damage  theory 
were  developed  and  if  the  complexity  of  fatigue  testing  is  to  be  kept  at  a 
relatively  simple  level.  Irrespective  of  any  advancements  in  analytical  methods 
for  fatigue  prediction,  test?  ....  will  in  all  probability  always  remain  an  integral 
part  of  a  fatigue  evaluate.;,  program*  As  refined  as  stress  analysis  techniques 
have  become  for  static  strength  determination,  there  are  still  many  instances 
in  which  it  is  deemed  necessary  to  make  t'sts  to  substantiate  the  analysis. 

The  fatigue  strength  of  a  structure  being  more  sensitive  to  the  local  stress 
distributions  than  the  static  strength,  detailed  stress  analysis  much  more 
refined  than  that  sufficient  for  static  analysis  would  be  required  if  an 
analytical  approach  to  fatigue  prediction  is  to  be  successful.  It  is  doubtful 
that  within  practical  limitations  such  a  stress  analysis  can  be  accomplished 
on  complicated  structures.  Hence,  fatigue  tests  vail  be  required  if  for  no 
other  reason  than  inability  to  produce  a  sufficiently  accurate  stress  analysis 
to  be  used  in  a  fatigue  theory  even  if  a  suitable  one  existed. 

Unfortunately,  the  answers  to  the  two  .l.uestions  posed  above  cannot  be 
provided  in  this  paper.  The  reason  is  simple.  The  necessary  test  data  to 
provide  the  answers  do  not  exist.  Recently  there  has  appeared  in  the  .literature 
the  results  of  sons  investigations  aimed  at  analyzing  the  fatigue  problem 
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associated  with  truly  random  loadings*  To  the  knowledge  of  the  author.  Ref* 

1  is  the  most  advanced  of  these  studies.  The  remainder  of  this  paper  will 
describe  current  procedures  for  fatigue  spectra  determination,  the  reasons 
for  their  inadequacy  and  the  research  work  required  to  make  such  spectra 
more  meaningful  in  terms  of  actual  aircraft  usage.  Even  if  the  answers  cannot 
be  supplied  in  this  discussion,  the  prospects  for  eventual  solution  are 
exceedingly  good  since  the  Air  Force  has  seen  fit  to  support  an  extensive 
research  program,  parts  of  which  are  described  herein, 

LOADINGS 

\ 

In  actual  operation,  aircraft  are  subjected  to  a  wide  variety  of  randomly 
applied  loadings.  These  loads  arise  from  various  sources  and  include  atmospheric 
turbulence,  maneuvers,  landings,  taxiing,  ground  handling,  and  the  ground-to-air- 
to-ground  transition.  In  order  to  construct  any  realistic  fatigue  spectrum, 
statistical  data  from  actual  flight  operations  must  be  obtained.  Through  the 
years,  such  data  have  been  collected  by  various  means  with  particular  emphasis 
on  loadings  arising  from  gusts  and  maneuvers.  In  recent  years,  considerable 
data  obtained  with  VGH  recorders  which  produce  continuous  traces  of  airplane 
response  have  become  available.  Fig.  1  shows  a  typical  response  to  atmospheric 
turbulence  and  Fig.  2  is  characteristic  of  an  airplane  response  to  rapid 
maneuvers. 

If  a  recording  mechanism  were  turned  on  continuously,  that  i&,  while  the 
airplane  was  on  the  ground  as  well  as  in  the  air,  a  trace  as  depicted  in  Fig. 

3  would  be  obtained.  After  sufficient  data  of  this  type  have  been  collected 
to  be  statistically  significant,  the  next  question  which  arises  isi  what  is  to 
be  done  with  it?  To  be  sure,  a  proper  fatigue  evaluation  cannot  be  made  without 
these  data,  but  once  the  data  are  available  a  new  series  of  problems  are 
encountered.  If  the  prime  consideration  is  the  determination  of  criteria  for 
static  strength,  the  problem  is  relatively  simple  and  the  miles  of  records 
must  be  searched  for  maximum  conditions  only.  But  if  the  analysis  of  these 
records  is  to  contribute  to  the  solution  of  the  fatigue  problem,  the  full  range 
of  magnitudes  as  well  as  frequencies  and  sequences  must  be  considered.  In 
the  absence  of  suitable  test  information,  some  rather  arbitrary  decisions 
must  be  made  as  to  the  manner  in  which  flight  records  are  reduced  into  spectrum 
form, 

REDUCTION  OF  FLIGHT  RECORDS 

The  tremendous  task  of  reducing  flight  records  has  been  performed  by  the 
NASA,  WADC,  and  others.  It  is  not  the  intention  of  the  author  to  belittle 
this  effort  since  the  data  produced  has  been  put  to  invaluable  use  during  the 
past  few  years.  However,  as  mentioned  above,  lacking  certain  basic  data,  many 
arbitrary  decisions  had  to  be  made  in  the  processing  of  the  records  and,  quite 
naturally,  this  has  obscured  many  of  the  variables  which  may  be  significant 
from  the  fatigue  standpoint.  Most  of  the  records  were  reduced  by  making  peak 
counts  and  accumulating  the  frequency  of  occurrence*  This  would  appear  to  be 
at  least  one  starting  point.  However,  the  first  question  that  arises  is  what 
is  a  peak  and  mat  is  not  a  peak?  Referring  to  Figs.  1  and  2  it  is  seen  that  the 
traces  do  not  possess  the  characteristics  of  simple  sinusoidal  curves  for  which 
the  peak  values  would  be  obvious.  In  a  major  excursion  from  the  lg  level,  many 
hills  and  valleys  may  appear  in  each  trace.  Rather  arbitrary  rules  have  therefore 


1048 


bean  established  to  determine  which  of  these  diould  be  regarded  as  major  peaks* 

In  some  instances  these  minor  peaks  are  included  and  in  others  ignored.  Even 
though  these  minor  peaks  do  not  begin  their  excursion  from  the  base  line  (lg) 
they  are  sometimes  so  recorded*  Considering  turbulence  records,  it  was  noted 
that  the  frequency  of  positive  peaks  and  negative  peaks  was  approximately  equal 
and  hence  such  peaks  were  linked  together  to  form  complete  cycles  even  though 
in  the  actual  record  the  sequence  of  such  peaks  may  have  been  separated  by  a 
substantial  period  of  time* 

Another  aspect  of  this  problem  of  fundamental  importance  in  view  of  the 
characteristics  of  the  load  traces  is  whether  peak  counts  or  some  other  measure 
of  the  trace  such  as  frequency  of  stress  excursion  is  the  more  informative 
measure  insofar  as  fatigue  life  is  concerned.  A  systematic  evaluation  of  the 
effect  of  these  different  variables  has  never  been  made* 

Based  on  the  general  procedures  described  above,  typical  gust  and  maneuver 
frequency  curves  as  shown  in  Figures  k  and  f?  respectively  have  been  derived* 

This  type  of  information  has  then  been  used  extensively  in  the  determination 
of  loading  spectra  for  both  fatigue  analysis  and  test* 

Using  atmospheric  turbulence  data  again  as  an  example,  what  is  the  sig¬ 
nificance  of  the  information  contained  in  Fig.  k  compared  with  the  actual 
experience  of  the  aircraft.  Let  it  be  assumed  that  the  actual  recorded 
response  of  an  aircraft  is  as  shown  in  Fig.  6  (a).  As  a  result  of  one  peak 
count  method  of  analyzing  the  data  and  the  coupling  of  positive  and  negative 
peaks  of  equal  magnitude,  the  response  of  the  aircraft  is  in  effect  changed  to 
that  shown  in  Fig*  6  (b).  Also  shown  in  Fig.  6  (b)  is  the  response  that  would 
be  deduced  if  a  range  count  system  were  utilized  instead  of  a  peak  count  system. 
In  any  event,  it  can  be  clearly  observed  that  sequences  are  altered  and  that 
the  magnitudes  of  reported  load  range  are  dependent  on  the  method  of  record 
reduction  which  is  used.  The  relationships  between  the  fatigue  damage  caused 
by  the  loading  pattern  shown  on  Fig.  6  (a)  and  by  those  shorn  on  Fig.  6  (b)  has 
never  been  established. 

FATIGUE  SPECTRA 

In  the  preceding  section  some  of  the  shortcomings  of  flight  data  reduction 
techniques  to  adequately  depict  the  loadings  incurred  by  the  structure  were 
discussed.  Even  if  such  were  not  the  case ,  and  turbulence  data  such  as  contained 
in  Fig.  1*  provided  an  exact  description  of  the  frequency  of  gust  loadings  to 
which  the  aircraft  was  subjected,  there  are  still  many  unanswered  questions  as 
to  the  method  for  constructing  a  discrete  load  fatigue  spectrum.  These  questions 
are  not  eliminated  with  the  use  of  the  more  sophisticated  methods  of  random 
loading  data  reduction  such  as  those  provided  by  power  spectral  analysis 
techniques. 

Let  it  be  assumed  that  from  the  gust  data  of  Fig.  k,  a  stress  frequency 
distribution  for  a  particular  location  on  the  aircraft  is  derived  and  it  is  an 
exact  replica  of  the  airplane  response  except  for  the  sequencing  of  the  loads. 
Fig.  7  is  an  example  of  such  a  frequency  distribution.  To  construct  a  spectrum 
of  discrete  loadings  the  initial  step  is  to  convert  the  stress  frequency 
distribution  curve  of  Fig,>  7  into  a  step  function.  There  is  an  unlimited 


number  of  ’/rays  in  which  this  can  be  accomplished*  Fig*  8  shows  examples  of  a 
few  of  them.  From  the  standpoint  of  a  fatigue  test,  if  the  stress  interval 
that  is  selected  is  large,  the  test  procedure  is  simpler  since  it  requires 
fewer  changes  in  set-up.  On  the  other  hand,  if  the  stress  interval  is  small, 
it  is  more  likely  that  the  damage  pattern  will  be  more  accurately  duplicated* 

After  the  stress  interval  has  been  selected,  and  the  number  of  cycles  to  be 
applied  at  each  stress  level  determined,  a  decision  must  be  made  as  to  sequencing 
of  the  loads.  Here  again  a  wide  assortment  of  procedures  may  be  followed.  All 
of  the  low  loads  may  be  applied  in  a  block,  and  then  the  next  level,  etc.  An 
alternate  method  may  be  to  take  a  certain  percentage  of  the  loads  at  each  level 
and  apply  these  in  sequence  and  then  repeat  the  procedure  until  the  full  loading 
is  accomplished.  A  description  of  this  process  is  shown  in  Fig.  9.  At  the 
present  time  very  little  is  known  about  the  effect  of  stress  interval  and  block 
size  on  the  fatigue  damage  produced  by  the  derived  test  spectrum* 

GROUND-TO-AIR  CYCLE 

As  mentioned  previously,  an  aircraft  is  subjected  to  a  wide  assortment  of 
randomly  applied  loadings  which  originate  from  various  sources  such  as  turbulence, 
maneuvers,  landing,  taxiing,  ground  handling,  etc.  If  loadings  from  each  source 
are  analyzed  separately,  the  same  problems  in  formulating  a  test  spectrum  as 
exemplified  by  the  example  above  for  turbulence  would  be  encountered.  These 
problems  are  further  complicated  when  the  totality  of  loadings  to  which  the 
aircraft  is  subjected  are  examined.  Fig.  3  is  a  schematic  depiction  of  wing 
loads  as  an  aircraft  goes  through  a  series  of  flights.  It  can  be  observed 
that  there  is  a  major  cycle  of  load  variation  for  each  flight  produced  by  the 
transition  from  the  ground-borne  to  air-borne  condition.  This  cycle  is 
depicted  in  Fig.  10.  Various  quantitative  definitions  of  stress  range  have 
been  proposed  for  this  cycle  such  as  the  variation  from  the  lg  stress  on  the 
ground  to  the  lg  stress  in  the  air,  minimum  stress  on  the  ground  to  maxinaim 
stress  in  the  air  per  flight,  rms  stress  on  ground  to  rms  stress  in  the  air. 

The  contribution  of  this  single  cycle  per  flight  to  the  total  fatigue 
damage  has  been  the  subject  of  much  conjecture.  Depending  upon  the  assumptions 
used  to  define  the  cycle,  its  importance  to  the  total  fatigue  damage  can  vary 
from  minor  to  major.  There  is  little  test  evidence  to  support  ary  position. 

TEST  fROGRAM 

The  preceding  sections  of  this  discussion  have  purposefully  emphasized  the 
serious  limitations  m  existent  capability  for  determining  meaningful  fatigue 
test  spectra  for  aircraft.  This  was  done  to  form  a  proper  basis  for  a  descrip¬ 
tion  of  an  extensive  research  program  to  be  conducted  by  Lockheed  Aircraft 
Corporation,  California  Division,  under  sponsorship  of  the  Aircraft  Laboratory, 
Wright  Air  Development  Center,  which  it  is  hoped  will  provide  answers  to  many 
of  the  questions  that  have  been  raised  in  this  paper* 

The  overall  purpose  of  this  test  program  will  be  to  evaluate  the  relation¬ 
ship  of  fatigue  damage  produced  by  random  loads  and  the  ordered  spectra  deduced 
therefrom.  The  possibility  of  making  such  tests  lias  been  greatly  enhanced  by 
the  development  of  servo -controlled  hydraulic  jacks  which  can  rapidly  apply  the 
complex  service  loading  histories  recorded  on  magnetic  tapes. 
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In  the  initial  phases  of  the  investigation,  axially  loaded  707$-% 
aluminum  sheet  metal  specimens  with  two  different  intensities  of  stress 
concentrations  will  be  utilized.  The  starting  point  for  the  program  will 
be  the  collection  of  actual  flight  records  on  electromagnetic  tape  from  at 
least  two  different  types  of  aircraft.  These  records  will  include  gust, 
maneuver,  and  taxi  data.  A  typical  record  for  gust  response  would  be  as 
shown  in  Fig.  1. 

A  series  of  fatigue  tests  will  then  be  made  to  determine  the  influence 
of  load  sequence  in  a  random  load  pattern.  This  can  be  acconplished  by  running 
one  set  of  specimens  with  the  tape  going  forward  and  another  identical  set  with 
the  same  tape  run  backwards.  This  could  also  be  accomplished  by  resplicing 
the  tape. 

The  next  set  of  tests  will  be  run  in  an  attempt  to  determine  the  para¬ 
meters  of  a  random  loading  which  are  the  most  sensitive  measure  of  the  fatigue 
damage  produced.  At  least  two  sets  of  specimens  will  be  tested  using  random 
loads  of  significantly  different  characteristics.  Utilizing  automatic  data 
reduction  methods,  the  random  loads  recorded  on  the  magnetic  tapes  will  be 
reduced  to  spectrum  form.  Parallel  sets  of  specimens  will  be  tested  using 
these  derived  spectra.  The  method  of  obtaining  the  derived  spectra  will  be 
varied,  first  using  peak  counts,  then  range  counts,  then  range  counts  asso¬ 
ciated  with  different  mean  stresses,  etc.  The  time  to  failure  for  each  of 
the  sets  of  random  loads  will  be  compared  with  the  failure  time  for  the  spectra 
derived  by  each  of  the  different  methods  of  reduction.  The  method  which  comes 
closest  to  producing  the  same  ratio  for  the  different  sets  of  random  loads  will 
be  recommended  for  use.  Naturally,  it  would  be  indeed  fortunate  if  a  method 
were  discovered  in  which  this  ratio  turned  out  to  be  approximately  unity.  A 
ratio  of  unity  signifies  that  the  fatigue  damage  produced  by  the  derived  spectra 
is  exactly  the  same  as  that  produced  by  the  random  loadings.  As  desirable  as 
a  unit  ratio  may  be,  it  is  not  essential  to  the  success  of  the  investigation. 

The  next  essential  phase  of  the  test  program  is  to  investigate  the  effect 
of  stress  interval  and  block  size  on  fatigue  damage.  As  depicted  in  Figs,  8 
and  9,  it  is  possible  to  form  many  different  sets  of  test  spectra  from  a  given 
stress  spectrum  and  to  sequence  the  loads  in  many  different  ways.  Utilizing 
derived  spectra  from  random  flight  records  of  different  characteristics,  a 
series  of  fatigue  tests  will  be  made  in  which  both  the  stress  interval  and  block 
size  are  varied.  The  objective  of  this  part  of  the  program  is  to  determine  the 

largest  stress  interval  and  the  largest  block  size  that  can  be  utilized  without 

essentially  modifying  the  fatigue  damage  produced. 

The  next  step  in  the  program  is  to  make  fatigue  tests  using  loading 
records  which  would  be  representative  of  an  aircraft  in  continuous  operations. 
Random -loading  tapes  which  will  include  taxi,  as  well  as  flight  data  will  be 
generated  for  both  transport  (bomber)  and  fighter  type  aircraft.  A  record  from 
such  a  tape  would  be  similar  to  that  shown  in  Fig.  3*  With  these  loadings,  a 

series  of  fatigue  tests  will  be  made.  The  records  on  these  tapes  will  then  be 

reduced  to  test  spectra,  utilizing  the  infoimation  obtained  from  previous 
portions  of  the  program.  Again,  a  series  of  specimens  will  be  fatigue  tested 
and  the  damage  ratios  between  the  random  and  ordered  test  spectra  obtained. 

These  ratios  will  then  be  compared  with  those  obtained  in  the  first  phase  of 


the  program  to  determine  if  the  relationships  between  random  and  ordered  test 
loadings  obtained  for  relatively  simple  records  are  also  obtained  when  more 
conplex  loading  histories  are  used.  In  this  phase  of  the  program  the  effect 
of  the  ground-to-air  cycle  will  also  be  extensively  investigated.  Utilizing 
different  definitions  of  ground-to-air  cycle,  constant  load  amplitude  fatigue 
tests  will  be  made  (see  Fig*  10)  and  the  damage  from  these  loadings  cospared 
with  that  produced  by  the  random  loadings. 

CONCLUSIONS 

In  conclusion,  may  it  be  re-emphasized  that  there  is  a  serious  lack  of 
basic  information  to  properly  evaluate  the  relationship  between  fatigue  damage 
produced  by  the  random  loads  which  occur  in  aircraft  service  and  ordered  spectra 
of  loads  which  are  utilized  either  in  tests  or  analysis*  It  is  hoped  that  the 
test  program  that  is  briefly  described  in  this  paper  will  shed  some  light  on 
the  questions  that  have  been  raised  and  lead  to  an  eventual  solution  of  the 
problem. 
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ACTIVITY  FACTORS 
(AVERAGE  NUMBER  OF 
INCREMENTAL  ACCELERATIONS 


ACCELERATION  SPECTRA  FOR 
HIGH  PERFORMANCE  AIRCRAFT 
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THE  WADC  FATIGUE  TEST 
PHILOSOPHY 


By 

H.  B.  Lowndes,  Jr. 


Headquarters 

Wright  Air  Development  Center 
Wright -Patterson  AF  Base,  Ohio 


This  paper  discusses  the  following  seven  areas  of  a  full 
scale  fatigue  test  program:  (1)  Test  article  requirements; 

(2)  Test  load  spectrums;  (3)  Test  load  simulation;  (4)  Supple¬ 
mental  specimen  test  requirements;  (5)  Failure  inspection 
techniques  and  requirements;  (6)  Test  data  interpretation; 
and  (7)  Future  aspects  of  temperature  simulation  as  an 
accumulative  effect.  The  general  highlights  of  each  area 
are  presented  with  an  overall  objective  to  correlate  them  all 
into  what  the  WADC  considers  a  complete  full  scale  program# 

No  attempt  is  made  to  detail  exact  procedures  in  any  of  these 
areas,  only  the  general  requirements  are  delineated  nnd 
certain  items  that  tend  to  be  overlooked  emphasized.  As  the 
title  of  the  paper  states,  the  philosophy  of  the  WADC  fatigue 
test  requirements  is  presented.  It  represents  the  philosophy 
on  this  subject  that  exists  today.  Obviously,  this  philosophy 
may  change  as  the  state-of-the-art  of  fatigue  certification 
advances. 


INTRODUCTION 

The  Air  Force  Structural  Fatigue  Certification  Program  as  delineated 
in  WADC  Technical  Memorandum  WCLS-TW-58-4,  dated  27  June  1959 »  calls  out 
specific  fatigue  tests  as  part  of  this  certification  program.  It  is  the 
intent  of  this  paper  to  elaborate  on  these  fatigue  test  requirements  and 
present  the  WADC  test  philosophy  underlying  the  requirements. 


1063 


Th^  following  major  areas  of  full  scale  fatigue  testing  will  be  discussed; 

(l)  Test  article  requirements;  (2)  Test  load  spectrum*;  (3)  Test  load  simulation; 
(4)  Supplemental  specimen  test  requirements;  (5)  Failure  inspection  techniques  and 
requirements;  (6)  Test  data  interpretation;  and  (7)  Future  aspects  of  temperature 
simulation  as  an  accumulative  effect. 

It  is  immediately  apparent  that  the  major  discussion  areas  mentioned  are  each 
in  themselves  worthy  of  a  detailed  discussion  as  lengthy  as  this  paper.  Of 
necessity,  therefore,  this  paper  will  only  touch  on  the  highlights  of  each  area 
with  an  overall  objective  to  correlate  them  all  into  what  the  WaDC  considers  a 
complete  full  scale  fatigue  test  pregram. 

TEST  ARTICLE  REQUIREMENTS 

Due  to  tha  state-of-the-art  of  fatigue  analysis  procedures,  especially  as  to 
accuracy  of  end  results,  considerable  reliance  must  be  placed  on  test  data.  From 
this  standpoint  WADC  feels  that  a  full  scale,  complete  article,  fatigue  test  is  a 
must  in  most  all  instances.  The  test  article  must  be  completely  representative  of 
the  tactical  vehicle.  This  aspect  is  sven  more  important  in  the  case  of  fatigue 
testing  as  compared  to  normal  ultimate  load  structural  testing,  since  relatively 
minor  structural  differences  which  would  not  discernibly  effect  the  ultimate 
strength  might  have  a  profound  effect  on  the  fatigue  life  of  the  area  in  question. 
This  test  article  should,  in  those  instances  where  the  aircraft  involved  is  still 
in  production, be  a  virgin  test  specimen  with  no  flight  history  or  at  the  most  a 
one-time  flight  from  the  fabrication  site  to  the  test  facility,  should  they  be  in 
different  locations.  Where  out  of  production  aircraft  are  involved,  careful 
selection  of  a  low-time  aircraft  should  be  made,  with  particular  attention  being 
given  to  Form  1  write-ups  that  might  indicate  un-representative  usage  at  sane  time 
(minor  or  major  damage  which  was  repaired,  etc.).  In  addition,  a  canplete  pro-test 
inspection  of  the  test  article  should  be  made  to  clearly  establish  the  initial 
condition  prior  to  test  load  applications. 

It  is  also  the  WADG  feeling  that  the  test  article  should  be  complete,  that  is, 
all  secondary  structure  such  as  fairing,  wing  leading  edges,  trailing  edge  sections 
in  place,  and  all  control  surfaces  such  as  flaps,  ailerons,  spoilers,  etc.,  in 
place.  Even  though  some  of  these  items  may  not  be  loaded  during  the  fatigue  test, 
the  induced  loads  they  pick  up  and  transfer  due  to  relative  deformation,  and  the 
stability  they  impart  to  the  major  structure  can  only  be  duplicated  by  their 
actual  presence  during  the  test.  It  is  also  felt  that  the  completeness  of  the 
test  article  should  be  synmetrical,  that  is,  for  instance  -  both  wings  should  be 
complete,  both  sides  of  the  horizontal  tail  should  be  complete,  etc.  This 
procedure  automatically  provides  for  dual  test  specimens  in  these  instances  and 
in  addition  to  this  desirable  feature,  should  test  failure  and  repair  render  one 
side  non-representative  during  the  course  of  the  program,  continued  valid  results 
may  be  obtained  from  the  alternate  side  without  resorting  to  the  addition  of  major 
virgin  components  during  the  progrem  and  with  the  attendant  clouded  results. 
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The  selection  and  development  of  the  test  load  spectrum  is  perhaps  the  most 
difficult  and  also  the  most  important  step  in  the  test  program.  In  this  discussion 
it  will  be  assumed  that  a  detail  load  spectrum  representing  the  best  estimated 
service  usage  of  the  aircraft  and  including  all  dynamic  effects  has  been  developed 
and  an  initial  fatigue  analysis  of  the  vehicle  conducted  to  locate  the  potentially 
critical  fatigue  areas.  From  this  point  the  selection  of  the  test  load  spectrum 
is  made.  Considering  the  state-of-the-art  today  there  is  no  one  method  or  procedure 
for  test  spectrum  development  which  can  be  recommended  for  all  cases.  The  overall 
objective  is  to  come  up  with  a  test  spectrum  that  wiil  allow  the  maximum  simplifica¬ 
tion  of  load  application  and  load  programming  and  yet  produce  acceptable  accuracy 
and  reliability  in  results  for  the  specimen  in  question.  To  accomplish  this 
simplification,  some  form  of  the  Cumulative  Damage  Concept  must  be  utilized  and  an 
equivalent  daraa&B  test  spectra  developed.  Within  the  realm  of  this  equivalent 
damage  spectrum  we  have  two  extremes;  the  simplest  approach  being  a  straight  single 
load  level  test  for  one  type  of  loading,  the  other  extreme  being  an  elaborate 
duplication  of  most  of  the  loading  conditions  occurring  during  a  composite  ground- 
air-ground  mission  profile,  applied  in  an  ordered  or  randomized  sequence.  In 
considering  to  what  extreiaes  to  go  to  in  the  selection  of  the  proper  equivalent 
damage  spectra,  careful  consideration  should  be  given  to  all  of  the  factors  involved. 
It  is  felt  that  under  certain  circumstances  there  is  still  a  place  for  the  single 
load  level  test  concept  providing  it  is  properly  used  and  the  results  evaluated 
accordingly.  Where  this  simplification  will  not  suffice,  the  development  of  the 
spectra  will  have  to  be  carried  further.  The  point  to  be  made  is  that  many 
compromises  will  have  to  be  made  in  reducing  the  detail  "design"  or  "initial" 
service  load  spectrums  down  to  a  load  spectrum  that  can  be  applied  in  the  test 
laboratory  within  the  practical  aspects  of  test  techniques.  These  compromises  will 
each  have  to  be  carefully  considered  and  the  best  overall  compromise  reached.  It 
is  imperative  that  these  compromises  in  load  spectra  be  adequately  arid  carefully 
documented  so  that  any  need  for  possible  re-evaluation  of  their  effect  may  be 
readily  accomplished. 


TEST  LOAD  SIMULATION 

In  the  area  of  test  load  simulation  the  WADC  feels  the  most  important  aspect 
is  the  completeness  of  the  simulation  throughout  the  test  article.  As  stated 
previously,  at  the  start  of  the  test  program,  certain  areas  of  the  aircraft  have 
been  selected  by  analytical  means  as  being  the  most  potentially  dangerous  in  a 
fatigue  sense  and  obviously  these  areas  and  their  respective  load  patterns  will  key 
the  test  load  applications.  However,  one  of  the  major  reasons  for  a  full  scale  test 
program  is  to  uncover  any  other  areas  that  may  be  fatigue  critical  and  the  only  way 
this  may  be  successfully  accomplished  is  to  maintain  the  applied  loads  at  their 
correct,  or  at  least  very  close  to  correct  magnitude  and  direction  throughout  the 
test  article.  As  in  the  case  of  test  load  spectrum  development,  there  is  no 
one  procedure  or  approach  to  the  load  simulation  problem  which  should  be  applied 
across  the  board  in  all  instances.  Certain  configurations  such  as  high  aspect  ratio 
wings  where  chordwise  center  of  pressure  variations  for  different  conditions  have 
relatively  small  effects,  lend  themselves  to  a  fairly  simplified  loading  arrangement, 
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involving  relatively  few  load  application  joints  and  still  provide  for 
quite  complete  and  accurate  load  duplication  throughout  the  component*  On  the  other 
hand,  a  delta  wing  configuration  wherein  large  excursions  in  chordwise  center  of 
pressure  are  encountered  from  condition  to  condition,  with  the  possibility  of  net 
load  reversals  across  a  chordwise  section,  will  require  a  considerably  more  complex 
loading  arrangement  employing  numerous  load  points*  The  point  the  WADC  wants  to 
make  is  that  the  first  consideration  in  load  simulation  should  be  completeness  of 
load  duplication  throughout  the  vehicle  so  that  failures  which  might  turn  up  in  any 
location  can  readily  be  evaluated  and  considered  as  valid  data.  Within  this 
limitation  every  advantage  should  be  taken  of  load  simplification  to  satisfy  the 
practical  aspects  of  available  laboratory  techniques.  As  for  load  application 
methods,  the  Center  feels  normal  structural  test  load  methods  should  be  employed 
in  most  instances,  utilizing  bonded  load  attachment  points  rather  than  built-in 
mechanical  connections  to  preclude  local  fatigue  failures  induced  by  the  non¬ 
representative  local  structure,  and/or  the  high  local  stress  distributions* 

SUPPLEMENTAL  TEST  SPECIMEN  REQUIREMENTS 

The  tenn  "test  specimen"  for  this  discussion  will  include  the  range  from  the 
relatively  small  specimens  such  as  joint  specimens,  special  fitting  specimens,  etc., 
up  to  and  including  complete  components.  As  indicated  in  the  title  of  this  section, 
these  specimen  tests  are  considered  supplemental  tests.  Because  of  the  extreme 
difficulty  of  reproducing  the  actual  boundary  load  conditions,  in  both  magnitude  and 
direction,  on  a  specimen  test  it  is  felt  that  specimen  tests  by  themselves  cannot 
be  relied  upon  to  fully  define  the  fatigue  life  of  a  complete  aircraft.  However, 
these  specimen  tests  do  play  an  important  part  in  the  overall  test  program  and  full 
advantage  of  their  value  should  be  taken.  Some  of  the  major  uses  of  specimen  tests 
advocated  as  part  of  the  program  are  as  follows* 

a.  When  the  first  preliminary  fatigue  analysis  is  made  to  define  and  locate 
the  general  areas  and  components  that  appear  fatigue  critical,  S-N  data  for  the 
area  or  items  in  question  must  be  utilized.  If  no  existing  data  completely  fits 
the  item  in  question,  and  it  most  often  does  not,  some  small  specimen  tests  should 
be  run  to  obtain  this  S-N  data, 

b.  Once  a  major  failure  has  been  obtained  in  the  full  scale  test  program  it 
is  often  desirable  to  conduct  several  specimen  tests  of  the  area  in  question  to 
provide  back-up  data  -  particularly  on  scatter  -  sinco  only  one  full  scale  test  is 
nonnally  conducted.  This  is  especially  true  if  the  full  scale  test  is  conducted 
with  a  fairly  simplified  loading  spectrum. 

c.  Also,  once  a  failure  has  been  obtained  in  full  scale  test  programs  at 
some  number  of  cycles  less  than  required,  the  rework  or  redesign  of  the  area 
should  be  developed  and  pi'eliminary  verification  of  its  adequacy  obtained  from 
specimen  tests  before  the  full  scale  article  is  reworked  and  testing  continued, 

d.  In  spite  of  every  attempt  to  obtain  a  full  scale  test  article  that  is 
completely  representative  of  all  or  at  least  the  majority  of  the  tactical  vehicle 
involved,  there  are  instances  where  the  compromises  required  from  overell  program 
requirements  preclude  this.  This  may  occur  from  the  desire  to  take  an  early  block 
aircraft  in  order  to  accomplish  the  program  expeditiously,  or  there  may  be  a 
considerable  number  of  two  or  more  configurations  -  both  of  which  need  certification 
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vilii  only  one  test  article  authorized.  In  this  case,  the  only  recourse  is  to 
coyer  the  alternate  configuration  with  a  specimen  test.  Under  these  circumstances 
the  specimen  required  may  well  be  a  large  section  of  the  aircraft  -  even  a 
oomplete  component*  In  utilizing  this  procedure  the  "bugaboo"  of  boundary 
condition  simulation  must  be  carefully  considered.  The  specimen  should  be  large 
enough  that  jig  effects  can  bo  eliminated  or  minimized.  In  addition,  special 
instrumentation  consideration  should  be  made  on  the  full  scale  test  article  to 
allow  the  acquisition  of  sufficient  data  to  allow  proper  simulation  of  the 
boundary  loads* 

FAILURE  INSPECTION  TECHNIQUES 

The  inspection  techniques  utilized  and  the  results  obtained,  in  the  full  scale 
fatigue  test  program  are  of  paramount  importance  in  a  successful  test  program* 

Every  effort  should  be  made  to  utilize  any  and  all  inspection  means  available 
during  the  full  scale  test  program  to  -  (a)  locate  and  define  any  failures  as  near 
inception  as  possible,  and  (b)  to  minimize  the  danger  of  major  failure  and 
consequent  loss  of  the  test  article.  Although  direct  visual  inspection  is  desirable 
in  most  instances,  care  must  be  taken  in  removing  major  structural  access  panels  so 
many  times  that  their  normal  load  distribution  characteristics  are  significantly 
altered.  If  at  all  possible,  inspection  by  this  means  should  be  regulated  so  that 
removal  of  these  access  panels  corresponds  roughly  to  the  normal  service  removal 
rate.  In  other  words,  if  a  given  panel  is  normally  removed  during  a  50  hour 
inspection,  this  panel  should  be  removed  for  laboratory  inspection  after  each 
simulated  5°  hours  of  service  life.  It  is  apparent  that  sane  areas  are  going  to 
be  completely  blind  for  visual  inspection.  In  this  case  if  the  area  lends  itself, 
a  remote  crack  detection  device  such  as  the  brittle  wire  technique,  should  be 
employed. 

The  second  phase  of  the  test  article  inspections,  and  a  very  important  one 
that  tends  to  be  overlooked,  is  the  development  and  prove-out  of  specific  service 
inspection  techniques*  In  instances  where  a  fatigue  crack  is  located  in  the  test 
article,  possibly  by  a  partial  tear-down  inspection,  it  is  felt  that  the  component 
should  be  reassembled  to  its  original  configuration  and  with  this  fore-knowlodge 
of  the  exact  crack  location  and  orientation,  an  attempt  made  to  relocate  it  with 
more  simplified  service  inspection  techniques.  An  excellent  example  of  this 
procedure  would  be  the  establishment  of  portable  X-ray  techniques  for  a  particular 
location.  In  this  manner  the  service  inspection  instructions  could  give  the 
potential  crack  location,  exact  film  and  X-ray  head  orientation  and  correct 
exposure  data.  Another  example  is  the  case  of  borescope  inspection  of  a  large 
cavity  for  a  small  crack.  Without  specific  instructions  as  to  where  to  look  and 
how  to  look  for  the  crack,  this  can  be  a  tedious  process  with  consequent  loss  in 
reliability  of  results.  It  is  believed  these  examples  illustrate  the  type  of 
effort  that  should  go  into  the  development  of  service  inspection  techniques  and 
since  this  is  one  of  the  most  valuable  by-products  of  the  full  scale  fatigue  test 
program  it  is  felt  that  the  necessary  time  and  effort  to  perform  this  function 
should  be  included  in  the  test  program* 

TEST  DATA  INTERPRETATION 

This  area  of  the  test  program  is  one  of  the  most  difficult  and  most  impoitant 
facets.  Since  the  full  scale  test  program  produces  the  actual  number  of  finite  load 
applications  that  the  structure  is  good  for,  this  is  the  one  number  in  the  entire 
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program  that  is  factual.  In  some  manner  this  number  of  test  load  applications 
must  be  related  to  hours  of  service  use  to  obtain  the  final  end  result  of  the 
program.  In  all  cases  this  conversion  to  service  hours  will  include  several 
"factors"  to  cover  certain  phenomena  which  are  known  to  exist  but  for  which  we 
have  a  dearth  of  finite  data.  The  two  items  which  have  the  greatest  input  into 
these  "factors"  are  the  make  up  of  the  loading  spectrum  and  the  scatter  inherent 
in  fatigue  test  results.  These  "factors"  may  be  employed  at  various  stages  of 
the  fatigue  evaluation  program.  The  initial  load  spectrums  may  have  certain 
factors  applied  to  account  for  aircraft  utilization  that  past  experience  indicates 
should  be  considered  but  the  actual  planned  utilization  does  not  include;  some  load 
applications  of  limit  load  may  be  interposed  at  intervals  during  the  test  program 
to  cover  the  occasional  overshoot  that  is  known  to  occur  but  is  not  in  the  planned 
usage;  various  statistical  deviations  to  account  for  scatter  may  be  applied  to  the 
early  input  data  in  one  case,  and  in  another  case  they  may  be  accounted  for  as  a 
factor  on  the  number  of  load  cycles  applied  in  the  test  program.  The  fact  that 
these  various  factors  are  utilized  in  putting  all  the  members  together  to  come  out 
with  a  service  life  prediction  are  not  in  themselves  so  much  a  problem  as  is  the 
fact  that  it  must  be  clearly  indicated  when,  where,  and  how  they  were  applied.  If 
this  is  not  done  it  is  possible,  and  quite  probable,  that  the  full  scale  test  results 
might  be  mis -interpreted  especially  by  personnel  not  immediately  connected  with  the 
program.  In  order  to  provide  for  uniform  interpretation  of  the  full  scale  test  data, 
it  is  felt  that  in  those  cases  where  all  of  the  above-mentioned  "factors"  have  been 
considered  and  applied  to  the  input  data  of  the  test  load  spectrum,  the  test  results 
should  be  presented  in  terms  of  service  hours.  However,  in  those  cases  where  the  full 
scale  test  results  must  be  further  factored  to  obtain  the  final  service  hours,  these 
test  results  should  be  presented  in  terms  of  test  load  application  or  some  similar 
term  with  no  mention  made  of  "hours". 
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FUTURE  ASPECTS  OF  TEMPERATURE  SIMULATION  AS  AN  ACCUMUIA  TIVE  EFFECT 

There  is  considerable  lament  that  the  state-of-the-art  of  fatigue  evaluation 
(meaning  fatigue  effects  due  to  load)  is  woefully  lacking  today.  When  one  super¬ 
imposes  the  problems  of  elevated  temperature  operations  with  its  time  dependent 
accumulative  effects  upon  the  repeated  load  picture,  the  situation  is  infinitely  more 
complicated.  Today  we  have  no  clearly  defined  analytical  or  test  procedures  to  assess 
these  added  effects.  It  has  been  generally  agreed  that  for  aircraft  up  to  and 
including  the  Mach  2  category,  the  overall  aircraft  temperature  ranges  are  not  high 
enough  to  warrant  the  added  complexity  and  difficulty  in  eonsiderir^  these  temperature 
effects  in  the  fatigue  life  evaluation.  However,,  as  we  enter  the  Mach  2*5  and  higher 
flight  regimes  it  appears  that  we  must  attempt  to  evaluate  these  elevated  temperature 
effects.  Since  we  are  even  more  limited  in  our  thermal  analytical  capability,  it 
appears  more  reliance  will  have  to  be  placed  upon  test  data  in  evaluating  the  elevated 
temperature  effects  on  the  fatigue  life.  Unfortunately  we  are  likewise  more  limited 
in  our  test  capability  (both  technique  and  approach)  in  elevated  temperature  simulation. 
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Basically,  there  are  two  elevated  temperature  effects  on  the  fatigue 
characteristics  that  must  be  simulated.  These  are  the  effects  on  the  basic  material 
fatigue  properties  when  a  portion  of  the  repeated  loads  occur  with  the  structure  at 
temperature,  and  the  accumulative  effect  such  as  creep  resulting  from  various  exposure 
times  under  elevated  temperature  conditions. 
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Considering  todays  state-of-the-art,  and  unless  uajor  break-through  results 
from  some  of  the  current  R&D  effort  in  this  field,  it  is  believed  that  the 
elevated  temperature  test  simulation  in  the  fatigue  programs  for  the  next  few 
years,  including  the  Mach  3  bomber  and  interceptor  vehicles  currently  planned, 
will  have  to  be  conducted  upon  a  broad  compromise  basis.  It  is  felt  that  the 
simulation  of  repeated  load  at  temperature  fox  its  effect  on  the  fatigue  properties 
can  readily  be  handled  with  the  largest  compromise  arising  from  the  problems  of  how 
these  heat  cycles  are  distributed  within  the  test  specti'a.  For  simulating  and 
assessing  the  creep  or  related  effects  due  to  the  time  at  temperature,  considerable 
compromises  will  have  to  be  made  and  probably  the  entire  effect  accounted  for  by 
the  application  of  "ignorance  factors". 


IMPROMPTU  DISCUSSIONS  -  SESSION  IV 


Editorial  Note:  Attention  is  directed  to  the  editorial  policies  presented 
in  the  Preface  which  were  followed  in  editing  the  impromptu  questions  and 
answers  of  the  session. 


QUESTIONS  AND  ANSWERS  FOLLOWING  MR.  WARD'S  PRESENTATION 
CHAIRMAN,  MR.  SMITH: 

Thank  you,  John.  I  think  it  was  a  very  interesting  paper.  We  have  time 
for  about  one  or  two  quick  questions  from  the  floor,  so  does  anybody  have  any¬ 
thing  that  they'd  like  to  bring  up? 

MR.  LOWNDES: 

Mr.  Ward,  could  you  give  me  the  relative  magnitude  of  the  maximum 
single  load  level  loads  versus  the  maximum  load  to  the  two  random  loads? 

Were  they  anywhere  near  equivalent? 

MR.  WARD: 

The  maximum  load  level  of  the  constant  level  test  was  1.  75.  The  maximum 
in  the  randomized  step  test  was  in  the  vicinity  of  2.4  G,  alternating  movement. 

MR.  LOWNDES: 

I  wonder  if  the  higher  load  level  had  been  used  in  the  single  load  level 
test  would  we  not  possibly  have  developed  the  same  cracks  in  area  C? 

MR.  WARD: 

This  is  a  possibility. 


Editorial  Note:  End  of  questions. 

REMARKS  FOLLOWING  DR.  BARUCH’S  PAPER' 


CHAIRMAN: 

A  very  stimulating  talk  on  fatigue  and  now  we  are  better  acquainted  with 
what  the  problem  really  is!  However,  I  can't  quite  agree  with  some  of  the  con¬ 
clusions  and  that  is  about  the  good  judgment  that  you  use  in  the  modifying 
structures.  I  know  a  lot  of  cases  where  we  beef  them  up  and  we  make  them 
worse! 
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MR.  WARD: 
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The  maximum  load  level  of  the  constant  level  test  was  1. 75.  The  maximum 
in  the  randomized  step  test  was  in  the  vicinity  of  2.4  G,  alternating  movement. 

MR.  LOWNDES: 

I  wonder  if  the  higher  load  level  had  been  used  in  the  single  load  level 
test  would  we  not  possibly  have  developed  the  same  cracks  in  area  C? 

MR.  WARD: 

This  is  a  possibility. 


Editorial  Note:  End  of  questions. 

REMARKS  FOLLOWING  DR.  BARUCH’S  PAPER' 


CHAIRMAN: 

A  very  stimulating  talk  on  fatigue  and  now  we  are  better  acquainted  with 
what  the  problem  really  is!  However,  I  can’t  quite  agree  with  some  of  the  con¬ 
clusions  and  that  is  about  the  good  judgment  that  you  use  in  the  modifying 
structures.  I  know  a  lot  of  cases  where  we  beef  them  up  and  we  make  them 
worse ! 
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stress.  We  have  here  a  riveted  joint  made  out  of  vinyl  plastic  -  we  stretch  it  a  little  -  and 
we  see  that  the  first  rivet  in  this  joint  takes  most  of  the  load.  This  is  a  simple  demon¬ 
stration  of  photo-elasticity.  Now,  if  we  pull  it  slowly  we’ll  see  how  it  loads  up  right  at  the 
end.  The  next  specimen  will  show  us  what  happens  when  a  shop  man  tries  to  cover  up  some 
of  the  uad  holes .  This  is  nothing  but  a  piece  of  stretched  vinyl  between  two  polaroids .  In  the 
case  where  we  have  an  elongated  hole  and  the  load  is  normal  to  the  direction  of  the  major 
axis  of  the  ellipse  we  have  a  higher  stress  than  when  we  have  the  load  parallel  to  the  major 
axis  of  the  hole.  Now,  see  what  happens  when  there  is  a  round  hole.  We'll  now  get  on  with 
the  questions. 


Statistically  speaking,  the  probability  of  finishing  all  the  questions  is  quite 
remote,  so  I  will  shuffle  these  cards  up  and  we  will  just  pick  them  off  the  top  and  let  the 
chips  fall  where  they  may.  Homebody  might  be  lucky  and  not  have  to  answer  the  most 
embarrassing  ones’.  The  first  one  is  addressed  to  Mr.  Watson.  Mr.  Shuler  of  Lockheed 
Aircraft  Corporation  asks:  "Would  you  comment  a  bit  on  the  connection  of  the  B-47  failures 
under  test  and  service  conditions?" 

MR.  WATSON: 


Well  as  mentioned  in  the  talk,  or  perhaps  I  might  have  missed  the  point  or 
not  emphasized  it  strongly  enough,  the  cyclic  tests  on  the  B-47  were  conducted  as  a  result 
of  fatigue  failures  in  the  fleet.  The  airplanes  were  repaired  with  fixes  at  the  critical  joints 
and  then  were  cyclic  tested.  They  essentially  were  cyclic  testing  the  repairs  as  well  as 
trying  to  ascertain  if  any  other  critical  areas  would  show  up.  I  believe  that's  probably 
about  the  best  answer  I  can  give. 

CHAIRMAN: 


The  next  one  is  addressed  to  Mr.  Huston  from  Mr.  O'Brien  of  the  Wright  Air 
Development  Center:  "On  your  C-46  program  was  an  attempt  made  to  analyze  static  test 
data  and  correlate  it  with  the  fatigue  test  results.  Do  you  think  this  is  feasible?" 

MR.  HUSTON: 


Well,  we  have  some  static  test  data  on  the  airplane,  essentially  strain 
gauge  measurements  were  made .  I  think  the  fatigue  correlations  which  you  have  seen  here 
today  were  essentially  based  on  the  measurements  of  load  factor  and  I  think  the  detail 
stress  distribution  is  quite  another  thing  entirely.  I  don't  know  how  feasible  it  Is,  in  other 
words . 

CHAIRMAN: 


I  would  say  that  neither  do  the  rest  of  ust  I  for  one  wouldn't  say  that  I  could 
correlate  this  at  all.  The  next  question  is  addressed  to  Mr.  Shuler  from  Mr.  Moseley, 

San  Antonio  Air  Materiel  Area;  "Has  the  principle  of  fail-safe  design  been  successfully 
applied  to  a  fighter  or  interceptor  type  aircraft?" 

MR.  SHULER: 

To  the  best  of  my  knowledge,  there  has  been  very  little  fail  safe  design 


1072 


incorporated  in  the  higher  performance  military  aircraft.  We  are  incorporating  it  in  our 
little  Jet  Stars . 

MR.  MELCON: 

I  could  make  a  comment  on  that.  We  made  a  fatigue  test  on  the  wing  of  the 
F-104.  This  was  part  of  the  initial  structural  program.  It  didn't  result  from  any  trouble. 
We  continued  to  load  the  test  article  after  fatigue  failure.  The  wing  fuselage  intersection 
lias  five  spar  fittings  in  it  and  with  at  least  40%  of  all  these  attachments  from  the  wing  to  the 
fuselage  out,  it  is  still  capable  of  carrying  limit  load,  so  we  consider  the  F-104  wing  in  its 
most  vulnerable  place  to  be  highly  fail  safe. 

CHAIRMAN: 

The  next  question  is  addressed  to  Dr.  Baruch:  "You  mentioned  that  there  is 
a  lack  of  scaling  law  in  fatigue  testing.  I  would  like  to  ask  you  if  you  have  a  scaling  lav  in 
the  random  noise  field;  more  specifically,  could  you  reproduce  the  noise  field  of  a  jet 
engine  by  some  other  means?"  (Editorial  Note:  author  is  unknown) 

DR.  BARUCH: 

Before  I  answer  this  I  ought  to  apologize.  Apparently  I  stepped  on  some  toes 
when  I  spoke.  Believe  me  it  was  not  my  intent.  I  do  realize  that  engineers  are  working 
hard  and  are  performing  quite  remarkable  solutions  to  the  fatigue  problem .  I  was  simply 
trying  to  stress  the  need  for  basic  research  for  those  problems.  You  are  going  to  find 
them  coming  up  again  in  the  next  five  or  ten  years  from  now. 

"Can  you  reproduce  the  noise  field  of  a  jet  engine  by  some  other  means?"  In 
the  basic  problem  which  I  tried  to  outline  here  which  is  going  from  a  sound  field  to  a  stress 
pattern  in  a  structure,  realize  that  to  make  this  transition  as  long  as  we’re  in  pretty  much 
the  linear  region  in  material,  the  stress  pattern  resulting  from  the  sound  field  is  going  to 
be  pretty  much  independent  of  the  amplitude  in  he  sound  field.  Changing  the  decibel  figure 
of  the  sound  field  is  not  going  to  change  the  spatial  distribution  of  stress  appreciably,  so 
that  we  can  produce  jet  engine  noise  using  loud  speakers  or  anything  like  that  in  order  to  go 
from  the  sound  field  to  the  stress  pattern  in  the  structure.  For  fatigue  work  where  we  are 
trying  to  actually  produce  the  failure  of  the  structure  by  a  sonic  field,  we  do  not  now  have 
sound  sources  which  are  intense  enough  to  put  out  the  kind  of  acoustic  power  that  a  jet  does. 
There  is  some  effort  being  made  now  to  build  such  sources  but  they  are  not  yet  operational. 
So  for  the  actual  fatigue  performance,  here  again  our  scaling  limitation  is  the  same  as  the 
fatigue  man's  scaling  limitation.  We  just  can't  make  the  sound  10  DB  lower  and  expect  the 
thing  to  last  say  point  one  five  times  as  long,  in  a  test.  We  don't  have  that  kind  of  a  scaling 
yet. 

CHAIRMAN: 

The  next  question  is  from  Mr.  Aubrey  of  Canadair,  Ltd. ,  and  is  addressed  to 
Mr.  Watson.  "By  applying  periodic  90%  limit  loads  during  fatigue  testing  were  you  not 
concerned  about  preloading  effect,  if  so  what  allowance  was  made  for  them?  In  ubing  S-N 
curves  to  derive  a  life,  what  equivalent  Kt  did  these  represent?" 
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MR.  WATSON: 


tw’V 

ft*.  > 


\>  ' 


To  the  first  part  of  the  question:  in  applying  periodic  90%  limit  load  applic¬ 
ations  were  we  concerned  about  preloading,  I  would  say  that  yes,  we  were.  However,  we 
feel  that  the  frequency  at  which  we  applied  this  90%  limit  load  was  fairly  representative  of 
actual  airplane  usage  and  felt  that  this  being  realistic,  we  would  live  with  the  situation  that 
way. 


"In  using  S-N  curves  to  derive  life,  what  equivalent  Kt  did  these  S-N  curves 
represent?"  Well,  essentially  they  represented  Kt  factors  varying  from  around  three  to 
six. 

CHAIRMAN: 


Thank  you.  Now  the  statistical  shuffling  of  the  cards  doesn't  seem  to  be 
working  out  too  well.  I  think  maybe  I'll  put  these  aside  and  see  if  I  can't  get  somebody  else 
that  hasn't  had  a  question  so  far.  Is  that  dishonest?  Here's  one  for  Mr.  Ward  from 
Mr.  Melcon  of  Lockheed  Aircraft  Corporation:  "In  applying  cumulative  damage  calculation, 
were  stresses  based  on  calculated  values  or  strain  gauge  values?  After  cracking  started, 
was  the  stress  adjusted  for  load  redistribution?" 

MR.  WARD: 


The  cumulative  damage  calculations  were  done  on  the  basis  of  applied 
alternating  load  factor.  We  established  the  S-N  curve  or  load  life  time  curve  with  constant 
level  tests  for  given  values  of  alternating  load  and  then  ran  the  randomized  tests  at  given 
values  of  alternating  load  factors.  Our  over-dl  ratios  were  based  on  the  alternating  load 
factor  values.  We  did  not  reduce  the  load  after  the  crack  initiated.  We  applied  the 
alternating  load  factor  through  the  end  attachment  after  one  G  or  whatever  it  might  be . 
These  were  monitored  by  bridges  on  the  wing  panel. 

CHAIRMAN: 


The  next  question  is  addressed  to  Mr.  Melcon  from  Mr.  Bouton  of  Norair: 
"What  kind  of  specimens  will  you  load  with  your  various  types  of  loading  sequences?  Also, 
how  many  samples  for  each  type?" 

MR.  MELCON: 

The  specimen  that  is  to  be  used  in  this  initial  investigation  will  be  a  coupon 
type  three  inches  wide,  with  an  eliptical  type  hole  in  it  representing  a  Kt  of  about  four  and 
one  of  about  seven.  These  will  be  made  out  of  7075  material  and  at  least  five  specimens 
will  be  tested  under  each  loading  condition. 

CHAIRMAN: 


This  is  one  I'm  afraid  of  and  I  thought  something  like  this  was  bound  to  come 
up.  It  is  for  Dr.  Baruch  from  one  who  signs  himself  "a  former  Convair  client":  "Certainly 
no  group  of  highly  trained  specialists  has  ever  been  given  a  more  effective  treatment  than 
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you  have  given  this  group.  Where  did  you  go  to  medical  school?"  "Are  you  a  direct 
descendent  of  Bernard  Baruch  so  that  you  can  afford  to  say  what  you  think?" 

DR.  BARUCH: 

So  far  I've  gotten  two  questions  and  a  box  with  a  gold  brick  in  it'. 

I  think  the  situation  we  are  facing  right  now  is  such  that  I  can't  afford  not  to 
say  what  I  think  and  I  think  the  same  goes  for  any  of  the  scientists  in  the  group  here.  Some 
people  have  taken  the  affronted  feeling  that  I  have  said  that  engineers  don't  know  what  they're 
doing.  This  is  a  wrong  statement.  Engineers  right  now  are  fixing  aircraft  by  a  system  of 
patching.  It  is  the  only  thing  that  we  have  the  scientific  background  to  do  at  the  present 
moment.  Engineers  are  going  to  continue  patching  aircraft  but  when  we  start  talking  about 
a  research  program  into  fatigue,  let  us  not  confuse  a  research  program  with  a  development 
program  designed  to  give  us  a  faster  method  of  deciding  where  to  patch  an  aircraft.  This 
is  not  the  fundamental  goal  of  research.  To  those  who  answer  that  the  more  fundamental 
type  of  research  will  not  pay  off  for  five  or  ten  years,  I  can  only  reply  in  the  words  of  the 
Colonel  in  the  English  army  who  was  in  India  at  one  time  and  decided  he  wanted  a  particular 
type  of  tree  for  his  compound.  His  houseboy  said  "Well,  Colonel,  that  tree  takes  two 
hundred  years  to  grow  to  maturity, "  the  Colonel  answered  "All  the  more  reason  to  plant  it 
now."  I  think  the  same  is  true  of  our  research  program. 

CHAIRMAN: 

Here  is  a  question  addressed  to  Mr.  Ward  or  Mr.  Huston  from  Mr.  Sweet, 
Naval  Research  Laboratory:  "Did  either  of  you  gentlemen  measure  the  lengths  of  the  cracks 
which  you  found?  If  so,  do  you  have  plots  of  crack  length  versus  number  of  cycles?" 

MR.  WARD: 

The  crack  lengths  were  measured  for  each  crack  in  the  test.  Most  of  these 
cracks  as  you  know  didn't  grow  to  any  great  extent  but  the  critical  crack  propagation  curves 
are  available.  These  data  are  found  in  NASA  or  NACA  Reports  TN-3190,  TN-3847,  and 
TN-4132. 

CHAIRMAN: 

Here  is  one  directed  to  Mr.  Wise  from  Mr.  O'Brien,  Wright  Air  Development 
Center:  "Who  manufactures  porcelox  ceramic?" 

MR.  WISE: 

I  don't  know  just  now.  I  know  we've  been  testing  a  lot  of  Solar  ceramics  and 
I  don't  know  just  who  this  tradename  applies  to  in  the  manufacture . 

CHAIRMAN: 

This  question  also  from  Mr.  O'Brien  of  the  Wright  Air  Development  Center. 


"How  many  lamps  and  what  rating  are  in  your  tension  pad  heater?' 

MR,  WISE: 

There  are  four  500  watt  infra  red  lamps  in  this  tension  pad  heater.  I  can  give 
you  more  detailed  information  on  that  if  you  want  to  see  me  after  this  meeting . 

CHAIRMAN: 

The  next  question  is  from  Mr.  C.  D.  Little,  Convair,  Ft.  Worth.  It  is 
addressed  to  Mr.  Watson:  "Relative  to  either  the  B-52  F  or  G,  what  is  the  ratio  of  cycles 
in  the  test  spectra  to  significant  damage  cycles  in  the  detail  load  spectrum?" 

MR.  WATSON: 

I  think  at  this  time  it  might  be  well  to  recognize  my  co-author  on  this  paper, 

Mr.  Gore.  I  would  like  to  ask  him  if  he  wouldn't  care  to  comment  on  this. 

MR.  GORE: 

I  might  be  willing  to  comment  if  I  understood  the  question!  I'm  afraid  I  don't 
understand  the  question.  Would  you  mind  amplifying  it? 

MR.  LITTLE: 

In  your  loading  spectrum  there  is  a  large  number  of  cycles.  Many  of  these 
are  below  the  endurance  limit  of  the  S-N  curve  and  these  are  thrown  out.  Of  those  left  that 
do  significant  damage,  these  have  been  further  condensed  for  testing  purposes,  the  question 
is,  what  is  the  ratio  of  the  condensed  number  to  the  uncondensed  number? 

MR.  GORE: 

By  the  "condensed"  number  you  mean  those  which  were  represented  and  by 
"uncondensed"  those  that  were  thrown  out? 

MR.  LITTLE: 

Suppose  you  ended  up  with  a  million  cycles  of  damage  could  you  condense  this 
to  200, 000  or  100, 000  for  testing  purpose  to  do  the  equivalent  damage? 

MR.  GORE: 

Well,  this  comes  out  more  or  less  automatically  after  having  selected  the  stress 
levels  for  your  testing  in  determining  what  levels  to  throw  out  -  of  course  in  your  history 
you  can  say  that  there  are  a  large  number  -  approaching  infinity  -  of  significant  cycles.  We 
over-simplified  the  spectrum  then  and  we  don't  recognize  for  damage  calculation  any  stresses 
which  fall  below  a  S-N  curve  actually  on  the  order  of  ten  to  the  eighth  cycles.  The  levels  at 
which  we  test  are  largely  dependent  upon  time.  I  hate  to  say  this  but  this  is  the  case.  The 
stress  cycles  that  are  significant,  the  threshold  of  our  damage  calculation,  is  in  the  order 


of  one  or  two  thousand  psi.  The  stress  level'  .s  we  applied  the  load  to  the  test  specimen  - 
in  the  case  of  the  B-47  -  our  lowest  sires1-  „^el  was  on  the  order,  of,  three  or  four 
thousand  psi.  This  varies.  I  hope  that  i  jwers  your  question. 


CHAIRMAN: 


The  next  question  is  from  Mr.  O’Brien  of  the  Wright  Air  Development  Center 
and  is  directed  to  Dr.  Baruch:  "Do  you  think  the  use  of  acoustic  properties  could  be  used  to 
predict  failure  in  static  testing?" 

DR.  BARUCH: 


I  spoke  to  Mr.  O'Brien  briefly  on  this  so  I  think  maybe  I  ought  to  amplify  this 
question  a  bit.  I  think  Mr.  O'Brien  is  asking  "Can  acoustic  techniques  be  use  in  monitoring 
this  is  not  producing  failure  by  acoustic  means  but  using  acoustics  as  a  monitoring  or 
instrumentation  technique  for  monitoring  the  onset  of  incipient  failure,  as  I  understand  the 
question. 


Now  there  are  some  techniques  that  are  being  developed  in  the  laboratory  for 
crystal  dispersion  analysis.  They  are  very  diaphanous  at  the  moment.  There  are  echo 
ranging  techniques  used  for  crack  detection  which  as  you  well  know  have  the  limitation  that 
the  crack  may  be  -  must  be  -  of  appreciable  size  compared  to  the  wave  length.  There  are 
other  dispersion  techniques  which  can  be  used  in  many  crack  specimens,  specimens  with 
many  cracks  in  it,  to  get  the  frequency  dispersion  produced  by  the  sample  but  at  the  present 
time  the  type  of  failure  that  we  are  concerned  with  which  are  micro-cracks,  slip  planes, 
things  like  this,  are  just  plain  too  small  to  be  detectable  with  the  kind  of  acoustic  techniques 
that  I  know  about  at  the  moment.  Maybe  there  are  others  in  the  audience  who  are  more 
familiar  with  the  variable  frequency  ultrasonics  who  could  answer  more  positively  on  this 
method. 


CHAIRMAN: 


The  next  question  is  directed  to  Mr.  Watson  from  Mr.  Freyre  of  Lockheed 
Aircraft,  Georgia  Division:  "Has  there  been  an  experimental  evaluation  of  the  dynamic 
magnification,  factor  for  gust  loading  on  the  B-47  ?  If  so,  what  is  the  general  magnitude  at 
the  root,  50%  wing  semi-span,  and  at  the  wing  tip?" 


t 


MR.  WATSON; 

There  has  been  some  determination  of  the  dynamic  magnification  factors  on 
the  B-47  and  as  Mr.  Jackson  presented  in  his  paper,  current  programs  are  in  progress  to 
further  find  some  of  these  values.  Mr.  Freyre  here  asks  for  some  values  at  particular 
stations.  I  think  the  only  answers  I  can  give  here  are  that  they  axe  around  one  point  one 
at  the  root  and  around  one  point  three  at  the  midspan  and  I  believe  approaching  two  out  near 
the  tip,  some  preliminary  values.  But  Mr.  Jackson  in  his  paper  I  think  indicated  this 
pretty  strongly  -  that  there  is  considerable  data  yet  to  be  obtained. 
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CHAIRMAN: 


The  next  question  is  directed  to  Mr.  Melcon  and  is  from  Mr.  Sc’nuette  of  Dow 
Metals:  "How  do  you  feel  about  the  necessity  for  incorporating  representative  rest  periods 
in  a  load  spectrum?  If  they  are  necessary,  what  is  needed  so  that  we  can  learn  how  to  do  it 
in  an  accelerated  fashion?" 

MR.  MELCON: 

I  think  if  I  answered  the  first  part  I’d  contradict  myself  on  the  second  part.  I 
really  don't  know  the  answer  to  the  question  because  we  all  know  that  in  a  fast  fatigue  test 
we  are  not  incorporating  some  of  the  environmental  factors  which  would  occur  in  the  aircraft 
in  service.  How  we  would  go  about  introducting  these  effects  into  a  fatigue  test  or  how  we 
could  give  it  a  little  rest  and  then  give  it  a  squirt  of  NaCl  or  something  like  that  and  say 
"this  is  now  duplicating"  what  it  gets  in  service.  I'm  not  prepared  to  say.  Maybe  somebody 
else  has  an  idea. 

CHAIRMAN: 


Well,  I  would  say  it  is  a  very  smart  man  who  admits  that  he  doesn't  know.  I 
think  we  will  go  onto  the  next  question.  It  is  addressed  to  Mr.  Shuler  and  it  is  from 
Mr.  Moseley,  San  Antonio  Air  Material  Area:  "What  is  the  approximate  weight  penalty  in 
per  cent  of  total  weight  to  achieve  'fail  safe'  design  on  an  aircraft  the  size  of  the  C-130?" 

MR.  SHULER: 


We  did  just  a  little  study  of  this  to  sort  of  get  the  feel  of  what  we  were  paying 
in  the  way  of  a  weight  penalty.  Now  do  you  mean  the  take-off  gross  weight  here? 

MR.  MOSELEY: 


Yes,  take-off  gross. 
MR.  SHULER: 


I'd  say  with  the  C-130  that  it  was  considerably  less  than  one  per  cent,  some¬ 
thing  in  the  order  of  about  three-tenths  of  one  per  cent. 

CHAIRMAN: 


This  next  one  is  to  Mr.  Melcon  from  Mr.  Bouton  of  Norair:  "In  your  Figure 
3,  you  show  ground  loading  as  negative  acceleration.  Do  you  really  mean  acceleration  or 
should  this  have  been  negative  B.M."  Now  it  says  B.M.  but  being  engineers  that  stands 
for  bending  moment. 

MR.  MELCON: 


I  am  sure  it  is  an  error . 
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CHAIRMAN: 


All  right.  You  see  I've  been  cheating  you  here.  I've  held  out  a  lot  of  cards 
and  the  reason  being  that  they've  all  been  addressed  to  Mr.  Watson,  so  if  anybody  gets 
stuck,  why  the  rest  of  you  could  probably  contact  him  personally  after  the  meeting.  We 
will  have  a  few  of  them  here,  however.  This  question  is  from  Mr.  Hackman  of  the  Wright 
Air  Development  Center:  "In  your  opinion,  could  full  scale  fatigue  testing  be  reasonably 
adapted  to  include  static  test  conditions  and  therefore  replace  static  testing  with  the  saving 
of  one  full  scale  test  specimen?" 

MR.  WATSON: 


It  is  my  opinion  that  full  scale  fatigue  testing  cannot  be  adapted  reasonably 
to  include  the  static  test  conditions  we're  after.  I  think  two  different  things  are  included 
here  and  I  think  in  this  case,  it  has  been  our  experience,  at  least  in  the  B-52  and  in  the 
B-47  programs  that  different  areas  are  probably  involved  and  furthermore,  we  would 
stand  an  awful  good  chance  of  losing  a  specimen  one  way  or  the  other  to  try  to  get  both 
tests  run  with  the  same  specimen.  I  don't  know  whether  this  answers  the  question  or  not 
but  in  my  opinion,  I  don't  believe  it's  feasible. 

CHAIRMAN: 


It  looks  as  though  we  have  a  few  more  questions  that  we  will  not  be  able  to 
answer  at  this  forum.  They  are  all  addressed  to  Mr.  Watson,  however,  and  so  I  will  just 
hand  them  to  him.  Those  who  felt  that  their  questions  weren't  answered  may  contact  him 
after  the  meeting.  I  would  like  to  express  my  appreciation  to  all  of  the  speakers  at  this 
afternoon's  program  for  a  very  enlightening  and  entertaining  program.  Again  thanks  to  you 
and  to  WADC  and  ARDC  for  having  me  on  the  program. 
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CLOSING  REMARKS 


By 

Major  General  Stanley  T.  Wray,  Commander 
Wright  Air  Development  Center 

When  the  idea  of  this  symposium  was  first  presented,  there  was  some  question  as  to 
whether  we  could  ask  our  speakers  on  such  short  notice  to  assemble  the  type  of  information 
that  we  wanted  to  have  presented  to  you.  The  fact  that  this  auditorium  was  filled  up  to  the 
last  break  in  this  final  session  is  a  strong  indication  that  our  speakers  have  successfully 
performed  prodigious  efforts  in  providing  important  material;  the  information  will  assist 
all  of  us  in  improving  our  understanding  of  the  theoretical,  engineering,  and  managerial 
problems  involved  in  the  fatigue  field.  Also,  it  has  been  particularly  pleasing  to  have  as 
our  session  chairmen,  men  who  stand  out  in  the  individual  structural  integrity  research 
areas  which  were  the  basis  of  the  program. 

We  in  the  military,  who  live  day-to-day  with  the  fatigue  problem  and  have  to  "keep 
’em  flying,"  have  first  hand  evidence  of  how  critically  serious  this  over-all  fatigue  and 
materials  problem  is  in  terms  of  those  weapons  systems  which  constitute  our  first  line  of 
defense.  It  has,  therefore,  been  very  pleasing  to  us  to  have  such  a  wonderful  response. 

I  believe  our  attendance  has  been  in  the  order  of  some  six  hundred  people,  not  only  from 
the  government  agencies  but  from  the  aircraft  industries,  the  airlines,  the  metals 
industries,  and  the  academic  world. 

As  I  said  on  the  first  morning  of  the  symposium,  I  hoped  that  people  would  speak 
freely  and  that  you  would  not  harass  the  speakers  until  they  got  a  chance  to  express 
opinions  which  didn’t  always  agree  with  your  own.  I  understand  from  the  boys  in  the  back 
room  that  this  has  been  one  of  the  outstanding  marks  of  this  meeting. 


We  hope  that  you  people  who  have  attended  this  symposium  feel  that  your  attendance 
has  been  profitable,  We  hope  that  you  will  carry  the  message  back  to  your  co-workers, 
especially  in  the  design  areas. 

When  the  idea  of  the  questionnaire  was  first  proposed  to  me,  I  agreed  with  Colonel 
Taylor  that  this  might  be  a  start  towards  supplying  one  of  the  missing  links  in  all  of  these 
large  symposia;  that  is,  the  individual  attendee’s  immediate  feedback  of  ideas.  We  want 
to  stress  that  this  questionnaire  was  not  an  effort  to  get  a  program  because  we  know  that 
you  people  couldn't  give  us  a  program  on  such  short  notice.  But  your  individual  ideas, 
when  they're  presented  "on  the  spot, "  mean  a  lot  to  the  organizers  of  symposia  who,  in 
turn  can  then  make  them  available  to  all  by  incorporating  such  contributions  in  the  minutes 
or  in  the  proceedings. 

I  understand  that  the  results  of  the  questionnaire  were  presented  to  you  this  morning. 
We  were  very  happy  with  the  response  we  had  from  you.  Your  comments  have  given  us 
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clues  as  to  additional  effort  my  people  must  now  embark  upon.  I  realize  that  many  of  you 
wished  to  participate  in  the  total  symposium  effort  before  getting  your  thoughts  lined  up  to 
give  us  clues  as  to  what  might  be  good  for  the  future.  I  hope  as  you  travel  home  tonight, 
you  can  organize  some  of  these  thoughts  and  send  them  back  to  us.  We  welcome  them. 

As  General  Schriever  indicated  in  his  keynote  address,  the  top  commanders  in  the 
Air  Force  are  supporting  this  effort  of  ours  to  reduce  not  only  the  incidence  of  fatigue 
failures  in  our  present  aircraft  but  also  to  prevent  the  problems  of  structural  integrity 
from  becoming  a  bottleneck  in  the  development  of  aerospace  vehicles  as  men  go  higher  and 
faster  and  farther. 

We're  all  interested  in  your  thoughts  concerning  this  symposium  and  the  facets  of 
structural  integrity  which  might  be  included  in  another  similar  meeting,  because  this  one 
has  been  held  on  somewhat  short  notice.  We  know  that  some  of  you  people  would  have  liked 
to  have  presented  papers.  We  wonder  if  there  isn't  a  requirement  for  another  symposium 
of  this  type  in  a  year,  certainly  within  two  years. 

All  of  us  who  have  participated  in  organizing  this  symposium  thank  you  for  your 
attendance.  We  appreciate  in  particular  your  undivided  attention  during  the  past  three 
days. 


The  first  symposium  on  Fatigue  of  Aircraft  Structures  stands  adjourned. 


SUMMARY  REPORT 

STRUCTURAL  INTEGRITY  RESEARCH  PROGRAM  QUESTIONNAIRE 


By 

ROBERT  F.  WILKUS 
HAROLD  M.  WELLS,  JR. 

AIRCRAFT  LABORATORY 
WRIGHT  AIR  DEVELOPMENT  CENTER 

INTRODUCTION 

The  idea  of  a  questionnaire  to  be  filled  in  by  symposium  attendees  was  first 
conceived  by  Colonel  John  P.  Taylor  while  plans  were  being  formulated  for  the 
symposium  program.  Adoption  of  the  questionnaire  was  pushed  since  it  appeared 
to  offer  an  excellent  vehicle  for  the  feedback  of  ideas  and  comments  by  those 
attending  and  because  it  would  promote  the  interchange  of  ideas  and  thoughts 
between  conferees.  The  potential  value  of  suggestions  to  improve  government 
planning  of  the  structural  integrity  program  and  its  effectiveness  in  helping  those 
engaged  in  resolving  the  fatigue  problem  was  also  recognized. 

Some  of  the  factors  which  made  questionnaire  contributions  potentially  valu¬ 
able  were:  the  rather  short  time  in  which  launching  of  a  structural  integrity 
program  to  resolve  weapons  systems  fatigue  problems  took  place;  the  inevitable 
difficulties  in  achieving  a  balanced  program  within  limitations  too  numerous  to 
mention;  and  the  many  aspects  governing  the  effectiveness  of  the  program  such 
as  compilation  and  timely  distribution  of  data  and  other  types  of  appropriate 
information.  Thus,  it  was  thought  likely  that  some  good  would  result  from  such  a 
survey  -  even  if  it  only  provided  the  attendees  an  opportunity  to  express  their 
points  of  view  to  the  symposium  organizers. 

While  having  the  questionnaire  reviewed  with  respect  to  ARDC  research, 
procurement  and  legal  policies,  it  was  found  that  many  purposes  could  be  ful¬ 
filled  by  such  a  simple  questionnaire  form.  For  example,  constructive  ideas 
might  be  obtained  not  only  from  the  answers,  but  from  efforts  associated  with 
preparation  and  analysis  of  the  form.  It  was  felt  that  these  ideas  would  be  useful 
in  guiding  and  encouraging  research  so  as  to  enable  development  of  advance 
weapons  systems  in  a  more  orderly  and  timely  manner.  In  another  sense,  it  was 
determined  that  the  names  of  individuals  and  organizations  obtained  n  the  survey 
could  provide  helpful  data  on  procurement  sources  for  structural  research;  and, 
again,  the  exercise  and  its  results  could  provide  an  input  to  better  technical 
research  area  breakdowns  for  procurement  purposes. 

The  above  examples  point  out,  on  the  one  hand,  the  danger  of  trying  to  make 
such  a  survey  serve  too  complex  an  objective.  On  the  other  hand,  they  point  out 
the  usefulness  of  a  questionnaire  in  providing  some  helpful  ideas  and  suggestions 


in  the  sense  of  making  the  effort  worthwhile.  The  latter  viewpoint  is  more  simple, 
if  not  better,  and  the  one  most  representative  of  the  approach  in  this  particular 
effort.  The  circumstances  of  the  timing  and  inexperience  in  preparing  such  forms 
make  the  simp^c-st  possible  viewpoint  mandatory.  There  was  no  intention  at  any 
time  of  using  the  results  as  a  definition  of,  or  even  a  substitution  for  a  well 
planned  structural  integrity  research  program. 

QUESTIONNAIRE  FORMAT 

A  brief  review  of  the  questionnaire  format,  see  Exhibit  1,  is  now  in  order. 
Basically,  the  information  desired  from  each  attendee  was  solicited  by  Ques¬ 
tions  7  and  8,  namely,  "What  structural  integrity  research,  in  the  opinion  of  the 

attendee,  is  most  needed - ?"  This  naturally  opened  up  a  host  of  problems  - 

for  the  attendee  -  to  which  there  were  several  solutions.  But  essentially,  and 
first  of  all,  a  brief  description,  in  a  nutshell,  of  any  specific,  critically  needed 
research  item  uppermost  in  the  mind  of  the  attendee  was  called  for.  More  gen¬ 
eral  answers  to  these  questions  provided  useful  information.  The  cost  and  time 
data  requested  to  accomplish  the  proposed  research  projects  merely  served  to 
define  further  the  research  effort  suggested. 

In  connection  with  Questions  7  and  8,  as  well  as  with  other  questions,  an  out¬ 
line  was  given  by  which  suggested  research  could  be  classified  as  shown  on  Page  1 
of  the  questionnaire.  The  formulation  of  this  outline  posed  a  problem.  The  problem 
of  a  short,  general  outline  covering  all  possibilities  was  difficult  to  achieve  and 
difficult  to  understand;  a  specific,  narrowly  defined  outline  was  too  long,  and  by 
far  the  most  difficult  to  make  all  inclusive.  Purely  by  chance,  an  outline  in  the 
general  form,  but  open  ended  to  allow  infinite  variation  was  adopted.  This  satis¬ 
fied  both  schools  of  thought  and  restrained  no  one  except  within  the  broadest  out¬ 
line,  i.  e. ,  the  four  major  categories  as  shown  on  Page  1  of  the  questionnaire  had 
to  be  fixed,  at  least  for  later  convenience  in  analysis. 

Questions  1  through  6  were  designed  primarily  to  provide  an  introduction  to 
the  questionnaire  to  obtain  a  rough  idea  of  the  technical  backgrounds  and  interests 
of  the  attendees  who  participated.  There  was  no  intention  that  the  answers  to  these 
particular  questions  would  have  far  reaching  statistical  significance. 

Question  9  asked  for  the  names  and  affiliations  of  individuals,  or  the  names 
of  organizations  known  to  have  demonstrated  capabilities  in  some  area  of  structural 
integrity  research.  Those  not  likely  to  be  known  to  personnel  of  WADC  were  of 
particular  interest.  The  importance  of  this  question  may  not  be  evident  to  those 
unfamiliar  with  the  heavy  workload  borne  by  many  of  the  recognized  experts;  but 
there  is  a  need  to  find  new  sources  of  capable  people  for  structures  research. 
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It  will  suffice  to  say  that  ample  space  was  provided  in  the  questionnaire  for 
additional  comments  and  ideas  not  included  in  the  first  nine  questions. 
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SIDELIGHTS 


The  questionnaire  was  distributed  before  lunch  on  the  first  day  of  the  sym¬ 
posium  with  an  explanation  of  the  format.  Attendees  were  particularly  encouraged 
to  submit  "off-the-top"  ideas  on  important  research  jobs  needed  to  support  im¬ 
proved  structural  integrity  designed  into  flight  vehicles.  Fifty-four  questionnaires 
were  returned  before  the  start  of  technical  sessions  on  the  morning  of  the  second 
day.  Early  returns  were  limited  by  a  fully  scheduled  first  day  agenda. 

An  early  return  of  completed  questionnaires  was  requested  in  order  to  report 
the  general  results  of  the  survey  before  adjournment  of  the  symposium.  Another 
reason  for  requesting  the  quick  return  of  the  questionnaires  was  to  obtain  the 
desired  "off-the-top" reply.  At  any  rate,  the  general  results  contained  in  the  ques¬ 
tionnaires  on  hand  were  reported  at  the  start  of  the  third  day  sessions. 

A  statement  was  included  in  the  questionnaire  on  Page  1  indicating  that  pro¬ 
prietary  information  should  be  submitted  through  normal  government  agency 
channels.  In  order  to  allow  maximum  freedom  to  the  attendee  in  transmitting  ideas 
within  this  restriction,  a  ground-rule  was  established  whereby  only  the  general 
results  obtained  in  the  survey  would  be  published.  In  accordance  with  this  ground- 
rule,  detail  data  relative  to  the  research  projects  and  other  ideas  which  were  sub¬ 
mitted  by  attendees  must  be  withheld  from  this  report.  The  detail  comments  and 
data  received  in  the  survey  will  be  used  by  government  agency  personnel  to  im¬ 
prove  planning  of  the  structural  integrity  program. 

.  GENERAL  REMARKS  ON  RESULTS 

From  the  broadest  viewpoint  and  in  fairness  to  both  sides,  the  results  of  the 
survey  revealed  that  no  one  really  mounted  the  platform  to  say  what  should  be  done 
with  as  much  emphasis  as  those  who  did  mount  it  to  say  what  should  not  be  done. 
But  there  was  a  lot  learned  by  the  authors  of  this  article.  We  failed  to  learn  more 
only  because  of  the  lack  of  time  during  the  symposium  and  not  because  of  a  lack 
of  original  ideas  submitted. 

QUESTIONNAIRE  RESULTS 

The  over-all  response  to  the  questionnaire  is  given  in  Figure  1.  Of  some  450 
questionnaires  distributed,  a  total  of  108  were  returned.  Some  268  items  of  re¬ 
search  were  suggested;  66  of  these  items  appeared  to  be  about  the  right  number 
to  consider  as  duplicate  items,  leaving  a  grand  total  of  202  different,  unique  re¬ 
search  projects  to  be  considered.  The  total  cost  of  these  unique  items  of  research 
was  estimated  at  $74.  6  million.  It  was  estimated  that  it  would  take  five  years  to 
do  90  percent  of  the  suggested  research. 

Before  proceeding  further,  it  is  worthy  of  mention  that  only  a  small  handful 
of  experts  took  advantage  of  the  open  ended  outline  on  Page  1  of  the  questionnaire 
to  improve  the  outline  or  better  classify  their  particular  proposal.  The  following 


are  examples  of  the  classifications  which  were  entered:  sonic  fatigue;  mathemati¬ 
cal  analysis  of  structures;  solid  state,  mechanics;  damage  criteria;  dynamic  load¬ 
ing  effects  on  materials  in  complex  stress  states;  tests  of  parts  and  assemblies 
removed  from  service;  crack  propagation  studies;  basic  fatigue  mechanisms; 
structural  strength  after  fatigue  appearance;  education;  and  new  materials  and 
techniques.  Careful  analysis  indicates  that  many  of  these  can  be  visualized  as 
being  covered  by  the  outline  already  provided.  No  comment  was  received  concern¬ 
ing  a  different  or  better  approach  to  the  outline. 

The  technical  backgrounds  and  interests  of  the  individuals  who  returned 
completed  questionnaires  are  contained  in  Figure  2.  This  information  was  solic¬ 
ited  by  Questions  1,  2  and  3  which  covered  the  organizational  affiliation,  job 
function  and  primary  flight  vehicle  interest  of  the  attendee.  Of  those  who  returned 
the  form  53%  were  from  the  aircraft  industry;  50%  had  a  primary  interest  in  air¬ 
craft;  44%  were  engineers;  and  25%  had  research  positions.  Some  47%  chose 
Structural  Life  Design  in  Question  4  as  their  special  field  of  interest,  while  the 
other  53%  split  three  ways  almost  evenly  among  the  Materials  Research,  Fatigue 
Testing  and  Fatigue  Loads  categories. 

All  of  the  above  data  indicate  that  the  results  were  largely  submitted  by 
people  from  the  aircraft  industry,  including  the  missile  area  as  well  as  the 
engine  and  propeller  manufacturing  areas,  who  are  specialists  in  some  type  of 
structural  life  design.  Figure  2  also  shows  that  there  was  an  almost  even  split 
(24  to  26.  3%)  of  non- government  sponsored  research  among  the  four  main  cate- 
•gories  of  structural  design,  materials,  testing  and  loads  (Question  5).  This  re¬ 
search  is  being  carried  out  or  planned  by  the  organizations  with  which  the  indi¬ 
viduals  are  affiliated. 

The  response  obtained  from  Question  6  concerning  the  research  area  in  which 
the  individuals  thought  their  organizations  were  most  capable  and  qualified  for 
doing  research,  is  summarized  in  Figure  3.  These  results  show  in  a  very  general 
way  that  research  capabilities  are  evenly  divided  over  the  four  major  areas  of 
Structural  Life  Design,  Materials  Research,  Fatigue  Testing  and  Fatigue  Loads. 

Data  on  the  number  of  research  items  suggested,  their  estimated  cost  and 
the  time  to  carry  out  the  jobs  are  presented  in  Figure  4  for  each  of  the  four  major 
areas  of  research.  Detailed  breakdowns  for  each  of  these  four  major  areas  of 
research  are  given  in  Figures  5  through  8.  Observed  trends  in  these  data  are  as 
follows: 

The  amount  and  cost  of  research  suggested  was  considerably  greater  (by  at 
least  50%)  in  the  area  of  Structural  Life  Design  than  in  any  of  the  other  three 
major  areas  of  research  (Figure  4).  Further,  in  the  area  of  Structural  Life 
Design,  suggested  research  was  primarily,  and  equally,  concentrated  in  the 
three  minor  classifications  of  Structural  Configurations,  Life  Prediction  Tech¬ 
niques  and  Criteria  Formulation  as  shown  in  Figure  5. 


Materials  Improvement  and  Solid  State  Physics  were  the  minor  research 
classifications  most  favored  (by  a  factor  of  about  2)  in  the  Materials  Research 
area  which  accounted  for  39  of  a  total  of  56  research  items  (Figure  6).  Twenty- 
seven  out  of  a  total  of  52  research  items  suggested  under  the  Fatigue  Loads  clas¬ 
sification  (Figure  7)  were  for  Measurement  and  Analysis.  As  shown  in  Figure  8, 
the  numbers  of  research  items  suggested  in  the  Fatigue  Testing  Area  were  about 
evenly  divided  (from  13  to  16  items)  among  four  of  the  minor  classifications  with 
only  5  of  the  total  of  64  items  falling  in  the  Facilities  Equipment  Area. 


The  above  data  provide  no  real  clues  as  to  the  relative  importance  of  research 
in  the  different  areas.  The  consensus  of  opinion  of  the  respondees,  nevertheless, 
corresponds  with  the  opinion  of  many  of  the  speakers.  That  is,  there  is  agree¬ 
ment  that  the  most  important  problem  area  lies  in  the  structural  life  design  area. 
Pending  further  evaluation  no  attempt  will  be  made  to  ascribe  further  significance 
to  the  above  results. 

Typical  examples  of  the  research  suggested  have  been  paraphrased  and  listed 
in  Figure  9-  Many  of  these  and  of  the  other  unlisted  research  projects  which  have 
been  suggested  already  are,  or  are  planned  to  be,  in  the  structural  integrity  re¬ 
search  program.  Particularly  prominent  was  the  recurrence  of  suggestions  for 
the  compilation  and  dissemination  of  worthwhile  data  related  to  fatigue  design.  A 
system  of  reporting  the  findings  of  detail  case  history  studies,  and  related  efforts 
to  explain  the  details  was  suggested.  Although  there  are  projects  in  being,  or 
planned,  in  the  area  of  design  practice  manuals,  their  objectives  can  and  will  be 
improved  on  the  basis  of  the  aforementioned  suggestions  which  were  received  in 
the  questionnaires. 

A  closer  look  is  also  being  given  to  the  problem  of  worthwhile  data  compil¬ 
ation  and  dissemination.  Final  appraisal  of  the  actual  effect  of  the  questionnaire 
results  on  the  structural  integrity  program  must  await  review  by  those  technical 
experts  concerned  with  the  particular  research  areas  involved.  Whether  the  ideas 
that  were  suggested,  which  are  not  already  in  the  program,  are  adopted  will 
depend  upon  the  judgment  of  interested  experts  and  the  priority  and  availability 
of  funding.  Areas  of  responsibility  in  so  far  as  the  various  government  agencies 
are  concerned  also  will  be  considered. 

A  list  of  the  individuals  and  organizations  recommended  as  having  the  capa¬ 
bilities  and  qualifications  necessary  for  structural  integrity  research  (Question  9) 
is  included  in  Figure  10.  This  information  will  be  used  in  supplementing  present 
listings  on  procurement  sources  for  structural  integrity  research. 

CONCLUSION 

In  general,  the  response  to  the  questionnaire,  although  not  overwhelming, 
was  very  good  considering  the  factors  involved  as  discussed  earlier  in  the  report. 
Approximately  twenty-five  percent  of  the  questionnaires  were  returned. 
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Probably  the  most  important  reason  for  the  low  percentage  of  returns  was 
that  the  attendees  were  kept  too  occupied  by  the  full  agenda.  Provision  of  some 
free  time  during  the  symposium  to  fill  in  a  questionnaire  might  be  the  answer  to 
this  problem  in  the  future. 

Another  important  factor  contributing  toward  limited  response  was  thfs  new¬ 
ness  of  the  concept  of  a  total  structural  integrity  program  and  the  relationship  of 
structural  integrity  research  to  this  program  in  all  of  its  ramifications. 

On  the  basis  of  the  discussions  touched  off  and  of  the  suggested  research  and 
valuable  comments  received,  it  is  considered  that  our  objectives  were  met  and 
that  the  effort  was  more  than  worthwhile. 

The  results  obtained  in  this  first  experiment  with  a  symposium  questionnaire 
indicate  that  the  method  could  prove  to  be  a  valuable  technique  for  large  symposia. 
It  is  believed  that  other  symposia  organizers  may  realize  many  advantages,  as  we 
have,  from  the  ideas  and  comments  fed  back  by  attendees. 


EXHIBIT 


SYMPOSIUM  ON  FATIGUE  OF  AIRCRAFT  STRUCTURES 
STRUCTURAL  INTEGRITY  RESEARCH  QUESTIONNAIRE 


This  questionnaire  was  prepared  to  obtain  your  opinion  as  to  what  efforts  you  con¬ 
sider  are  most  needed  in  the  structural  integrity  research  area.  The  Department  of  the 
Air  Force  and  other  interested  Government  agencies  plan  to  review  the  information  sub¬ 
mitted  and,  where  possible  use  it  to  strengthen  the  overall  structural  integrity  research 
program. 

The  general  results  of  this  survey  will  be  published  in  the  Symposium  Proceedings. 
Detailed  results  will  be  used  in  connection  with  Government  program  planning. 

Careful  completion  of  the  form  is  essential  in  making  the  results  of  the  survey  use¬ 
ful.  Proprietary  information  should  be  submitted  thru  normal  Government  Agency  channels 
by  means  of  unsolicited  proposals,  if  you  so  desire  (copies  of  ARDC  Form  91  are  avail¬ 
able  and  will  be  furnished  upon  request  for  this  purpose) . 

A.  breakdown  of  Structural  Integrity  Research  Program  Areas  to  which  questions  4 
thru  9  are  keyed  is  provided  below.  Program  Areas  I  thru  IV  and  Sub-headings  (a)  thru 

(e)  should  prove  adequate  in  the  majority  of  cases.  Sub-headings  (f)  and  (g)  should  be  com¬ 
pleted  if  your  suggested  research  projects  cannot  readily  be  classified  within  the  defined 
areas.  This  outline  is  intended  to  apply  for  all  types  of  flight  and  ground  loads  including 
sonic  and  thermal;  also,  programs  related  to  aircraft,  guided  missiles  and  aerospace 
vehicles  are  implied. 


STRUCTURAL  INTEGRITY  RESEARCH  PROGRAM  AREAS 


(Refer  to  this  code  when  answering  the  following  questions) 


I  Structural  Life  Design 

(a)  Structural  Configurations 

(b)  Life  Prediction  Techniques 

(c)  Prediction  Parameter  Studies 

(d)  Criteria  Formulation 

(e)  Design  &  Manufacturing  Practices 

(f)  _ 

(g)  _ 

II  Materials  Research 

(a)  Unique  Testing  Methods 

(b)  Materials  Improvement 

(c)  Application  Techniques 

(d)  Solid  State  Physics 

(e)  Facilities;  Equipment 

(f)  - 

(g)  _ 


III  Fatigue  Loads 

(a)  Prediction  Methods 

(b)  Prediction  Parameter  Studies 

(c)  Measurement  &  Analysis 

(d)  Instrumentation;  Systems -Data 

(e)  Facilities 

(f)  - 

(g)  _ 

IV  Fatigue  Testing 

(a)  Load  Simulation 

(b)  Combined  Environments-Simulation 

(c)  Effects  of  Parametric  Variations 

(d)  Instrumentation;  Inspection 

(e)  Facilities;  Equipment 

(f)  - 

(g)  _ 


Complete  each  question  which  follows  by  checking  or  circling  one  or  more  answers, 
as  appropriate,  or  by  writing  a  brief  statement  where  necessary  to  express  your  views. 


1-.  My  organizational  affiliation  is:  □ 

□ 

□ 


2.  My  primary  job  function  is:  □ 

□ 

□ 


3.  My  primary  interest  is  with:  □ 


4.  My  special  field  of  interest  in 
Structural  Integrity  Research 
Program  Areas  is:  (circle  one) 

More  specifically,  it  is  in  the  area  of: 


5 .  My  organization  is  engaged  in  or 
planning  non-government  sponsored 
research  in  the  following  Structural 
Integrity  Research  Program  Areas: 
(Include  brief  titles  in  "Remarks" 
on  page  5,  if  desired) 


6.  My  organization  is  best  qualified 
and  capable  of  doing  research  in 
the  Structural  Integrity  Research 
Program  Areas  indicated: 

(Circle  no  more  than  a  total  of 
three  of  the  a  to  g  sub- headings; 
elaborate  on  page  5  under  "Re¬ 
marks"  if  desired) 


University  □  Metals  Industry 

Res.  Institute  □  Government 

Acft.  Industry  '  □  Other 

Research  □  Academic 

Engineering  □  Management 

Test  □  Staff 


Aircraft  □  Aerospace 

Guided  Missiles  Vehicles 

Other _ 


I  II  III  IV 

(see  page  1  for  code) 


(short  title) 

I  II  III  IV 

(see  page  1  for  code) 


I  abcdefg 

II  abcdefg 

III  a  b  c  d  e  f  g 

IV  abcdefg 
(see  page  1  for  code) 
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7.  In  the  areas  in  which  I  am  most  technically  qualified,  structural  integrity  research 
projects  which  I  consider  must  be  accomplished  in  the  future  with  rough  estimates  of 
cost  and  time  are: 

(From  the  code  or  outline  given  on  page  1  of  this  questionnaire,  select  and  enter  in 
Column  1  below  the  Structural  Integrity  Program  Research  Area  which  best  fits  each 
specific  research  item  you  enter  in  Column  2:  i.  e. ,  enter  111(b)  to  indicate  are- 
search  item  under  the  program  area  of  "Fatigue  Loads  -  Prediction  Methods") 

Research  Estimated  Estimated 

Program  Brief  Title  and  Description  of  Specific  Total  Time  in 

Area  Research  Items  Cost  Years 


(Col.  1)  (Col.  2)  (Col.  3)  (Col.  4) 


8.  I  also  consider  that  structural  integrity  research  programs  should  be  implemented  in 
areas  other  than  my  own  special  field  as  follows: 

(From  the  code  or  outline  on  page  1,  select  and  enter  in  Column  1  the  Structural  In¬ 
tegrity  Research  Program  Area  which  best  fits  the  more  specific  program  you  wish 
to  place  in  Column  2;  indicate  why  you  think  the  suggested  program  is  required  in 
Column  3) 


Research 

More  Specific,  Brief  Title 

Basis  For 

Rough 

Rough 

Program 

of  Suggested  Research 

Suggested 

Cost 

Time 

Area 

Program 

Program 

Estimate 

Estimate 

(Col.  1) 

(Col.  2) 

(Col.  3) 

(Col.  4) 

(Col.  5) 

9.  An  effort  is  being  made  to  compile  a  master  list  of  highly  qualified  individuals  and 
organizations  capable  of  participating  in  the  structural  integrity  program.  To  assist 
this  effort,  the  names  of  individuals  and  their  organizational  affiliation,  or  the  or¬ 
ganizations  that  I  consider  outstandingly  qualified  in  the  Structural  Integrity  Research 
Program  Areas  with  which  I  am  most  familiar  are: 

Note:  Of  particular  interest  are  those  individuals  and  organizations  that  have  a  demon¬ 
strated  capability  in  the  structural  integrity  area  but  may  not  be  known  to  interested 
government  agency  personnel. 


Research 

Program  Area  Names  of  Persons  &  Affiliation  Names  of  Organizations 


Optional 


Name _ 

Organization 


Return  completed  questionnaire  to  the  Registration  Desk  in  the  Main  Lobby  or  at  the 
entrance  to  the  Grand  Ballroom  in  the  Dayton  Biltmore  Hotel  by  9:00  A.  M.  Wednesday 
morning,  12  August  1959.  A  board  of  technical  experts  representing  government  agencies 
will  review  the  forms  received  as  of  this  time  and  will  announce  the  more  general  results 
obtained  before  the  end  of  the  symposium. 

NOTICE:  This  is  not  to  be  interpreted  as  a  solicitation  by  the  Government  for  bids  or  pro¬ 
posals  for  accomplishing  research  and/or  development  in  the  problem  areas  referred  to 
herein.  The  Government  is  not  obligated  to  enter  into  contracts  for  any  research  and/or 
development  with  any  of  the  participants  in  this  symposium  or  the  companies  which  they 
may  represent.  By  signature  and/or  submittal  of  this  completed  questionnaire  the  parti¬ 
cipant  agrees  that  neither  its  accomplishment  by  him  or  utilization  by  the  Government  of 
any  of  the  opinions  or  information  contained  herein  will  be  made  the  basis  of  a  future  claim 
against  the  Government. 
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FIGURE  10 
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r>‘y;  QUESTION  NO.  9  RESULTS  -  SUGGESTED  SOURCES  FOR  STRUCTURAL  RESEARCH 
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No. 

Name 

Organization 

Location 

1. 

Babington,  W. 

Bell  Telephone  Laboratories 

New  York  14,  N.Y. 

2. 

Bean,  Dr.  W.  T. 

Research  Consultant 

Detroit,  Mich 

3. 

Bondat,  Dr.  Julius 

Ramo -Wooldridge  Corp 

Los  Angeles  45,  Calif 

4. 

Bradley,  Wilson  Jr. 

Endevco  Corp 

Pasadena,  Calif 

5. 

Brown,  W.  G. 

Propulsion  Test  Facility, Inc. 

New  Haven,  Conn 

6. 

Butler,  J.P. 

Boeing  Airplane  Co 

Seattle  24,  Wash 

7. 

Carleton,  R.  J. 

Gilmore  Industries 

Cleveland  3,  Ohio 

8. 

Choo,  Dr.  Pei 

Drexel  Institute  of  Technology 

Philadelphia,  Pa 

9. 

Clark,  Dr.  D.  S. 

California  Institute  of  Tech 

Pasadena,  Calif 

10. 

Clemett,  Harold 

Continental  Aviation  &  Engr.  Corp 

Detroit,  Mich 

11. 

Conover,  G.  B. 

Propulsion  Test  Facility,  Inc. 

New  Haven,  Conn 

12. 

Dean,  W.  J. 

Temco  Aircraft  Corp 

Dallas  22,  Texas 

13. 

De  Money,  Dr.  F.  W. 

Kaiser  Aluminum  Co 

Spokane,  Wash 

14. 

Dolan,  T.  J. 

University  of  Illinois 

Urbana,  Ill 

15. 

Dorn 

University  of  California 

Berkley,  Calif 

16. 

Dranetz,  A. 

Gultan  Industries,  Inc 

Metuchen,  N.  J. 

17. 

Dresselhouse,  D.  E. 

Chrysler  Missile  Division 

Detroit  31,  Mich 

18. 

Duell,  Dr.  A.  J. 

Armour  Research  Foundation 

Chicago,  HI 

19. 

English,  Dr.  Morley 

University  of  California,  Los  Angeles 

Los  Angeles,  Calif 

20. 

Farrell,  J.  W. 

Temco  Aircraft  Corp 

Dallas  22,  Texas 

21. 

Findley,  W. 

Brown  University 

Providence,  R.  I. 

22. 

Fronkin,  N.  G. 

Propulsion  Test  Facilities,  Inc 

New  Haven,  Conn 

23. 

Fruedenthal,  A.  F. 

Columbia  University 

New  York,  N.  Y. 

24. 

Gadd,  Charles 

General  Motors  Research  Center 

Detroit,  Mich 

25. 

Gentleman,  Frederick  McDonnell  Aircraft  Corp 

St.  Louis  66,  Mo 

26. 

Gerner,  R. 

Girard,  George 

Gulton  Industries,  Inc 

Metuchen,  N.J. 

27. 

New  York  University 

New  York  53,  N.Y. 

28. 

Goland,  Leonard 

Kellett  Aircraft  Co 

Willow  Grove,  Pa 

29. 

Goland,  Martin 

Southwest  Research  Inst 

San  Antonio,  Texas 
Culver  City,  Calif 

30. 

Hample,  W.  G. 

Hughes  Tool  Co 

31. 

Hyler,  Walter  S. 

Huck  Manufacturing  Co 

Detroit  7,  Mich 

32. 

Klein,  E. 

Propulsion  Test  Facility,  Inc 

New  Haven,  Conn. 

33. 

Krug,  Maurice 

Technology  Incorporated 

Dayton  2,  Ohio 

34. 

Lazan,  Dr.  B.  J. 

University  of  Minnesota 

Minneapolis,  Minn 

35. 

Lemcoe,  M.M. 

Southwest  Research  Inst 

San  Antonio,  Texas 

36. 

Levy,  Alan 

Hughes  Tool  Co 

Culver  City,  Calif 

37. 

Lowell, 

Adelphia  College 

Garden  City,  N.  Y. 

38. 

Lupfer,  D. 

Gulton  Industries,  Inc 

Metuchen,  N.  Y. 

39. 

Marin,  Dr.  J.  W. 

Pennsylvania  State  College 

State  College,  Pa 

40. 

Matson,  R.  L. 

General  Motors  Tech.  Center 

Detroit,  Mich 

41. 

McDowell,  Dr.  E.L. 

Armour  Research  Foundation 

Chicago,  Ill 

42. 

Meyer,  John  H. 

Atom  Apply 

St.  Ann,  Mo 

43. 

Morrow,  J. 

University  of  Hlinois 

Urbana,  Ill 

44. 

Murry, 

Massachusetts  Inst  of  Tech. 

Cambridge,  Mass 

45. 

Newman,  Malcolm 

Republic  Aviation  Corp 

Long  Island,  N.  Y. 

46. 

Niemier-,  B.A. 

Reynolds  Metals  Co 

Richmond,  Va 
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47. 

48. 

49. 

50. 

51. 

52. 

53. 

54. 

55. 

56. 

57. 

58. 

59. 

60. 
61. 
62. 

63. 

64. 

65. 

66. 

67. 

68. 

69. 

70. 

71. 

72. 

73. 


Odesskt,  L. 

Poehle,  Fred 
Rhodes,  James  E. 
Robertshaw,  A. 
Rodden,  W.  P. 

Rowe,  Dr.  Robert  S . 
Schjelderup,  Dr.  H.C. 
Shanley,  F.  R. 
Sinclair,  G.  M. 

Smith,  Henry  G.,Jr. 
Smith,  Ronald  H. 
Spangler,  C.J. 
Sylvestiowicz,  W. 
Tatnall,  Frank 
Truit,  Dr.  R.  W. 
Waisman,  J.L. 
Waters,  Peter 
Weinberg,  Dr. 
Welkowitz,  W. 
Wellons,  Richard 
Westneat,  A. 

Wiley,  Frank 
Williams,  I.  V. 
Yorgiadis,  Alexander 


Propulsion  Test  Facility,  Inc 
Brooklyn  Polytechnic  Inst 
Endevco  Corp 
Hughes  Tool  Co 
Nor  air 

Duke  University 

National  Engineering  Science  Co 
University  of  California,  Los  Angeles 
University  of  Illinois 
Hughes  Tool  Co 
Nor  air 

Boeing  Airplane  Co. 

Bell  Telephone  Laboratories 
Tatnall  Measuring  Systems  Co 
Virginia  Polytechnic  Inst. 

Douglas  Aircraft  Co.  Inc 
Republic  Aviation  Corp 
Battelle  Memorial  Inst 
Gulton  Industries,  Inc 
Baldwin  Lima-Hamilton,  Corp 
Gulton  Industries,  Inc 
Wiley  Laboratories 
Bell  Telephone  Laboratories 
J.  Baldwin-Lima-Hamilton  Corp 
Alcoa  Research  Laboratories 
American  Machine  &  Metals 
Polyphase  Instrument  Co 


New  Haven,  Conn 
Brooklyn,  N.  Y. 
Pasadena,  Calif 
Culver  City,  Calif 
Hawthorne,  Calif 
Durham,  N.  C. 
Pasadena,  Calif 
Los  Angeles,  Calif 
Urbana,  Ill 
Culver  City,  Calif 
Van  Nuys,  Calif 
Seattle  24,  Wash. 
New  York  14,  N.Y. 
Phoenixville,  Pa 
Blaksburg,  Va. 
Santa  Monica,  Calif 
Long  Island,  N.Y 
Columbus,  Ohio 
Metuchen,  N.  J. 
Waltham  54,  Mass 
Metuchen,  N.  J. 

Los  Angeles,  Calif 
New  York  14,  N.  Y 
Waltham  54,  Mass 
Pittsburg  19,  Pa 
East  Moline,  Ill 
Bridgeport,  Pa 
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SESSION  CHAIRMEN,  SPEAKERS,  AND  PAPER  AUTHORS 

MAILING  ADDRESSES 


Name 

Barton,  Dr.  Millard  V. 
Baruch,  Dr.  Jordan  J. 

Bislinghoff,  Prof.  R.  L. 

Bouton,  Mr.  I. 

Butler,  Mr.  Joseph  P. 

Caldara,  Joseph  D. , 
Major  General,  USAF 

Christensen,  Mr.  R.  H. 
Dallas,  Mr.  Allan  W. 

Dolan,  Prof.  T.  J. 
Co-Author 

Prof.  H.  T.  Corten 

Downey,  Mr.  R.  C. 
Eldred,  Mr.  Ken 

Fairbairn,  Mr,  G.  A. 
Fountain,  Dr.  Richard  W. 
Freudenthal,  Prof..  A.  M. 


Company 


Space  Technology  Laboratory 
AF  Ballistic  Missile  Div. 

Bolt,  Bernarek  &  Newman 


Dept,  of  Aeronautical  Eng. 
Massachusetts  Inst,  of  Tech. 

Northrop  Corporation 
NORAIR,  Division  A 

Boeing  Airplane  Co. 


Deputy  Inspector  General 
for  Safety,  OTIG 

Douglas  Aircraft  Co. ,  Inc. 
Santa  Monica  Division 

Engineering  Division 
Air  Transport  Association 


Dept,  of  Theoretical  &  Applied 
Mechanics 

College  of  Engineering 

General  Electric  Co. 
Metallurgical  Engineering 

Western  Electric-Acoustic 
Laboratory,  Inc. 


North  American  Aviation,  Inc. 
Los  Angeles  Division 

Union  Carbide  Metals  Co. 
Metals  Research  Lab. 

Columbia  University 
716  Engineering 


Street  and  City 

P.  O.  Box  95001 
Los  Angeles,  Cal. 

50  Moulton 
Cambridge,  Mass. 

Cambridge  30,  Mass. 


1001  E.  Broadway 
Hawthorne,  Cal. 

Mail  Stop  3707 
P.  O.  Box  1489 
Seattle  24,  Wash. 

Hq,  USAF 

Washington  25,  D.  C. 
Santa  Monica,  Cal. 


1000  Connecticut  Ave. , 
N.  W. 

Washington,  D.  C. 

University  of  Illinois 
Urbana,  Ill. 


Bldg.  200 

Cincinnati  15,  Ohio 

11789  San  Vicenta 
Blvd. 

Los  Angeles  49,  Cal. 

International  Airport 
Los  Angeles  45,  Cal. 

4625  Royal  Ave. 
Niagara  Falls,  N.  Y. 


New  York,  New  York 


Name 


Company 


Street  and  City 


Gatev/ood,  Dr.  B.  E. 

Gerrity,  T.  P. 

Major.  General,  USAE 

Grover,  Dr.  H.  J. 


Hayes,  Mr.  James  E. 


Hepler,  Mr.  Andrew  K. 


Houbolt,  Mr.  J.  C. 
Co-Author 

Mr,  Roy  Steiner 

Howland,  Dr.  W.  L. 


Huglin,  Harvey  P. 
Colonel,  USAF 

Huston,  Mr.  W.  B. 
Co-Author 

Mr.  J.  F.  Ward 

Jackson,  Mr.  Charles  F. 
Co-Authors 

Mr.  K.  R.  Thor  son 

Mr.  J.  E.  Wherry 

Mr.  J.  B.  Dempster 


Kattus,  Mr.  J.  R. 


Keen,  W.  H. 
Capt. ,  USN 


Kennedy,  Mr.  R.  R. 


Kuhn,  Mr.  Paul 


AF  Institute  of  Technology  (AU)  W-PAFB,  Ohio 


Oklahoma  City  Air  Materiel  Tinker  Air  Force  Base, 
Area  *  Oklahoma 


Battelle  Memorial  Inst.  505  King  Ave. 

Columbus  1,  Ohio 

THRU:  Comdr,  OCAMA 

THRU:  Lt.  Col.  Waller,  WCLODSC(OCNBE) 

Tinker  AFB,  Okla. 


Boeing  Airplane  Co. 

Seattle  Div.  Structures 
Preliminary  Design  Group 


P.  O.  Box  3707 
Seattle  24,  Wash. 


National  Aeronautics  &  Space 
Administration 
Dynamic  Load  Div. 


Langley  Research 
Center 

Langley  AFB,  Ya. 


Lockheed  Aircraft  Co.  Burbank,  Cal. 

Engineering  Flight  Test 

Wright  Air  Development  Center  WCD 

W-PAFB,  Ohio 


National  Aeronautics  &  Space  Langley  Research 
Administration  Center 

Langley  AFB,  Va. 


Boeing  Airplane  Co. 
Engineering  Department 


Southern  Research  Inst. 
Metallurgy  Division 

Bureau  of  Aeronautics 
Airframe  Design  Div. 

Off,  of  Asst.  Chief,  R&D 


Wichita  Div.  , 

Wichita,  Kan. 

Seattle  Div. 

Seattle,  Wash. 
Wichita  Div. 

Wichita,  Kan. 
Wichita  Div. 

Wichita,  Kan. 

2000  Ninth  Ave. 
Birmingham  5,  Ala. 

Dept,  of  the  Navy 
Washington  25,  D.  C. 


Wright  Air  Development  Center  WCLTL 
Materials  Lab,  W-PAFB,  Ohio 


National  Aeronautics  &  Space  Langley  Research 
Administration  Center 

Langley  AFB,  Ya. 


Name 


Company 


Street  and  City 


Lazan,  Dr.  B.  J. 


University  of  Minnesota 
Dept,  of  Aeronautical  Eng. 


Lowndes,  Mr.  Holland  B.  Wright  Air  Development  Center 

Aircraft  Laboratory 

McClymonds,  Mr.  J.  C.  Douglas  Aircraft  Co. 


Melcon,  Mr.  M.  A. 


Meyer,  Mr.  John  H. 


Lockheed  Aircraft  Corp. 


Atom  Apply 


Inst,  of  Techn. 
Minneapolis  14,  Minn. 

WCLSST 
W-PAFB,  Ohio 

Long  Beach  Div. 

Long  Beach,  Cal. 

Calif.  Division 
Burbank,  Cal. 

2414  Simms  Ave. 
Overland  14,  Mo. 


Parmley,  Mr.  Philip  A.  Wright  Air  Development  Center 

Aircraft  Laboratory 

Peckham,  Mr.  Cyril  G.  University  of  Dayton 
Author  Data  Processing 

Mrs.  Jeanne  Titus 
Truett 


WCLSSC 
W-PAFB,  Ohio 

300  College  Park 
Dayton  9,  Ohio 


Peterson,  Mr.  R.  E. 


Westinghouse  Electric  Corp. 
Mechanics  Dept, ,  Westing- 
house  Research  Lab. 


E.  Pittsburgh,  Pa. 


Pettingall,  Mr.  C.  E.  Douglas  Aircraft  Co. ,  Inc. 

Santa  Monica  Division 


Santa  Monica,  Cal. 


Press,  Mr.  Harry  National  Aeronautics  and  Space 

Co-Author  Administration 

Mr.  Thomas  L.  Coleman 

Reichert,  Mr,  Carl  E.  Wright  Air  Development  Center 

Aircraft  Laboratory 

Rhode,  Mr.  Richard  National  Aeronautics  and  Space 

Administration 


Rhode,  Mr.  Richard 


Schriever,  B.  A.  Air  Research  &  Development 

Lt.  General,  USAF  Command 

Schuette,  Mr.  Evan  H.  The  Dow  Metal  Products  Co. 

Division  of  the  Dow  Chemical 
Design  Section. Metallurgical 

Shanley,  Mr.  F.  R.  The  Rand  Corporation 

Aero-Astronautics  Dept. 


Shanley,  Mr.  F.  R. 


Shuler,  Mr.  W.  T. 


Watson,  Mr.  R.  E. 
Co-Author 
L.  L.  Gore 


Lockheed  Aircraft  Corp. 
Structural  Req’ts  &  Analysis 
Div.  Engineer 

Boeing  Airplane  Co. 

Wichita  Division 
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1512  H  St.,  N.  W. 
Washington  25,  D.C. 

WCLSS 

W-PAFB,  Ohio 

1520  H  St. ,  N.  W. 
Washington  25,  D.C. 

Andrews  AFB 
Washington  25,  D.C. 

Midland,  Michigan 


1700  Main  St. 

Santa  Monica,  Cal. 

Marietta,  Ga. 


Wichita  1,  Kan. 


*  *  ,  *  *  >  *  «  \ 

*  - 


»**„  *"  ~  *  *  m  fjk  '  * 


Name 


Company 


Street  and  City 


Smith,  Mr.  Clarence  R. 
Smith,  Mr.  Howard  W. 

Stone,  Mr.  Melvin 

Stulen,  Mr.  F.  B. 

Taylor,  John  P. 

Colonel,  USAF 

Vollmecke,  Mr.  A.  A. 

Watkins,  Howard  E. 
Colonel,  USAF 

Watson,  Mr.  R.  E. 

Wise,  Mr.  W.  E. 

Wray,  S.  T. 

Major  General,  USAF 


CONVAIR,  Division  of 
General  Dynamics  Corp. 

Boeing  Airplane  Co. 
Transport  Division 


Douglas  Aircraft  Co. ,  Inc. 
Strength  &  Dynamic  Stability 
Section 

Curtiss-Wright  Corp. 

Propeller  Division 

Wright  Air  Development  Center 
Aircraft  Laboratory 

Federal  Aviation  Agency 
Airframe  &  Equipment  Br. 

Strategic  Air  Command 
Deputy  Director  of  Materiels 

Boeing  Airplane  Co. 

Wichita  Division 

CONVAIR,  Group  Engineer 
Structures  &  Materials  Lab. 
Division  of  General  Dynamics 
Corporation 

Wright  Air  Development  Center 


315  Pacific  Highway 
San  Diego,  Cal. 

P.  O.  Box  707 
Mail  Stop  74-26 
Renton,  Wash. 

Long  Beach,  Cal. 

Caldwell,  N.  J. 

WCLS 

W-PAFB,  Ohio 
Washington  25,  D. 

Offutt  AFB,  Neb. 

Wichita  1,  Kan. 

San  Diego  12,  Cal. 

WCG 

W-PAFB,  Ohio 


Wright,  Mr.  J.  H, 


National  Bureau  of  Standards  Washington  25,  D.  C. 
Data  Processing  Systems  Div. 
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John  R.  Bowden,  Maj.  Donald  I.  Hackney,  Dr.  Horace  O.  Parrack, 
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Forbes,  Dr,  Robert  Mayerjak,  Reuben  W.  Rautio,  Dr.  Max  Scherberg 

AEROSPACE  MEDICAL  LABORATORY  -  Col.  JohnP.  Stapp, 

John  N.  Cole,  R.  G.  Powell,  Lt.  V.  E.  Sackschewsky,  Dr.  Henning  E. 
Von  Gierke 

AIRCRAFT  LABORATORY  -  Col.  R.  Keator 
Col.  J.  P.  Taylor,  Hugh  S.  Lippman 

W.  Andrepont,  E,  Argabright,  Lt.  D.  M.  Austin, 

R.  W.  Bachman,  R.  M.  Bader,  J.  Baillie,  Roxy  Balian,  D.  J.  Barnhart, 
E.  D.  Barnett,  C.  E.  Beck,  J.  Bengoechea,  T.  Biggs,  R.  Bingman, 

W.  Blackmon,  B.  C.  Boggs,  G.  S.  Bondor,  R.  L.  Bondurant,  L.  J.  Bow 
ser,  E.  Brazier,  C.  Broom,  W.  Buzzard, 

E.  M.  Candler,  H.  R.  Chandler,  F,  O.  Chinn,  R.  Cook,  P.  J.  Corcoran 
M.  J.  Cote, 

K.  H.  .  ''gges,  W.  Dunn,  E,  Durkee, 

Lt.  Col.  G.  B.  Eldridge,  J.  W.  Evans, 
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REGISTRATION  LIST 

GROUP  1  -  INDUSTRY  AND  RESEARCH 
ORGANIZATION  REPRESENTATIVES 

AEROJET -GENERAL  CORP.  -  William  T.  Cox,  Lionel  London,  Robert  A.  Moore, 
Bernard  M.  Simon,  Roderic  W.  Thomas,  David  B.  Wiksten 

AERONCA  MANUFACTURING  CORP.  -  W.  John  Alden,  Robert  C.  Bauer, 

D.  A.  Hetzel 

AEROSPACE  INDUSTRIES  ASSOC.  -  Samuel  D.  Daniels 

AIR  TECHNICAL  ASSOCIATES,  INC.  -  Edward  F.  Harbison 

ALLEGHENY  LUDLUM  STEEL  CORP.  -  Alvin  G.  Cook,  A.  J.  Lena 

ALLIED  RESEARCH  ASSOCIATES,  INC.  -  Maurice  Gertel,  Alan  David  Sapowith 

ALUMINUM  COMPANY  OF  AMERICA  -  Harry  N.  Hill,  Edwin  H.  Spuhler 

ARMOUR  RESEARCH  FOUNDATION  -  Dr.  Augusto  J.  Durelli,  Joseph  S.  Islinger, 
Harvey  B.  Nudelman,  William  F.  Riley,  John  P.  Sheehan 

ARMCO  STEEL  CORP.  -  George  E.  Kampschaefer,  Jr.,  Glenn  E.  Selby 

ARO,  INC.  -  William  M.  Roberts 

AVCO  MFG.  CORPORATION  -  Anthony  J.  DeFuria,  Warren  K.  James, 

Harold  O.  Nadler 

AVIDYNE  RESEARCH,  INC.  -  J.  Frassinelli  Guido 

BATTELLE  MEMORIAL  INSTITUTE  -  George  M.  McClure 

BALDWIN- LIMA- HAMILTON  CORPORATION  -  A.  U.  Kutsay,  H.  M.  Schneider, 

A.  J.  Yorgiadis 

BARRY  CONTROLS,  INC.  -  R.  Cavanaugh 

BEECH  AIRCRAFT  CORP.  -  William  G.  Pierpont,  Emmet  Utter 

BELL  AIRCRAFT  CORP.  -  Franklin  C.  Anderson,  William  H.  Buckley, 

Wilfred  Dukes,  George  Kappelt 

BELL  HELICOPTER  CORPORATION  -  Mortimer  J.  McGuigan,  Jr. 

BENDIX  AVIATION  CORP,  -  Clifford  S.  Ades,  T.  C.  Delker,  James  S.  Jackson, 
Mack  O.  Lindley,  J.  W.  Wals 

BERYLCO  -  William  Santchi,  Ethan  Smith 
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BOEING  AIRPLANE  CO.  -  David  F.  Bryan,  Edward  Czarnecki,  John  B.  Demp¬ 
ster,  Vincent  A.  Domes,  Orva  H.  Douglas,  Robert  E.  Layton,  John  F. 
Lundeberg,  Leo  A.  Mehler,  Jr. ,  Arne  S.  Sorensen,  Richard  W.  Taylor, 
Kenneth  R.  Thor  son,  John  E.  Wherry 

BOLT/  BERANCK  &  NEWMAN,  INC.  -  Norman  Doelling,  George  W.  Kamperman, 
Dr.  Preston  W.  Smith,  Jr. 

BRANIFF  AIRWAYS,  INC.  -  John  D.  Ruth,  Albert  A.  Slovacek 

THE  BRUSH  BERYLLIUM  CO.  -  W.  W.  Beaver,  John  N.  Hurd 

THE  BUDD  COMPANY  -  Allan  Glasser,  G.  R.  Kilbourn,  Jr. 

CESSNA  AIRCRAFT  COMPANY  -  Stephen  DeForest  Remington,  Claude  M.  Thomp¬ 
son 

CHANCE  VOUGHT  AIRCRAFT,  INC.  -  Charles  L.  Bonnett,  Walter  W.  Hoy, 

Bryce  King,  Joseph  Millsap,  G.  A.  Starr 

CHRYSLER  CORP.  -  Leo  M.  Brown,  David  N.  Buell,  John  W.  Lovett,  Jr., 

Robert  P.  Nichols 

CLEVELAND  PNEUMATIC  INDUST.  ,  INC.  -  Thomas  A.  Hunter 

COMPU  DYNE  CONTROLS  CORP.  -  Bill  Roberts 

CONSOLIDATED  ELECTRODYNAMICS  CORP.  -  James  W.  Spry,  Jr. 

CONSOLIDATED  SYSTEMS  CORP.  -  John  C.  Alrich,  Robert  L.  Hocker 

CONTINENTAL  AVIATION  &  ENGINEERING  CORP.  -  Louis  Cangemi, 

Harold  R.  Clemett 

CONTROL  DATA  CORPORATION  -  John  E.  Voyles 

CONVAIR,  A  DIVISION  OF  GENERAL  DYNAMICS  -  Lybrandt  G.  Barbee, 

William  D.  Buntin,  Clifford  O.  Ekrem,  John  M.  Firebaugh, 

Gordon  L.  Getline,  George  R.  List,  Jr. ,  Clayton  D.  Little 

CORNELL  AERONAUTICAL  LAB. ,  INC.  -  Marshall  O.  Burquest 

CURTISS- WRIGHT  CORPORATION  -  William  Amat,  Daniel  Grudin, 

Robert  F.  Parker,  John  R.  Redfern,  Jr.,  William  A.  Sangster, 

Michael  J.  Stallone,  Foster  B.  Stulen 

DELTA  AIRLINES,  INC.  -  Arthur  C.  Ford,  Fred  Herschelman,  William  Linger 

DOAK  AIRCRAFT  CO. ,  INC.  -  Brune  J.  Uberti 

DOMAN  HELICOPTER,  INC.  -  William  R.  Batesole 

DOUGLAS  AIRCRAFT  CO,  ,  INC,  -  Robert  Clyve  Albert,  Jack  E.  Barth, 

Robert  L.  Keirsey,  Charles  E.  Pettingall,  Jr. 
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THE  DOW  CHEMICAL  COMPANY  -  Dr.  Hubert  Altwicker,  R.  Douglas  Behr, 

Ronald  C.  Forrest 

E.  I.  duPONT  deNEMOURS  &  CO.,  INC.  -  Fred  J.  Anders,  Jr. 

EASTERN  AIRLINES,  INC.  -  Robert  C.  McGuire 

EMERSON  RADIO  &  PHONOGRAPH  CORP.  -  Arthur  Jenkins,  William  H.  Shaw 
EMERSON  RESEARCH  -  B.  Hoot,  Arthur  S.  Jenkins,  F.  M.  Reitz 
ENDEVCO  CORP.  -  James  E.  Rhodes 

FAIRCHILD  AIRCRAFT  DIVISION  -  J.  A.  Neilson,  R.  C.  Smith 

THE  FIRESTONE  TIRE  &  RUBBER  CO.  -  Phillip  H.  Brotzman 

GENERAL  ELECTRIC  CO.  -  William  C.  Clark,  Louis  F.  Coffen,  Jr., 

Robert  P.  Felgar,  Jr.,  Robert  V.  Klint,  Jos.  D.  Marble,  Donald  K.  Miner, 
Cyrus  H.  Philler,  Thomas  A.  Prater,  Jack  R'.  Vinson 

GENERAL  MOTORS  CORP. ,  AEROPRODUCTS  OPERATIONS  -  Mack  O.  Blackburn, 
Robert  E.  Ensley,  Robert  L.  Fossi 

GENERAL  TIRE  AND  RUBBER  CO.  -  R.  Chamberlain 

THE.B.  F.  GOODRICH  CO.  -  Kenneth  Durst,  Benjamin  F.  Jones,  Russel  E.  Line, 
C.  B.  McKeown,  Russell  F.  Van  Horn,  Leslie  W.  Westerling,  H.  E.  Wilt 

GOODYEAR  AIRCRAFT  -  G.  L.  Jeppesen 

GOODYEAR  TIRE  AND  RUBBER  -  Dr.  Ross 

GRUMMAN  AIRCRAFT  ENGINEERING  -  T.  C.  Adee,  A.  Gomza,  A.  R.  Mead 

GULTON  INDUSTRIES,  INC.  -  Abraham  I.  Dranetz,  Robert  Gerner 

HARVEY  MACHINE  -  Homer  Harvey,  G.  A.  Moudry 

HAYES  AIRCRAFT  CO.  -  Leon  Anderson 

HILLER  AIRCRAFT  CORPORATION  -  Richard  M.  Carlson 

HUGHES  AIRCRAFT  CO.  -  J.  M.  Brown,  Williams.  Short 

HUGHES  TOOL  COMPANY  -  John  P.  Klocksiem,  Jesse  Steinman 

KARMAN  AIRCRAFT  CORP.  -  John  J.  Schauble 

KELLETT  AIRCRAFT  CORP.  -  Dr.  P.  C.  Chou,  Leonard  Goland 

LADISH  CO,  -  Victor  Braun,  Cecile  K.  David,  Edward  Foley,  Clyde  A.  Furgason 


ARTHUR  D.  LITTLE,  INC.  -  A.  W.  Adkins 

LOCKHEED  AIRCRAFT  CORP.  -  Walther  G.  Boccius,  Paul  H.  Bremer, 

Milford  Guy  Childers,  Henry  W.  Foster,  Oscar  Leon  Freyre 

MARQUARDT  AIRCRAFT  CO.  -  Frank  S.  Gadomski,  A.  Levy,  John  Liefield, 
Bertram  Mintz 

THE  MARTIN  COMPANY  -  Jack  W.  Carter,  Lester  Fero,  Emory  T.  Haire, 
Prentice  R.  Hardesty,  John  Heindl,  K.  C.  Kopp,  Albert  J.  Kullas, 

Frederick  Theodore  Sumner,  Jr. 

McDONNELL  AIRCRAFT  CORP.  -  Thurman  P.  Brooks,  William  C.  Cass, 

David  P.  Chappell,  Stanley  A.  LaFavor,  Rial  E.  Rolfe 

MENASCO  MFG.  CO.  -  Calvin  E.  Moeller,  Vincent  Serianni,  Robert  C.  Williams 

MIDWEST  RESEARCH  INSTITUTE  -  Joseph  C.  Grosskreutz 

MISSILES  AND  SPACE  SYSTEMS  DIV.  -  Robert  J.  Eden 

MONSANTO  CHEMICAL  CO.  -  Stephen  Strella 

J.  T.  MULLER  DYNAMIC  TESTING,  INC.  -  Louis  T.  O’Neill 

NORTH  AMERICAN  AVIATION,  INC.  -  Otto  G.  Acker,  Allen  Andrews, 

Dwight  Baker,  Joseph  M.  Baskin,  J.  O.  Bates,  Peter  M.  Belcher, 

Frank  Bowers,  G.  A.  Fairbairn,  H.  I.  Flomenhoft,  Anthony  M.  Frederico, 
James  W.  Gaines,  Richard  W.  Gehring,  James  J.  Gruff, 

John  W.  Hamsher,  James  H.  Johnson,  Jr.,  Pleun  J.  Middlekoop, 

James  Reed,  R.  L.  Schleicher,  Louis  Spalding,  Rudolph  W.  Steur, 

Henry  Van  Der  Putten,  Robert  W.  Westrup 

NORTHROP  AIRCRAFT,  INC.  -  Albert  E.  Ar aland,  David  Badger,  Arnold  E. 

Galef,  George  N.  Manguarian,  Warren  C.  Schreyer,  Ronald  Henry  Smith 

NUCLEAR  METALS  INC.  -  Dr.  A.  Kaufman,  J.  L.  Klein 

PARSONS  CORPORATION  -  Edward  A.  Schneider 

PASEDENA  NATIONAL  ENGINEERING  AND  SCIENCE  CO.  -  Dr.  N.  D.  Boratznski, 
Dr.  H.  C.  Schejlderup 

RADIATION,  INC.  -  John  T.  Mazur 

THE  RAND  CORPORATION  -Lloyd  E.  Kaechele 

RAND  DEVELOPMENT  CORPORATION  -  George  J.  Brew,  T.  D.  Jayne 

RAVENS-METALS  PRODUCTS,  INC.  -  Lloyd  Cook 

REPUBLIC  AVIATION  CORP.  -  Joseph  Arrighi,  Stirling  E.  Babcock, 

Walter  Bain,  Raul  L.  Benedicto,  Max  Chernoff,  Albert  D.  Epstein, 

W.  H.  Harris,  Adolph  Kastelowicz,  Wolden  Magann,  Jules  Merchant, 

Rossow  Paul,  John  Post,  Peter  Waters,  Thomas  Wolfe,  Victor  Zadikoff, 
Stanley  Zirinsky 
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REPUBLIC  STEEL  CORPORATION  -  Henry  O.  Mattes,  Thomas  Perry, 

John  A.  Rhinebolt 

RESEARCH  INCORPORATED  -  Andrew  E.  Abramson,  Kenneth  G.  Anderson, 
Herbert  C.  Johnson 

REYNOLDS  METALLURGICAL  RESEARCH  LABS.  -  Bernard  A.  Niemeir 

RIAS  -  Dr.  Irvin  R,  Kramer 

RIEHLE  TESTING  MACHINES  -  I..B.  Jensen 

ROHR  AIRCRAFT  CORP.  -  Henry  J.  Sieradzki 

RYAN  AERONAUTICAL  CO.  -  George  Agnew,  Floyd  A.  Cox,  Bruce  Mitchell, 
Richard  D.  Potter 

SCIAKY  -  Henry  A.  James 

SIERIA-SCHROEDER  -  M.  J.  Leonard 

SIKORSKY  AIRCRAFT  -  Harry  T.  Jensen,  Melvin  J.  Rich,  Miller  A.  Wachs 
A.  O.  SMITH  CORP.  -  F.  E.  Moskovics 

SOLAR  AIRCRAFT  CO.  -  Hiram  Brown,  M,  R.  Licciardello,  E.  V.  Swenson 

SOUTHWEST  RESEARCH  INSTITUTE  -  Leonard  O.  Rastrelli 

SPACE  TECH.  LABORATORIES  -  Harry  Johnson 

STURM  AND  O'BRIEN  CONSULTING  ENGINEERS  -  Dr.  R.  G.  Sturm 

SUNDSTRAND  MACHINE  TOOL  CO.  -  Steven  S.  Baits,  George  Townsend 

TATNALL  MEASURING  SYSTEMS  CO.  -  Gordon  Robert  Sorenson, 

Francis  G.  Tatnall,  J.  L.  Waisman 

TEMCO  AIRCRAFT  CORPORATION  -  D.  W.  Balfour,  Marvin  H.  Pedersen, 
Haviland  Bates  Russell 

TEXTRON  ELECTRONICS  (M.  B.  ELECTRONICS)  -  Emil  G.  Oravec 

THOMPSON  RAMO  WOOLDRIDGE  CORP.  -  Dominic  J.  Scrooc,  Bronis  H. 
Vidugiris 

THIOKOL  CHEMICAL  CORP.  -  William  I.  Berks,  Jack  Buchanan, 

M.  F.  Jones,  Jr.,  Max  Rubin,  Edwin  R.  Rybarski 

TRANS  WORLD  AIRLINES,  INC.  -  Richard  G.  Wagener,  Marion  T.  Walker 

TWIN  COACH  CO. ,  AIRCRAFT  DIY.  -  Frank  Dietrich,  Robert  F.  Geiger 
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UNION  CARBIDE  CORP.  -  J.  C.  Douglas,  R.  W.  Fountain,  Durward  Hamby, 

W.  A.  Krivsky 

UNITED  AIRCRAFT  CORP.  -  George  Blount,  Robert  J.  Eden,  Thomas  M.  Zaja 
UNITED  STATES  RUBBER  CO.  -  Walter  R.  Lozar 
U.  M.  C.  -  Carl  Berner 

U.  S.  INDUSTRIES  (WESTERN  DESIGN  DIV. )  -  Evert  C.  Alsenz 

U.  S,  STEEL  CORPORATION  -  M.  A.  Burello 

VERTOL  AIRCRAFT  CORPORATION  -  Kenneth  I.  Grina 

VITRO  CORP.  OF  AMERICA  -  George  Daffer 

WESTERN  ELECTRO-ACOUSTIC  LAB.  -  Kenneth  M.  Eldred, 

Paul  S.  Veneklasen 

WESTINGHOUSE  ELECTRIC  CORP.  -  Neal  A.  Cook,  Warren  Hazelton 

WYMAN-GORDON  COMPANY  -  Marion  E.  Creslicki,  Chester  J.  Orciuch 
Arnold  Rustay 


REGISTRATION  LIST 


GROUP  2  -  ACADEMIC  ORGANIZATION  REPRESENTATIVES 

CALIFORNIA  INSTITUTE  OF  TECHNOLOGY  -  W.  J.  Carley,  Dr.  Sitaram  R. 
Valluri 

UNIVERSITY  OF  CINCINNATI  -  Cecil  T.  Beckett 

UNIVERSITY  OF  COLORADO  -  James  Chinn,  K.  D.  Wood 

COLUMBIA  UNIVERSITY  -  Alfred  M.  Freudenthal,  Prof.  R.  A.  Heller 

UNIVERSITY  OF  DAYTON  RESEARCH  INSTITUTE  -  George  R.  Boone, 

Theresa  A.  Fricke,  Maurice  F.  Krug,  Cyril  Peckham,  Kenneth  L.  Rickey, 
Joseph  W.  Rosenbery,  James  Snyder,  Jeanne  M.  Truett,  Paul  L.  Vergamini 

DREXEL  INSTITUTE  OF  TECHNOLOGY  -  Rocco  A.  DiTaranto 

DUKE  UNIVERSITY  -  Robert  S.  Rowe 

THE  JOHN  HOPKINS  UNIVERSITY  -  Edgar  O.  Seaguist,  Jr. 

UNIVERSITY  OF  MICHIGAN  -  Edgar  J.  Lesher,  Jr. 

UNIVERSITY  OF  NEW  YORK  -  Leo  J.  Tick 
UNIVERSITY  OF  NOTRE  DAME  -  F.  N.  M.  Brown 
UNIVERSITY  OF  MINNESOTA  -  Allan  A.  Blatherwick 
OHIO  STATE  UNIVERSITY  -  Salvatore  M.  Marco 
UNIVERSITY  OF  OKLAHOMA  -  Raymond  D.  Daniels 
PURDUE  UNIVERSITY  -  Elmer  F.  Bruhn 
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REGISTRATION  LIST 


GROUP  3  -  MILITARY  ORGANIZATION  REPRESENTATIVES 

DEPARTMENT  OF  THE  AIR  FORCE 

HEADQUARTERS  -  Jack  E.  Downhill,  Maj.  Earl  R.  Gieseman 

AIR  TECHNICAL  INTELLIGENCE  CENTER  -  Edward  Y.  Davidson,  Jack  T. 
Nicol 

AIR  MATERIEL  COMMAND 
HEADQUARTERS 

GENERAL  OFFICERS-General  Samuel  E.  Anderson,  Lt.  Gen.  William 
F.  McKee,  Brig.  General  Joseph  T.  Kingsley,  Brig.  Gen.  Donald  L. 
Hardy,  Maj.  Gen.  Moody  R.  Tidwell,  Maj.  Gen.  Wilford  F.  Hall, 

Maj.  Gen.  Leo  T.  Dahl,  Brig.  Gen.  Emmett  B.  Cassady,  Maj.  Gen. 
William  O.  Senter,  Maj.  Gen.  Waymond  A.  Davis,  Maj.  Gen.  William 
T.  Hudnell,  Brig.  Gen.  Walter  R.  Graalman,  Brig.  Gen.  Fredrick 
Bell,  Maj.  Gen.  Frank  A.  Bogart,  Brig.  Gen.  Francis  C.  Gideon, 

Brig.  Gen.  Charles  E.  Jung 

Vaughn  N.  Anderson,  Jack  H.  Cohen,  E.  L.  Dock,  D.  C.  Jenkins, 

J.  Howe,  Herbert  L.  Leonard,  Gordon  M.  Macfarland,  Maj.  James  E. 
Muldoon,  Jr. ,  Major  Carl  G.  Palmer,  H.  G.  Schaaf 

AERONAUTICAL  SYSTEMS  CENTER  -  Maj.  Gen.  Beverly  H.  Warren 
Donald  M.  Ackerman,  Lt.  Harry  L.  Albert,  Richard  L.  Albracht, 

Lt.  C.  Burley,  Kirt  Dale,  P.  J.  Disalvo,  B.  Donovet,  Lt.  Col.  L.  W. 
Herway,  Col.  D.  W.  Graham,  Max  A.  Guenther,  Lt.  Col.  L.  H.  Joram, 
W.  Lankin,  T.  S.  Mariano,  R.  Moore,  Charles  L.  Nissley,  Jr.,  Lt. 
Col.  Hugh  C.  O’Neill,  J.  M.  Patterson,  Bert  E.  Price,  H.  G.  Roche, 

’  A.  H.  Rosner,  Dale  T.  Smith,  John  O.  Snyder,  H.  Spevack,  Carl  A. 
Tobin,  Elwyn  L.  Treat,  Lt.  Col.  J.  Valusek 

DAYTON  AIR  FORCE  DEPOT  -  Patrick  Chrisman 

MIDDLETOWN  AIR  MATERIEL  AREA  -  Capt.  William  L.  Hornsby 

MOBILE  AIR  MATERIEL  AREA  -  James  M.  Hawthorne,  John  F.  O’Grady 

OGDEN  AIR  MATERIEL  AREA  -  Ralph  A.  Elwell 

OKLAHOMA  CITY  AIR  MATERIEL  AREA  -  Hugh  V.  Byler,  Jr. ,  Capt. 
Henry  P.  T.  Corley,  Harry  S.  James,  Thomas  H.  Pretorius,  James 
V.  Smith 

SACRAMENTO  AIR  MATERIEL  AREA  -  Hollis  J.  W.  Varner,  Jesse 
Gavaldon,  Robert  S.  Titus 

SAN  ANTONIO  AIR  MATERIEL  AREA  -  C.  Mosley 

SAN  BERNARDINO  AIR  MATERIEL  AREA  -  Sidney  D.  Berman,  Col.  John 
A.  Harrington,  Robert  D.  Nagle 

WARNER  ROBINS  AIR  MATERIEL  AREA  -  A.  D.  Thomas 
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AIR  RESEARCH  AND  DEVELOPMENT  COMMAND 

HEADQUARTERS  -  Col.  Perry  K.  Bryant,  Major  Richard  W.  Burkholder, 
Captain  Patrick  H.  Caulfield,  Captain  Cornelius  J.  Donovan,  Major 
Truman  L.  Griswold,  Lt.  Col.  James  N.  Hall,  Clayton  Hoffman, 

2/Lt.  Ronald  A.  Iwasko,  Capt.  Alidore  A.  Jancauskas,  Capt.  Jerome 
D.  Julius,  Lt.  Col.  Frederick  C.  Krug,  Lt.  Col.  Iva  Mays,  Col.  Daniel 
D.  McKee,  Lt.  Douglas  L.  Menard,  Lt.  Lawrence  J.  Mertaugh,  Jr. , 

Lt.  Col.  Fred  N.  Mortensen,  Maj.  Albert  Olevitch,  Lt.  Col.  Ben  jam 'n 
F.  Paschall,  John  A.  Polutchko,  Capt.  Andrew  J.  Reis,  Jr. ,  Rober. 

R.  Robinson,  Austin  L.  Sea,  Lt.  Col.  James  S.  Stone,  Major  Andrew 
W.  Tice,  Wendell  D.  Wall 

AIR  FORCE  OFFICE  OF  SCIENTIFIC  RESEARCH  -  Howard  S.  Wolko 
AIR  FORCE  FLIGHT  TEST  CENTER  -  Major  Thomas  C.  Kensler,  Jr. 

AIR  TRAINING  COMMAND  -  Col.  H.  E.  Leahman,  Major  Lloyd  R.  Sparks 

AIR  FORCE  INSTITUTE  OF  TECHNOLOGY  -  Delmar  Wallace  Bruer,  William 
D.  Clement,  Paul  H.  Kesiter,  Edward  J.  Myers,  Valentin  A.  Valey 

MATS  -  Lt.  Comdr.  H.  M.  Marks 

SAC  -  Michael  J.  McAlister 

USAF  ACADEMY,  Colorado  -  Lt.  Colonel  Ralph  J.  Soucy 

UNITED  STATES  AIR  FORCE,  EUROPE  -  Capt.  Richard  L.  Makinney, 

Capt.  James  L.  Wren 

WRIGHT -PATTERSON  AFB  -  Brig.  Gen.  John  D.  Howe 
DEPARTMENT  OF  THE  ARMY 

ARMY  BALLISTIC  MISSILE  AGENCY  -  Erich  E.  Goerner  (Germany) 

OFFICE  CHIEF  OF  RESEARCH  AND  DEVELOPMENT  -  Major  John  C.  Geary 

WATERTOWN  ARSENAL  LAB.  -  Axel  G.  H.  Anderson 
DEPARTMENT  OF  THE  NAVY 

BUREAU  OF  AERONAUTICS  -  Ralph  L,  Creel,  Capt.  G.  C.  Duncan,  William 
C.  Dunn,  R.  R.  Francis,  Sam  Goldberg,  Edward  J.  Griffin,  Clinton  T. 
Newby,  W.  W.  Niskanen 

NAVAL  AIR  MATERIEL  CENTER  -  William  A.  Langen,  Jr. ,  Herman  Levy, 
Maurice  S.  Rosenfeld,  Joseph  Viglione 

UNITED  STATES  NAVAL  RESEARCH  LAB,  -  Arnold  L.  Sweet 
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REGISTRATION  LIST 


GROUP  4  -  (NON-MILITARY)  GOVERNMENT 
AGENCIES  REPRESENTATIVES 


FEDERAL  AVIATION  AGENCY  -  James  E.  Dougherty,  Jr.  ,  Eli  S.  Newberger 
Herbert  C.  Spicer,  Jr. ,  A.  A.  Vollmecke 

NATIONAL  ACADEMY  OF  SCIENCES,  MATERIALS  ADVISORY  BOARD  -  Max 
C.  Farmer 

NATIONAL  AERONAUTICAL  SPACE  ADMINISTRATION  -  Alfred  J.  Nachtigall 


REGISTRATION  LIST 


GROUP  5  -  FOREIGN  NATIONALS 

AVRO  AIRCRAFT  LTD.  -  Edward  J.  Kelman 
(Toronto,  Canada) 

BRITISH  JOINT  SERVICES  MISSION  -  Mr.  Harold  Geoffrey  Spurr 
(Washington,  D.  C. ) 

CANADAIR,  LTD.  -  Eric  Aubrey 
(Montreal,  Canada) 

FAIRY  AVIATION  CO. ,  LTD.  -  Mr.  Robert  Benner 
(Middlesex,  England) 

GOVERNMENT  OF  CANADA,  DEPT.  OF  MINES  AND  TECHNICAL  SURVEY  - 
R.  C.  A.  Thurston 

MECHANICAL  ENGINEERING  RESEARCH  LABORATORY  -  Mr.  C.  E.  Phillip 
(Glasgow,  Scotland) 

UNIVERSITY  COLLEGE  -  Professor  C.  Gurney 
(Cardiff  S.  Wales) 
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F.  Giessler,  J.  Gray,  G.  Grieger,  J.  C.  Grogan,  R.  D.  Guyton, 


F.  A.  Hannon,  C.  L.  Harmsworth,  J.  H.  Harrington,  P.  L.  Hasty, 

R.  C.  Hempstead,  U.  A.  Hinders,  D.  Hinrichs,  N.  Hinsey,  R.  F.  Hoener, 

N.  Hoffman,  C.  O.  Horst,  H.  W.  Howard,  F.  E.  Hussong, 

D.  W.  Jackson, 

W.  Kemper,  G.  F.  Kinkaid,  Dr.  W.  F.  Knackstedt,  H.  E.  Kugel, 

E.  D.  Lakin,  J.  Law,  J.  C.  Lehmkuhl,  Dr.  T.  S.  Lin,  S.  Lustig, 

R.  Maass,  H.  Magrath,  H.  K.  Marshall,  O.  Maurer,  B.  R.  Meadows, 

W.  Michie,  G.  E.  Muller,  J.  L.  Mullineaux,  W»  J,  Mykytow, 

B.  J.  Nasal,  S.  K.  Naughton,  T.  C.  Ning, 

O.  C.  O’Brien,  R.  O’Brien,  Lt.  B.  O'Kane, 

R.  Patton,  F.  J.  Peck,  C.  Petrin,  L.  Phillips,  G.  J.  Posal,  E.  J.  Pugh, 

G.  F.  Pur  key, 

C.  E.  Reichert,  J.  Reivley,  C.  H.  Richard,  Dr.  O.  Rogers,  W.  J. 

Rosseau,  S.  Russell, 

C.  J.  Schmid,  E.  H.  Schwartz,  L.  Skal,  W.  Shilling,  V.  R.  Skidmore, 

D.  Smith,  J.  W.  Snyder,  R.  Stevens,  W.  Stitz, 

E.  Titus, 

N.  G.  Vretakis, 

L.  Wack,  C.  Wallace,  J.  Weitlauf,  E.  Wheeler,  Lt.  L.  J.  Wine, 

I.  Winnegrad,  W.  R.  Winslow,  W.  B.  Withers,  J.  Wolf,  H.  Wood, 

O.  C.  Worsley,  G.  Wright, 

W.  B.  Yarcho 

ELECTRONIC  TECHNOLOGY  LABORATORY 
Carl  A.  Golueke,  Robert  W.  Sevy 

FLIGHT  CONTROL  LABORATORY  -  Col.  F.  B.  Carlson 

Clarence  R.  Bryan,  Jr.,  Arthur  L.  Martinson,  Lt.  Col.  Roy  E.  Tavasti 

MATERIALS  LABORATORY  -  Col.W.  Anderson 

Lt.  R.  Ault,  R.  R.  Kennedy,  D.  M.  Forney,  W.  J.  Trapp,  W.  G.  Ramke, 

J.  Teres,  Dr.  Hersoz,  D.  A.  Shinn,  E.  L.  Horne,  J.  J.  Niehaus,  E.  Glass, 
Col.  H.  A.  Messman,  Maj.  G,  Roust,  Lt.  William  H.  Hill,  Lt  C.  S.  Hartley, 

H.  W.  Zoeller,  R.  Klinger,  K.  Shimmin,  I.  Perlmutter,  H.  A.  Johnson, 

Lt.  A.  S.  Riesen 

PROPULSION  LABORATORY 

Warren  W,  Ryan,  Francis  R.  Stone,  Carl  M.  Garner,  Charles  F.  Rice, 

Isak  J.  Gershon 
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